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I  It  was  in  the  18th  century  that  Harrison  received  £  10,000  for  the  invention  of  the  chronometer  which,  in  combination  with  the 

f  sextant,  provided  the  answer  to  the  challenge  of  the  “quest  for  longitude"  for  the  navigation  of  ships  at  sea.  When  one  reflects  on 

today's  technology  in  guidance  and  control  against  the  background  of  events  such  as  this  and  others  from  earlier  times,  one  can, 
|  perhaps,  more  fully  appreciate  the  almost  incredible'things  that  are  possible  in  guidance  and  control  systems  with  today's  high 

s  technology,  capabilities  which  we  sometimes  almost  take  for  granted. 

i  In  any  event,  the  modem  era  of  guidance  and  control  systems  can  perhaps  trace  its  origins  to  Professor  C.S.Draper’s  pioneering 

work  in  the  development  of  inertial  guidance  and  control  systems  as  embodied  in  the  SPIRE  system  of  the  early  1950s.  That 
system  seemed  to  be  about  as  big  as  a  desk  and  weighed  about  a  ton.  The  advent  of  the  conception  and  development  of  the  2 
|  degree  of  freedom  gyro  in  the  latter  part  of  the  1950s  was  an  important  stepping  stone  to  inertial  guidance  systems  of  much 

smaller  size,  weight,  and  volume.  This  eventually  made  it  possible  for  virtually  every  military,  commercial,  and  larger  general 
I  aviation  aircraft  to  have  an  inertial  guidance  system. 

The  advent  of  integrated  electronic  circuits,  airborne  digital  computers,  Kalman  filter  techniques  and  other  advances  presaged 
rapid  advances  in  capability  and  performance  through  the  1960s  and  1970s.  Now  in  the  198Cs  further  powerful  technology 
advances  including  RLGs  (Ring  Laser  Gyros),  fiber  optic  gyros,  NAVSTAR/GPS  (Global  Positioning  Satellite),  VLSI  (Very 
Large  Scale  Integrated)  electronics,  and  others  presage  even  more  powerful  advances  in  capability  and  performance,  while  at 
the  same  time  make  such  systems  increasingly  cost  effective. 

This  NATO  AGARDograph  captures  the  spirit  of  such  momentous  developments.  It  is  structured  in  eight  parts.  These  are 

Part  I  —  Integrated  Guidance  and  Control  Systems 

Part  II  -  NAVSTAR/GPS  Systems 

Part  III  —  Optical  Gyroscope  Guidance  and  Control  Systems 

Part  IV  —  Integrated  Communication  and  Navigation  Systems 

Part  V  —  Integrated  Navigation/Flight  Control  Systems 

Part  VI  —  Civil  Aircraft  Navigation  and  Traffic  Control 

Part  VII  —  Special  Topics 

Part  VIII  —  Land  Navigation  Systems 

|  It  should  prove  to  be  an  invaluable  reference  source  throughout  the  NATO  community  for  many  years  to  come,  thanks  to  the 

i  splendid  contributions  by  the  co-authors. 

I  Thanks  are  due  to  many  people  in  the  development  of  this  volume.  First,  the  editor  would  like  to  thank  Mr  Ken  Peebles,  Panel 

Chairman,  and  members  of  the  Guidance  and  Control  Panel  who  expressed  their  desire  for  and  supported  such  a  volume.  Next, 
i  the  Guidance  and  Control  Panel  Executive,  A.Rocher,  Colonel,  FAF,  and  James  Ramage,  the  Panel  US  Coordinator,  provided 

outstanding  support.  In  addition,  my  secretary,  Ruth  Greene,  showed  tremendous  dedication  to  the  time  consuming  efforts  she 
expressed  so  cheerfully  to  make  this  volume  possible. 

Finally,  the  editor  would  like  to  express  his  sincere  appreciation  to  his  many  colleagues  throughout  the  NATO  community  who, 
in  one  way  or  another,  contributed  to  his  continually  evolving  concepts  about  guidance  and  control  systems. 
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Au  18eme  siecle  un  certain  M.Harrison  a  regu  la  xomme  de  10000  livres  en  recompense  de  1'invention  du  chronometre,  lequel, 
associe  au  sextant,  a  foumi  la  solution  au  problem*  de  "la  recherche  de  la  longitude"  pour  la  navigation  maritime.  En 
comparaison,  et  grace  aux  techniques  de  pointe,  les  technologies  employees  dans  1c  domaine  du  guidage  et  du  pilotage 
aujourd’hui  offrent  des  possibility  presque  inimaginables,  possibility  que  Ton  a  trap  souvent  tendance  a  considerer  comme 
banales. 

Quoiqu’il  en  soit,  il  semble  que  l’ere  modeme  des  systemes  de  guidage  et  de  pilotage  trouve  ses  origines  dans  les  travaux 
originaux  du  Professeur  C.S.Draper  sur  les  systemes  de  guidage  et  de  pilotage  inertiels  qui  ont  debouche  sur  le  systeme  SPIRE 
au  debut  des  annees  1950.  Le  systeme  en  question  etait  aussi  volumineux  qu’un  bureau  et  pesait  au  moins  une  tonne.  L'arrivee 
du  gyroscope  a  deux  degry  de  liberte,  vers  la  fin  des  annees  1950,  a  servt  de  tremplin  pour  ia  realisation  de  systemes  de  guidage 
inertiels  plus  legers  et  plus  compacts.  Grace  a  ces  initiatives,  pratiquement  tous  les  aeronefs  militaires,  commerciaux  et 
deviation  generate  modernes  sont  equipes  de  centrales  inertielles. 

L’arrivee  de  circuits  electromques  integres,  de  calculateurs  numeriques  embarquy ,  de  techniques  de  filtrage  Kalman  et  d’autres 
innovations  technologiques  ont  permis  de  rapides  progres  en  capaciteet  en  performances  tout  au  long  des  annees  1960  et  1970. 
Les  progry  technologiques  important.?  qui  ont  suivi  au  cours  des  annees  1980  dans  les  RLG  (le  gyrolaser  en  anneau)  les 
gyroscopes  a  fibre  optique,  le  NAVSTAR/GPS,  (systeme  global  de  localisation,  les  cicuits  VLSI  (integration  de  I’electromque  a 
try  grande  echelle)  et  d’autres  encore  laissent  prevoir  des  innovations  plus  performantes  qui  permettront  d’augmenter  les 
capacity  des  systemes  tout  en  reduisant  le  cout. 

Cette  AGARDographie  s’mspire  de  I’esprit  de  telles  innovations  et  cst  organisce  en  huit  sections. 

Section  I  —  Les  systemes  ihtegry  de  guidage  et  de  pilotage 
Section  II  —  Les  systemes  NAVSTAR/GPS 

Section  III  —  Les  systemes  de  guidage  et  de  pilotage  a  gyroscope  optique 
Section  IV  —  Les  systemes  integres  de  telecommunications  et  de  navigation 
Section  V  —  Les  systemes  integres  de  navigation/commandes  de  vol 
Section  VI  —  La  navigation  et  le  controle  de  la  circulation  des  avions  civils 
Section  VII  —  Questions  particulieres 
Section  VIII  —  Systemes  de  navigation  terrestre 

Grace  aux  contributions  des  co-auteurs,  cet  ouvrage  devrait  sc  reveler  tres  utile  comme  source  de  reference  pour  la 
communaute  de  l’OTAN  pendant  les  annees  a  venir. 

La  liste  des  personnes  qui  ont  contribue  a  ia  redaction  de  ce  volume  est  longue.  Premierement,  I’auteur  tient  a  remcrcier  M.Ken 
Peebles,  Pryident,  et  les  membres  du  Panel  AGARD  du  Guidage  et  du  Pilotage  qui  ont  souhaite  la  parution  de  ce  volume  et  qui 
ont  tout  fait  pour  la  faciliter.  Ses  rcmerciements  vont  ensuite  a  I’Adminislrateur  du  Panel  du  guidage  et  du  pilotage,  le  Col. 
A.Rocher  FAF,  et  M  James  Ramage  le  coordonnateur  du  Panel  pour  les  Etats-Unis  pour  leur  soutien  exceptionnel;  sans  oublier 
sa  secretaire,  Ruth  Greene,  qui  a  fait  preuve  d’un  devouement  et  d’une  bonne  humeur  extraordinaire?  dans  le  travail  de 
secretariat  qui  s’imposait. 

Enfin,  I’auteur  tient  a  exprimer  ses  sinceres  remerciements  a  ses  nombreux  coilegues  au  sein  de  la  communaute  de  l’OTAN,  qui 
ont  contribue  de  bien  des  fasons,  a  revolution  de  sa  pensee  sur  les  systemes  de  guidage  et  de  pilotage. 
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SUMMARY 

i 

At  the  requeet  of  the  Federal  Aviation  Administration  (FAA),  the  Radio  Technical 
Commission.  for  Aeronautica  (RTCA)  established  Special  Committee  159  on  September  20, 
i  1985.  The  purpose  of  SC-159  was  to  prepare  a  "Minimum  Av  .tion  System  Performance 

Standard" ''(HASPS)  for  the  operation  and  uae  of  the  evolving  Global  Positioning  System 
(OPS)  in  civil  air*  navigation.  To  assist  in  preparing  the  MASPS,  SC-159  formed  an 
|  Integrity  Working  Group  on  April  22,  1986,  ohaired  by  the  author,  to  investigate  and 

report  on  civil  integrity  problems  relating  to  OPS.  The  purpose  of  the  Working  Oroup 
1  was  to  establish  OPS  integrity  monitoring  requirements  and  to  discuss  suitable  integrity 

monitoring  techniques  for  civil  aviation.  The  final  report i  was  completed  by  the 
Working  Oroup  on  June  3,  1987.  This  paper  summarizes  the  Integrity  Working  Oroup 

recommendations  to  SC-159. 
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1 .  INTRODUCTION 

Integrity  was  defined  by  the  Working  Oroup  as  the  ability  of  a  system  to  provide 
timely  warnings  to  users  when  the  system  should  not  be  used  for  navigation.  To  assure 
the  safety  of  aircraft,  a  timely  warning  is  required  any  time  the  performance  of  the 
navigation  system  fails  to  meet  the  accuracy  requirements  applicable  to  the  particular 
phase  of  flight  of  the  aircraft.  Consequently,  Integrity  warning  time  and  accuracy 
threshold  requirements  vary  with  the  phase  of  flight.  Phases  of  flight  considered  by 
the  Working  Oroup  were  oceanic  en-route,  domestic  en-route,  terminal  area  and 
non-precision  approach. 

The  Olobal  Positioning  System  (OPS)  was  developed  by  the  United  States  Department 
of  Defense  (DoD)  to  enhance  the  effectiveness  of  military  missions  and  to  reduce  the 
proliferation  of  DoD  radionavigation  systems,  thereby  reducing  costs.  The  extensive 
built-in  self-oheoking  and  warning  features  of  the  OPS  are  adequate  to  meet  military 
integrity  requirements  and  to  allow  safe  operation  of  DoD  aircraft.  However,  more 
stringent  safety  requirements  must  be  met  for  OPS  to  receive  FAA  approval  for  use  by 
civil  aviation  in  the  National  Airspace  System. 

A  navigation  system  can  receive  FAA  approval  as  either  a  sole-means  navigation 
system  or  a  supplemental  navigation  system  for  any  phases  of  flight  depending  on  its 
capabilities.  A  sole-means  navigation  system  is  one  that  may  be  used  on  an  aircraft 
without  any  other  means  of  navigation  available.  Conversely,  a  supplemental  navigation 
system  may  only  be  used  when  a  sole-means  system  is  available  should  the  supplemental 
system  be  unable  to  continue  navigation.  Generally,  the  sole-means  navigation  system 
does  not  .provide,  the  same  level  of  acouraoy  as  the  supplemental  system,  but  is 
continuously  available  as  a  safe,  alternative  means  of  navigation.  While  integrity  is 
obviously  a  requirement  for  sole-means  approval,  integrity  warnings  are  also  required 
for  supplemental  approval  to  assure  the  safety  of  the  aircraft  when  the  supplemental 
system  is  providing  primary  navigation. 

For  sole-neans  navigation,  the  FAA  is  not  only  concerned  with  the  integrity  of  the 
OPS  navigation  solution,  but  also  in  the  continuity  of  the  OPS  service.  To  satisfy  this 
requirement,  sufficient  redundant  signal  coverage  must  be  provided  so  that  the  failure  i 

of  any  single  element  of  the  system  (e.g.  any  OPS  satellite)  does  not  cause  an 
interruption  of  service.  With  the  planned  OPS  constellation  of  18  satellites  and  three  : 

spares,  this  requirement  i*  not  act  since  redundant  satellite  coverage  la  not  * 

continuously  available.  "  *  1 

For  supplemental  navigation,  there  is  no  requirement  on  the  continuity  of  the  OPS  | 

servioe,  However,  the  navigation,  system  must  provide  integrity  warnings  when  out  of  ' 

tolerance  conditions  exist.  Although ..the  OPS  satellites  broadcast  health  and  .status 

information,  which  indicate  the' ^system  integrity,  this  data,  .is  hot  updated  promptly 
enough- to  meet  FAA  requirements  for  timely  warnings.  * 

~  For  OPS  to  ibe  used  for  supplemental  or  sole-means  navigation  In  the  civil  airspace, 
the  Working  Oroup  ooncluded  that  conventional  GPS  navigation  must  .be  augmented  to 
provide  integrity  and,  In  the  case  of  sole-means  navigation,  increased  redundancy  and 
coverage.  A  wide  variety  of  integrated  systems,  processing  techniques  and  improvements 
to  the  OPS  were  discussed  by  the  Integrity  Working  Oroup  to  achieve* these  ends. 
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1.1  GPS  NAVIGATION 

The  Olobal  Positioning  System  (GPS)  is  a  satellite  based  radionavigation  system 
developed  by  the  United  States  Departaent  of  Defense.  The  systea  operates  through 
passive  triangulation  to  four  satellites t  providing  highly  aocurate  three-dimensional 
position,  velocity  and  tine.  Two  classes  of  service  are  available,  the  Standard 
Positioning  Service  (SPS)  for  civil  applications,  and  the  Precise  Positioning  Service 
(PPS)  for  military  and  other  authorized  users.  The  PPS  allows  three-dimensional 
position  to  be  determined  to  16  a  SEP  (Spherical  Error  Probable).  In  the  intereots  of 
national  security,  the  SPS  accuracy  la  degraded  to  100  a  2dRMS2  through  the  introduction 
of  artificial  Selective  Availability  (SA)  errors  on  the  GPS  satellite  signals. 


The  GPS  is  partitioned  into  three  segments:  the  space  segment  which  consists  of  the 
GPS  satellites  theaselves;  the  control  segment  which  tracks  and  maintains  the 
satellites;  and  the  user  segment  whloh  includes  the  receiver  used  to  navigate  from  the 
satellite  signals. 


The  space  segment  is  currently  planned 
to  include  a  constellation  of  18  OPS 
satellites  with  three  active  (broadoasting) 
spares.  The  satellites  will  be  launched 
into  12-hr  orbits  inclined  at  56°,  as  shown 
in  Figure  1,  at  an  altitude  of  20,183  km 
(10,898  nm).  The  orbits  are  chosen  so  that 
four  satellites  are  continuously  in  view 
anywhere  in  the  world.  The  full 
constellation  of  satellites  is  planned  to 
be  available  in  the  mid  1990s. 

The  control  segment  consists  of  five 
monitor  stations,  a  Master  Control  Station 
and  three  ground  antennae.  Each  monitor 
station  passively  tracks  the  GPS 
satellites,  accumulates  satellite  and 
meteorological  data  and  transmits  this 
information  to  the  Master  Control  Station. 
The  Master  Control  Station  generates 
ephemeris  and  clock  bias  predictions  and 
formulates  the  NAV  message  to  be  broadcast 
by  the  satellites.  These  messages  are 
uploaded  to  the  satellites,  generally  twice 
dally,  using  the  ground  antennae. 


Figure  1.  The  6-Plane  18-Satellite 
Constellation 


GPS 


The  user  segment  consists  of  the  GPS  navigation  sets  used  to  receive  the  GPS 
satellite  signals.  To  navigate  with  GPS,  a  minimum  of  four  GPS  satellites  must  be 
tracked  by  the  receiver.  From  the  four  Pseudo-Ranges  (range  ♦  receiver  clock  offset)  to 
to  the  GPS  satellites,  the  receiver  can  determine  3-dimensional  position  and  GPS  time. 
The  Delta-Ranges  (carrier  doppler  shifts)  allow  3-dimenslonal  velocity  to  be  also 
computed. 


1.2  GPS  ERROR  CHARACTERISTICS 

The  GPS  navigation  accuracy  is  a  function  of  both  the  geometry  of  the  four 
satellites  being  tracked  and  the  precision  of  the  Pseudo-Range  measurements  made  from 
the  satellite  signals.  The  Position  Dilution  of  Precision  (PDOP)  is  the  scaling  effect 
of  the  satellite  geometry  between  the  satellite  Pseudo-Range  measurement  and  the  OPS 
3-dimenslonal  position  solution.  The  horizontal  navigation  accuracy  provided  by  GPS  can 
be  computed  by  scaling  the  Pseudo-Range  measurement  errors  by  the  Horizontal  Dilution  of 
Precision  (HDOP) .  The  horizontal  2dRMS  accuracy  of  the  GPS  navigation  solution  is 
computed  using  equation  (1-1). 

Horizontal  Navigation  Accuracy  =  2  *  HDOP  *  fpr  (1-1) 

The  SPS  Pseudo-Range  measurement  accuracy  (#pr)  is  derived  from  a  combination  of 
different  error  sources.  These  can  be  grouped  Into  four  categories:  satellite  clock  and 
ephemeris  errors;  propagation  uncertainties  due  to  the  atmosphere  and  reflected  signals 
(multipath);  receiver  errors;  and  the  artificial  Selective  Availability  (SA)  errors 
introduced  for  purposes  of  national  security. 

The  satellite  clock  and  ephemeris  errors  for  the  Block  II  GPS  satellites  are 
expected  to  be  small,  typically  around  S  m,  and  so  do  not  contribute  significantly  to 
the  SPS  error.  Propagation  uncertainties  are  primarily  a  function  of  the  accuracy  of 
the  atmospheric  compenoat.ion  models.  The  residual  error  after  compensation  can  be  as 
large  as  20  to  30  a  in  extreme  cases.  However,  errors  on  the  order  of  5  a  at  night  and 
10  to  15  m  during  the  day  are  more  typical.  The  measurement  error  introduced  by  a  SPS 
receiver  is  on  the  o.  ler  of  IS  m.  In  most  cases,  this  can  be  significantly  reduced 
through  filtering. 
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The  largest  contributing  error  source  for  the  SPS  user  is  the  Selective 
Availability  (SA)  errors  deliberately  introduced  on  the  OPS  satellite  signals.  Very 
little  information  has  been  released  about  the  exact  nature  of  the  SA  errors  other  than 
that  they  will  be  random  and  used  to  limit  the  SPS  accuracy  to  100  m  2dRMS.  This  is 
interpreted  by  the  OoD,  as  in  the  Federal  Radionavigation  Plan,  as  a  95%  figure.  The 
SPS  navigation  errors  may  therefore  be  expected  to  exoeed  100  m  an  appreciable  fraction 
of  the  time*.  Tracing  backward  from  the  100  m  2dRMS  figure,  the  magnitude  of  the 
Selective  Availability  error  on  the  Pseudo-Range  signal  will  be  about  30  m  (RMS).  When 
this  is  root-sum-squared  with  the  other  error  sources  it  completely  dominates  the  SPS 
error  budget  resulting  in  a  total  error  (/pr)  of  about  33  m. 

The  18-satellite  GPS  constellation  always  provides  a  minimum  of  four  satellites  in 
view,  with  HDOP  typically  in  the  range  l.S  to  1.7.  Scaling  this  HDOP  by  the 
Pseudo-Range  errors  (/pr)>  as  shown  in  equation  (1-1),  results  in  a  total  navigation 
accuracy  of  100  m  2dRMS. 

However,  the  18-satellite  constellation  does  not  allow  continuous  world-wide 
navigation  to  this  accuracy.  Whenever  the  PDOP  exceeds  a  threshold  value  of  six  (6), 
the  user  is  considered  to  be  in  an  area  of  degraded  performance  where  OPS  is  not  capable 
of  un-aided  navigation.  These  areas  of  degraded  performance  occur  at  regularly 
scheduled  intervals  at  latitudes  around  35°  and  65°  in  both  hemispheres  and  generally 
last  for  around  20  minutes.  Figure  2.  shows  where  these  regions  ooour  with  the 
18-satellite  GPS  constellation. 
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Figure  2..  Areas  of  Degraded  Performance  with  the  18-Satellite  Constellations 

O  1981  IEEE 

By  selectively  placing  the  three  OPS  satellite  spares,  it  is  possible  to  remove 
these  areas  of  degraded  performance  over  a  limited  region,  for  example  the  continental 
United  States.  However,  there  is  only  a  50*  probability  of  having  all  21  satellites 
operational.  (There  is  a  98%  probability  of  18  satellites  being  operational.)  As  soon 
as  a  satellite  failure  occurs,  the  areas  of  degraded  performance  appear  again  over  the 
United  States..  This  coverage  deficiency  of  the  18-satellite  GPS  constellation  precludes 
the  use  of  a  stand-alone  OPS  receiver  as  a  sole-means  navigation  system.  Various 
methods  of  augmenting  the  OPS  system  were  discussed  by  toe  Working  Group  to  overcome 
this  problem. 


1.3  GPS  SYSTEM  INTEGRITY 

The  Global  Positioning  System  has  extensive  built-in  features  and  operating 
procedures  to  ensure  the  integrity  of  the  navigation  service.  These  include:  equipment 
redundancy;  communication  error  detection  codes;  estimation  and  prediction  consistency 
checks;  and  operator  qualification  verification*. 

The  Block  II  GPS  satellites  are  designed  to  perform  extensive  self-ohecking  with 
the  provision  to  discontinue  the  ranging  signal  if  internal  failures  are  detected.  In 
addition,  the  signals  and  data  transmitted  to  users  are  continuously  monitored  by  the 
Control  Segment  (with  the  exception  of  a  small  Pacific  region  west  of  Chile).  However, 
a  15  to  20  minute  delay  exists  between  the  anomaly  occurrence  and  the  earliest 
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Indication  of  malfunction  at  the  Control  Seiaent.  An  additional  hour  ia  then  required 
to  deploy  one  of  the  (round  antenna  to  the  failed  satellite  and  update  the  data 
transaitted  to  the  user.  The  delay  inherent  in  the  Control  Segment  monitoring  does  not 
aeet  the  FAA  requireaent  of  tiaely  notification  of  systea  failures. 


1.4  OPS  INTBORITY  REQUIREMENTS 

Under  noraal  conditions!  the  OPS  Standard  Positioning  Service  will  provide  100  a 
accuracy  (2dRMS)  to  civil  users.  Howevert  in  the  unlikely  event  of  a  OPS  failure 
occurring,  additional  precautions  aust  be  taken  by  civil  aviation  OPS  navigation  sets  to 
detect  failures  before  the  navigation  errors  exceed  the  allowable  error  threshold  for  a 
particular  phase  of  flight. 

To  establish  integrity  alara  Halts  and  tlne-to-alarn  requirements  for  different 
phases  of  flight,  the  Working  Group  exaalned  existing  requirements  already  established 
for  other  navigation  systems.  Documents  referenced  included:  the  Department  of 
Transportation  Federal  Aviation  Administration  Advisory  Circular  No.  AC  90-4SA;  the 
Departaent  of  Defense  and  Departaent  of  Transportation  Federal  Radionavigation  Plan 
(FRP)2oi  and  the  Radio  Technical  Commission  for  Aeronautics  Docuaent  No.  RTCA/DO-180, 
"Minimum  Operational  Perforaance  Standards  for  Airborne  Area  Navigation  Equipment  Using 
Multi-Sensor  Inputs". 

Requirements  extracted  from  these  documents  are  listed  in  Table  1-1.  Where 
conflicting  requireaents  occurred,  the  tighter  or  more  stringent  requirement  was 
selected  for  OPS.  Only  horizontal  navigation  was  considered  because  of  problems  with 
the  compatibility  of  altitude  reference  systems.  Radial  alarm  limits  were  selected  as 
appropriate  for  OPS  since  the  navigation  errors  are  not  dependent  on  the  direction  of 
the  aircraft  track. 


Table  1-1  OPS  Integrity  Requireaents 


Phase  of  Flight 

Oceanic 

En-Route 

Domestic 

En-Route 

Terminal 

Area 

Non-Precision 

Approach 

Alarm  Limit 
Time-to-Alara 

12.6  nai 

120  sec 

1.5  nmi 

60  sec 

1 . 1  nmi 

IS  sec 

0.3  nmi 

10  sec 

Because  of  the  superior  navigation  accuracy  normally  possible  with  OPS,  and  with  a 
view  towards  possibly  reducing  aircraft  separation  and  obstacle  clearance  criteria  in 
the  future,  the  Working  Group  also  established  a  set  of  goals  for  OPS  integrity  criteria 
based  primarily  on  information  from  the  Federal  Radionavigation  Plan2o.  The  goal 
criteria  are  listed  in  Table  1-2. 

Table  1-2  GPS  Integrity  Ooals 


Phase  of  Flight 

Oceanic 

Domeutic 

Terminal 

Non-Precision 

En-Route 

Er.-Route 

Area 

Approach 

Alarm  Limit 

5  km 

1  km 

500  m 

100  m 

Time-to-Alarm 

30  sec 

30  sec 

10  sec 

6  sec 

The  different  integrity  aonitoring  techniques  addressed  by  the  Working  Qroup,  were 
studied  to  determine  under  whloh  phases  of  flight  OPS  failures  could  be  detected  within 
the  required  time-to-alarm  before  they  exceeded  the  accuracy  alarm  limit. 


2.  INTEGRITY  MONITORING  TECHNIQUES 

The  integrity  aonitoring  techniques  considered  by  the  Working  Group  can  be  divided 
into  two  categories!  internal  methods  and  external  methods.  The  different  techniques 
studied  are  listed  in  Table  2-1.  With  internal  methods,  the  GPS  integrity  can  be 
determined  using  information  provided  by  the  aircraft  sensors  only.  For  example, 
redundant  data  inside  the  GPS  receiver  may  be  used,  or  aiding  data  supplied  to  the 
receiver  from  sensors  such  as  a  barometric  altimeter  or  an  inertial  navigation  system 
(INS).  Using  external  methods  the  GPS  signals  arc  monitored  in  real-time  through  a 
network  of  ground  monitoring  stations.  A  variety  of  communication  media  were  considered 
for  disseminating  the  GPS  integrity  data  to  users. 

Each  of  the  integrity  monitoring  techniques  addressed  were  analyzed  to  determine 
over  which  phases  of  flight  they  would  be  suitable  using  the  integrity  criteria  defined 
in  Tables  1-1  and  1-2.  If  appropriate,  the  aonitoring  techniques  were  also  studied  to 
determine  whether  vhey  supplied  sufficient  redundancy  for  OPS  to  be  used  for  sol -means 
navigation. 
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Table  2-1  OPS  Integrity  Monitoring  Techniques 


Internal  Methods 

External  Methods 

Receiver  Autonomous 

Integrated  Systems 

-  GPS/Baro-altitude 

-  GPS/INS/IRS/AHRS 

-  GPS/LORAN-C 

-  GPS/Omega 

-  OPS/Multi-sensor  FMCS 

-  GPS/VOR-DME/RNAV 

GPS  Integrity  Channel  (QIC) 

-  Ground-Based  Communication 

-  Satellite  Communication 
Differential  GPS 

2.1  RECSIVBR  AUTONOMOUS  INTEGRITY  MONITORING 

Kith  Receiver  Autonomous  Integrity  Monitoring  (RAIM),  the  GPS  receiver  makes  use  of 
redundant  information  from  the  OPS  satellites,  or  other  sensors,  as  a  check  on  the 
integrity  of  the  navigation  solution.  A  variety  of  different  self-contained  monitoring 
algorithms  are  possible*  j  j. 

Figure  3.  illustrates  a  simple  ’snapshot’  approach  to  GPS  failure  detection.  In 
this  case  five  GPS  satellites  are  visible.  Depending  on  which  four  GPS  satellites  are 
used  for  navigation,  there  are  five  possible  different  navigation  solutions  as  shown  in 
Figure  1.,  Case  1.  All  five  solutions  are  scattered  due  to  the  normal  GPS  system 
errors.  However,  in  the  case  shown,  all  five  navigation  solutions  lie  within  100  m  of 
the  true  location  of  the  aircraft.;  If  the  differences  between  the  five  navigation 
solutions  are  compared,  none  will  exceed  200  m,  the  normal  error  spread  to  be  expected 
using  the  SPS. 

In  Figure  3.,  Case  2,  a  failure  is  assumed  to  have  occurred  in  satellite  #5  causing 
all  the  navigation  solutions  using  this  satellite  to  be  in  error  by  differing  amounts. 
If  the  differences  between  the  navigation  solutions  are  now  compared,  some  will  exceed 
the  expected  200  m  allowable  level,  indicating  that  a  satellite  failure  has  occurred. 
Since  one  of  the  navigation  solutions  does  not  contain  the  failed  satellite,  this  method 
always  ensures  that  one  solution  is  correct  and  must  be  near  the  true  location  of  the 
aircraft. 
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Case  1:  No  Satellite  Failures 


Case  2:  SV  #5  Failed 


Figure  3.  Possible  Navigation  Solutions  with  5  GPS  Satellites 


For  RAIM  to  be  possible  using  this  ’snapshot’  approach,  a  navigation  solution  must 
always  be  possible,  even  when  a  satellite  has  failed.  This  reduces  to  a  satellite 
geometry  condition  that  all  (N-l)  subsets  of  satellites  out  of  N  visible  satellites  must  » 

give  a  PDOP  sufficient  to  assure  the  navigation  accuracy  associated  with  the  particular 
phase  of  flight  of  the  aircrafts. 

The  ..‘snapshot’  approach  can  be  improved  by  using  Kalman  Filter  techniques/  which  \ 

take  account  of  parameters  such  as  doppler  measurements  and  clook  stability  in  the 
failure  detection  soheme.  However,  there  is  still  insufficient  redundancy  provided  by  J 

the  IS  satellite  GPS  constellation  to  allow  RAIM  to  be  continuously  effective.  To 
provide  continuous  OPS  integrity  using  this  method,  the  satellite  constellation  must  be 
augmented.  Increasing  the  GPS  constellation  to  24  satellites  would  provide  sufficient  1 

redundancy  for  RAIM  to  be  effeotivug.  Augmenting  the  18-satellite  constellation  with  i 

geostationary  satellites  would  also  provide  sufficient  redundancy.  Two  geostationary  ,1 

satellites  located  over  the  United  States  would  provide  integrity  coverage  over  CONUS.  j| 

Five  geostationary  satellites  would  be  sufficient  to  provide  world-wide  coverage.  '% 
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The  level  of  integrity  that  can  be  provided  through  RAIM  under  good  geoaetry 
conditions  is  primarily  a  function  of  the  Selective  Availability  errors.  Siaulationst 
have  shown  that  the  minimum  alara  level  that  can  be  set  in  the  presence  of  Selective 
Availability,  without  an  exoesaive  alara  rate,  is  around  300  a.  From  the  integrity 
requireaents  listed  in  Tsbles  2-1  and  2-2,  RAIM  would  be  suitable  to  Beet  all  the 
integrity  requireaents  and  goals,  were  sufficient  satellite  coverage  available,  except 
for  the  non-precision  approach  goal  of  100  a. 


2.2  INTEGRATED  SYSTEMS 

By  integrating  GPS  with  other  navigation  systems,  it  is  possible  to  achieve  highly 
accurate  navigation  performance  while  ensuring  navigation  Integrity.  In  the  interin 
period  before  GPS  is  fully  operational,  or  to  supplement  the  coverage  provided  by  the  18 
satellite  constellation,  integrated  GPS  navigation  systems  will  prove  effective  for  both 
supplemental  and  sole-means  navigation.  Integrating  GPS  with  other  navigation  sensors 
provides  additional  redundant  data  which  aay  be  used  for  integrity  monitoring.  The 
additional  data,  in  some  cases,  also  increases  the  coverage  provided  by  the  GPS  service 
and  allows  sole-mean  navigation  to  be  possible  for  the  hybrid  navigation  system. 

Some  of  the  navigation  systems  addressed  are  already  certified  for  sole-means 
navigation  for  some  phases  of  flight.  GPS  may  obviously  be  used  as  a  supplemental 
navigation  system  with  these,  using  the  navigation  data  from  the  sole-means  system  as  a 
check  on  the  integrity  of  the  GPS  navigation  solution.  This  will  allow  errors  to  be 
detected  before  they  exceed  the  allowable  error  range  for  the  particular  phase  of 
flight,  should  a  failure  occur.  However,  under  normal  operating  conditions,  the 
aircraft  operator  may  take  advantage  of  the  superior  navigation  performance  provided  by 
OPS. 


2.2.1  Baro-Altitude  Aiding 

The  Barometric  Altimeter  has  a  long  history  as  a  cockpit  instrument.  In  its  modern 
fora,  the  altitude  can  be  provided  digitally  as  an  aiding  sensor  to  the  OPS  receiver. 
Typically,  the  instrument  errors  of  the  barometric  altimeter  can  be  held  within  200  ft. 
However,  the  barometric  altimeter  measures  pressure  altitude  and  thus  is  subject  to 
meteorological  vagaries  in  relating  true  altitude  to  pressure  altitude.  These 
differences  can  be  quite  large iq  and  when  not  compensated  for  will  dominate  the 
intrinsic  instrument  errors.  For  example,  it  would  not  be  unusual  for  pressure  altitude 
to  differ  from  true  altitude  by  1000  ft  or  more  over  long  flights  across  the  continent 
or  ocean.  Also,  pressure  altitude,  even  when  corrected  by  a  reporting  station,  can  be 
in  error  by  a  few  hundred  feet  at  a  different  altitude  and  at  a  location  a  few  tens  of 
miles  away. 

The  principle  of  baro-altitude  aiding  for  integrity  monitoring  is  similar  to  that 
described  for  RAIM  where  the  altitude  data  is  used  as  an  additional  GPS  satellite 
Pseudo-Range  measurement.  This  form  of  aiding  is  only  applicable  when  less  than  five 
satellites  are  in  view  and  RAIM  alone  cannot  be  effective.  The  baro-altitude  aiding 
data  is  not  as  accurate  as  an  additional  Pseudo-Range  measurement  from  a  GPS  satellite, 
so  the  same  level  of  integrity  possible  with  RAIM  cannot  be  ensured.  However,  the  use 
of  baro-altitude  aiding  does  provide  additional  redundancy  and  Increases  the  navigation 
coverage  supplied  by  OPS. 

Further  study  is  in  progress,  but  it  appears  likely  that  baro-altitude  aiding  would 
allow  the  use  of  GPS  as  a  sole-means  navigation  service  for  en-route  oceanic  navigation 
with  the  18  satellite  constellation.  Because  of  the  limitations  of  the  baro-altitude 
accuracy,  the  integrity  provided  will  probably  not  be  sufficient  for  other  phases  of 
flight. 


2.2.2  OPS/Inertial  Integrated  Systems 

Inertial  navigation  systems  (INS)  are  relative,  not  absolute,  position  sensors  and 
so  the  navigation  accuracy  deteriorates  with  time.  The  inertial  errors  are  generally 
characterized  as  a  linear  drift  in  position  with  a  superimposed  Schuler  oscillation.  In 
an  integrated  GPS/INS  system  the  GPS  data  is  used  to  calibrate  the  INS,  while  the  INS  is 
used  to  monitor  the  integrity  of  the  GPS  navigation.  The  INS  cannot  detect  absolute 
position  errors,  but  aay  be  used  to  monitor  against  a  slow  drift  occurring  in  the 
navigation  solution.  In  conjunction  with  RAIM,  when  five  satellites  are  available,  this 
is  an  effective  technique  for  monitoring  the  GPS  integrity  throughout  periods  with  poor 
satellite  coverage.  The  problem  then  reduces  to  comparing  the  inertial  drift  rate  to 
the  OPS  error  rate  over  the  periods  of  time  when  RAIM  is  not  effective  with  the  18 
satellite  constellation. 

With  the  18  satellite  constellation,  the  maximum  tine  that  less  than  five 
satellites  are  in  view  is  63  ai.iutenu.  In  Table  2-2,  the  integrity,  requirements  and 
goals  shown  in  Tables  1-1  and  1-2  are  equated. to  drift  rates  over  a  one  hour  period.  To 
assure  that  the  navigation. error  oannot  exceed  the  alarm  limit  during  the  period  that 
RAIM  is  not  effective,  the  INS  must  detect  error  rates  that  exceed  these  limits. 
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Table  2-2  Error  Rate  Requirements  for  INS  Integrity  Monitoring 


Phase  of  Flight 

Oceanic 

En-Route 

Domestic 

En-Route 

Terminal 

Area 

Non-Precision 

Approach 

INTEGRITY  REQUIREMENTS 

Drift  Rate 
Time-to-Detect . 

6.4  m/s 
3720  sec 

0.8  m/s 
3660  sec 

0*6  m/s 
3615  sec 

0. 15  m/s 

3610  sec 

INTEGRITY  GOALS 

Drift  Rate 
Time-to-Detect 

1.4  m/s 
3630  sec 

0.28  m/s 
3630  sec 

0.14  m/s 
3610  sec 

0.03  m/s 

3606  sec 

From  simulation  resultant  a  commercial  2  nm/hr  INS  Integrated  with  a  OPS  receiver 
can  meet  the  integrity  requirements  for  en-route  ocean  and  domestic  phases  of  flight. 
The  improved  performance  possible  with  an  integrated  QPS/INS  system  will  meet  the 
integrity  and  redundancy  requirements  for  the  sole-means  en-route  domestic  phase  of 
flight,  and  the  goals  established  from  future  requirements  for  en-route  oceanic 
navigation.  Inertial  navigation  is  already  a  certified  sole-means  of  navigation  for 
en-route  oceanic  phases  of  flight. 


2.2.3  0PS/1.0RAN-C 

Integrating  a  OPS  and  a  LORAN  receiver  has  the  potential  of  providing  a  hybrid 
navigation  system  with  superior  performance  than  either  system  alone.  Both  OPS  and 
LORAN-C  suffer  to  differing  extents  from  a  lack  of  coverage.  The  18  satellite  OPS 
constellation  provides  world-wide  coverage  with  the  exception  of  localized  areas  which 
appear  at  different  times  of  day.  The  LORAN-C  network  covers  the  majority  of  the  United 
States  with  the  exception  of  the  mid-continent  gap.  Both  systems  use  ranging  techniques 
for  navigation;  GPS  Pseudo-Ranges  from  satellites  and  LORAN-C  Time-Delays  (TD)  from 
chains  of  ground  transmitters.  In  principle,  both  the  Pseudo-Ranges  and  TD  measurements 
could  be  processed  in  an  integrated  solution  using  the  redundant  measurements  for 
integrity  monitoring  similar  to  RAJM.  Since  the  nominal  accuracy  of  LORAN-C  1b  0.25 
nmi,  this  hybrid  navigation  system  will  meet  all  the  integrity  requirements  and  goals 
listed  in  Tables  1-1  and  1-2,  except  for  the  non-precision  approach  goal  of  100  m.  The 
extended  coverage  provided  by  this  hybrid  should  allow  sole-means  na/lgation  to  be 
possible  for  en-route  domestic  and  terminal  navigation  phases  of  flight.. 


2.2.4  GPS /Omega 


Like  LORAN-C,  Omega  is  also  a  ground-based  radionavigation  service.  The  Omega 
coverage  extends  over  most  of  the  world.  However,  the  Omega  navigation  service  only 
provides  position  to  2-4  nmi  which  significantly  limits  the  use  of  the  Omega  ranges  to 
monitor  the  GPS  integrity  or  extend  the  GPS  coverage.  The  only  integrity  requirements 
that  can  be  met  using  Omega  data  for  monitoring  are  the  en-route  oceanic  requirements. 
Since  Omega  is  already  certified  as  a  sole-means  of  navigation  for  this  phase  of  flight, 
an  integrated  GPS/Omega  receiver  does  net  extend  thi  range  of  operation  of  Omega.  The 
GPS  navigation  set  may  be  used  as  a  supplemental  naiigation  system  for  oceanic  en-route 
phases  of  flight. 


2.2.5  GPS/Multi -Sensor  FMCS 

The  integration  of  GPS  into  the  Flight  Management  Control  System  (FMCS)  can  be 
viewed  simply  as  the  introduction  of  another  radionavigation  sensor.  As  such,  the  GPS 
receiver  must  meet  the  requirements  established  in  RTCA/DO-187,  "Minimum  Operational 
Performance  Standards  for  Airborne  Area  Navigation  Equipment  using  Multi-Sensor  Inputs". 
The  integrity  requirements  established  in  paragraph  2.2.1.11  of  this  document  specify 
that  the  equipment  should  monitor  itself  for  degraded  performance  and  should  annunciate 
degraded  operation.  This  could  be  achieved  by  a  variety  of  methods,  for  example  RAIM. 
Following  the  guidance  in  DO-187  will  allow  supplement*!  use  of  GPS  as  a  sensor  input  to 
an  FMCS. 


2.2.6  OPvVVOR/PME-BNAV 

To  make  use  of  VOR/DME  data  to  monitor  the  OPS  navigation  integrity,  the  raw  range 
and  bearing  VOR/DME  uata  must  be  converted  into  latitude  and  longitude  coordinate*. 
With  the  help  of  a  navigation  data-base,  a  VOR/DME  Ares  Navigation  Computer  (RNAV)  can 
convert  these  polar  coordinates  to  latitude  and  longitude,  as  described  in  RTCA/DO-180.- 
The  output  of  this  RNAV  computer  can  be  used  as  a  truth  reference  to  monitor  the 
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integrity  of  the  OPS  navigation  solution.  Thit  would  allow  supplemental  use  of  OPS  with 
an  RNAV  computer. 


2.3  OPS  INTEGRITY  CHANNEL  (QIC) 

With  a  OPS  Integrity  Channel  (QIC),  a  ground-based  OPS  monitoring  system  is  used  to 
track  the  OPS  signals  and  monitor  the  OPS  satellite  errors.  Any  excessive  satellite 
errors  are  indicated  on  a  OPS  integrity  message  broadcast  by  a  master  control  oenter  to 
OPS  users.  The  QIC  network  must  be  capable  of  disseminating  integrity  data  indicating 
the  phases  of  flight  possible  and  alerting  the  pilot  to  out  of  tolerance  conditions 
within  the  required  tiae-to-alarm. 

Studies  by  the  Working  Oroupu  indicate  that  the  OPS  integrity  may  be  determined 
relatively  easily  within  the  required  tiae-to-alarm  using  a  network  of  ground  monitoring 
stations.  The  problem  then  remains  of  how  to  disseminate  the  data  to  the  OPS  users. 
The  Integrity  Working  Oroup  performed  preliminary  studies  on  both  ground-based  and 
satellite  communication  links  for  broadcasting  the  OIC  message.  This  work  is  being 
continued  by  a  OIC  Working  Group  established  by  SC-159  to  prepare  a  standard  format  for 
broadcasting  OIC  data. 


2.3.1  Ground-Based  Communication 

Several  methods  of  broadcasting  OIC  data  using  existing  ground-based  radio 
facilities  were  discussed  by  the  Working  Groupie.  The  most  attractive  system  considered 
was  the  use  of  Aeronautical  Non  Directional  Beacons  (NDBb)  as  a  transmission  medium.  As 
stated  in  the  U.S.  Federal  Radionavigation  Plan^ot  NDBs  will  remain  a  part  of  the 
radionavigation  system  well  into  the  next  century.  It  is  expected  that  there  will  be 
728  federal  and  855  non-federal  NDBs  in  the  United  States  by  the  year  2000k.  The  NDB 
coverage  extends  over  most  of  the  United  States  and  Canada.  However,  there  are  some 
areas  (mostly  the  mountainous  regions  of  the  Western  U.S.  and  Alaska)  that  do  not 
receive  service. 

It  would  be  possible  to  modify  existing  NDB  stations  to  Include  the  OIC  data 
message  modulated  on  the  NDB  signal  without  interfering  with  navigation  operations 
The  NDB  range  of  operation  for  data  transmission  greatly  exceeds  the  navigation  range. 
However,  the  Working  Oroup  concluded  that  the  existing  NDB  coverage  would  need  to  be 
extended  to  provide  continuous  coverage  over  CONUS  suitable  for  a  QIC  integrity  data 
link.  The  relatively  low  cost  of  operating  and  maintaining  an  NDB  QIC  link  makes  it  an 
attractive  alternative  to  a  satellite  based  system. 


Figure  4.  Satellite  OPS  Integrity  Network 
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2.3.2  Satellite  Communication 

A  concept  for  a  OPS  Integrity  network  is  shown  in  Figure  4.  The  OPS  signals  are 
monitored  at  ground-based  stations  linked  through  a  ground  communication  network  to  a 
■aster  control  station.  The  master  station  uplinks  the  QIC  data  to  geostationary 
satellites  which  then  rebroadoast  it  to  users  in  the  area  covered.  To  provide  redundant 
integrity  coverage  over  CONUS,  two  geostationary  satellites  are  required.  Five 
geostationary  satellites  would  provide  redundant  world-wide  coverage. 

A  variety  of  communication  alternatives  for  the  satellite  broadcasts  were  discussed 
by  the  Working  Oroup.  Of  concern  to  the  group  was  the  proliferation  of  systems 
(navigation,  communication  etc.)  within  tha  aircraft.  Ideally,  a  QIC  communication  link 
would  be  sufficiently  similar  to  the  OPS  signals  that  the  QIC  data  could  be  received  and 
interpreted  directly  by  the  OPS  receiver  itself. 

Presently  the  OPS  has  37  C/A  codes  reserved  for  use  by  the  GPS  satellites  and 
ground  transmitters.  However,  there  are  1024  possible  C/A  codes  which  can  be  tracked  by 
OPS  receivers.  If  a  geostationary  satellite  broadcast  the  QIC  data  modulated  on  the  LI 
frequency  tsing  an  unassigned  C/A  code,  the  OPS  receiver  could  track  that  signal  and 
demodulate  the  integrity  data  internally.  Because  of  the  cross-correlation  properties 
of  the  C/A  codes,  this  integrity  service  would  not  interfere  with  the  OPS  navigation 
service. 

In  addition,  it  was  suggested  that  the  OPS-like  signal  broadcast  by  the 
geostationary  satellite  could  also  be  used  for  navigation.  In  this  case,  not  only  is 
integrity  ensured  but  the  OPS  satellite  coverage  is  also  enhanced.  Providing  two 
geostationary  satellites  over  CONUS  would  supply  sufficient  redundancy  to  meet  the  FAA 
requirement  for  sole-meanB  navigation,  i.e.  the  service  should  not  be  interrupted  by  a 
single  satellite  failure.  Sufficient  spare  bitB  are  included  in  the  existing  GPS  data 
format  to  provide  a  limited  indication  of  the  OPS  satellites'  integrity.  It  would  also 
be  possible  to  broadcast  the  navigation  signal  in  phase  quadrature  with  the  integrity 
signal.  This  would  provide  a  50  Hz  independent  data  channel  for  the  GIC  data. 

A  number  of  candidate  satellite  systems  were  discussed  for  broadcasting  the  QIC  and 
OPS  navigation  messages.  Two  Block  II  OPS  satellites  were  offered  to  the  FAA  by  the  OPS 
Program  Manager,  should  the  Department  of  Transportation  pay  for  their  launch  costs. 
These  satellites  could  be  modified  to  broadcast  the  QIC  data  and  to  operate  in 
geosynchronous  orbit.  A  more  inexpensive  option  considered  was  to  piggy-back  a  GPS 
signal  repeater  on  a  geostationary  satellite  such  as  the  GOES  weather  observation 
satellite^.  The  OPS-like  signal  would  be  generated  by  a  ground-based  master  control 
station,  accounting  for  the  propagation  delays  in  the  uplink  to  the  geostationary 
satellite.  The  signal  would  then  be  transmitted  to  the  satellite  where  it  would  be 
mixed  by  the  signal  repeater  to  the  Lt  frequency  and  rebroadcast  to  users.  This 
approach  increases  the  complexity  of  the  master  control  station  but  significantly 
simplifies  the  satellite  payload. 

Another  approach  considered  was  to  use  leased  channels  on  Mobile-Service  satellites 
or  on  commercial  fixed  service  satellites 1 g .  This  approach  has  merit  in  the  short  term 
as  an  inexpensive  method  of  supplying  CIC  data.  In  fact,  Inmarsat  recently  announced 
that  they  plan  to  offer  a  GPS  integrity  service  to  their  useraiy.  However,  aircraft 
would  be  required  to  carry  communication  equipment  in  addition  to  the  GPS  navigation 
sets  to  use  this  type  of  OIC  service.  Certification  problems  may  also  arise  with  a 
navigation  service  (GPS)  that  is  dependent  on  a  communication  service  for  integrity. 


2.4  DIFFERENTIAL  OPS 

The  use  of  differential  GPS  provides  both  integrity  and  improved  GPS  navigation 
accuracy.  The  differential  GPS  concept  is  similar  to  a  OPS  integrity  monitoring 
network.  The  OPS  satellite  signals  are  monitored  at  surveyed  locations  to  determine  the 
satellite  health  and  signal  errors.  The  differential  GPS  message  differs  from  GIC  data 
in  that  error  corrections  are  broadcast  in  addition  to  the  satellite  integrity  data. 
This  allows  an  out-of-tolerance  signal  to  be  still  used  for  navigation  once  the  error 
correction  has  been  applied. 

A  standard  differential  OPS  data  format  was  prepared  by  RTCM  Special  Committee 
104 u  whioh  allows  common  errors  between  the  monitor  station  and  the  user  to  be 
eliminated.  This  improves  the  OPS  navigation  accuracy  to  5  to  20  m  2dRMS  as  the  SA 
errors  can  be  completely  removed  from  the  navigation  solution  when  the  data  is 
transmitted  in  a  timely  manner.  Using  differential  OPS,  it  is  therefore  possible  to 
meet  the  FSP  goal  of  a  100  m  alarm  limit  for  non-precision  approach.  However, 
differential  OPS  does  not  increase  the  satellite  coverage  and  so  sole-means  navigation 
would  still  be  precluded  by  the  FAA  requirement  for  redundant  satellite  coverage. 
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3.  CONCLUSIONS 

3.1  SOLB-MEANS  NAVIGATION 

For  OPS  to  be  certifiable  as  a  sole-aeons  navigation  system,  the  integrity  of  the 
navigation  solution  must  be  assured  should  systea  failures  occur.  Also,  sufficient 
redundancy  must  be  built  into  the  systea  to  allow  navigation  to  oontinue  in  the  event  of 
a  single  satellite  failure. 

The  navigation  integrity  can  be  provided  through  Receiver  Autonomous  Integrity 
Monitoring  (RAIM)  or  by  using  a  OPS  Integrity  Channel  (QIC).  With  RAIM,  the  GPS 
receiver  aakes  use  of  redundant  navigation  data  for  self-checking  purposes.  Redundant 
satellite  data  say  be  used  or  aiding  data  from  other  sensors  on-board  the  aircraft  such 
as  baro-altitude,  LORAN-C  or  an  inertial  navigation  systea.  With  a  OIC,  a  network  of 
ground  monitoring  stations  continuously  track  the  satellites  and  broadcast  an  integrity 
message  indicating  the  health  of  the  GPS  satellites.  These  integrity  monitoring 
techniques  can  meet  all  the  integrity  requirements  and  goals  shown  in  Tables  1-1  and 
1-2,  except  for  the  non-precision  approach  goal  of  100  m. 

The  FAA  coverage  requirement,  that  the  loss  of  a  single  satellite  should  not  cause 
an  interruption  of  service,  is  not  met  by  the  18+3  GPS  satellite  constellation.  Even 
without  a  satellite  failure  occurring,  there  are  significant  periods  of  time  when 
unaided  navigation  is  not  possible  with  this  constellation.  Table  3-1  summarizes  the 
methods  of  augmenting  the  GPS  systea  that  the  Working  Group  considered  were  suitable  for 
sole-means  navigation  with  OPS. 

If  the  satellite  constellation  were  increased  to  24  satellites,  sufficient 
redundancy  would  be  provided  to  allow  navigation  to  continue  in  the  event  of  a  satellite 
failure  and  also  to  determine  that  a  failure  has  occurred  using  RAIM.  This  uould  allow 
OPS  to  be  certified  as  a  sole-means  navigation  systea  for  all  phases  of  flight 
world-wide.  Adding  two  geostationary  satellites  over  the  United  States  would  provide 
sufficient  redundancy  to  meet  the  FAA  ooverage  requirement  over  CONUS.  Integrity  could 
also  be  supplied  by  broadcasting  GIC  data  through  the  geostationary  satellites.  Five 
geostationary  satellites  could  provide  the  jame  service  world-wide. 

The  GPS  system  redundancy  can  also  be  increased  by  integrating  the  receiver  with 
other  sensors  on  board  the  aircraft.  By  including  aiding  data  from  a  barometric 
altimeter,  a  OPS  receiver  can  meet  the  Integrity  and  coverage  requirements  for  oceanic 
er.-route .  navigation .  An  integrated  OPS/INS  can  meet  not  only  the  oceanic  en-route 
requirements  (for  which  the  INS  la  already  certified)  but  also  the  tighter  oceanic 
en-route  goals  and  the  domeatlo  en-route  integrity  and  coverage  requirements.  An 
integrated  GPS/LORAN-C  receiver  can  meet  all  the  integrity  requirements  and  goals  except 
for  the  100  m  non-precision  approach  goal. 


Table  3-1  Potential  Sole-Means  GPS  Navigation  Systems 


GPS 

Phases  of  Flight 

Oceanic 

En-Route 

Domestic 

En-Route 

Terminal 

Area 

Non-Precision 

Approach 

System 

Integrity  Level 

Req 

Goal 

Req 

Goal 

Req 

Goal 

Req 

Goal 

18  Satellites  ♦  6  geostationary-GIC 
or  24  Satellite  Constellation-RAIM 

X 

X 

X 

X 

X 

X 

X 

18  Satellites  +  2 
over  CONUS  -  OIC 

geostationary 

X 

X 

X 

X 

X 

OPS/Baro-Altitude 

-  RAIM 

X 

GPS/INS  -  RAIM 

X 

X 

X 

GPS/LORAN-C  -  RAIM 

X 

x 

X 

X 

X 

3.1,1  Non-Precision  Approach 

Because  of  the  planned  level  of  the  Selective  Availability  (SA)  errors,  the  GPS 
navigation  errors  fill  exceed  100  m  approximately  5%  of  the  time,  averaged  globally  over 
24  hours.  Since  the  SA  errors  change  only  slowly  with  time,  the  navigation  error  may 
stay  outside  the  100  a  limit  for  a  number  of  minutesg.  The  Federal  Radionavigation  Plan 
(FEP)jo  established  a  100  a  alarm  limit  for  future  non-precision  approach  systems  as  a 
VOR  located  on  the  runway  supplies  100  a  accuracy  (95%)  at  0.7  nmi  from  the  airport. 
This  means  that  during  the  approach,  the  VOR  can  be  expected  to  be  within  this  accuracy 
95%  of  the  time.  However,  with  GPS  le  the  SA  errors  cause  the  navigation  accuracy  to 
exceed  100  a  at  the  beginning  of  the  flight,  the  same  navigation  error  will  apply  for 
the  next  few  minutes.  In  the  worst  case  condition,  the  100  m  alarm  limit  could  be 
exceeded  100%  of  the  time  throughout  the  approaoh.  Essentially,  the  GPS  100  m  95% 
accuracy  limit  set  by  the  SA  errors  means  that  only  95%  of  the  time  can  an  approach  be 
made  using  GPS  that  will  compare  in  accuracy  to  a  VOR  non-pi ecision  approaoh. 
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The  Working  Group  concluded  that  the  SA  errors  would  preclude  GPS  meeting  the 
non-precieion  approaoh  standards  established  in  the  FRP,  unless  the  SA  errors  were 
reduced  or  GPS  was  operated  in  the  differential  mode. 


3.2  SUPPLEMENTAL  NAVIGATION 

In  the  near  term,  the  most  promising  application  for  GPS  is  as  a  supplemental 
navigation  system.  During  the  constellation  build-up  phase,  sole-means  navigation  will 
not  be  possible  due  to  insufficient  satellite  coverage.  However,  as  a  supplemental 
navigation  system,  the  excellent  navigation  accuracy  provided  by  GPS  may  be  used 
whenever  sufficient  satellites  are  in  view  to  allow  navigation. 

The  OPS  navigation  Integrity  may  be  ensured  either  through  cross-checking  with  the 
sole-means  navigation  system  or  through  making  use  of  the  integrity  monitoring 
techniques  suggested  for  sole-means  GPS  navigation.  Table  3-2  lists  the  supplemental 
GPS  applications  that  were  considered  by  the  Integrity  Working  Group. 


Table  3-2  Supplemental  GPS  Navigation  Systems 


GPS/Multi -Sensor  FMCS 

QPS/VOR/DME-RNAV 

GPS /Omega 

GPS/INS 

OPS/LORAN-C 

3.3  RECOMMENDATIONS 

The  Integrity  Working  Group  made  the  following  recommendations  to  the  SC-159 
committee  in  their  final  report i. 

1 .  Expanded  GPS  Conatel 1st i on 

As  recommended  by  the  Working  Group,  a  letter  was  drafted  by  the  RTCA  to  the 
Department  of  Defense  urging  that  the  GPS  constellation  be  expanded  to  24 
satellites.  The  24  satellite  constellation  would  provide  continuous  coverage  and 
sufficient  integrity  for  civil  navigation  world-wide. 


2.  Bfidwtiwi  in  the  .Effect  cI-3elqc.Uy.fc.AvpHabiiity 

Analyses  by  the  Working  Group  showed  that  the  presently  specified  level  of 
selective  Availability  (SA)  is  unacceptable  to  meet  the  non-precision  alarm  limit 
goal  of  100  a.  The  Working  Group  recommended  that  a  joint  committee  be  formed  with 
DoD  personnel  to  (a)  determine  the  appropriate  alarm  limit  required  for 
non-precision  approach,  (b)  determine  the  SA  level  and  bounds  consistent  with  this 
requirement,  and  (c)  study  the  effects  of  the  planned  SA  errors  on  GPS  integrity. 
The  acceptability  of  a  reduced  level  of  SA  to  the  DoD  should  also  be  assessed. 


3.  QPS  Integrity  Channel, (GIC)  Working  OrouP 

As  recommended  by  the  Integrity  Working  Group,  on  September  9,  1987,  SC-159  formed 
a  OPS  Integrity  Channel  (QIC)  Working  Group.  This  group  was  tasked  to  prepare  a 
standard  GPS  Integrity  Channel  (GIC)  data  format  for  communicating  the  integrity  of 
the  GPS  navigation  solution.  The  group  will  consider  civil  GPS  user  requirements, 
monitoring/communication  system  requirements,  GIC  data  message  formats  and  suitable 
GIC  communication  media. 


4.  Ip pjgg  fgr  Further. .Study 

The  Working  Group  recommended  that  studies  should  continue  on  Receiver  Autonomous 
Integrity  Monitoring  techniques,  GPS/LORAN-C  integration  techniques  and  the  use  of 
Raro-Altitude  aiding  for  integrity  monitoring.- 
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SUMMARY 

Moat  GPS  receivers  are  designed  for  stand-alone  operation.  Single-channel,  slow- 
seguencing  receivers  are  recognized  to  be  lowest  cost,  but  lack  dynamic  capability, 
while  multiplexed  and  multichannel  designs  allow  operation  during  acceleration,  but  add 
cost,  weight  and  power.  It  is  also  well  recognized  that  a  marriage  of  GPS  data  with 
strapdown  inertial  data  enhances  the  quality  of  both,  and  many  people  are  looking  at 
integration  of  available  GPS  receivers  with  various  available  inertial  systems.  How¬ 
ever,  direct  design  at  the  outset  of  a  tightly  integrated  GPS  and  strapdown  INS  allows 
optimization  of  both  for  performance  and  cost.  Using  this  approach,  a  properly  designed 
slow-sequencing,  single-channel  receiver,  married  to  a  low-cost  strapdown  inertial  unit,, 
provides  satellite  tracking  during  10-g  acceleration,  very  high  jamming  suppression, 
improved  strapdown  inertial  outputs,  and  improved  GPS  navigation  accuracy.  Packaging 
this  GPS/I  in  a  single  unit  reduces  software  and  hardware  redundancies,  and  results  in  a 
very  low-cost  design. 


INTRODUCTION 

Reference  fl]  is  a  detailed  comparison  of  multichannel  vs  single-channel  receivers. 
Most  drawbacks  of  the  lowest-cost,  single-channel,  slow-sequencing  design  are  related  to 
its  lack  of  dynamic  capability.  Aiding  the  tracking  loops  with  high-frequency  velocity 
and  position  from  a  strapdown  Inertial  Measurement  Unit  (IMU)  eliminates  this  disadvan¬ 
tage  while  simultaneously  providing  increased  jamming  suppression.  The  GPS/I  unit  also 
provides  the  benefits  of  inertial  attitude,  attitude  rate,  acceleration  and  extrapola¬ 
tion  of  position  and  velocity  whenever  the  GPS  satellites  are  lost  due  to  bad  GDOP, 
shadowing,  jamming,  or  receiver  failure. 

Even  a  moderately  accurate  IMU  can  become  a  good  navigator  if  heading  error  is  re¬ 
moved,  and  the  gyro  and  accelerometer  turn-on  errors  calibrated.  The  high  accuracy 
position  and  velocity  from  the  GPS  data  provides  these  calibrations.  Conversely,  ob¬ 
taining  first  fix  on  four  GPS  satellites  is  difficult  on  a  dynamic  vehicle.  Short-term 
navigation  from  the  IMU  is  adequate  to  obtain  a  first  fix  in  less  than  two  minutes  in 
the  integrated  design,  even  with  acceleration  and  maneuvers  involved  with  takeoff  or  air 
launch  of  a  missile  or  RPV  using  this  GPS/I  unit. 

Mutually  aided  GPS  and  IMU  subsystems  have  been  discussed  in  previous  papers  (Ref.  2 
and  3],  but  have  so  far  been  designed  aLOund  existing  equipment.  During  1983  and  1984. 
PPD  teamed  with  Rockwell  Collins  and  Boeing  Aerospace  to  test  such  a  system,  the  results 
of  which  were  presented  at  the  1985  ION  meeting  in  San  Diego  and  later  in  (Hef.  4). 

By  using  available  high-frequency  digital  technology  and  LSI.  minimal  analog  hard¬ 
ware  is  required  and  packaging  of  the  receiver  as  an  integral  part  of  the  INS  is  possi¬ 
ble.  The  single  clock  crystal,  which  runs  all  equipment,  may  be  combined  with  the  in¬ 
ertial  cluster  to  compensate  acceleration  sensitivity  and  provide  vibration  isolation. 
Cascaded  Kalman  filters  and  time  correlation  of  measurements  are  eliminated,  A  single 
I/O  and  power  supply  reduce  cabling  and  weight  compared  to  multiple  units. 

During  development  of  the  P-code  receiver  and  GPS/I  system,  each  phase  was  verified 
using  simulations  and  tests.  Phases  in  this  recent  activity  include:  GPS/I  architec¬ 
ture  selection  and  simulation  verification  of  performance:  verifying  the  performance  of 
the  GPS  receiver  and  integrated  GPS/1  breadboards  against  the  original  design  goals  and 
the  simulations  through  antijamming  and  dynamic  testing;  design,  manufacture,  and  test¬ 
ing  of  custom  LSI  chips  for  the  digital  portions  of  the  receiver;  integration  of  the 
production  prototype  with  CRPA  antenna  electronics;  and  van  and  flight  testing  of  a 
GPS/ i  Navigation  System  (GPS/ INS). 

The  GPS/I  unit  can  be  divided  into  the  following  five  functional  blocks:  IMU  Sensor 
Cluster,  RF  front  end,  digital  signal  processing  and  frequency  synthesizer,  GPS  and 
navigation  computers,  and  Interfaces. 


This  paper  was  originally  published  in  NAVIGATION  Journal  of  the  Institute  of 
Navigation.  Vol.  34,  No.  2,  Summer  1987, 
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Interrelationship  between  these  functions  Is  shown  in  figure  X. 


Figure  X.  GPS/I  Functional  Partitioning 

Figure  2  shows  the  GPS/I  unit  packaged  into  the  Navy's  Standard  Attitude  Heading 
Reference  System  enclosure,  which  also  contains  a  power  supply,  fan,  connectors,  and  EMI 
section,  lie  box  is  7  x  7  x  IX  in.  and  weighs  less  than  24  pounds.  The  inertial  sensor 
cluster  uses  a  pair  of  DTGs  and  three  linear  acee.'erometers. 


Figure  2.  Proposed  GPS/l  Unit  Packaged  into  SAHRS 


GPS  RECEIVER  SUBSYSTEM 

The  GPS  receiver  is  configured  to  operate  with  the  receiver's  single  channel  dedi¬ 
cated  to  each  satellite,  (SV),  for  a  period  of  one  second.  An  exception  to  the  sequen¬ 
tial  node  is  used  during  initial  SV  acquisition  to  provide  a  time-to-f irst-f ix  (TTFP)  of 
less  than  two  alnutes  whether  stationary  or  on  a  aoving  vehicle.  The  first  satellite  is 
acquired  through  rapid  code  slew  depending  upon  uncertainty  in  knowledge  of  initial 
position,  velocity,  and  tine  of  week.  The  epheaerls  is  taken  and  tine  is  synchronized 
to  the  C/A  code  epoch.  During  epheaerls  collection  froa  the  last  three  of  the  required 
four  satellites,  the  receiver  software  is  configured  to  operate  the  hardware  in  a  fast 
data  collection  node,  providing  simultaneous  data  collection  froa  all  three.  This  fea¬ 
ture  requires  no  increase  in  hardware  complexity,  since  it  is  accomplished  by  setting  up 
the  C/A  code  generator  at  the  beginning  of  each  dwell  by  rapid  slewing.  The  aaximua 
required  slew  time  regardless  of  range  differences  between  satellites  is  0.5  msec,  this 
fast  data  collection  mode  is  not  used  for  P-code  operation,  avoiding  increased  P-code 
generator  complexity  and  inherent  loss  of  anti-jam  tolerance. 
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tr  Front-End.  The  RF  {ront-«nd  schematic  is  shown  in  figure  3.  Stagea  1  through  8. 
are  identified  aa  the  receiver  RF  electronica.  Stage  1,  which  provides  low-noise  ampli¬ 
fication  of  the  LI  and  L2  signals,  is  a  d.' aerate  design  that  is  impedance  matched  to  50 
ohms  by  using  microstrip  transmission  lines  and  a  limited  amount  of  resistive  feedback. 
The  amplifier  immediately  following  the  LNA  is  a  discrete  device  with  internal  resistive 
feedback  to  establish  the  requisite  gain  and  device  port  impedance  levels. 


St*g»  1  2  ]  4  >  <  7  s  9 


fo- 1.023  MH« 

Figure  3.  RF  Front-End  Functions 

Stages  2  end  4  provide  LI  or  L2  selection,  consisting  of  two  SPOT  switches  and  two 
bandpass  filters.  The  two  filters  are  centered  at  LI  and  L2.  The  mixer  iBtage  3)  down 
converts  the  LI  or  L2  signals  to  the  first  IF  frequency  of  173.91  MHz.  (17C  £o  where  fo 
•  1.023  MHz).  The  input  and  output  ports  of  the  mixer  have  very  low  reflection  coeffi¬ 
cients  with  port  vSWRs  of  typically  less  than  1.5  to  1.  The  good  impedance  match  to  50 
onms  is  a  result  of  the  action  of  the  quadrature  couplers. 

The  first  IF  stage  (Stages  5-0)  conceits  primarily  of  gain  and  the  IF  filter.  This 
filter  establishes  a  receiver  RF  bandwidth  to  optimize  signal-to-nolse  ratio.  The  sec¬ 
ond  mixer  dcwacanverts  the  first  IF  signal  to  the  second  IF  frequency  of  33.759  MHz,  (33 
fo).  The  second  IF  stage  (Stage  8)  provides  further  amplification  and  contains  the  AGO 
amplifiers. 

Careful  consideration  must  be  given  to  the  receiver  linearity  and  AGC  operation  when 
dealing  with  very  large  J/S  ratios.  The  weak  GPS  signal  superimposed  on  the  strong 
jammer  must  not  be  suppressed.  The  receiver  must  be  linear  and  the  AGC  must  stabilize 
the  signal  envelope  input  to  the  two-bit  AD  converter  (ADC). 

The  post-mixer  IF  amplifier  is  a  low-noise,  discrete  transistor  design.  All  the 
remaining  IF  amplifiers  are  low-cost  silicon  monolithic  integrated  circuits. 

Digital  signal  Processing.  The  key  components  of  this  block  comprise  a  pair  of 
identical  adaptive  threshold,  two-bit  analog/digital  converters  (ADCs),  integrators, 
P-code  and  C/A  code  generators,  a  code  phase  controller,  and  numerically  controlled 
oscillator  (nco)  to  control  the  carrier,  and  its  associated  sampler  control  circuitry. 
These  functions  are  shown  in  figure  4. 


Figure  4.  Digital  signal  Processing  Functions 

The  output  from  the  second  IF,  nominally  at  33  fo,  is  applied  in  parallel  to  the  two 
ADCs,  clocked  in  phase  quadrature  at  a  nominal  rate  of  33  fo.  Each  ADC  output  is  a 
two-bit  quantized  baseband  signal  at  a  rate  of  33  fo  samples/second. 
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The  ADC*  aaxialze  performance  over  a  wide  range  of  jamming  conditions  as  described 
in  [Ref .  5  and  6].  The  ADC  constitute*  the  nonlinearity  in  a  nonlinear  Batched  filter, 
aatched  to  the  incoaing  (CPS)  signal  waveform,  providing  the  maximum  possible  output 
SNR.  Nonlinear  filters  can  outperfora  linear  filters  when  the  signal  is  accoapanied  by 
non-Gaussian  type  Interference,  while  providing  alnlnal  degradation  over  the  optiaua 
linear  filter  in  Oaussian-type  Interference.  [Ref.  5] 

Each  ADC  quantizes  to  two-bit  accuracy,  producing  outputs  HL  (Hard-Limit)  and  R 
(Ratio)  defined  in  figure  5.  A  value  of  4  for  the  weight,  R  applied  to  samples  which 
occur  above  the  upper  threshold,  A,  represents  the  best  performance  compromise  between 
Oaussian  and  non-Caussian  types  of  interference.  [Ref.  6]  The  upper  threshold  level, 

A,  is  controlled  by  a  threshold-adjust  circuit,  consisting  of  a  control  loop  which 
aonitors  the  R  output  and  aoves  the  threshold  to  aalntain  a  predetermined  percentage  of 
saaples  (X  percent)  at  the  R>4  level.  Correct  selection  of  X  determines  the  antj-jam- 
aing  performance  of  the  ADC  and  auch  simulation  work  has  been  completed  to  determine  the 
optimum  choice  for  X. 


Figure  5.  Two-Bit  A/D  Transfer  Function 


A  primary  objective  in  the  receiver  design  was  to  sample  and  quantize  the  signal 
directly  at  the  IF  to  eliminate  the  need  for  analog  deaodulation  (conversion  to  base¬ 
band)  ,  followed  by  baseband  sampling.  The  principles  of  passband  sampling  are  well 
documented  in  the  literature  [Ref.  7],  but  its  widespread  adoption  has  been  limited 
until  recently  by  the  availability  of  economical  high-speed  digital  dividers. 

Baseband  sample  trains  (comprising  two  pairs  of  signals,  in  phase  and  quadrature) 
are  nixed  with  Early,  Prompt,  and  Late  (E,  P,  L)  sequences  from  the  receiver's  P-code  or 
C/A  code  generator.  Four  sets  of  despread  signals  are  thus  formed  and  applied  to  the 
inputs  of  the  integration  channels.  From  these  signals,  the  code  and  carrier  phase 
error  can  be  calculated.  This  type  of  correlation  reduces  the  complexity  and  number  of 
registers  required  to  determine  the  code  and  carrier  tracking  errors.  Despreading  the 
GPS  signals  in  the  digital  domain  eliminates  the  need  for  a  T-code  signal,  required  for 
good  anti-jaaaing  tolerance  in  receivers  using  analog  despreading.  [Ref.  8] 

Each  integration  channel  accumulates  its  input  saaples  synchronized  with  the  local 
C/A  code  Billisecond  epoch.  Alignment  of  the  millisecond  integration  period  with  tran¬ 
sitions  in  the  50-baud  navigation  data  stream  is  thereby  ensured.  The  values  are  read 
into  the  GPS  processor  and  processed  to  recover  carrier  and  code  tracking  information, 
pseudo-range  and  range,  rate,  signal  strength/quality  data,  and  the  50-baud  navigation 
data.  Samples  from  the  integration  channels  are  processed  by  the  carrier  and  code 
tracking  algorithas. 

The  C/A  and  P-code  generators  produce  early,  prompt,  and  late  versions  of  the  se¬ 
lected  code  and  support  double-speed  code  slewing.  The,  code-phase  controller  receives 
coaaands  from  the  GPS  processor  instructing  it  to  adjust  the  code  phase  in  fractions  of 
a  code  chip  to  facilitate  tracking  of  the  satellite  code  signals.  The  clocks  supplied 
to  the  C/A  and  P-code  generators  by  the  code-phase-controller  are  slaved  together;  the 
C/A  code  generator  is  always  kept  running,  even  when  tracking  P-code. 

The  composite  signal  loss  for  the  above  design  is  1.8  dB.  This  compares  favorably 
with  losses  typically  in  the  range  2  to  3  dB  for  analog  designs.  All  losses  have  been 
calculated  for  Gaussian  noise  (the  worst  possible  noise  type  for  loss  budgeting). 

Frequency  Synthesizer. 

The  frequency  synthesizer  generates  local  oscillator  (LO)  signals  to  drive  the  two 
dsvncouvetsion  mixers  in  the  RF  front-end. 

Factor*  Affecting  the  Choice  of  Sampling  Rate. 

The  sampling  rate  should  be  high  enough  to  provide  miniaal  performance  degradation 
in  the  digital  matched  filtering  process.  In  practice,  this  requires  a  minimum 
sampling  rate  exceeding  two  to  three  times  the  P-code  chip  rate. 


1. 
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2.  The  sampling  rate  should  be  asynchronous  to  the  P-code  chip  rate  to  provide  a  smooth 
E-h  codetracking  discriminator  characteristic.  For  C/A  code,  a  sampling  rate  either 
very  much  higher  than,  or  asynchronous  to,  the  chip  rate  is  satisfactory. 

3.  The  sampling  rate  should  be  kept  low  to  be  compatible  with  use  of  power  and  size-ef¬ 
ficient  LSI  digital  signal  processing  technologies. 

4.  ADC  design  is  simplified  by  minimizing  the  sample  rate. 

Taking  these  factors  into  account,  the  IF  and  sampling  frequencies  were  each  se¬ 
lected  with  the  nominal  value  of  33  to  (33.759  MHz). 

IMU  SUBSYSTEM 

A  representative  IMU  selected  for  the  GPS/I  unit  is  derived  from  the  Navy's  Standard 
Attitude  Heading  Reference  System  (SAHRS).  The  IMU  contains  two  dynamically  tuned  dual¬ 
axis  gyros  and  three  force  rebalanced  accelerometers.  The  electronics  provide  all  the 
control  and  interface  functions  needed  to  make  this  a  line  replaceable  module  within  the 
GPS/ I. 

Multiplexed  rebalance  capture  loops,  used  on  all  PPD  systems,  reduce  the  parts 
count.  The  gyro  rotor  deflection  angle  signals  from  the  gyro  pickoffs  are  demodulated, 
filtered,  frequency  compensated,  and  multiplexed  into  an  analog-to-digital  converter. 

The  output  is  processed  by  the  CPU  and  sets  the  switching  point  of  the  pulse-width-modu¬ 
lated  signals  that  drive  the  torquer  which  holds  the  gyro  at  null. 

The  gyro  channels  have  dual  rate  range  capability  to  accommodate  the  dynamic  inputs 
in  a  power-efficient  manner,  up  to  200  degrees  per  second  in  the  high  range. 

The  accelerometers  are  servo  force  rebalance  instruments,  providing  a  voltage  output 
proportional  to  acceleration.  This  signal  is  integrated,  compensated,  and  mutliplexed 
to  the  A/D  for  conversion  to  a  delta  velocity  digital  word.  The  integrator  is  nulled 
using  the  same  PWM  rebalance  technique  as  the  gyros - 

An  eight-channel  analog  multiplexer  sequentially  samples  the  seven  inertial  outputs 
and  uses  the  eighth  channel  to  sample  sensor  temperature  signals  on  a  submultiplex  ba¬ 
sis.  Each  inertial  channel  is  sampled  at  a  1-KHz  rate  by  a  microprocessor,  integral  to 
the  sensor  cluster.  Calibration  constants  for  the  IMU  are  determined  during  acceptance 
testing  from  a  series  of  static  and  dynamic  tests  at  different  temperatures,  and  pro¬ 
grammed  into  the  PROM.  These  coefficients  are  up-loaded  to  the  navigation  computer 
during  system  initialization.  The  calibration  data  stored  in  the  PROM  consists  of: 

1.  Gyro  bias,  scale  factor,  scale  factor  asymmetry/nonlinearity,  and  mass  unbalance 
with  associated  temperature  coefficients  per  sensor  channel  and  per  rate  range  (as 
required) . 

2.  Accelerometer  bias  and  scale  factor  with  temperature  coefficients  per  sensor  chan¬ 
nels. 

3.  Inertial  sensor  misalignment  matrix. 

The  navigation  computer  executes  data  compensation  algorithms  using  the  PROM  con¬ 
stants  to  effectively  eliminate  deterministic  errors  from  the  incremental  angle  and 
velocity  IMU  data. 

All  required  voltages  are  provided  by  the  internal  power  supply.  A  16.368-MHz  (16 
to)  signal  from  the  GPS  clock  generates  all  IMU  timing  and  control  signals  to  synchron¬ 
ize  the  data  signal  generation  between  the  IMU  and  the  GPS  subsystems.  The  timing/con¬ 
trol  function  is  contained  in  a  custom  integrated  circuit  used  in  SAHRS.  It  also  con¬ 
tains  the  BIT  functions  and  two  programmable  timers  that  provide  the  dynamically  tuned 
gyro  spin  motor  frequencies. 


COMPUTER  SUBSYSTEM 

The  GPS  and  NAV  computers  use  the  same  MIL-STD-1750A  architecture.  Each  processor 
is  coupled  with  its  own  64K  words  of  memory  and  input/output  devices  through  a  demulti¬ 
plexed  address/data  bus.  This  approach  readily  accommodates  a  range  of  device  inter¬ 
faces.  The  processors  are  data  coupled  through  a  RS-422  serial  link  and  time  synchro¬ 
nized  from  a  common  clock  in  the  GPS  Receiver. 

Nonvolatile  memory  (NVM)  for  critical  data  storage  during  power  off  is  provided  as 
required  by  the  system  application  and  need  only  be  available  to  the  NAV  processor. 
Satellite  almanac  and  other  available  initialization  data  are  supplied  to  the  GPS  pro¬ 
cessor  from  NVM  on  power-up. 

The  required  software  functions  have  been  partitioned  from  both  functional  and  pro¬ 
cessor-loading  aspects.  The  GPS  processor  provides  the  GPS  receiver  control,  satellite 
data-gatherlng  functions,  and  satellite  range  and  range-rate  measurements. 
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The  navigation  processor  implements  the  sttapdown  navigation  function,  Kalman  processing 
including  both  transfer  alignment  and  satellite  measurements,  the  host  vehicle  inter¬ 
face,  system  state  data  (position,  velocity,  attitude,  and  GPS  clock  offset)  to  aid  the 
GPS  receiver  processor  signal  acquisition  and  tracking.  Each  processor  uses  a  priority- 
based  multitasking  executive. 

GPS  PROCESSOR  SOFTWARE 

The  GPS  receiver  software  has  been  designed  to  take  full  advantage  of  the  facilities 
offered  by  the  digital  signal  processing  section  of  the  receiver  hardware  and  the  under¬ 
lying  philosophy  of  tight  GPS/1  integration.  The  primary  aim  of  the  receiver  software 
is  to  ceach  a  steady-state  sequencing  mode  of  operation,  generating  measurements  to 
allow  the  navigation  filter  to  estimate  GPS  clock  and  navigation  sensor  errors  and  bound 
the  navigation  solution. 

Satellite  Selection  -  The  satellite  selection  algorithms  are  implemented  using  math¬ 
ematical  set  theory,  allowing  easy  manipulation  and  formal  proof  techniques.  Processing 
time  is  minimized  by  using  the  volume  of  the  pentahedron  formed  by  four  satellites  and 
the  host  vehicle  as  a  first-order  approximation  to  geometric  dilution  of  position  (GDOP). 

Tracking  parameters  are  selected  using  a  nondeterminlstic,  decision-making,  finite- 
state  machine  (FSM) .  This  FSM  consists  of  seven  prioritized  states  shown  in  figure  6. 


Figure  6.  Acquisition  Management  Finite  State  Machine  State  Transition  Diagram 

Each  state  consists  of  a  set  of  substates.  Transition  from  one  state  to  another 
takes  place  whenever  predefined  entry  conditions  for  the  destination  state  are  satisfied 
by  the  current  environmental  descriptors.  On  entry  to  a  destination  state,  these  des¬ 
criptors  ate  further  analyzed  for  acceptance  by  one  of  the  state's  substates.  The  sub¬ 
state  descriptors  used  as  inputs  to  the  decision-making  process  include: 

Receiver  configuration  (code  generation  facilities,  encryption  capabilities) 

satellite  health,  elevation  angle  and  anti-spoof  status 

Time  alignment  status 

Availability  and  values  of  J/S  and  CNO  measurement. 

Availability  and  age  of  satellite  epheraeris  and  almanac  data 

Host  vehicle  position  and  velocity  error  estimates  (from  navigation  filter) 

Availability  and  age  of  pseudorange  and  delta-range  measurements 

Tracking  parameters  are  predefined  for  each  of  the  substates.  Therefore,  whenever 
an  acceptable  state  and  substate  pair  is  found,  an  associated  set  of  tracking  parameters 
is  made  available  to  the  prepositioning  and  tracking  loop  software  for  initiation  of  the 
next  dwell. 

satellite  Acquisition.  Based  on  available  data,  the  receiver  will  determine  the 
optimal  method  (sky-search,  C/A  search,  direct  P  acquisition)  to  acquire  satellites. 

If  the  receiver  does  not  have  satellite  almanac  data  and  approximate  time,  it  will 
execute  an  open-sky  search  (a  search  of  the  whole  C/A  epoch  and  all  possible  Doppler 
frequency  offsets)  for  each  of  the  18  satellites  until  one  is  acquired.  Almanac  data 
will  then  be  decoded  fcom  the  SO-Hz  data  stream  for  all  satellites.  Satellite  almanac 
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information  taken  in  this  Banner  Bay  take  up  to  12. 5  ainutes  to  collect,  but  is  then 
stored  peraanently  for  later  use.  This  data  will  be  valid  for  a  period  of  about  6 
months . 

If  alaanac  data  is  available  froa  a  prior  collection,  or  has  been  supplied  froa  a 
host  vehicle  at  turn-on,  a  C/A  acquisition  is  initiated,  which  requires  a  knowledge  of 
host  vehicle  (HV)  position  and  velocity  to  within  100  ka  and  70  a/s.  time  to  within  10 
ainutes,  and  the  alaanac  for  a  C/A  acquisition. 

The  timing  of  receiver  functions  with  respect  to  the  incoming  satellite  50-Hz  data 
subfraaes  is  shown  in  figure  7.  This  demonstrates  that  a  TTFF  {using  the  P-code  with 
ionospheric  corrections)  is  achievable  in  108  seconds,  worst  case,  nominally  only  82 
seconds. 
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Figure  7.  Fast  Data  Acquisition  Time  to  First  Fix  (TTFF) 

A  sequential  detection  algorithm.  Implemented  in  software,  is  used  for  locating  a 
C/A  signal. [9]  This  is  initialized  using  all  available  information  regarding  satellite 
Doppler  and  code  phase.  For  acquisition  of  the  first  satellite  prior  to  clock  setting, 
a  current  almanac  and  information  from  the  IMU  are  used  to  predict  the  satellite's 
Doppler  cell,  but  the  code  is  searched  over  its  entire  uncertainty  region.  For  subse¬ 
quent  satellites  following  clock  setting,  the  search  is  initialized  for  both  Doppler 
cell  and  anticipated  code-phase,  minimizing  search  time  for  these  satellites. 


The  detector  algorithm  measures  the  power  level  in  the  current  search  cell  during 
eight  l-millisecond  samples,  after  which  the  result  is  compared  with  an  adaptive  thresh¬ 
old  (set  in  accordance  with  current  jamming  level).  If,  at  the  end  of  any  dwell,  the 
power  is  below  the  threshold,  the  signal  is  assumed  absent  and  the  search  is  moved  to 
the  next  search  cell.  Code  cells  are  searched  at  a  relatively  high  rate  of  60  chips/ 
second,  facilitated  by  a  novel  parallel  search  technique,  giving  a  50-percent  increase 
in  search  rate  compared  with  conventional  sequential  techniques. 


After  locating  the  signal,  a  series  of  C/A  centering  procedures  is  followed  which 
require  about  two  seconds. 

carrier  Tracking.  During  state  5  tracking  of  p-code  (while  sequencing),  twenty 
1-aillisecond  samples  fcom  each  of  the  integration  channels  are  summed  within  the  pro¬ 
cessor  (over  one  period  of  a  nav  data  cycle  wnich  runs  at  50  Hz)  to  form  five  20-asec 
sample  values;  i.e.,  the  predetection  interval  (PDI)  is  20  msec.  Because  of  the  tight 
integration  of  IMU  data,  the  PDI  is  maintained  at  2C  asec  throughout  the  l-second  dwell 
on  any  given  satellite  during  state  5  tracking.  There  is  no  need  for  reduced  PDI,  which 
degrades  anti-jamming  margin,  during  the  early  portion  of  a  dwell,  as  with  some  designs 
not  specifically  intended  for  incorporation  of  inertial  inputs.  Lower  values  of  PDI  are 
used  during  initial  c/A  code  acquisition  (1  msec),  and  during  C/A  code  fast  data  colld  - 
tion  (6  msec). 


Code  Tracking.  For  state  5  GPS  operation,  a  noncoherent  first-order  E-L  code  track¬ 
ing  algorithm  is  used,  which  has  a  3-dB  advantage  in  SNR  compared  with  a  tau  dither 
tracker.  The  code  loop  is  continuously  frequency  aided  from  the  carrier  loop  or  the 
IMU,  so  chat  a  narrow-band  loop  may  be  used.  The  use  of  a  noncoherent,  rather  than 
coherent  algorithm,  accommodates  high  dynamics  applications  where  the  carrier  phase 
error  is  not  always  a  fraction  of  a  carrier  cycle. 

The  receiver  algorithm  operates  in  state  3  similar  to  that  for  state  5.  except  that 
the  code  error  is  not  applied  to  a  loop  filter,  but  is  averaged  over  the  period  of  a 
dwell,  linearized,  and  passed  to  the  navigation  processor  to  be  used  in  the  Kalman  fil¬ 
ter.  The  navigation  computer  returns  the  information  to  set  the  code  and  carrier  during 
the  next  dwell. 
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Sequential  Resvnchronization.  A  1-second  satellite  dwell  structure  is  used  during 
sequencing  in  state  5.  This  dwell  is  divided  into  the  subdwells  described  in  the  fol¬ 
lowing  sections.  The  predetection  interval  is  maintained  at  20  msec  throughout  the 
dwell,  thus  ensuring  naxinun  anti-jamming  capability. 

Subdwell  1.  This  20-msec  period  is  used  for  setting  up  the  CRPA  electronics  if  used 
for  the  new  satellite.  Attitude  information  is  conveyed  to  the  antenna  to  facilitate 
beam  pointing.  The  P-code  generator,  encryption  circuits,  and  sampler  are  also  initial¬ 
ized  during  this  period.  Code  phase  is  set  in  accordance  with  prepositioning  data  ob¬ 
tained  from  the  navigation  computer. 

Subdwell  2.  This  subdwell  is  used  for  initial  P-code  centering,  using  a  first-order 
noncoherent  code  loop  of  2.5-Hz  bandwidth.  The  carrier  loop  is  not  enabled  here.  The 
carrier  frequency  and  frequency  aiding  to  the  code  loop  are  therefore  slaved  to  the  1MU 
(velocity  and  acceleration)  during  this  period. 

Subdwell  3.  The  code  loop  will  now  have  acquired,  allowing  the  arc  tangent  carrier 
tracking  loop  to  be  enabled  (the  loss  in  its  threshold  at  the  beginning  of  this  subdwell 
is  <0.25  dB).  The  code  loop  is  run  with  a  1-Hz  bandwidth  and  the  carrier  loop  with  an  8 
Hz  bandwidth.  The  carrier  loop  is  acquisition  aided  with  both  velocity  and  acceleration 
from  the  1MU. 

Subdwell  4.  This  period  is  a  continuation  of  subdwell  3,  but  with  code  loop  band¬ 
width  reduced  to  0.5  Hz. 

Subdwell  5.  Collection  of  delta  range  information  from  the  carrier  loop  is  under¬ 
taken  during  this  period.  Range  data  is  collected  from  the  code  loop  throughout  dwells 
2  to  5. 

During  dwells  3  to  S.  the  50-baud  navigation  data  is  recovered,  using  differentially 
coherent  detection.  This  facilitates  data  recovery  over  a  larger  portion  of  the  dwell 
and  with  far  higher  dynamics  than  possible  with  coherent  data  demodulation. 

On  initial  entry  to  the  sequencing  mode,  C/A  measurements  are  available  for  the  four 
satellites  comprising  the  initial  constellation.  Acquisition  of  the  P-code  is  achieved 
using  these  measurements  together  with  the  receiver's  estimate  of  GPS  time.  Switching 
between  satellites  is  effected  by  a  combination  of  a  preload  of  the  P-code  generator  and 
either  accelerated  or  decelerated  generation  of  the  P-code  for  up  to  1  millisecond. 

When  the  receiver  has  collected  measurements  using  the  P-code  at  the  LI  frequency  for 
each  satellite,  a  set  of  measurements  at  the  L2  frequency  is  taken  for  the  purpose  of 
ionospheric  correction. 

During  the  first  two  to  three  minutes  of  sequencing,  measurements  of  pseudorange  and 
delta-range  are  used  by  the  Kalman  filter  to  calibrate  the  GPS  receiver  clock,  sensor, 
and  navigation  errors.  When  the  Kalman  filter  has  sufficiently  reduced  the  system  error 
estimate,  the  receiver  initiates  collection  of  the  50-Hz  satellite  navigation  data  for 
all  other  visible  satellites.  The  steady-state,  1-Hz  sequencing  is  interrupted  periodi¬ 
cally  by  two  submodes,  as  follows: 

1.  Acquisition  of  the  L2  frequency  for  ionospheric  correction  measurements  once  each 
minute  for  a  period  of  2  seconds.  The  single-channel  sequencing  receiver  cannot 
take  measurements  at  both  LI  and  L2  frequencies  simultaneously,  and  during  the  lag 
between  measurements,  the  hoot  vehicle  may  move.  A  2-second  dwell  is  used,  within 
which  a  measurement  at  the  L2  frequency  is  sandwiched  by  two  measurements  at  the  LI 
frequency.  An  L1/L2  measurement  is  then  derived  (aided  by  position  measurement  from 
the  Kalman  filter)  by  interpolation  of  the  two  outer  LI  measurements  to  the  time  of 
validity  of  the  L2  measurement. 

2.  Whenever  the  receiver  database  indicates  out-of-date  or  uncollected  ephemeris  data 
for  any  visible  satellite,  6-second  dwells  are  used  to  collect  satellite  navigation 
data.  The  frequency  of  this  operation  thus  depends  on  the  number  of  visible  satel¬ 
lites.  but  will  nominally  occur  in  bursts  of  three,  for  collection  of  each  of  the 
first  three  subframes  in  the  satellite  navigation  message  data,  with  a  frequency  of 
once  every  4  hours. 

For  direct  P-code  acquisition,  position  and  velocity  to  1  km  and  2  meters  per  sec¬ 
ond,  time  within  1  microsecond  and  ephemeris  data  is  required.  Figure  8  shows  that  a 
TTFF  direct  P-code  acquisition  can  be  accomplished  in  10  seconds. 
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NAVIGATION  PROCESSOR  SOFTWARE 

The  navigation  software  provides  the  functional  capability  summarized  by  the  follow¬ 
ing  major  application  tasks. 

1.  Compensate  IMU  gyro  and  accelerometer  data  using  calibrated  error  corrections. 

2.  Initialize  and  maintain  (100  Hz)  the  estimate  of  host  vehicle  position,  velocity, 
and  attitude. 

3.  Compute  measurements  (range,  range-rate)  performed  by  the  measurement  processing 
function  using  the  satellite  data  provided  by  the  GPS  receiver  processor  and  the  IMU 
navigation  state  estimate. 

4.  Estimate  system  errors  (position,  velocity,  attitude,  instrument  bias,  receiver 
clock)  provided  by  the  Kalman  filter  using  receiver  measurement  data  at  a  1-Hz  rate. 

\>.  Provide  receiver  aiding  data  (host  vehicle  position,  velocity,  attitude)  at  a  10-Hz 
rate. 

6.  Provide  interface  to  the  host  vehicle  data  bus.  This  function  controls  the  format¬ 
ting  and  transmission  of  required  output  data  in  addition  to  reception  and  deformat- 
tlng  of  commands  received  from  the  host  vehicle. 

7.  Continuously  monitor  the  system  and  processor  health  and  report  faults  as  detected. 

Navigation  Equations 


The  navigation  equations  continuously  estimate  the  host  vehicle  position,  velocity, 
and  attitude  by  processing  the  IMU  gyro  and  accelerometer  incremental  angle  and  velocity 
data  in  a  fourth-order  quaternion  S/D  algorithm.  The  navigation  computations  include 
compensation  for  calibrated  instrument  errors. 

The  data  flow  for  navigation  processing  (figure  9).  shows  the  raw  instrument  data 
accumulated  at  100  Hz  and  adjusted  for  calibrated  instrument  errors  and  known  correction 
terms.  The  vehicle  attitude  is  updated  at  a  100-Hz  rate  using  gyro-measured  body 
rates.  Vehicle  attitude  is  used  to  resolve  the  body-fixed  accelerometer  outputs  into 
the  wander  azimuth  navigation  frame  where  coriolis  corrections  are  applied  and  ground 
speed  is  calculated.  The  ground  speed  vector  is  used  to  compute  the  vehicle  navigation 
rate  relative  to  earth-fixed  axes.  The  vehicle  geodetic  latitude  and  longitude  ace  then 
computed  using  the  appropriate  elements  of  this  matrix. 
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Figure  9.  Navigation  Equations  Data  Flow  Diagram 

The  vertical  channel  mechanization  for  this  system  is  a  GPS-aided  mechanization 
shown  in  figure  10. 
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Figure  10.  vertical  Channel  Navigation 


12-10 


Kalman  Filter 

The  Kalman  filter  mechanization  chosen  for  this  system  is  a  17-state  upper  diagonal 
filter.  This  filter  has  computational  advantages  over  other  approaches  and  has  been 
successfully  demonstrated  to  provide  high  navigation  performance.  The  filter  includes: 


Error  States 


No.  of  states 


Latitude,  longitude,  altitude  3 
North,  east,  down  velocity  3 
Boll,  pitch,  heading  3 
Gyro  drift  bias  3 
Accelerometer  bias  3 
Clock  bias  1 
Clock  drift  1 


HOST  VEHICLE  I/O 


Data  transfers  with  the  host  vehicle  are  controlled  by  the  navigation  processor  and 
are  implemented  via  either  a  1553  I/O  or  an  RS422  Interface.  The  I/O  controller  is 
memory  mapped  to  the  navigation  processor.  Output  data  is  transmitted  synchronously 
with  the  strapdown  computations  to  minimize  any  output  data  latency.  Typical  output 
parameters  and  their  associated  rates  include: 

Rate 

_ Parameter _  (Hz ) 


Number 
of  Words 


Attitude  (roll,  pitch,  yaw)  100 
Body  rates  (roll,  pitch,  yaw)  100 
Acceleration  100 
Latitude,  longitude  25 
Altitude  (AGL  or  MSI,)  25 
Velocity  (N,  E,  D)  25 
Velocity  (ECEF)  25 
Position  (ECEP)  25 
Direction  cosine  (ECEF  to  body)  25 
Navigation  quality  25 
Unit  up  vector  (ECEF)  25 
Gravity  25 


3 

3 

3 

2 

1 

3 

3 

3 

9 

1 

3 

1 


The  host  vehicle  will  supply  initialization  data  to  the  navigation  processor  includ¬ 
ing  position,  velocity,  satellite  almanac  data,  GPS  time  of  week,  and  the  signal  encryp¬ 
tion  key. 

GPS/ I  EVALUATION 

The  architecture  described  above  has  been  fully  evaluated  and  tested  through  simula¬ 
tion,  laboratory  tests  and  dynamic  var.  and  flight  tests. 


Simulation  to  Verify  Performance 

A  comp.eheiisive  simulation  program  has  modelled  the  selected  receiver  architecture. 
A  primary  statistic  generated  by  this  model  is  the  SNR  produced  at  the  output  of  the 
integrators.  Sensitivities  of  this  statistic  to  the  receiver  front  end,  the  ADCs,  the 
sampling  strategy,  and  the  predetection  interval  have  been  investigated  for  a  range  of 
interference  scenarios.  Results  from  this  simulation  have  been  confirmed  by  laboratory 
measurements  on  the  prototype  P-oode  receiver. 

The  simulation  program  accurately  models  the  receiver  architecture  and  provides  the 
following  features: 

1.  signal  generation  and  filtering.  Signals  are  generated  to  mimic  the  BPSK  GPS  P  or 
C/A  code  signals,  including  accompanying  Doppler  c"'sets  and  50-baud  navigation  data. 
Thermal  noise  is  added  to  the  signal  to  provide  a  specified  CNO  as  measured  at  the  re¬ 
ceiver  antenna  input.  Both  signal  and  inter: erence  are  applied  to  a  digital  filter 
algorithm,  whose  shape  has  been  selected  as  characteristic  of  that  used  in  the  receiver 
front  end.  The  effect  of  the  AGC  circuit  on  the  composite  input  signals  is  included. 


2.  Quantization.  The  two-bit  ADC  is  accurately  modelled,  down  to  the  effects  of  imper¬ 
fections  such  as  threshold  asymmetries,  DC  biases,  and  hysterisis  effects.  The  adaptive 
threshold  is  controlled  using  a  representative  feedback  control  algorithm. 


3.  Sampling.  The  receiver's  sampler  is  accurately  represented,  with  the  effects  of 
sampling  jitter,  caused  by  finite  clocking  rates  ana  resolution  of  the  PPO  circuits,  and 
quadrature  timing  inaccuracies  between  the  in-phase  and  quadrature  clucks  (quadrature 
errors)  being  included. 


4.  Jammer  Types.  The  ability  to  represent  CW,  wideband  noise,  AM,  FM  and  pulsed  jam¬ 
mers  of  definable  J/S  value  is  included. 
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CW  Jamming  Simulation.  A  wide  range  of  jamming  strategies  was  evaluated  using  the 
model,  with  the  performance  of  the  ADC  highly  satisfactory.  These  results  have  also 
been  confirmed  experimentally.. 

Threshold  Adjust  Time-constant  Selection.  Correct  selection  of  the  natural  frequen¬ 
cy.  fl.  of  the  ADC  threshold  adjust  circuit  is  important. 

The  sampled  output  generated  by  each  ADC  will,  for  the  case  of  CH  jamming,  be  a 
sinusoid  at  the  difference  frequency,  fd,  between  the  jammer  and  the  GPS  carrier.  When 
fd  is  large  relative  to  fl,  the  adaptive  threshold  will  be  substantially  constant  and 
behavior  of  the  circuit  will  be  as  seen  in  preceding  sections.  When  fd  is  much  less 
than  fl,  .the  threshold  will  track  the  jammer  sinusoid  and  the  jammer  will  be  almost 
entirely  rejected.  However,  when  the  jammer  offset  is  close  to  fl.  the  threshold  will 
attempt  to  track  the  jammer,  but  with  a  phase  lag  and  attenuation  that  will  disturb  the 
normal  action  of  the  ADC.  To  circumvent  this  problem,  fl  should  be  selected  at  a  small 
enough  value  to  minimize  the  chance  of  the  jammer  offset  being  close  to  fl  for  any  sig¬ 
nificant  time  period.  A  value  of  fl  «  50Hz  satisfies  this  requirement. 

Simulations  have  been  performed  to  assess  the  effect  of  a  jammer  offset,  fd.  made 
equal  to  fl.  It  has,  however,  proven  practically  impossible  to  achieve  synchronism 
between  the  jammer  and  satellite  signals  long  enough  to  unlock  the  receiver  tracking 
loops,  even  when  the  J/S  is  close  to  the  receiver  thresholds.  The  task  would  be  even 
more  difficult  with  high  vehicle  dynamics.  In  view  of  these  considerations,  the  jammer 
will  achieve  no  benefit  in  trying  to  set  fl  ■  fd. 

Laboratory  Testing 

A  complete  prototype  version  of  the  P-code  receiver  has  been  constructed,  consisting 
of  nine  wlrewrap  cards  for  the  digital  processing  elements,  a  screened  module  housing 
the  BF  front  end,  and  an  HP1000  computer  used  as  the  GPS  processor.  This  breadboard  was 
used  to  prove  the  principles  of  the  design,  and  associated  software  algorithms,  prior  to 
fabrication  of  custom  LSI  circuits. 

The  receiver  prototype  has  been  used  to  determine  performance  with  a  variety  of 
jamming  signals,  while  tracking  either  simulated  or  real  satellites.  All  results  show 
good  correlation  between  measured  and  predicted  receiver  thresholds  for  continuous  (sin¬ 
gle-satellite)  state  5  operation.  Indistinguishable  results  have  been  obtained  while 
tracking  real  satellites  as  compared  with  using  simulated  satellite  signals. 

The  P-code  receiver  has  been  interfaced  with  a  prototype  antenna  electronics  unit 
and  various  jamming  sources  have  been  injected  at  the  antenna  to  verify  proper  operation 
of  both  the  antenna  electronics  and  the  GPS  receiver.  The  jamming  sources  included  CW, 
broadband,  sweep,  and  pulsed  CW,  injected  into  the  antenna  at  angles  of  30  and  60  de¬ 
grees  with  the  GPS  signal  injected  at  an  elevation  of  90  degrees.  During  the  testing, 
the  jamming  power  was  increased  until  the  receiver  lost  lock.  The  jamming  power  and  the 
signal  power  were  then  measured  to  determine  the  anti-jamming  capability. 

Test  results  with  a  single  jammer,  and  with  two  jammers  again  prove  that  the  antijam 
capability  of  the  receiver  and  CBPA  antenna  meets  predicted  levels. 

Dynamic  Testing 

An  anti-jam  dynamic  test  was  performed  on  the  breadboard  P-code  GPS  receiver  to 
verify  its  capability  to  resynchronize  to  the  GPS  signals  after  coming  out  of  a  jammed 
environment  and  having  a  position  and  velocity  uncertainty  due  to  IMU  error.  To  perform 
this  test,  the  velocity  aiding  normally  received  from  the  IMU  was  simulated.  To  fully 
simulate  this  aiding,  the  GPS  software  was  programmed  to  measure  pseudorange  and  delta 
pseudorange  from  an  acquired  satellite.  With  these  measurements,  the  GPS  processor  can 
now  predict  satellite  position  and  use  these  predictions  to  aid  the  receiver. 

To  simulate  the  uncertainty  in  the  IMU  due  to  a  period  of  free  inertial  navigation, 
an  error  of  90  aetets  in  position  and  2  meters/second  in  velocity  was  incorporated  into 
the  aiding.  To  perform  the  test,  a  CW  jamming  source  was  combined  with  the  GPS  signals 
and  the  jamming  signal  turned  up  until  the  receiver  lost  lock.  The  jamming  level  was 
then  reduced  to  the  jamming  threshold  of  the  receiver  and  the  time  required  to  cesyn- 
chronize  to  the  GPS  satellite  measured.  This  took  only  6  seconds.  This  type  of  test 
vecifies  the  capabillity  of  the  GPS  receiver  to  be  jammed  off  the  air  and  be  able  to 
resynchronize  to  the  GPS  signal  in  a  high  jamming  environment  with  the  uncertainties 
predicted  for  the  sensor  package. 

An  anti-jam  test  was  simulated  to  verify  the  increased  anti-jam  performance  achiev¬ 
able  from  velocity  aiding.  During  this  test,  a  CW  jamming  source  was  inserted  into  the 
front  end  of  the  GPS  receiver  and  the  jamming  level  attenuated  until  the  receiver  was 
able  to  lock  on  a  satellite  signal.  With  the  system  running  in  a  velocity-aided  mode, 
the  difference  between  the  two  levels  of  attenuation  represents  an  improvement  of  13  dB 
of  AJ  performance  with  velocity  aiding.  This  is  only  1  dB  less  than  the  fi'ure  often 
quoted  as  achieved  with  velocity-aided  P-code  receivers. 
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Acceleration  tests  were  simulated  to  demonstrate  and  verify  Increased  dynamic  capa¬ 
bility  achievable  with  an  Integrated  OPS/I  system.  To  perform  these  tests,  an  HP9836 
was  used  to  simulate  dynamics  Into  the  GPS/I  system.  The  HP9836  was  programmed  with  a 
flight  profile  which  was  used  to  drive  the  satellite  simulator  carrier  frequency  source 
from  an  HP3225A  signal  generator.  The  output  of  the  signal  generator  was  now  a  GPS 
signal  whose  carrier  frequency  was  Doppler  driven  by  the  flight  profile.  The  digital 
IMU  sensor  Inputs  were  also  driven  by  the  HP9836  in  place  of  the  actual  sensors.  With 
both  of  these  signals  simulated,  a  flight  profile  of  0  g,  followed  by  a  high-g  line-of- 
sight  acceleration,  and  terminated  with  a 0  g  profile  was  Input  to  the  GPS/I  unit.  In 
GPS-only  mode,  the  receiver,  because  of  large  loop  bandwldths,  was  able  to  maintain  lock 
with  accelerations  up  to  2.3  g.-  By  using  velocity  aiding,  the  dynamic  capability  of 
this  system  was  Increased  to  24  g. 

Van  Testing.  After  completion  of  lab  testing,  the  GPS/I  system  was  tested  In  a  van 
along  local  interstate  highways  and  in  downtown  Boston.  The1 purpose  of  these  tests  was 
to  evaluate  performance  with  accelerations  combined  with  angular  motion.  Pigure  11 
shows  plots  of  one  of  these  test  runs.  With  GPS  only,  perturbations  are  found  in  the 
plot.  These  perturbations  are  caused  by  the  affects  of  satellite  blockages  and  acceler¬ 
ation  changes  on  the  GPS  receiver.  Witu  the  GPS/I  system,  these  errors  are  removed.  A 
blockage  of  approximately  30  percent  was  encountered  during  this  test  run. 
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Figure  11.  Satellite  Heacquisition  After  Blockage 
FLIGHT  TESTING 

The  GPS/I  unit  was  installed  in  a  Navajo  airplane  and  flight  tested  by  comparing  the 
position  and  velocity  from  this  unit  to  that  obtained  by  a  single  channel  User  Equipment 
receiver  during  flight,  and  to  surveyed  checkpoints  on  the  ground.  A  baseline  set  of 
data  from  the  GPS/I  receiver  taken  prior  to  flight  on  the  ground  was  shown  to  have  an 
rms  variation  of  only  2.1  ft  and  0.3  fps.  The  latitude  and  longitude  from  the  receiver 
is  shown  lr  Figure  12  over  about  one  half  hour  of  flight.  The  GPS  antenna  was  connected 
after  the  plane  was  in  flight  and  lock-on  occurred  within  2  minutes.  Several  tests  were 
performed  with  the  antenna  disconnected  for  two  minutes  to  force  a  period  of  free-iner- 
tial  performance,  then  the  antenna  was  reconnected.  Recovery  of  the  signals  occurred 
within  10  seconds  and  the  position  error  correction  after  all  four  SVs  were  recovered 
was  about  10  ft.  Lock  was  easily  retained  during  the  2g  turn.  At  return  to  the  airport 
the  position  difference  compared  to  the  initial  values  was  20  feet. 

IMU  PERFORMANCE  OPTIONS 

After  loss  of  all  GPS  satellites,  navigation  error  growth  is  dominated  by  random 
gyro  drift  errors.  I igure  13  shows  free  inertial  position  error  growth  for  IMUs  having 
typical  error  characteristics  and  three  represesentative  random  gyro  drifts.  Selecting 
the  proper  y*rv,  for  integration  into  the  GPS/I  unit  depends  upon  requirements  for  ini¬ 
tial  GPS  acquisition,  reacquisition  after  GPS  signal  loss,  and  performance  at  the  end  of 
a  mission  when  very  near  a  high-power  jammer. 
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Figure  12.  GPS/I  Flight  Tests 
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Introduction 

As  requirements  for  Flight  Control,  Fire  Control,  Propulsion  Control  and  Navigation 
Systems  are  developed  for  future  fighter  aircraft,  reliability,  maintainability,  avail¬ 
ability,  redundancy,  and  survivability  become  key  issues.  These  systems  require  depend¬ 
able  and  accurate  sources  of  inertial  measurement  data.  The  Multifunction  Flight  Control 
Reference  System  (MFCRS)  was  developed  to  demonstrate  the  use  of  a  minimum  number  of 
inertial  sensors  in  a  survivable  configuration  to  provide  inertial  data  for  flight 
control,  navigation,  weapon  delivery,  cockpit  displays,  and  sensor  stabilization. 

The  MFCRS  Program  used  two  extensively  modified  Ring  Laser  Gyro  (RLG)  navigation 
units,  developed  originally  for  the  AV-8B  aircraft  by  Honeywell  Inc.,  to  perform  the 
flight  control  reference  and  navigation  functions  on  board  an  F-15  fighter  aircraft. 
These  two  motion  reference  units  (MRU's)  were  separated  by  nine  feet  in  the  aircraft  to 
provide  survivability  and  skewed  to  provide  redundant  inertial  information.  This  chapter 
will  give  an  overview  of  the  various  stages  of  development  that  have  been  completed  on 
this  program,  the  lessons  learned  to  date,  and  what  is  planned  for  the  future.  The 
following  paragraphs  give  a  summary  of  the  items  to  be  covered. 

Evaluation  of  MFCRS  performance  and  suitability  for  installation  in  the  F-J  5 
required  an  extensive  laboratory  test  and  integration  effort  at  McDonnell  Aircraft  Co. 
(MCAIR)  in  st.  Louis,  MO  between  May  and  December  1983.  The  evaluation  was  primarily 
performed  in  the  MCAIR  Navigation  Systems  Laboratory,  with  the  system  being  inter¬ 
connected  to  the  F-15  flight  control  system  in  the  MCAIR  Flight  Control  Laboratory  during 
the  integration  portion  of  the  testing.  The  laboratory  testing  was  undertaken  to 
evaluate  performance  at  the  system  level  and  evaluate  flight  control  outputs,  redundancy 
management,  electronic  MRU  to  MRU  alignment,  reaction  time,  navigation  performance, 
performance  under  vibration,  temperature,  EMI  environments,  and  operation  when  integrated 
with  the  F-15  Flight  control  System.  The  main  objective  of  this  testing  was  to  determine 
the  suitability  of  this  system  for  installation  and  flight  test  in  the  F-15. 

Following  the  MFCRS  laboratory  evaluation  a  ground  structural  mode  interaction  test 
and  a  two  phase  flight  test  program  was  performed.  The  objective  of  the  first  flight 
test  phase  was  to  verify  MFCRS  air  worthiness,  to  compare  and  evaluate  MFCRS  flying 
qualities  with  the  flying  qualities  of  the  basic  F-15,  to  verify  proper  MFCRS  redundancy 
management  operation,  and  to  verify  that  the  MFCRS  sensors  were  of  navigation  quality. 
The  phase  one  flight  testing  conducted  during  February  1984  evaluated  the  MFCRS 
redundancy  management  operation,  revealed  a  low  damping  problem  in  the  MFCRS  Control 
System  response  at  medium  to  high  dynamic  pressure  flight  conditions,  and  verified  the 
nav'gation  accuracy  of  the  normal  and  skewed  sensors.  When  the  MFCRS  low  damping  problem 
appeared  it  became  necessary  to  account  for  the  differences  between  expected  and  actual 
system  performance.  The  low  damping  analysis  identified  the  problems  to  be  time  delays 
present  in  the  system.  The  second  phase  of  the  flight  test  program  was  conducted  in  July 
1984  with  time  delays  reduced  within  the  capability  of  the  system.  The  details  and 
results  of  both  phases  of  the  flight  test  program,  together  with  the  causes  of  the  low 
damping  problem  will  be  discussed  in  the  chapter. 


Subsequent  to  the  successful  completion  of  the  phase  two  flight  test  evaluation, 
changes  to  the  MFCRS  hardware  and  software  structure,  which  would  improve  system  perform¬ 
ance  and  expand  the  MFCRS  flight  envelope,  were  identified.  These  changes  were  designed 
and  evaluated  as  part  of  the  "Enhanced  MFCRS"  ( EMFCRS)  study  which  began  in  the  fall  of 
1984.  The  EMFCRS  Program  involved  the  development,  implementation,  and  laboratory 
evaluation  of  the  necessary  hardware  and  software  changes  to  expand  the  MFCRS  flight 
envelope.  Following  the  laboratory  evaluation  additional  flight  testing  was  planned  for 
the  fall  of  1986  to  verify  that  the  EMFCRS  configuration  would  result  in  level  1  handling 
qualities  in  both  supersonic  and  subsonic  flight  was  well  as  in  tracking  of  target 
aircraft.  Unfortunately,  during  ground  testing  prior  to  flight,  a  22  hz  structural  mode 
interaction  was  found  in  the  control  system  pitch  channel.  This  mode  was  unexpected  as 
it  had  not  been  observed  previously  and  was  not  in  the  available  structural  model.  The 
system  changes  developed  during  the  EMFCRS  studios,  the  laboratory  test  results,  and  the 
aircraft  testing  will  be  discussed,  as  well  as  the  follow  on  development  of  multifunction 
systems  now  in  process  under  the  name  of  Ada  Based  Integrated  Controls  System  (ABICS) 


Phase  III. 


Background 


Current  operational  fighter  aircraft  contain  several  sets  of  inertial  sensing 
equipment  including  Inertial  Navigation  Systems  (INS),  Attitude  and  Heading  Reference 
Systems  (AHRS),  Flight  Control  Gyros  and  Accelerometers,  and  Fire  Control  Lead  Computing 
Gvros,  each  of  which  is  dedicated  to,  and  optimized  for,  a  specific  application. 
Possible  improvements  in  cost,  weight,  size,  reliability,  and  maintainability  as  a  result 
of  combining  some  of  these  sensor  sets  were  studied  under  the  Multifunction  Inertial 
Reference  Assembly  (MIRA)  program  which  was  jointly  sponsored  by  Air  Force  Wright 
Aeronautical  Laboratories  Flight  Dynamics  Lab  ( AFWAL/FI )  and  Avionics  Lab  ( AFWAL/AA) . 


Ada  is  a  registered  trademark  of  the  U.S.  Government  (Ada  Joint  Program  Office). 
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The  AFWAL  Flight  Dynamics  Laboratory  subsequently  sponsored  the  Multifunction  Flight 
control  Reference  system  (MFCRS)  program  to  develop  and  flight  demonstrate  the  flight 
control  aspects  of  MIRA  using  strapped  down  inertial  quality  sensors  as  a  systems 
reference  for  an  advanced  flight  control  system  operating  in  a  dynamic  fighter  aircraft. 

The  key  technical  areas  investigated  during  the  MFCRS  program  were: 

o  The  suitability  of  navigation  quality  ring  laser  gyros  and  accelerometers,  in  a 
strapped  down  configuration,  for  use  as  flight  control  reference  sensors. 

o  Control  law  compensation  for  clustered  sensors  (gyros  and  accelerometers)  and 
location  effects. 

o  Redundancy  management  techniques  associated  with  skewed  and  dispersed  sensor 
clusters.  “  ~  . . 

General  System  Description 

The  MRCRS  equipment  consisted  of  two  modified  AV-8B  H421  Laser  Inertial  Navigation 
Systems  (LINS),  and  one  Test  Management  Panel  (TMP) .  The  modified  AV-8B  LINS  unit  is 
called  a  Motion  Reference  Unit  (MRU)  in  the  MFCRS  program.  This  equipment  provides  dual 
navigation  outputs  as  well  as  navigation  grade  sensor  outputs  for  use  in  the  F-15  flight 
control  system.  Figure  1  depicts  the  MFCRS  equipment  and  its  signal  interfaces.  The 
actual  hardware  is  shown  in  Figure  2. 


Out  -  Instrumentation  Data  . . 


Figure  1.  MFCRS  Equipment 


Figure  2.  MFCRS  Units 


The  MFCRS  equipment  was  physically  located  in  the  F-15  aircraft  as  depicted  in 
Figure  3.  MRU-A  was  installed  in  the  forwatd  nose  section,  MRU-B  was  installed  in  the 
No.  5  equipment  bay  and  the  TMP  was  installed  in  the  upper  right  corner  of  the  main 
instrument  panel. 


Figure  3.  MFCRS  Equipment  Location 


For  survivability  the  sensor  packages  of  this  type  of  system  would  be  separated  m 
the  aircraft.  Previous  studies  have  shown  that  this  separation  should  be  about  30 
inches.  Due  to  limited  locations  in  the  F-15  test  airplane  large  enough  to  accommodate 
the  MRUs,  it  was  necessary  to  separate  them  by  9  feet.  The  forward  sensor  package  is 
aligned  with  the  aircraft  body  axes.  The  aft  sensor  package  is  skewed  60°  about  the  cone 
axis  of  the  MRU-A  sensor.  Figure  4  shows  the  equipment  installed  in  the  test  aircraft. 

The  size,  weight,  and  power  of  the  MFCRS  equipment  is  shown  in  TABLE  1. 


Figure  4A.  MFCRS  and  ATIS  installation  in  F-15 


QWOtU-M-R 


OPMtSSM 


Figure  4B.  MRU-B  Skewed  Installation  in  the  F-15 
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Figure  4C.  MFCRS  Test  Management  Panel  Installation  in  the  F-15 


TABLE  1.  MFCRS  EQUIPMENT  SIZE,  WEIGHT  AND  POWER 


Unit 

Size 

Weight 

Power 

(in.) 

Ob) 

(watts) 

MRU-A,  -B 

7.6  H  x  14  Lx  11  W 

49 

120 

TMP 

5.3  H  x  15.5  L  x  6  W 

16 

32 

GP;J0214  ■> 
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The  MRU  contains  modifications  to:  1)  permit  digital  data  to  be  interchanged  with 
both  the  other  MRU  and  the  TMP,  2)  synchronize  the  digital  processing  in  both  MRUs,  and 
3)  permit  digital  data  to  be  interchanged  with  the  F-15  mission  computer  via  the  H009 
data  bus. 

The  TMP  was  a  new  design  specifically  for  MFCRS.  It  contains  electronics  to: 
1)  permit  exchange  of  digital  data  with  both  MRUs,  2)  provide  an  interface  with  the  pilot 
for  mode  control,  in-flight  fault  simulation,  and  status  annunciation,  3)  provide  backup 
battery  to  power  the  MFCRS  during  momentary  aircraft  power  interrupt,  and  4)  convert 
aircraft  flight  control  signals  from  digital  to  analog  form.  The  front  panel  of  the  TMP 
is  shown  in  Figure  5. 


CM3  042*33 


Figure  5.  Test  Management  Panel  (TMP) 


The  TMP  flight  control  outputs  consist  of  400  Hz  AC  roll,  yaw,  and  pitch  rate 
outputs  and  DC  level  lateral  and  normal  acceleration.  There  is  also  a  26V,  400  Hz  Rate 
Gyro  connector  interlock  signal  which  is  serially  disconnected  when  a  fault  condition 
occurs  to  switch  over  to  the  standard  sensors.: 

A  functional  block  diagram  of  the  F-15  flight  control  system  using  MFCRS  sensors  is 
shown  in  Figure  6.-  The  orientation  of  the  MFCRS  sensors  with  respect  to  the  aircraft 
axes  is  illustrated  in  Figure  7. 

MFCRS  Control  System 


i _ 


Accettvt'p* 


Figure  6.  MFCRS  Control  System 

The  F-15  flight  control  system  is  an  analog  fixed  gain  dual  channel  control  augmen¬ 
tation  system  (CAS)  with  a  mechanical  control  system  operating  in  parallel.  The  elements 
of  this  control  system  were  not  modified  in  the  MFCRS  studies;  the  structural  mode  and 
moment  arm  compensation  required  for  MFCRS  are  added  to  the  sensor  feedback  path., . 
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Figure  7,  MFCRS  Sensor  Axis  System  Orientation 


The  MFCPS  control  system  was  designed  to  maintain  basic  F-15  stability  and  perform¬ 
ance  characteristics  when  integrated  with  an  unmodified  F-15  control  augmentation  system 
(CAS).  Integration  with  the  existing  CAS  made  it  necessary  to  design  the  MFCRS  struc¬ 
tural  mode  compensation  around  the  compensation  in  the  CAS,  and  required  that  the  compen¬ 
sation  needed  to  offset  MFCRS  system  lags  (sensor  and  computational)  be  located  in  the 
control  system  feedback  paths.;  This  approach  proved  to  be  one  of  the  shortcomings  that 
hampered  control  system  design.; 

Several  factors  in  addition  co  the  design  of  the  existing  CAS,  the  military  speci¬ 
fications  applicable  to  the  F-15/MFCRS  and  pilot  evaluation  during  the  manned  simulation 
were  considered  in  the  design  of  the  MFCRS  flight  control  system.  These  factors  are: 

1)  Unique  sensor  characteristics  (such  as  mechanically  dithered  ring  laser  gyros) 

2)  System  lags  resulting  from  digital  computations,  A/D-D/A  conversions,  and  network 
compensation 

3)  Variations  in  aircraft  structural  mode  frequencies  with  flight  condition  and 
stores  configuration 

4)  Sensor  location  effects  (moment  arm  corrections) 

5)  Sensor  assembly  separatio" 

The  Redundancy  Management  (RM)  System  developed  for  MFCRS  provides  fail-op,  fail-op, 
fail-safe  capability  for  the  inertial  sensors  and  dual  redundancy  for  the  remainder  of 
the  system  including  the  F-15  Control  Augmentation  System  (CAS).-  The  MFCRS  redundancy 
management  system  operates  to  provide  the  best  three  gyro  and  accelerometer  outputs  to 
the  F-15  flight  control  system.  For  MFCRS  using  six  sensors,  three  at  a  time,  the 
redundancy  management  system  selects  the  best  sensor  triad  from  among  the  20  possible 
triad  combinations.;  The  F-15  CAS  contains  cross-channel  monitoring  circuitry  which  will 
cause  reversion  to  the  mechanical  cack-up  system  if  differences  between  the  twe  input 
channels  exceed  acceptable  levels.  Dual  channel  isolation  and  monitoring  consistent  with 
prudent  design  practices  were  incorporated  in  the  MFCRS  design. 

The  forward  MRU  (MRU- A)  was  installed  in  the  nose  section  of  the  F-15  and  aligned 
with  the  aircraft  pitch,  roll,  and  yaw  axes.  The  aft  MRU  (MRU-B)  was  installed  approxi¬ 
mately  nine  feet  aft  of  MRU-A  in  a  skewed  position  such  that  its  sensor  triad  was  rotated 
60*  about  the  cone  axis  of  the  MRU-A  sensor  triad.  The  resulting  sensor  geometry  is 
shown  in  Figure  8  and  is  defined  by: 
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Figure  8.  Sensor  Axis  Orientation 


The  MFCRS  installation  is  considered  characteristic  of  a  "worst  case"  installation 
from  the  standpoint  of  sensor  location  and  separation.;  The  development  of  effective 
sensor  compensation  and  redundancy  management  algorithms  for  such  an  installation  was 
essential  in  order  to  demonstrate  the  suitability  of  strapped-down  inertial  sensors  for 
use  as  flight  control  feedback  sensors. 

There  are  a  large  number  of  redundancy  management  approaches  discussed  in  current 
literature.  The  approaches  include  use  of  parity  equations,  observers,  analytic  redun¬ 
dancy,  Kalman  filters,  and  generalized  likelihood  tests.  Unfortunately,  required 
numerical  accuracies  and  execution  times  preclude  the  use  of  some  of  these  algorithms  in 
a  real-time  system  implemented  in  a  small  on-board  computer,  especially  when  other 
functions  must  be  performed.  The  Multifunction  Flight  Control  Reference  System  (MFCRS) 
contains  four  processors  with  each  MRU  having  a  complete  set  of  flight  control,  naviga¬ 
tion,  and  redundancy  management  algorithms  in  one  processor  and  a  second  processor 
performing  the  filtering  of  the  gyro  dither  noise.  The  candidate  offering  the  simplest 
implementation,  fastest  execution  and  smallest  memory  requirement  if  redundancy  manage¬ 
ment  with  parity  equations  in  conjunction  with  a  look  up  table.; 

The  number  of  parity  equations  available  for  use  by  the  redundancy  management  logic 
is  equal  to  the  number  of  combinations  of  N  sensors  when  taken  four  at  a  time.  This  is 
expressed  by: 


(N,R) 


N ! 

R! (N-R) ! 


where:  R  =  number  of  sensors  used  in  each  parity  equation  (4) 
N  =  number  of  sensors  ava: lable 

The  complete  MFCRS  parity  equation  set  is: 
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where:  A  «  2^5  and 
B 

The  sensor  compensation  techniques  developed  to  reduce  sensor  errors  caused  by 
sensor  misalignments,  bias,  static  bending,  dither  noise,  and  moment  arm  effects  are 
discussed  below: 

o  Sensor  Misalignments 


The  precision  to  which  the  MRUs  are  installed  relative  to  the  aircraft  body  axes 
and  to  each  other  impacts  both  output  accuracies  and  the  performance  of  the  MFCRS 
redundancy  management  logic.: 

Differences  between  theoretical  and  actual  sensor  orientations  will  result  m 
errors  in  the  MFCRS  flight  control  outputs.  The  misalignment  errors  that  show  up 
in  the  MFCRS  redundancy  management  logic  after  the  sensor  data  has  been  compared 
are  caused  by  relative  misalignments  between  the  MRUs.  Because  redundancy 
management  decisions  are  based  on  the  magnitude  of  sensor  differences,  errors  due 
to  relative  sensor  misalignments  will  reduce  the  sensitivity  of  the  logic  by 
requiring  higher  decision  thresholds  during  dynamic  flight.  Three  steps  are 
t<_'  en  for  MFCRS  to  insure  that  sensor  misalignment  errors  are  kept  acceptably 
small. 

First,  the  MFCRS  MRUs  are  modified  AV-88  inertial  navigation  units.  Very  tight 
tolerances  are  maintained  during  the  AV-8B  manufacturing  process  for  sensor-to- 
sensor  alignments  within  the  orthogonal  sensor  cluster  in  each  MRU  and  for  the 
alignment  of  the  sensor  cluster  to  the  MRU  chassis.: 

The  second  step  involves  the  accurate  installation  of  the  MRUs  in  the  test 
aircraft.  The  installation  location  and  normal  orientation  of  the  forward  MRU 
(MRU- A)  allows  the  use  of  mechanical  boresighting  techniques.-  The  location  and 
skewed  orientation  of  the  aft  MRU  (MRU-B)  does  not  allow  the  use  of  conventional 
boresighting  techniques  to  obtain  a  precision  installation.- 

The  limited  MRU  to  MRU  sensor  alignment  accuracies  achievable  in  the  MFCRS 
installation  by  physical  alignment  techniques  did  not  support  the  development  of 
an  effective  and  efficient  redundancy  management  approach.-  The  need  to  improve 
these  accuracies  led  to  the  development  of  a  significant  new  technique  for  MFCRS, 
electronic  alignment.; 

The  third  step,  electronic  alignment  of  the  MFCRS  installation,  is  accomplished 
by  using  the  navigation  capability  of  each  MRU,  after  the  MRUs  have  been 
installed  in  the  test  aircraft.  The  electronic  alignment  process  will  be  per¬ 
formed  only  once  during  the  MFCRS  program  with  the  results  being  stored  in 
nonvolatile  memory  in  each  MRU. 

To  perform  the  electronic  alignment  the  system  is  turned  on  in  align  and  allowed 
to  thermally  stabilize.  Multiple  alignments  are  then  performed.  The  aircraft  is 
then  rotated  180  degrees  in  heading  and  additional  alignments  are  performed.- 
From  these  alignments  a  resultant  transformation  (T)  matrix  is  obtained  which 
accurately  specifies  the  orientation  of  MRU -A  and  MRU-B  to  each  other. 

o  Parity  Equation  Bias  Removal 

Sensor  bias  errors  are  linearly  ornbmed  in  the  MFCRS  parity  equations  and  appear 
as  bias  errors  in  the  parity  equation  outputs.  A  parity  equation  bias  removal 
routine  was  developed  to  eliminate  steady  state  sensor  errors  from  the  MFCRS 
parity  equations.;  The  values  of  the  parity  equations  are  determined  under  static 
conditions  during  system  initialization  and  used  as  parity  equation  bias  terms. 
In  addition  to  these  initial  bias  terms,  correction  terms  are  also  determined 
during  nonmaneuvering  flight  conditions  to  account  for  any  changes  in  bias  as  a 
function  of  time.;  The  bias  removal  terms  are  added  to  the  parity  equations  each 
time  they  are  computed,  effectively  cancelling  any  steady  state  bias. 

o  Static  Bending  Misalignments 

Sensor  misalignment  errors  that  are  caused  by  aircraft  static  bending  become 
significant  only  during  maneuvering  flight  -  r.c  the  aircraft  sti'uCtuiv  fluxes.- 
Since  pilot  sensitivity  to  sensor  switching  transients  is  reduced  due  to 
increased  aircraft  structural  background  noise  during  maneuvering  flight,  it  was 
possible  to  effectively  mask  structural  bending  misalignment  errors  from  the 
redundancy  management  logic  by  the  use  of  scheduled  fault  detection  and  sensor 
selection  thresholds  (trip  levels). 

o  Dither  Noise 


The  Ring  Laser  Gyros  used  in  the  MFCRS  are  dithered  to  prevent  "lock  in"  at  low 
angular  inputs.;  This  dither  signal  is  aliased  into  the  lhz  to  25hz  range  and 


appears  on  both  the  accelerometer  and  gyro  outputs  as  noise.  To  suppress  this 
noise  a  -60db  digital  notch  prefilter  at  the  dither  frequencies  was  placed  in  the 
gyro  path  and  a  third  order  analog  lag  prefilter  was  placed  in  the  accelerometer 
path.-  A  0.1  second  lag  filter  was  also  used  to  meet  F-1S  control  signal  output 
noise  specifications.; 

o  Moment  Arm  Effects 


Since  the  two  MRUs  were  separated  by  nine  feet  the  sensed  acceleration  at  MRU -A 
is  not  the  same  as  the  acceleration  at  MRU-B.  In  order  to  compare  the  outputs 
for  redundancy  management  the  MRU-A  ar.d  MRU-B  accelerations  are  compensated  to 
the  production  F-15  flight  control  sensor  location  for  redundancy  management  and 
to  maintain  F-15  handling  qualities. 

o  Redundancy  Management 

The  method  used  in  the  MFCRS  to  select  the  sensors  to  be  used  to  provide  the 
flight  control  outputs  was  a  table  lookup.-  The  table  look-up  logic  computes  sets 
of  parity  equations  (selected  as  a  function  of  the  sensor  failure  status)  and 
compares  the  value  of  ..he  parity  equations  to  two  trip  levels,  one  for  sensor 
selection  and  one  for  fault  detection  and  isolation.-  Precomputed  redundancy 
management  decisions  are  obtained  from  stored  tables  using  table  pointers 
generated  by  the  parity  equation/trip  level  comparisons. 

Salient  features  of  this  approach  include: 

o  Minimum  processor  utilization  (RM  decisions  are  computed  off-line  and  stored  in 
look-up  tables). 

o  Ability  to  deal  with  dual,  simultaneous  features. 

o  Noise  immunity  (via  use  of  trip  levels). 

o  Flexibility  (look-up  tables  and  trip  levels  are  easily  adjusted).- 

o  Two  level  operation  -  acceptable  sensitivity  without  false  alarms.. 

o  Decisions  based  on  status  of  all  parity  equations  computed. 

Real-time  operation  of  the  redundancy  management  logic  developed  for  MFCRS  is  shown 
in  Figure  9< 
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Figure  9.  MFCRS  Redundancy  Management  Logic 

Simplified  Block  Diagram 


Sensor  selection  decisions  are  made  every  sample  period  (0.02  seconds),  with  all 
valid  sensors  being  considered.  Fault  detection  and  isolation  decisions  are  based  on 
information  obtained  over  several  sample  periods.  Once  a  sensor  failure  has  been 
isolated,  the  faulty  sensor  is  removed  from  further  consideration  by  the  redundancy 
management  logic. 

In  addition  to  the  flight  control  functions  described  the  MFCRS  also  mechanized  full 
navigation  capability  in  both  MRUs.-  The  normal  navigation  outputs  of  position,  velocity, 
and  attitude  are  supplied  from  each  MRU.  These  signals  were  not  displayed  in  the  air¬ 
craft  but  were  recorded  on  instrumentation  so  that  navigation  performance  could  be 
determined  for  each  flight.  The  navigation  output  accuracy  goals  are  shown  in  TABLE  2. 
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TABLE  2.  MFCRS  NAVIGATION  OUTPUT  ACCURACY  GOALS 


P  rameter 

MRU- A 

MRU-B 

ftangt 

Units 

North  and  East  Velocity 

1200 

1800 

±3,200 

ft/sec 

North  and  East  Acceleration 

300 

300 

±322 

ft/sec2 

Inertial  Altitude 

50  00 

50  00 

-1,000 

+  55,000 

ft 

Vertical  Velocity 

600 

900 

±1,500 

ft/sec 

Vertical  Acceleration 

300 

300 

1 322 

ft/sec2 

True  Heading 

0  22 

0  32 

±  180 

deg 

Pitch  and  Roll  Attitude 

0  15 

0  20 

±90/ ±180 

deg 

Present  Position 

100 

300 

Note  1 

NM/hr  (CEP) 

Note  I  Latitude  ±90*.  longitude  1 180* 


Laboratory  Evaluation 


In  order  to  evaluate  MFCRS  performance  and  suitability  for  installation  in  the  F-15 
an  extensive  laboratory  test  and  integration  effort  was  undertaken  at  McDonnell  Aircraft 
Co.  (MCAIR)  in  St.  Louis,  MO.  The  evaluation  was  primarily  performed  in  the  MCAIR 
Navigation  Systems  Laboratory,  with  the  system  being  interconnected  to  the  F-15  flight 
control  system  in  the  MCAIR  Flight  Control  Laboratory  during  the  integration  portion  of 
the  testing. 

The  objective  of  the  testing  was  to  evaluate  performance  at  the  system  level  and 
evaluate  the  following: 

o  Flight  control  outputs 

-  Steady  state  rate  outputs 

-  Sinusoidal  rate  outputs 

-  Acceleration  outputs 

o  Built  in  test 

o  Electronic  MRU  to  mru  alignment 

o  TMP  operation 

o  Operation  with  scorsby  notion  aj 

o  Operation  of  Sensor  Switching  Unit 

o  Performance  under  vibration,  temperature  and  EMI  environments 

o  Power  Consumption 

o  Operation  when  integrated  with  the  F-15  Flight  Control  System 
System  Testing 


o  Redundancy  management 

-  Static  conditions 

-  Dynamic  conditions 


o  System  interface  with  the  H009  bus 
o  Reaction  Time 
o  Navigation  performance 


pplied 


An  extensive  amount  of  system  and  integration  testing  was  performed  on  the  MFCRS  in 
the  Navigation  Systems  Laboratory  of  MCAIR  in  St.  Louis,  MO  between  May  and  December 
1983.  Figure  10  shows  the  MFCRS  MRUs  mounted  on  the  two-axis  GOERZ  table  in  the  MCAIR 
avionics  laboratory.  The  main  objective  of  this  testing  was  to  determine  the  suitability 
of  this  system  for  subsequent  installation  and  flight  test  in  the  F-15.:  The  following 
tests  were  performed: 

o  ELECTRONIC  ALIGNMENT 

o  INTEGRATION  TESTS 

O  STATIC  SYSTEM  NOISE  TESTS 

During  the  first  flight  control  integration  test  with  actuators,  it  became 
apparent  that  the  noise  specification  tolerances,  20mv  for  accels  and  65mv  total 
for  rates,  were  not  correct.  Even  though  the  MFCRS  output  noise  levels  were  less 
than  or  equal  to  •-he  standard  flight  control  sensors,  MFCRS  outputs  caused 
noticeable  movements  on  the  actuators  due  to  the  low  frequency  spectrum  in  these 
outputs.  We  found  that  noise  levels  as  low  as  2  milli-volts  in  the  actuator 
bandwidth  could  cause  actuator  motion. 
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Figure  10.  MFCRS  Mounted  on  Two-Axis  Goerz  Table  in 
Yaw  Configuration 

Several  ideas  were  discussed  and  investigated  on  how  to  reduce  the  noise  levels. 
It  was  decided  that  the  noise  levels  would  have  to  be  reduced  low  enough  to  cause 
less  than  0.2“  actuator  movement.  A  combination  of  rescaling  the  accelerometer 
outputs  and  modifying  the  redundancy  management  look  up  tables  was  used  to  reduce 
actuator  motion  to  within  acceptable  limits. 

o  REDUNDANCY  MANAGEMENT  TESTING 

During  these  tests  the  Flight  Control  Actuators  were  monitored  on  recorders  as 
well  as  visually. 

The  results  of  these  tests  did  show  transients  and  actuator  motion  when  changing 
sensors  but  all  of  these  transients  were  low  enough  as  not  to  affect  the  flight 
control  system  operation. 

o  SINUSOIDAL  (GAIN  AND  PHASE)  RATE  TESTS 

o  SCORSBY  TESTING 


Laboratory  Test  Conclusions 

o  One  of  the  lessons  learned  is  that  for  flight  control,  the  sensor  noise  tolerance 
should  be  specified  as  a  function  of  frequency  and  not  just  as  a  peak  to  peak 
amplitude.: 

o  Unique  laboratory  testing  techniques  were  developed  for  the  MFCRS  testing  such  as 
the  MFCRS  fixture  to  hold  both  measurement  reference  units  in  relative  orienta¬ 
tion  to  each  other.  This  fixture  proved  to  be  invaluable  during  rate  testing, 
system  calibration,  attitude  testing,  redundancy  management  tests  and  sinusoidal 
response  tests. 

o  The  concept  and  procedure  for  electronic  alignment,  which  uses  the  navigation 
alignment  capability  of  MRUs  to  determine  their  orientation  relative  to  each 
other  was  proven  to  be  more  accurate  than  anticipated. 

o  The  navigation  accuracy  of  both  the  conventionally  mounted  MRU  and  skewed  MRU 
exceeded  the  current  F-15  requirement. 

o  Integrated  systems  such  as  MFCRS  require  that  systems  such  as  flight  control, 
navigation,  and  aircraft  central  computer  be  integrated  together  in  order  to 
effectively  evaluate  overall  system  performance. 

o  Sinusoidal  rate  testing  is  a  very  effective  method  for  quickly  showing  up  timing 
problems  that  may  exist  when  using  combinations  of  sensors  from  different  boxes. 
This  testing  is  essential  in  all  axes  with  systems  such  as  MFCRS. 

o  Sinusoidal  rate  testing  is  also  a  necessary  test  in  order  to  verify  the  gain  and 
phase  margin  specifications  of  the  flight  control  outputs. 
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o  The  extensive  integration  testing  with  MFCRS  and  the  flight  control  system  with 
the  aircraft  rudder  and  horizontal  stabilator  actuators  revealed  problems  which 
would  otherwise  have  been  very  difficult  to  see.-  In  addition  this  overall 
integration  testing  proved  that  in  an  open  loop  sense  rhe  MFCRS  could  provide  the 
rate  and  acceleration  signals  needed  by  the  flight  control  system  in  the  F-15 
aircraft.- 


Flight  Testing 

Following  the  laboratory  evaluation  the  MFCP.S  was  installed  in  an  F-15  aircraft  and 
a  structural  mode  interaction  test  and  flight  tent  program  were  undertaken.-  This  testing 
was  performed  between  December  1983  ar.d  July  1984.  The  actual  flight  testing  was  con¬ 
ducted  in  two  phases  with  Phase  1  in  February  1984  and  Phase  2  in  July  1984.  Between 
February  and  July  the  results  of  the  Phase  1  flight  test  were  evaluated,  system  changes 
made,  and  additional  laboratory  testing  performed  to  prepare  for  Pnase  2  of  the  flight 
test  program.;  These  phases  will  be  individually  discussed  in  the  following  sections. 

PHASE  1  PLIGHT  TEST 

The  specific  objectives  and  success  criteria  for  the  Phase  1  flight  test  program 

were: 

Flight  Test  Objectives 

a)  To  verify  MFCRS  Airworthiness. 

b)  To  compare  and  evaluate  aircraft  flying  qualities  using  MFCRS  feedback  sensors 
with  the  flying  qualities  of  the  basic  F-15. 

c)  To  evaluate  the  MFRCS  at  representative  flight  conditions  for  susceptibility  to 
false  alarms .- 

d)  To  verify  proper  MFCRS  redundancy  management  operation. 

e)  To  verify  that  the  MFCRS  sensors  are  navigation  quality. 

Flight  Test  Success  Criteria 

a)  MFCRS  operates  safely  -  no  unacceptable  system  transients  or  aircraft  anomalies 
system  transients  or  aircraft  anomalies  occur. 

b)  MFCRS  operation  does  not  degrade  aircraft  stability  and  control,  changes  in 
aircraft  handling  characteristics  are  not  apparent  to  the  pilot.- 

c)  MFCRS  is  not  susceptible  to  false  alarms  as  a  result  of  variations  in  flight 
condition  or  sensor  configurations. 

d)  Faulty  sensors  are  identified  and  removed  from  the  system.  Sensor 
switching/reconfiguration  transients  are  acceptably  small. 

e)  Terminal  position  and  velocity  accuracies  are  equal  to  or  better  than  the  basic 
F-15  INS  specification  for  MRU- A  and  MRU-8.- 

Following  a  functional  check  flight  in  St.  Louis  the  test  aircraft  aircraft  was 
ferried  to  Edwards  AFB  to  begin  the  MFCRS  AFFTC/MCAIR  flight  test.  The  first  airworthi¬ 
ness  flight  at  Edwards  was  flown  with  MFCRS  generating  flight  control  and  navigation 
outputs  for  real  time  and  post  flight  analysis,  but  with  standard  sensors  providing 
flight  control  information  to  the  CAS.  The  next  two  airworthiness  flights  were  flown 
with  successful  MFCRS  engagement.  During  the  next  two  flights  system  damping  was  found 
to  be  unacceptable  for  closed-loop  tasks  at  medium  to  high  dynamic  pressure  flight 
conditions,  and  further  flying  quality  evaluations  were  suspended,  a  redundancy  manage¬ 
ment  flight  and  a  structural  mode  flight  to  gather  data  for  troubleshooting  of  the 
damping  problem  were  flown  before  the  MFCRS  components  were  removed  from  the  aircraft  on 
1  March  1984.; 

MFCRS  AIRWORTHINESS  -  The  primary  objective  of  the  initial  MFCRS  flights  was  to  verify 
MFCRS  airworthiness.  MFCRS  sensor  engagements/disengagements,  small  amplitude  maneuvers 
(stick  raps  and  rudder  kicks),  rolling  pull-ups,  and  frequency  sweeps  were  performed  to 
test  for  MFCRS  induced  aircraft  transients,  structural  oscillations,  or  other  aonormal 
aircraft  responses.  The  MFCRS  was  evaluated  through  real  time  monitoring  of  safety-of- 
f light  measurands..  as  well  »=  post  flight  analysis  of  on-boaiu  data  and  pilot  comments.. 

Unacceptable  damping  was  noted  following  small  amplitude  maneuvers  and  frequency 
sweeps  in  all  three  control  axes  with  MFCRS  sensors  engaged  at  the  highest  q  conditions 
tested  (0.9  Mach/15K  Ft,  0.9  Mach/7. 5K  Ft).  Noticeably  degraded  damping  was  observed  at 
more  moderate  q  flight  conditions  (0.6  Mach/15K  Ft).  Also,  during  Flight  5  a  pass 
through  turbulent  air  during  lg  flight  at  0.85  Mach/7. 5K  Ft  with  MFCRS  sensors  engaged 
resulted  in  increasing  aircraft  oscillations  to  the  point  where  the  pilot  disengaged 
MFCRS  with  the  control  stick  disengage  switch.  The  aircraft  stabilized  upon  MFCRS 
disengagement  and  automatic  CAS  reengagement. 
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No  objectionable  aircraft  transients  or  other  unusual  behavior  were  observed  at  all 
test  points  during  MFCRS  lg  sensor  engagements,  lg  to  3g  sensor  disengagements,  and 
rolling  pull-up  maneuvers.  Unexpected  triad  switching  was  noted  in  very  benign  flight 
conditions  during  Flight  4,  but  was  corrected  on  subsequent  flights  by  raising  sensor 
select  trip  levels  through  an  EPROM  change.- 

MFCRS  FLYING  QUALITIES  -  Aircraft  flying  qualities  with  MFCRS  sensors  engaged  were 
evaluated  in  conjunction  with  airworthiness  testing.-  Large  Amplitude  Maneuvers  (LAM's) 
(barrel  rolls,  loops,  cloverleafs)  were  performed  in  addition  to  airworthiness  maneuvers 
to  qualitatively  evaluate  aircraft  stability/control  and  handling  characteristics.  MFCRS 
triads  456,  123,  134  and  246  were  tested. 

As  mentioned,  aircraft  damping  was  unacceptable  with  MFCRS  sensors  engaged  at  the 
highest  q  flight  conditions  tested.  However,  aircraft  flying  qualities  with  MFCRS 
sensors  were  satisfactory  at  relatively  low  0  conditions  (0.6  Mach/30K  Ft)  and  during 
large  amplitude  maneuvers  with  slow,  smooth  control  inputs.  No  observable  difference  in 
aircraft  response  was  noted  between  any  of  the  four  triads  tested. 

FALSE  ALARMS  -  MFCRS  susceptibility  to  false  alarms  was  monitored  during  all  MFCRS 
flights.-  False  alarms  are  indications  on  the  TMP  that  a  MFCRS  sensor  had  malfunctioned 
or  failed,  when  in  fact  it  has  nct.- 

A  total  of  five  false  alarms  were  observed  on  the  TMP  during  the  first  seven 
flights.  Each  was  cleared  with  the  TMP  CLR  (Clear)  pushbutton.-  The  number  of  strikes 
required  for  fault  detection  were  increased  to  5  for  the  first  two  failures  and  3  for  the 
third  failure.;  There  were  no  more  false  alarms  after  this  change. 

REDUNDANCY  MANAGEMENT  -  Flight  6  was  dedicated  to  verification  of  proper  MFCRS  redundancy 
management  operation.  Redundancy  management  refers  to  the  ability  of  MFCRS  to  assimilate 
redundant  flight  control  information,  detect  sensor  malfunctions  or  failures,  and  recon¬ 
figure  to  the  best  available  triad.  Redundancy  management  testing  during  flight  6 
consisted  of  inputting  three  sequences  of  five  simulated  sensor  faults  of  four  types 
(hardover,  null,  bias,  and  scale  factor)  to  MFCRS.  Faults  were  inserted  with  MFCRS 
engaged  to  the  flight  control  system  during  straight/level,  rolling  pull-up,  and 
single-axis  maneuvers  at  0.8  Mach/30K  Ft,-  Frequency  sweeps  about  all  three  axes  were 
also  performed  after  fault  insertion.-  MFCRS  was  then  monitored  for  proper  fault  detec¬ 
tion,  triad  reconfiguration,  CAS  disengages,  and  aircraft  transients. 

All  simulated  sensor  faults  were  correctly  detected  by  the  system,  and  there  were  no 
false  alarm  faults  detected  using  the  revised  fault  detection  criteria.;  Mild  aircraft 
transients  were  noted  after  insertion  of  faults  A2  (acceleration  hardover)  and  G5  (gyro 
bias).  CAS  disengages  were  also  noted  in  conjunction  with  automatic  MFCRS  disengagement 
after  insertion  of  the  fifth  fault.- 

SENSOR  RECONFIGURATION  TRANSIENTS  -  When  the  MFCRS  redundancy  management  logic  changes 
the  triads  for  generating  the  flight  control  outputs  and  the  system  swit-hes,  a  step 
change  will  occur  in  the  MFCRS  flight  control  outputs  which  will  be  equal  to  the 
difference  between  the  output  solutions  using  the  old  and  new  triads.- 

Normally  occurring  sensor  differences  during  static  flight  were  expected  to  be  small 
and  reconfiguration  should  not  result  in  detectable  transients.  However,  sensor  switch¬ 
ing  transients  are  likely  to  be  larger  during  maneuvering  flight  due  to  aircraft  dynamic 
bending  effects. 

As  the  aircraft  bends  during  maneuvering  flight,  the  sensoi  cluster  in  one  MRU  is 
tipped  relative  to  the  cluster  in  the  other.  This  tipping  causes  the  relative  alignment 
of  the  sensors  to  change,  resulting  in  difference  in  the  MFCRS  outputs  (pitch  rate,  roll 
rate,  yaw  rate.,  normal  acceleration  and  lateral  acceleration)  as  a  function  of  which 
sensor  triads  are  selected  for  use  in  generating  the  flight  control  outputs.; 

The  magnitude  of  sensor  switching  transients  caused  by  static  bending  is  a  function 
of.  (1)  the  maneuver,  (2)  the  triad  selected  prior  to  sensor  switching,  and  (3)  the 
triad  selected  after  sensor  switching.  Figure  13  summarizes  the  results  of  a  simulation 
study  conducted  to  determine  the  relationship  between  static  bending  and  sensor  switching 
transients.  The  misalignment  signals  (6's)  developed  during  the  simulated  maneuver  are 
shown  in  each  axis  for  all  combinations  of  sensors.  The  transitions  between  sensor 
criads  that  will  be  detern.xi  ed  by  finding  the  two  sensor  triads  m  whose  6's  differ  the 
least.  Likewise,  the  worst  case  transients  will  occur  when  switching  between  sensor 
triads  whose  6's  differ  the  most.  Sensor  switching  transients  were  evaluated  in-flight 
on  an  axis-by-axis  basis  for  a  variety  of  pitch,  roll  and  yaw  maneuvers. 

NAVIGATION  -  MFCRS  navigation  data  was  recorded  from  the  NCI  following  all  flights 
lexcept  teny),  and  also  following  a  pilot  proficiency  flight.  MFCRS  retains  its 
original  function  of  generating  navigation  information,  but  standard  F15  INS  (ASN109) 
navigation  outputs  are  used  by  aircraft  systems  for  navigation  purposes.;  The  sole 
navigation  objective  of  the  MFCRS  flight  test  program  was  to  verify  navigation  quality  of 
MFCRS  sensors  by  acquiring  MRU-A  and  MRU-B  terminal  position  and  velocity  accuracies 
equal  to  or  better  than  basic  F-15  INS  specification.. 
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Two  MFCRS  alignment  options  were  available:  an  automatic  4  min  30  sec  alignment  or 
an  extended,  manually  controlled  alignment  can  be  selected.  The  automatic  4  min  30  sec 
alignment  was  used  on  flights  6,  7,  shakedown,  and  pilot  proficiency.  A  manually  con¬ 
trolled  alignment  of  approximately  9  min  30  sec  was  used  on  all  other  flights.; 

Valid  navigation  data  was  obtained  on  all  flights,  with  possibly  two  exceptions. 
The  nav  data  obtained  from  MRU-A  following  flight  6  contained  large  latitude  and  velocity 
errors.  This  was  attributed  to  an  invalid  present  position  used  by  MRU-A  during  align¬ 
ment.  possibly  related  to  difficulties  which  arose  during  initial  system  turn-on.-  (The 
BEST  DATA  switch  on  the  NCI  was  incorrectly  set  to  M3  instead  of  B  for  initial  MFCRS 
turn-on  attempts.)  Also,  following  the  proficiency  flight  a  large  north/south  (N/S) 
velocity  was  reported  for  MRU-A.  This  reported  N/S  velocity,  without  accompanying 
latitude,  longitude,  or  East/West  (E/W)  velocity  errors,  was  considered  unlikely  and  this 
discrepancy  was  attributed  to  an  incorrect  octal  number  recorded  from  the  NCI  register 
after  flight.  (MFCRS  Navigation  data  was  displayed  in  octal  on  the  NCI.) 

Terminal  position  and  velocity  errors  for  MRU-A,  and  MRt'-B  were  all  better  than 
basic  F-15  INS  specifications  as  shown  by  the  position  aru  velocity  eiror  plots  m 
Figures  11  and  12  respectively. 


Figure  11..  MFCRS  Navigation  Terminal  Position  Error 
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Figure  12.  MFCRS  Navigation  Velocity  Error 
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Conclusions  From  Phase  1  Flight  Tests 

Based  on  the  results  of  the  seven  Phase  1  flights  the  following  conclusions  were 
obtained: 

-  Aircraft  flying  qualities  with_  MFCRS  sensors  engaged  were  satisfactory  at  rela¬ 

tively  low  dynamic  pressure  (q)  conditions  (e.g.,  0.6  Mach/30K  Ft).-  However, 
aircraft  damping  with  MFCRS  sensors  engaged  at  relatively  high  Q  subsonic  flight 
conditions  (e.g.,  0.9  Mach  15K  Ft)  was  unacceptable  following  small  aircraft 

perturbations. 

-  Acceptable  aircraft  behavior  was  noted  following  large  amplitude  maneuvers  or 
rolling  pull-ups  with  MFCRS  sensors  engaged,  or  following  lg  to  3g  MFCRS  sensor 
disengagements  at  nil  conditions  tested.; 

-  MFCRS  false  alarm  sensor  faults  observed  during  the  first  seven  flights  were 
eliminated  by  modification  of  the  fault  detection  criteria.; 

-  There  were  no  MFCRS  hardware  failures  during  flight  tests.; 

-  MFCRS  redundancy  management  logic  properly  detected  simulated  sensor  faults.- 

-  MFCRS  generated  valid  navigation  data  that  was  better  than  the  basic  F-15  INS 
specif  ications.- 

Post  Phase  1  Investigations 


When  the  MFCRS  low-damping  problem  appeared  in  the  initial  flight  test  results  it 
became  necessary  to  account  for  the  differences  between  expected  and  actual  system 
performance.  A  concerted  effort  was  started  to  determine  if  any  of  the  system  components 
had  been  inaccurately  modeled. 

In  order  to  isolate  the  problem  area  the  components  of  the  MFCRS  and  F-15  control 
system  were  divided  into  the  categories  shown  in  Figure  13.;  These  categories  were. 

-  Sensor  components  and  switching  unit  -  MFCRS  and  F-15 

-  F-15  CAS  and  Series  Servo  -  From  sensor  output  to  series-servo  output 

-  Actuator  dynamics  -  rudder,  stabilaror 

-  Airframe  Equations  of  Motion  -  rigid  and  elastic  body.. 


Figure  13.  Low-Damping  Problem  Investigation 


Sensor  Analysis  -  Ground  tests  were  conducted  to  assure  that  the  expected  magnitude,  time 
delay,  and  polarity  of  the  MFCRS  signals  out  of  the  TMP  were  obtained.  In  these  tests 
continuous  recordings  were  made  of  each  of  the  five  f  lig- 1  control  inputs  to  the  CAS 
while  the  operator  switched  back-and-forth  between  MFCRS  and  STD.  During  this  switching 
process  the  aircraft  was  manually  moved  in  a  fashion  that  provided  sinusoidal  outputs  of 
pitch,  yaw  and  roll.  The  results  verified  that  the  polarity  of  the  MFCRS  outputs  were 
the  same  as  production.  Analysis  of  the  strip  charts  also  indicated  that  the  gain  and 
time  delays  obtained  for  the  MFCRS  and  production  sensors  agreed  closely  with  the 
analytic  model. 
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Sensor  gain  and  phase  data  for  different  input  frequencies  were  obtained  from  10° 
peak-to-peak  rate  table  tests  in  the  lab  at  St.  Louis  prior  to  the  initial  flight  tests. 
The  test  results  were  in  good  agreement  with  the  analytic  model.  After  the  initial 
fights  (where  the  low  damping  in  yaw  was  discovered),  these  rate  table  tests  were 
repeated  at  EAFB  using  0.25°  to  1.0“  peak-to-peak  inputs.  At  this  time  the  measurements 
indicated  the  yaw  rate  gain  to  be  higher  than  expected  at  the  1  to  2  Hz  input  frequen¬ 
cies.  This  increase  in  the  yaw  rate  gain  was  considered  a  contributor  to  the  low-damping 
response  experienced  in  the  yaw  axis. 

CAS  Plus  series  Servo  Analysis  -  Frequency  response  tests  were  performed  in  the  MCAIR 
flight  control  laboratory  on  an  F-15  Control  Augmentation  System  including  Series  Servo 
(and  excluding  the  actuator  dynamics).  The  tests  were  performed  to  determine  the 
accuracy  of  the  "CAS  plus  Series  Servo"  model  used  in  MFCRS  analytical  studies.  Small 
amplitude  outputs  (gain  and  phase)  were  varied  from  0.2  to  10  H2.  The  results  indicated 
excellent  correlation  between  the  lab  data  and  the  model  except  at  the  gain  margin 
frequency  of  2.1  Hz  for  the  lateral  axis.  For  this  condition  the  rudder  servo  output  in 
the  lab  was  1.3  dB  higher  than  the  model  for  a  yaw  rate  input  and  0.8  dB  higher  than  the 
model  for  a  lateral  acceleration  input.  These  results  are  such  that  they  would  contri¬ 
bute  to  a  reduction  in  the  damping  for  the  yaw  axis.; 

A  test  procedure  defining  tests  to  obtain  frequency  response  data  on  the  stabilator 
and  rudder  actuators  was  prepared  and  coordinated  with  AFFTC.  These  tests  which  were 
performed  at  Edwards  Air  Force  Base  (EAFB)  applied  sinusoidal  commands  at  the  pitch  CAS 
input  and  measured  the  amplitude  and  phase  characteristics  of  the  unloaded  actuator 
output  motion  at  different  frequencies.  The  tests  were  then  repeated  with  the  yaw  CAS 
and  rudder  actuator.  The  results  were  analyzed  and  compared  with  similar  data  generated 
for  the  F-15  CAS,  series  servo,  and  actuator  components  of  the  analytical  model,  and  with 
lab  tests  performed  earlier  at  MCAIR. 

The  resultant  data  showed  that  the  measured  system  gains  at  the  critical  gain  margin 
frequency  are  generally  higher  by  1  to  2  db  than  the  model  gain.  This  higher  gain  is 
considered  a  potential  contributor  to  the  low  damping  observed  in  flight.  The  measured 
gains,  however,  closely  match  the  gains  of  the  model  at  the  phase  margin  frequency  thus 
the  gain  difference  is  due  to  more  than  just  a  scaling  offset. 

Rudder  Actuator  Analysis  -  A  review  of  the  rudder  actuator  receiving  inspection  frequency 
response  data  Indicated  the  presence  of  nonlinear  characteristics  for  small  amplitude 
inputs.  The  model  used  in  the  MFCRS  analysis  was  more  characteristic  of  the  rudder 
response  at  large  amplitudes.  The  data  showed  an  appreciable  increase  in  phase  lag  is 
present  at  lower  rudder-actuator  input  amplitudes.  This  increased  lag  was  also  con¬ 
sidered  a  contributor  to  the  low-damping  problem  experienced  in  yaw., 

Stabilator  Actuator  Analysis  -  After  the  Phase  I  flights,  ground  test  frequency  response 
data  was  obtained  to  evaluate  the  stabilator  actuator  dynamics.  A  review  of  this  data 
did  not  reveal  a  significant  difference  between  it  and  the  actuator  model  dynamics  used 
in  the  MFCRS  analysis.  However,  data  obtained  from  an  earlier  F-15  Gust  Alleviation 
Study  (GAS)  which  performed  an  inflight  frequency  response  on  the  stabilator  actuators 
did  show  the  presence  of  considerably  more  phase  lag  (at  frequencies  above  1  Hz)  than 
obtained  from  the  ground  tests.-  These  differences  are  attributed  to  the  aerodynamic 
loading  present  on  the  actuator  inflight.  This  was  verified  by  a  review  of  the  actuator 
acceptance  test  results  which  showed  increased  lag  when  under  load.  A  new  stabilator 
actuator  model  was  developed  which  more  closely  approximated  the  nonlinear  actuator 
dynamics.  When  this  model  was  incorporated  into  the  analysis  the  pitch  axis  damping  was 
more  representative  of  that  experienced  in  flight .- 

Airframe  Dynamics  -  The  airframe  equations  of  motion  used  in  the  MFCRS  analysis  consist 
of  three  degree  of  freedom  representations  for  the  longitudinal  and  lateral-direction-.,, 
rigid  body  dynamics.  Additional  degrees  of  freedom  were  included  for  the  following 
structural  modes;  firs-  and  second  fuselage  lateral  bending,  and  first  torsional  bending, 
when  the  MFCRS  low  damping  problem  was  uncovered  ir  the  initial  flight  tests,  "he 
approach  and  data  used  for  the  rigid/elastic  body  airframe  representations  were  reviewed. 
It  was  determined  that  the  aero  data  used  in  the  MFCRS  studies  was  consistent  in  detail, 
complexity  and  applicability  for  use  in  control  system  analysis  of  the  MFCRS  type, 

summarizing  the  above  shows  the  following  factors  to  have  been  the  significant 
contributors  to  the  low  damping  problem: 

-  Inflight  stabilator  actuator  response  had  more  gain  and  more  lag  than  the  model 
used  in  the  MFCRS  analytical  model.  This  was  verified  by  comparing  the  results 
from  GAS  flight  tests  (using  modified  actuators)  and  further  tests  on  the  F15 
with  Standard  actuators. 

-  Low  amplitude  rudder  actuator  response  had  more  gain  and  more  lag  than  the  MFCRS 
model.  This  was  verified  by  the  results  obtained  during  ground  tests  of  the 
rudder  actuator  conducted  on  the  aircraft. 

-  Yaw  rate  feed  back  output  was  higher  than  desired  value  (when  rate  was  changing). 
This  was  verified  by  conducting  laboratory  calibration  tests  on  the  hardware. 
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-  MFCRS  pitch  rote  and  yaw  rate  sensor  outputs  were  significantly  higher  than 
production  sensor  outputs  during  pilot  controlled  frequency  sweeps  (especially  in 
the  3-4  H2  range).  This  was  verified  by  analysis  of  flight  test  results  obtained 
during  the  MFCRS  flights. 

When  the  effects  of  these  contributing  factors  were  incorporated  in  the  MFCRS 
.nalytical  model  the  system  compensation  requirements  were  reevaluated.-  The  analysis 
indicated  that  a  TMP  EPROM  change  could  provide  a  significant  improvement  in  the  MFCRS 
yaw-axis  damping  and  an  improvement  in  pitch-axis  damping.  The  following  changes  were 
implemented: 

o  Yaw  Axis  -  revise  the  Gain  Scheduler  Module 

-  revise  the  scale  factor  of  yaw-rate  signal 

-  add  another  5dB  lead- lag  to  yaw  rate 

o  Pitch  Axis  -  revise  the  Gain  scheduler  Module 

-  replace  twin-staggered  notch  with  a  dual-notch  configuration 

-  delete  15dB  notch  for  normal  acceleration 

These  performance  improvements  formed  the  basis  for  continuing  the  flight  test 
evaluation  of  the  MFCRS  control  system. 

Phase  II  Flight  Test 

The  specific  objectives  and  success  criteria  for  Phase  II  of  the  MFCRS  Flight  Test 
Program  were: 

Flight  Test  Objectives 

a)  To  verify  that  modified  MFCRS  is  airworthy.: 

b)  Validate  analytical  design  methods.: 

c)  To  better  define  aircraft  static  bending  characteristics.  Validate  bending 
model.: 

d)  Tc  verify  adequacy  of  moment-arm  compensation. 

Flight  Test  Success  Criteria 

a)  Positive  damping  in  all  three  axes.  No  uncommanded  motions  occur. 

b)  Flight  test  results  approximate  the  nominal  performance  predicted  for  modified 
MFCRS. 

c)  Flight  test  data  shows  expected  bending  amplitudes  (inches  /G)  during  LAM.; 

d)  MFCRS  damping  does  not  change  when  sensor  trad  6123  is  used  in  lieu  of  6456. 

Prior  to  the  MFCRS  Phase  II  Flight  Test  evaluation  several  tests  were  conducted  in 
the  MCAIR  lab  facilities  at  EAFB  to  verify  the  following  TMP  EPROM  changes: 

-  Addition  of  a  second  lead-lag  filter  and  15%  gain  reduction  with  respect  to  (WRT) 
nominal  gain  in  the  yaw-rate  path. 

-  Modification  of  the  3  Hz  and  14  Hz  structural  filters  in  the  pitch-rate  path., 

-  Expanding  the  gam  scheduling  function. 

The  tests  included:  1)  providing  sinusoidal  rate  excitation  to  the  system  and 
monitoring  corresponding  rate  outputs  to  verify  proper  operation  and  2)  spot  checking  the 
gain  scheduler  function  at  eight  selected  points  (endpoints,  center  points  and  outside 
points)  and  comparing  gain  factor  values  to  mathematically  computed  ones.  The  test 
results  indicated  the  equipment  was  ready  for  installation  in  the  test  aircraft.. 

Functional  ground  tests  were  also  performed  on  the  test  aircraft  with  MFCRS 
installed  to  verify  proper  system  operation.  The  basic  MFCRS  operations,  such  as,  align 
mode,  fault  mode,  fault  initiate,  sensor  selection  and  rapid  disconnect  were  exercised. 
In  addition,  special  TM?  EPROMs  were  used  to  verify  proper  fault  annunciations  and 
corresponding  surface  movements  upon  fault  insertions.-  A  normal  flight  control  check  was 
made  in  both  STD  (Standard  F-15  CAS  sensors  engaged)  and  MFC  (“FCPS  sensors  c-uyayed; 
modes  to  iiiuiu  proper  aircraft  operation..  Proper  system  operation  was  verified  by  these 
tests.- 

A  second  Structural  Mode  Integration  (SMI)  test  was  performed  on  the  MFCRS  equipment 
installed  in  the  test  aircraft  at  Edwards  AFB  in  June  1984.-  This  test  was  conducted  to 
verify  that  structural  motion  pickup  in  the  MFCRS  sensor  outputs  would  not  affect  the 
operation  of  the  MFCRS/CAS  control  system.  The  test  consisted  of  the  excitation  of  the 
stabilator  and  rudder  control  surfaces  with  a  slowly  varying  sinusoidal  command  over  the 
frequency  range  of  0  to  25  Hz.  The  test  evaluated  the  system  characteristics  using 
standard  CAS  sensors  and  MFCRS  sensors  from  MRU-A  (Triad  123),  MRU-3  (Triad  456)  and  for 
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a  combination  of  MRU-A  and  MRU-B  (Triad  246)  outputs.  The  test  results  showed  that  the 
standard  and  MFCRS  sensor  configurations  did  not  sustain  or  reinforce  any  structural  mode 
oscillation.  With  these  favorable  SMI  results,  the  go-ahead  was  given  for  the  Phase  II 
flight  test  evaluation. 

The  MFCRS  test  aircraft  was  flown  twice  in  July  1984  to  evaluate  the  Phase  II  system 
modifications.  In  these  flights  the  pilot  exercised  both  the  MFCRS  and  STD  F-1S  control 
system  with  small  amplitude  maneuvers  (.oops,  rolling  pullups),  and  sinusoidal  frequency 
sweeps.  These  inputs  were  applied  systei .atically  at  altitudes  of  7500,  15000,  and  30000 
feet  and  Mach  No's  ranging  from  0.6  to  0.3. 

The  MFCRS  flying  qualities  based  on  pilot  comments  showed  that  satisfactory  aircraft 
damping  was  obtained  with  the  MFCRS  control  system  for  small  amplitude  maneuvers  at  all 
flight  conditions  evaluated  except  at  0.9  Mach  at  7500  feet  and  15000  feet.  At  these 
conditions  a  noticeable  degradation  in  aircraft  damping  was  noted.  The  lower  damping  at 
these  two  high  dynamic  pressure  flight  conditions  was  predicted. 

A  commentary  on  the  similarities  and  differences  observed  between  the  response  of 
the  MFCRS  and  STD  F-15  control  systems  is  presented  in  Figure  14.  This  commentary  is 
based  on  the  performance  observed  from  the  strip  chart  data  obtained  during  the  Phase  II 
flights.  A  comparison  of  this  data  with  the  corresponding  data  obtained  in  the  initial 
flight  tests  shows  the  considerable  improvement  in  performance  achieved  with  the  MFCRS 
Phase  II  configuration. 


The  greatest  improvement  in  system  performance  in  Phase  II  was  observed  in  the 
yaw-axis  response  to  a  rudder  kick.  The  data  shows  the  MFCRS  and  STD  F-15  yaw  response 
to  be  nearly  identical  at  all  of  the  test  conditions  flown.  This  is  in  contrast  to  the 
responses  obtained  in  the  February  tests.  The  improvement  in  the  MFCRS  yaw-axis  perform¬ 
ance  is  attributed  to  the  added  yaw-rate  lead-lag  filter  and  the  revised  gain  scheduler. 
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Considerable  improvement  was  observed  in  the  MFCRS  pitch-axis  response  over  that 
obtained  in  the  J nitial  tests.  Even  at  the  high  Q  flight  condition  (.9  Mach  at  7500  ft), 
where  the  MFCRS  gain  margin  is  low  due  to  restrictions  placed  on  the  gain  scheduler,  to 
minimize  switching  transients,  the  system  exhibited  better  performance  than  was  obtained 
in  the  initial  tests.  The  MFCRS  roil  axis  response  for  the  small  amplitude  inputs  is 
shown  to  be  essentially  the  same  as  the  STD  F-15  roll  response.  This  was  also  the  case 
in  the  February  flight  tests.  No  changes  were  made  to  the  MFCRS  Phase  II  roll  control 
system. 

Conclusions  from  Phase  II  Flight  Tests  Uulv  1984)  -  The  increase  in  the  control  system 
damping  predicted  for  the  Phase  II  flight  tests  was  achieved.  This  was  accomplished  by 
revising  the  system  filter  compensation  to  offset  the  system  lags  (time  delay)  present  in 
the  rudder  and  stabilator  actuators  for  low  amplitude  inputs  and  by  revising  the  gain 
scheduler  and  the  yaw  output  scale  factor  to  reduce  the  system  gain. 

The  pilot's  evaluation  of  the  MFCRS  Phase  II  performance  was  positive  as  indicated 
by  their  following  comments: 

-  The  differences  in  response  between  the  MFCRS  and  standard  control  system  were 
minor  and  noticeable  only  because  I  was  looking  at  them. 

-  The  disengage  transients  between  standard  control  system  and  MFCRS  sensor  output 
during  a  3g  pull-up  were  negligible. 

-  The  predicted  improvement  in  the  modified  MFCRS  was  there. 

These  pilot  comments  were  substantiated  by  the  recorded  flight  data  in  which  favorable 
comparisons  of  the  MFCRS  and  STD  F-15  control  system  responses  to  stick  rap"  and  rudder 
kicks  were  obtained.. 

Enhanced  MFCRS 


Following  the  conclusion  of  the  Phase  II  flight  test  program  a  definition  study  was 
conducted  to  determine  what  hardware  and  software  changes  could  be  made  to  the  MFCRS  to 
satisfy  the  original  program  goals.  This  study  was  performed  using  the  improved  aircraft 
model  and  new  analysis  techniques  developed  from  data  acquired  during  the  flight  tesc 
program.  Improvements  were  defined  and  the  subsequent  analysis  showed  that  with  minor 
hardware  changes  and  some  software  improvements  the  original  goals  of  level  1  handling  in 
subsonic  and  supersonic  flight  could  be  achieved.  A  summary  of  the  major  changes  is: 

o  Reduction  of  time  delays: 

Pitch  Rate  54ms  to  22ms 

Normal  Acceleration  146.3ms  to  21.5ms 

o  Scheduling  of  filter  coefficients  as  a  function  of  dynamic  pressure  (Q) 

o  Reduction  of  acceleration  channel  noise  by  decreasing  gyro  quantization  from  2 
arc  seconds  to  .5  arc  seconds  instead  of  the  100  ms  filter. 

o  Replacement  of  acceleration  analog  filters  with  digital  filters  in  the  28000 
preprocessor., 

o  Design  of  filters  using  the  in  flight  actuator  model  from  the  gust  alleviation 
study. 

o  Precalculation  of  filter  coefficients  resulting  in  a  reduction  of  time  delay  in 
the  filter  outputs. 

o  Reduction  of  the  zero  order  hold  delay  in  the  sensor  accumulator.; 

o  Removal  of  the  100ms  filter  in  the  acceleration  channel  due  to  reductions  in 
acceleration  channel  noise  by  decreasing  the  gyro  quantization  from  zero  seconds 
to  0.5. 

This  new  configuration  was  called  the  EMFCRS .; 

CONTROL  LAW  DEVELOPMENT  -  The  EMFCRS  flight  control  laws  were  developed  using  guidelines 
defined  by  the  July  1984  ground  and  flight  test  results..  An  additional  consideration  was 
to  reduce  the  system  phase  lags  in  an  attempt  to  improve  the  aircraft  handling  qualities 
and  stability  characteristics.  The  hardware,  software,  and  control  law  modifications 
significantly  improved  system  stability  and  damping  as  shown  in  Figure  15.; 

The  EMFCRS  structural  filter  design  was  based  on  the  results  of  the  July  1984  struc¬ 
tural  mode  interaction  tests.  Those  results  indicated  that  the  primary  problems  were 
structural  resonances  at  9  and  14  Hz.  These  resonances  were  due  to  longitudinal  modes. 
The  aircraft  lateral /directional  modes  were  not  a  problem  due  to  their  lower  amplitude 
and  sufficient  filtering  in  the  yaw  and  roll  axes.  However,  basing  the  new  design  on  the 
July  1984  SMI  results  proved  to  be  a  mistake  as  the  results  were  only  for  a  fully  fueled 
aircraft  and  we  would  encounter  problems  with  a  low  fuel  configuration. 


lUl  *%3'D  f-WWi  WfcWM  tJnJN’vtv 1 


13-20 


i 

l 

it 


o 

deg/sec 


o 

dog/sec 


a 

d.g/sec 


Q 

d.g/soc 


J.n  1984 
MFCRS 


Figure  IS.  Evolution  of  Pitch  Rate  Reaponse 
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Two  pitch  axis  configurations  were  defined:  a  primary  system  with  reduced  struc¬ 
tural  mode  filtering  for  improved  handling  qualities,  and  a  backup  configuration  with 
structural  mode  filtering  similar  to  that  flown  in  July  of  1984.  This  precaution  was 
taken  because  of  uncertainties  in  the  F-15  structural  model;  the  backup  configuration  was 
selected  based  on  the  results  of  the  SMI  tests  in  July  1984  and  gave  us  confidence  since 
it  had  already  been  flown.-  Figure  16  shows  the  MFCRS  stability  envelope  evolution.; 
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Figure  16.  MFCRS  Level  I  Stability  Envelope  Expansion 
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Figures  17  and  18  illustrate  the  changes  to  the  MFCRS  rate  and  acceleration  channels 
that  resulted  in  the  EMFCRS  configuration. 

Figures  19  and  20  document  the  equi1.  alent  delay  reductions  achieved  in  the  critical 
pitch  channel  for  the  EMFCRS  program. 

RBDMHPAHCY  jtAHABgHEOT  (DM)  -  For  EMFCRS,  the  parity  equation  logic  was  updated  to  incor- 
porate  knowledge  gained  during  follow  on  analyses  and  tests.-  The  rates  and  accelerations 
used  to  calculate  the  trip  level  values  were  rescaled,  to  more  closely  duplicate  the 
standard  F-15  CAS  disengage  levels.  In  addition,  a  new  structure  was  used  for  the 
accelerometer  trip  level  calculations  to  account  for  coupling  roll  rate  into  the 
acceleration  channel. 

The  updated  EMFCRS  gyro  and  accelerometer  trip  level  calculations  are  shown  in 
TABLES  3  and  4  respectively. 


Figure  17.  Rate  Channel  Modifications 


Figure  18.  Acceleration  Channel  Modifications 
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Figure  20.  Normal  Acceleration  Delay  Components 


The  peak-to-peak  noise  measurements  on  the  actuators  during  integration  testing 
showed  a  slight  reduction  in  EMFCRS  when  compared  to  earlier  testing  of  th->  original 
MFCRS  as  indicated  in  TABLE  5.  These  measurements  indicate  that  significant  noise 
components  in  the  EMFCRS  TMP  outputs  are  in  a  frequency  range  outside  the  CAS/actuator 
response  bandwidth.  Therefore,  the  system  noise  reduction  and  system  time  lag  improve¬ 
ments  did  not  increase  actuator  nolee  and  may  he^e  reduced  it.- 

STRUCTURAL  MODE  INTERACT! OH  TEST  -  The  objective  was  to  verify  that  EMFCRS  compensation 
adequately  attenuated  structural  mode  interaction  induced  by  vibration.  To  test  the 
compensation,  the  stabilator  and  rudder  control  surfaces  were  driven  with  frequency 
sweeps  from  0  to  25  Hz.  In  follow-on  tests  during  November  1986,  only  the  horizontal 
tail  surfaces  were  excited.  But  the  frequency  sweeps  were  extended  to  30  Hz. 
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TABLE  3.  EMFCRS  GYRO  PARITY  EQUATION  TRIP  LEVELS 

Fault  Detection  Trip  Laval  =  (K14  x  RATEt  ♦  K23  x  RATE2)  x  K24 
or 

*  Kl3  x  K24  II  K13>  K14  x  RATEl  ♦  K23x  RATE2 
or 

-  K15  x  K24  if  K15<  K14  x  RATEl  +  K23  x  RATE2 
Senaor  Selection  Trip  Laval  =  (RATE2)  x  K24 
or 

S  Fault  Datactlon  Trip  Laval  x  K24  if  <  RATE2 
Where 

RATEl  =  P.  K1 1  x  Q,  Or  K12  x  R  Whichavar  Is  Larger 
RATE2  =  K17xPx(P+K18xQ  +  Kt9xR  +  K20xNZ) 

+  K21  x  NZ  x  fi  +  K22 
P  =  Roll  Rate 
Q  a  Pitch  Rate 
R  =  Yaw  Rate 
NZ  =  Normal  Acceleration 


Constants 

EMFCRS  Value 

July  1984 

Derivation  for  EMFCRS  Value 

K11  = 

to 

43 

P  Maximum,  O  Maximum  or  R 
Maximum 

K12  = 

10 

1.5 

K13  = 

0  078  rad/sec 

0  078 

112%  of  Minimum  CAS  Trip 
Laval  for  Q&R 

K14  = 

007 

0  07 

7% 

K15* 

0  368  rad/sac 

0  386 

Maximum  CAS  Trip  Level 
forP 

K1 7  = 

2  5x10'3 

25x10'® 

K18  = 

89 

89 

K19  = 

89 

89 

K20  = 

2  82x10'® 

282x10-® 

K2ls 

6  52  x  10'1 

6  52  x  10's 

K22  = 

0  044  rad/sac 

0052 

85*/.  of  Minimum  CAS  Trip 

Level  for  Q&R 

K23  = 

007 

001 

7% 

K24  = 

0  2357 

PE  Normalization 

Factor  =  1/V  18 

Not*  P  O  R  fault  fltt*ct>00  tnp  !•»•! »*n»Of  *#l«Ction  tf.p l*«*l  *r*  in  r«d'»*C  NZ 1*  m  lt>MC2 
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TABLE  4.  EMFCRS  ACCELEROMETER  PARITY  EQUATION  TRIP  LEVELS 

Fault  Detection  Trip  Laval  -  (K3  x  ACCEL1  ♦  K25  x  RATEl)  x  K24 
or 

=  K2  x  K24  of  K2  >  K3  x  ACCEL1  +  K25  x  RATEl 
or 

=  K4x  K24  if  K4<  K3x  ACCEL1  ♦  K25  x  RATEl 
and 

Sensor  Selection  T*ip  Level  *  ACCEL2 
or 

*  Fault  Detection  Trip  Level/K24  if  <  ACCEL2 
Where 

ACCELt  s  NZ  or  K1  x  NY  if  K1  x  NY  >  NZ 
ACCEL2  =  K26x  RATEl +  K9 
P  -  Roll  Rate  (in  rad/sec) 

NY  =  Lateral  Acceleration 
NY  -  Normal  Acceleration 
RATEl  =  Primary  Rate  (In  rad/sac) 


Constanta 

EMFCRS  Values 

July  1M4 

Derivation  for  EMFCRS  Value 

K1  = 

10 

45 

Maximum  NZ  or  Maximum  NY 

K2  = 

5  25  m»«® 

5  25 

150%  of  Minimum  CAS 

Trip  Level  for  NY 

K3  = 

010 

005 

10% 

K4  = 

30  0WMC® 

300 

Maximum  CAS  Trip  Leval 
for  NZ 

K6  = 

N/A 

0022 

K7  = 

N/A 

000296 

K8  = 

N/A 

00245 

K9  = 

3  5  11/9K® 

35 

Minimum  CAS  Trip  Leva: 
for  NY 

K10  = 

N/A 

001 

K24a 

0  2357 

02357 

PE  Normalization 

Factor  =1 /v18 

K25*  = 

18 
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ti 

k 

X 

08 

Roil  Rata  Coupling  into 
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NOtM 
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P  is  wi  rad/sac 

2  For  MFCftS 
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TABLE  5.  STATIC  NOISE  ON  ACTUATORS  - 
MFCRS  vs  EMFCRS 


Peak  to-Peak  Motion  (dag) 
Rudder  Stabilator 


Triad 

MFCRS 

EMFCRS 

MFCRS 

EMFCRS 

456 

0.03 

0.03 

0.05 

0.03 

246 

0.13 

0.12 

0.18 

0.06 

QP73-031S-12  R 


The  aircraft  was  checked  for  resonant  frequencies  with  standard  F-15  sensors  and 
again  with  EMFCRS  sensors.  The  tests  were  initially  run  with  partially  fueled  and  later 
with  fully  fueled  airframe  configurations. 

Unacceptable  aircraft  oscillations  occurred  at  22  Hz  during  horizontal  tail  excita¬ 
tion  (September  1986)  for  0  to  25  Hz  sweeps  for  a  partially  fueled  aircraft  when  certain 
MRU  sensor  triads  were  used.  The  oscillations  during  SMI  could  not  be  explained,  so  the 
EMFCRS  flight  tests  were  cancelled  and  an  investigation  was  begun.  Post-test  analyses, 
which  related  configuration,  procedures,  and  data  of  the  previous  MFCRS  SMI  in  July  1984, 
indicated  the  22  Hz  airframe  oscillation  could  have  been  present,  but  not  detected  in 
July  1984  because  the  tests  in  July  were  with  a  fully  fueled  aircraft.  Follow-on  tests 
were  successfully  concluded  with  no  22  Hz  oscillations  during  November  1986  with  the 
aircraft  fully  fueled  for  a  horizontal  tail  excitation  from  0  to  30  Hz,  confirming  the 
July  1984  testing  hypothesis.-  No  problems  were  encountered  during  rudder  excitation 
sweeps  from  0  to  25  Hz.; 

STRUCTURAL  SURVEY  -  The  concept  of  the  structural  survey  was  conceived  during  the  EMFCRS 
testing  in  August.-  The  survey  on  F-15  S/N-77-139  was  performed  in  November  of  1986.  The 
intent  of  the  survey  was  to  collect  structural  data  in  order  to  correctly  model  the  F-15 
airframe  for  use  in  the  design  of  structural  filters.  The  data  was  obtained  by  sweeping 
the  various  control  surfaces  while  monitoring  the  sensor  outputs.;  All  data  was  gathered 
open  loop,  which  means  that  the  sensor  outputs  were  decoupled  from  the  CAS.; 

Data  were  recorded  for  the  standard  F-15  sensors,  MFCRS  MRU-A  and  MRU-B.  Both 
partially  fueled  and  fully  fueled  aircraft  configurations  were  tested.  Typical  survey 
data  and  its  corresponding  math  model  are  compared  in  Figure  21.  The  model  was  obtained 
by  performing  least  squares  curve  fit  on  the  frequency  response  data.  The  accuracy  of 
the  model  was  verified  by  analytically  coupling  it  to  the  EMFCRS  flight  coni  '  system 
model.-  The  MRU-A,  low  weight  model  was  used  since  conditions  of  sta  i ity  and 
instability  were  observed  as  the  N  signal  was  coupled  and  decoupled  when  lo^ed  on  to 
MRU-A. 

As  Figures  22  and  23  illustrate,  the  model  predicted  stability  with  N  coupled  and 
predicted  a  22  H  instability  with  N  decoupled  respectively.  Thus  the  model  accurately 
predicted  the  EMFCRS  behavior  that  wsre  observed  at  EAFB. 

Due  to  the  fact  that  the  ABICS  III  program  was  already  in  place  and  resolved  many  of 
the  EMFCRS  program  hardware  limitations,  no  attempt  to  correct  the  structural  filtering 
in  the  EMFCRS  system  was  made.. 

MFCRS  Program  Conclusions 


The  MFCRS  Program  has  shown  that  it  is  feasible  to  use  dispersed  skewed  inertial 
navigation  quality  sensors  for  redundant  flight  control  sensors,  navigation,  weapon 
delivery,  cockpit  displays  and  sensor  stabilization.  The  program  has  also  shown  that 
there  are  some  additional  requirements  when  designing  a  control  system  using  dispersed 
sensors  installed  at  nonoptimal  locations  in  the  aircraft.-  These  requirements  are: 

1. ;  Time  delays  are  critical  and  should  be  kept  to  about  20ms  in  both  the  rate  and 

acceleration  channels. 

2.  Quantization  levels  of  the  rate  sensor  outputs  should  be  less  than  0.5  arc 
seconds 


3.  Aircraft  dynamics  models  ruuSl  be  well  defined. 

4.  Actuator  dynamics  must  be  well  defined  for  all  flight  conditions. 

5.  The  design  must  be  able  to  include  the  forward  and  feedback  loop  of  the  control 
system. 


6.  Dither  noise  on  the  sensor  outputs  must  be  minimized  in  the  initial  design  of  the 
sensor  package  to  avoid  large  amounts  of  filtering  of  these  outputs.. 

7.  A  total  digital  design  is  preferable  to  avoid  A/D  and  D/A  conversions.: 

8<  A  sample  rate  of  at  least  80Hz  is  necessary  to  achieve  the  necessary  bandwidth 
for  the  flight  control  system. 

9.:  Full  system  integration  tests  in  the  laboratory  are  essential  to  the  development 
and  testing  of  the  system. 


Figure  21.:  Gain  Phase  Comparison:  Model  vs  Structural  Survey  Data 
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Figure  22.  Simulated  SMI  MRU-A  nz  Coupled 
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Figure  23.  Simulated  SMI  MRU-A  nz  Decoupled 


THE  ABICS  XIX  PROGRAM 

MCAIR  has  been  involved  in  evaluating  the  Ada  HOL  in  real  time  embedded  systems 
applications  programs  since  1983/84  (Figure  24).  At  the  same  time  it  became  evident  to 
the  Air  Force  at  the  conclusion  of  the  MFCRS  Program  (1985/86),  that  to  fully  evaluate 
the  multifunction  concept,  specially  designed  hardware  and  a  digital  flight  control 
computer  were  required.-  At  the  same  time,  the  NAVY  was  seeking  a  cost  effective  approach 
to  test  its  USA  hardware.  As  a  result,  the  joint  ABICS  III  program  emerged.  The  IXSA 
hardware  had  digital  outputs  and  the  sensor  block  had  been  designed  for  navigation  and 
flight  control,  it  had  reduced  sensor  quantization  and  fast  (8  MHz)  88002  micro¬ 
processors.  The  ABICS  test  aircraft  had  a  digital  flight  control  system  with  mechanical 
backup  and  an  Integrated  Flight  and  Fire  Control  (IFFC)  system  already  on  board.  The 
modification  of  the  digital  flight  control  I/O  to  add  the  required  interface  to  the  IISA 
sensors  was  the  only  major  hardware  change  required.; 

To  take  the  next  step  in  the  evaluation  of  embedded  systems  using  Ada,  the  naviga¬ 
tion  algorithms  and  the  redundancy  management  would  be  programmed  and  flight  tested.-  The 
test  aircraft  would  now  have  Ada  software  to  implement  the  flight  control  laws,  IFFC, 
redundancy  management  of  the  flight  control  sensors  and  the  dual  inertial  navigation 
system.  A  5  channel  Global  Positioning  System  would  also  be  on  board  to  help  score  the 
navigation  performance.  Figure  25  shows  the  aircraft  configuration.-  In  September  1986 
MCAIR  received  a  contract  fro:  the  Air  Force  and  Navy  to  design  and  flight  test  the 
flight  control  system  using  the  USA  sensors. 

Figure  26  shows  the  functional  block  diagram  of  the  ABICS  III  configuration.;  The 
goals  of  the  ABICS  III  program  are: 

o  To  der  mstrate  through  flight  test  that  navigation  quality  sensors  in  a  strapdewn 
configuration  can  be  used  as  fault  tolerant  flight  control  references 

o  To  obtain  real  world  experience  using  Ada  in  embedded  integrated  control  systems 

o  To  establish  confidence  in  the  viability  of  Ada 

o  To  determine  requirements  for  software  engineering  environments 

o  To  obtain  metrics  of  Ada  usage 
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Figure  24.  Ada  Based  Integrated  Control  System  (ABICS) 
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Figure  25.  ABICS  III  Aircraft  Configuration 


Figure  27  shows  the  aircraft  modifications  performed  to  install  the  ABICS  III 
equipment  and  Figure  28  shows  the  hardware  modi  ft  rat- tons  for  the  program.  In  order  to 
accommodate  the  added  computational  burden  in  the  digital  flight  control  computer,  the 
ZB002  processor  was  upgraded  to  a  10  MHZ  version  and  a  10  MHZ  clock  was  implemented  (from 
a  6  MHZ  version)  thus  increasing  the  throughput  by  1.7  times.  The  ABICS  II  program  had 
shown  the  need  of  a  32  bit  architecture  for  the  Ada  version  of  IFFC  so  arrangements  were 
made  to  host  IFFC  in  a  32  bit  processor  for  ABICS  III  by  installing  a  Rolm  Hawk/32  and 
upgrading  the  Avionics  Integration  Computer  (AIC)  to  a  32  bit  Zilog  Z80K  microprocessor.- 
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Figure  27.  ABICS  III  Equipment  Location 
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Figure  28.  ABiCS  III  Hardware  Modifications 


ABICS  III  Control  System  Design  -  In  contrast  to  the  MFCRS  program,  the  control  system 
for  ABICS  III  uses  a  digital  flight  control  computer  and  allows  total  system  design. 
Compensation  can  now  be  added  in  the  forward  or  feed  back  loops.  In  order  to  ensure  an 
aircraft  structural  model  of  high  fidelity,  a  structural  survey  was  conducted  as  in  the 
EMFCRS  program  on  the  ABICS  III  aircraft  (a  TF-15B,  S/N  77-166).-  An  interesting  result 
of  this  work  was  that  this  aircraft  did  not  show  the  22  hr  resonance  seen  on  F15A  77-139. 
No  explanation  has  been  found.  Surveys  of  other  aircraft  F15A's,  B's,  C's  and  E's  would 
be  of  interest  to  characterize  model  dependent  modes.  Present  analysis  shows  that  the 
ABICS  III  control  system  will  have  the  same  stability  envelope  as  the  standard  F15  and 
achieve  the  Multifunction  Inertial  Reference  goals  of  providing  eguivalent  flight  control 
system  response  as  the  currently  practice  of  using  dedicated,  co-located  sensors  mounted 
on  nodes  and  anti-nodes.  Figure  29  shows  how  closely  the  F15/IISA  response  will  be  to 
F15/standard  sensors. 
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Figure  29.  Response  to  10  IB  Long  Stick  Mach  at  30k' 
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ABICS  III  Redundancy  Management  -  The  USA  redundancy  management  approach  is  somewhat 
different  than  the  MFCRS.  Although  parity  equations  are  used,  the  USA  BM  uses  a  real 
time  algorithm  and  not  a  table  look-up. 

The  sensor  geometry  and  methods  of  redundancy  management  are  similar  to  those 
described  in  the  literature.  The  sequence  of  operations  performed  in  USA  is  illustrated 
in  Figure  30.  Sensor  data  is  first  reviewed  for  hard  failures,  detectable  by  normal 
self-test  methods.  The  sensors  themselves  give  an  indication  of  failures  through  loop 
closure  tests,  loss-of-signal  indications,  etc.  I/O  tests  assure  that  data  has  been 
correctly  transmitted,  and  dynamic  reasonableness  tests  detect  spurious  outputs  inconsis¬ 
tent  with  the  vehicle  capability. 
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Figure  30.  Redundancy  Management  Operations 


Due  to  the  physical  separation  of  the  two  sets  of  accelerometers,  angular  rotations 
and  angular  accelerations  of  the  vehicle  cause  different  accelerations  to  be  sensed  by 
each  set.  To  allow  direct  comparison  between  acceleration  measurements  under  dynamic 
conditions,  each  sensor  output  is  related  to  a  common  point  on  the  aircraft  using  the 
current  best  estimate  of  vehicle  angular  rate  ....d  angular  acceleration  along  with  known 
lever  arm  displacements  from  that  point.- 

The  six  skewed  gyro  axes  and  six  skewed  accelerometers  are  spaced  evenly  on  a  109.5° 
cone  whose  axis  is  vertical.  Since  no  two  axes  are  coincident  and  no  three  are  in  the 
same  plane,  full  three-axis  outputs  can  be  provided  with  three  failures  of  a  sensor  type. 
Reasonable  geometry  is  available  for  any  combination  of  failures,  i.e.,  geometrical 
amplification  of  errors  is  less  than  a  factor  of  2.3. 

Detection  of  up  to  three  failures  is  assured  by  comparison  of  redundant  sensor  data 
in  what  are  termed  parity  equations.  These  equations  cancel  vehicle  angular  rate,  or 
acceleration  in  the  case  of  accelerometers,  and  expose  sensor  errors.;  Because  of  infor¬ 
mation  limitations,  a  third  sensor  failure  of  the  same  type  can  only  be  detected. 
Isolation  of  which  of  the  four  sensors  active  at  that  point  has  failed  and  cannot  be 
achieved  except  for  hard  failures  which  are  detected  by  conventional  self -test  methods. 
For  this  reason  USA  is  remind  fall-operational/fail-cpcrational, 'fail -safe.: 

Six  gyro  (similarly  for  accelerometers)  parity  equations  can  be  formed  by  comparing 
each  gyro  output  to  a  least-squares  estimate  of  its  output  derived  from  the  remaining 
sensors.  Since  there  are  always  two  sensors  orthogonal  to  each  axis,  this  results  in  six 
equations  which  are  linear  combinations  of  four  sensor  outputs.  The  orthogonal  sensors 
cannot  contribute  to  error  detection.  After  sensor  failures,  a  different  set  of  parity 
equations  is  required.  Again,  linear  equations  involving  four  sensors  can  be  formed, 
five  equations  after  the  first  failure  and  only  one  after  the  second  failure. 
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While  two  simultaneous  failures  appear  extremely  improbable  from  the  standpoint  of 
component  reliability,  sensors  within  a  unit  are  under  similar  stresses,  for  example, 
local  heating  or  shocks  due  to  battle  damage.  Solution  of  all  15  potential  parity 
equations  during  aero  failure  conditions,  each  derived  from  four  sensors,  allows  detec¬ 
tion  and  isolation  of  most  soft  dual-failure  conditions,  and  this  is  the  approach  taken 
on  USA. 

Under  ideal  conditions,  parity  equation  outputs  should  be  aero  under  any  aircraft 
dynamic  or  vibration  condition.  However,  because  sensors  are  in  separate,  isolated 
units,  shelf  motion,  isolator  rocking  and  unit-to-unit  misalignments  cause  parity  equa¬ 
tion  outputs  to  appear  when  no  sensor  failures  are  present.-  For  this  reason,  ooth 
filtered  and  unfiltered  equation  outputs  are  used  for  failure  detection,  the  former  for 
detection  of  small,  soft  failures  in  some  short  time  interval  and  the  latter  for  very 
rapid  detection  of  larger  soft  failures.  The  parity  equation  output  level  which  trips 
gyro  error  detection  logic  is  also  varied  as  a  function  of  angular  rates  and  angular 
acceleration  to  avoid  false  alarms  during  maneuvers.  A  similar  approach  is  used  for 
acceleration  trip  levels. 

The  15  parity  equation  outputs  are  scaled  to  be  equal  in  their  response  to  white 
noise  from  sensors.  In  general,  however,  all  equations  involving  a  sensor  may  not  fail 
simultaneously.  The  parity  equation  coefficient  for  a  given  sensor,  which  is  derived 
from  the  geometry,  varies  from  equation  to  equation.- 

Thus,  for  a  slowly  degrading  sensor,  the  10  equations  fail  gradually  rather  than  all 
at  once.  A  sensor  performance  index  (SPI)  is  formed  for  each  sensor,  equal  to  the  number 
of  parity  equations  it  involves  which  have  failed  (0-10).-  The  three  sensors  with  the 
smallest  SPI  may  be  used  for  derivation  of  outputs.  This  is  valid  since  in  general  three 
good  sensors  can  be  found  easier  than  one  bad  une. 

With  inertial  navigation  quality  sensors,  there  is  little  value  in  combining  data 
from  all  six  sensors  in  a  least-squares  solution,  rather  than  selecting  a  triad  from  a 
single  unit,  when  available.  Combination  of  sensors  simply  adds  another  source  of  noise, 
namely,  the  rocking  motion  of  the  second  unit  and  isolators.  Therefore,  whenever  avail¬ 
able,  USA  outputs  are  derived  from  the  three  sensors  of  one  unit.  When  there  is  one 
failed  sensor  in  each  unit,  all  four  remaining  sensors  are  used.  For  the  condition  where 
three  failures  are  detected  and  failed  sensors  are  known,  the  remaining  three  sensors  are 
used.-  For  the  rare  ambiguous  case  where  all  parity  equations  are  failed  and  self-test 
cannot  isolate  the  failure,  warnings  are  issued  to  the  pilot.: 

The  equations  which  use  selected  sensor  data  to  derive  standard,  orthogonal  outputs 
to  the  flight  control  system  are  termed  design  equations.  There  are  29  sets  of  equations 
stored  in  the  USA  computer,  20  for  all  the  combinations  of  thr<  i  sensors-at-a-time,  and 
9  for  the  least-squares  estimates  for  four  sensors-at-a-time,  one  in  each  unit.  Only  one 
set  of  design  equations  is  used  at  a  time,  however. 

The  present  schedule  is  shown  in  Figure  31.  Plans  are  to  fly  the  configuration  in 
January,  February,  and  March  of  1988  to  evaluate  the  navigation  performance,  handling 
qualities,  and  redundancy  management  of  USA  as  well  as  its  coupling  to  IFFC.  Once  this 
phase  of  the  flight  test  is  complete,  new  plans  are  under  way  to  use  the  Hawk  and  AIC 
computers  to  perform  navigation  system  sensor  blending  by  mechanizing  the  navigation  (GPS 
and  USA)  and  the  Kalman  filter  in  Ada  in  a  32  bit  architecture  and  then  use  this  high 
accuracy  navigation  to  perform  covert  bombing  while  coupled  to  IFFC.-  Figures  32  and  33 
show  the  next  step  in  the  ABICS  programs. 
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Figure  31.  ABICS  III  Schedule 
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Figure  32.  ABICS  Programs 

Applications  of  Ada 
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Figure  33.  ABICS/32 


Conclusions 

The  experience  gained  in  multifunction  sensor  technology  in  the  past  13  years  has 
made  it  obvious  that  new  techniques  are  required  to  design  these  systems,  and  that  the 
structural  dynamic  models  and  the  aeroelastic  coupling  to  the  sensors  must  be  well 
defined  for  the  target  aircraft.  Present  multifunction  sensors  must  also  be  reduced  in 
size  and  weight  while  maintaining  the  same  performance  in  order  to  stay  within  physical 
constraints  of  modern  aircraft  and  allow  dual  installations.:  A  thirty  pound  per  sensor 
box  weight  goal  would  satisfy  most  applications.. 
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ABSTRACT 

Foi Mutations  of  Kalman  filters  are  presented  which  are  capable  of  aligning  one  strapdown  inertial 
sensor  assembly  with  another  by  estimating  the  misalignment  angle  between  them.  One  formulation  treats 
the  case  of  a  fixed  misalignment.  Another  treats  the  case  of  a  dynamic  misal ignment,  caused,  say,  by 
bending  of  the  common  supporting  body.  Measurements  can  be  made  by  gyros  only,  or  by  gyros  plus 
accelerometers.  Filters  which  estimate  inertial  sensor  error  parameters  are  also  discussed. 

THE  PROBLEM 

Consider  the  problem  of  estimating  the  small  mechanical  misalignment  between  the  case  axes  of  two 
strapdown  inertial  sensor  assemblies  (ISA’s)  mounted  on  a  common  body  and  separated  by  a  sizable 
distance.  For  example,  one  ISA  could  be  in  the  cockpit  of  a  fighter  aircraft,  end  the  other  could  be  in 
a  missile  on  the  wing.  It  is  presumed  that  the  separation  distance  is  such  that,  with  intervening 
structure,  it  is  not  possible  to  use  optical  alignment  methods.  It  is  also  presumed  that  mechanical 
misalignments  between  the  two  locations  may  be  large  compared  to  the  alignment  accuracy  required,  so 
that  simply  referencing  the  cases  to  the  frame  of  the  structure  is  not  adequate.  This  problem  is 
sometimes  called  the  "transfer  alignment"  problem. 

The  first  situation  considered  is  that  in  which  the  body  is  rigid,  the  ISA’s  have  gyros  only  (no 
accelerometers),  and  no  attempt  is  made  to  estimate  the  error  parameters  of  the  inertial  sensors. 
Later,  we  consider:-  a)  the  effects  of  a  nonrigid  body,  b)  adding  accelerometers  to  the  ISA’s,  and  c) 
estimating  error  parameters  of  the  inertial  sensors,  such  as  gyro  drifts  and  accelerometer  biases. 

The  angular  motion  of  the  body  excites  the  angular  velocity  sensors  (i.e.  the  gyros  on  each  ISA). 
Observation  of  the  response  of  each  ISA  to  the  common  angular  velocity  provides  information  for 
estimating  the  misalignment,  assumed  to  be  small,  between  the  coordinate  frames  defined  by  the  case  axes 
of  each  unit.  If  the  misalignment  can  be  estimated,  then  a  mathematical  correction  can  be  made  to  the 
output  of  ISA2,  so  that  it  is  effectively  "aligned." 

PRIOR  WORK 

Reference  1  presents  a  least-squares  solution  to  the  problem  of  estimating  the  (3  x  3) 
transformation  matrix  between  the  two  coordinate  systems.  This  approach  does  not  lend  itself  well  to 
real-time,  on-line  implementation.  Reference  2  presents  a  36-state  Kalman  filter  for  this  application. 
While  a  Kalman  filter  in  principle  is  well  adapted  to  real-time  implementation,  a  36-element  state 
vector  is  much  larger  than  necessary  and  could  be  difficult  to  implement,  especially  in  a  typical 
airborne  computer.  Also,  it  is  so  large  as  to  obscure  to  the  non-specialist  what  is  taking  place  in  the 
alignment  process.  Reference  3  discusses  a  Kalman  filter  used  to  align  an  inertial  platform  in  a  SRAM 
missile  carried  on  the  wing  of  an  airplane,  relative  to  another  inertial  platform  used  to  navigate  the 
aircraft.  However,  the  technique  is  based  on  position-matching  (the  position  being  that  derived  from 
each  inertial  navigator),  and  is  not  applicable  in  the  problem  posed  hare,  since  without  accelerometers, 
there  is  no  capability  on  the  part  of  the  ISA’s  to  compute  position.  In  addition,  the  difference 
between  the  stabilized  platform  and  strapdown  is  significant. 


Fig.  1.  -The  ISA  as  an  Angular-velocity  sensor. 
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APPROACH 

For  present  purposes,  it  is  convenient  to  think  of  a  strapdown  ISA  not  as  an  inertial  navigator  or 
attitude  reference  system,  but  simply  as  a  convenient  sensor  for  measuring  the  vector  angular  velocity 
of  its  case  with  respect  to  inertial  space.  The  output  of  an  ISA  is  therefore  taken  as  the  three 
components  of  the  angular  velocity  vector  resolved  onto  the  case  axes.  See  Fig.  1.  When  the  supporting 
body  is  rigid,  rotational  motions  of  the  body,  such  as  roll,  pitch,  yaw,  or  purposeful  turning 
maneuvers,  are  sensed  snd  measured  by  both  ISA’s.  The  difference  in  the  output  of  the  two  ISA’s 
provides  the  basic  information  which  can  be  used  by  a  filter  to  estimate  the  misalignment.  If,  for 
example,  the  two  ISA’s  were  perfectly  aligned,  and  had  perfect  gyros,  then  the  set  of  outputs  of  ISAl 
would  equal  the  set  of  outputs  of  ISA2.  On  the  other  hand,  small  differences  in  the  outputs,  axis  by 
axis,  aro  indicative  of  misalignment. 

It  turns  out,  that  when  the  estimation  problem  is  properly  formulated,  the  misalignment  angle  is 
linearly  related  to  the  difference  in  the  angular  velocity  output  of  the  two  ISA’s.  Thus,  the  Kalman 
filter,  a  means  of  linear  estimation  theory,  is  ideally  suited  to  the  task.  Therefore  a  Kalman  filter 
will  be  used  as  the  primary  tool  for  carrying  out  the  alignment,  that  is,  it  will  be  used  to  estimate 
the  misalignment  angle  of  ISA2  relative  to  ISAl,  as  shown  in  Fig.  2. 

The  assumption  that  the  misalignment  is  constant  corresponds  physically  to  the  ISA  cases  being 
rigidly  attached  to  the  body,  the  body  itself  being  rigid,  the  inertial  instruments  inside  being  rigidly 
attached  to  the  case,  and  the  entire  collection  being  free  of  dimensional  and  performance  changes  with 
temperature  or  load  or  other  disturbing  influences 

Let  the  first  ISA  be  represented  by  its  rase  axes  k,  Y,  Z,  referred  to  as  the  "fixed"  frame  F,  with 
unit  vectors  i,  j,  k,  and  the  second  be  represented  by  its  case  axes  x,  y,  z,  called  the  "moving"  frame 

M.  Both  F  and  M  are  assumed  to  be  right-handed  Cartesian  frames.  Let  i^x  ♦  j^Y  ♦  k^2  be  the  small, 
unknown,  constant  misalignment  angle  of  M  relative  to  F.  It  is  this  vector  which  is  to  be  determined 
The  situation  is  pictured  in  Figure  3.  Here. the  F  and  M  frames  are  shown,  misaligned  by  a  sms! I  angle, 
and  both  subjected  to  the  angular  velocity  W.  (For  simplicity,  only  two  dimensions  are  illustrated.) 

;put 
the 

In  practice,  when  integrating  gyros  are  used,  the  "measurement"  consists  of  integrating  W  over  a 
short  interval  At,  with  the  three  outputs  of  the  first  ISA,  for  example,  being  increments  of  angle 
[WxAt,  WYAt,  W,dt]T,  available  at  the  end  of  the  measurement  interval.  As  long  as  the  start  and  end  of 
the  measurement  interval  is  the  same  for  all  three  gyros  on  both  ISA’s  and  as  long  as  At  is  short  enough 
so  that  the  angular  velocity  vector  does  not  change  direction  appreciably,  the  analytical  results  to  be 
derived  below  are  essentially  the  same  as  if  W  is  considered  to  be  the  physical  quantity  that  is 
measured.*  One  would  make  slight  adjustments  in  the  present  formulation  to  handle  the  case  of  measuring 
increments  of  angle. 


One  measurement  will  consist  oi  the  output  of  the  three  gyros  on  each  ISA.  On  the  first  ISA,  the  oi 
is  [Wx,Wy,Wz)T,  the  three  F-frame  components  of  W.  On  the  second  ISA,  the  output  is  (Wx,Wy,Wz]T, 
three  M-frame  components  of  W.  J 


Fig.  2.  -Correcting  alignment  with  a  Kalman  filter. 


Because  of  the  misalignment,  the  components  of  W  in  the  F  frame,  one  by  one,  will_  not  equal  the 
components  of  W  in  the  M  frame.  Thus,  even  though  both  ISA’s  measure  the  same  vector  W,  they  come  to 
different  results.  Considered  as  a  0  x  1  column  matrix,  the  output  matrix  of  ISAl  will  not  equal  the 
output  matrix  of  ISA2, 

[Wx,Wy,Wz]t  t  [Wx,Wy,Wz]T  (1) 


It  is  this  inequality  which  provides  the  hope  for  deciphering  the  magnitude  ant  direction  of 

Another  way  of  interpreting  the  difference  between  the  matrix  of  outputs  of  the  two  ISA’s  is  to 
think  of  the  ISA’s  h*inn  but.  fJS3 curing  different  angular  velocities.  I  he  first_of  these 
two  angular  velocities  is  the  original  W,  but  the  second,  W',  is  the  original  W  rotated  by  (-^) .  U'  is 
measured  by  ISAl;  w  is  measured  by  ISA2.  The  vectors  measured  in  this  hypothetical  case  are  illustrated 
in  Figure  4.  The  outputs  [Wx,Wy,W2)T  and  [WX,W  ,W  )'  will  be  exactly  the  same  as  in  the  real  situation 
in  Figure  3.  From  Figure  4,  it  is  evident  that  the  following  vector  cross-product  relationship  holds 
(provided  that  the  magnitude  f  of  the  vector  f  is  small  enough  so  that  its  sine  is  essentially  equal  to 
the  angle) 


dW  =  }  X  W 


(2) 
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where 


dW  =  W  -  W'  (3) 

The  three  F-frame  components  of  dW,  denoted  by  dWy,dWY,dWz,  arranged  as  a  3  x  1  matrix,  equals  the 
difference  between  the  output  matrices  of  the  two  ISA’s. 


Y 


Fig.  3.  -ISA  measurements  of  angular 
velocity:  one  vector  in  space  measured 
from  two  coordinate  frames. 


Fig.  4.  -Alternative  interpretation:' 
two  vectors  in  space  measured  from  one 
coordinate  frame. 


KALMAN  FILTER  FORMULATION 

Because  we  will  get  measurements  from  time  to  time  (say,  every  At  seconds),  we  use  the  discrete 
form  of  the  Kalman  filter.  The  filter  and  notation  are  that  of  Ref.  4,  p  110,  Table  I,  taken  from  the 
reference,  displays  the  standard  form  of  the  discrete  Kalman  filter  equations.  The  vector  xk  is  the 
(n  x  1)  state  vector  of  the  filter  at  time  tk,  and  is  the  quantity  to  be  estimated  The  state  vector 
propagates  from  time  tk  to  time  tk  .  through  the  dynamics  of  the  process,  as  embodied  in  the  state- 
transition  matrix  4k.  In  the  general  case,  white  noise  wk,  a  random  sequence  referred  to  as  "process" 
noise,  also  drives  the  state  vector  in  an  unpredictable  way.  The  white  noise  wk  at  time  tk  is  assumed 
to  be  normally  distributed,  with  zero  mean,  and  (n  x  n)  covariance  matrix  Qk.  The  matrices  $k  and  Qk 
are  assumed  to  be  known.  The  (m  x  1)  vector  «.k  is  the  vector  of  measurements  at  time  tk  which  are  used 
by  tho  filter  to  estimate  xk .  The  measurements  are  linearly  related  to  the  states  through  the  (m  x  n) 
measurement  matrix  Hk. 

In  addition,  the  (m  x  1)  white  additive  measurement  noise  vector  vk  corrupts  the  measurement.  It 
is  also  assumed  to  be  normally  distributed,  with  zero  mean,  and  having  an  (m  x  m)  covariance  matrix  Rk, 
assumed  to  be  known.  The  estimate  of  state  is  denoted  by  xk,  with  superscript  -  and  ♦  signs  denoting 
the  value  just  before  and  just  after  incorporatir  j  the  measurement  obtained  at  time  tk .  The  (n  x  n) 
matrix  Pk  is  the  covariance  of  the  errors  in  the  estimate  of  the  state  (the  Kalman  filter  is  said  to 
"generate  its  own  error  analysis")  and  the  (n  x  m)  matrix  Kk  is  the  Kalman  gain  matrix  at  time  tk,  both 
of  which  are  computed  by  the  filter  at  each  measurement  time  step  tk-J,  t.,  .  The  Kalman  gain  Kk 
determines  the  weighting  to  be  placed  on  alteration  of  each  component  of  the  estimate  of  the  state 
vector,  given  the  difference  (zk  -  H.8k)  between  the  measurement  zk  at  time  tk  and  the  expected  value  of 
that  measurement,  (HkSk),  based  on  the  a  priori  estimate  xk  of  the  state. 

Define  the  unknown  misalignment  vector  f  to  be  the  (3  x  1)  state  vector  xk  of  the  Kalman  filter 
formulation.  That  is, 


*1 

h 

Xk  5 

X 
W  1 

III 

h 

x3 

.  h 

(5) 

When  the  two  ISA’s  are  mounted  on  a  rigid  body,  the  angle  ^  between  the  case  axes  is  a  constant,  so  the 
dynamical  equation  of  the  Kalman  filter  formulation  is 


x 


k 


Xk-1 


(6) 


in  which  the  state-transition  matrix  is  equal  to  the  identity  matrix  I.  From  the  physical 
assumptions  stated  earlier  in  regard  to  rigidity  and  load  stability,  there  is  no  process  noise  in  the 
problem,  so  Qk  =  0. 

Let  us  define  the  measurement  vertnr  7*  nf  th®  tc  be  the  (3  a  1)  veilui  obtained  by 
differencing  the  outputs  of  the  two  ISA’s  at  time  tk. 


■k 


* 


(?) 
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We  can  use  our  vector  analysis  relationship  (2)  to  help  us  define  the  observation  matrix  Hk.  Let 
us  work  first  in  vector  analysis  notation.  We  drop  the  k  subscript  temporarily  for  notational 
simpl icity. 

W  =  TWX  ♦  jWy  *  kW2  (8) 

?  =  ♦  ]>Y  *  Mz  (9) 

From  (2),  and  using  the  determinant  for  the  cross-product, 


idWx  ♦  j  dWY  ♦  k  dWz 
Now  convert  to  matrix  notation. 


dW  =  }  x  W 


i  j  k 


T(Mz  -  My>  ♦  HMx  -  Mz>  ♦  *(Mr  -  Mc> 


[*xl 

[Mi  -  My] 

dWy 

= 

Mx  “  Mz 

1*2  J 

.My  “  Mx. 

Replace  the  left-hand  side  using  (4)  and  (7). 


z 


>V*Z  -  My 

ft :  ft 


(10) 

(11) 


(12) 


(13) 


This  is  a  relationship  between  z  on  the  left-hand  side  and  the  three  components  of  the  state  vector  x  on 
the  right.  The  difficult-looking  right  side,  in  which  the  unknown  state  vector  components  seem 
inextricably  scrambled  with  measured  quantities,  can  be  factored  into  the  following  simple  matrix 
product: 


-W, 


(14) 


Comparing  (14)  with  equation  (1-2)  of  Table  1,  we  are  led  to  define  the  (3  x  3)  coefficient  of  the  x- 
vector  to  be  the  observation  matrix  Hk  :• 


W 

0 


2 


(15) 


where  the  reintroduce^  subscript  k  denotes  the  value  of  the  corresponding  quantities  at  time  tk. 

That  the  state-vector  x  is  linearly  related  to  the  measurement  z  in  equation  (14)  is  what  makes  the 
Kalman  filter  both  applicable  and  attractive  as  the  means  to  solve  the  alignment  problem.  To  find  that 
the  measurement  is  linearly  related  to  the  state  is  by  no  means  trivial  or  accidental.  If  we  had 
defined  the  state  as  j  and  the  measurement  as  W,  rather  than  dW,  we  would  have  had  a  nonlinear  problem 
to  deal  with,  and  things  would  not  have  worked  out  nearly  so  well.  The  choice  of  what  to  call  the 
"state"  and  what  to  call  the  "measurement"  is  a  key  aspect  of  the  art  in  Kalman  filter  design. 

To  run  the  Kalman  filter,  one  needs,  besides  the  measurements,  the  matrices  tk,  Hk,  Qk,  Rk,  an 
estimate  x0  of  the  initial  state-vector  x0,  and  an  initial  value  P0  of  the  covariance  matrix  Pk.  (In  a 
good  filter  design,  the  results  after  a  few  measurements  will  not  be  sensitive  to  the  initial  estimates 
x0,  generally  set  to  zero,  or  P  ,  generally  set  to  some  fairly  large  diagonal  matrix.)  The  matrices  $k, 
Hk  and  Qk  have  already  been  defined.  Values  for  the  diagonal  elements  of  rtk  are  simply  twice  the 
variances  of  the  measurement  error  in  each  gyro  output,  the  factor  of  two  accounting  for  the  fact  that 
two  gyro  outputs  and  hence  two  errors  are  introduced  into  each  component  of  zk.  The  "measurement  error" 
in  this  case  is  the  gyro  drift  rate,  whose  variance  is  denoted  by  o*.  All  other  elements  of  Rk  ar*  zero 
if  it  can  be  assumed  that  the  measurement  errors  of  each  gyro  are  independent  of  those  of  the  other 
gyros,  usually  reasonable.  The  complete  Kalman  filter  for  the  solution  to  this  problem  is  shown  in 
Tables  I  and  II. 


OBSERVABILITY 


The  deterministic  observability  of  the  system  (that  is,  the  ability  to  determine  the  state  vector 
from  the  given  measurement  if  there  is  neither  measurement  noise  to  corrupt  the  measurements  nor  process 
roles  to  push  the  state  intc  uncharted  territory)  can  be  tested  by  the  standard  obs«» *abi I i Ly  as 
given,  for  example,  on  p.  68  of  Ref.  4.  When  this  test  is  carried  out,  the  results  are  these:  the 
state  vector  can  be  observed  given  measurements  by  both  ISA's  of  the  angular  velocity  vector  at  two 
measurement  times,  provided  only  that  the  two  vectors  are  not  col  line*.  Thus,  in  the  length  of  time  it 
takes  for  the  supporting  body,  say  an  aircraft,  to  acquire  a  roll-rate  and  then  a  pitch-rate,  a  perfect 
set  of  instruments  could  produce  data  that  a  Kalman  filter  could  unscramble  to  obtain  the  true  value  of 
the  misalignment.  The  unequivocal  result  of  the  observability  test  suggests  that,  even  with  imperfect 
gyros,  a  Kalman  filter  will  provide  a  good,  solid  estimate  of  the  state  vector  in  a  short  time.  (Not 
every  Kalman  filter  designer  has  the  luxury  of  being  able  to  carry  out  the  observability  test,  much  less 
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Table  I  -  Summary  of  discrete  Kalman  filter  equations,  general  case. 


(1-1) 

(1-2) 

System  model 

Measurement  model 

*k  =  *k-ixk-i  ♦  Wk-1>  wk  “  N(Mk) 

zk  =  Hkxk  ♦  vk,  Vk  -  N(0,Rk) 

(1-3) 

(1-4) 

Initial  conditions 

Other  assumptions 

E[x(0)]  =  E[(x(0)  -  x0) (x (0)  -  x„v]  =  P0 

E[wk  vj1]  =  0  for  all  j,k 

(1-5) 

(1-6) 

State  estimate  extrapolation 
Error  covariance  extrapolation 

xk’  =  *k-lxk-l* 

Pk‘  =  *k-lPk-l**k-ir  ♦  Qk-1 

(1-7) 

(1-8) 

(1-9) 

State  estimate  update 

Error  covariance  update 

Kalman  gain  matrix 

V  =  V  ♦  M*k  -  HkV] 
pk*  =H  -  WV 

Kk  =pk‘HkTtHkPk'HkT  ♦  RJ'1 

Table  II  -  Matrices  for  Kalman  filter.  ISA’s  joined  by  a  rigid  body, 
gyros  are  used  for  measurement. 

(II-l) 

(IT-2) 

(II-3) 

(II-4) 


'  0  w.  -w 

t'f  I  «k  = 

-w2  0  wx 

fcjk 

L  WY  0 

K 


s  1 


3 


(II-5) 

(II-6) 

(II-7) 

(II-8) 

(II-9) 

(11-10) 


a  = 


aj 


-  oitkI-  where 

:  suitably  small  constant  to  introduce  fictitious  process  noise 
=  2o.2I3  where 

=  variance  of  measurement  error  at  output  of  each  gyro. 


Dimensions  are'-  x.  3x1 
Pk  3x3 
Hk  3x3 


3  x  1 
3x3 
3  x  1 


Start  with  initial  values-  S0*  ,  PQ*  . 

Solve  equations  (1-5)  through  (1-9)  interatively, 
measurement  zk  obtained  at  that  step. 


Qk  3x3 


going  through  them  once  at  each  step  with  the 


to  produce  positive  results  together  with  the  necessary  and  sufficient  conditions  for  observability  to 
hold.) 

If  one  implemented  a  filter  with  Qk  =  0  as  suggested  above,  after  a  few  measurements,  the  filter 
would  be  convinced  that  it  had  estimated  the  misalignment  angle  to  a  high  degree  of  accuracy,  depending 
on  the  level  of  the  measurement  noise.  It  would  begin  to  pay  less  and  less  attention  to  further 
measurements  as  they  came  in  by  reducing  the  Kalman  gain  matrix  K.  to  a  very  low  value.  Sometimes,  to 
prevent  this,  the  diagonal  elements  of  Q,  are  given  a  small  positive  value.  This  is  called  "fictitious 
process  noise,"  and  is  discussed  on  pp.  279-280  of  Ref.  4.  The  result  is  that  after  many  measurements 
Kk  reaches  a  non-zero,  steady-state  level  and  the  information  in  the  latest  measurement  is  retained. 


NON-RICID  BODY 

The  analysis  is  now  extended  to  include  the  effect  of  dynamic  bending  of  the  body.  "Dynamic 
bending"  means  that  the  bending  angle  changes  during  the  time  interval  over  which  the  alignment  process 
is  carried  out.  The  Kalman  filter  will  be  modified  to  estimate  both  the  static  misalignment  and  the 
instantaneous  dynamic  bending  angle. 

As  previously,  the  body  is  assumed  to  undergo  angular  rotations  with  respect  to  inertial  space, 
such  as  wave-  or  wind-induced  roll,  pitch,  and  yaw,  as  well  as  purposeful  turning  maneuvers.  The 
bendinq  causes  an  additional  angular  rotation  of  the  axes  of  ISA2  relative  to  TSAI  When  this  bending 
changes  in  time,  there  is  an  additional  angular  velocity  measured  by  the  gyros  on  ISA2  which  does  not 
appear  at  ISA1. 

As  shown  in  Fig.  5a,  with  no  bending,  the  case  axes  of  ISA2  may  be  misaligned  by  a  small  vector 
angle  f  relative  to  the  axes  of  ISA1.  When,  in  addition,  the  body  bends  through  a  small  vector  angle  6 
J>t  the  location  of  ISA2  relative  to  ISAl),  then  the  total  misalignment  of  ISA2  relative  to  ISAl  is  (^  + 
9),  as  in  Fig.  5b.  While  only  two  dimensions  are  shown  in  the  figure,  with  both  ^  and  ?  being  vectors 
along  the  Z(=z)  axis,  in  the  general  case  f  and  9  can  each  have  arbitrary  components  along  all  three  of 
the  axes,  X,  Y,  Z.  Furthermore,  9  is  time-varying.  What  insight  can  be  brought  to  bear  on  the  problem 
before  launching  into  detailed  analysis?  If  there  were  no  bending,  then  the  misalignment  could  be 
estimated  by  the  previous  method.  If  there  were  no  misalignment,  then  the  bending  could  be  estimated  by 
simply  noting  that  ISA2  measures  a  different  angular  velocity  than  ISAl,  the  difference  being  due  to  the 
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|  fact  that  ISA2  rotates  faster  in  space  than  does  ISAl  by  the  rate  of  change  ( 6 )  of  the  bending  angle. 

'  We  could  subtract  the  angular  rate  of  ISAl  from  I$A2.  The  difference  would  be  6.  Integration 

of  this  angular  velocity  in  a  computer  would  give  0(t)  as  a  continuous  output.  (The  angle  0  is 
j  needed  to  properly  subtract  the  angular  rate  of  ISA2  from  ISAl;  before  this  subtraction  can  be  carried 

'  out,  the  two  rates  must  be  referred  to  a  common  coordinate  system.  Knowledge  of  6  permits  this  to  be 

done,  using  a  feedback  loop.) 

I 

t 

i 


a)  BODY  IN  UNBENT  STATE.  A  STATIC  MISALIGNMENT  0  EXISTS  BETWEEN  THE  TWO  ISA’t 


Fig.  5. 

Thus,  in  the  absence  of  0(t)  can  be  found,  and  vice  versa.  Since  the  processes  involved  are 
linear,  it  seems  reasonable  to  expect  that  when  both  0  and  f  are  present,  their  effects  can  be 
separated.  With  that  suggestion  of  pending  success,  we  set  out  to  develop  the  Kalman  filter  which  will 
do  the  job.  We  shall  write  the  dynamical  equations  initially  as  differential  equations  in  continuous 
variables,  and  change  to  difference  equations  of  discrete  variables  later.  __ 

We  start  by  selecting  the  F-frame  components  of  each  of  the  vectors  ^  and  0  as  the  states  to  be 
estimated  by  the  filter.  That  is,  define  x  as  follows: 


In  view  of  the  assumption  that  the  static  misalignment  is  constant,  the  dynamical  equations  for  the 
first  three  state  variables  are,  as  before, 

Xj  =  x2  5  X3  =  0  (17) 

The  components  of  0,  as  indicated  earlier,  will  be  aircraft  (or  ship)  rotation  induced  by  wind  (or 
waves).  Hence,  they  are  random  variables  excited  by  a  random  forcing  function.  Markov  processes 
excited  by  white  noise  are  of  this  type.  At  this  point,  there  is  a  diversity  of  models  that  could  be 
chosen  to  represent  the  dynamics  of  x4,  x6,  and  x6.  Thinking  of  the  body  connecting  ISAl  and  ISA2  as 
being  like  a  mass-spring  system,  having  both  inertia  and  a  restoring  torque  under  bending,  it  seems  that 
we  ought  to  choose  at  least  a  second-order  noise  process  to  define  the  motion  on  each  axis.  Thus,  we 
are  led  to  consider  x4,  x5,  and  x6  each  to  be  driven  by  white  noise  through  a  second-order  Markov 
process.  We  choose  the  three  such  processes  to  be  independent,  that  is,  the  noise  which  excites  pitch¬ 
bending  is  independent  of  that  which  excites  rol  I -bending,  etc.  It  should  be  emphasized  that  this  is 
ertiy  mvUI  from  among  many  which  could  be  adopted.  The  model  chosen  is  complex  enough  to  represent 
the  true  situation  with  a  fair  level  of  fidelity,  yet  simple  enough  to  illustrate  the  development  ot  the 
Kalman  filter.  In  an  actual  application,  a  more  accurate  bending  model,  and  wind  (or  wave-)  motion 
model,  possibly  involving  correlation  between  the  three  axes,  may  be  desirable,  depending  upon  the 
accuracy  and  speed-of -convergence  requirements.  On  the  other  hand,  even  the  simple  second-order  Markov 
processes  assumed  here  may  give  acceptably  good  results  in  many  applications. 

Having  decided  to  use  independent  second-order  Markov  processes  for  bending  in  each  of  the  three 
axes,  we  find  we  need  to  add  three  more  state  variables,  the  derivatives  of  variables  x4,  xg,  xe.  Thus, 
def i ne 
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x 

X 

X 


7 

8 
9 


.S 

*6 


(18) 


Using  equation  (2,2-82)  p.  44,  Ref.  4,  for  the  prototype  second-order  Markov  process,  the  complete 
set  of  dynamical  equations  can  now  be  assembled  in  the  standard  Kalman  filter  form: 


*7  =  ~Px*a  “  7  *  wx 

*J  =  -PW  -  2/>YxS  ♦  *Y 

x«  =  'Pi**  -  2Pl*>  *  *2 


»  J 


(19) 


where  the  vector  w  is  a  9  x  1  vector  white  noise  piocess  with  zero  mean,  normal  distribution,  and 
spectral  density  Q. 


w  -  N(0,Q) 


(20) 


Q  is  a  9  x  9  matrix;  its  77,  88,  and  99  elements  are  the  only  non-zero  elements  in  the  matrix,  and  they 
each  represent  the  spectral  density  of  the  white  noise  w^  that  drives  the  bending  of  the  ith  channel  (i  = 
X,Y,Z) ,  Simple  relations  exist  between  the  spectral  density  of  the  white  noise,  the  constant  p>,  and 
the  variance  of  the  output,  i.e.,  the  bending  angle.  Consider,  for  example  and  the  variance 
aS  of  x4  s  6X.  Using  the  relationships  in  the  table  of  p.  44,  Ref.  4,  plus  the  fact  that  the  ratio  of 
the  power  spectral  density  of  the  output  of  a  linear  system  to  the  power  spectral  density  of  the  input 
is  G(j«)G(-ju),  where  C(ju)  is  the  system  transfer  function  evaluated  at  s  =  j u,  we  find  that 


«77 

=  *Pl4 

(21) 

Simi larly 

^88 

=  *pVv 

(22) 

^99 

ii 

Xs 

N  M 

(23) 

Tho  correlation  time  r-  of  each  random  process 
the  table  on  p.  44  of  Ref.  4, 

is  simply  related  to  the  corresponding  p 

Again,  using 

Pi  =  2.146 

r . 

(i  =  X,Y,Z) 

(24) 

We  can  make  an  informed  guess  of  the  variance  of  <7?  of  the  bending  angle  and  the  correlation  time  r.  on 
each  of  the  three  axes.  (In  good  filter  designs,  it  is  frequently  found  that  results  are  not  overly 
sensitive  to  the  value  of  r,  in  which  case  a  reasonable  guesstimate  will  suffice.)  Then,  using 
equations  (21)- (24),  we  convert  these  to  values  for  the  three  non-zero  elements  of  the  Q  matrix  needed 
to  carry  out  the  Kalman  filter  operations. 


Equation  (19)  can  be  written  in  matrix  form 

x  =  Fx  ♦  w 


(25) 


where  F  is  the  9x9  matrix  of  constants: 

0,  ,  0, 


I 

_L 


F  = 


1  -PS 

03  I  0 

I  0 


* 


0  -% 

0  I  0 

-PS  I  0 


and  where  0,  and  I,  are  the  (3  x  3)  null  and  identity  matrices,  respectively. 


(26) 


Our  physical  reasoning  has  led  us  to  anticipate  that  the  key  in  the  measurement  process  is  the 
difference  between  the  angular  velocity  of  the  two  ISA’s.  This  suggests  that,  as  previously,  we  define 
the  measurement  to  be  df.  In  vector  form,  this  is:' 


dW  =  W  -  S'*  T[WX  -  WJ  ♦  j  [WY 


*,]  *  k[w2  -  fg 


(27) 
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With  matrices,  the  measurement  takes  the  form 


It  is  necessary  to  know  how  a  perfect  (i.e.,  noise-free)  measurement  would  be  related  to  the  states.  If 
it  can  be  shown  to  be  linearly  related,  then  we  will  have  precisely  what  is  needed  to  implement  a  Kalman 
filter.  When  this  relationship  is  formulated,  it  is  found,  indeed,  to  be  linear!  It  is  given  by 


Alternatively,  this  can  be  written  as  follows  to  put  the  H-matrix  into  full  view,  where  the  effect  of 
imperfect  measurements  is  now  appended  as  additive  white  noise. 


The  coefficient  of  x  is  the  (3  x  9)  observation  matrix  H.  The  R-matrix  dimensions  are  still  (3  x  3), 
since  the  z-vector  as  now  defined  still  has  3  components.  As  before,  if  the  gyros  are  identical  and  are 
presumed  to  have  statistically  identical  noise  outputs,  then  the  three  diagonal  elements  of  R  are  equal; 
the  off-diagonal  elements  are  zero  if  the  errors  of  each  gyro  are  independent  of  the  errors  of  all  of 
the  others. 

Equations  (29)  and  (31)  are  the  matrix  equivalent  of  tha  following  vector  relationship:- 

dW  =  ♦  ?)  x  W  -  ?  (32) 

where  the  first  tern  on  the  right  side  represents  the  cross-product  effect  for  a  total  instantaneous 
misalignment  (^  ♦  0)  between  the  two  ISA's,  ‘orresponding  to  equation  (10)  above  for  the  rigid-body 
situation.  (Also,  compare  the  correspondi ng  matrix  representations,  eqs.  (29)  and  (14).)  The  second 
term  is  the  correction  for  the  instantaneous  angular  velocity  of  ISA2  relative  to  ISA1.  If  such  an 
angular  velocity  exists,  the  outputs  of  ISA1  and  ISA2  would  be  expected  to  ^differ  evenjf  f  =  9  ~  0 
Since  1)  instantaneous  misalignment  ♦  0) ,  and  2)  angular  bending-rate  (?) ,  affect  dW  in  a  linear 
fashion,  the  effect  due  to  the  simultaneous  presence  of  both  is  the  superposition  of  their  individual 
effects,  hence  (32). 

All  of  the  parts  for  a  Kalman  filter  design  are  present:  F  is  given  in  (26),  Q  is  defined  in  (21) — 
(23),  z  is  defined  in  (28),  and  H  is  defined  by  (31).  In  practice,  one  would  convert  from  the 
continuous  to  the  discrete  Kalman  filter,  taking  a  sequence  of  angular  velocity  (or  incremental  angle) 
measurements  every  At  seconds.  The  conversion  from  continuous  to  discrete  form  is  straightforward 
Ref.  4,  p.  77  gives  the  following  approximate  equations  which  can  be  used  to  carry  out  the 
discretization:* 

♦k  =  1  ♦  F  Atk  (33) 

Qk  =  QAtk  (34) 

Equation  (33)  is  the  first-order  approximation  to  the  state-transition  matrix  $k,  and  is  valid  when  Atk 
is  much  smaller  than  the  shortest  period  in  the  natural  modes  of  the  system  described  by  x  =  Fx.  This 
is  surely  the  case  in  the  present  application.  Rk  for  this  filter  is  the  same  as  in  the  rigid-body 
case. 

This  completes  the  Kalman  filter  design  for  the  case  in  which  the  body  supporting  the  two  strap- 
down  packages  is  assumed  to  bend,  and  the  bending  angle  changes  over  the  time  period  in  which  the 
alignment  process  is  carried  out.  This  problem,  too,  fits  perfectly  into  the  Kalman  filter  mold.  When 
"state"  and  "measurement"  are  defined  in  the  ways  shown  above,  both  the  dynamic  and  measurement 
processes  are  linear  in  the  state.  Hence,  we  fully  expect  that  a  Kalman  filter  will  successfully  solve 
the  problem;  it  will  be  able  to  obtain  an  estimate  of  the  current  value  of  the  total  angular 
misalignment  vector  (the  sum  of  static  misalignment  plus  dynamic  bending)  between  two  ISA’s.  What 
should  happen  is  that  the  filter  estimate  of  f  will  converge  to  essentially  the  true  value  of  after 
which  this  estimate  will  not  change  veryjnuch.  From  then  on,  the  mam  activity  of  the  filter  will  be  to 
keep  up  with  the  continually  changing  0(t),  For  the  reason  described  previously,  it  may  be  useful  to 
put  a  small  amount  of  fictitious  process  noise  into  states  i  =  1,2,3  by  setting  Qk  . ,  equal  to  some 
small  positive  number. 

With  the  measurement  being  linear  combinations  of  the  states,  and  with  high  observability  afforded 
by  base-motion  angular  velocity  incuts  along  different  di recti one  (a*  described  earlier)^  one  can  expect 
that  the  filter:  1)  will  converge  rapidly,  2)  will  be  relatively  insensitive  to  noise  parameters  of  the 
model  (such  as  the  correlation  times  r5),  and  3)  will  be  relatively  irsensitive  to  mismatch  between  the 
dynamical  model  and  the  real  world  (such  as  the  dynamics  of  bending  and  the  gyro  noise  dynamics).  The 
last  point,  if  indeed  true,  implies  that  the  detailed  form  of  equation  selected  to  mode!  the  gyro 
measurement  errors,  bending  dynamics,  etc.  will  not  have  a  first-order  effect  on  the  performance  of  the 
filter.  These  conjectures  should  be  verified  by  simulation  for  any  given  application.  A  nine-state 
model  is .parsimonious;  a  six-state  model  would  be  the  absolute  minimum  for  estimating  three  components 
each  of  f  and  0.  Yet,  the  nine-state  model  is  probably  large  enough  to  obtain  acceptable  accuracy  in 
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many  applications,  for  the  reasons  enumerated  above.  At  the  same  time,  a  nine-state  Kalman  filter  is 
small  enouph  to  be  readily  implemented  in  today’s  state-of-the-art  of  computing  technology. 

Tables  I  and  III  give  the  complete  discrete  Kalman  filter  for  estimating  the  fixed  misalignment  and 
variable  bending  using  gyro  outputs  of  two  ISA’s.  It  should  be  mentioned  again  that  both  lable  II  and 
III  describe  the  discrete  Kalman  filter  for  the  situation  when  the  output  of  a  gyro  is  a  sample  of 
angular  velocity  at  t  =  tk .  Slight  modifications  are  required  to  handle  the  case  when  the  output  is  an 
increment  of  angle. 

ESTIMATING  CYRO  DRIFTS 

The  filter  just  described  can  be  augmented  to  estimate  the  drift  rate  of  the  gyros  about  the  three 
components  axes  of  each  ISA.  To  do  this,  one  defines  six  new  state-vector  components  as  fol  lows'- 


*10 

= 

?x 

XU 

= 

Vi 

X12 

= 

vz 

X2  3 

= 

v. 

X14 

= 

X1B 

55 

v. 

where  tj  is  the  drift  rate  along  the  subscripted  axis.  A  dynamic  model  must  be  adopted  for  these  states. 
One  possibility  is  to  assume  that  the  drift  rates  are  constant,  in  which  case  the  dynamics  are 

x,  =  0  i  =  10, _ 15  (36) 

As  another  alternative,  one  could  assume  that  the  drift  rates  change  slowly  in  time  due  to  white  noise 
inputs.  Such  a  model  would  be 

x,  =  0  ♦  Wj  i  =  10, - 15  w;  *  N(0,qj)  (37) 

This  leads  to  a  random  walk  behavior  for  these  state  variables.  A  still  more  elaborate  model  for  the 
gyro  drift  rate  states  would  be  to  model  each  one  as  a  first-order  Markov  process 

x{  =  -/J;X ,  ♦  Wj  w}  ~  N(0,qj)  i  a  10,  ....15  (38) 

This  has  the  advantage  that  the  x, ’s  tend  toward  zero  in  the  absence  of  the  white  noise  w.  input,  rather 
than  the  unbounded  random  walk  benavior  of  (37).  This  model  can  be  accommodated  with  a  15-state  filter, 
using  the  states  which  have  been  defined.  Still  more  elaborate  drift-rate  models  are  possible,  but 
these  will  require  a  larger  state-vector.  If  all  gyros  had  identical  designs,  there  would  be  no  reason 
to  suspect  that  the  statistical  behavior  of  any  one  would  differ  from  that  of  any  other,  so  identical 
P j’s  and  qj’s  would  be  chosen  for  the  six  channels.  The  qj ’s  become  diagonal  elements  of  Q.  The 
corresponding  discrete  matrix  Q.  is  then  found  from  (34). 

Under  what  conditions  would  it  be  worth  while  to  attempt  to  estimate  the  gyro  drift  rates?  The 
answer  to  this  question  will  be  stated  in  terms  of  extremes.  If  the  drift  rate  of  the  gyros  is  low,  if 
the  time  allowed  for  the  alignment  process  is  short  (say,  5  minutes  or  less),  if  the  body  experiences 
large  angular  velocities  during  the  alignment  time,  and  if  the  desired  accuracy  of  the  alignment 
procedure  is  modest,  then  it  probably  is  not  worthwhile  to  attempt  to  estimate  the  gyro  drifts;  hence 
states  10-15  can  be  omitted.  On  the  other  hand,  if  the  gyro  drift  rate  is  high  (particularly  of  the 
second  ISA  compared  to  the  first),  if  the  time  allowed  is  long  (say,  an  hour  or  more),  if  the  angular 
velocity  input  is  low,  and  if  the  ultimate  in  alignment  accuracy  is  desired,  then  the  gyro  drift  states 
ought  to  be  included.  In  between  these  extremes,  one  would  have  to  specify  numerical  values  and  perform 
a  detailed  simulation  in  order  to  determine  the  relative  improvement  in  accuracy  obtainable  by  including 
the  additional  states. 

ACCELEROMETERS,  RIGID  BODY 

If  the  ISA’s  have  accelerometers  along  all  three  axes,  as  well  as  gyros,  this  affords  an 
opportunity  for  more  measurements,  as  well  as  introducing  more  errors.  The  measurements  made  by  the 
three  accelerometers  of  one  ISA  are  the  three  components  along  case  axes  of  the  specific  force  vector  f, 
defined  as  the  non-gravi tational  force  per  unit  mass  acting  on  the  case.  Craft  operating  close  to  the 
earth  (and  not  in  free-fall)  experience  the  gravity  field  of  the  earth.  The  case  must  be  supported  to 
prevent  its  falling.^  The  ISA  measures  this  support  specific  force,  even  in  the  absence  of  maneuvers. 
This  specific  force  f  can  be  one  of  the  two  non-coil  inear  vectors  measured,  by  the  ISA’s  to  achieve  the 
observability  of  the  filter.  The  other  vector  can  be  another  value  of  f  at  a  later  time  (and  in  a 
different  direction,  due,  say,  to  vehicle  acceleration)  or  it  could  be  an  angular  velocity  measured 
either  simultaneously  or  later  or  earlier  than  f. 

To  process  accelerometer  measurements,  we  define  a  different  measurement  vector  z#  and  a  different 
observation  matrix  Ha,  where  the  subscript  a  denotes  "accelerometer.”  For  the  rigid-body  case,  the 
measurement  z#  would  be  the  difference  in  specific  force  measurements  of  the  two  ISA’s,  measured  at  the 
same  time. 


‘.,k 


dfv 

df! 

df 


2  Jk 


(39) 


(As  in  the  case  of  the  gyros,  in  practice,  we  may  prefer  to  define  thejneasurement  at  tk  as  f  Atk,  where 
Atj<  is  the  time  interval  since  the  last  measurement,  and  the  product  f  Atk  is  the  output  of  integrating 
accelerometers  at  t  =  tk.  Slight  changes  in  the  equations  are  then  required.)  When  using  accelerometer 
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measurements,  and  assuming  that  the  accelerometer  axes  are  coincident  with  the  gyro  axes  in  each  ISA 
(for  present  purposes  w#  assume  that  it  is  only  the  entire  case  of  ISA2  which  might  be  misaligned)  then 
the  observation  matrix  is  the  coefficient  of  x  in 


z 


• ,  k 


(40) 


which  is  the  matrix  equivalent  of  the  vector  cross-product, 

df  =  j  x  7 


(41) 


the  accelerometer  counterpart  of  (2). 

Thus,  one  could  implement  the  Kalman  filter  given  in  Table  II,  having  the  same  state  variables,  but 
amending  it  to  include  the  additional  observation  matrix  H#  k  and  measurement  set  z#  k  in  (40)  and  (41). 
One  would  process  first  the  angular  velocity  measurement  zk'and  then  the  accelerometer  measurements  zM  k 
at  time  tk,  using  the  appropriate  observation  matrix  for  each. 

In  addition,  a  correction  term  may  have  to  be  added  to  (40)  to  account  for  difference  in 
acceleration  at  ISA2  relative  to  ISAl.  For  example,  if  one  ISA  is  at  the  center  of  gravity  of  the  body, 
and  the  other  is  removed  from  this  point  by  some  distance,  then  the  second  ISA  wilt  experience  a 
centripetal  acceleration  not  experienced  by  the  first  whenever  the  craft  rotates. 


ACCELEROMETERS,  NON-RIGID  BODY 


In  this  case  also  one  could  use  the  (9  x  1)  set  of  state  vectors  defined  by  (16)  and  (18)  for  the 
companion  gyro-only  case,  but  adding  a  new  measurement  zB  k  as  defined  by  (39)  and  a  new  observation 
matrix  H#  k  defined  by  (42), 


*.,k 


0  0  0 

0  0  0  xk  =  H  kxfc 

0  0  0  Jk 


(42) 


except  that  now  one  would  also  have  to  add  a  correction  which  accounts  for  the  difference  in  the 

accelerations  at  the  two  locations  caused  by  bending  angle  9  and  bending  rate  6  as  well  as  angular 
velocity  and  angular  acceleration  of  the  body. 


ESTIMATING  ACCELEROMEitR  BIASES 

The  addition  of  accelerometers  introduces  new  sources  of  error  as  well  as  new  measurements.  Thus, 
one  may  wish  to  add  a  new  state  variable  for  each  accelerometer  to  represent  its  bias.  Then  the  filter 
will  estimate  these  biases  along  with  all  else.  These  could  be  modelled  as  constants,  random  walks,  or 
first-order  Markov  processes,  like  the  gyro  drifts.  One  would  have  a  21-state  filter  if  one  wanted  to 
estimate  gyro  drifts  and  accelerometer  biases  as  well  as  static  misalignment  and  dynamic  bending, 
assuming  first-order  Markov  processes  for  the  drifts  and  biases. 

Other  error  parameters  of  the  ISA’s  can  be  estimated  by  adding  more  states  to  the  filter  in  similar 
fashion.  However,  as  the  number  of  states  of  the  filter  increases,  the  computational  load  gives  up  at  a 
higher  power,  observability  may  suffer,  and  the  filter  may  become  increasingly  sensitive  to  the  accuracy 
of  the  model . 

My  own  preference  would  be  to  try  to  solve  any  given  design  problem  and  mission  requirement  with 
the  9-state  filter  of  Table  III,  without  estimating  either  gyro  drifts  or  accelerometer  biases.  If  that 
design  met  system  requirements,  there  would  be  no  further  need  to  complicate  the  filter. 
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Table  III  -  Matrices  for  Kalman  filter.  ISA's  joined  by  a  non-rigid  body;  gyros  are  used  for 

measurement 
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ABSTRACT 


Loran  and  GPS  ara  both  wall  known  navigation  system*,  and  both  have  advantages  and 
disadvantages.  By  combining  both,  the  navigator  can  get  the  advantages  of  both  and 
minimize  the  disadvantages  of  each. 

When  GPS  becomes  fully  operational,  it  will  replace  virtually  all  other  navigation 
systems,  but  until  that  time  (late  1990)  ,  thore  will  be  substantial  lapses  of 
coverage.  It  is  during  this  time  that  Loran  provides  the  backup.  This  combination  is 
the  first  system  that  can  provide  the  transoceanic  vessel  with  real  time,  accurate 
navigation  information  at  both  ports  and  periodic  accurate  navigation  information  en- 
route. 

This  paper  will  review  the  two  systems  and  then  show  how  the  whole  is  greater  than 
the  sum  of  the  parts.  In  particular,  data  will  be  presented  to  show  how  the  combined 
product  can  yield  better  navigation  information  than  either  system  by  itself. 

SYSTEM  DESCRIPTIONS 

Complete  system  descriptions  exist  elsewhere  in  the  literature  (References  l,  2,  3, 
1)  so  only  a  pertinent  overview  will  be  given  here.  This  overview  will  only  allow 
the  reader  to  see  the  merits  of  combining  the  two  systems. 


LORAN 

Loran-C  (Long  Range  Navigation)  was  developed  during  the  late  1950's  and  early  1960's 
by  the  u.  S.  Department  of  Defense.  The  system  is  comprised  of  about  15  chains  or 
GRI's  (Group  Repetition  Interval)  which  cover  about  704  of  the  coastlines  in  the 
northern  hemisphere  of  North  America.  A  single  chain  will  cover  between  one  and  two 
thousand  miles  of  coastline  to  a  range  of  about  one  thousand  miles  from  the  coast. 
Even  with  this  coverage,  there  are  still  large  gaps  in  the  mid-continent  and  mid- 
oceanic  regions. 

A  single  chain  is  made  up  of  a  master  and  two  or  more  slaves.  A  receiver  computes 
its  position  by  measuring  the  relative  time  of  arrival  of  the  signal  from  the  master 
and  one  slave.  This  time  difference  (TD)  places  the  user  on  one  Line-Of-Position 
(IOP).  A  measurement  from  another  slave  gives  two  TD's  and  the  intersection  deter¬ 
mines  the  users  position. 

This  all  sounds  good,  but  there  are  several  serious  problems  which  make  the  system 
less  than  1004  reliable.  These  are  discussed  in  the  following  sections. 

ASF  -  Additional  Secondary  phase  Factor  is  an  error  correction  term  which  is  applied 
to  the  raw  TD  to  correct  for  the  reduced  propagation  velocity  of  the  Loran  signals 
over  land.  This  term  varies  as  a  function  of  the  conductivity  of  the  path  over  which 
the  signal  passes.  Most  receivers  model  this  conductivity  and  attempt  to  correct  for 
this  error,  but  correction  below  .2nm  is  rarely  achieved.  Also  this  term  varies 
seasonally  and  this  seasonal  effect  is  rarely  modeled. 

Cycle  slip  -  No  receiver  is  immune  to  the  difficulties  involved  with  selecting  the 
correct  cycle  from  which  to  do  the  time  measurement.  Under  most  conditions  there  is 
no  problem  selecting  the  correct  3rd  cycle,  but  when  the  signal  is  weak  this  can  be  a 
very  difficult  task.  When  a  cycle  slip  occurs,  a  position  error  will  result  with  a 
magnitude  of  up  to  5  miles.  Most  receivers  allow  the  user  to  force  the  cycle  choice 
to  a  different  cycle.  This  forces  the  receiver  to  choose  a  particular  cycle,  but  the 
user  must  know  where  he  is  in  order  to  make  this  choice. 


Ambiguity  -  An  ambiguity  occurs  whenever  the  two  LOP's  cross  in  two  locations.  When 
this  occurs,  the  receiver  tries  a  third  LOP  (if  it  is  available)  to  resolve  the  am¬ 
biguity.  If  this  is  not  available,  the  user  must  intervene  and  specify  which  is  the 
correct  solution,  once  again,  the  user  must  know  where  he  is  in  order  to  get  the 
Loran  tracking  correctly. 

GRI  -  Although  not  a  serious  problem,  the  user  must  know  the  GRI  for  his  area  in  or¬ 
der  to  have  the  loran  work  at  all.  In  an  airborne  application,  GRI's  can  change 
rapidly,  and  the  user  must  continuously  be  aware  of  these  changes. 
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In  spite  of  all  of  these  problems,  tx>ran  is  a  very  useful  and  effective  system.  It 
would  be  nice,  however,  if  these  problems  could  be  reduced  or  even  eliminated.  As  we 
will  see,  GPS  can  be  used  to  minimize  these  problems. 

GPS 

The  GPS  system  was  developed  by  the  US  Department  of  Defense  starting  around  1973. 
This  is  a  satellite  based  system  where  a  user  measures  the  pseudorange  from  four 
;  satellites  and  then  computes  his  position  and  time.  When  the  system  is  fully 

operational,  in  late  1990,  it  will  give  better  than  50  meter  absolute  accuracy  and 
RMS  errors  of  less  than  10  meters.  At  present,  however,  this  level  of  accuracy  is 
only  available  about  live  hours  a  day.  This  five  hour  period  moves  earlier  every  day 
by  four  minutes. 

i  By  assuming  that  the  user  is  on  the  surface  of  the  earth,  only  three  satellites  need 

I  to  be  used  to  determine  position.  This  extends  the  usable  time  from  four  to  six  hours 

j  as  seen  in  Figure  1.  This  two  dimensional  (2D)  coverage  will  not  be  continuous  until 

late  1989,  and  until  then  the  GPS  system  alone  will  not  be  adequate  for  the  practic- 
|  ing  navigator. 


Figure  1»  Typical  CPS  Coverage 


The  signal  transmitted  by  the  satellites  is  at  i.5/5  GHz,  and  is  much  easier  to 
demodulate  than  the  analog  zero  crossing  of  Loran,  but  a  problem  still  exists.  This 
is  called  the  integer  millisecond  problem.  Since  the  code  is  one  millisecond  long, 
it  cannot  determine  which  millisecond  we  are  tracking  with  respect  to  the  satellite. 
To  solve  this  problem,  the  user  must  supply  an  approximate  starting  position  to  the 
GPS  receiver.  This  starting  position  must  be  accurate  to  about  three  degrees  in 
latitude  and  longitude. 
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SYMBIOSIS 

This  section  looks  at  how  the  two  systens  can  assist  with  the  deficiencies  of  the 
other.  Let's  first  look  at  how  the  GPS  can  aid  the  Loran. 

GPS  Aids  LORAN 

ASF  Corrections  -  As  mentioned  before,  the  Loran  signal  propagation  velocities  vary 
as  a  function  of  surface  conductivity.  The  models  used  in  most  receivers  attempt  to 
correct  for  these  errors,  but  it  is  impossible  to  do  this  very  accurately  because  of 
the  daily  and  seasonal  variation  in  this  conductivity.  By  using  the  GPS  as  an  ac¬ 
curate  reference,  the  mean  correction  for  a  given  day  can  be  computed  and  used  to 
correct  the  Loran  fixes  when  the  GPS  system  is  not  available. 

As  shown  in  the  typical  data  in  Figure  2,  the  mean  position  error  between  the  two 
systems  is  about  200  meters,  but  the  RMS  of  each  of  the  Loran  is  about  20  meters  and 
the  RMS  of  the  GPS  is  about  S  meters.  The  Loran  data  was  taken  every  half  hour  for  a 
24  hour  period. 


LORAN  vs  GPS 

Position  Fix  Data 
October  1 ,  1 985 


Center  is  GPS  meon 


Figure  2.  Typical  Loran  and  GPS  Position  Fixes 


Cycle  Slip  -  Due  to  many  causes,  a  Loran  Receiver  may  have  a  difficult  time  determin¬ 
ing  the  correct  cycle  of  the  loran  pulse.  One  of  the  primary  causes  is  a  very  weak 
signal.  This  can  be  caused  by  signal  blockage  or  extreme  range  to  the  transmitter. 
If  GPS  signals  a  i  available,  the  correct  cycle  can  be  determined  very  accurately, 
and  the  Loran  can  be  trusted  to  give  correct  answers  even  when  GPS  subsequently  dis¬ 
appears  . 

Ambiguity  -  Once  again,  GPS  can  be  used  to  eliminate  an  ambiguity  caused  by  only 
being  able  to  receive  two  slave  stations.  As  with  cycle  slip,  once  the  ambiguity  has 
been  resolved,  the  Loran  can  be  trusted  to  give  correct  answers. 

Loran  Aids  GPS 

Initialization  Problem  -  from  a  cold  start,  GPS  needs  to  have  an  approximate  location 
(within  3  degrees  latitude  and  longitude)  in  order  to  determine  the  correct  position. 
If  the  user  is  in  a  Loran  coverage  area,  then  the  initialization  position  can  be 
provided  by  the  Loran. 


Systems  Aid  Each  other 

There  are  two  ways  that  the  systems  can  aid  each  other.  The  first  has  to  do  with  the 
fact  that  one  system  completely  covers  time  and  the  other  covers  space.  That  is  to 
say,  the  GPS  gives  global  coverage  but  not  continuous,  and  the  Loran  gives  continuous 
coverage,  but  not  global.  Thus  the  two  systems  compliment  each  other  in  this  regard. 
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The  second  way  that  they  aid  each  other  concerns  what  we  call  the  extended  coverage 
capability.  With  some  modifications  in  software,  a  position  fix  can  be  obtained  by 
taking  only  two  satellites  and  two  Loran  transmitters.  Thus  with  one  TD  and  two 
satellites  a  position  fix  can  be  obtained.  This  solution  extends  the  coverage  area  of 
Loran  and  the  coverage  time  of  GPS. 

OTHER  COMBINATIONS 

GPS/ l'NS  -  This  combination  has  several  attractive  features.  If  the  GPS  is  not  avail¬ 
able,  the  INS  can  provide  a  solution,  and  with  GPS,  the  INS  can  be  continuously 
calibrated.  This  is  quite  attractive  in  a  jamming  environment  since  the  INS  does  not 
require  any  external  signals.  For  a  marine  application,  however,  this  advantage  is 
not  pertinent.  In  addition,  this  solution  is  quite  expensive  as  even  low  cost  INS's 
cost  more  than  $25,000. 

GPS/Omega  -  This  solution  is  also  expensive.  Even  though  Omega  is  global,  it  does  not 
have  the  accuracy  that  Loran  does,  and  GPS  provides  the  global  coverage  in  any  case. 
Thus  this  combination  is  both  more  expensive  and  less  accurate  than  the  WRAN/GPS. 

GPS/Transit  -  The  problem  with  this  combination  is  that  the  capabilities  of  both  sys¬ 
tems  overlap.  Both  systems  provide  global  coverage  and  both  have  time  gaps  in  their 
coverage.  what  transit  needs  most  is  accurate  velocity  information,  and  when  GPS 
could  provide  this,  a  GPS  solution  is  available,  and  thus  a  transit  fix  is  not  neces¬ 
sary. 


TYPICAL  SCENARIOS 

Coastal  User  -  For  the  typical  coastal  user,  the  LORAN/GPS  combination  has  many 
benefits.  When  GPS  is  available,  much  more  accuracy  is  achievable.  Since  the  Loran 
ASF  corrections  will  be  calibrated  by  GPS,  the  Loran  will  be  more  accurate  when  the 
GPS  is  not  available.  Lastly,  because  of  the  aiding  from  the  GPS,  the  Loran  will  have 
greatly  reduced  errors  caused  by  cycle  slips  and  ambiguities. 

Oceanic  User  -  The  oceanic  user  gets  all  of  the  benefits  of  the  coastal  set  when  near 
port  at  both  ends  of  the  journey.  In  the  middle  of  the  trip,  when  Loran  is  not  avail¬ 
able,  GPS  can  provide  accurate  periodic  navigation.  With  GPS,  set  and  drift  can  be 
computed  in  the  open  ocean,  and  more  direct  headings  and  routings  can  thus  be 
achieved.  This  is  not  possible  with  a  system  that  provides  only  periodic  fixes.  Real 
time  navigation  as  provided  by  GPS  is  necessary  for  this  computation.  Lastly,  the 
oceanic  user  can  get  the  extended  range  capability  available  only  to  the  user  of  the 
LORAN/GPS  combination. 


SUMMARY 

In  summary,  we  have  looked  at  the  two  systems,  GPS  and  LORAN,  and  found  that  both 
have  some  deficiencies  especially  in  the  interim  period  before  all  the  GPS  satellites 
are  launched.  More  importantly,  however,  the  advantages  of  one  system  can  compensate 
for  the  disadvantages  of  the  other  giving  the  navigator  a  more  reliable  and  more  ac¬ 
curate  system  than  either  system  alone  can  provide  In  particular,  Loran  helps  with 
initialization  of  GPS  and  gives  continuous  coastal  coverage.  GPS  aids  Loran  by  as¬ 
sisting  with  cycle  selection  and  ambiguities.  It  also  improves  Loran  accuracies  by 
calibrating  ASF  factors.  In  addition  it  gives  at  least  6  hours  per  day  of  global 
coverage. 

We  have  also  looked  at  other  combinations  and  shown  them  not  to  be  as  effective  for 
the  marina  user  as  the  IORAN/GPS.  Until  GPS  becomes  fully  operational  in  late  1990, 
the  best  solution  appears  to  be  a  LORAN/GPS. 
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SUMMARY 

The  expanding  role  of  the  helicopter  in  the  battlefield  environment  has  burdened  the 
pilot  with  missions  of  greater  complexity  and  risk  with  a  concomitant  increase  in  pilot 
workload.  Navigation  of  the  helicopter  is  an  essential  supportive  element  to  the  prime 
mission  and  has  been  until  recent  years,  a  significant  contributor  to  the  workload. 
Technological  advances  in  navigational  electronics  such  as  Doppler  navigation  radar,  com¬ 
puters,  integrated  avionic  control  and  display  systems,  etc.,  now  can  provide  automated 
navigation  with  vital  benefits  in  cost,  size,  weight  and  power,  which  permit  incorpora¬ 
tion  of  these  advances  into  the  helicopter.  Cost  reductions  are  particularly  important 
since  helicopters  are  used  in  large  quantities  in  modern  military  forces.  Multi-sensor 
navigation  systems  already  available  and  in  use  in  helicopters  are  discussed,  followed  by 
a  review  of  the  system  trade-offs  and  considerations  leading  to  new  systems  that  use  more 
advanced  digital  electronic  techniques  to  achieve  the  goals  of  reduced  pilot  workload  and 
improved  performance  with  minimum  size,  weight,  and  cost.  The  beneficial  impact  of 
ongoing  technological  advances  in  improving  the  operating  capabilities  of  future  avionics 
systems  is  indicated. 

IMPACT  OF  HELICOPTER  MISSION  REQUIRJWBNTS  ON  NAVIGATION 

The  military  helicopter  has  been  given  a  continuously  expanding  role  both  on  land 
and  at  sea.  Helicopter  missions  include  rescue,  reconnaissance,  troop  delivery,  attack 
and  weapon  delivery.  These  missions  are  often  performed  under  active  battlefield  stress 
and  may  require  the  pilot's  full  attention  for  the  accomplishment  of  the  mission  objec¬ 
tive.  To  permit  the  pilot  to  cope  with  the  workload  imposed  by  more  demanding  mission 
tasks,  it  has  become  necessary  to  relieve  him,  through  automat  .on,  of  some  of  those 
supporting  functions  that  have  been  historically  performed  manually.  One  of  those 
supporting  functions,  which  technology  has  permitted  to  be  automated,  is  precise 
navigation. 

Under  favorable  conditions  of  visibility  and  unrestricted  altitude,  the  pilot  work¬ 
load  associated  with  manual  map  and  compass  navigation  may  be  tolerable.  However,  the 
battlefield  environment  no  longer  permits  the  helicopter  to  fly  at  the  300  to  500-foot 
altitudes  that  allow  the  pilot  or  navigator  to  navigate  using  simple  visual  terrain  and 
map  correlation.  Experience  in  recent  conflicts  has  proven  the  vulnerability  of  the 
helicopter  when  it  is  exposed  at  these  altitudes.  Ultra-low  altitude  flight  (under 
50  feet)  decreases  the  vulnerability  of  this  craft  to  enemy  ground  fire,  but  makes  VFR 
flying  by  use  of  map  and  compass  difficult.  Any  tactical  incident  will  almost  surely 
cause  the  pilot  or  navigator  (if  there  is  one)  to  lose  track  of  his  position  and  become 
disoriented,  even  in  clear  weather.  This,  coupled  with  the  expectation  that  battlefields 
of  the  future  will  be  active  at  night  and  in  inclement  weather,  makes  map  and  compass 
dead  reckoning  navigation  highly  impractical. 

Figure  1(a)  depicts  the  functions  which,  in  the  past,  had  to  be  performed  manually 
by  a  pilot  in  order  to  navigate.  He  served  as  a  data  gatherer  and  computer  to  combine 
the  output  of  several  sensors  to  derive  the  navigation  output.  Air  speed,  attitude, 
heading,  drift  angle,  and  altitude  are  the  major  inputs  that  he  must  read  and  combine  to 
plot  his  position  on  a  map.  He  eliminated  accumulated  errors  in  his  dead  reckoning  com¬ 
putation  by  periodic  updates  provided  by  visual  identification  of  local  terrain  features, 
a  procedure  that  is  highly  ineffectual  at  night,  in  poor  visibility,,  or  at  low  altitudes. 
Manual  dead  reckoning  is  an  acceptable  technique  when  missions  and  helicopters  are 
simple,  but  with  the  increasing  workload,  stress,  and  confusion  during  today's  tactical 
situations,  it  no  longer  is  adequate. 

These  problems  demanded  the  development  of  integrated  avionics  to  provide  automatic 
navigation  to  reduce  pilot  workload  and  supply  him  with  position,  steering  and  guidance 
Information  and  t-rn«  groL'-d  velocity  for  many  purposes  Desides  navigation.  Considera¬ 
tions  of  survivability  and  the  possibility  of  providing  these  outputs  using  onboard  sen¬ 
sors  favored  a  self-contained  navigation  system  as  opposed  to  ground-based  aids  which 
could  be  jammed,  spoofed  or  subject  to  attack. 

DEVELOPMENT  OF  CURRENT  RESPONSE  TO  BASIC  NAVIGATION  NEEDS 
AN  INTEGRATED,  AUTOMATIC  HELICOPTER  NAVIGATION  SYSTEM 

The  system  considerations  discussed  above  indicate  the  need  for  an  automatic  naviga¬ 
tion  system  that  ..ould,  in  effect,  replace  the  pilot's  manual  navigation  task  with  a  com- 
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puter.  This  allows  one  to  take  advantage  of  the  computer's  greater  capability  by  adding 
additional  navigation  sensors  that  are  more  accurate  and  that  further  reduce  his  work¬ 
load.  For  example,  it  now  becomes  possible  to  replace  the  airspeed  sensor,  which 
requires  the  pilot  to  estimate  wind  magnitude  and  direction,  with  a  direct,  automatic 
groundspeed  measuring  sensor  such  as  a  Doppler  radar.  Figure  1(b)  shows  the  result  of 
applying  these  new  capabilities  to  the  navigational  procedures  outlined  in  Figure  1(a). 

The  navigation  and  guidance  data  generated  by  the  computer  shown  in  Figure  1(b)  must 
be  displayed  in  a  manner  that  minimizes  the  amount  of  interpretation  required  by  the 
pilot  to  translate  them  into  helicopter  control  actions.  The  most  desirable  approach  is 
to  enable  the  pilot  to  enter  the  coordinates  of  destinations  or  targets  prior  to  or  dur¬ 
ing  flight,  and  to  cause  the  computer  to  generate  a  left-right  steering  signal  which, 
when  zeroed,  causes  the  helicopter  to  fly  toward  the  selected  destination.  The  approach 
greatly  reduces  the  time  spent  by  the  pilot  with  a  hand-held  map,  and  the  greater  accur¬ 
acy  of  such  a  navigation  system  reduces  the  required  frequency  of  position  updates  and 
hence,  further  reduces  the  pilot's  map-reading  tasks. 

The  u.S.  Army,  recognizing  the  need  for  an  automatic  navigation  system  such  as  that 
shown  in  Figure  1(b),  chose  a  Doppler  Radar  Velocity  Sensor  (DRVS)  for  the  direct,  auto¬ 
matic  groundspeed  measuring  sensor.  The  selection  of  this  type  of  a  velocity  sensor  is 
appropriate  for  several  reasons: 

•  It  is  self-contained. 

•  It  can  provide  accurate  data  throughout  the  speed/altitude  profile  of  a  heli¬ 
copter,  namely,  from  negative  (backward)  flight  through  hover  to  positive 
(forward)  flight. 

•  Accuracy  is  independent  of  time  and  hence,  of  the  length  of  the  mission. 

•  It  provides  instantaneous  reaction  time. 

•  It  is  all  solid  state  and  has  no  moving  parts. 

•  A  Doppler  radar  has  a  lower  Life-Cycle  Cost  .LCC)  in  comparison  to  other  types 
of  velocity  sensors,  and  thus,  is  affordable  for  large  quantities  of  helicop¬ 
ters. 


Singer  had  already  begun  development  of  a  Doppler  system  having  these  characteris¬ 
tics  when  the  Army  translated  these  requirements  into  a  specification.  The  development 
was  completed  .nder  Army  sponsors  .ip  to  produce  the  AN/ASN-128  Lightweight  Doppler  Navi¬ 
gation  System  down  in  Figures  2  and  3. 

The  Receiver-Transmitter  Antenna  (RTA)  and  Signal  Data  Converter  (SDC)  form  the 
DRVS.  The  RTA  contains  the  antenna  with  its  integral  radome,  RF  components  for  transmit¬ 
ting  and  re<  >ing  electromagnetic  signals,  and  electronics  to  condition  the  resultant 
signals.,  Th  DC  receives  the  conditioned  signals  from  the  RTA,  measures  the  Doppler 
shifts,  and  <  arts  these  into  the  digital  form  required  by  the  computer.  The  Computer 
Display  Unit  JU)  contains  a  custom  LSI  digital  computer  and  memory  that  perform  all 
navigation  ant  uidance  computations,  and  displavs  the  results  on  its  front  panel.  Entry 
of  destination  ..oordinates  and  other  data  are  made  via  a  keyboard,  while  control  switches 
are  provided  for  mode  and  display  control  selection.  The  Steering-Hover  Indicator  Unit 
(SHIU)  displays  guidance  data  to  the  pilot  in  "analog"  form,  that  is,  as  pointers  and 
needles,  although  it  also  contains  a  numeric  readout  of  distance-to-go.  The  SHIU  is  an 
optional  addition  to  the  system. 

The  AN/ASN-128  provides  accurate  navigation  over  the  flight  parameters  listed  below: 


Along-heading  velocity 
Cross-heading  velocity 
Vertical  velocity 
Altitude 


-50  to  +350  knots  (-93  to  +650  km/h) 

+100  knots  (+185  km/h) 

+5,000  ft/min  (+1,500  m/min) 

0  to  10,000  ft  (0  to  3,000  m)  above  ground  level 
Land  Water 


Attitude  -  Pitch  -  +30°  +20° 

Roll  -  +45°  +30° 

Accuracy  of  the  AN/ASN-128  can  be  stated  for  the  DRVS,  alone,  and  for  the  computed 
position  after  Doppler  velocity  data  are  combined  with  heading  from  the  on-board  heading 
reference. 


Doppler  Radar  Velocity  Sensor  Accuracy  (one-sigma) 


Along-heading 
Cross-heading 
Vertical  velocity 


0.254  +  0.1  knot 
0.25%  +  0.1  knot 
0.14  +  0.05  knot 


Position  accuracy  is  1.34  (CEP)  of  distance  traveled  when  heading  reference  accuracy 
is  one  degree  (one  sigma) . 
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Physical  characteristics  of  the  AN/ASN-128  and  SHIU  are  listed  below. 


AN/ASN-128 

WEIGHT 

VOLUME 

POWER 

MTBF 

kg 

lb 

cm3 

in3 

(W) 

<h> 

DRVS :  RTA 

4.76 

10.5 

7,752 

473 

12.0 

12,237 

SDC 

5.67 

12.5 

9,296 

564 

56.6 

7,744 

DRVS  Total: 

10.43 

23.0 

17,048 

1,037 

68.6 

4,742 

CDU 

3.18 

7.0 

3,676 

224 

30.0 

3,838 

Total: 

13.61 

30.0 

20,724 

1,261 

98.6 

2,121 

SHIU 

0.91 

2.0 

1,067 

65 

15.0 

10,000 

The  AN/ASN-128  provides  accurate  present  position,  steering  signals,  and  distance 
and  time-to-go  to  10  destinations.  It  uses  a  printed  grid  antenna  that  is  self-compen¬ 
sating  for  the  over-water  shift.  Navigation  data  are  displayed  in  both  UTM  coordinates 
and  latitude/longitude.; 

Other  operational  advantages  include: 

•  Single  transmit-receive  antenna  makes  maximum  use  of  the  available  aperture, 
which  minimizes  random  errors  -  important  for  accurate  fire  control. 

•  Back-up  modes  of  operation  chould  heading,,  or  pitch  and  roll,  or  Doppler 
velocity  become  unavailable. 

•  No  maintenance  adjustments  at  any  support  level. 

•  No  special  test  equipment  at  the  flight  line:  BITE  localizes  malfunctions  to 
the  LRU  and  SRU  levels. 

•  CDU  provides  serial  digital  outputs  of  system  navigation,  guidance  and  other 
data  for  use  by  external  avionics. 

DESCRIPTION  OF  THE  AN/ASN-128  AND  THE  SHIU 

The  AN/ASN-128  Lightweight  Doppler  Navigation  system  consists  of  three  boxes  that 
weigh  only  30  pounds  in  total  and  have  a  predicted  MTBF  of  over  2100  hours.  The  auxili¬ 
ary  display  unit,  the  SHIU,  weighs  only  2.0  pounds,  and  has  an  MTBF  greater  than 
10,000  hours. 

The  design  of  the  AN/ASN-128  was  centered  on  making  maximum  use  of  the  existing 
heading  and  attitude  sensors  and  complementing  these  with  a  DRVS,  a  computer,  and  suit¬ 
able  controls  and  displays. 

A  Doppler  radar  consists  of  an  antenna,  RF  transmitting  and  receiving  components, 
and  electronics  for  processing  the  Doppler  frequency  shifts  and  converting  these  into  the 
desired  data  format.  A  body-mounted  antenna  was  selected  to  avoid  gimbals  that  would 
otherwise  add  considerable  size,  weight  and  complexity.  Four  beams  of  RF  energy  directed 
downward  symmetrically  around  the  nadir  are  sequentially  transmitted  by  a  single  antenna 
toward  the  ground,  and  the  backscattered  energy  is  then  sequentially  received  and  pro¬ 
cessed.  Although  three  beams  are  sufficient  to  determine  the  three  orthogonal  components 
of  helicopter  velocity,  the  AN/ASN-128  uses  a  fourth,  redundant,  beam  to  enable  self¬ 
checking  of  the  overall  reliability  of  the  velocity  measurement. 

The  antenna  must  be  mounted  on  the  helicopter's  underside  to  enable  its  beam  to 
illuminate  the  ground,  and  thus,  installation  and  removal  is  generally  more  difficult 
than  that  of  an  electronics  box  mounted  in  an  avionics  bay.  The  antenna  unit  was  there¬ 
fore  designed  to  contain  the  minimum  amount  of  electronics  for  maximum  reliability, 

(  12,000  h)  but  it  does  include  all  transmit  and  receive  RF  components  so  that  waveguide 
runs  within  the  fuselage  are  avoided.  A  Singer-developed,  printed-grid  antenna  was  used 
to  eliminate  the  weight  and  cost  of  waveguide  arrays.  Installation  was  further  simpli¬ 
fied  by  integrating  the  radome  with  the  antenna.  All  electronics  required  for  velocity 
processing  are  contained  in  a  separate  electronics  box,  the  SDC,  located  in  the  avionics 
bay.  All  regulated  voltages  required  by  the  RTA,  SDC,  CDU  and  SHIU  are  provided  by  a 
single  power  supply  in  the  SDC.  A  single  card  in  the  SDC  sequentially  converts  the 
synchro  outputs  of  the  existing  heading,  attitude  and  true  airspeed  sensors  into  digital 
form  for  use  by  the  computer  in  the  CDU. 

Ail  /'nninnfaHnnfl  fo?  th?  i"c!t2c!i"5  velocity  cocrdi“ctc  tr2"cfor“uticriSf 
navigation  in  both  UTM  and  latitude  and  longitude  coordinates,  steering  signals  to  10 
destinations,  and  BITE  functions,  are  performed  in  an  LSI  digital  computer  located  in  the 
CDU.  This  approach  minimizes  the  cost  of  the  RTA  and  SDC  when  only  these  two  boxes  are 
u£ed  as  a  DRVS. 

Two  types  of  BITE  test  are  provided:  continuous  and  manually  initiated.  The  CDU  and 
most  portions  of  the  SDC  and  RTA  are  continuously  tested,  and  the  overall  SDC  and  RTA  are 
tested  from  end-to-end  during  the  manually  initiated  test.  All  test  results  are 
displayed  on  the  CDU;  system  status,  the  failed  box,  and  the  failed  module  within  that 
box.  "GO"  is  displayed  when  n"  failure  has  occurred.  End-to-end  test  takas  only  18 
seconds  and  does  not.  interrupt  navigation  and  guidance  computations. 
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The  system  has  been  in  production  since  1978,  and  to  date  over  3,500  LDNS  systems 
have  been  ordered  of  which  over  3,200  have  been  delivered  to  the  U.S.  Army  for  installa¬ 
tion  in  the  AH-1S  Cobra,  UH-60A  Black  Hawk  and  CH-47D  Chinook  helicopters.  The  system 
has  been  selected  by,  and  is  being  manufactured  for  several  other  countries,  including 
Germany,  Spain,  Greece  and  Australia!  additional  orders  have  been  received  from  these 
countries  for  over  600  systems.- 

MISSION  EFFECTIVENESS 

The  above  section  describes  some  of  the  trade-offs  leading  to  the  system  architec¬ 
ture,  performance  and  physical  characteristics  of  the  navigation  system.  The  system 
designer,  together  with  the  operational  personnel,  must  also  examine  the  effectiveness  of 
the  system  in  performing  the  planned  mission.  To  accomplish  this,  a  multisegment  mission 
is  examined  in  the  following  section  to  identify  the  various  requirements  of  the  naviga¬ 
tion  system.  Figure  4  shows  the  selected  hypothetical,  yet  typical,  mission  scenario  for 
a  utility  helicopter.  This  is  followed  by  a  discussion  of  the  capability  of  the  AN/ASN- 
128  to  satisfy  these  requirements. 

The  postulated  mission  commences  at  the  Forward  Area  Rearming  and  Refueling  Point 
(FARRP) .  Coordinates  in  either  UTM  or  Lat/Long  format  of  the  planned  destinations  or 
other  preselected  stored  data  should  be  rapidly  insertable  into  the  navigation  system.  A 
dual  coordinate  capability  is  desirable,  should  target  handoff  be  required.  Rapid 
deployment  unencumbered  by  requirements  for  lengthy  alignment  times  is  essential.  BITE 
check  should  be  rapid  yet  provide  high  confidence.  The  helicopter  will  pass  the  Forward 
Edge  of  the  Battle  Area  (FEBA)  enroute  to  Lz  Tiger  for  a  supplies  drop.  Once  past  the 
FEBA,  minimum  radiated  emission  is  desirable  to  minimize  the  probability  of  intercept. 
Enroute,  the  flight  crew  must  be  provided  with  present  position,  off-track  error, 
distance-to-go,  true  ground  £  .  '  and  track  angle.  On  landing  at  Lz  Tiger,  it  is  assumed 
that  power  would  be  turned  off  requiring  that  selected  destination  stored  data  not  be 
destroyed.  Should  the  battle  environment  not  allow  a  touchdown  landing,  the  system  must 
display  hover  guidance  data.  Enroute  to  Lz  Argo,  enemy  action  may  cause  the  helicopter 
to  depart  from  its  planned  course.  Instantaneous  call-up  of  present  position  to  allow 
reporting  of  the  encounter,  and  updated  guidance  to  Lz  Argo  must  be  provided.  Having 
arrived  over  Lz  Argo,  which  is  a  point  of  known  position,  a  means  to  quickly  update  for 
any  accumulated  navigation  error  is  desirable.  The  navigation  system  must  be  configured 
to  continue  navigation  throughout  the  update  to  avoid  error  buildups  should  higher  prior¬ 
ity  tasks  delay  completion  of  the  update. 

After  updating  at  Lz  Argo  and  while  enroute  to  the  next  planned  destination,  Lz 
Judy,  the  aircraft  is  rerouted  to  an  unplanned  landing  zone  -  Lz  OX.  The  system  must  be 
capable  of  in-flight  alternate  destination  entry  and  selection. 

Having  completed  the  mission  function  at  Lz  OX,  the  system  should  provide  the  abil¬ 
ity  simply  to  call  up  the  prestored  destination  Lz  Judy  and  provide  all  guidance  and 
steering  commands  required  to  reach  that  Lz. 

Enroute  to  Lz  Judy  a  target  of  opportunity  is  observed,  namely,  a  pontoon  bridge 
over  a  stream.  The  ability  to  over-fly  this  target  and  automatically  store  and  display 
its  position  is  required.  Should  operational  conditions  prevent  over-flight,  it  is 
desirable  to  have  an  offset  target  of  opportunity  storage  capability. 

The  revised  flight  path  to  Lz  Judy  requires  flying  over  a  large  body  of  water  with 
an  undulating  shoreline.  A  navigation  system  that  automatically  provides  over-water  com¬ 
pensation  eliminates  the  need  for  the  flight  crew  to  manually  activate  a  land-sea  switch. 
This  feature  is  operationally  desirable  and,  in  fact,  mandatory  for  nighttime  and  all- 
weather  flying  when  passage  over  water  is  not  detectable.- 

For  night  flying  it  is  essential  that  the  navigation  system  controls  and  displays  be 
compatible  with  night  vision  goggles. 

Although  the  AN/ASN-128  entered  production  as  recently  as  1978,  the  pace  of  an  ever- 
increasing  enemy  threat  both  in  lethality  and  in  quantity  of  air  forces  and  armor  has 
significantly  enlarged  the  mission  requirements  for  future  helicopters.  The  requirement 
to  routinely  conduct  operations  at  Nap  Of  the  Earth  (NOE)  altitudes  in  marginal  weather 
under  reduced  visibility  has  placed  ever-increasing  demands  upon  the  onboard  avionics. 

More  accurate  and  sophisticated  fire  control  systems  coupled  to  LASER  designators, 
FLIR  and  highly  accurate  attitude  and  velocity  reference  systems  are  required.  To 
counter  the  ECM  threat,  improved  and  multifrequency  communication  systems  have  been 
developed  and  are  being  deployed.  These  demands  have  significantly  increased  the  number 
of  electronic  systems  on  board  helicopters,  resulting  in  the  problems  of  increased  crew 
workload,  cockpit  space  requirements,  system  cost  and  weight. 

USE  OF  DIGITAL  DATA  BDS  TECHNOLOGY 

The  increasing  amount  of  electronics  systems  requires  the  transfer  of  large  amounts 
of  digital  data  at  very  high  rates.  To  meet  this  requirement,  digital  signal  processing 
techniques  and  architectures  are  being  applied  to  interconnect  sensors,  displays  and  con¬ 
trols  and  multiple  avionics  microprocessors  at  the  subsystem  level. 

The  standard  specification  developed  by  the  United  States  military  for  serial  data 
multiplex  transmission  is  MIL-STD-1553A/B.  Military  aircraft  of  the  1980’s  rely  heavily 
on  multiplex  data  buses  for  information  distribution  in  the  design  of  their  avionics 
architecture.  In  addition,  MIL-STD-1760  specifies  that  both  expendable  and  nonexpendable 
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3tores  be  capable  of  interfacing  with  the  host  aircraft  via  a  MIL-STD-1553B  digital 
multiplex  (MUX)  bus.  The  MIL-STD-1553  digital  multiplex  bus  provides  a  means  of 
transferring  data  and  commands  from  remote  avionics  over  the  same  transmission  line — in 
this  casef  a  shielded  twisted  pair.  The  use  of  a  digital  data  bus  reduces  weight  and 
improves  reliability  because  less  wire  and  fewer  connectors  are  required.  Digital 
transmission  techniques  provide  a  higher  data  capacity/  self-check  on  each  transmission 
and  reduced  susceptibility  to  electromagnetic  interference. 

Key  to  the  development  and  utilization  of  the  digital  data  bus  is  the  MIL-STD-1553 
Bus  Controller  and  Multiplex  Remote  Terminal  (BC/RT) ,  which  provides  the  interface 
between  the  aircraft  MIL-STD-1553  MUX  system  ana  the  onboard  avionics  unit  in  which  it  is 
contained.  Singer  has  developed  a  multiplex  terminal  unit  of  universal  applicability  for 
use  in  avionic  LRU's.  The  BC/RT  module  described  in  the  following  section  utilizes  high- 
density  microcircuits  and  a  flexible  two-part  architecture  that  is  virtually  independent 
of  host-peculiar  requirements/  and  is  therefore  usable  in  a  wide  range  of  applications 
with  little  or  no  modification.-  It  is  designed  to  be  located  in  the  host  LRU  since  the 
entire  module  is  packaged  on  a  single  card  and  requires  less  than  10  watts. 

The  BC/RT  can  operate  as  a  controller  or  as  a  remote  terminal.  The  mode  of  opera¬ 
tion  is  selectable  by  a  Master /Slave  logic  signal  or  via  the  MIL-STD-1553  mode  command 
for  dynamic  bus  control  transfer. 

When  designated  a  remote  terminal,  the  BC/RT  is  responsive  to  all  MIL-STD-1553A  and 
B  command-response  requirements.  When  designated  as  a  bus  controller,  the  BC/RT  initi¬ 
ates  and  supervises  all  data  exchanges  over  the  dual  redundant  MIL-STD-1553  serial  data 
bus.  Data  storage  and  retrieval  at  the  host  parallel  data  bus  is  via  direct  memory 
access. 

Features  include: 

a.  Packaged  on  a  single  card  module 

b.  Performs  as  a  Bus  Controller  and/or  Remote  Terminal  capable  of  executing  MIL- 

STD-1S53B  Mode  and  Illegal  Command  Word  Processing 

c.  Contains  separable  Word  Processing  and  Message  Processing/Microcontroller 

sections 

d.  Word  Processing  section: 

•  Transparent  interface  for  MIL-STD-1553A  or  B  compatibility. 

•  Interfaces  with  dual  redundant  MUX  buses.  Performs  all  fast  response 
front-end  channel  functions,  including  word  validation,  and  command  and 
data  word  detection  and  decoding. 

•  Provides  all  necessary  parallel  data  with  the  sense  and  control  signals 
required  by  the  Message  Processing/Microcontroller  section. 

e.  Message  Processing  Microcontroller  section: 

•  Transparent  architecture  for  interfacing  with  various  hosts,  including 
those  with  microprocessors 

•  Programmable 

•  16-bit  bidirectional  data  bus 

•  16-bit  address  bus 

•  DMA  capability  to  interface  with  host  microprocessor 

•  Provides  memory  protection  and  ability  for  indirect  addressing  of  host 
main  memory. 

Figure  5  is  a  block  diagram  showing  the  two  part  architecture  of  the  BC/RT  and 
identifying  the  large  number  of  functions  which  are  packaged  on  the  single  card  in  less 
than  SO  square  inches  by  the  optimum  utilization  of  LSI  technology. 

Communication  with  the  host  is  via  a  16-bit  bidirectional  data  bus.  A  16-bit 
address  bus  and  direct  memory  access  circuits  perform  the  functions  of  storage  and 
retrieval  of  data  to-and-from  host  memory.  Other  significant  circuit  elements  are  a  16- 
bit  terminal  bus  for  fast  -esponse  data  manipulation  and  transfer,  and  the  MIL-STD-1553 
Status  Word  and  Last  Command  Word  registers.  In  addition,  an  on-Doara  scratchpad 
register  and  incrementor  are  provided. 

Some  examples  of  the  application  of  digital  data  bus  technology  to  advanced  avionics 
are  the  U.S.  Army’s  AN/ASQ-166  Integrated  Avionics  Control  System  (IACS)  and  the 
AN/ASN-137  Multiplexed  LDNS. 

The  U.S.  Army  Avionics  Research  and  Development  Activity  (AVRADA)  developed  the 
AN/ASQ-166  IACS  which  is  characterized  by: 

1)  Use  of  digital  data  bus  to  interconnect  sensors,  controls  and  displays 
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2)  Integration  of  programmable  controls  and  displays,  and 

3)  Widespread  application  of  microprocessors  at  the  subsystem  level. 

The  AN/ASQ-166  IACS  provides  the  pilot  with  a  means  of  controlling  and  displaying 
communications,  navigation  such  as  the  AN/ASN-137,  and  Identif ication  (CNI)  equipment 
with  a  single  integrated  control-indicator.  All  CNI  equipment  are  remotely  located  and 
their  information  is  transferred  by  a  dual-redundant  MIL-STD-1553  data  bus. 

The  basic  IACS  consists  of  five  units  -  two  control-indicators,  one  status  indicator 
and  two  interface  units.  Figure  6  shows  a  block  diagram  of  a  typical  IACS  installation. 
The  controlled  avionics,  shown  at  the  right  of  Figure  6,  are  remotely  located  in  the 
avionics  bay  of  the  aircraft.  The  present  IACS  system  can  accommodate  up  to  ten  radios 
and  associated  communications,  security  equipment  and  the  AN/ASN-137  Doppler  Navigation 
Set. 


The  Primary  Control-Indicator  integrates  the  control  and  display  functions  of  all 
ten  CNI  and  associated  security  equipment  and  the  Doppler  Navigation  Radar.  This 
integration  is  accomplished  by  time-sharing  both  controls  and  displays  of  a  large  number 
of  previously  unrelated  systems.  Time-sharing  of  controls  and  displays  conserves  panel 
space  by  using  fewer  controls  and  displays  to  accomplish  the  necessary  avionics  control 
functions. 

The  Secondary  Control-Indicator  provides  a  minimum  capability  for  emergency 
situations. 

The  U.S  Army  has  embarked  on  a  development  program  to  extend  the  IACS  integration 
concept  from  the  CNI  functions  to  the  remaining  cockpit  functions.  This  program  has  been 
designated  the  Army  Digital  Avionic  System  (ADAS).  IACS  is  a  subset  of  the  ADAS  system. 
Elements  of  ADAS  have  been  installed  in  a  UH-60A  Helicopter  Systems  Testbed  for  Avionics 
Research  (STAR)  and  are  undergoing  flight  test.  The  AN/ASN-137  is  one  of  the  avionic 
systems  included  in  the  ADAS  installation  in  STAR  along  with  the  IACS. 

DESCRIPTION  OF  TBB  AN/ASN-137 

Another  example  of  the  use  of  advanced  digital  data  bus  technology  that  has  been  de¬ 
veloped  by  the  U.S.  Army  is  the  Singer  AN/ASN-137  Doppler  Navigation  System. 

Overall  design  of  the  AN/ASN-137  was  based  upon  two  requirements: 

-  Provide  a  system  that  has  MID-STD-1553  interface,  drives  a  Projected  Map 
Display  System  (PMDS)  and  can  operate  with  an  integrated  display  such  as  IACS, 

-  Retain  as  much  of  the  AN/ASN-128  hardware  design  as  possible  to  minimize 
development  costs  and  to  have  maximum  commonality  with  the  AN/ASN-128  LRU's,, 
SRU's,  and  logistics  support  equipment. 

The  changes  required  for  the  AN/ASN-137  to  meet  the  above  requirements  do  not  affect 
the  Doppler  radar  portion  of  the  AN/ASN-128.  Therefore  the  Receiver-Transmitter-Antenna 
(RTA)  and  a  major  portion  of  the  Signal  Data  Converter  (SDC)  need  not  be  changed.  Avoid¬ 
ing  RTA  changes  simplifies  retrofit  of  the  AN/ASN-137  into  helicopters  already  containing 
the  AN/ASN-128. 

The  need  to  provide  navigation,  guidance,  and  velocity  data  when  operating  with  an 
integrated  display  such  as  IACS,  instead  of  the  AN/ASN-128  CDU,  required  the  computer  and 
memory  in  that  CDU  to  be  transferred  to  the  SDC. 

A  simplified  CDU  was  developed  and  is  available  for  those  applications  of  the 
AN/ASN-137  where  IACS  is  not  provided.  A  major  design  feature  of  the  simplified  CDU  is 
that  its  operation  is  the  same  (except  for  PMDS  related  operations)  as  that  of  the 
AN/ASN-128  CDU  to  minimize  flight  crew  retraining  and  chance  of  confusion  when  flight 
crews  operate  different  helicopters. 

The  MIL-STD-1553  A  and  B  interface  was  added  to  the  expanded  SDC  to  provide  a 
digital  communication  capability  between  the  AN/ASN-)37  and  other  avionics  in  the 
helicopter.  Locating  the  MIL-STD-1553  interface  in  the  expanded  SDC  was  also  desirable 
since  its  design  would  be  simplified  by  having  direct  access  to  the  computer  bus.  To 
handle  the  increased  computational  load  of  the  MIL-STD-1553  interface  and  other  avionics 
(i.e.,  projected  map  drive  equations,  offset  targeting,  etc.),  the  AN/ASN-128  program 
memory  was  increased  from  8,000  to  16,000  16-bit  words  while  still  providing  about  3,000 
words  of  spare  memory.  The  random  access  memory  was  increased  from  500  to  1,000  16-bit 
words  providing  about  200  spare  words. 

To  provide  for  a  variety  of  board  sensors  and  displays,  a  "Program  Plug"  has  been 
added  to  tne  outside  of  the  SDC.  Each  helicopter  designed  to  accept  the  AN/ASN-137  will 
have  a  captive  cable  that  connects  to  the  Program  Plug,  and  reprograms  the  interface 
within  the  AN/ASN-137  to  be  compatible  with  the  conf iguration  in  that  particular 
helicopter . 
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A  block  diagram  of  the  overall  AN/ASN-137  system  13  shown  in  Figure  7.  Some  of  the 
key  system  features  are  listed  below: 

•  Provides  MIL-STD-1553  two-way  multiplexed  bus  interface 

•  Can  be  controlled  either  by  an  integrated  control/display  system  such  as  1ACS, 
or  a  simplified  version  of  the  AN/ASN-128  CDU 

•  RTA  unchanged  for  ease  of  retrofit 

•  Program  plug  enables  operation  in  different  helicopter  avionics  configuration 
without  changes 


•  Drives  AN/ASN-99  Projected  Map  Display  System  (PMDS) . 


AN/ASN-137 

Weight _ 

VO 

lv.me 

Power 

MTBF 

kg 

lb 

cm^ 

In3 

(W) 

(h) 

DRVS :  RTA 

4.76 

10.5 

7,752 

473 

12.0 

12,237 

SDC 

7.04 

15.5 

9,896 

603 

75.0 

3,723 

DRVS  Total: 

11.80 

26.0 

17,648 

1,076 

87.0 

2,855 

Simplified 

2.82 

6.2 

3,676 

224 

30.0 

4,584 

CDU 

Total: 

14.62 

32.2 

21,324 

1,300 

117.0 

1,760 

SHIU 

0.91 

2.0 

1,067 

65 

15.0 

10,000 

The  AN/ASN-137  completed  its  engineering  development  phase  in  late  1980,  and  was  in¬ 
tegrated  by  Singer  with  the  AN/ASQ-166  IACS,  and  the  AN/ASN-99  Projected  Map  Display  in 
early  1981.  The  system  started  U.S.  Army  flight  test  in  mid-1981,  and  has  been  in 
production  since  1982. 

SYSTEM  CONSIDERATIONS  FOR  BIGS  ACCURACY  APPLICATIONS 
IMPROVED  NAVIGATION  ACCURACY 

Figure  9  shows  the  position  error  of  the  AN/ASN-128  or  AN/ASN-137  Doppler  Navigation 
Systems  when  a  typical  helicopter  magnetic  compass  is  used  to  provide  heading.  An  error 
of  one  degree,  (one-sigma)  ,  is  characteristic  of  such  compasses,  resulting  in  a  CEP  of 
approximately  1.3%  of  distance  traveled.  For  this  system  configuration,  the  position 
error  after  50  kilometers  of  flight  is  650  meters,  as  shown  by  the  solid  line  in  the 
figure.  The  dotted  line  shows  the  error  build-up  when  an  improved  heading  reference, 
with  a  heading  error  of  0.5°  (one-sigma)  is  used.  This  accuracy  can  be  achieved  by 
careful  compensation  of  magnetic  compass  deviation  error  and  by  data  stabilization  of 
helicopter  pitch  and  roll  effects  on  heading. 

The  increasing  performance  requirements  of  advanced  attack  and  scout  type 
helicopters  has  led  to  the  need  for  a  heading  reference  with  0.25°  (one-sigma)  accuracy 
and  thus  requires  the  use  of  a  new  system  approach. 

THE  SKH-3700  ATTITUDE  HEADING  AND  NAVIGATION  SYSTEM  (AHAN5) 

In  response  to  the  need  for  a  more  accurate  heading  reference.  Singer  has  developed 
the  SKH-3700  AHANS.  The  AHANS  is  a  single-box  system  that  utilizes  strapdown  inertial 
sensor  technology  to  provide  very  accurate  heading,  attitude,  acceleration  and  angular 
rate  data  via  a  MIL-STD-1553  MUX  I/O.  The  AHANS  combines  velocity  data  from  the  AN/ASN- 
128  or  AN/ASN-137  with  its  own  inertial  sensor  data  in  an  optimum  Kalman  filter 
mechanization.  The  combined  system  has  a  heading  accuracy  of  better  than  0,25°  (one- 
sigma)  . 

The  AHANS  consists  of  a  strapdown  inertial  sensor  block,  a  powerful  computer  (SKC- 
3121)  programmed  in  a  high  order  language,  I/O,  and  power  supply.  Two,  two-degree-of- 
f^eedom,  “dry”  CONEX  gyros,  and  three,  "dry",  pendulous  accelerometers  make  up  the 
sensor  block.  Figure  10  shows  a  block  diagram  of  the  AN/ASN-128  operation  with  the 
AHANS.  Figure  11  shows  the  AHANS  LRU,  typical  electronics  carJs,  the  sensor  block,  the 
gyro  and  accelerometer. 

The  Kalman  filter  in  the  computer  software  is  a  24-state  mechanization.  It  models 
both  system  navigation  parameters  and  combined  Doppler/AH ANS  component  error  sources. 
Through  the  optimum  combination  of  inertial  sensor  data,  Doppler  velocity  data,  and  ex¬ 
ternal  position  observations  (when  available),  the  AHANS  refines  estimates  of  vehicle 
position,  velocity,  and  attitude  during  flight  and  continually  calibrates  Doppler/iner¬ 
tial  component  error  sources. 

This  mechanization  provides  a  rapid  reaction  "scramble"  or  in-flight  startup 
capability  so  important  in  military  operations,  without  impacting  navigation  accuracy 
later  in  the  flight.  In  addition,  improved  navigation  is  available  during  periods  of 
back-up  mode  operation,  such  as  Doppler  in  memory. 
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A  prototype  version  of  AHANS  was  flight  tested  by  the  U.S.  Army,  in  operation  with 
an  AN/ASN-128.  Navigation  results  were  excellent,  with  position  errors  less  than  400 
meters  after  2  hours  of  flight.  Heading  errort  averaged  less  than  0.25°  (one-sigma) 
during  this  time. 

The  AHANS  with  its  powerful  digital  computational  capability,  when  interfaced  via  a 
MIL-STD-1553  MUX  bis  with  the  Doppler,  and  controlled  by  IACS,  will  provide  not  only  nav¬ 
igation,  but  also  velocity,  heading,  attitude,  acceleration  and  angular  rates  with  the 
accuracies  needed  for  future  requirements. 

EXTERNALLY  REFERENCED  SYSTEMS 

Another  level  of  system  performance  improvement  and  operational  capability  can  be 
obtained  by  combining  the  AN/ASN-128  or  the  AN/ASN-137  with  externally-referenced 
systems,  such  as  the  Global  Positioning  System  (GPS) ,  Position  Location  and  Reporting 
System  (PLRS)  or  the  Joint  Tactical  Information  Distribution  System  (JTIDS) .  As  was 
shown  in  Figure  9,  the  position  error  of  a  Doppler  radar  navigation  system  increases  with 
distance  traveled.  The  position  error  of  an  externally-referenced  system  is  essentially 
bounded  and  predictable.  A  combined  Doppler/position  sensing  system  has  several 
important  advantages.  The  position  error  is  bounded  to  that  of  the  position  sensing 
system;  errors  in  the  Doppler  navigation  data  (velocity  and  heading)  are  calibrated  by 
the  position  sensing  system,  and  finally,  accurate  navigation  and  guidance  data  continue 
to  ie  available  to  the  flight  crew  even  when  operation  of  the  position  sensing  system  is 
interrupted  for  any  reason,  including  intentional  interdiction  by  the  enemy.  As  future 
position  sensing  systems  become  mature,  one  can  expect  increased  interest  in  combining 
these  systems  to  obtain  more  optimum  navigational  accuracy  and  reliability. 

TECHNOLOGY  ADVANCES  TO  MEET  NEW  REQUIREMENTS 

As  electronic  components  decrease  in  size,  weight  and  power  requirements,  the 
demands  for  increased  capability  and  functions  tend  to  increase  to  fill  the  available 
space  created.  For  example,  the  Doppler  radar  echo  contains  altitude  (distance  above  the 
ground)  information  in  the  phase  of  its  modulation.  As  microprocessor  and  VLSI 
technology  develops,  it  will  be  possible  and  desirable  to  add  an  altimeter  function  to 
the  Doppler  navigation  radar,  basically  without  penalty. 

CRT  displays,  when  used  in  combination  with  microprocessors,  are  providing  new 
versatility  in  the  amount,  format  and  quality  of  the  information  which  can  be  provided  to 
the  pilot.  The  use  of  multi-color  CRT’s  adds  the  dimension  of  color  to  the  data, 
allowing  highlighting  of  critical  data  on  the  CRT  face.  The  advent  of  flat  panel 
displays  will  save  volume,  weight  and  power  over  current  CRT's.. 

The  increase  in  memory  capacity,  which  Magnetic  Bubble  Memories  and  VLSI  offer,  will 
allow  digital  storage  of  maps,  which  can  be  displayed  on  a  CRT  or  flat  panel  together 
with  position,  track-made-good,  and  track-to-go  superimposed  from  the  onboard  navigation 
system. 

As  mentioned  above,  the  progress  in  circuit  miniaturization  will  produce  magor 
changes  in  the  size,  weight,  power  consumption  and  capabilities  of  avionic  hardware. 
Microprocessors  are  being  used  in  almost  all  signal  processing  .pplications,  replacing 
bulky  analog  devices  such  as  filters  and  inductors.-  Discrete  microwave  circuits  using 
waveguide  interconnections  are  being  replaced  by  printed  circuit  equivalents  (called 
"Stripline"  or  "Microstrip"),  with  integrated  active  devices  embedded  in  the  printed  cir¬ 
cuitry. 

Singer  has  been  in  the  forefront  in  applying  these  technologies  to  its  product 
lines,  especially  on  printed  microstrip  antennas.  A  printed  microstrip  Doppler  radar 
antenna  has  been  developed  to  replace  the  AN/ASN-128  printed  grid  antenna.  It  is  only 
0.030  inches  (0.8  mm)  thick  and  can  be  applied  to  conform  to  an  aircraft  surface.  This 
new  version  weighs  2  lb  less  and  requires  only  40%  of  the  present  volume. 

Figure  12  graphically  illustrates  the  benefits  of  technological  breakthroughs  to 
avionic  systems.  The  criterion  used  here  was  the  weight  of  Doppler  navigation  radar 
systems  produced  since  1950.  The  dramatic  decrease  in  weight  between  1950  and  1960  is 
primarily  due  to  replacing  vacuum  tubes  with  transistors.  Between  1960  and  1970  the 
weight  decreases  were  accomplished  by  improvements  in  antenna  technology,  resulting  in 
smaller  antennas  and  much  simpler  antenna  stabilizing  gimbals.  In  addition,  improvements 
in  RF  hardware  permitted  the  replacement  of  pulsed  high  power  transmitters  by  more 
efficient  solid  state  sources  using  FM-CW  modulation  techniques.  Since  1970,  further 
weight  reductions  were  achieved  by  replacing  mechanical  antenna  stabilization  with 
digital  data  stabilization,  replacing  slotted  waveguide  antennas  with  printed  antennas, 
and  by  the  extensive  use  of  digital  logic  and  MSI/LSI  components.  Each  reduction  in 
weight  was  accompanied  by  a  reduction  in  met  and  5179. 

The  current  rapid  pace  of  developments  in  VLSI,  microprocessors,  microwave 
integrated  circuits  and  advanced  digital  signal  processing  techniques  will  afford 
opportunities  for  even  greater  degrees  of  avionic  sensor  integration. 

By  virtue  of  these  costs  and  size  reductions,  we  will  see  operational  capabilities 
currently  supplied  in  sophisticated  fixed  wing  aircraft  extended  to  future  helicopters 
and  drones. 
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SUMMARY 

The  use  of  GPS  for  navigation  critical  applications  such  as  aircraft  non-precision  approach  or  harbor 
and  river  crossings  requires  the  navigation  data  to  be  both  extremely  accurate  and  extremely  reliable.  This 
paper  outlines  various  approaches  to  GPS  integrity  checking,  and  describes  a  method  for  user  autonomous 
satellite  fai'ure  detection  and  isolation  (D/I).  The  test  statistic  for  the  D/I  algorithm  is  the  range  residual 
parameter  oased  on  six  or  more  satellites  in  view.  The  nominal  pseudo  range  measurement  errors  are 
modeled  as  normally  distributed  with  mean  in  the  range  of  -5m  to  +  5m  and  standard  deviation  of  0.4m 
based  on  experiments  conducted  at  Stanford.  The  theoretical  statistical  distribution  of  the  range  residual  is 
given.  Monte  Carlo  simulations  present  results  of  applying  the  algorithm  to  measurement  sets  containing  a 
biased  measurement.  With  a  100m  biased  measurement  present  successful  detection  is  achieved  99.9%  of 
the  time,  and  successful  detection  and  isolation  is  achieved  72.2%  of  the  time.  The  user  is  always  aware 
when  isolation  is  not  possible.  User  positioning  errors  resulting  from  application  of  the  algorithm  are  always 
the  same  or  better  than  the  all  in  view  solution. 


1.0  INTRODUCTION 

As  the  Global  Positioning  System  (GPS)  nears  its  operational  capability,  the  number  and  diversity  of 
the  po:cnual  applications  being  suggested  is  increasing  at  an  accelerating  pace.  Already  GPS  has  become  a 
standard  tool  for  surveying.  Experimental  terrestrial,  marine,  and  airborne  navigation  is  also  being  done 
during  the  limited  periods  of  adequate  satellite  coverage.  There  is  also  considerable  interest  within  the 
potential  user  community  in  applying  GPS  to  a  variety  of  high  precision  navigation  problems  such  as  river 
and  harbor  navigation,  aircraft  non-precision  approach,  real  time  or  kinematic  surveying,  and  spacecraft  orbit 
determination.  These  applications  not  only  require  highly  precise  navigation  data,  but  they  need  it  all  the 
time.  Thus  arises  the  growing  interest  in  GPS  integrity  monitoring.  Significant  research  efforts  addressing 
integrity  issues  have  been  going  on  since  about  1980  [1]. 

The  objective  of  all  integrity  verification  schemes  is  to  ensure  the  accuracy  of  a  user’s  navigation  solu¬ 
tion  in  the  presence  of  degraded  measurements.  This  function  is  extremely  important  during  critical  mission 
phases  such  as  an  aircraft  in  final  approach,  a  ship  traversing  a  narrow  passageway,  or  a  low  earth  orbit  satel¬ 
lite  during  orbit  injection  or  final  orbit  trim. 

A  user’s  navigation  solution  may  degrade  because  of  a  GPS  satellite  failure,  poor  geometry,  selective 
availability  (SA),  local  conditions,  or  a  user  receiver  failure.  Most  integrity  monitoring  schemes  directly 
address  the  problem  of  a  GPS  satellite  clock  failure  or  degradation  of  the  broadcast  ephemeris.  In  general 
these  techniques  are  also  useful  for  flagging  a  particularly  bad  combination  of  SA  errors  and  uscr/satcllite 
geometry.  It  is  more  difficult  to  protect  against  the  influences  of  local  multipath  reflections  and  tropospheric 
delay  variations  because  they  varv  substantially  in  magnitude  and  character.  Research  work  is  being  con¬ 
ducted  at  Stanford  and  elsewhere  to  uncover  the  structure  of  errors  caused  by  multipath  interference. 
Receiver  failures,  such  as  uncalihmicu  intcrchannei  biases,  can  gcncraiiy  be  identified  within  the  receiver  by 
periodically  tracking  the  same  satellite  on  more  than  one  channel. 

The  next  section  introduces  the  various  approaches  to  integrity  verification  which  have  been  suggested. 
Following  this  receiver  autonomous  monitoring  is  expanded  further  in  Section  3.  Section  4  presents  results 
from  experiments  conducted  to  establish  the  true  structure  of  GPS  pseudo  range  measurements.  Section  5 
outlines  the  least  squares  technique  and  describes  the  characteristics  of  the  key  test  statistic  which  is  the 
basis  for  the  Stanford  approach  to  failure  detection  and  isolation.  Section  6  presents  the  straightforward 
monitoring  procedure.  Section  7  shows  results  from  extensive  Monte  Carlo  simulations,  and  discusses  the 

results  and  their  implications.  Section  8  provides  a  summary  of  what  has  been  covered,  and  suggests  future 
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enhancements  and  applications. 

2.0  APPROACHES  TO  INTEGRITY  MONITORING 

There  arc  three  basic  ways  for  a  user  to  determine  if  a  failure  has  occurred:  1)  wait  for  official 
notification  via  the  satellite  navigation  message;  2)  wait  for  notification  from  an  integrity  monitoring  station; 
3)  monitor  the  navigation  solution  integrity  autonomously. 

2.1  Official  Notification 

Official  notification  of  a  degraded  satellite  measurement  is  provided  by  the  SV  health  data  in  the  GPS 
telemetry  word  (TLM).  Two  types  of  health  data  are  contained  in  the  fourth  and  fifth  subframes  of  the 
TLM  broadcast  by  each  satellite  (2).  A  three-bit  navigation  data  health  indicator  describes  the  status,  and  in 
case  of  error,  the  type  of  problem  for  the  transmitting  satellite.  Each  satellite  TLM  also  contains  a  one-bit 
status  code  for  all  satellites  in  the  constellation.  Health  status  updates  are  routinely  performed  along  with 
satellite  cphcmcris  uploads  or  when  a  change  of  status  is  necessary  [2]. 

The  main  problem  with  using  the  health  status  indicators  for  integrity  monitoring  is  that  the  response 
time  to  a  satellite  failure  may  range  from  20  minutes  to  several  hours.  The  actual  delay  depends  on  the 
location  of  the  satellite  with  respect  to  one  of  the  four  GPS  monitor  stations,  and  the  task  loading  of  the 
GPS  Master  Control  Station  at  the  time  of  failure  [3).  Official  notification  only  provides  satellite  health 
status  and  thus  is  also  not  helpful  in  the  case  of  poor  geometry,  severe  SA,  or  localized  sources  of  error. 

2.2  Monitor  Station 

The  Federal  Aviation  Administration  (FAA)  has  been  the  primary  group  interested  in  the  develop¬ 
ment  of  independent  integrity  monitor  stations.  Since  1980,  a  series  of  studies  by  the  MITRE  Corporation 
has  been  sponsored  by  the  FAA  to  investigate  and  define  a  system  of  ground  monitor  stations.  These  sta¬ 
tions  located  at  surveyed  positions  would  monitor  satellite  signal  integrity  and  notify  users  within  a  small 
area  of  satellite  failures  within  IS  sec  (4,S).  Differential  GPS  stations  providing  range  error  information  to 
nearby  users  could  also  serve  as  effective  monitor  stations.  A  joint  study  by  Ford  Aerospace,  STI,  and  the 
Aerospace  Corporation  investigated  an  alternative  approach  in  which  integrity  data  is  uploaded  to  a  geosta¬ 
tionary  satellite  and  broadcast  to  all  users  on  an  integrity  channel  16). 

The  ground  monitor  stations  offer  a  distinct  advantage  for  users  in  the  vicinity  of  airports  where  con¬ 
tinuous  integrity  monitoring  is  crucial.  The  disadvantage  is  that  the  cost  of  a  ground  station  will  probably 
prohibit  its  use  except  in  high  density  areas. 

2.3  Autonomous  Monitoring 

In  many  instances  it  may  be  in  a  user's  best  interest  to  provide  self  protection  against  GPS  navigation 
system  degradations.  Autonomous  monitoring  techniques  can  be  divided  into  two  categories.  The  first  uses 
a  complementary  navigation  sensor  to  verify  GPS  measurement  or  navigation  solution  integrity.  Integrated 
INS/GPS,  AHRS/GPS,  and  Radar/GPS  are  a  few  examples  of  such  systems  [7).  Clearly  they  can  be  set  up 
to  protect  against  both  single  satellite  failures  and  systematic  errors  in  the  GPS  system  or  the  user  receiver. 
The  added  cost  oi  the  secondary  navigation  sensor  varies  tremendously  as  does  the  reliability  of  the  naviga¬ 
tion  data.  Few  sy  .terns  are  sufficiently  accurate  to  be  used  as  an  effective  check  on  GPS. 

The  second  methodology  for  autonomous  integrity  checking  uses  GPS  system  redundancy  to  monitor 
measurements  or  position  solutions.  The  recent  announcement  by  the  GPS  Joint  Program  Office  that  it  sup¬ 
ports  the  return  to  a  24  satellite  baseline  constellations  is  quite  a  boost  to  proponents  of  monitoring  schemes 
based  on  satellite  redundancy  [8],  With  the  full  24  satellite  constellation  most  terrestrial  usess  will  have  a 
minimum  of  6  satellites  in  view.  Since  only  4  satellites  are  required  to  solve  for  a  user’s  position  and  clock 
bias,  under  certain  conditions  the  availability  of  the  additional  measurements  can  be  used  for  a  consistenc 
or  integrity  check.  Over  the  past  few  years,  a  variety  of  such  schemes  have  been  proposed. 

This  is  the  main  topic  of  this  paper  and  will  be  developed  in  detail  in  the  following  sections. 

3.0  RECEIVER  AUTONOMOUS  INTEGRITY  MONITORING 


Receiver  autonomous  integrity  monitoring  (RA1M)  is  the  name  coined  by  iiie  FAA  for  techniques 
which  rely  only  on  redundant  GPS  satellite  measurements  for  failure  detection  [9],  The  following  sections 
elaborate  on  the  goals,  constraints,  and  techniques  particular  to  this  class  of  autonomous  GPS  user. 
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3.1  Objectives 

As  previously  discussed,  the  overall  goal  of  integrity  monitoring  is  to  ensure  the  accuracy  and  reliabil¬ 
ity  of  a  navigation  system  during  critical  mission  phases.  However,  more  specific  objectives  for  autonomous 
monitoring  can  be  identified. 

Solution  monitoring  is  currently  receiving  the  most  attention  in  the  GPS  integrity  literature.  This  truly 
is  the  issue  of  primary  concern  to  a  large  class  of  users,  for  example,  an  aircraft  about  to  execute  a  non- 
precision  approach.  Solution  monitoring  methods  set  a  2-D  or  3-D  "protection  limit"  which  indicates  the 
position  offset,  the  user  can  tolerate  without  considering  a  navigation  system  failure. [9] 

Measurement  monitoring  is  concerned  with  identifying  an  actual  problem  with  a  GPS  satellite  measure¬ 
ment.  It  is  similar  to  the  type  of  monitoring  done  at  the  ground  based  stations;  however  the  autonomous 
algorithm  docs  not  have  access  to  outside  information. 

Failure  isolation  is  merely  an  extension  of  measurement  monitoring.  In  this  case  the  objective  is  not 
only  to  detect  a  satellite  failure  but  also  to  identify  which  satellite  has  failed.  Once  this  has  been  accom¬ 
plished  the  user  can  take  the  appropriate  action  to  improve  his  navigation  information. 

In  addition  to  striving  for  reliable  detection,  any  RAIM  technique  must  also  be  compatible  with  the 
onboard  navigation  system  capabilities.  Thus  a  tradeoff  between  performance  and  computational  burden  is 
essential. 

3.2  Autonomous  Monitoring  Techniques 

Numerous  algorithms  for  autonomous  monitoring  have  been  suggested  by  researchers  such  as  Y.C. 
Lee  of  MITRE  Corporation  [10-12],  G.  Brown,  P.Y.C.  Hwang,  and  P.  McBurney  of  Iowa  Stale  University 
[13-15],  A.  Brown  of  Navstar  Systems  Development  [16],  and  B.W.  Parkinson  and  P.  Axelrad  of  Stanford 
University  [17-19].  The  majority  can  be  described  as  “snapshot”  approaches  because  they  use  single  set  of 
GPS  measurements  collected  simultaneously.  The  researchers  at  Iowa  State  University  have  also  investi¬ 
gated  the  use  of  Kalman  filtering  as  an  alternative  to  the  snapshot  solution. 

The  advantage  of  a  Kalman  Filtering  approach  is  that  it  allows  you  to  incorporate  more  information  in 
making  an  integrity  decision.  However,  care  must  be  taken  to  ensure  that  failure  model  assumed  in  the  filter 
does  not  preclude  failure  identification  unde,  a  different  failure  mode.  Significant  changes  in  measurement 
residuals  can  be  used  to  flag  a  potentially  failed  satellite.  Ramp  type  errors  in  a  satellite  clock  or  ephemeris 
prediction  are  more  difficult  to  detect  because  they  can  slowly  lead  the  solution  away  from  the  user's  true 
position. 

The  snapshot  approaches  have  a  number  of  common  characteristics.  Lee  pointed  out  that  failure 
hypothesis  testing  in  either  the  measurement  or  the  solution  domain  is  mathematically  equivalent  [10].  The 
methods  proposed  by  Lee,  R.G.  Brown,  and  A.  Brown  form  a  test  statistic  based  on  a  subset  of  the  n  avail¬ 
able  satellites.  In  the  case  of  Reference  14  the  maximum  separation  distance  between  position  solutions 
formed  from  n- 1  measurements  is  the  test  statistic.  This  type  of  technique  is  only  reliable  when  the  satel¬ 
lite  geometry  is  favorable  for  all  subsets  of  n  -  1  satellites.  If  any  of  the  n-l  satellite  subsets  has  a  high 
GDOP  or  HDOP  value,  the  test  statistic  may  indicate  a  significant  position  error  even  though  the  all  in  view 
solution  is  quite  accurate. 

The  technique  which  we  have  developed  at  Stanford  is  geared  toward  measurement  detection  and  iso¬ 
lation  (D/I).  It  is  based  on  a  single  all  in  view  solution  for  detection,  and  subset  solutions  for  failed  satellite 
isolation.  The  test  statistic,  known  as  the  residual  parameter,  is  the  normalized  root  sum  square  of  the 
pseudo  range  measurement  residuals. 

4.0  EXPERIMENTAL  DETERMINATION  OF  RANGING  ERROR  STRUCTURE 

An  accurate  model  of  both  nominal  and  degraded  measurement  errors  is  essential  for  the  design  and 
evaluation  of  any  integrity  verification  scheme.  Systematic  experiments  aimed  at  uncovering  the  pseudo 
range  measurement  error  structure  were  conducted  at  Stanford  University  using  a  state  of  the  art  GPS  sur¬ 
veying  receiver.  The  following  sections  describe  the  experiments  and  the  results  obtained. 

4.1  Equipment 

The  GPS  receiver  used  for  the  ranging  error  tests  is  a  Trimble  Navigation  4000S  Model  Surveying 
Receiver  This  5 -channel  set  tiaeks  up  io  5  sateiiites  and  provides  the  option  of  using  dopplcr  information  in 
addition  to  the  raw  pseudo  range  measurements  [20],  A  Trimble  micro-strip  antenna  was  mounted  atop  the 
High  Energy  Physics  Lab  at  Stanford  University,  at  a  reference  point  surveyed  by  Geophysical  Survey  Inc 
[21].  This  type  of  antenna  has  been  found  to  reduce  the  occurrence  of  multipath  interference.  An  IBM  PC 

XT  was  used  to  control  the  receiver  using  Trimble  data  collection  software,  and  for  data  storage  and 
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analysis.  Information  from  each  of  the  S  channels  was  stored  every  IS  sec. 

4.2  Technique 

The  4000S  has  the  capability  to  report  the  predicted  range  and  pseudo  range  measurements  to  each  of 
S  satellites  in  view.  The  pseudo  range  measurement  is  based  on  the  signal  transit  time  from  satellite  to  user 
corrected  for  satellite  clock  errors,  ionospheric  and  tropospheric  delays,  relativistic  effects,  satellite  clock 
offset,  group  delay,  etc.  [20].  It  may  also  be  adjusted  using  integrated  doppler  if  the  doppler  aiding  option 
on  the  receiver  is  selected.  This  pseudo  range  measurement  contains  errors  due  to  the  satellite  and  user 
clock  model  inaccuracies,  propagation  link  delay  model  errors,  multipath  interference,  receiver  noise  and 
interchannel  biases. 

The  predicted  range,  which  is  called  "distance’  in  the  Trimble  reference  manual,  is  based  on  the 
receiver’s  current  estimate  of  position  and  the  satellite  ephemeris  data  provided  in  the  navigation  message. 
Normally  the  receiver  estimates  its  position  using  the  combination  of  4  satellites  in  view  with  the  lowest 
GDOP  value.  To  investigate  the  independent  measurement  errors  we  suppressed  this  function  of  the 
receiver  and  provided  it  with  the  known  antenna  location:* 

Latitude  37:25.6861  N  ,  Longitude  122:10.4690  W  .  Height  6.94  m 

The  only  significant  error  in  the  calculated  distance  is  due  to  the  satellite  ephemeris.** 

The  true  ranging  errors  are  then  isolated  by  computing  the  difference  between  the  pseudo  range,  p, 
and  the  distance  plus  clock  offset,  d  +  b. 

p=  d0+ b- ec- ep- Em  -  e,  (1) 

d  =  do  +  £«  (2) 

E  =  d  +  b  -  p 

=  £.  +  £c  +  Ep  +  Em  +  £,  (3) 


where 

e0  =  ephemeris  errors 

£c  =  user  clock  bias  estimation  errors  -  uncorrecteo  satellite  clock  errors 
ep  =  propagation  link  errors,  i.e.  uncorrected  iono  and  tropo  delays 
£m  =  multipath  errors 
E,  =  receiver  errors 

4.3  Experimental  Results 

Pseudo  range  measurements  were  collected  on  various  days  in  August  and  September  1987.  The 
results  are  classified  into  three  categories, 

1)  ’''jminal  Doppler  Aided  arc  doppler  aided  pseudo  range  measurements  with  no  loss  of  signal  lock, 

2)  i  on  in  a!  Unaided  are  pseudo  range  measurements  based  on  code  only,  satellite  above  15  degrees 
elevation,  health  status  good. 

3)  Degraded  are  all  other  types  of  measurements  including  aided  measurements  during  repeated  loss  of 
signal  lock,  measurements  made  to  satellites  near  the  horizon,  measurements  made  to  satellites  that 
have  failed  for  any  reason. 

The  objective  of  the  integrity  verification  algorithm  is  to  identify  the  presence  of  degraded  measurements 
(category  3)  within  a  set  of  nominal  measurements. 

Tables  (1,2)  summarize  the  results  for  category  1,2  measurements  respectively,  and  Figures  (1,2) 
illustrate  typical  pseudo  range  error  traces.  We  originally  anticipated  that  SV8  would  serve  as  a  good  example 
of  a  failed  satellite  since  it  is  operating  on  a  quartz  crystal  clock.  However,  the  experimentally  determined 
ranging  errors  to  SV8  were  not  substantially  different  from  typical  nominal  unaided  measurements. 


*  Antenna  location  baled  on  jcodetic  lurvey  accurate  to  at  least  the  nib-meter  level.  [211 
•*  When  the  position  estimation  function  is  suppressed,  the  distance  computed  by  the  4000S  does  not  ac¬ 
count  for  earth  rotation.  The  necessary  correction  was  applied  after  the  data  was  collected. 


Table  1.  Nominal  Aided  Range  Error  Statistics  (meters) 

DATE 

SV03  | 

SV06  | 

SV09  i 

SV11  | 

SV12  | 

SV13  | 

mean 

o 

mean 

a 

mean 

a 

mean 

O 

mean 

a 

mean 

a 

AUG  19 

3.37 

0.42 

3.90 

0.39 

• 

• 

-458 

0.16 

-2.38 

0.17 

-0  52 

0.15 

AUG  26a 

* 

* 

0.08 

0.15 

-2.79 

0.38 

-0.14 

0.12 

0.66 

0.15 

2.19 

0.18 

AUG  26b 

-2.65 

0.33 

• 

• 

-154 

0.43 

• 

* 

2  01 

0.23 

2.18 

0.15 

SEP  lb 

1.38 

0.36 

• 

* 

0  77 

0.16 

-3.92 

Oil 

-2.63 

0.21 

4.39 

0.32 

SEP  2a 

• 

* 

0.59 

016 

0.95 

0.11 

-1.42 

0.23 

-2.71 

0.16 

2.59 

0.13 

SEP  2b 

4.13 

0  27 

* 

» 

-0.26 

0.40 

• 

* 

-2.84 

0.39 

-1.03 

0.59 

SEP  9b 

0.16 

0.18 

• 

• 

3.12 

0.18 

-3.02 

0.33 

•2.74 

0  28 

2.48 

0.22 

AVERAGE 

1.28 

031 

1.52 

0.24 

0.04 

0.28 

-258 

0.19 

-152 

0.23 

1.75 

0.25 

Note:  The  sum  of  the  means  for  each  session  should  be  approximately  Om  because  a  bias  common  to  all  measurements 
is  absorbed  in  the  clock  estimate. 


Table  2 

Nominal  Unaided  Range  Error  Statistics 

(meters) 

DATE 

SV03  1 

SV06  1 

r  SV09  1 

SV11  | 

SV12  ] 

SV13  | 

mean 

a 

mean 

CT 

mean 

(T 

mean 

CT 

mean 

JL  I 

mean 

a 

AUG  17 

2.06 

2.56 

-2  30 

2.29 

* 

E 

-1.08 

1.84 

rea 

-0.45 

1.28 

E 

* 

* 

3.18 

1.93 

•006 

El 

-2.42 

1.70 

BE  9 

hm 

0.94 

1.29 

EiZlHl 

-1.39 

2.07 

* 

* 

2.21 

HU 

-2.10 

3.24 

1.85 

2.01 

2.11 

SEP  10a 

* 

* 

3  29 

1.96 

-0.69 

1.34 

-1.48 

1  67 

1.66 

0.83 

1.50 

SEP  10b 

1.63 

1.91 

* 

• 

1.94 

1.88 

-2  04 

3.47 

BfeiP 

1.83 

-0.30 

2.03 

AVERAGE 

0.77 

2.18 

1.39 

2.06 

0.85 

1.59 

-1.82 

238 

-0  76 

1.74 

0.61 

1  64 

Note:  The  sum  of  the  means  for  each  session  should  be  approximately  Om  because  a  bias  common  to  all  measurements 
is  absorbed  in  the  clock  estimate. 


These  results  led  us  to  formulate  the  following  measurement  error  models: 

1)  Nominal  Doppler  Aided-  normally  distributed  random  variable  with  mean  ranging  from  -5m  to  +  5m 
and  standard  deviation  of  0.4  m. 

2)  Nominal  Unaided-  normally  distributed  random  variable  with  mean  ranging  from  -5m  to  +  5m  and 
standard  deviation  of  4.0  m. 

3)  Degraded-,  normally  distributed  with  a  of  0.4  m  for  aided  and  4.0  m  for  u'  aided,  and  a  mean  greater 
than  5  m. 

The  objective  of  the  integrity  verification  algorithm  then,  is  to  reliably  detect  measurements  for  which  the 

bias  is  greater  than  the  nominal  mean  measurement  error. 

5.0  BACKGROUND  THEORY 


This  section  provides  background  on  the  least  squares  estimation  process  necessary  for  GPS  integrity 
checking.  This  brief  explanation  may  be  a  review  for  some,  but  certain  topics  which  are  critical  to  the 
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unfamiliar  to  some  readers.  This  reviev.  will  also  serve  to  ensure  that  readers  already  familiar  with  the  con 
ccpts  understand  the  notation  and  terminology  used  throughout  this  article. 


Following  this  is  a  description  of  the  distribution  of  the  normalized  error  sum  of  squares  which  forms 
the  basis  for  the  range  residual  parameter  used  as  a  test  statistic  in  the  D/I  algorithm. 
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5.1  Least  Squares  Estimation  in  GPS 

The  pseudo  range  measurement  equation  is  given  by, 

Pi  =  Dj  -[e*  1]  x  -  e,  (4) 

where 

p/  -  pseudo  range  measurement  to  SV,  ; 

D,-  -  projection  of  the  vector  from  the  earth  center  to  SV,  onto  the  line  of  sight  from  the  user  to  SV,; 
e,  -  unit  vector  along  line  of  sight  from  user  to  SV,  ; 

x  -  (4x  1)  matrix  consisting  of  the  vector  from  the  earth  center  to  the  user  and  the  user  clock  bias  ; 
e(  -  normally  distributed  measurement  error  '  N(p,,a,)  ; 

The  pseudo  range  measurements  to  the  n  satellites  in  view  are  combined  in  the  following  matrix  equation, 
y  a  (D  -  p  )  =  Gx  +  e  (5) 


where 


e,T  r 

D, 

P. 

e, 

D  = 

P  = 

G  = 

e  = 

D- 

P« 

e-  1 

£" 

The  least  squares  estimate  of  x,  denoted  by  8,  is  then  given  by, 

8  =  (GtG)-'Gt  y  (6) 

Based  on  8  an  estimate  of  y  can  be  formed; 

J  =  GS  =  Py  (7) 

where 

P=  G(GtG)-‘Gt 

P  is  commonly  referred  to  as  the  "projection  matrix”  or  the  "hat  matrix"  [22,23]. 

The  matrix  of  range  residual  errors,  £,  is  the  difference  between  the  predicted  and  measured  ranges. 
This  ends  up  being  equivalent  to  the  difference  between  y  and  J. 

£  $  (D-G8)  -  p 

( predicted )  ( measured )  v  ' 

t  -  D  -  p  -  Gx 

=  y  -  y 

=  (I-P)  y=  (I-P)  e  (9) 

The  matrices  P,  and  (I-P),.  are  (nxn)  idempotent  matrices  with 
tracc(P)  =  rank(P)  =  rank(G)  =  4 
trace(I-P)  =  n- 4  [24], 

An  orthogonal  transformation,  K  can  be  found  which  diagonalizes  (I-P)  to  an  nxn  matrix  with  n-4  diago¬ 
nal  elements  equal  to  "1"  and  4  diagonal  elements  equal  to  ”0”.  The  sum  of  the  squares  of  the  range  resi¬ 
dual  errors  (SSE)  can  be  expressed  as,  [24] 

SSE  =  £T£  =  trace(££T) 

=  eT(I-P)e=  trace((I-P)eeT(I-P)J  (10) 


SSE  =  uTdiag(  1 . 1,0 . 0)u 
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=  U,2+  '  •  '  +U„2_4  (11) 

where  u  =  Ke. 

5.2  Distribution  of  the  Error  Sum  of  Squares 

We  next  define  s2  to  be  the  normalized  error  sum  of  squares,  s2  =  SSE/cr2;  where  a  is  the  standard 
deviation  of  the  measurement  errors. 

If  the  e,’s  arc  independent,  normally  distributed  random  variables,  with  mean  0  and  standard  deviation 
a,  i.e.  N(0,a),  then  the  u,’s  are  also  normally  distributed  with  the  same  mean  and  standard  deviation,  and 
U]  ,...,u„_4l  arc  independent.  Thus  s 2  has  a  chi-square  distribution  with  n-4  degrees  of  freedom  (dof). 

If  instead,  the  errors  are  independent,  normally  distributed  random  variables  with  non-zero  means, 
£i  ‘N(Pj.cT),  then  r2  has  a  non-central  chi-square  distribution  with  n-4  dof,  and  non-centrality  parameter, 

X  =  Hll IdpiL  (12) 

a1 

where 

HT=  (p,  .  .  .p„] 


The  non-central  chi-square  probability  density  function  is  given  by, 


/(**>  = 


-  (s2  )(*-4)tz+y"i  xz 


/=»  r(-^+y) -227-j! 


(13) 


which  reduces  to  the  standard  chi-squar*  density  function  for  X=0  [25,26]. 

In  his  1949  article  in  Biometrika,  Patnaik  describes  several  approximations  to  the  non-central  chi- 
square  distribution  which  vary  in  their  computational  requirements  and  accuracy.  For  the  integrity 
verification  algorithm  his  "first"  approximation  is  sufficient.  In  this  model,  the  density  function  of  the  non- 
central  chi-square  variable,  s2,  with  (n-4)  degrees  of  freedom  and  non-centrality  parameter,  X,  is  approxi¬ 
mated  by, 

/(**)  =  P/Xr(*3/P)  (14) 


which  is  assumed  to  have  a  chi-square  distribution  with  v  degrees  of  freedom  where, 
X 


1  + 


(n-4)+X 


v  =  (n-4)  + 


X2 


(n-4 )+  2X 


Note  that  v,  the  of  degrees  of  freedom  in  the  approximation,  is  not  necessarily  an  integer. 

The  corresponding  probability  distribution  is  obtained  by  numerical  integration  of  the  density  function 
given  by  Equation  10,  or  interpolation  in  tables. 


5.3  Range  Residual  Parameter 

The  range  residual  parameter,  r,  used  as  the  test  statistic  for  failure  detection  and  isolation  (D/I)  is 
defined  as  follows. 


r  .  -\j  HE  =  -\ /  ii2l  (15) 

’  n-4  ^  n-4 

The  principal  advantage  of  this  parameter,  r,  as  a  test  statistic,  is  that  its  theoretical  distribution  is  rela¬ 
tively  insensitive  to  the  uscr/satcllite  geometry.  As  explained  previously,  the  normalized  error  sum  of 
squares,  .t2  has  a  %2  distribution  with  n-4  dof  when  the  mcasurcmcni  error?  are  nor»!:!!;  distributed  with 
z.cro-mcan.  Ul  course  the  actual  value  of  r  does  depend  on  both  the  particular  geometry  and  the  pseudo 
range  measurement  errors.  In  addition,  if  the  measurements  are  biased,  as  we  have  determined  they  indeed 
arc,  the  non-centrality  parameter  does  depend  strongly  on  the  geometry  and  the  actual  measurement  biases. 

Knowledge  of  the  theoretical  distribution  of  the  range  residual  provides  important  insight  into  how 
well  it  will  serve  as  test  statistic.  Actual  implementation  of  the  algorithm  requires  numerical  values  for 
detection  and  isolation  thresholds  of  the  lest  statistic.  These  are  best  determined  by  Monte  Carlo  simulation 

results.  Appropriate  thresholds  may  then  be  selected  based  on  requirements  for  probability  of  false  alarm 
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and  missed  detection. 

6.0  DETECTION  /  ISOLATION  PROCEDURE 

The  D/I  procedure  is  extremely  straightforward.  The  5  steps  arc  given  below,  followed  by  a  discussion 
of  how  threshold  values  for  the  test  statistics  can  be  selected. 

6.1  Procedure 

The  user  may  perform  integrity  checking  and  failed  satellite  isolation  as  follows: 

1.  Compute  the  residual  parameter,  r,  using  all  satellites  in  view  (6  or  more)  from  Equations  3-6. 

2.  If  r  is  less  that  the  detection  threshold,  rD,  assume  that  all  satellites  are  operating  properly,  and  the 
integrity  check  is  completed.  If  r  is  greater  that  ro,  a  failure  has  been  detected. 

3.  If  a  failure  is  detected  in  (2)  compute  the  residual  parameters,  r',rJ'...,rn  for  the  n  subsets  of  n-1 
satellites. 

4.  If  one  of  the  r*  ’s  is  less  than  the  isolation  threshold,  r,  ,  and  all  others  are  larger  than  rt,  the  satellite 
omitted  from  the  i’th  subset  is  the  failed  one.  If  two  or  more  of  the  residual  parameters  are  below  the 
threshold,  the  failed  satellite  cannot  be  isolated. 

5.  If  a  failed  satellite  is  detected  and  isolated,  use  the  navigation  solution  formed  by  omitting  the  failed 
one.  If  a  failed  satellite  is  detected  but  cannot  be  isolated,  use  the  all  in  view  solution  if  necessary,  but 
recogn:7v  that  the  positioning  accuracy  is  degraded. 

6.2  Threshold  Selection 

The  most  effective  way  to  select  the  threshold  values,  rD  and  r,,  is  based  on  Monte  Cailo  simulation 
results.  The  difficulty  in  applying  statistical  theory  to  the  actual  selection  of  threshold  values  of  the  test 
statistic  is  due  to  the  fact  that  the  GPS  pseudo  range  measurements  actually  have  a  slowly  varying  com¬ 
ponent.  Measurement  biases  significantly  affect  the  expected  distribution;  but  of  course  the  user  has  no  way 
of  determining  their  values. 

A  user  should  select  detection  and  isolation  thresholds  based  on  his  requir  mcnts  for  false  alarm  and 
missed  detection.  In  this  section  we  present  extensive  Monte  Carlo  computer  simulation  results  which  facil¬ 
itate  the  choice  of  appropriate  threshold  values. 

The  simulation  program  assumes  a  3x8  uniform  satellite  constellation,  and  a  surface  user  with  eleva¬ 
tion  mask  angle  of  7.5  deg.  Range  errors  are  modeled  as  normally  distributed  with  a=0.4m,  and  means 
ranging  from  -5m  to  +  5m  with  uniform  probability.  Note  that  we  did  not  model  errors  which  may  be 
caused  by  selective  availability.  Every  15  minutes,  100  sets  of  measurements  arc  generated  using  this  range 
error  model.  In  most  cases  the  user  is  located  at  San  Francisco  Airport.  During  the  24  hr  simulations  16600 
data  points  are  generated.  A  number  of  runs  performed  for  the  Chicago  area  produced  almost  identical 
results. 

Figure  (3)  shows  the  radial  position  errors  vs  r  for  nominal  measurement  errors  at  both  San  Francisco 
(SFO)  and  Chicago  over  a  24  hr  period.  It  is  clear  that  the  residual  parameter  is  always  less  than  8m,  and 
the  radial  position  error  is  less  than  20m. 

Figures  (4-6)  illustrate  position  errors  vs  r  at  SFO  when  biases  of  100m,  50m,  and  25m  are  added  to 
one  of  the  satellite  ranges.  At  each  time  step,  100  runs  are  performed  with  each  of  the  satellites  in  view  in 
turn  designated  as  the  failed  one.  For  example,  with  6  satellites  in  view  at  time  0,  600  data  points  are  gen-, 
catco  if  8  satellites  are  visible  15  minutes  later,  800  data  points  arc  generated  at  that  time. 

;igurc  (7)  shows  the  probability  of  false  alarm  and  missed  detection  as  a  function  of  detection  thres¬ 
hold  or  several  satellite  biases.  The  probability  of  false  alarm  (PpA)  is  the  likelihood  that  a  satellite  failure 
will  be  declared  when  all  measurements  are  actually  in  the  nominal  range.  The  probability  of  missed  detec- 
'0«  (PMd)  ’v,  a  given  bias  is  the  likelihood  that  no  failure  wiii  be  ueieeieu  when  one  of  the  mCaSurCmCntS 
actually  is  biased  by  the  specified  amount.  For  example,  if  the  detection  threshold  is  set  at  8m,  satellite 
biases  of  100m  will  always  be  detected;  50m  biases  will  be  detected  99.9%  of  the  time,  37.5m  biases  98.5% 
of  the  time,  and  25m  biases  75%  of  the  time. 

If  a  failure  is  detected,  the  user  computes  the  residual  parameter  for  each  subset  of  n-1  satellites. 
Figure  (8)  illustrates  the  position  errors  and  residual  parameters  for  the  subset  containing  only  nominal 

satellite  measurements.  Notice  that  the  residual  parameter  for  tnese  nominal  subsets  still  is  always  less  than 


10m.  Figures  (9,10)  show  the  position  error  vs  r  for  alt  n-1  subsets  which  contain  a  failed  satellite  with 
bias  errors  of  100m  and  50m  respectively.  For  the  100m  bias  error,  94.7%  of  the  subset  range  residuals  are 
greater  than  10m.  For  the  50m  bias  error,  86.8%  of  the  subset  range  residuals  are  greater  than  10m. 

If  only  one  of  the  subset  solutions  has  a  residual  parameter  less  than  the  isolation  threshold  it  must  be 
the  one  consisting  of  only  nominal  measurements.  Thus  the  user  can  successfully  remove  the  biased  satel¬ 
lite  from  the  measurement  set.  If  two  or  more  subsets  are  below  the  threshold,  at  least  one  will  contain  the 
failed  satellite.  The  user  will  them  realize  that  failure  isolation  is  not  possible.  Thus  the  algorithm  ensures 
that  a  healthy  satellite  will  never  be  mistakenly  removed  from  the  navigation  solution. 

Tabic  3  summarizes  the  Monte  Carlo  simulation  results  when  the  algorithm  is  implemented  with 
rD  =  8m,  and  rt  =  10m.  The  probabilities  of  missed  detection  (MD),  successful  detection  and  isolation 
(OK),  and  successful  detection  without  isolation  (NI)  are  given. 


Table  3.  Probability  of  Detection  and  Isolation  with  rD=8m,  rp  10m 


BIAS 

PROBABILITY  (  %  ) 

(m) 

Missed  Detection 

Bias  Detected  &  Isolated 

Bias  Detected  NOT  Isolated 

100 

0.0 

72.2 

27.8 

50 

0.06 

50.5 

49.5 

37.5 

1.3 

34.2 

64.5 

25 

23.2 

6.4 

70.4 

The  important  question  which  remains  is,  "What  impact  does  this  process  have  on  the  user’s  position 
error?"  This  issue  is  addressed  in  the  discussion  below. 


7.0  DISCUSSION 

From  the  figures  in  the  previous  section  we  determined  that  a  detection  threshold  value  of  rD=  8m, 
would  produce  good  results  in  terms  of  low  probability  of  false  alarm  and  missed  detections.  An  isolation 
threshold  rp  10m,  produced  fairly  good  results  in  terms  of  a  user’s  ability  to  remove  the  biased  measure¬ 
ment.  When  successful  detection  and  isolation  is  accomplished,  the  user  is  99.95%  sure  that  his  position 
errors  will  be  smaller  than  25m  (Figure  8).  When  a  failure  is  detected  but  cannot  be  isolated,  the  user 
knows  that  his  navigation  solution  is  not  reliable  but  can  do  nothing  to  improve  it. 

The  primary  objective  of  a  large  group  of  GPS  users  is  to  minimize  the  error  in  the  overall  navigation 
solution.  While  in  general,  the  presence  of  a  biased  pseudo  range  measurement  will  degrade  the  accuracy  of 
the  navigation  solution,  the  user/ satellite  geometry  may  be  such  that  even  a  large  bias  will  have  only  a 
minor  effect  on  position  accuracy.  In  addition  if  the  subset  geometry  without  the  failed  satellite  is  extremely 
weak,  positioning  errors  may  be  worse  if  the  biased  measurement  is  not  used  in  forming  the  navigation  solu¬ 
tion. 


In  Figure  (1)  we  see  that,  given  the  experimentally  determined  nominal  error  model,  the  magnitude  of 
the  positioning  errors  using  all  satellites  in  view  is  less  than  20m.  If  one  of  the  measurements  has  a  bias  of 
100m,  it  will  .c  detected.  If  the  measurement  bias  is  less  than  100m  there  is  a  finite  probability  that  it  will 
not  be  detected.  Figures  (11-13)  show  the  probability  of  incurring  various  radial  position  errors  when  biases 
of  50m,  37..‘ rn  and  25m  are  not  detected.  Results  are  given  for  detection  threshold  values  of  4m  to  12m. 
The  sum  of  the  probabilities  indicated  on  each  of  the  curves  represents  the  probability  of  missed  detection 
for  the  particular  bias  and  detection  threshold.  Notice  that  although  the  probability  of  missed  detection  for  a 
bias  ol  25m  is  rattier  large,  tne  resulting  position  errors  arc  generaiiy  within  the  range  of  nominal  navigation 
errors. 

If  the  satellite  is  isolated,  and  the  biased  pseudo  range  is  removed  from  the  measurement  set,  the 
resulting  position  errors  are  less  than  25m,  99.95%  of  the  time  as  seen  in  Figure  (6).  If  the  satellite  cannot 
be  isolated,  the  user  will  have  to  compute  position  from  measurements  to  all  the  satellites,  resulting  in  posi¬ 
tioning  errors  of  up  to  310m  for  a  100m  bias  and  160m  for  a  50m  bias  as  in  Figures  (7,8).  The  important 

aspect  of  this  is  that  he  will  realize  that  his  portion  solution  is  not  reliable. 
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Figures  (14-17)  compare  the  distribution  of  the  positioning  errors  which  result  from  an  all  in  view 
solution  and  the  integrity  checking  algorithm  solution,  in  the  presence  of  one  measurement  biased  by  100m, 
50m,  37.5m,  and  25m  respectively.  Each  chart  represents  the  results  of  '6600  Monte  Carlo  runs.  The 
curve  marked  "ALL"  shows  the  probability  density  for  positioning  errors  which  would  be  obtained  by  a  user 
who  forms  an  all  in  view  solution  and  does  no  integrity  checking.  The  a r<*'  der  this  curve  is  equal  to  1.0. 

The  integrity  check  algorithm  follows  steps  1-5  described  in  Section  3  to  detect  a  satellite  failure  and  to 
isolate  the  biased  measurement  if  possible.  If  no  bias  is  detected  we  have  a  missed  detection  because  in  the 
simulation  one  of  the  satellites  is  always  biased.  In  this  case  the  user  forms  a  solution  based  on  all  in  view 
and  docs  not  know  that  something  is  amiss.  If  a  failure  is  detected  but  cannot  be  isolated,  the  all  in  view 
solution  is  again  used.  In  this  situation  however;  the  user  is  aware  that  the  navigation  solution  is  unreliable. 
If  isolation  is  successful,  the  failed  satellite  is  removed  from  the  measurement  set  used  to  form  the  solution. 
The  three  curves  labeled  MD,  NI,  and  OK  show  the  conditional  probability  density  functions  for  these  three 
possible  outcomes  of  the  D/I  algorithm.  The  sum  of  the  areas  under  the  three  curves  is  equal  to  1.0.  It  is 
clear  that  the  algorithm  has  significantly  reduced  the  likelihood  of  iarge  navigation  errors.  In  addition,  when 
large  errors  arc  unavoidable,  the  user  is  aware  that  the  solution  is  unreliable. 

Lowering  the  user’s  elevation  mask  angle  can  significantly  improve  performance  by  increasing  the 
number  of  satellites  visible.  Figure  (18)  illustrates  the  probability  density  of  the  errors  for  a  user  with  a  0 
degree  mask  angle  in  the  presence  of  a  50m  bias.  By  comparing  this  with  the  results  shown  in  Figure  (13) 
for  a  user  with  7.5  degree  elevation  mask  angle,  we  can  quickly  notice  the  reduction  in  mean  error  and  the 
increase  in  the  number  of  successful  detections  and  isolations.  The  user  can  detect  and  isolate  78.6%  of  the 
lime  with  a  0  degree  mask,  as  compared  to  only  50.5%  of  the  time  with  a  7.5  degree  mask. 

8.0  CONCLUSIONS 

We  have  presented  a  practical  new  approach  to  GPS  integrity  checking.  Four  key  subjects  have  been 
addressed:  1)  motivation  for  integrity  monitoring  and  possible  approaches,  2)  experimental  determination 
of  the  meat  ’rement  error  structure,  3)  theoretical  distribution  of  the  range  residual  parameter,  4)  a  practi¬ 
cal  means  of  implementing  a  D/I  scheme  based  in  this  parameter.  Each  of  these  topics  was  essential  in 
developing  a  sound  methodology  for  solving  the  problem  of  GPS  navigation  reliability. 

For  users  with  carrier  tracking  C/A  code  receivers,  such  as  the  Trimble  4000S,  the  results  presented 
here  are  directly  applicable.  The  error  structure  of  a  different  class  of  receiver  will  produce  different  results; 
however  the  framework  for  selecting  detection  and  isolation  thresholds  and  for  evaluating  the  algorithm  per¬ 
formance  is  identical  to  that  presented  here.  For  this  reason  it  is  important  for  receiver  manufacturers  and 
users  to  clearly  understand  the  characteristics  of  the  measurement  errors. 

The  algorithm  described  is  a  snapshot  approach  to  integrity  monitoring.  Under  certain  circumstances 
the  pcformancc  may  be  improved  by  averaging  the  test  statistic  over  several  measurement  times.  This 
would  be  particularly  useful  for  a  code  only  receiver,  in  which  the  measurement  errors  are  dominated  by 
white  noise.  In  the  case  of  a  carrier  tracking  receiver,  we  have  found  the  measurement  errors  to  be  slowly 
varying  in  nature  with  a  low  level  of  high  frequency  noise.  In  this  situation  it  is  not  likely  that  time  averag¬ 
ing  will  cause  much  improvement. 

The  range  residual  based  integrity  verification  method  is  reliable  and  easy  to  implement  as  part  of  a 
navigation  software  package.  It  will  never  degrade  a  user’s  solution  and  can  frequently  eliminate  biased 
measurements,  allowing  a  user  to  continue  on  a  critical  phase  of  his  mission.  When  isolation  is  not  possible 
a  user  may  have  to  postpone  navigation  critical  maneuvers.  The  only  dangerous  condition  arises  from  the 
unlikely  occurancc  of  a  missed  detection.  Further  studies  may  produce  a  method  for  predicting  when 
missed  detections  are  more  likely,  based  on  subset  solution  geometry  [27J.  By  implementing  the  integrity 
check  the  user  will  have  an  accurate  measure  of  the  reliability  of  the  navigation  solution. 
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POS  ERROR  V!  RANGE  RESIDUAL  FOR  SV  SUBSETS  WITH  100M  BIAS 
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Figure  9.  Position  Error  vs  Residual  Parameter  for  Subsets  Inrluding  Satellite  with  100m  Bias. 
POS  ERROR  vs  RANGE  RESIDUAL  FOR  SV  SUBSETS  WITH  SOM  BIAS 
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Figure  10.  Position  Error  vs  Residual  Parameter  for  Subsets  Including  Satellite  with  50m  Bias. 


HISTOGRAM  OF  RADIAL  POS  ERROR  RESULTING  FROM  MISSED  DETECTION  50M  BIAS 


i 


Figure  11.  Distribution  of  Radial  Position  Errors  When  a  60m  Bias  is  NOT  Detected. 
Detection  Thresholds  rp  «  4,6,8,10,12  m. 
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HISTOGRAM  OP  RADIAL  POS  ERROR  RESULTING  FROM  MISSED  DETECTION  37  5M  BIAS 
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Figure  13.  Distribution  of  Radial  Position  Errors  When  a  25m  Bias  Is  NOT  Detected. 
Detection  Thresholds  rg  =4,6,8,10*12  m.  — 
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DISTRIBUTION  OF  POS  ERRORS  W/WO  UfTEORITY  CHECK:  100M  BIAS 


Figure  14.  Probability  Density  Function  for  Radial  Position  Errors.  All  in  View  Solution,  and  Conditional 
Probability  Density  Functions  for  Radial  Position  Errors  from  Possible  Outcomes  of  Integrity  Checking 
Algorithm.  One  Satellite  has  a  100m  Bias. 
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DISTRIBUTION  OF  POS  ERRORS  W/WO  INTEGRITY  CHECK:  SOM  BIAS 


Figure  15.  Probability  Density  Functions  for  Radial  Position  Errors.  One  Satellite  has  a  50m  Bias. 
DISTRIBUTION  OF  POS  ERRORS  W/WO  INTEGRITY  CHECK:  37  5M  BIAS 


figure  16.  Probability  Density  Functions  for  Radial  Position  Errors.  One  Satellite  has  a  37.5m  Bias. 


Figure  17.  Probability  Density  Functions  for  Radial  Position  Errors.  One  Satellite  has  a  25m  Bias, 
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ABSTRACT 

This  paper  describes  the  modular  digital  approach  to  GPS  receiver  design  being  implemented  at  Interstate 
Electronics  Corporation  (IEC)  for  various  range  instrumentation  and  military  P-code  applications. 

The  receiver  consists  of  a  preamplifier,  RF  downconverter  that  converts  the  GPS  signal  spectrum  to  baseband  and 
digitizes  it,  single  or  multiple  digital  tracking  processors  for  carrier  and  code  tracking,  a  receiver  control  and  navigation 
processor,  and  varioui.  types  of  flexible  modular  interface  (FM1)  boards. 

This  receiver  is  lEC’s  third  generation  P-code  design  and  has  been  achieved  by  a  graceful  miniaturization  process 
that  utilizes  currently  available  low  risk  technology  to  reduce  size,  power  consumption,  and  cost.  Recent  anti-jamming 
test  results  are  presented. 


1.0  INTRODUCTION 

IEC  is  developing  a  new  (Ll/L2/P-code)  GPS  receiver  that  is  ideally  suited  to  navigation  and  positioning  applica¬ 
tions  in  platforms  such  as  missiles,  remotely  piloted  vehicles,  aircraft,  aircraft  pods,  and  ships.  This  receiver  is  being  devel¬ 
oped  as  part  of  lEC’s  Independent  Research  and  Development  (IRAD)  program. 

The  receiver  concept  is  highly  modular  and  includes  provisions  for  low,  medium,  and  high  dynamics  operations  as 
shown  in  figure  1.  Low  dynamics  applications  (in  the  lg  range)  can  be  handled  by  the  single  channel  receiver  unit,  which 
is  a  5-inch  diameter  by  11.5-inch  long  module,  as  shown  in  figure  2.  For  these  dynamics,  the  receiver  operates  as  a  single 
channel,  fast  multiplex  receiver.  The  antenna  and  preamplifier  unit  is  a  separate  package.  For  medium  dynamics  (in  the  1 
to  4g  range),  a  small,  low  cost,  inertial  reference  unit  can  be  added  to  provide  an  inertially-aided  receiver  that  will  track 
these  dynamics.  High  dynamics  applications  require  the  use  of  the  5-channel  receiver  unit  which  can  be  packaged  in  a 
5-inch  diameter  by  19.5-inch  long  unit  for  aircraft  pod  applications,  or  in  a  1/2  ATR  short  package.  For  these  dynamics, 
the  receiver  operates  as  a  parallel  continuous  processing  receiver.  All  of  these  receivers  include  provisions  for  differential 
processing 

Special  features  are  included  to  enhance  acquisition  speed  and  anti-jamming.  These  include  a  VLSI  digital  parallel 
correlator  to  compare  the  signal  with  the  local  reference  code,  significantly  speeding  up  acquisition  time  and  time-to- 
first-fix.  Special  anti-jamming  features  have  been  included  that  particularly  improve  anti-jamming  performance  in  the 
presence  of  CW  jamming,  which  has  been  the  worst  case  jamming  threat  in  other  available  GPS  receivers. 

Provision  is  included  in  the  receiver  design  to  handle  the  selective  availability  and  anti-spoofing  functions  that  deny 
high  accuracy  to  unauthorized  users  in  times  of  a  national  emergency. 

The  control  of  the  receiver  can  be  either  by  a  control/display  unit  in  applications  that  require  an  operator  interface, 
or  by  a  computer  interface  in  computer-controlled  applications.  Both  control  methods  use  flexible  modular  interface 
(FMI)  k  sards. 


2.0  ARCHITECTURE 

A  block  diagram  of  the  receiver  is  shown  in  figure  3.  The  units  shown  are  the  preamplifier  module  and  either  the  sin¬ 
gle  channel  receiver  unit  or  the  five  channel  receiver  unit.  The  preamplifier  module  shown  operates  from  two  switched 
(multiplexed)  antennas,  such  as  top  and  bottom  aircraft  or  pod  antennas.  Other  preamplifier  types  are  available  to  employ 
a  single  antenna.  The  family  of  modules  for  the  receiver  is  shown  in  figure  4. 

Referring  again  to  figure  3,  the  ir.put  L-band  signals  from  the  preamplifier  are  downconverted  to  in-phase  and 
quadrature  baseband  signals  in  the  RF  converter,  then  digitized  in  the  adaptive  ?nalog-to-digital  converter  (ADC).  These 
digitized  signals  are  then  processed  in  the  tracking  processor,  which  contains  code  and  carrier  tracking  loops  to  track  the 
GPS  signals.  For  single  channel  receivers,  the  tracking  processor  operates  in  a  fast  multiplex  mode,  dwelling  on  each 
satellite  for  a  few  milliseconds  before  going  on  to  process  the  next  satellite  signal.  A  similar  multiplex  approach  is  used 
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Figure  4.  Family  of  Modules  for  the  IEC  Advanced  GPS  Receiver 
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for  two  channel  receivers,  except  that  each  tracking  processor  then  only  needs  to  multiplex  half  as  many  satellites,  which 
reduces  the  multiplexing  loss.  This  fast  multiplexing  approach  provides  a  capability  for  high  dynamic  operation  with 
reduced  hardware.  For  five  or  six  channel  receivers,  there  is  one  tracking  processor  for  each  satellite  signal.  Fast  multi¬ 
plexing  is  used  in  the  five  or  six  channel  receiver  for  multiplexing  between  LI  and  L2  frequencies,  and  between  top  and 
bottom  aircraft  or  pod  antennas. 

The  final  conversion  to  remove  doppler  is  performed  digitally  by  each  individual  tracker,  eliminating  the  need  for 
multiple  IF  channels. 

The  Hacking  processor  code  and  carrier  tracking  loops  are  closed  via  the  CMOS  68000  microprocessor.  The  carrier 
loop  feeds  back  through  the  carrier  numerically-controlled  oscillator  (NCO)  whose  digital  output  is  used  to  remove  the 
doppler  from  each  individual  satellite  signal.  The  code  tracking  loop  feeds  back  through  the  code  NCO  and  code  genera¬ 
tor.  The  68000  is  on  a  common  interprocessor  communications  bus  with  the  navigation  processor  and  FMI  processors, 
allowing  these  processors  to  access  memory  for  control  and  data.  The  output  measurements  from  the  tracking  processor 
are  the  pseudorange  and  delta  pseudorange  measurements,  which  are  accessed  by  the  navigation  processor  over  the  bus 
and  are  used  as  inputs  to  the  navigation  filter. 

The  navigation  processor  uses  a  CMOS  National  Semiconductor  NS32C016  microprocessor,  which  was  selected  for 
high  throughput  capability  in  floating  point  computations  when  used  with  its  floating  point  coprocessor.  This  processor  is 
used  for  management  processing  and  for  the  GPS  navigation  filter.  The  battety  powered  self-sustaining  clock  is  also  con¬ 
tained  in  the  navigation  processor. 

The  FMI  boards  all  employ  a  CMOS  68000  processor  with  direct  memory  access  to  allow  rapid  communication  of 
I/O  data  over  the  interprocessor  bus. 

Special  function  boards  can  be  added.  As  an  example,  a  4-Mbyte  RAM  board  is  used  as  a  solid  state  flight  recorder 
in  some  applications  instead  of  using  a  separate  external  recorder. 

The  fixed  frequency  downconversion,  the  local  carrier  and  code  tracking  for  multiple  tracking  processors,  and  the 
separation  of  navigation,  tracking,  and  input/output  processors  are  cornerstones  of  a  highly  modular  receiver  aichitecture. 
The  allocation  of  software  tasks  to  each  distributed  processor  allows  for  software  modularity.  The  single  RF  downconver- 
ter  can  drive  from  one  to  N  tracking  processors  with  no  loss  of  performance  for  any  channel.  This  allows  for  appreciable 
power  savings  over  the  alternate  approach  of  several  RF  downconverter  channels.  Hardware  fault  isolation  is  simple 
because  modularity  allows  swapping  of  tracking  processor  boards.  Shifting  of  signal  processing  hardware  from  analog/RF 
circuitry  to  VLSI  CMOS  digital  logic  lowers  parts  count,  improves  reliability,  lowers  power  dissipation,  reduces  compo¬ 
nent  drift,  and  simplifies  calibration.  Technology  insertion  of  higher  density  VLSI  components  can  have  minimal  impact 
on  receiver  structure. 


3.0  DETAILED  DESIGN 


3.1  Antenna 

A  wide  variety  of  antennas  can  be  used  with  the  receiver.  For  high  dynamic  aircraft  and  pods,  a  top-  and  bottom- 
mounted  antenna  pair  is  used.  In  other  applications,  a  single  antenna  is  sufficient. 

For  top-  and  bottom-mounted  antennas,  a  pair  of  preamplifiers  feeding  a  solid-state  switch  are  used.  Preamplifier 
gain  is  30  dB,  and  an  overall  noise  figure  of  3.1  dB  is  achieved.  The  solid-state  antenna  switch  allows  switching  antennas 
in  200  ns,  so  negligible  loss  is  taken  in  fast  multiplexing  antennas  with  a  typical  dwell  lime  on  each  antenna  of  20  ms  or 
less. 


3.2  RF  Converter 

The  RF  converter  block  diagram  is  shown  in  figure  5,  A  diplexer  is  used  at  the  inp.it  to  separate  the  LI  and  L2  sig¬ 
nals,  which  are  then  multiplexed  by  a  solid-state  switch  into  the  first  mirar.  The  first  conversion  reference  frequency  is 
fixed  at  1401.51  MHz  that  converts  both  LI  and  L2  inputs  without  switching  reference  frequencies.  Following  downcon¬ 
version,  amplification  and  bandpass  filtering,  the  signal  is  split  into  C/A-  and  P-code  channels  for  the  final  conversion  to 
baseband.  Following  this  conversion,  the  individual  outputs  are  digitized  to  two-bit  words  for  input  to  the  tracking  proc¬ 
essor.  There  is  no  doppler  removal  or  code  stripping  done  in  the  RF  converter.  This  allows  the  RF  converter  to  drive  any 
number  of  tracking  processors,  and  contributes  greatly  to  the  modularity  of  our  approach. 

The  analog-to-digital  converter  (ADC)  is  a  special  custom-integrated  circuit  that  was  designed  to  provide  high 
immunity  to  non-Gaussian  interference  and  jamming.  It  is  particularly  effective  against  CW,  swept  CW,  and  pulsed  CW 
due  to  the  highly  non-Gaussian  amplitude  distribution  of  these  types  of  interference. 

The  adaptive  threshold  ADC  separately  quantizes  both  the  I  and  Q  channel  received  signal  components  prior  to 
baseband  correlation  as  shown  in  figure  5.  Two  bits  (sign  and  magnitude)  are  retained  as  shown  in  figure  6. 


Figure  5.  RF  Converter  Block  Diagram 
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Figure  6.  Adaptive  Threshold  A/D  Converter 


The  approach  was  originally  described  by  Amoroso!1-2)  The  adaptive  operation  of  the  converter  involves  controlling 
the  thresholds  so  they  are  crossed  with  the  required  average  duty  cycle.  For  example,  as  shown  in  f.gure  7,  tne  sign  thresh¬ 
old  is  caused  to  be  crossed  with  50  percent  of  the  samples  above,  and  50  percent  below  the  sign  threshold.  The  magnitude 
threshold  is  controlled  to  maintain  15-perceni  excursions  above  it  in  figure  8.  These  thresholds  are  maintained  at  these 
settings  of  duty  cycle  excursions  by  loop  feedback  that  controls  the  converter  comparator  thresholds,  even  when  the  jam¬ 
mer  levels  change. 

Following  the  selection  of  C/A-  or  P-code  sampled,  input,  the  doppler  is  removed  in  a  read-only  memory  (ROM)  that  is 
programmed  to  perform  a  complex  multiplication  that  rotates  the  phase  of  the  input  signal  by  the  residual  doppler.  The 
two-bit  signal  is  then  applied  to  the  multi-tap  correlator  that  correlates  it  with  either  the  C/A-  or  P-code  reference.  The 
correlator  outputs  are  input  to  the  68000  processor  for  use  in  both  acquisition  and  track  modes. 

This  converter  has  been  developed  into  a  monolithic  chip  design  in  bipolar  technology  and  has  been  tested 
extensively. 

3  J  Tracking  Processor 

The  tracking  processor  implements  an  all-digital  baseband  processing  design  that  includes  a  12-chip  wide  acquisition 
and  track  correlator  for  improved  acquisition  speed  and  dynamic  tracking/3-4)  This  board  tracks  both  code  and  carrier  in 
the  signal.  Figure  9  shows  both  a  simplified  functional  operation  diagram  and  the  gate  array  partitioning  employed. 
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Figure  7.  2-Bit  Threshold 


Figure  8.  Output  Presentation  (noise  not  shown) 
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Figure  9.  Tracking  Processor 
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The  code  generators  are  designed  for  fast  multiplexing  in  that  they  can  be  set  to  any  desired  chip  under  control  of 
the  68000.  The  P-coder  is  contained  on  one  CMOS  gue  array,  and  the  C/A-coder  with  two  numerically-controlled  oscil¬ 
lators  is  contained  on  another.  The  anti-spoofing  function  is  also  included  for  operation  with  the  P-code  generator. 

33.1  Digital  Doppler  Kemoral 

The  tracking  processor  (figure  9)  performs  digital  doppler  removal  by  implementing  a  carrier  frequency  lock  loop 
(FLL),  a  carrier  phase  lock  loop  (PUL),  or  a  Costas  loop.  The  microprocessor  program  performs  feedback  computations 
that  dose  the  loop  between  the  error  measurement  hardware  (digital  correlator/integrators)  and  the  signal  reference  gen¬ 
eration  hardware  (P-coder,  C/A-coder,  NCOs,  code  delay,  and  baseband  converter). 

The  NCO  consists  of  a  24-bit  accumulator  that  is  caused  to  overflow  periodical!'  at  the  desired  output  frequency. 
The  converter  (carrier)  NCO  is  initialized  with  the  estimated  carrier  doppler  frequency  and  phase.  Several  of  the  most 
significant  bits  of  the  instantaneous  phase  output  are  applied  as  the  rotation  angle  for  the  baseband  converter.  The 
function  of  the  baseband  converter  (BBC),  shown  in  figure  10,  is  to  perform  a  phase  rotation  of  the  input  signal.  The 
BBC  is  actually  implemented  as  a  read-only  memory  lookup  table.  The  1  and  Q  inputs  are  the  real  and  imaginary 
components,  respectively,  of  the  complex  input  signal,  and  similarly  for  the  outputs. 

The  24-bit  accumulator  width  of  the  converter  NCO  was  determined  to  be  adequate  to  keep  phase  jitter  contribu¬ 
tion  below  the  system  phase  noise  level.  The  limited  number  of  NCO  bits  used  for  the  phase  rotation  angle  does  not 
cause  a  coarse  phase  resolution;  the  full  precision  phase  estimate  is  maintained  in  the  software  digital  loop  filter.  The 
negative  signal-to-noise  level  of  the  BBC  inputs  and  outputs,  and  the  integration  time  averaging  over  carrier  phase  cycles 
allows  the  use  of  the  full  phase  resolution  of  the  NCO. 

33.2  Code  Delay  Approach 

Reference  code  time  alignment  is  performed  by  code  clock  manipulation  and  using  a  delay  lock  loop  implemented  in 
software.  The  original  code  doppler  removal  technique!1)  used  an  NCO  clocked  at  8.42  MHz  to  generate  a  1.023-MHz 
(plus  doppler)  frequency  C/A-code  clock.  Application  of  this  technique  to  P-code  was  not  pursued  since  the  capabilities 
of  VLSI  CMOS  logic  would  not  be  sufficient.  In  the  present  design,  all  reference  code  generators  are  clocked  by  the 
10.23-MHz  reference  clock  and  the  code  outputs  are  delayed  by  fractions  of  a  code  chip.  Code  doppler  is  simulated  by 
stepping  the  code  delay  over  time.  The  code  generators  generate  integer  P-chips  of  delay  and  the  Code  Delay  NCO 
controls  fractional  P-chips  of  delay.  This  approach  uses  an  NCO  clock  frequency  less  than  1  MHz  for  doppler  control  of 
both  C/A-  and  P-code.  The  setting  of  code  delay  rather  than  frequency  avoids  accumulation  of  numerical  integration 
error.  Additional  benefits  include  low  interchannel  delay  bias  and  compatibility  with  fast  multiplexed  tracking.  Reference 
code  initialization  for  any  satellite  and  any  code  value  may  be  set  to  very  fine  delay  resolution  within  four  milliseconds. 
Although  code  initialization  computations  can  use  a  large  fraction  of  one  millisecond,  the  synchronized  loading  of  the 
working  registers  occurs  with  no  time  lag  penalty. 
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Figure  10.  Digital  Baseband  Converter 
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3.3.3  Multi-tap  Correlator  Integrator 

The  Correlator/Integrator  ASIC  is  predominantly  a  set  of  16-bit  up-down  counters.  When  sampled  signals  are  corre¬ 
lated  against  reference  code,  the  counters  count  up  or  down  to  indicate  a  match  or  mismatch,  respectively.  At  the  end  of 
the  correlation  time  interval,  the  counts  are  stored  in  holding  registers  accessible  over  the  microprocessor  bus.  This  inte¬ 
grate  and  dump  function  is  the  optimal  filter  for  detection  of  pseudorandom  noise  code  buried  in  Gaussian  noise. 

The  correlator  control  logic  was  made  flexible  to  allow  for  different  capabilities  in  different  modes  of  operation.  For 
example,  one,  two,  or  three  I/O  channels  may  be  configured  to  achieve  from  two  to  eight  levels  of  quantization  for  the 
BBC  outputs.  Figure  11  indicates  how  the  channel  outputs  may  be  combined  to  achieve  eight-level,  four-level,  and  two- 
level  operation.  The  weighting  factors  for  this  operation  may  be  manipulated  under  software  control  to  get  the  best  proc¬ 
essing  gain  from  the  adaptive  ADC. 

The  multi-tap  correlator  integrator  is  possible  as  a  consequence  of  the  digital  sampled  signal  approach.  There  are 
approximately  two  samples  per  code  chip.  Reference  code  sampled  into  an  N-bit  shift  register  gives  N  delayed  reference 
code  samples  each  clock  cycle,  spaced  one-half  code  chip  apart.  The  correlator  control  logic  can  then  correlate  the  input 
sampled  signal  against  all  N  reference  codes  in  parallel.  Figure  12  indicates  that  eleven  code  chips  may  be  searched  in 
parallel  during  one  correlation  interval.  This  permits  a  sharp  reduction  in  acquisition  time  over  systems  that  do  not  use 
multi-tap  correlation.  The  large  code  chip  delay  range  also  makes  possible  an  extended  range  delay  discriminator.  In  high 
dynamics  and  low  signal  to  noise  applications,  the  delay  lock  loop  using  this  detector  will  be  able  to  “hang  on"  better  and 
have  lower  loss  of  lock  levels  than  a  standard  Early  Minus  Late  discriminator. 


3.3.4  Sample  Frequency  Considerations 

The  relationship  of  two  samples  per  code  chip  is  advantageous  to  the  multi-tap  correlation,  but  four,  six,  or  eight 
samples  per  chip  might  also  be  used.  Calculations  and  measurements  show  that,  with  sufficient  bandlimiting  of  the 
presampled  signal,  there  is  negligible  gain  to  be  had  by  sampling  at  greater  than  twice  the  code  chip  frequency.  Lower 
clock  frequencies  also  reduce  system  noise  levels  and  reduce  power  dissipation  in  the  VLSI  CMOS  circuits. 

The  sample  frequencies  used,  20.5  MHz  and  2.05  MHz  for  P-code  and  C/A-code,  respectively,  are  asynchronous 
relanve  to  the  code  frequencies.  If  the  sample  rate  is  exactly  twice  the  pseudorandom  code  rate,  the  auto-correlation 
function  loses  its  characteristic  shape  and  becomes  a  stairstep  function. 
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Figure  11.  N-Level  Correlator 
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3.4  Navigation  Processor 

The  navigation  processor  uses  the  National  CMOS  NS32C016  microprocessor  and  its  associated  floating  point  unit 
that  provides  the  high  floating  point  throughput  required  for  high  dynamics  applications.  This  processoi  serves  as  the 
inter-prc'-sscr  communications  bus  controller,  management  processor,  and  navigation  filter  processor.  The  navigation 
processoi  has  complete  access  to  the  memoty  space  within  the  tracking  processors  and  FMI  processors. 

A  block  diagram  of  the  navigation  processor  is  shown  in  figure  13.  The  following  memory  is  contained  on  the  board: 

•  256K  byte  CMOS  UV  EPROM  instruction  store 

•  128K  byte  CMOS  RAM  for  data  storage 

•  16K  byte  battery-backed  CMOS  RAM  for  storage  of  critical  data 

•  16K  byte  EEPROM  for  both  the  almanac  and  a  bootstrap  used  for  field  reprogramming  of  onboard  EPROM 

A  low  power  battery-backed  self-sustaining  clock  is  included  on  the  navigation  processor  board  to  maintain  time 
greater  than  30  days  without  prime  power. 


3.5  Flexible  Modular  Interface  (FMI) 

The  bus-oriented  architecture  and  the  use  of  direct  memory  access  in  the  FMI  cards  allows  each  FMI  card  to  access 
all  receiver  data,  supporting  the  multiple  use  I/O  port  concept  and  easing  system  integration. 

The  FMI  is  under  the  direction  of  the  navigation  processor,  but  operates  autonomously  up  to  the  message  level,  con¬ 
trolling  the  various  I/O  transfers  concurrently.  In  addition  to  performing  the  communications  function,  the  FMI  boards 
also  provide  message  data  converting,  rescaling,  and  reformatting  capability.  The  message  data  is  originally  developed  by, 
or  ultimately  destined  for,  the  navigation  processor,  which  sees  the  FMI  as  a  resource  rtsiding  in  its  memoty  space.  The 
FMI  is  specifically  designed  to  minimize  the  navigation  processoi  woikload. 

Figure  14  shows  the  block  diagram  of  the  FMI  boards.  All  of  the  FMI  boards  are  designed  around  a  common  struc- 
j  ture  that  minimizes  development  and  enables  use  of  much  common  hardware  and  software. 

Variations  between  FMI  types  are  due  to  the  peculiar  interface  requirements  of  each,  resulting  in  specialized  hard¬ 
ware  and  software  drives  only  in  this  area. 

The  Motorola  68000  processor  is  used  in  all  F>'I  boards.  A  key  feature  of  the  design  is  the  direct  memory  access 
l  (DMA)  structure,  in  which  the  separate  port  driver  circuits  have  rapid  access  to  data  storage  memory,  transparent  to  the 

l  microprocessor.  Thus,  the  68000  is  not  in  the  loop  for  each  data  transfer,  but  serves  as  the  off-line  orchestrator  of  board 
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Figure  13.  Navigation  Processor  Block  Diagram 
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Figure  14.  Flexible  Modular  Interface  (FMI)  Block  Diagram 


3.6  System  Software 

Software  in  the  tracking  processor  and  navigation  processor  remains  the  same  for  different  applications,  with  differ¬ 
ent  control  words  being  used  to  direct  specific  performance  in  different  applications.  Different  hardware  and  system  inter¬ 
face  requirements  are  supported  by  the  common  FMI  board  set  with  application-unique  software  added  for  specific 
interfaces. 

FORTRAN  77  is  the  high  order  language  used  in  the  navigation  processor.  Assembly  language  is  employed  in  the 
tracking  processor  and  in  other  areas  where  required  for  time-critical  processing. 

The  tracking  processor  software  employs  a  very  flexible  approach  for  fast  multiplexing.  A  single  software  approach 
handles  the  full  range  of  a  single  satellite  per  tracking  processor  channel  through  four  or  five  satellites  per  channel.  There 
are  no  specific  restrictions  in  regards  to  maintaining  a  synchronous  or  an  asynchronous  relationship  between  bit  time  and 
multiplex  repetition  time.  This  provides  considerable  flexibility  to  the  approach.  By  comparison,  an  approach  that  avoids 
positioning  the  dwells  over  a  data  bit  transition  time  is  very  restrictive  as  to  which  dwells  and  number  of  satellites  can  be 
used. 

Five  navigation  filter  state  configurations  are  included  to  cover  various  applications: 

•  A  17-state  filter  for  the  inertially-aided,  high  dynamics  case 

•  An  11-state  filter  for  high  dynamics  operation  without  inertial  aiding 

•  An  8-state  filter  for  low  dynamics  applications 

•  A  5-state  filter  for  stationary  operation 

•  A  2-state  filter  for  time  transfer 

These  filters  use  common  software  modules  with  control  words  used  to  select  the  appropriate  modules  and  parame¬ 
ters  for  the  desired  configuration. 

3.7  Built-in-Test 

Receiver  built-in-test  is  implemented  both  functionally  and  with  built-in-test  hardware.  Functional  built-in-test 
includes  a  TEST  SIGNAL  bus,  driven  by  one  tracking  processor  and  received  by  the  remaining  tracking  processors. 
Reference  code  generation  and  tracking  can  be  tested  using  it.  The  CA/NCO  gate  array  stores  the  state  of  several  dozen 
critical  nodes  and  compresses  the  result  into  a  16-bit  word  that  may  be  compared  against  known  correct  results.  The 
P-coder  also  stores  a  16-bit  check  word  for  verification.  The  Correlator  Integrator  ASIC  multiplexes  all  critical  inputs 
and  internal  signals  to  a  pair  of  test  points  to  enhance  board  level  troubleshooting.  The  microprocessor  can  perform  self 
test  to  exercise  random  access  memory,  do  a  read  only  memory  checksum  and  exercise  instructions  and  address  and  data 
modes. 

3.8  Size  and  Power  Evolution 

The  shift  of  processing  functions  into  VLSI  CMOS  integrated  circuits  allowed  dramatic  size  and  power  reductions. 
The  3.6-inch  by  8-inch  Tracking  Processor  board  (figure  15)  contains  the  equivalent  of  roughly  four  9-inch  by  14-inch 
circuit  boards  populated  with  300  SSI/MSI/LSI  logic  devices.  The  P-coder  board,  a  6-inch  by  9-inch  multilayer  printed 
circuit  board  used  in  a  previous  receiver  design,  draws  1600  milliamperes  of  supply  current.  The  P-coder  gate  array, 
implemented  as  a  2-micron  silicon  gate  CMOS  gate  array,  is  one-inch  square  and  draws  under  50  milliamperes  of 
operating  power  supply  current.  These  comparisons  are  indicative  of  the  power  and  size  reductions  that  have  been 
achieved  in  this  design. 


Figure  15.  Advanced  Development  Receiver  Tracking  Processor  Board  Layout 
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3.9  ASIC  Development 

|  The  first  printed  circuit  version  of  the  tracking  processor  required  roughly  300  dual  inline  type  integrated  circuits. 

1  Size  constraints  on  the  P-code  Engineering  Development  Model  unit  made  some  form  of  specialized  digital  integrated 

circuit  mandatory.  The  choices  at  that  time  were  full  custom  in  either  Bipolar  TTL,  ECL,  or  CMOS  and  CMOS  gate 
1  arrays.  The  CMOS  semi-custom  gate  arrays  at  the  upper  edge  of  the  state-of-the-art  satisfied  the  logic  speed  require¬ 

ments  (21  MHz),  and  their  inherent  low  power  and  relatively  low  cost  made  them  an  ideal  choice  for  the  ongoing 
|  development  The  NCO  and  the  first  generation  correlator/integrator  gate  arrays  were  developed  for  this  project.  The 

!  effort  indicated  dearly  that  the  technology  was  well  suited  to  the  task  and  that  it  was  realistic  to  plan  on  having  gate  array 

devices  “right  the  first  time”. 

'  The  P-Code  Reference  Receiver  system  required  a  further  reduction  in  size.  CMOS  gate  array  technology  was  a 

dear  cut  choice  in  terms  of  cost,  power,  schedule,  and  range  of  available  vendors.  At  this  point  in  the  development,  where 
,  the  system  became  primarily  a  collection  of  semi-custom  devices,  the  architecture  and  functional  partitioning  became 

critical  factors.  The  design  goal  was  to  partition  and  mechanize  the  functions  to  be  standalone  building  blocks  so  that 
various  system  configurations  could  be  realized  with  a  minimum  of  redesign.  Each  gate  array  would  be  designed  to  func¬ 
tion  as  a  peripheral  to  the  Motorola  68000  microprocessor  and  incorporate  built-in-test  functions.  Figure  16  indicates 
the  path  of  gate  army  development  during  development  of  the  6-inch  by  9-inch  Tracking  Processor  printed  rircuit  board. 

Careful  attention  to  design  detail  and  the  effective  use  of  computer  aided  design  and  simulation  tools  produced  a  set 
of  gate  array  devices,  all  “right  the  first  time”.  The  integrated  circuits  for  use  in  the  Advanced  Development  Receiver  are 
completed.  With  the  exception  of  the  extended  range  correlator/integrator,  these  devices  are  primarily  support  for  the 
1  navigation  and  interface  functions  of  the  receiver. 
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Figure  16.  Reference  Receiver  Tracking  Processor  Gate  Array  Development 
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SUMMARY 

The  optimal  integration  of  a  strapdown  INS  with  a  GPS  in  a  maneuvering  vehicle  is 
considered,  assuming  the  GPS  will  eventually  be  jammed.  To  achieve  optimal  performance 
after  jamming,  many  inertial  instrument  errors  should  be  calibrated  by  the  GPS.  instead 
of  using  a  single,  high  order  Kalman  filter  a  more  effective  solution  is  obtained  by 
using  several  partitioned,  low  order  filters.  This  solution  is  al30  applicable  to  other 
GPS/INS  integration  problems. 

The  observation  information  used  in  these  filters  comes  from  the  phase-locked  GPS  carrier 
tracking  loops.  Inertial  rate-aiding  of  these  loops  to  delay  loss  of  lock  due  to  jamming 
is  investigated.  This  is  a  more  difficult  problem  than  early  investigators  antici¬ 
pated.  It  Is  solved  by  partitioning  each  tracking  loop  into  a  high  bandwidth 
extrapolator  for  upgrading  the  inertial  aiding  information  and  an  aided  low  bandwidth 
tracking  loop  for  tracking  the  GPS  phase. 

To  gain  insight  into  these  partitioned  filters,  a  general  class  of  Kalman  filtering 
problems  is  investigated.  In  most  cases,  an  analytic  solution  to  both  the  transient  and 
steady-state  Kalman  filter  gains  is  obtained.  These  solutions  can  be  implemented 
directly  in  the  partitioned  filters,  rather  than  using  real-time  Kalman  filters. 


LIST  OF  SYMBOLS 

(Does  not  include  symbols  defined  by  the  tables  or  figures) 


Aj(  ,  Ay  ,  Ay 

pL  pR  pL 

CB'  CE'  CR 
SCjj,  6Cy,  6Cy 

Dx ,  DY'  dz 

DR,  DP 
«(  ) 

A(  ) 

EX,  Ey,  By 
6 

ei*  eij 

e-ST 

G,  G 

R 

I 

K 

N 

Pjj,  Py,  Py 
P 

pa 

P  (matrix) 

PSD 


Acceleration  Components  (ft/sec2) 

(also  specific  force  coefficients  in  error  model) 

Direction  cosine  matrices  from  subscript  system  to  superscript 
system 

Coriolis  errors 

Accelerometer  errors  in  body  axes  (ft/sec2) 

GPS  delta  range  and  corresponding  delta  position 
Differential  error  in  (variable) 

Difference  in  (variable)  over  finite  time 

Gyro  angular  rate  errors  in  body  axes  (radians/sec) 

Error  in  control  loop 

Unit  vector  along  line-of-sight  to  satellite  i,  and  its  jth 
component  (j*X,Y,Z) 

Laplace  transform  notation  for  delay  of  T  seconds 

Gain  ratio,  normalized  gain  ratio 

Observation  matrix 

Identity  matrix 

Optimal  gains 

Upper  limit  on  index 

Position  components  (feet) 

Position  or  phase 
Antenna  position 
Covariance  matrix 
Power  spectral  density 
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1.  INTRODUCTION 


Misalignments  between  computed  reference  axes  and  true  reference 
axes  (radians) 

<  eading  relative  to  reference  axes 

Quaternion  from  body  axes  to  levol  axes 

Power  spectral  density  of  process  noise 

Power  spectral  density  of  observation  noise 

Reciprocal  of  earth  radius 

Time  in  seconds 

Time  at  sampling  instants 

Time  constant 

Time  interval 

Velocity  components  (ft/sec) 

Observation  noise 
Process  noise 

Total  spatial  rate  of  reference  coordinate  system  (radians/sec) 

Error  state  variable 

Observation 

E  *  coordinates 
L  reference  coordinates 
NO-  eferenced  coordinates 
Earth-centered-earth-fixed  coordinates 
Estimated  (variable) 

Time  derivative  of  (variable) 


Many  papers  have  been  published  on  integration  of  GPS  with  INS  (Ref.  1-4).  When  GPS  is 
available,  the  integrated  performance  is  determined  almost  entirely  by  the  GPS.  That  is, 
the  position  and  velocity  are  determined  by  the  GPS  code  and  carrier  tracking  tracking 
loops,  respectively,  with  little  help  from  the  INS  except  possibly  during  turns.  The 
real  advantage  of  the  INS  is  that  it  cannot  be  jammed.  Therefore,  the  GPS  and  INS  should 
be  integrated  to  optimize  the  INS  performance  after  the  GPS  is  jammed. 

This  problem  was  investigated  in  Reference  3  for  a  hypothetical  weapon  delivery 
example.  It  was  assumed  that  a  missile  guidance  system  using  GPS  and  inertial  guidance 
was  jammed  several  minutes  before  reaching  the  target.  The  missile  was  then  guided  by 
the  inertial  system  until  the  target  area  was  reached.  It  was  shown  that  the  position 
accuracy  of  the  GPS  could  be  maintained  for  5  minutes  after  jamming,  provided  the 
inertial  system  was  properly  aligned  and  calibrated  by  the  CPS  before  jamming  occurred. 
Also,  it  was  shown  that  the  accuracy  deteriorated  rapidly  10  minutes  after  jamming 
because  of  gyro  noise,  even  with  a  wel’  calibrated  system.  Therefore,  carrier  loop  rate- 
aiding  was  Investigated  as  a  means  delaying  the  time  at  which  jamming  occurred. 

The  missile  guidance  example  of  Reference  3  led  to  many  interesting  analysis,  design,  and 
synthesis  problems  which  will  be  examined  here.  In  particular,  proper  calibration  of  the 
inertial  system  Jed  to  a  filter  with  up  to  40  error  states.  The  conventional  approach  to 
such  problems  is  to  use  a  single,  large  Kalman  filter.  Since  the  computer  burden  grows 
roughly  as  the  cube  of  the  number  of  states,  this  could  become  a  problem  even  with  newer, 
faster  computers.  It  is  therefore  shown  in  Sections  2,  3,  and  4  that  the  problem  can  be 
solved  more  efficiently  and  more  accurately  by  partitioning  the  state  variables  into 
several  smaller  groups,  and  using  separate  low  order  filters  for  each. 

The  problem  of  rate-aiding  the  carrier  tracking  loop  is  investigated  in  Section  5.  This 
leads  to  a  problem  in  optimal  estimation  and  prediction  which  is  solved  by  partitioning 
the  solution  into  a  third  order  high  bandwidth  filter  in  parallel  with  a  low  bandwidth 
third  order  tracking  loop.  Finally,  insight  into  the  design  of  these  partitioned  filters 
and  those  in  Sections  2,  3,  and  4  is  obtained  in  Section  6.  This  is  done  by  solving  a 
general  class  of  filtering  problems.  The  solution  is  determined  analytically  in  most 
cases,  so  that  the  effects  of  changing  assumptions  and  modeling  errors  can  be  evaluated 
in  advance  of  the  application. 
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2.  STRAP  DOW*  INERTIAL  STSTEM  ERROR  MODEL  AMD  FILTERING  APPROACH 

The  strapdown  inertial  error  state  variables  and  dynamics  matrix  are  defined  in  Tables  1 
and  2.  These  are  coordinatized  in  the  reference  level  wander  azimuth  coordinate  system 
denoted  by  superscript  L  in  Figure  1.  In  a  strapdown  system,  the  reference  axes  are 
computed  with  respect  to  body  axes  using  quaternions.  However,  misalignments  of  these 

axes  propagate  just  like  platform  axis  misalignments,  as  indicated  in  Table  1.  The 

accelerometer  and  gyro  errors,  denoted  D  and  E,  respectively,  are  defined  in  body  axes  as 
indicated  by  the  matrices  in  Table  2.  These  do  not  couple  into  the  level  axes  directly 
as  they  would  in  a  platform  system.  Instead,  the  dynamics  matrices  of  Table  2,  are  pre¬ 
multiplied  by  the  direction  cosine  matrix  from  body  to  level  axes  to  couple  the  errors 

into  level  axes,  as  shown  in  Table  1.  The  error  model  for  a  strapdown  system  is  thus 
seen  to  be  relatively  simple,  even  though  the  mechanization  is  complex. 


TABLE  1.  ERROR  STATES  AND  DYNAMICS  MATRIX 


{NOTE  -  link  Mnwm  ta,aim) 


TABLE  2.  STRAPDOWN  INSTRUMENT  ERROR  STATES  AND  DYNAMICS  MATRICES  IN  BODY  AXES 
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The  usual  approach  to  the  initialization,  alignment,  and  calibration  problem  is  to  use  a 
single,  large  Kalman  filter.  This  filter  would  model  all  the  important  states  from 
Tables  1  and  2  together  with  two  extra  states  for  GPS  user  ciock  bias  and  drift.  As 
shown  in  Reference  3,  this  could  result  in  up  to  40  states.  Instead,  the  approach  used 
here  will  be  to  partition  the  filter  into  many  smaller  filters.  Especially  important  are 
fourth  order  filters  used  during  straight  and  level  flight.  By  observing  changes  in  the 
estimated  states  of  these  filters  before  and  after  maneuvers,  additional  information  is 
obtained  for  aligning  the  system  and  calibrating  all  significant  instrument  errors. 

3.  FILTERS  FOR  STRAIGHT  AMO  LEVEL  FLIGHT 

The  error  model  for  straight  and  level  flight  is  given  in  Figure  2  as  a  control  system 
diagram.  Although  it  describes  the  same  model  as  the  dynamics  matrix  of  Table  1,  this 
diagram  is  a  more  useful  form  for  understanding  the  control  loops  of  the  Kalman  filter. 
These  loops  are  shown  in  Figure  3.  Observe  that  the  gyro  and  accelerometer  error  states 
from  Figure  2  have  been  combined  with  other  error  states  to  obtain  equivalent  accelera¬ 
tion  error  and  acceleration  rate  error  states.  The  optimal  gains  for  these  loops  are 
time  varying  and  will  be  derived  in  Section  6. 

It  is  observed  that  these  filters  have  the  same  structure  as  stored  gain  fourth  order 
ground  alignment  filters,  where  the  position  reference  is  zero.  Such  filters  perform 
better  than  third  order  ground  alignment  filters  which  use  a  zero  velocity  reference  for 
the  observation.  For  the  same  reason,  to  be  explained  shortly,  a  position  reference  is 
used  here  rather  than  a  velocity  reference.  However,  as  in  ground  alignment,  this 
reference  is  not  absolute  position,  as  would  be  obtained  from  GPS  code  tracking  loops. 
Instead,  it  is  a  relative  position  obtained  by  integrating  delta  range  information  from 
the  carrier  tracking  loops. 

To  determine  this  relative  position,  at  least  four  carrier  tracking  loops  must  be  phase- 
locked  with  no  cycle  slippage.  The  use  of  rate  aiding  will  reduce  the  probability  of 
cycle  slipping.  By  matrix  inversion,  the  delta  ranges  are  converted  directly  fnto  delta 
position,  as  indicated  in  Table  3.  In  effect,  these  delta  positions  are  then  accumulated 
to  obtain  the  relative  position  reference.  To  avoid  scaling  problems,  the  delta 
positions  are  differenced  with  deltas  in  estimated  position  before  accumulation.  The 
difference  is  then  accumulated  to  obtain  the  position  error  observation,  as  indicated  in 
Figure  4. 

The  reason  this  approach  is  more  accurate  than  using  delta  range  observations  is  shown  in 
Table  4.  The  average  velocity  error  of  the  estimated  position  is  proportional  to  the 
phase  error  divided  by  the  averaging  time.  The  phase  error  is  bounded  by  about  0.1  feet 
(60  degrees)  since  there  is  no  cycle  slippage.  The  averaging  time  is  a  function  of  the 
time  constant  of  the  Kalman  filter,  which  is  about  10  seconds.  The  average  rate  of 
change  of  position  error  is  then  less  than  0.01  feet/second  multiplied  by  a  geometric 
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Figure  3.  Kalman  Filter  Solutions  to  Error  Models 
In  Straight  and  Level  Flight 


TABLE  3.  SOLUTION  FOR  DELTA  POSITION 
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Figure  4.  Mechanization  for  Computing  Relative 
Position  Error  from  Delta  Position 
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dilution  factor.  By  comparison,  the  use  of  delta  range  observations  requires  an  interval 
of  1  second  or  less,  which  gives  a  velocity  error  of  0.1  feet/second  multiplied  by  the 
same  dilution  factor.  In  this  case  the  time  constant  is  shorter,  and  the  errors  are 
reduced  by  the  square-root  of  the  averaging  time,  rather  than  by  the  averaging  time 
itself,  as  in  the  approach  proposed  here. 

4.  ALIGNMENT  AND  CALIBRATION 


Alignment  and  calibration  ate  performed  using  outputs  from  the  filters  of  Figure  3. 
These  outputs  are  the  estimated  velocity  errors  acceleration  errors,  and  acceleration 
rate  errors  in  the  X,  V  channels.  From  the  error  model  of  Figure  2,  the  outputs  are 
related  to  the  error  states  as  indicated  in  Table  5.  As  shown,  the  filter  outputs  are 
each  combinations  of  instrument  error  states  and  reference  axis  misalignments.  Since  the 
missile  will  maneuver  or  accelerate  during  the  midcourse  phase,  these  combinations  will 
not  remain  constant.  It  i3  therefore  necessary  to  separately  estimate  the  misalignments 
and  instrument  errors  during  the  alignment  and  calibration  phase  before  GPS  is  jammed. 
This  separation  requires  maneuvers  similar  to  those  to  be  encountered  during  the 
midcourse  phase.  To  see  how  these  combinations  change  during  a  turn,  consider  the  body 
coordinate  systems  before  and  after  the  turn,  as  defined  in  Figure  5.  Since  the  filters 
shown  in  Figure  3  are  open  loop  filters,  the  estimated  errors  before  and  after  the  turn 
can  be  observed  independently.  The  changes  in  these  estimates  are  denoted  by  a  capital 
delta. 


TABLE  5.  FILTER  OUTPUTS  IN  STRAIGHT 
AND  LEVEL  FLIGHT 
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Figure  5.  Coordinate  Systems  for  Accelerometer 
and  Gyro  Bias  Estimation 


With  these  definitions,  the  alignment  and  calibration  solutions  are  as  given  in  Table 
6.  The  initial  leveling  solution  is  obtained  by  solving  the  filter  output  equations  of 
Table  S  with  accelerometer  errors  D  set  to  zero.  After  the  first  maneuver,  the  azimuth 
misalignment  error  is  determined  by  observing  changes  in  velocity  error  perpendicular  to 
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the  velocity  change.  This  is  obtained  as  a  vector  cross  product,  as  shown.  To  estimate 
accelerometer  and  gyro  bias  errors,  the  change  in  the  2x2  direction  cosine  matrix  of 
Table  5  is  observed  and  its  inverse  is  computed.  The  x  and  Y  accelerometer  and  gyro  bias 
errors  can  then  be  determined  a3  shown  in  Table  6.  These  solutions  assume  no  change  in 
the  misalignments  due  to  the  maneuver.  The  estimate  for  level  axis  misalignments  can  now 
be  corrected,  since  it  was  based  on  assuming  accelerometer  errors  D  were  zero.  Finally, 
the  Z  accelerometer  bias  error  is  estimated  directly  from  the  vertical  channel  filter  of 
Figure  3,  while  the  Z  gyro  bias  error  is  determined  by  comparing  azimuth  misalignment 
corrections  from  maneuvers  seoarated  by  a  time  interval. 

The  foregoing  discussion  has  explained  how  the  simple  filters  of  Figure  3  can  be  used  to 
analytically  determine  all  the  misalignments  and  instrument  bias  errors  normally  included 
in  a  17-state  GPS/INS  filter.  However,  it  was  shown  in  Reference  3  that  when  maneuvers 
are  included  in  the  midcourse  phase,  many  additional  instrument  errors  must  be  calibrated 
in  order  to  achieve  the  desired  accuracy  goal.  These  include  gyro  scale  factor  and 
misalignment  errors,  gyro  mass  unbalance  (g-sensitive)  errors,  accelerometer  misalignment 
errors  and  accelerometer  Z-axis  scale  factor  errors.  The  excessive  position  error 
contribution  of  these  sources,  even  when  using  a  17-state  filter  was  shown  in  Reference  3 
by  using  a  covariance  analysis  based  on  a  6  degree-of-freedom  trajectory  simulation. 

For  a  winged  missile,  the  largest  accelerations  are  along  the  Z  body  axis  which 
determines  the  g-sensitive  errors  requiring  calibration.  The  accelerometer  Z-axis  scale 
factor  errors  can  be  calibrated  separately  by  observing  change  in  velocity  error  in  the 
direction  of  the  velocity  change,  rather  than  in  the  perpendicular  direction  as  used  to 
calibrate  azimuth  misalignment  error.  The  only  accelerometer  misalignments  requiring 
calibration  are  the  X  and  Y  accelerometer  misalignments  toward  2,  denoted  DXAZ  and 
DYAZ.  These  can  be  avoided  by  simply  re-defining  the  body  axes  so  that  the  X  and  Y  axes 
lie  in  the  plane  of  the  X  and  Y  accelerometer  sensitive  axes.  No  other  accelerometer 
errors  in  Table  2  require  calibration,  except  the  bias  errors. 

This  leaves  the  gyro  scale  factor,  misalignment,  and  g-sensitive  errors.  Since  large 
accelerations  lie  along  the  body  Z-axis,  the  gyros  can  be  arranged  so  that  the  only  g- 
sensitive  drift  requiring  calibration  is  the  Z-gyro  drift  due  to  Z-acceleration.  In 
addition,  all  gyro  scale  factor  and  misalignment  errors  require  calibration.  This  makes 
a  total  of  10  gyro  error  sources  to  be  calibrated  in  addition  to  the  two  bias  errors 
previously  considered.  To  calibrate  these  10  additional  error  states,  the  solutions  to 
the  filter  output  equations  in  Table  6  must  be  modified.  The  previous  solution  for 
accelerometer  bias  errors  was  obtained  by  assuming  no  change  in  X,  Y  misalignments  due  to 
the  maneuver.  The  10  additional  gyro  error  sources  will  contribute  changes  in  the  X  and 
Y  misalignment  angles,  producing  the  observation  equations  of  Table  7.  The  addition  of 
the  10  gyro  error  states  to  the  2  accelerometer  biases  results  in  12  states.  These 
observation  equations  are  used  after  each  maneuver  to  estimate  the  12  error  states  in  a 
separate  12-state  filter.  The  errors  are  treated  as  fixed  bias  errors  with  no  dynamics 
matrix.  This  solution  can  be  performed  at  a  slow  rate  in  a  background  loop  since  the 
observations  occur  only  after  each  maneuver,  and  since  there  is  no  dynamics  matrix. 


TABLE  7.  OBSERVATION  EQUATIONS  FOR  CALIBRATING 
GYRO  PARAMETERS 
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5.  CARRIER  LOOP  RATE  AIDING 

Reference  3  showed  that  position  accuracy  can  be  maintained  for  at  least  5  minutes  after 
jamming,  provided  the  inertial  system  is  accurately  initialized,  aligned,  and  calibrated 
before  jamming  occurs.  This  is  illustrated  in  Figure  6,  where  the  principal  error 
sources  are  each  selected  to  yield  less  than  10  feet  position  error  per  channel  5  minutes 
after  jamming.  However,  it  is  seen  that  position  errors  grow  rapidly  10  minutes  after 
jamming  because  of  gyro  noise.  It  is  therefore  desirable  to  delay  jamming  as  long  as 
possible  in  order  to  shorten  the  time  during  which  inertial  errors  can  propagate.  This 
can  be  accomplished  by  using  the  inertial  system  to  rate-aid  the  tracking  loops  so  that 
their  bandwidths  can  be  lowered  without  increasing  errors  due  to  dynamics.  The  code  loop 
can  avoid  loss  of  lock  longer  than  the  carrier  loop  and  is  easier  to  rate-aid.  However, 
velocity  errors  will  begin  to  increase  at  the  time  the  carrier  loop  loses  lock. 
Therefore,  carrier  loop  rate-aiding  will  be  considered  here.  In  a  high  dynamic 
environment,  a  carrier  loop  bandwidth  of  about  30  Hz  is  required  without  rate-aiding. 
Assuming  a  good  user  clock,  the  bandwidth  can  be  lowered  to  1  Hz  with  proper  rate-aiding, 
thus  improving  the  anti-jam  performance  by  roughly  15  dB. 

Despite  this  potential  performance  improvement,  early  proposals  (Refs.  5,6)  to  rate-aid 
the  carrier  loop  were  not  implemented.  Them  are  two  reasons  for  this.  The  first  is 
that  the  time  lags  that  can  be  tolerated  in  the  inertial  data  are  much  smaller  than 
originally  anticipated.  The  second  is  that  the  effects  of  relative  motion  between  the 
INS  and  GPS  antenna  are  more  than  anticipated.  To  see  this,  the  phase  error  in  the 
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Figure  6.  Error  Growth  Due  To  Initial  Errors 

tracking  loop  due  to  dynamics  alone  should  not  exceed  30  degrees.  Since  the  wavelength 
is  only  0.623  feet,  this  is  only  0.05  feet  error.  Assuming  a  sinusoidal  jerk  of  5  g/sec 
at  3  radians/sec,  a  delay  of  only  one  millisecond  in  the  aiding  information  causes  a  20 
degree  phase  error  in  the  tracking  loop.  Also,  with  a  sinusoidal  roll  of  60  degrees  peak 
at  10  radians/sec  and  a  2  foot  lever  arm  a  delay  of  one  millisecond  in  lever  arm 
compensation  causes  a  20  degree  phase  error.  It  will  be  shown  that  delays  in  the  aiding 
information  can  easily  be  as  large  as  40  milliseconds.  With  no  compensation  for  these 
delays,  or  for  the  relative  antenna  motion,  attempts  at  carrier  rate  aiding  will  not 
succeed. 

Figure  7  illustrates  the  delays  to  be  expected  in  the  aiding  information.  Beginning  at 
the  right,  the  numerically  controlled  oscillator  must  advance  the  phase  in  the  tracking 
loop  over  the  measurement  interval.  The  amount  of  the  advance  must  be  computed  ahead  of 
time,  at  time  t  as  shown.  Because  of  delays  in  computation  and  transmission,  the  most 
recent  inertial  measurement  unit  (IMU)  sample  is  not  yet  available  for  use  at  time  t. 
The  next  most  recent  sample  is  delayed  an  additional  amount  equal  to  the  sampling 
interval  of  the  inertial  aiding  information.  The  total  time  delay,  referred  to  as 
extrapolation  time,  is  the  interval  from  when  this  aiding  information  was  sampled  to  the 
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Extrapolation  Time  Requirements 
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end  of  the  GPS  measuring  interval  in  which  it  is  used.  If  the  IMU  sampling  rate  and  NCO 
sampling  rate  per  channel  are  eacn  50  Hz,  the  total  delay  is  more  than  40  milliseconds. 
The  delay  must  therefore  be  accurately  compensated  by  an  extrapolator,  so  that  the  effect 
of  the  delay  is  equivalent  to  only  a  millisecond. 

Although  the  strapdown  inertial  system  measures  accelerations  and  angular  rates,  this 
information  must  eventually  be  integrated  into  phase  information  ir.  the  carrier  tracking 
loop.  Because  of  the  low  bandwidth  of  the  loop,  all  the  high  frequency  phase  information 
due  to  dynamics  must  be  supplied  by  the  inertial  system  in  the  form  of  delta  position 
along  each  satellite  line-of-sight.  To  achieve  this,  the  antenna  position  is  first 
compited  in  the  inertial  system  as  shown  in  Figure  8.  This  position  includes  both  the 
relative  position  due  to  the  lever  arm  and  the  position  of  the  inertial  system  itself. 
The  relative  position  can  be  accurately  computed  in  a  strapdown  system  using  quaternions, 
as  shown.  Also,  inertial  velocities  can  be  accurately  integrated  into  position  with  high 
resolution  by  staggering  the  sampling  time  as  shown  to  produce  trapezoidal  integration. 
Although  there  is  some  lag  in  the  computation,  the  time  at  which  the  inertial  data  is 
sampled  is  known  to  within  a  fraction  of  a  millisecond.  Also,  the  relative  timing  of  all 
information  is  accurately  known. 


Anttnnt  Itvtr  Arm: 
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Figure  8.  INS  Computation  of  Antenna  Position 

The  computed  antenna  position  is  then  sent  to  the  GPS  tracking  computer  where  it  is 
resolved  along  the  slowly  varying  line-of-sight  (LOS)  to  each  satellite  tracked,  as  shown 
in  Figure  9.  Before  using  it  to  rate-aid  the  carrier  tracking  loop,  it  must  be  modified 
by  the  extrapolator  shown  in  order  to  compensate  for  the  total  time  lags  previously 
discussed.  This  is  a  problem  in  optimal  estimation  and  prediction,  using  sampled 
observations  from  the  inertial  system.  Observe  that  there  is  one  extrapolator  for  each 
carrier  tracking  loop.  Also,  the  extrapolator  operates  at  a  much  higher  cate  than  the 
inertial  sampling  rate,  since  it  must  estimate  position  between  inertial  samples.  These 
are  then  used  to  rate-aid  the  carrier  tracking  loop  of  Figure  10.  Although  the  GPS 
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Figure  10.  Low  Bandwidth  GPS  Carrier  Tracking  Loop 


tracking  computer  may  have  little  time  for  extra  computations,  each  extrapolator  requires 
very  little  duty  cycle  since  only  the  summations  of  acceleration  into  velocity  and 
velocity  into  position  are  performed  at  the  high  rate. 

Because  of  the  time  lags,  it  is  necessary  for  the  extrapolator  outputs  to  apply  at  a  time 
in  advance  of  real  time.  Therefore,  before  the  sampled  extrapolator  position  is  compared 
with  the  inertial  sample,  it  is  deliberately  delayed  by  the  sum  of  its  prediction  time 
and  the  lag  in  the  inertial  data  as  shown  in  Figure  9.  After  an  additional  delay,  the 
updates  to  the  extrapolator  states  are  computed.  By  this  time  they  are  behind  the 
extrapolator  time  by  the  total  time  T  which  is  the  sum  of  the  prediction  time,  the 
inertial  data  lag,  and  the  update  computation  lag.  The  optimal  updates  to  the 
extrapolator  states  are  then  predicted  from  the  delayed  updates  by  multiplying  by  the 
transition  matrix  of  the  extrapolator,  evaluated  at  time  T  as  shown.  It  is  assumed  that 
all  delays  are  krown  accurately,  so  that  T  is  known  to  within  a  millisecond.  This 
requires  using  a  timing  signal  between  the  inertial  system  and  GPS  tracking  computer. 

The  optimal  3teady-state  gains  for  the  extrapolator  are  determined  by  simulation  and  are 
stored  as  constants.  These  are  based  on  a  model  of  the  true  inertial  position  as  being 
caused  by  white  noise  at  the  acceleration  rate  level  (jerk)  followed  by  three  integrators 
in  series.  In  Reference  3,  these  gains  were  determined  and  the  extrapolator  performance 
was  tested  with  an  input  from  a  simulated  missile  autopilot  response.  The  autopilot 
input  was  a  5g  step  acceleration  command  which  resulted  in  a  maximum  jerk  of  almost  14 
g's/sec.  The  error  in  the  extrapolator  was  found  to  increase  with  total  extrapolation 
time  as  shown  in  Figure  11.  Even  with  this  severe  dynamics  and  a  total  extrapolation 
time  of  40  milliseconds  the  extrapolation  error  is  only  0.05  feet,  or  about  30  degree 
phase  error.  This  shows  that  a  simple  extrapolator  can  be  used  to  overcome  the  effects 
of  large  time  lags  in  carrier  loop  aiding  data. 

6.  OPTIMAL  GAINS 


This  section  will  address  a  general  class  of  Kalman  filtering  problems  illustrated  in 
Figure  12.  The  solution  is  useful  in  solving  many  practical  filtering  problems  that 
arise  in  practice.  In  particular,  the  solutions  apply  to  simple  alignment  or  navigation 
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Figure  11.  Extrapolation  Error 


Figure  12.  Kalman  Filtering  of  States 
in  Series 
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filters  of  the  type  shown  in  Figure  13.  The  solutions  also  apply  to  optimal  tracking 
loops  as  shown  in  Figure  14.  These  include  GPS  carrier  tracking  loops  of  first,  second, 
and  third  order.  One  solution  to  such  problems  is  to  determine  the  gains  K  in  real  time 
by  the  recursive  Kalman  filter  algorithm.  This  means  that  neither  the  qains  nor  the 
resulting  performance  are  known  generally  in  advance  of  the  real  application.  Instead,  a 
few  isolated  cabes  are  simulated  and  flight  tested  in  the  hope  that  satisfactory 
performance  in  these  cases  is  representative  of  the  range  of  cases  to  be  encountered. 
This  approach  differs  from  that  used  in  classical  control,  when  both  the  gains  and 
performance  over  an  infinite  set  of  circumstances  are  known  in  advance  of  the  actual 
application. 


Figure  13.  An  Nt11  Order  Navigation  Filter 
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Figure  14.  General  Nth  Order  Tracking  Loop 


The  problem  is  compounded  by  the  fact  that  the  optimal  gains  vary  erratically  and  are  not 
simple  functions  of  time.  Reference  3  shows  that  even  a  simple  third  order  problem  leads 
to  gains  which  change  by  orders  of  magnitude  and  include  many  inflection  points.  These 
inflection  points  are  not  easy  to  distinguish  from  undesired  oscillations  caused  by 
numerical  problems  in  the  algorithm.  At  the  same  time,  the  real  oscillations  from  the 
inflection  points  are  sensitive  to  the  assumed  initial  conditions.  These  problems  are 
especially  troublesome  when  an  attempt  is  made  to  avoid  a  real-time  Kalman  filter  by 
using  pre-stored  gains  based  on  simulations,  as  for  the  partitioned  filters  considered 
here. 

Because  of  these  difficulties  it  is  desirable  to  determine  the  optimal  gains  analytically 
as  far  as  possible.  The  simplest  case  represented  by  Figure  12  is  a  single  state 
variable  with  observation  noise  but  no  process  noise.  The  solution  for  this  case  gives 
insight  into  the  more  general  case.  When  the  initial  variance  is  infinite,  the  solution 
is  given  in  Table  8  and  is  mechanized  as  an  open  loop  continuous  Kalman  filter  in  Figure 
15.  The  optimal  gain  is  1/t.  Even  this  simple  case  would  be  awkward  to  store  as  a  gai. 
schedule  if  the  analytic  solution  were  not  known.  To  simplify  the  gain  scheduling 
problem,  the  gain  is  determined  by  multiplying  it  by  a  constant  factor  at  time  intervals 
which  increase  at  a  constant  ratio.  In  this  way,  whenever  t  doubles,  K  is  reduced  by 
half.  To  understand  the  procedure,  the  log  of  K  is  a  linear  function  of  the  log  of  t. 
Therefore,  K  vs.  t  cn  log-log  scaled  plots  appears  as  a  straight  line  with  slope  -1,  as 
shown  in  Figure  16. 

The  gain  decreases  as  1/t  only  until  time  tau,  when  it  levels  off  at  a  constant  value 
1/tau.  This  illustrates  the  next  simplest  case  from  Figure  12  where  there  is  process 
noise  in  addition  to  observation  noise  v.  As  a  result,  the  gain  decreases  as  1/t 
initially  to  rapidly  reduce  the  estimation  error  caused  by  large  initial  condition 
errors.  But  when  these  errors  are  reduced  sufficiently,  the  plant  noise  becomes 
significant,  and  the  gain  is  not  reduced  further.  The  solution  is  then  divided  into  a 
transient  segment  where  the  gain  is  1/t,  and  a  steady-state  segment  where  the  gain  is 
1/tau.  Since  both  segments  appear  as  straight  lines  on  the  log-log  scale,  the  gain  is 
easily  computed  as  described  previously.  That  is,  on  each  segment  the  gain  is  multiplied 
by  a  constant  factor  at  time  intervals  which  increase  at  a  constant  ratio. 
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TABLE  8.  RECURSIVE  ESTIMATE  OF  ERROR 
STATE  WITH  NOISE  IN  OBSERVATION 
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Figure  15.  Mechanization  Diagram  for 
Recursive  Estimate  of  Error  State 


Figure  16.  Optimal  Gain  for  Estimating 
Single  Error  State 


To  determine  the  time  constant,  the  steady-state  solution  to  the  problem  of  Figure  12 
will  be  determined  by  solving  the  matrix-Rlccati  equation  in  Table  9.  The  dynamics 
matrix  F,  observation  matrix  H,  process  noise  Q,  and  observation  noise  R  for  the  general 
case  of  Figure  12  are  given  in  Table  10  and  are  substituted  into  Tafc’e  9.  It  is  assumed 
now  that  only  process  noise  for  i»N  is  non-zero.  The  analytic  solutions  in  this  case  are 
given  in  Table  11  for  N«l,2,3.  The  pole-zero  locations  of  the  filters  are  shown  in 
Figure  17.  For  N«2,  the  solution  required  solving  three  equations  in  three  unknowns, 
which  are  the  upper  triangular  elements  of  the  covariance  matrix.  For  N-'t,  this  required 
solving  six  equations  in  six  unknown  covariance  elements.  Since  the  equations  are  non¬ 
linear,  this  becomes  increasingly  difficult.  However,  the  solution  for  all  N  can  be 
obtained  by  observing  the  pattern  for  the  normalized  gain  ratios  as  defined  in  Table  12. 


TABLE  9.  STEADT-STATE  KALMAN 
FILTER  EQUATIONS 

Staady-Stata  Matrix  Riccatl  Equation: 

FP4(FP)T4Q  -  phtr-1hp 
Staady-Statt  Gain* 
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i’ABLE  10.  MATRICES  FOR  STATES 
IN  SERIES 
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TABLE  11.  STEADY-STATE  KALMAN  FILTERS  FOR  STATES 
IN  SERIES  AND  Nth  ORDER  PROCESS  NOISE 
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Figure  17.  Closed  Loop  Pole  and  Zero  Locations 
for  Optimal  Steady-State  Filters 
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These  normalized  gain  ratios  are  also  useful  for  studying  the  transient  response,  since 
their  characteristics  with  log-log  scaling  are  easily  approximated  by  piecewise  linear 
segments.  The  transient  and  steady-state  solutions  vs.  normalized  time  are  shown  in 
Figure  18  for  various  cases  where  initial  conditions  are  infinite.  The  second  and  fourth 
cases  shown  apply  where  only  process  noise  enters  the  highest  order  node  and  the  entire 
filter  reaches  steady  state.  Observe  that  the  steady-state  normalized  gains  are  equally 
spaced,  since  successive  gains  are  always  in  the  ratio  2:1  as  see  in  Table  12.  The 
first,  third,  and  fifth  cases  have  an  additional  higher  order  state  entering  this  node. 


Figure  18.  Normalized  Gain  Schedules 
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The  gain  for  thia  atata  continues  decreasing  aa  1/t,  while  the  gains  for  all  lower  order 
states  reach  steady-state.  Thia  steady-state  filter  produces  a  single  continuous  output 
for  observing  the  highest  order  state.  This  is  similar  to  the  first  case  studied  for 
N*l,  except  that  the  observation  noise  is  replaced  by  the  PSD  of  the  total  output  noise 
of  the  steady-state  filter.  The  fifth  case  gives  the  solution  to  the  level  axis  filters 
of  Figure  3,  where  the  process  noise  is  the  gyro  white  noise  and  the  observation  noise  is 
the  carrier  loop  error. 

If  there  is  more  tb'n  one  source  of  process  noise,  the  predominant  source  is  first 
assumed  to  be  the  only  non-zero  source,  and  the  steady-state  solution  is  determined  as 
just  described.  The  steady-state  effects  of  process  noise  at  lower  order  nodes  is  then 
determined  by  contour  integration,  using  the  original  steady-state  filter  to  determine 
the  transfer  function  from  input  noise  source  to  output  state  estimate.  The  contour 
Integral  of  the  power  spectral  density  for  the  output  state  variance  is  given  by  the  sum 
of  the  residues  in  the  half-plane.  It  is  evaluated  in  Table  13  for  arbitrary  filter 
transfer  functions  up  to  order  3.  The  evaluation  of  this  integral  may  show  that  the 
variance  in  the  estimated  states  is  larger  than  that  given  by  Table  11.  The  predominant 
source  of  process  noise  must  then  be  assumed  to  be  the  lower  order  source,  and  the 
steady-state  filter  for  this  source  must  be  determined.  The  effect  of  less  than 
predominant  process  noise  at  higher  order  nodes  must  then  be  considered.  For  example, 
assume  there  is  a  weak  process  noise  at  a  fourth  order  node  not  shown  in  Figure  18,  case 
(e) .  The  fourth  gain  would  not  decrease  indefinitely,  but  would  eventually  level  off  at 
a  low  value  determined  by  a  very  long  time  constant.  This  time  constant  is  given  by  the 
first  order  case  in  Table  11,  except  that  the  observation  noise  is  the  total  output  PSD 
of  the  third  order  steady-state  filter  assuming  only  the  original  process  noise  at  the 
third  node. 

The  foregoing  filter  solutions  were  based  on  the  assumption  that  the  initial  conditions 
were  infinite.  In  most  cases,  the  corresponding  filter  can  be  used  with  finite  initial 
conditions  even  though  the  solution  is  not  optimal  for  that  case.  The  variances  during 
the  initial  transient  period  will  be  slightly  larger  than  optimal,  but  the  steady-state 
values  will  still  be  optimal.  When  finite  initial  conditions  must  be  considered,  the 
effect  is  as  shown  in  Figure  19.  This  shows  the  effect  of  a  finite  initial  variance  for 
the  fourth  state.  The  corresponding  gain  does  not  start  off  at  the  large  initial  values 
for  1/t.  Instead,  It  increases  from  zero  until  it  overshoots  the  1/t  schedule  and  then 
gradually  decays  toward  this  curve.  The  effects  on  gains  of  lower  order  is  to  produce 
oscillations  as  shown.  Figure  18  should  then  be  compared  with  Figure  18(e)  which  was 
based  on  infinite  initial  conditions.  The  effect  of  finite  initial  conditions  of  lower 
order  states  is  less  severe,  ae  illustrated  for  the  first  gain  in  Figure  19. 


TABLE  13.  EVALUATION  OF  STEADY-STATE 
ESTIMATION  ERRORS  DUE  TO  NOISE 
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Figure  19.  Effects  of  Finite 
Initial  Conditions 
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7.  CONCLUSIONS 

It  has  been  shown  that  GPS/INS  integration  for  optimal  performance  after  jamming  can  be 
achieved  by  use  of  partitioned  low  order  filters.  In  particular,  fourth  order  filters 
are  used  for  measuring  changes  in  velocity,  acceleration,  and  acceleration  rate  errors 
before  and  after  maneuvers.  These  measurements  are  used  to  obtain  analytic  solutions  to 
the  in-flight  alignment  and  instrument  biasing  problem  normally  solved  by  a  17-state 
Kalman  filter.  Also,  third  order  filters  are  used  for  extrapolating  Inertial  information 
to  aid  the  carrier  tracking  loop. 

The  optimal  gains  for  a  general  class  of  filtering  problems  was  also  determined.  These 
solutions  apply  to  the  partitioned  filters  used  here.  They  make  it  possible  to  compute 
the  gains  in  real  time  by  simple  multiplications,  rather  han  by  solving  a  complicated 
recursive  Kalman  filter  algorithm.  Since  the  gains  and  other  solutions  are  determined 
analytically,  performance  can  be  analyzed  and  tested  in  advance  of  the  real-time 
application.  This  may  be  more  reliable  than  depending  on  a  real-time  recursive  Kalman 
solution  not  known  in  advance. 
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2-D  AND  3-D  CHARACTERIZATIONS  OF  GPS  NAVIGATION  SERVICE 
P.  Massatt,  W.  Rhodus,  and  K.  Rudnick 


The  Aerospace  Corporation 


The  quality  of  world-wide  GPS  navigation  service  is  frequently  described 
by  plotting  on  a  world  map  background  2-dimensional  regions  (latitude, 
longitude)  on  the  earth's  surface  where  navigation  is  degraded  (typically, 

PDOP  >  6  or  HDOP  >  4)  for  some  period  of  time  -  over  the  span  of  a  day. 

Such  depictions  provide  little  Information  concerning  when  such  navigation 
degradations  occur  or  their  duration.  Computationally  efficient  algorithms 
are  presented  for  computing  the  locations  in  space  and  time  of  these 
navigation  degradations.  We  also  present  quick  geometric  formulas  for 
calculating  the  dilutions  of  precision  (GDOP,  PDOP,  HDOP  and  TDOP).  A  data 
base  is  generated  with  this  approach  on  a  mainframe  computer  and  then 
post-processed  on  a  high  resolution  color  graphics  workstation  to  produce 
3-dimensional  plots  (latitude,  longitude,  and  time)  which  insightfully 
characterize  GPS  navigation  service  and  its  evolution  in  time.  Degradation 
regions  are  readily  isolated  with  their  time  of  occurrence,  duration,  and 
location  clearly  defined.  Also  given  are  2-dimensional  plots  which  display 
location  and  time  of  poor  coverage  permitting  an  analysis  of  the  quality  of 
coverage  from  another  perspective.  Results  are  provided  for  the  current  7 
operational  Block  I  satellites,  a  9  satellite  constellation  projected  for  1989 
when  4  Block  II  SVs  will  have  been  added,  the  GPS  baseline  21  SV 
constellation,  and  a  revised  21  SV  constellation  under  consideration. 


SECTION  1 .  INTRODUCTION 

The  Global  Positioning  System  (GPS)  is  a  navigation  and  time  transfer 
satellite  system  designed  to  provide  continuous  3-dimensional  position, 
velocity,  and  U.S.  Naval  Observatory  Coordinated  Universal  Time  (UTC)  to  users 
world-wide.  Currently,  there  are  7  operational  space  vehicles  (SVs)  on  orbit 
and  revised  launch  schedules  now  plan  for  21  SVs  to  be  deployed  by  1992. 

The  quality  of  GPS  navigation  service  has  frequently  been  described  by 
plotting  on  a  world  map  background  2-dimensional  regions  (latitude,  longitude) 
on  the  earth's  surface  where  navigation  is  degraded  due  to  poor  relative 
geometry  of  the  satellites  for  some  oeriod  of  time  typically  over  the  span  of 
a  day  (see  Figure  3).  Such  depictions  do  provide  some  information  about  the 
duration  of  navigation  outages  but  very  little  data  concerning  their  time  of 
occurrence  -  critically  needed  information  to  many  users.  The  main  thrust  of 
this  paper  is  to  describe  how  regions  of  degraded  coverage  can  be  completely 
characterized,  and  to  present  these  data  in  a  readily  Infprpretabi?  form. 
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Section  2  and  the  Appendix  describe  computationally  efficient  algorithms 
for  calculating  GDOP,  POOP,  HDOP,  and  TDOP  globally  in  time  and  space 
coordinates.  These  algorithms  are  used  to  construct  an  "outage"  data  base, 
depicting  the  occurrence  in  time  and  space  of  degraded  GPS  navigational 
capability.  These  data  are  routinely  calculated  accurate  to  within  1.0  degree 
in  latitude/longitude  and  10  seconds  in  time. 

Two  graphical  approaches  are  used  to  display  the  inherent  3-D  (latitude, 
longitude,  time)  extent  of  a  GPS  navigation  outage.  The  first  employs  a  pair 
of  plots  (latitude,  time)  and  (longitude,  time),  and  the  second  uses  a  high 
resolution  color  graphics  workstation  to  post  process  the  outage  data  base 
file  to  plot  outages  directly  in  3-D.  Both  approaches  insightfully 
characterize  GPS  navigation  service  and  its  evolution  in  time.  Outage  regions 
are  readily  isolated  with  their  time  of  occurrence,  duration,  and  location 
clearly  defined. 

The  above  techniques  are  then  applied  and  results  are  provided  in  Section 
3  for  the  current  7  operational  Block  I  satellites,  a  9  satellite 
constellation  projected  for  1989  when  4  Block  II  SVs  will  have  been  added,  the 
GPS  baseline  21  SV  constellation,  and  a  revised  21  SV  constellation  under 
consideration. 


SECTION  2.  APPROACH 

The  problem  is  to  determine  where  on  the  surface  of  the  ear.h  and  when  in 
time  a  user  can  expect  good  navigation  accuracy  from  the  GPS  service.;  He 
often  use  the  geometric  dilution  of  precision,  GDOP,  as  a  quantitative  figure 
of  merit  for  "good  navigation".  GDOP  is  the  ratio  of  the  r.m.s.  position  and 
clock  error  to  the  l-o  satellite  ranging  error.  GDOP  is  not  the  only  figure 
of  merit  we  may  wish  to  use.  Since  the  majority  of  users  are  more  interested 
in  the  accuracy  of  their  position  than  in  the  accuracy  of  determining  their 
clock  bias,  the  positional  dilution  of  precision,  PDOP  (ratio  of  the  r.m.s. 
position  error  to  the  1-ct  satellite  ranging  error),  is  the  Important  figure 
of  merit.  Other  users  may  find  HDOP  (horizontal  dilution  of  precision),  VDOP 
(vertical  dilution  of  precision)  or  TDOP  (temporal  dilution  of  precision)  as 
their  required  figure  of  merit.  Refer  to  the  Appendix  for  computationally 
efficient,  geometric  formulas  for  calculating  the  varous  dilutions  of 
precision.  Once  the  appropriate  figure  of  merit  is  defined,  then  a  more 
quantitative  statement  of  the  problem  is: 

Determine  when  and  where  on  the  surface  of  the  earth  a  user  can  access  GPS 

with  a  dilution  of  precision  less  than  a  given  threshold. 

Typically,  we  look  for  solutions  to  the  problem  under  the  constraints 
PDOP  <  6.  This  translates  to  1-cr  user  position  errors  on  the  order  of 
less  than  36  meters  after  factoring  in  the  system  requirement  that  the  r.m.s. 
l-o  satellite  ranging  error  shall  not  exceed  6  meters.  Currently,  satellite 
ranging  errors  are  averaging  less  than  4  meters. 

The  important  thing  to  observe  is  that  the  solution  to  the  problem  is  the 
depiction  of  a  3-dimensional  region  in  the  variables  latitude,  longitude,  and 
time.  We  have  chosen  to  approximate  this  3  dimensional  region  to  a  rather 
fine  granularity  (typically  1  square  degree  on  the  surface  of  the  earth  and 
less  than  10  seconds  in  time),  store  the  region  as  a  database  on  a  computer, 
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then  post-process  the  database  using  a  variety  of  graphical  operators  to  fully 
visualize  the  solution  to  the  problem. 


Building  the  Database 

Let  us  consider  the  specific  problem  of  determining  when  and  where  on  the 
surface  of  the  earth  we  have  POOP  >  6  for  a  given  fixed  constellation  of 
satellites.  The  method  we  outline  here  is  based  upon  representing  the  earth 
as  a  discrete  set  of  points.  The  points  are  placed  on  latitude  bands  (usually 
with  one  degree  separation)  with  the  number  of  longitude  points  on  each  band 
decreasing  with  the  cosine  of  the  latitude  to  place  an  "equal  area"  cjrid  over 
the  surface  of  the  earth.  For  each  selected  point  the  time  intervals  when 
PDOP  >  6  are  computed  within  an  input  tolerance  (typically  10  seconds)  using 
a  root-solving  method.  When  done,  we  have  a  file  consisting  of  one  record  per 
(latitude,  longitude)  point  which  looks  like: 

header  (number  of  lat.lon  points,  initial 

.  ephemerides,  etc.) 


/lat.lon,  time  intervals  where  PDOP  >  6 


end-of-fi  le 

We  call  such  a  file  a  dopcube. 

A  few  words  should  be  mentioned  here  about  the  actual  algorithm  used  for 
building  each  dopcube.  Many  things  can  be  done  to  improve  efficiency.  Points 
to  note  are: 

1.  Efficient  geometric  calculations  of  GDOP,  PDOP,  etc.  are  used  (see 
Appendix).  These  equations  are  mathematically  equivalent  to  the 
formal  definitions  of  the  "DOPS".  The  method  used  to  select  the  best 
4  or  3  satellites  to  base  a  OOP  calculation  on  at  a  fixed  lat,  Ion 
grid  point  is  just  to  run  through  satellite  combinations  until  the 
DOP  threshold  is  satisfied.  Not  all  j  combinations  of  n  satellites 
need  to  be  computed.  Note  that  no  approximations  are  used  in  this 
process. 

2.  For  each  fixed  ground  point  and  each  combination  of  4  satellites  a 
root-solving  method  is  used  to  find  time  intervals  of  coverage. 

3.  The  option  to  look  at  coarse  grid  spacings  first,  then  finer  grid 
spacings  later,  is  incorporated  for  efficiency. 

4.  The  time  intervals  are  computed  on  successive  buildups  of  the 
constellation,  adding  one  satellite  at  a  time  rather  than  looking  at 
all  combinations  at  once. 

Making  use  of  all  such  efficiencies,  a  typical  21  satellite  computer  run 
(2  pixel  size,  10  sec  time  accuracy)to  generate  a  dopcube  will  take  about 
five  minutes  of  CPU  time  on  an  IBM  3090  while  a  dopcube  generation  run  for  the 
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current  NAVSTARs  3,4,6,8,9,10,11  may  take  as  long  as  forty  minutes.  The 
poorer  the  quality  of  the  navigation  service,  the  longer  It  takes.  This  Is 
somewhat  surprir'-q  given  that  the  quality  of  the  service  is  inverse  to  the 
number  of  satel . ‘ •  s. 

Databases  associated  with  PDOP  and  HDOP  (requiring  3  satellites  and  an 
estimate  of  the  altitude  uncertainty)  thresholds  are  the  most  commonly  used  in 
GPS  applications.  These  measures  of  the  quality  of  the  relative  geometry  of 
satellites  involved  in  a  users  navigation  solution  can  be  converted  to  an 
assessment  of  2-D  and  3-D  navigation  accuracies  by  the  following  relation: 

ND  4  DGP  *  URE  (1) 

where 


URE  is  a  constant  1-a  user  ranging  error  for  all  satellites, 
DOP  is  either  the  PDOP  or  HDOP  threshold, 


ND  is  the  associated  2-D  or  3-D  accuracy  depending  on  the  choice  for 
DOP, 


For  example,  Figure  8,  can  be  interpreted  as  depicting  where  navigation  to 
within  24  meters  in  3-D  is  possible  under  the  assumption  that  the  URE  for  all 
SVsis  not  greater  than  4  meters. 

Equation  1)  follows  from  the  factorization  of  the  covariance  matrix 
associated  with  a  least  squares  solution  with  constant  measurement  weights. 

In  practice,  satellite  UREs  are  variable.  An  extension  to  accomodate  variable 
UREs  has  been  implemented  in  Aerospace  software.  The  associated 
generalizations  of  the  formulae  in  the  Appendix  will  appear  in  a  forthcoming 
paper. 


3-D  Oopcube  Display 

Since  the  dopeube  is  a  three-dimensional  region,  three  dimensions  is  the 
best  place  in  which  to  view  it.  Unfortunately,  most  of  our  display  devices 
are  2-dimensional.  However,  there  are  excellent  graphics  workstations  with 
the  capability  to  view  3-dimensional  data  and  manipulate  (via  translations  and 
linear  transformations)  this  data  in  real  time.  We  have  chosen  Evans  & 
Sutherland  (E&S)  workstations  (PS300,  330,  350)  for  our  applications.  Figure 
1  shows  a  view  of  a  21-satellite  dopeube  taken  from  an  E&S  PS330.  Time  is  the 
vertical  axis  and  the  horizontal  plane  is  a  cartesian  projection  of  the 
earth.  Hardware  dials  on  the  E&S  allow  the  user  to  view  the  dopeube  from  any 
direction,  blow  up  DOP  "clouds",  box  in  clouds  to  determine  their  latitude, 
longitude  and  time  extents,  and  slice  the  dopeube  in  time.  John  Marti  1 1 o  of 
The  Aerospace  Corporation  has  programmed  the  E  &  S  to  provide  these 
capabilities. 

Time  Animation  of  the  Dopeube 

Mike  Werner  of  The  Aerospace  Corporation  has  written  a  program  which 
performs  the  following  tasks: 
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1.  Slices  the  dopcube  in  time  to  create  snapshots  at,  say,  five  minute 
intervals. 

2.  Overlays  time  animation  of  the  outages  against  a  world  background 
along  with  ground  tracks  and  station  communication  circles. 

3.  Selects  an  outage  ( 1  at ,  Ion,  time)  and  views  the  satellite 
configuration  over  the  (lat,  Ion)  point  at  that  time  to  determine  the 
nature  of  the  outage. 

Figure  2  illustrates  a  typical  display.  Highlighted  regions  indicate 
degraded  coverage,  POOP  >  6,  at  a  particular  instant  in  time. 


Display  of  the  Dopcube  in  2-Dlmenslons 

For  more  specific  analysis  of  outages,  we  have  several  2-dimensional 
graphics  operators  which  portray  many  different  aspects  of  the  outages.  The 
graphics  are  displayed  on  standard  color  graphics  terminals. 

1.  Lat-Lon:  Shows  which  regions  contain  some  outage  over  a  given  time 
period.  Sec  Figures  3,  6,  7  and  8.  The  different  shades  depict 
different  outage  durations. 

2.  Lat-Time  and  Lon-Time:  These  projections  help  the  analyst  locate 
when  the  outages  occur  for  each  geographical  area  of  interest.  Refer 
to  Figure  4. 

3.  Duration  of  outages:  Percentage  of  region  vs  duration  histogram  with 
constellation  value.  (Figure  5). 

4,.  Area-Time,  Area-lat,  Area-Ion:.  These  show  how  the  outages  are 
distributed  in  time,  latitude  and  longitude,  respectively. 

5.  Overhead  View:  These  show  the  azimuth  and  elevation  of  the 

satellites  in  view  at  an  arbitrarily  selected  user  location.  These 
views  are  very  helpful  in  analyzing  degraded  coverage  regions  due  to 
poor  geometry,  e.g.  near  co-planar  arrangements  of  SVs.  (Figure  9). 


SECTION  3. 

NAVIGATION  SERVICE  CHARACTERIZATIONS 

A  complete  characterization  of  the  causes  of  GPS  degraded  coverage  due  to 
poor  geometry  of  the  satellites  has  been  achieved  for  the  baseline  21 
satellite  constellation.  At  least  4-fold  coverage  is  always  possible,  i.e., 

every  point  on  the  earth's  surface  is  continuously  in  view  of  at  least  4 

satellites.  Figure  3  displays  a  view  of  the  earth  and  regions  affected  by 
degraded  coverage  (POOP  >  6).  These  regions  are  located  at  roughly  ±40 
latitude  with  degraded  coverage  lasting  up  to  36  minutes  consecutive  and  65 
minutes  cumulative  over  a  day,  and  at  roughly  ±60  latitude  lasting  up  to  12 

minutes  consecutive  and  30  minutes  cumulative  over  a  day.  At  the  ±40 

latitude,  the  geometry  causes  unacceptable  errors  because  the  endpoints  of  the 
four  unit  vectors  pointing  to  the  satellites  becomes  coplanar.  In  these 
regions  of  degraded  coverage,  PDOP  rapidly  approaches  infinity. 
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The  exact  times  and  locations  when  coverage  becomes  degraded  are  shown  in 
Figure  4.  The  latitude  (longitude)  vs  time  plots  show,  as  a  function  of  time, 
the  latitudes  (longitudes)  where  poor  coverage  occurs  given  a  selected 
longitude  (latitude)  band.  In  terms  of  the  dopcube  described  in  Section  2, 
these  plots  are  just  (partial)  projections  of  the  coverage  "clouds"  onto  the 
latitude-time  and  longitude-time  sides  of  the  dopcube. 

Figure  5  gives  a  general  picture  of  fie  quality  of  navigational  coverage 
by  plotting  a  graph  of  the  percent  of  the  earth  which  experiences  degraded 
coverage  for  greater  than  x  minutes.  A  constellation  value  is  also  given 
which  gives  the  probability  that  a  point  randomly  selected  on  the  earth  and  in 
time  will  have  good  navigational  coverage. 

Another  concern,  in  addition  to  degraded  coverage  of  the  baseline  21 
satellite  constellation,  is  that  in  the  event  of  satellite  failures, 
navigational  coverage  can  degenerate  fairly  rapidly.  Figure  6  shows  how  the 
quality  of  navigational  coverage  can  rapidly  degrade  in  the  event  of  a 
satellite  failure  in  a  plane  where  a  spare  is  not  located.  The  shaded  regions 
Indicate  different  cumulative  lengths  of  time  when  coverage  is  degraded  or 
incomplete  (PDOP  >  6) . 

For  these  reasons,  further  work  is  still  being  pursued  to  see  if  the 
constellation  can  be  improved.  A  revision  to  the  current  baseline 
constellation  which  has  been  proposed  and  is  under  consideration  consists  of  a 
slight  rephasing  of  the  current  satellites  (phase  shifts  of  less  than  17  )  to 
more  fully  utilize  the  active  spares  in  the  constellation.  This  provides 
continuous  5-fold  coverage  for  98%  of  the  earth,  with  the  remaining  2%  of  the 
earth  experiencing  gaps  for  at  most  5  minutes.  It  also  keeps  PDOP  bounded  by 
10.5  at  all  times  and  locations  on  the  earth.  Figure  7  shows  the  regions 
where  degraded  coverage  (PDOP  >  6)  for  this  constellation  can  occur.  It  is, 
however,  only  slightly  degraded  since  PDOP  never  exceeds  10.5.  There  is  also 
a  large  increase  in  reliability  because  of  the  improvement  in  both  5-fold  and 
6-fold  coverage. 


Figure  8  shows  regions  of  degraded  coverage  (PDOP  >  6)  at  present  using 
just  the  current  7  active  satellites.  This  display  shows  that  the  current 
constellation  was  designed  to  provide  optimal  coverage  for  testing  near  Yuma, 
Arizona. 
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SECTION  4,  SUMMARY 

The  developments  described  above  are  evolving  analytical /graphical  methods 
used  at  The  Aerospace  Corporation  to  investigate  GPS  navigation  coverage 
issues.  Some  of  these  techniques  are  being  incorporated  into  on-going  U.S. 

Air  Force  efforts  to  provide  timely  reports  on  the  operational  status  of  GPS 
navigation  service  to  various  classes  of  GPS  users.  This  3-D  color  grapnics 
engineering  proto  type  tool  has  been  installed  at  the  GPS  Master  Control 
Station  at  Falcon  AFS  in  Colorado  Springs  to  support  off-line  analysis  and 
navigation  service  status  reporting. 
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APPENDIX 

GEOMETRIC  FORMULAS  FOR 
GDOP,  PDOP,  HDOP,  AND  TDOP 


We  Include  GDOP,  PDOP,  HDOP,  AND  TDOP  formulas  where  four  satellites  are 
used.  A  formula  for  calculating  HDOP  with  three  satellites  Is  also  Included. 

Let  U*  ■  unit  vector  pointing  from  user  location  to  1*h  satellite. 

Let  V  -  volume  of  tetrahedron  formed  by  the  4  endpoints  of  unit  vectors 
U1. 

Let  bj  -  area  of  ith  face  of  tetrahedron  formed  by  the  endpoints  of  3 
of  the  unit  vectors. 

Let  m  volume  of  the  tetrahedron  formed  by  3  endpoints  of  the  unit 
vectors  and  the  origin. 

Let  ai  ■  area  of  i**1  face  of  the  tetrahedron  formed  by  3  endpoints  of 
the  unit  vectors  projected  onto  the  plane  tangent  to  the  earth's  surface.. 


If  altitude  is  known  and  only  3  satellites  are  used  then  HDOP  is  given  by 

HOOP  ■  ^(6?  -  A?)  ♦ 


where 

X  -  ratio  of  altitude  error  to  the  1-a  satellite  ranging  error, 

B  *  area  of  the  triangle  formed  by  the  endpoints  of  the  three  unit 
vectors, 

A  -  area  of  the  triangle  formed  by  the  endpoints  of  the  3  unit  vectors 
projected  on  to  the  plane  tangent  to  the  earth's  surface, 

L^  ■  lengths  of  the  sides  of  the  triangle  formed  by  the  endpoints  of  the 
unit  vectors  projected  on  to  the  piano  tangent  to  the  earth's  surface. 
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0EGRAOEO  COVERAGE  21  SVS  (PDOP  6.  3-0=24M) 

EPOCH=1985.  7.  1.  0.  0.0  0. 0  FROM  C.  00  HRS  TO  24.  OOLRS.  EL=  5.0 

LATITUDE  FROM  -90. 0  TO  90.0  LONGITUDE  FROM  -180.  0  TO  180.0 

SATELLITES-  Al  A2  R3  B1  B2  B3  Cl  C2  C3  01 

02  03  El  E2  E3  FI  F2  F3  A4  E4  C4 


Figure  3.  Location  of  Degraded  Coverage  Regions. 

This  display  depicts  the  total  accumulated  degraded  coverage  over  the  span  of  24  hours.  The  longest 
contiguous  span  of  degraded  coverage  which  probably  is  of  greater  Interest  to  navigators  can  also  be 
displayed.  The  former  is  of  interest  in  satellite  constellation  design  and  analysis. 


DEGRADEO  COVERAGE  21  SVS  (PD0P=6.  CL =5  DEG) 


CP0CH=1985.  7. 

LATITUDE  FROM 
SATELLITES-  Al 
02  03  El 


1.  0.  0.0  0.0  FROM  0.00  HRS  TO  24.  OOIAS.  EL-=  5.0 

0.0  TO  90.0  LONGITUDE  FROM  -180.0  TO  180.0 
A2  A3  B!  B2  83  Cl  C2  C3  01 

C2  C3  FI  F2  F3  R4  E4  C4 
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Figure  4a.  Time  of  Occurrence  of  Degraded  Coverage. 

Plots  4a  and  4b  show  when  as  well  as  where  degraded  regions  of  coverage  occur  foi  the  baseline  21  SV 
constellation  by  projecting  the  regions  of  degraded  coverage  onto  the  latitude-time  plane  and  the  longitude 
time-plane.  At  any  given  time  a  person  can  determine  the  regions  of  the  earth  likely  to  have  degraded 
coverage  by  noting  which  latitudes  and  longitudes  are  shaded. 
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DEGRADED  COVERRGE  21  SVS  (PD0P=6.  EL=5  DEG) 

EP0CH=I985.  7.  1.  0.  0.0  0.0  FROM  0. 00  HRS  TO  24.001-RS,  EL=  5.0 

LATITUOE  FROM  -90.  0  TO  90.  0  LONGITUDE  FROM  -180.  0  TO  0.  0 

SATELLITES-  Al  R2  R3  B1  B2  B3  Cl  C2  C3  DL 
D2  03  El  E2  E3  F!  F2  F3  R4  E4  C4 


LON 


Figure  4b. Time  of  Occurrence  of  Degraded  Coverage. 

Plots  4a  and  4b  show  when  as  well  as  where  degraded  regions  of  coverage  occur  for  the  baseline  21  SV 
constellation  by  projecting  the  regions  of  degraded  coverage  onto  the  latitude-time  plane  and  the  longitude 
time-plane.  At  any  given  time  a  person  can  determine  the  regions  of  the  earth  likely  to  have  degraded 
coverage  by  noting  which  latitudes  and  longitudes  are  shaded. 


OEGRRDED  COVERAGE  21  SVS  (PD0P=6.  EL=S  DEG) 


EPOCHS  985.  7.  1.  0. 

LATITUDE  FROM  -90.0  TO 
SATELLITES-  Al  P2 

02  03  El  E2 


0.0  0.0  FROM  0.00  HRS  TO  24.  00FR5.  EL= 
90.0  LONGITUDE  FROM  -180.0  TO  180.0 
R3  81  B2  B3  Cl  C2  C3  D1 

E3  FI  F2  F3  R4  E4  C4 
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Figure  5.  Duration  of  Degraded  Coverage. 

percen taae5ofWthe^ear th^h! rhUhl I °f  ST”9'  prov'<fed  by  the  baseMne  latlon  by  plotting  the 

represents  thefPaPtf™  ,5  M,,^a  JS9radedJ:over!?e  for  "°re  than  x  The  constellation  value 

represents  the  fraction  of  time  and  space  where  the  constellation  has  coverage. 
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OEGRADEO  COVERAGE  20  S V  CONSTELLATION  11  FAILED  SV) 

EPOCH =1985.  7.  1,  0.  0.0  0. 0  FROM  0. 00  HRS  TO  24.QQHR3.  EL=  5.0 

LATITUDE  FROM  -90.0  TO  90,0  LONGITUDE  FROM  -180.0  TO  180.0 

SATELLITES-  A1  R2  R3  B2  B3  Cl  C2  C3  01  02 

03  El  E2  E3  F!  F2  F3  A4  E4  C4 


Figure  6.  Baseline  21  SV  Constellation  With  One  Satellite  Failure. 

This  plot  shows  the  amount  of  degraded  coverage  users  would  experience  with  just  one  SV  failure.  Various 
regions  of  the  earth  get  anywhere  up  to  2.13  hours  of  degraded  coverage  per  day  In  this  example. 


DCGRADEO  COVERAGE  REVISED  21  SVS  (P00P=6)  CUMULATIVE 

EP0CH=1985.  7.  1,  0.  0.0  0.0  FROM  0. 00  HRS  TO  24.  OOFPS.  EL=  8.0 

LATITUDE  FROM  -90. 0  TO  90.0  LONGITUDE  FROM  -180. 0  TO  180.0 
SATELLITES-  Al  A2  R3  8!  B2  B3  Cl  C2  C3  D1 
02  03  El  E2  E3  FI  F2  F3  A4  E4  C4 


Figure  7.  Revised  21  SV  Constellation. 

The  current  baseline  6-plane  21  satellite  constellation  Is  not  optimal.  Recent  optimization  studies  show  that 
significant  Improvements  In  coverage  can  be  achieved  by  repositioning  satellites  In-plane  by  small  phase 
shifts.  This  plot  shows  the  coverage  provided  by  a  revised  21  SV  constellation  under  consideration. 
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7  SV  NOV  COVERAGE  (P00P56.  3-G=24M) 

EPOCHS  1988.  5.  I.  0.  0.0  0. 0  FROM  0. 00  HRS  TO  24.0QPRS.  EL-  5.0 

LATITUDE  FROM  -90.0  TO  90.0  LONGITUDE  FROM  -180.0  10  180,0 
SATELLITES-  SVN3  SVN4  SVN6  SVN8  SVN9  SVN10  SVN11 


■nn  o.  oi  to  o.  so  hrs  mhmm  o.  so  to  2. 00  hrs 

■MMMI  2.  00  TO  1.  OO  HRS  1. 00  TO  6  00  HRS 

mmmm  e.  oo  to  a.  71  hrs 

figure  8.  Current  7  Active  SVs  (POOP  <  6). 

This  plot  summarizes  the  accumulated  total  amount  of  NAV  coverage  (POOP  <  6)  predicted  to  be  provided  by  the 
current  7  Block  I  satellites  over  a  span  of  24  hours.  GPS  coverage  Is  not  expected  to  change  significantly 
from  May  1988  through  October  1988  when  the  first  Block  II  satellite  Is  scheduled  to  be  launched. 


7  SV  NRV  COVERAGE  (HD0P*25.  2-0=100MI 

EP0CH=1988.  5.  1.  0.  0.0  0. 0  FROM  0. 00  HRS  TO  24.00HRS.  EL=  5.0 

LATITUDE  from  -90.0  TO  90.0  LONGITUDE  FROM  -180.0  TO  180.0 
SATELLITES- SVN3  SVN4  SVN6  SVN8  SVN9  SVN10  SVNU 


■■MM  6.46  TO  3.00  HRS  MMM  8.00  TO  10.00  HRS 

10  00  TO  12.00  HRS  HBM  12.00  TO  12.57  HRS 

figure  9.  Current  7  Active  SVs  (HOOP  <  25) 

This  plot  summarized  the  accumulated  total  HOOP  <  25  NAV  coverage  over  a  24  hour  span  predicted  to  be 
provided  by  the  current  7  Block  I  satellites  from  Hay  through  October  1998.  This  HOOP  coverage  was  based  on  3 
satellites  with  an  assumed  altimeter  uncertainty  of  28  meters.  Hlth  satellite  ranging  errors  averaging  less 
than  4  meters,  this  HOOP  coverage  can  be  Interpreted  as  where  navigation  to  within  100  meters  2-D  Is  possible. 
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BLPrK-II  3-0  MOV  COVERAGE  IPD0P=6I  9  SVS 

EP0CHM989.  7.  1.  0.  0.0  0.0  FROM  0. 00  HRS  TO  24.00KTS.  EL  =  5.0 

LRTITUOE  FROM  -90.0  TO  90.0  LONGITUDE  FROM  -180.0  TO  180.0 
SATELLITES-  SVNS  SVN8  SVN9  SVN10  SVN1 1  SVN13  SVN14  SVN16  SVN17 


figure  10.  Projected  9  SV  Coverage  (POOP  <  6). 


BLOCK-II  2-0  NRV  COVERAGE  (HD0P=25)  9  SVS 


EP0CH=1989.  7.  1.  0. 

LRTITUOE  FROM  -90.0  TO 
SATELLITES-  SVNG  SVN8 


0.  0  0.  0  FROM  0.  00  HRS  TO  24.  OOHRS.  EL= 
90.0  LONGITUDE  FROM  -180.  0  TO  180.0 
SVN9  SVN10  SVN1 1  SVN13  SVN14  SVN1G  SVN17 


5.0 


-180  -ISO  -120  -90  -60  -30  0  30  60  90  120  ISO  180 


11.72  TO  12.00  HRS  ■■■■■  12.00  TO  14.00  HRS 

14.00  TO  1(5. 00  HRS  16.00  TO  10.00  HRS 

■MU  18.00  TO  20  6?  HRS 

Figure  11.  Projected  9  SV  Coverage  (HOOP  <  25) 

This  plot  summarizes  the  total  accumulated  HOOP  <  25  NAV  coverage  projected  to  be  provided  over  24  hours  by 
5  Block  I  satelltes  and  4  Block  II  SVs  In  July  1989.  This  HOOP  coverage  Is  based  on  3  SVs  and  a  28  meter 
altitude  uncertainty.  With  GPS  satellite  l-o  ranging  errors  averaging  less  than  4  meters,  the  coverage 
depicted  can  be  Interpreted  as  where  navigation  to  within  approximately  100  meters  Is  possible. 


SUMMARY 

Kongsberg  Navigation  has  developed  a  system  for  use  of  differential  GPS  for  the 
Norwegian  offshore  Industry.- 

This  article  describes  the  principles  of  operation  and  the  service  offered  to 
customers  of  Differential  GPS.  It  also  describes  some  of  the  experiences  with  the 
Introduction  of  the  service,  and  prospects  foreseen  when  the  system  Is  fully  operatio¬ 
nal  . 


BACKGROUND 

Kongsberg  Navigation  (KN)  has  for  many  years  been  working  with  navigation 
systems  and  services  covering  various  requirements  and  applications.  Recent  involve¬ 
ment  has  been  directed  towards  the  oil  exploration  activity  In  the  North  Sea  and  in 
the  rest  of  Norwegian  waters.  Because  GPS  originally  did  not  give  these  users  the 
accuracy  they  need,  Kongsberg  Navigation  therefore  decided  to  develop  a  differential 
GPS  system. 

In  the  middle  of  1983  KN  had  already  developed  Its  first  generation  GPS  re¬ 
ceiver.  Based  on  this  know-how,  and  with  the  support  of  several  oil  companies  the 
project  was  launched  with  the  goal  of  having  an  operating  differential  system  in  1986. 
The  system  was  named  DiffStar,  and  was  after  a  set  of  acceptance  tests,  ready  for 
commercial  use  Summer  1986.  Today  two  reference  stations  cover  the  Norwegian  conti¬ 
nental  shelf  and  the  North  Sea.  One  station  Is  located  at  Andpya  covering  the 
northern  area,  the  other  at  Askpy  covering  the  southern  part  and  the  North  Sea.  These 
two  stations  are  transmitting  corrections  In  the  300  kHz  band,  and  have  a  range  of 
approximately  1000  km  over  the  sea.  See  figure  1. 


Figure  1  -  The  DiffStar  Coverage  by  Summer  1987 


mm 


i 

i  1.  DIFFSTAR  -  A  PSEUDORANGE  SYSTEM 

)  The  DlffStar  system  Is  based  on  pseudorange  corrections  not  on  position  cor¬ 

rections  like  many  others.  In  a  differential  GPS  system  based  on  pseudorange  cor- 
•  rectlons,  the  reference  station  calculates  the  difference  between  the  measured  and  the 

:  theoretical  pseudorange.  This  difference  Is  the  pseudorange  correction,  transmitted  to 

;  the  mobile  users  as  shown  In  figure  2.  The  mobile  user  then  corrects  his  range 

i  measurement  with  the  corrections  received  from  the  reference  station. 
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Figure  2  -  The  Principle  of  a  Differential  GPS  System 
based  on  Pseudorange  Correction 


RTCM  has  recommended  a  standard  format  for  transmitting  corrections.  The 
DlffStar  system  was  developed  before  this  standard  was  determined.  The  DlffStar  system 
therefore  has  a  sllghty  different  protocol..  However,  If  required,  compatibility  with 
RTCM 's  protocol  Is  easily  Implemented. 

The  DlffStar  system  consists  of  two  parts: 

(a)  The  Reference  Station 

The  reference  station  Is  shown  In  figure  3,  and  contains  the  following  main 
functions: 

2  GPS  receivers.  To  track  8  satellites  2  GPS  receivers  are  normally 
required.  A  special  8  chinnel  receiver  may,  however,  be  developed  if  there 
is  a  market  demand.. 

-  A  real  time  computer  reading  pseudorange  and  ephemerls  from  the  GPS  re¬ 
ceivers,  and  calculating  the  pseudorange  correction.  It  is  controlling  the 
transmitted  data,  as  well  as  logging  and  storing  raw  data  for  postproces¬ 
sing  purposes. 

A  Cesium  clock,,  usad  to  Increase  the  period  of  GPS  operation.  In  the 
future  when  :he  system  Is  fully  operational  this  cesium  clock  can  be 
omitted. 

A  printer  Is  available  to  produce  hard  copy  of  data., 

A  terminal  from  which  the  operator  can  communicate  with  the  system. 

A  modem  for  remote  control  of  the  reference  station. 

A  transmitter  for  broadcasting  correction  data  to  the  users. 
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Figure  3  -  Block  Diagram  of 

the  Reference  Station 


Figure  4  -  Block  Diagram  of  the 
Mobile  Station 


(b)  The  Mobile  Station 

The  mobile  station  Is  shown  In  the  block  diagram  in  figure  4.  The  computer  reads 
the  pseudorange  measurement  and  ephemerls  from  the  GPS  receiver  and  takes 
correction  data  from  the  300  kHz  radio  receiver.-  Together  this  is  data  for 
computing  the  differential  position.. 

In  order  to  make  postprocessing  possible  the  computer  stores  all  raw  data  read 
from  the  GPS  receiver  and  from  the  300  kHz  radio.  This  may  be  used  If  the  mobile 
station  looses  contact  with  the  reference  station.  Postprocessing  also  proved 
valuable  In  the  development  phase  as  this  made  It  possible  to  collect  data  In 
the  field  with  subsequent  simulations  at  the  lab  In  order  to  debug  the  software. 


The  differential  correction  is  updated  every  12  seconds.  At  that  time  the 
correction  Is  at  least  12  seconds  old,  and  will  have  to  be  used  for  the  next  12 
seconds  until  a  new  message  Is  received.  In  this  way  the  pseudorange  corrections 
are  from  12  to  24  seconds  old  when  used.  Therefore,  the  mobile  software  has  to 
predict  the  corrections  up  to  the  user  time. 


(c)  The  Monitor  Station 

In  a  system  with  several  high  performance  users,  a  high  degree  of  confidence  In 
the  differential  GPS  system  Is  needed.  In  order  to  guarantee  the  client  a 
specified  accuracy  a  monitor  may  be  set  up  for  the  DlffStar  system.  Due  to  the 
fact  that  the  reference  station  can  track  all  satellites  above  the  horizon  a 
monitor  station  cannot  just  be  an  ordinary  mobile  station  monitoring  his  own 
position.  All  mobile  stations  In  the  system  can  pick  Its  own  configuration  among 
the  satellites  In  view  at  the  reference.  Therefore,  a  monitor  station  In  the 
DlffStar  system  has  to  check  that  the  pseudorange  corrections  obtained  from  the 
reference  station  and  the  pseudorange  correction  obtained  at  the  monitor  do  not 
differ  more  than  the  specified  limit.  The  monitor  can  then  plot  the  difference 
In  corrections  on  the  reference  station  and  the  monitor.  If  this  difference 
exeeds  the  limit,  the  monitor  station  can  dial  the  system  supervisor  to  give  him 
an  alarm.  This  monitor  will  also  be  monitoring  that  the  reference  station  Is 
alive  and  transmitting  reasonable  data.. 


2.  USE  OF  DIFFSTAR  TODAY 

Because  of  the  lack  of  satellites  today,  the  commercial  market  for  DlffStar  is 
limited.  In  our  lattltudes  we  can  use  the  system  In  two  periods  each  of  maximum 
4  hours.  Obviously,  this  limits  use  of  the  system..  Today,  DlffStar  Is  mostly 
utilized  as  a  calibrating  system  for  other  radio  navigation  systems  as  these 
users  can  wait  for  a  period  with  good  geometry. 
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How  Is  DlffStar  used  today? 


(a)  Seismic  Explorations 

The  need  for  accurate  position  differs  with  different  kinds  of  seismic  oper¬ 
ations.  30  seismic  require  the  highest  degree  of  accuracy.  Other  seismic 
operations  also  appreciate  the  quality  assurance  provided  by  differential  GPS. 


(b)  Surveying 

Different  surveys  like  hydrographic  Investigations,  pipe-laying  and  inspections 
have  used  the  OlffStar  system.  Whenever  the  geometry  Is  good  enough,  the 
DlffStar  system  Is  used  as  a  calibrating  as  well  as  a  primary  system. 

(c)  Oil  rig  moves 

There  are  two  phases  of  an  oilrig  move  that  requires  accurate  positioning.  The 
first  phase  Is  the  manoeuvre  to  the  Intended  location.  The  next  phase  Is  to 
verify  the  final  position.  The  need  for  accuracy  In  this  phase  Is  high,  but  can 
be  obtained  by  averaging  over  a  period. 

These  customers  are  operating  on  the  edge  of  the  limits  covered  by  radio  navi¬ 
gation  systems,  or  they  are  only  covered  by  systems  In  the  2  MHz  range.  A  2  MHz 
system  Is  difficult  to  use  on  oilrigs  because  of  the  reflection  from  cranes  and 
other  reflecting  objects  onboard. 

In  order  to  use  GPS  today  the  users  have  to  synchronize  the  move  of  the  rig  to 
the  coverage  of  GPS  satellites.  Up  till  now  Transit  translocation  has  been  used 
to  obtain  the  final  position  of  the  rig.  To  make  a  good  translocation  the  user 
has  to  collect  data  for  48  hours.  In  addition  there  Is  a  post  processing  phase 
to  obtain  the  accurate  position.  Therefore,  the  advantage  of  using  a  real  time 
differential  system  Is  obvious.  When  averaging,  a  meter  accuracy  Is  obtained 
after  a  one  hour  period. 


3.  RESULTS  OF  DIFFSTAR 

All  civilian  use  of  GPS  has  access  to  the  C/A-code  only,  and  have  no  opportunity 
to  measure  the  Ionospheric  delay.  Therefore,  the  best  solution  Is  to  use  the  standard 
model  both  In  the  reference  as  well  as  the  mobile  station.  KN  has  made  a  set  of 
trials  from  Norway  to  UK  with  a  relatively  long  baseline.  Results  are  good  when  the 
geometry  Is  good.  When  the  >’D0P  Is  large  the  Inaccuracy  of  the  system  Increases. 

Due  to  the  low  number  of  satellites  today  the  geometry  Is  constantly  changing. 
In  most  cases  It  Is  therefore  Important  to  operate  with  fixed  height  to  reduce  the 
Influence  of  poor  geometry. 

It  Is  very  Important  that  the  antenna  In  a  differential  system  Is  placed  In 
the  best  manner  to  reduce  the  effect  of  the  multipath.  The  multipath  effect  can 
dramatically  reduce  the  accuracy  obtained  by  the  differential  technique. 

The  synchronization  of  ephemerls  In  use  Is  also  a  very  important  moment  In  the 
differential  use  of  GPS.  The  accuracy  of  the  system  will  decrease  If  the  mobile  and 
the  reference  station  Is  using  different  ephemerls. 

The  differential  technique  enables  a  user  to  use  a  satellite  of  poor  quality. 
Today  satellite  number  8  (PRN)  is  operating  on  a  crystal  clock.  Taking  this  satellite 
Into  the  position  calculation  without  any  differential  corrections  will  Introduce  a 
large  error  In  position.  However,  when  using  a  differential  GPS  system,  compensation 
is  made  for  the  clock  error  In  the  satellite  and  we  obtain  acceptable  positions. 

A  typical  result  from  DlffStar  Is  shown  In  figures  5,  6,  7  and  8.  The  results 
demonstrate  the  Improvement  obtained  by  using  the  differential  technique.  The  non 
differential  solution  gives  a  drift  In  both  lattltude  and  longitude  while  the  differ¬ 
ential  solution  gives  a  stable  position.  The  drift  In  position  has  been  removed  with 
the  differential  technique. 
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Figure  5  -  Non-differential 
Longitude 


Figure  6  -  Non-differential 
Latitude 
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Figure  7  -  Differential 
Longitude 
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Figure  8  -  Differential 
Latitude 


FUTURE  USERS  OF  DIFFERENTIAL  GPS 


1  he  differential  system  described  above  has  been  designed  specially  to  suit  the 
requirements  of  the  Norwegian  offshore  industry.  However,  the  differential  principle 
has  several  other  potential  users.  The  main  problem  today  is  that  GPS  does  not  have 
24  hours  coverage.  Several  "new"  user  categories  can  be  included  when  the  system  Is 
fully  operational . 


Military  Applications 

Within  the  NATO  countries  P-code  will  be  available  to  all  military  users.  For 
lnost  operations  the  accuracy  of  17  meter  horlsontally  Is  adequate.  For 

non-NATO-mllltary  users  differential  GPS  may  come  up  as  an  alternative  position- 
ing  system.  Some  applications  like  the  mine  operations  have  an  accuracy 
requirement  not  met  by  the  P-code.  Subsequently,  use  rf  differential  GPS  may  be 
one  way  to  fullfll  their  needs.  In  a  minesweeping  or  mine  Identification 
operation  Increased  accuracy  Is  directly  cost  effective.  Such  operations  will 
!-eqU  I?  'arfe J°"?wave  transmitter  such  as  the  offshore  users.  Another 
configuration  of  the  differential  principle  Is  to  use  a  small  transportable 
system  contalng  a  transmitter  covering  only  the  local  area.  This  configuration 
r*q,u1r?  on'y  one,  geodetic  reference  point  for  the  transmitting  station. 
- y  .  .oca.  ra„,c  navigation  system  !s  set  up  with  3  reference  stations. 
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(b)  Harbour  Approach 

Exact  navigation  Is  vital  for  harbour  approach  operations  In  narrow  waters. 
Differential  systems  may  be  set  up  for  a  local  area  with  only  a  low  power  trans¬ 
mitter. 

Mobile  user  equipment  may  be  an  Instrument  handcarried  on  board  the  vessel  by 
the  pilot.  Combined  with  a  powerful  mapping  display,  the  trajectory  can  be 
predetermined  and  followed  by  the  helmsman.  In  such  operations  the  reliability 
of  the  system  Is  vital.  Use  of  differential  GPS  Is  adding  quality  assurance  to 
this  operation. 


(c)  Fisheries 

Most  fishing  operations  do  not  require  the  extra  accuracy  given  by  the  differen¬ 
tial  GPS.  Cheaper  systems  like  Decca,  Loran-C  or  ordinary  GPS  give  the  required 
accuracy  and  repeatability.  Some  operations  do,  however,  require  higher 
accuracies.  One  of  these  operations  Is  shell  trawling  where  a  high  degree  of 
accuracy  Is  required.  These  operations  require  big  transmitters  covering  a 
large  area  like  the  system  used  for  the  offshore  Industry.  Several  users  can  use 
the  same  reference  station  over  a  relatively  large  area. 


(d)  Dynamic  Positioning 

The  expression  Dynamic  positioning  In  this  meaning  Is  the  system  required  on 
board  a  vessel  or  platform  to  control  the  vessel  to  follow  a  predetermined 
trajectory  or  to  keep  a  stationary  position.  This  requires  accuracies  in  the 
region  of  differential  GPS.  It  is,  however,  essential  to  have  24  hours  coverage 
as  these  users  have  an  extreme  requirement  to  reliability. 


(e)  Mapping 

For  hydrographic  mapping  a  transportable  differential  system  will  give  the 
required  accuracy.  In  hydrographic  mapping  operations  the  data  collection  phase 
Is  the  phase  where  depths  and  positions  are  logged  for  further  processing  before 
they  are  transferred  to  a  data  base.  Differential  GPS  will  give  adequate 
accuracies  In  areas  which  can  be  covered  by  relatively  small  transportable 
transmitters.  Even  post  processing  operations  can  be  used  Instead  of  using 
active  transmitters. 

For  land  operations  cm  accuracy  Is  required  In  most  cases.  This  Is  an  area  where 
Interferometric  methods  have  been  used  up  till  now.  The  challenge  of  Increasing 
the  accuracy  of  differential  GPS  uncovers  a  large  market  potential. 


(f)  Air  Navigation 

The  attractive  phase  of  air  navigation  from  a  differential  GPS  point  of  view  Is 
the  landing  approach.  This  requires  the  same  accuracy  as  differential  GPS  can 
give. 

This  Is  a  scenario  which  can  be  covered  by  relatively  small  transmitters,  and 
with  dedicated  instruments  In  the  plane.  Since  GPS  Is  a  world  wide  system  this 
Is  a  very  attractive  market  for  the  differential  technique. 


5.  CONCLUSION 

When  GPS  becomes  fully  operational  It  will  revolutional Ize  the  world  of  navi¬ 
gation  and  positioning.  In  the  world  of  GPS  users  there  will,  no  doubt,  be  room  for 
differential  GPS  also. 

Even  If  selective  availability  is  not  applied  here,  high  performance  user  will 
require  the  extra  accuracy  which  can  be  provided  by  the  differential  technique.  One  of 
the  most  Important  arguments  for  the  differential  technique  Is  however  the  additional 
quality  assurance  and  quality  control  obtained  by  having  an  on  line  monitoring  of  the 
GPS  system. 
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SUMMARY 

The  Department  of  Defense  (DOD)  is  developing  the  Global  Positioning  System  (GPS)  to 
acquire  a  worldwide  navigation  capability.  This  satellite  based  system  provides 
appropriately  equipped  users  with  precision  three  dimensional  position  and  velocity,  and 
precise  time.  The  current  edition  of  the  U.S.  Federal  Radionavigation  Plan,  issued  in 
1984,  presents  a  consolidated  federal  plan  on  the  management  of  those  Radionavigation 
systems  which  are  used  by  both  the  civilian  and  military  sectors.  It  states  the  DOD 
goal  to  phase  out  the  use  of  TACAN,  VOR/DME,  OMEGA,  Loran  C  and  TRANSIT  in  military 
platforms  and  for  GPS  to  become  the  standard  radionavigation  system  for  DOD.  This  would 
eliminate  all  the  current  sole  means  air  navigation  systems  (TACAN  and  VOR/DME)  aboard 
military  aircraft.  Instrument  Flight  Rule  (IFR)  operations  within  controlled  airspace 
requires  an  operating  sole  means  air  navigation  system  to  be  aboard  the  aircraft.  This 
paper  investigates  the  requirements  for  GPS  certification  as  a  sole  means  air  navigation 
system  in  the  U.S.  National  Airspace  System  (NAS),  discusses  the  implication  on  GPS  User 
Equipment  (UE)  hardware  and  software,  describes  the  actual  UE  implementation,  and 
discusses  approaches  for  UE  integration  with  flight  instruments  on  Navy  aircraft. 

1.  BACKGROUND 

Since  the  early  i960 's  both  the  Navy  and  the  Air  Force  have  actively  pursued  the 
idea  that  navigation  and  positioning  could  be  performed  using  radio  signals  transmitted 
from  space  vehicles.  The  impetus  for  such  a  space-based  system  was  the  potential  for  a 
universal  positioning  and  navigation  system  which  could  meet  the  needs  of  a  broad 
spectrum  of  users.  In  addition,  definite  cost  benefits  would  accrue  by  reducing  the 
proliferation  of  specialized  equipments  responsive  only  to  particular  mission 
requirements. 

The  Navy  Navigation  Satellite  System  (TRANSIT)  became  operational  an  1964  and  was 
made  available  to  non-military  users  in  1967.  Continuing  technology  programs 
investigated  the  feasibility  of  a  Defense  Navigation  Satellite  System  (DNSS) .  The  Navy 
sponsored  TIMATION  program  involved  the  development  of  high  stability  oscillators,  time 
transfer,  and  two  dimensional  navigation.  The  Air  Force  concurrently  initiated  the 
development  of  a  highly  accurate  three  dimensional  navigation  system  called  System  621B. 

A  key  step  in  the  integration  of  these  activities  was  the  memorandum  issued  by  the 
Deputy  Secretary  of  Defense  on  17  April  1973.  The  memo  designated  the  Air  Force  as  the 
Executive  Service  to  coalesce  the  concepts  proposed  for  a  DNSS  into  a  comprehensive  and 
cohesive  DOD  system.  A  system  concept  designated  NAVSTAR,  Global  Positioning  System 
(GPS) ,  emerged  as  a  synergistic  combination  of  the  best  features  of  the  previous 
navigation  satellite  concepts  and  included  the  Army  Position  and  Navigation 
requirements. 

The  GPS  satellite-based  radio  positioning  navigation  system  is  designed  to  provide 
highly  accurate  three-dimensional  position  (to  within  16  meters  spherical  error  of 
probability  (SEP)  and  velocity  (0.10  meters  per  second),  and  coordinated  universal  time 
(to  within  500  nanoseconds)  to  suitably  equipped  users  anywhere  on  or  near  (within  500 
miles)  the  earth.  Eighteen  (18)  satellites  will  be  deployed  in  10,900  nautical  mile 
circular  orbits  that  are  inclined  between  45  and  65  degrees  and  have  approximately 
twelve  hour  periods.  This  deployment  will  provide  the  satellite  coverage  necessary  for 
continuous,  three  dimensional  positioning  and  velocity  determination.  Each  satellite 
will  transmit  on  two  L  band  frequencies  LI  (1575.42  MegaHertz)  and  L2  (1227.6 
MegaHertz) .  The  LI  signal  is  a  composite  wave  form  consisting  of  a  Precise  (p  code) 
navigation  signal,  a  Coarse/Acquisition  (C/A  code)  navigation  signal,  and  data  such  as 
satellite  clock  bias  information.  The  L2  signal  consists  of  only  the  P  code. 

The  GPS  receiver  normally  acquires  the  C/A  code  first,  then  transitions  to  the  P 
code.  Direct  P  code  acquisition  can  be  accomplished  by  the  receiver  if  it  has  available 
to  it  accurate  time  and  its  approximate  position.  Using  the  navigation  signals  from 
each  of  four  satellites,  the  receiver  measures  four  independent  psuedo-ranges  (range  to 
the  satellite  uncorrected  for  user  clock  bias)  and  psuedo-range  rates  with  respect  to 
the  satellites.  Measurement  of  the  relative  delays  between  the  two  L  band  frequencies 
allows  computation  of  the  ionospheric  delay  of  the  signal.  Tho  oceiver  converts  this 
information,  in  conjunction  with  the  satellite  ephemeris  data,  into  three-dimensional 
position,  velocity  and  time. 


2.  „.S.  RADIONAVIGATION  POLICY 


To  reinforce  the  goal  of  creating  a  cost  effective  method  of  reducing  the 
proliferation  and  overlap  of  Federally  funded  radionavigation  systems,  the  United  States 
Congress  passed  Section  507  of  the  International  Maritime  Satellite  Communications  Act 
of  1978  requiring  the  development  of  a  Federal  Radionavigation  Plan.  This  resulting 
joint  Department  of  Defense  (DOD)  and  Department  of  Transportation  (DOT)  document 
established  national  policy  for  the  future  U.S.  radionavigation  system  mix. 

The  Department  of  Defense  has  the  responsibility  for  not  only  developing, 
implementing,  operating,  and  maintaining  aids  to  navigation  and  user  equipment  required 
for  National  defense,  but  ensuring  that  military  vehicles  operating  in  consonance  with 
civil  vehicles  have  the  navigational  capabilities  required  to  operate  in  a  safe  and 
expeditious  manner.  Military  support  and  use  of  TRANSIT,  Loran-C,  OMEGA,  VOR/DME  and 
TACAN  will  be  phased  out,  and  GPS  will  become  the  standard  positioning  system  for  DOD. 
The  stated  policy  also  includes  the  Microwave  Landing  System  (MLS)  in  the  navigation 
system  mix  as  the  precision  approach  system  for  aircraft.  The  total  phase  out  of  TACAN 
on  Navy  aircraft  is  contingent  upon  GPS  in  conjunction  with  appropriate  communication 
links,  providing  a  viable  replacement  for  shipboard  TACAN,  as  well  as,  GPS  integrated 
with  other  onboard  aircraft  systems,  proving  itself  acceptable  as  a  sole  means 
navigation  system  in  controlled  airspace. 

GPS,  by  definition,  will  have  the  potential  to  become  a  sole  means  navigation  system 
for  military  use.  But,  for  GPS  to  be  so  relied  upon,  adequate  navigation  by  the 
military  user  aircraft  must  be  assured  in  all  national  and  international  controlled 
airspace.  DOD/DOT  having  safety  and  operational  responsibilities,  will  determine  when 
the  GPS  integrated  aircraft  navigation  systems  are  acceptable.  The  Federal  Aviation 
Administration  (FAA)  of  the  DOT  is  presently  developing  a  National  Aviation  Standard  for 
civil  use  of  GPS.  To  obtain  insight  into  the  FAA's  concept  of  a  navigation  capability 
that  can  operate  in  a  safe  and  expeditious  manner  in  controlled  airspace,  existing 
documents  for  the  certification  of  civil  air  navigation  systems  were  used  to  draft 
requirements  for  GPS  development. 

3.  REQUIREMENTS  OF  A  SOLE  MEANS  AIR  NAV  SYSTEM 

The  basis  of  the  present  U.S.  National  Airspace  System  (NAS)  are  the  thousands  of 
VOR/DME  and  TACAN  ground  facilities  throughout  the  country. 

The  network  of  VOR/DME  &  TACAN  stations  form  the  fundamental  -eference  grid  of  the 
national  airways.  VOR/DME  and  TACAN  are  the  only  approved  systems  that  can  be  used  for 
enroute  navigation  in  controlled  airspace  without  the  need  for  any  other  navigation 
system,  that  is,  sole  means  navigation  systems.  All  other  navigational  sensors 
including  Inertial  Navigation  Systems  (INS)  are  supplemental  systems.  The  VOR/DME/TACAN 
station  signals  provide  a  positive  and  unique  location  beacon  and  identifier  for  airway 
intersections.  When  a  user  overflies  that  signal,  it  is  physically  over  that  geographic 
location  or  waypoint. 

The  introduction  of  airborne  area  navigation  (RNAV)  systems  onto  the  airways  has  set 
the  stage  for  the  incorporation  of  GPS.  This  allows  for  flights  over  predetermined 
tracks  without  the  need  to  overfly  ground-based  VOR/DME  navigational  facilities. 
Application  of  RNAV  equipment  and  procedures  in  the  NAS  requires  that  they  be  compatible 
with  the  VOR/DME  route  structure.  Implementation,  therefore,  means  that  area  navigation 
devices  used  must  assure  proper  positioning  with  respect  to  the  VOR/DME  route  structure 
by  reference  to  the  geographic  locations  of  the  VOR/DME  ground  facilities. 

Additionally,  the  RNAV  systems  have  tc  provide  navigation  within  the  protected  airspace 
of  conventional  VOR  routes,  airways,  and  terminal  areas  in  accordance  with  established 
procedures . 

For  the  GPS  to  fulfill  its  potential  as  a  Sole  Means  Air  Navigation  System,  it  must 
satisfy  all  the  requirements  of  an  RNAV  system  as  well  as  to  provide  data  of  equivalent 
accuracy,  stability  and  verifiability  as  that  of  the  VOR/DME  network.  The  GPS  UE  must 
be  designed  such  that  all  airborne  operations  responding  top  similar  Air  Traffic 
Controller  instructions  will  result  in  similar  maneuvering  of  the  aircraft.  The  system 
must  also  provide  the  pilot  with  the  minimum  navigation  and  guidance  functions  required 

for  enroute,  terminal  (including  departure  and  arrival)  and  approach  (including  missed 

approach)  phases  of  flight. 

3.1  SYSTEM  MECHANIZATION  AND  ACCURACY 

The  Minimum  Operational  Performance  Standards  (MOF’l  for  RNAV  equipment  indicates 
that  "For  valid  historical,  technical  and  operational  reasons,  the  angular  difference 
between  an  electronic  VOR  radial  and  a  geomagnetic  radial  may  be  as  great  as  4-6 
degrees.  Because  all  charts  used  in  the  NAS  show  electronic  VOR  radials  for  routes  and 

fixes,  no  significant  operational  problem  results  while  all  aircraft  operate  in  a  VOR 

environment.  However,  when  some  aircraft  operate  in  an  RNAV  (LAT/LONG)  environment  a 
navigation  system  problem  becomes  apparent  due  to  the  angular  difference.  This  problem 
applies  to  all  RNAV  systems  used  for  navigating  VOR  routes  using  magnetic  courses  that 
have  been  compensated  on  the  charts  for  magnetic  variations  and  is  due  to  lack  of  update 
of  the  respective  VOR  stations."  To  have  the  GPS  user  aircraft  totally  transparent  in 
the  NAS,  the  UE  has  to  obviate  this  problem. 
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While  it  is  possible  to  project  an  airway  using  the  location  of  only  one  of  the 
terminal  VOR  stations,  the  uncertainties  in  all  the  correction  factors,  relating  the 
station  to  the  GPS  frame  of  reference,  precludes  the  use  of  this  "TO-FROM"  navigation 
mode  for  flying  on  the  airways  with  acceptable  accuracy.  Similarly,  the  chance  of 
misinterpreting  a  heading  command  in  the  magnetic  referenced  NAS  precludes  the  use  of 
unique  DOD  airway  charts  with  acceptable  risk.  If  one  is  to  truly  replicate  a  VOR  route 
within  a  totally  GPS  aircraft,  the  UE  has  to  establish  the  route  as  perceived  by  the  VOR 
user.  The  VOR  route,  between  two  ground  facilities  defining  the  route,  is  a  great 
circle  path  between  them  (the  station  signals  radiate  along  great  circle  paths  or 
radials) .  Therefore,  the  UE  must  be  able  to  compute  the  great  circle  path  connecting 
two  geographic  points  (or  waypoints)  independent  of  other  computations,  calibrations  or 
sensor  measurements.  This  mechanization  is  commonly  called  a  "TO-TO"  navigation 
capability. 

The  next  step  is  to  put  limits  on  the  deviations  permitted  about  this  direct  path  to 
ensure  the  aircraft  remains  on  the  airway.  The  RNAV  MOPS  provides  the  current  allowable 
total  error  budget  (95%  probability)  for  all  error  sources  including  Flight  Technical 
Errors  (FTE)  on  airways.  This  error  budget  is  summarized  in  Table  l.  The  cited  system 
errors  encompass  the  entire  RNAV  suite  and  its  integration  aboard  the  aircraft.  The 
location  of  the  ground  stations  do  not  appear  in  the  error  budget  since  they  are  NAS 
ground  station  truth.  If  we  now  redefine  the  system  error  to  include  the  precision  of 
the  ground  station  position  survey  (in  GPS  coordinates) ,  then  maintaining  these  error 
limits  at  any  distance  from  the  waypoints,  defining  the  route  in  use,  will  guarantee  the 
compatibility  between  GPS  area  navigation  and  VOR/DME  vector  operational  environments. 


Table  1.  2D  RNAV  System  Accuracy  Requirements. 

Ref  *  6  RTCA  DO  187 

ERROR  TYPE 

ENROUTE 

ENROUTE 

TERMINAL 

APPROACH 

RANDOM  ROUTES 

J/V  ROUTES 

XTK  ATK 

XTK  ATK 

'•"•v  ATK 

XTK  ATK  ; 

SYSTEM  (NM) 

3.8  3.8 

2.8  2.8 

1.7  1.7 

0.5  0.5 

FTE  (NM) 

1.0  N/A 

1.0  N/A 

1.0  N/A 

0 . 5  N/A 

TOTAL  (NM) 

4.0  3.8 

3.0  2.8 

2.0  1.7 

0.7  0.5 

Verification  of  the  attained  system  performance  for  civilian  aircraft  certification 
is  contained  in  FAA  recommended  environmental  and  performance  testing.  It  is  intended 
to  provide  a  means  of  determining  the  overall  characteristics  of  the  equipment  under 
conditions  representative  of  those  which  may  be  encountered  in  actual  operations.  This 
same  intent  is  embodied  in  DOD  required  testing  for  military  equipment  which  either 
equals  or  exceeds  the  levels  recommended  by  the  FAA  on  both  an  equipment  and  total 
system  level. 

3.2  SYSTEM  ■AVAIlABIMTY-ftKB. .RELIABILITY. 

For  the  GPS  system  to  be  a  sole  means  air  navigation  system,  it  must  provide  the 
user  with  operational  availability  and  reliability  as  well  as  accuracy.  Additionally, 
the  GPS  system  must  provide  the  pilot  with  the  assurance  that  the  system  performance 
requirements  are  being  met  or  else  provide  him  with  an  unambiguous  warning  that  they  are 
not.  The  GPS  UE  continually  monitors  itself  to  detect  degraded  performance.  A 
Figure-Of-Merit  (FOM)  is  developed  based  upon  satellite  geometry,  the  degree  on 
convergence  of  the  receiver  and  navigation  solutions,  dependence  on  external  sensor 
aiding,  et  cetera.  The  FOM  is  continually  displayed,  satellite  health  is  checked  once 
per  minute.  All  failure  indications  are  immediately  flagged  to  the  operator  as  well  as 
the  FOM  falling  below  preset  values. 

Waypoints  could  be  reserved  for  operational  verification  procedures.  For  example, 
if  the  locations  of  primary  air  control  radars  in  the  flight  path  were  stored  the  UE 
could  compute  the  aircraft  range  and  bearing  to  the  radar  installation  for  comparison 
with  the  air  controller's  radar  range  and  bearing,  such  a  capability  provides  a  mutual 
cross  check  between  the  onboard  GPS  system  and  air  traffic  control. 

The  present  satellite  sparing  strategy  is  to  have  three  active  spares  in  orbit. 

These  spares  will  be  positioned  so  as  to  provide  optimum  coverage  for  the  continental 
United  States.  The  resulting  constellation  configuration  will  provide  adequate  geometry 
(Position-Dilution-of-Precision  (POOP)  less  than  6)  for  maintaining  performance  even 
with  a  satellite  failure. 

Aircraft  maneuvering  can  cause  a  temporary  situation  where  the  link  between  a 
satellite  and  the  receiver  antenna  is  blocked  by  the  aircraft  structure  so  that  only 
three  satellites  are  in  view.  The  navigation  solution  can  be  maintained  during  this 
occurence  by  receiver  aiding.  All  Navy  aircraft  installations  have  been  proposed  with 
the  UE  integrated  with  a  Barometric  Altimeter.  Knowledge  of  the  aircraft's  altitude 
from  an  independent  source  enables  the  GPS  UE  to  compute  position,  velocity  and  time 
from  only  three  satellites.  During  normal  operations,  the  UE  will  continually  calibrate 
the  altimiter  in  preparation  for  its  possible  use.  Even  without  this  calibration,  the 
altimiter  aided  three  satellites  GPS  solution  has  sufficient  accuracy  to  be  acceptable. 
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The  following  subparagraphs  describe  the  additional  operational,  control  and  display 
functional  requirements  that  were  extracted  from  FAA  or  Radio  Technical  Commission  for 
Aeronautics  (RTCA)  documents  (Ref  6  A  7)  and  were  considered  significant  requirements, 
all  have  been  designed  into  the  GPS  user  equipment. 

3.3  WAYPOINTS 

The  receiver  should  have  the  capability  of  storing  anc.  recalling,  by  five-place 
alphabetic  or  alphanumeric  code,  at  least  19  waypoints.  This  number  is  a  low  side 
estimate  considering  enroute,  terminal  and  approach  phases.  "In  order  to  minimize  pilot 
workload  during  non-precision  approach,  all  of  the  waypoints  in  the  approach  (including 
the  initial  missed-approach  waypoint)"  have  been  included.  A  second  consideration  was 
"that  procedures  in  complex  terminals  may  require  the  use  of  up  to  6  waypoints  in  rapid 
succession  for  2-D  and  up  to  10  for  3-D."  This  led  to  the  requirement  that  "Means  shall 
be  provided,  either  manually  or  automatically,  to  utilize  a  series  of  stored  waypoints 
in  any  selected  order. " 

3.4  FLIGHT  INSTRUMENTS 

The  minimum  lateral  navigation  information  required  for  display  to  the  pilot  is  the 
desired  track  angle,  the  distance  to  the  active  waypoint,  and  the  cross-track  deviation 
from  the  desired  track.  In  the  "TO-FROM"  mode  (which  is  mechanized  in  addition  to  the 
"TO-TO"  mode  in  the  UE)  a  continuous  display  shall  be  provided  to  show  whether  the 
aircraft  is  proceeding  to  or  from  the  active  waypoint.  In  the  "TO-TO"  mode,  a 
continuous  display  shall  show  when  the  aircraft  has  passed  through  the  active  "TO" 
waypoint.  Maneuvers  such  as  turns  to  intercept  a  new  course  at  the  active  waypoint, 
must  be  anticipated  when  operated  in  the  airspace.  The  anticipation  may  be  accomplished 
through  computational  techniques  within  the  equipment,  operational  procedures  or  a 
combination  of  both  as  is  mechanized  in  the  GPS  UE. 


Table  2.  ARINC  429  Flight  Instrument  Port  Output  Data  Words 

Ref  #  8  ICD-GPS-073 

LABEL 

PARAMETER 

UNITS 

RANGE 

RESOLUTION 

RATE 

076 

GPS  Height  Above 

Reference  Ellipsoid 

Feet 

+131071 

1.0 

20  HZ 

251 

Distance  to  Go 

NM 

+16383 

0.0625 

2  Hz 

115 

Waypoint  Bearing  (True) 

Deg 

+180 

0.044 

20  HZ 

117 

Vertical  Deviation 

Feet 

+8191 

1.0 

10  Hz 

114 

Desired  Track 

Deg 

+180 

0.044 

2  Hz 

116 

Cross  Track  Distance 

NM 

+  128 

0.0005 

20  HZ 

320 

Magnetic  Heading 

Deg 

+180 

0.044 

20  HZ 

314 

True  Heading 

Deg 

+180 

0.044 

20  HZ 

252 

Time  To  Go 

Sec 

+131071 

1.0 

2  HZ 

310 

Present  Position  (lat) 

Deg 

+180 

0.000172 

1  HZ 

311 

Present  Position  (long) 

Deg 

+180 

0.000172 

1  HZ 

313 

Track  Angle  (true) 

Deg 

+180 

0.044 

20  HZ 

312 

Ground  Speed 

Knots 

+4095 

1.0 

10  HZ 

077 

Horizontal/Vertical 

»  Full 

+128  * 

0.8 

20  HZ 

270 

Deviation 

Flight  instrument 

Discrete  Data 

Scale 

1  Hz 

‘Typical  Navy  flight  instruments  diplay  horizontal  deviation  as  a  plus  or  minus 
two  (2)  unit  (dots  on  the  meter  face)  needle  excursion.  Full  scale  is  defined  as 
128%  of  the  two  unit  or  dot  excursion.  Flight  mode  identifiers,  contained  in  the 
Flight  instrument  Discrete  Data  Word,  determine  the  specific  scaling  of  the 
Horizontal  and  Vertical  Deviation  data.  These  are  listed  below  in  Table  3. 


Table  3 .  Hoi 
Rc 

■izontal  and  Verticl  Deviation  (Two  Dot  Excursion) 
if  #  8  ICD-GPS-073 

FLIGHT  MODE 

HORIZONTAL 

VERTICAL 

ENROUTE 

4.00  NM 

1000  Feet 

TERMINAL 

1.25  NM 

500  Feet 

VERY  HIGH  ACCURACY 

200  Feet 

200  Feet 

APPROACH 

2.344  Deg 

0.547  Deg 
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3.5  DIGITAL  DISPLAYS 

t 

The  equipment  shall  provide  the  capability  i.'or  the  display  of  present  position  in 
latitude  and  longitude  with  a  resolution  of  0.1  minutes,  and  for  the  observation  and 
amendment  of  flight  plan  or  other  navigation  data  prior  to  its  utilization.  The  GPS  UE 
shall  also  display  the  distance  to  the  active  waypoint  and  the  cross-track  deviation 
from  the  desired  track.  The  display  may  be  pilot  selected  and  need  not  be  located  in 
the  pilot's  primary  field  of  view.  The  cross-track  deviation  shall  be  disp)ayed  up  to  a 
minimum  range  of  20  NM  with  a  minimum  resolution  of  0.1  nra  up  to  a  cross-track  deviation 
of  9.9  NM  and  a  resolution  of  1.0  NM  beyond.  The  distance  to  the  waypoint  shall  be 
displayed  with  a  resolution  of  0.1  KM  or  better  to  a  range  of  99.9  NM  from  the  waypoint 
and  shall  be  1.0  NM  or  better  at  ranges  greater  than  100  NM. 

4.  NAVY  GPS  AIRCRAFT  SET 

4.1  FLIGHT  INSTRUMENT  INTERFACE 

The  requirement  for  flight  instrument  drive  signals  was  anticipated  in  the  Full 
Scale  Development  (FSD)  phase  where  a  full  set  of  analog  outputs  were  developed  as  part 
of  the  family  of  aircraft  UE  interfaces.  The  flight  instrument  capable  UE  was  installed 
in  the  Navy's  A-6E  Test  and  Evaluation  Aircraft  and  tested  for  this  application.  It  fed 
the  aircraft's  Horizontal  Situation  Indicator  (HSI) ,  which  is  representative  of  the 
flight  instruments  found  aboard  Navy  aircraft.  Concurrent  Navy  and  Air  Force 
integration  concept  studies  indicated  that  a  large  proportion  of  the  aircraft  inventory 
already  carried  a  digital-to-analog  convertor  in  conjunction  with  the  AN/ARN-118  TACAN. 
This,  coupled  with  the  relatively  high  weight  and  power  allocations  associated  with  the 
analog  instrument  drivers,  has  prompted  an  adjustment  in  the  production  phase.  It  was 
decided  to  take  advantage  of  the  existing  interface  adaptor  unit  to  drive1  the  analog 
instruments.  The  UE  will  provide  flight  instrument  data  digitally  to  the  adaptor  unit 
which  will  have  to  be  modified  to  accept  it.  The  choice  of  electrical  format  for  this 
UE  output  was  obvious  since  an  ARINC  429  was  already  required;  using  this  electrical 
format  and  imposing  ARINC' s  Electronic  Flight  Instrument  System  (EFIS)  data  format 
provided  the  UE  with  automatic  compatibility  with  future  glass  instruments. 

The  Flight  instrument  data  words  and  refresh  rates  have  been  reassessed  in  light  of 
the  FSD  test  results  and  have  been  redefined  as  summarized  above  in  Table  2. 

4.2  CONTROL  DISPLAY  UNIT 

Another  outcome  of  the  Navy's  integration  concept  studies  and  the  FSD  testing  was 
the  need  for  a  Control  Display  Unit  (CDU)  with  expanded  capabilities  for  consolidation 
of  navigation  functions  in  space  limited  cockpits  and  decreased  pilot  workload, 
respectively.  Additionally,  review  of  the  RTCA  paper  (Ref  7)  on  software  considerations 
in  airborne  systems  and  equipment  certification  indicates  the  advisability  of 
partitioning  off  and  isolating  the  mission  and  airways  navigation  functions  so  as  to 
minimize  the  need  for  frequent  costly  re-certification  every  time  changes  are  made  to 
the  UE.  A  specification  for  a  GPS  CDU  has  been  developed  that  incorporates  and 
segregates  the  memory  for  a  certified  airways  data  base  from  tactical  data  and  the  RNAV 
computations  from  the  general  processing.  The  CDU  will  also  have  its  own  data  base 
input  and  flight  instrument  output  ports,  and  will  provide  a  full  alphanumeric  key  set. 

The  CDU  flight  instrument  port  output  is  identical  to  its  counterpart  on  the 
receiver  unit.  Data  processing  differs  from  the  receiver  in  basically  two  areas. 
Firstly,  most  of  the  manual  or  external  computer  activated  routines  will  be  automated. 

An  example  of  which  is  the  automatic  sequencing  of  active  waypoints.  Secondly,  a  one 
thousand  (1000)  waypoint  storage  capacity  in  ARINC  424  format  is  being  provided, 
significantly  increasing  the  CDU's  capacity  over  the  receiver's  two  hundred  (200) 
waypoint  capacity. 

To  understand  the  need  for  a  one  thousand  (1000)  waypoint  storage  capacity,  one  must 
keep  in  mind  that  the  NAS  is  defined  by  magnetic  radial  bearings  to  VOR/TACAN  stations 
and  that  all  existing  sole  means  navigation  systems  are  based  one  relative  navigation 
techniques  with  respect  to  these  VOR/TACANs.  A  VOR  or  TACAN  station  is  tuned  in  by 
selecting  either  two  or  four  digits  on  a  control  box  and  your  location  is  established  on 
a  specific  radial  projection  from  that  station.  With  GPS,  you  are  locating  yourself 
relative  to  the  center  of  the  earth  wherein  a  set  of  coordinates  must  be  used  to  define 
locations  upon  the  earth's  surface.  A  CDU  input  defining  a  specific  GPS  location  can 
require  anywhere  from  15  to  25  keystrokes.  This  set  of  coordinates  is  defacto  set  in 
when  you  select  a  TACAN  channel  or  the  VOR  frequency.  The  necessities  of  responding  to 
changing  conditions  on  the  airways  including  air  traffic  controller  redirection 
precludes  enroute  insertion  of  numerous  geoaetic  waypoints  as  a  viable  cockpit 
activity.  The  one  thousand  waypoint  capacity  will  allow  for  the  storage  of  all 
;  necessary  high  and  low  altitude  route  structure  including  airfield  departure  and 

'  approach  waypoints. 

j  4.3  CERTIFIED  AIRWAYS  DATA  BASE 

5 

t  The  airways  data  base  capability  must  be  provided  to  assure  errors  in  geodetic 

!  coordinates  are  not  inadvertently  made.  This  would  be  analagous  to  receiving  the  ID 

tone  back  from  a  selected  TACAN  or  VOR  station,  providing  a  positive  feedback  to  the 
?  pilot  that  the  station  selected  is  the  one  being  received.  The  pilot  when  operating 

J  with  a  GPS  UE  must  have  the  same  feeling  of  confidence  that  he  had  when  operating  from 

i  existing  sole  means  navigation  systems  with  its  positive  feedback.  The  FAA  certified 


A 
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airways  data  bases  are  designed  to  provide  the  required  waypoint  data  reliably.  This  is 
accomplished  by  maintaining  a  controlled  data  source  and  providing  cyclic  redundancy 
checks  to  guard  against  data  entry. 

The  ARINC  424  navigation  data  base  is  the  format  currently  being  used  by  the 
commercial  aviation  industry  to  generate  a  verifiable  route  structure.  The  data  will  be 
loaded  via  a  compatible  data  loader  port  and  will  be  mechanized  in  a  manner  that 
provides  the  FAA  required  integrity  of  the  data.  As  mentioned  previously,  in  addition 
to  parity  and  sum  checks,  cyclic  redundancy  checks  are  built  into  the  data  base.  Any 
reformating  of  the  data  can  very  easily  obviate  this  advantage.  Physically,  the  data 
base  is  isolated  to  prevent  back  refill  that  could  contaminate  the  data. 

4.4  AIRCRAFT  SET  COMPLEMENT 

4.4.1  RECEIVER  processor  UNIT  -  In  addition  to  being  an  RNAV  computer,  the  Aircraft  Set 
is  a  five-channel,  multi-interface  equipment  that  includes  an  antenna,  its  antenna 
electronics,  a  receiver  with  integral  processor  and  interface  capability  to  communicate 
with  appropriate  aircraft  systems,  and  a  control  display  unit  that  can  also  be  used  to 
control  and  display  data  of  various  Inertial  Navigation  Systems  (INS).  Existing 
aircraft  multi-purpose  control  and  display  capability  can  be  used  in  lieu  of  the  GPS 
CDU,  This  external  control  is  exercised  via  the  MIL-STD-1553  multiplex  bus  and 
discretes.  The  Aircraft  Set  also  employs  a  mountain  rack  with  integral  power  and  signal 
connectors.  Table  4  contains  a  summary  of  the  physical  characterisitics  of  each  set 
element.  A  relevant  description  of  each  unit  follows: 


Table  4.  GPS  Aircraft  Set  Physical  Characteristics 
Ref  *  5  Spec  «  CI-RCVR-3010 


RECEIVER 

3A 

ANTENNA 

ELECTRONICS 

FRPA 

ANTENNA 

CONTROL 

DISPLAY 

Dimensions  (in) 
Depth 

17.1 

9.9 

4.6 

7.0 

Width 

7.5 

4.9 

4.6 

5.8 

|  Height 

7.6 

1.9 

1.8 

6.0 

Weight  (lbs) 

36,0 

1.4 

0.5 

8.0 

Power  (w) 

100. 

3. 

- 

30. 

4.4.2  ANTENNA  SUBSYSTEM  -  The  antenna  subsystem  consists  of  a  Fixed  Reception  Pattern 
Antenna  (FRPA)  and  an  antenna  electronics  unit. 

RECEIVER  -  The  GPS  3A  receiver  unit  performs  the  receiver  and  signal  processing,  the 
navigation  data  processing,  and  interface  functions.  The  receiver  accepts  and  processes 
the  GPS  satellite  signals  received  by  the  antenna  subsystem  and  provides  appropriate 
position,  velocity  and  time  data  to  the  aircraft  interfaces.  RNAV  information  can  be 
transmitted  to  the  aircraft  systems  via  either  the  ARINC  429  flight  instrument  interface 
or  the  MIL-STD-1553  multiplex  bus  interface.  Its  two  hundred  (200)  waypoint  data  base 
can  be  entered  manually  using  the  CDU  or  electronically  via  either  a  RS  422  interface 
(data  loader)  or  the  MIL-STD-1553  multiplex  data  bus. 

4.4.3  CONTROL  DISPLAY  UNIT  -  The  CDU  is  the  man-machine  interface  for  the  GPS  set, 
allowing  the  operator  to  control  the  set  and  observe  set-generated  outputs.  The  CDU  can 
also  perform  this  function  for  most  Navy  aircraft 

inertial  navigation  systems.  As  previously  discussed,  the  CDU  is  an  RNAV  computer. 

RNAV  information  is  transmitted  to  the.aircraft  systems  via  the  ARINC  424  interface, 
waypoints  can  be  manually  entered  into  either  the  waypoint  data  base  in  the  receiver  or 
the  non-certified  portion  of  the  data  base  residing  in  the  CDU  via  the  keyboard. 

5.  9ss jaxBsamsasaism 

The  aircraft  set  components  as  just  described  provide  the  aircraft  integrator  with 
se/eral  options  for  the  implementation  of  an  airways  capability  consistent  with  existing 
avionics  as  well  as  the  national  airspace.  Table  5  lists  the  basic  configurations 
available.  As  noted,  not  all  of  the  configurations  are  as  desirable  as  others.  The 
general  recommendation  is  for  an  RNAV  computer,  either  an  ex-sting  unit  or  preferably 
the  GPS  CDU  with  its  ARINC  424  data  base  capability. 

The  GPS  CDU  or  an  existing  RNAV  computer,  in  association  with  the  appropriate  ARINC 
424  data  fill  device,  will  provide  the  recommended  configuration.  The  GPS  CDU  can  be 
used  for  this  role  even  when  it  is  not  needed  or  desired  to  perform  the  GPS  UE  control 
jp.d  displjy  funstisHt  Ths  CDU  then  becomes  another  avionics  box  and  need  not  occupy 
prime  cockpit  real  estate.  In  the  reverse  role,  the  CDU  if  required  for  control  and 
display  of  the  UE  but  not  for  RNAV,  can  act  as  s  backup  to  the  existing  RNAV  computer. 
Other  variations  of  the  baseline  configurations  of  Table  5  also  exist.  In  fact,  if  a 
more  overall  mission  perspective  is  taken,  the  inherent  RNAV  capabilities  can  be 
utilized  to  the  total  advantage  of  the  aircraft.  For  example,  the  use  of  all  the 
internal  waypoint  storage  capacity,  where  a  MIL-STD-1553  based  mission  computer  could  be 
using  the  receiver  for  tactical  navigation  and  display  while  relying  on  the  CDU  for 
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Table  5.  RNAV  Aircraft  Aircraft  System  Options  J 

OPTION 

WAYPOINT 

DATA  BASE 

UNIT 

DATA 

LOADER 

INTERFACE 

RNAV 

COMPUTATION 

UNIT 

FLIGHT 

INSTRUMENTATION 

INTERFACE* 

Recommended 

GPS  CDU 

ARINC  424 

GPS  CDU 

ARINC  429 

From  CDU 

Integration 

Aircraft 

Aircraft 

Mission 

Aircraft 

j  Alternative 

Specified 

Specified 

or  RNAV 
Computer 

Specified 

Available 

GPS  RCVR 

MIL-STD-1553 

GPS  RCVR 

ARINC  429 

From  RCVR 

I  Available 

GPS  RCVR 

RS  422 

GPS  RCVR 

ARINC  429 

From  RCVR 

|  *  Via  switching  unit  and/or  an 

interface  adapter  unit. 

airways  navigation  and  display.  Obviously,  many  possibilities  exist.  The  integration 
concept  on  any  specific  Navy  aircraft  will  be  the  result  of  evaluating  mission  and 
airways  navigation  requirements  in  light  of  existing  onh  ,;>rd  avionics  and  flight  safety. 

6.  CONCLUSION 

GPS  certification  as  a  sole  means  air  navigation  system  in  the  U.S.  NAS  requires 
demonstration  of  the  accuracy,  availability,  reliability  and  integration  of  basic 
guida.—e  data  outputs.  DOD  required  testing  either  equals  or  exceeds  the  levels 
recommended  by  the  FAA  both  an  equipment  and  total  system  basis. 

The  DOC  system  including  the  UE,  provides  the  necessary  guidance  data  well  within 
acceptable  accuracies.  The  UE  has  been  designed  to  establish  within  a  totally  GPS 
aircraft,  the  airways  as  perceived  by  the  VOR/TACAN  user.  To  accomplish  this  as  well  as 
to  have  the  required  rasponsiveness  to  air  traffic  control  and  to  minimize  pilot 
workload,  a  substantial  waypoint  data  base  has  been  included  within  the  UE.  The  1000 
waypoint  data  base  within  the  Navy's  GPS  CDU  has  been  formatted  for  cyclic  redundancy 
tests  to  guard  against  data  entry  error  and  is  compatible  with  civil  certified  airways 
data  bases. 

The  GPS  UE  continually  monitors  itself  to  detect  degraded  performance  and  provides 
this  status  to  the  operator.  Altimeter  aiding  provides  the  fly  wheel  to  maintain  the 
GPS  solution  through  momentary  loss  of  a  satellite  signal.  With  the  presently  proposed 
satellite  constellation  including  active  spares,  the  UE  can  maintain  performance  within 
accuracy  even  with  a  satellite  failure  throughout  the  continental  United  States. 

In  summary,  the  GPS  UE  when  properly  configured  and  integrated  with  other  onboard 
aircraft  systems  provides  a  certifiable  sole  means  air  navigation  capability  for  Navy 
aircraft  use  in  controlled  airspace. 
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SUMMARY 

PDOP  (Position  Dilution  of  Precision)  is  defined,  and  equations  are  given 
to  calculate  it.  Equations  are  given  for  3-dimensional  GPS  fixes,  2-dimensional 
GPS  fixes,  2-dimensional  hyperbolic  fixes  (Loran) ,  and  2-dimensional  range-range 
fixes.  A  method  is  given  for  geometrical  determination  of  PDOP. The  method  gives 
an  insight,  which  is  lacking  in  the  purely  mathematical  determination.  Practical 
examples  are  given,  and  the  results  of  the  geometric  determination  are  shown  to 
agree  with  the  purely  mathematical  determination.  An  equation  is  given  for  a 
dilution  factor  which  applies  to  determination  of  velocity;  it  is  not  the  3ame 
as  PDOP. 

DEFINITION  OF  PDOP 

PDOP  relates  error  in  GPS  position  to  error  in  pseudo-range  to  the  satellite. 

(A  pseudo-range  measurement  is  made  by  measuring  the  time  of  arrival  of  a  signal 
from  the  satellite  with  respect  to  a  timing  source  located  at  the  receiver.  It  is 
termed  pseudo-range,  because  the  timing  source  has  an  unknown  offset.  This  offset 
is  determined,  and  its  effect  eliminated  by  measuring  the  arrival  times  of  four  sat- 
telitcss  For  further  details  of  the  GPS  position  fix  process  see  reference  1.) 

<rf  =  (pdop).  o> 

<Tr  ia  the  rms  radial  error  in  position  (meters) 

<Tr  is  the  rms  error  in  each  pseudo-range  measurement  (meters) 

Errors  can  be  in  the  arrival  time  measurement,  or  can  be  due  to  uncertainties 
in  the  knowledge  of  satellite  position,  or  due  to  errors  in  the  timing  sources  of 
the  individual  satellites.  The  rms  range  error  due  to  all  of  these  sources  is  termed 
User  Equivalent  Range  Error  (UERE) .  The  offset  in  the  receiver's  timing  source  does 
not  contribute  to  the  pseudo-range  error. 

For  PDOP  to  have  meaning,  the  errors  must  be  random,  have  zero  bias,  and  have 
equal  rms  value  for  all  satellites. 

CALCULATION  OF  PDOP 

PDOP  is  calculated  by  the  following  formula,  in  the  case  of  GPS  3-dimensional 
po3ition:  PDOP  =  |trace3  [g^]-1}  15 


G  is  the  matrix  relating  changes  in  measured  pseudo  range  to  changes 
in  position  and  time  reference 

i.e. 


frl 

«r, 

tr5 

t*4 

G 

fy 

jt 

TRACEj  denotes  the  sum  of  the  first  3  diagonal  elements  of  GTG  -1 
Jrl»  Jr2,  Jr3,  fr4  are  changes  in  pseudo-ranges  to  the  4  satellites. 

it  is  the  change  in  timing  of  the  on-board  time  reference 

£y,  iz  are  changes  in  receiver  position  in  a  local  coordinate  frame. 

(x  east,  y  north,  z  up) 

The  origin  of  the  local  coordinated  frame  is  a  fixed  point 
on  earth  at  the  present  position  of  the  receiver. 

The  G  matrix,  first  3  columns,  has  elements  which  are  negatives  of  the  x,y,  and 
z  components  of  unit  vectors  to  the  satellites;  the  4th  column  elements  are  all  (-1) 


GEOMETRIC  INTERPRETATION  OF  PDOP 

PDOP  is  determined  geometrically  as  follows: 

1)  Four  unit-vectors  point  toward  the  satellites  ;3ee  Fig.  1).  Connect  the  ends 


U7-2 


of  these  vectors  with  6  line  segments,  forming  a  tetrahedron. 

2)  PDOP  is  the  r.s.s.  (square  root  of  the  sum  of  the  squares)  of  the  areas  of  the 

4  faces  of  the  tetrahedron,  divided  by  its  volume.  Expressed  somewhat  differently, 
it  is  the  r.s.s.  of  the  reciprocals  of  the  4  altitudes  of  the  tetrahedron. 

Proof  of  the  above  is  given  in  reference  2.  The  construction  is  3-dimensional,  but 
it  is  not  difficult,  as  will  be  seen  in  the  following  example. 

At  a  particular  time  and  location.  Satellites  1,  10,  15,  and  18  will  have  the  fol¬ 
lowing  elevations  and  azimuths: 

Satellite  Elevation  Azimuth 

1  37.6°  130.9° 

10  65.1°  326.6° 


15 

18 


22.8“ 

40.6 


239.5“ 

39.8° 


The  corresponding  components  of  the  unit  vectors  to  the  satellites  will  be  as  follows: 


Satellite 

1 

10 

IS 

18 


x  (east) 
.5987 
-.2318 
-.8685 
.4865 


y (north) 
-.5185 
.3522 
.3080 
.5831 


z  (up) 
.6105 
.9068 
.3883 
.6506 


From  the  Pythagorean  Theorem,  the  distances  between  the  ends  of  the  unit  vectors  are: 


10 

- 

i 

1.2392 

15 

- 

i 

1.6986 

18 

- 

i 

1.1080 

15 

- 

10 

.8223 

18 

- 

10 

.7*68 

18 

-I 

15 

1.4073 

Knowing  these 

distances,  a 

tetrahedron  can  be 

constructed.  The  : 

individual 

faces 

are  constructed  as  shown  in  fig. 

2, 

and  the  figure 

is  then  cut  out  and 

folded  to 

make 

a  tetrahedron .  The 

4  altitudes 

are 

then  measured. 

The  results  of  the 

measurements  are 

z 

(up) 

C>  y  (north) 


Pig.  1  -  Unit  vectors  to  satellites 


Pig.  2  -  "Cut  and  Fold"  tetrahedron  for  PDOP  determination 
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given  in  the  figure,  and  PDOP  is  determined  using  the  formula  in  the  figure.  The  value 
(3.46)  agrees  well  with  the  value  determined  from  equation  (1)  (3.44)  .  The  discrepancy 
is  due  to  small  errors  in  constructing  the  tetrahedron,  and  in  measuring  the  altitudes. 
There  are  no  approximations  associated  with  the  geometric  expression. 

If  the  angle  18  -  10  -  18  is  small,  one  can  recognize  that  PDOP  will  be  large  (poor) 
without  cutting  out  the  figure,  since  this  leads  to  a  tetrahedron  having  a  small  volume. 

A  consequence  of  the  above  construction  is  that  if  the  ends  of  the  unit  vectors 
are  co-planar  (a  not  unusual  circumstance)  PDOP  becomes  infinite,  and  a  position  is  not 
obtainable.  For  this  reason,  the  final  GPS  constellation  will  be  such  that  there  will 
almost  always  be  at  least  5  satellites  in  view  anywhere  on  earth;  giving  an  alternate 
choice  of  the  4  satellites  to  be  utilized. 

GPS  2-DIMENSIONAL  POSITION  ACCURACY 

Unfortunately  there  is  no  analogous  neat  geometrical  construction  for  the  horizontal 
component  of  PDOP,  HDOP.  This  quantity  is  of  importance  to  surface  vehicles. 

If  altitude  is  accurately  known,  however,  a  2-dimensional  position  is  obtainable  from 
pseudo-range  measurements  on  3  satellites,  and  this  3-satellite  PDOP  (HDOP)  can  be  ob¬ 
tained  by  a  geometrical  construction. 

In  this  case: 

PDOP  »  HDOP  -  (TRACE2  O^gT1}*1 

where:  G  relates  changes  in  measured  pseudo-range  to  changes  in  2-dimensional  posi¬ 
tion  and  time. 

i.e. : 


*rI 

“  ** 

ir2 

at 

G 

$y 

Sr3 

H 

This  2-dimem.ional  G  matrix  is  the  previous  3-dimensional  G  matrix  with  the  third 
column  deleted,  and  the  row  deleted  corresponding  to  the  unused  satellite. 

Figure  3  shows  the  construction.  Draw  the  horizontal  components  of  3  unit  vectors 
pointing  toward  the  satellites.  Connect  the  ends  of  these  vectors  with  3  line  segments, 
forming  a  triangle.  PDOP  (HDOP)  is  the  r.s.s.  of  the  lengths  of  the  sides  of  the  triangle, 
divided  by  its  area.  Expressed  differently,  it  is  the  r.s.s.  of  the  reciprocals  of  the  3 
altitudes  of  the  triangle. 

Using  the  previous  case;  satellites  1,  15,  and  18:  From  the  Pythagorean  Theorem,  the 
distances  between  the  ends  of  the  horizontal  projections  of  the  unit  vectors  to  1,  15, 
and  18  are: 


1  15  1.684 

15  18  1.382 

18  l  1.107 


Knowing  these  distances,  the  iangle  in  Fig.  3  is  constructed,  and  the  altitudes 
jure  determined.  HDOP  is  calculates  from  the  formula  in  the  figure.  The  result  agrees 
well  with  calculations  from  matrix  theory  (1.60). 

Knowing  the  altitude  accurately  for  a  surface  vessel  requires  knowing  accurately 
the  geoidal  height  of  the  ocean  in  the  vicinity  of  the  vessel.  An  error  in  knowledge 
of  geoidal  height  translates  into  a  bias  error  in  position. 

PDOP  becomes  infinite  when  the  ends  of  the  3  vector  components  are  colinear. 


/GPS  VELOCITY  ACCURACY 


Three-dimensional  velocity  can  be  determined  from  GPS  signals  by  measuring  range  rates 
to  three  satellites.  Range  rate  measurements  are  determined  from  phase  measurements  on 
the  microwave  carrier,  and  are  inherently  very  accurate.  The  dilution  of  precision  for 
velocity  measurements  is  not  PDOP.  It  will  be  termed  VELDOP  in  this  description. 


<Tv  -  (veldop)  err 

(Xj  is  the  rms  velocity  error  in  meters/seo. 

(Tt  is  the  rms  range  rate  error  in  meters/sec.  on  each  satellite  signal 
VELDOP  =  |tRACE(GT  G)-1j  ** 

0  is  the  matrix  relating  range  rates  to  velocity 


The  G  matrix  elements  are  the  x,y,  and  z  components  of  unit  vectors  to  the  3  satel¬ 
lites.  VELDOP  can  be  determ' ned  geometrically  by  constructing  the  tetrahedron  of  the  3 
unit  vectors  to  the  satellites.  VELDOP  is  the  rss  of  the  reciprocals  of  the  altitudes 
of  this  tetrahedron. 

LORAN  POSITION  ACCURACY 

The  above  construction  can  also  be  used  for  2-dimensional  hyperbolic  systems  having 
all  transmitters  on  the  surface  of  the  earth,  such  as  Loran,  and  Decca.  In  this  case  the 
vectors  are  unit  length  and  in  the  horizontal  plane.  PDOP  become  infinite  when  the  ends 
of  these  vectors  are  colinear,  which  occurs  on  baseline  extensions. 

RANGE-RANGE  POSITION  ACCURACY 

An  analogous  construction  can  be  used  for  2-dimen3ional  range-range  systems;  both 
transmitters  on  the  surface  of  the  earth.  Examples  are  Autotape,  and  Raydist.  In  thi3 
case,  unit  vectors  are  drawn  to  the  two  stations,  and  a  triangle  is  drawn  by  connecting 
the  ends.  PDOP  is  the  r.s.s.  of  the  reciprocals  of  the  altitudes  to  two  of  the  sides 
(the  unit  vectors) .  Figure  4  shows  the  construction.  In  this  case  it  can  be  geometrically 
shown  that  PDOP  = -VJ/sin  8. 


Fig.  4  -  2-Dimensional  range-range  PDOP  determination 
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RING  LASER  GYRO  PRINCIPLES  AND  TECHNIQUES 
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SUMMARY 

The  ring  laser  gyroscope  (RLG)  represents  a  departure  from  the  mechanically  based 
Inertial  rotation  sensor  used  since  the  turn  of  the  century.-  Conventional  rotation 
sensors  operate  on  mechanical  principles  derived  by  Euler  over  two  hundred  years  ago  and 
make  use  of  the  torques  produced  by  a  spinning  rotor.  Since  their  use  In  the  first  crude 
gyroscopes  manufactured  for  gun  platforms  at  sea  before  the  first  World  War,  these  sys¬ 
tems  have  been  highly  refined  to  give  the  compact,  accurate  and  relatively  cost  effective 
systems  of  today.  In  contrast  the  RLG  works  on  purely  optical  principles  and  involves  no 
moving  parts.  It  offers  true  strapdown  capability  and  has  no  known  sensitivity  to  high  g 
fields.  Other  attractive  features  Include  almost  Instant  turn-on  performance  and  a  very 
linear  scale  factor  over  a  very  large  dynamic  range.  Development  of  the  RLG  started  in 
the  early  1960's  with  the  first  flight  tests  being  performed  In  the  early  1970's. 
Commercial  RLG-based  Inertial  guidance  systems  have  been  available  for  about  a  decade, 
however  the  device  has  perhaps  yet  to  reach  its  full  potential. 


The  ring  laser  gyro  is  one  configuration  in  a  class  of  optical  gyroscopes,  all  of 
which  are  based  on  a  relativistic  principle  known  as  the  Sagnac  Effect.  As  early  as  1897 
Oliver  Lodge  first  put  forward  the  possibility  that  rotation  could  be  sensed  inertlally 
using  circulating  light  beams  although  it  was  left  to  Georges  Mare  Marie  Sagnac  to  actu¬ 
ally  derive  the  basis  mathematically  and  carry  out  preliminary  experiments  in  1913-  How¬ 
ever  the  size  of  the  Sagnac  Effect  was  regarded  as  too  small  to  be  of  practical  use  for 
Inertial  navigation  at  that  time  as  is  graphically  illustrated  by  the  famous  experiment 
of  A.  A.  Michelson.  He  laid  out  a  ring  of  evacuated  pipe  almost  a  mile  in  perimeter  In 
the  farmlands  of  Illinois  In  1925  and  by  sending  light  beams  in  opposite  directions 
around  this  loop  was  barely  able  to  detect  the  rotation  of  the  Earth.  The  advent  of  the 
laser  in  1959  and  the  renewed  interest  in  optical  resonant  cavities  provided  the  impetus 
needed  for  the  first  practical  optical  gyroscope  designs. 


This  article  on  the  ring  laser  gyroscope  describes  brleny  the  Sagnac  Effect  and 
outlines  how  it  may  be  used  to  build  optical  rotation  sensors.  The  RLG  is  placed  In 
perspective  with  other  forms  of  optical  gyroscope  and  the  basic  layout  is  described. 
Details  are  given  of  the  more  serious  error  sources,  such  as  frequency  locking,  and  the 
mo3t  common  means  for  minimizing  them.  In  particular  the  lockin  reduction  scheme  known 
as  mechanical  dither  is  explained.  Finally  an  alternative  form  of  the  RLG  known  as  the 
multlosclllator  is  outlined  as  a  possible  configuration  for  systems  where  the  mechanical 
dither  approach  may  have  shortcomings. 
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OVERVIEW  OF  OPTICAL  GYROSCOPES 
The  Sagnac  Effect 

The  Sagnac  Effect  refers  to  two  beams  of  light  propagating  in  opposite  directions 
around  a  closed  loop  such  as  a  ring  of  mirrors  or  fiber  optic  loop.  If  the  loop  is  not 
rotating  In  inertial  space,  while  the  light  beams  are  propagating  Inside,  then  the  times 
taken  for  the  beams  to  complete  the  loop  are  identical.  However  if  the  loop  does  rotate 
then  the  two  propagation  times  are  different;  the  velocity  of  the  light  is  the  same  but 
the  beam  travelling  with  the  direction  of  rotation  sees  a  longer  light  path  than  the  beam 
going  against  the  rotation. 

The  diagram  In  Figure  1  depicts  an  idealized  circular  light  path  of  radius  R  along 
which  the  counterpropagatlng  beams  may  propagate.  The  light  is  Injected  Into  the  path  at 
point  A  and  while  in  transit  the  loop  rotates  with  angular  rate  u  so  that  A  is  displaced 
to  the  position  A'.  As  the  light  exits  at  A'  the  beam  moving  against  the  rotation  will 
hsvc  travelled  a  shorter  distance  thee  the  ether  beers.  This  peth  difference  is  ° i ver  bv 


AL  -  MAu/c  (1) 


If  the  exiting  beams  are  made  to  interfere  on  a  screen  at  S  then  the  pattern  of 
bright  and  dark  fringes  created  will  be  shifted  according  to  the  path  difference  induced 
hy  the  Sagnac  Effect.  Figure  1  shows  qualitatively  the  relative  fringe  pattern  position 
for  a  stationary  and  a  rotating  loop.  The  position  of  the  fringe  pattern  is  defined  by 
the  rotation  rate  of  the  loop. 

The  path  difference  given  in  Equation  (1)  by  this  simplified  model  is  consistent 
with  that  derived  more  rigorously  using  Einstein's  General  Theory  of  Relativity  and  a 
more  generalized  light  path;  the  Sagnac  Effect  is  a  relativistic  phenomenon. 
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The  technique  shown  In  Figure  1  of  allowing  the  exiting  Seams  to  Interfere  to  create 
a  fringe  pattern,  wa3  used  by  Sagnac  and  later  by  Hlcnelson  to  demonstrate  the  Effect  and 
such  a  configuration  Is  known  as  a  Sagnac  Interferometer.  The  magnitude  of  the  fringe 
movement  depends  on  the  enclosed  area  of  the  loop  and  Is  very  small.  Thus  Mlchelson, 
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with  an  enclosed  area  of  about  a  sixteenth  of  a  square  mile,  only  observed  a  shift  in 
fringe  position  of  about  two  tenths  of  a  fringe  spacing  due  to  Earth's  rotation  (equiv¬ 
alent  to  about  10  deg/hour  In  the  plane  of  Mlchelson’s  loop  in  Illinois).  Direct  use  of 
a  Sagnac  Interferometer  as  a  practical  means  of  making  a  gyroscope  has  only  been  possible 
in  the  last  decade  with  the  use  of  very  low  loss  optical  fibers  and  sophisticated  elec¬ 
tronics  for  signal  processing.  The  Inherent  Insensitivity  of  the  Sagnac  Effect  13  over¬ 
come  by  using  many  thousands  of  optical  loops  (typically  several  kilometers  or  fiber) 
thu3  multiplying  the  path  differential  between  the  counterpropagatlng  light  beams.  The 
ring  laser  gytoscope  offers  an  alternative  approach  to  this.  As  described  later  this 
device  makes  use  of  a  hand-palm-slzed  resonant  ring  cavity  with  an  enclosed  gaseous  gain 
medium  to  greatly  enhance  the  basic  Sagnac  Effect. 

Principles  of  Resonant-Cavity  Gyros 

The  small  path-length  difference  created  by  the  Sagnac  Effect  can  be  converted  Into 
a  frequency  difference  by  the  use  of  an  optically  resonant  cavity.  Linear  optical  cav¬ 
ities  consisting  of  two  mirrors  arranged  face-to-face  so  that  light  can  bounce  back  and 
forth  almost  Indefinitely  have  been  commonplace  since  the  discovery  of  the  laser.  A  ring 
cavity,  usually  a  triangle  or  square,  can  be  similarly  formed  with  three  or  four  mirrors 
and  creates  the  light  loop  necessary  for  the  Sagnac  Effect  to  take  place.  Counterpropa¬ 
gatlng  beams  will  now  propagate  indeflntely  (In  the  absence  of  cavity  losses)  in  the  loop 
In  contrast  to  the  single  pass  made  In  the  Sagnac  interferometer.  The  cavity  becomes 
resonant  when  the  light  path  in  the  ring  is  equal  to  an  exact  multiple  of  the  wavelength 
of  light  travelling  therein.  Thus  if  the  physical  perimeter  of  the  ring  Is  P,  any 
wavelength  of  light  which  obeys  the  condition 
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where  m  is  an  Integer,  c  Is  the  velocity  of  light  In  the  cavity  and  f  Is  the  light  fre¬ 
quency,  will  resonate.  The  integer  m  is  known  as  the  mode  number  a.id  for  typical  BL.G- 
sized  cavities  of  around  20cm  Is  of  the  order  of  a  third  of  a  million.  There  are  many 
wavelengths  of  visible  light  that  will  resonate,  limits  being  placed  In  general  by  the 
frequency  range  over  which  the  cavity  mirrors  can  give  high  reflectivities. 

An  Important  parameter  for  a  given  cavitv  Is  the  frequency  difference  hetuee"  cen- 
secutive  wavelengths,  say  m  and  m+1  that  resonate,  rather  than  the  absolute  frequencies.; 
This  quantity  Is  called  the  free  3pectral  range  (or  longitudinal  mode  spacing).  It  Is 
easily  derived  from  the  cavity  closure  condition. 

For  mode  m  mX-P-mc/f„  -->  f  -mc/P 

01  0! 

For  mode  m»1  (m*1 )X-P-(mt 1 )c/f  ,  f  , *(m*l )c/P 
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A  typical  free  spectral  range  for  an  RLG  is  about  one  gigahertz. 


\ 

l 

* 

I 

< 

i 


j 

I 


I 

i 

{ 


: 


i 

i 

i 


f 

( 

i 


111  I -3 


Any  apparent  change  in  the  path  length  such  as  that  created  by  the  Sagnao  Effect 
will  alter  the  wavelength  and  frequency  of  light  resonating  in  the  cavity.  When  the 
relationship  between  cavity  length  and  resonant  frequency  from  Equation  3  is  substituted 
into  the  Sagnao  path  shift  the  following  result  is  obtained. 

Output  (Hertz)  -  11  Input  rate  (rads/seo)  (4) 

where  A  is  the  enclosed  area  of  the  ring.  Thus  in  the  presence  of  inertial  rotation  the 
resonant  frequencies  for  the  light  beams  propagating  in  opposite  directions  around  the 
ring  will  be  different.  The  very  short  wavelengths  of  light  compared  to  a  typical  cavity 
length  of  say  20cm  provides  a  very  large  scaling  factor  and  minute  fringe  shifts  are  con¬ 
verted  into  easily  discernible  frequency  differences.  For  instance  the  Earth's  rotation 
rate  in  a  typical  20cm  cavity  gives  about  a  4  Hz  frequency  difference:  Hichelson's  one- 
mile  ring  would  have  given  about  31kHz  if>  in  principle,  used  as  a  resonant  cavity. 

The  use  of  a  resonant  cavity  alone  to  detect  the  Sagnao  Effect  is  known  as  the  pas¬ 
sive  oavity  optical  gyroscope.  Light  from  a  broad-b?nd  external  source  is  directed  into 
the  oavity  in  each  direction.  The  oavity  filters  the  light  and  transmits  a  narrow  band, 
the  peak  frequency  of  which  depends  on  the  direction  of  propagation  in  the  presence  of 
any  Sagnao  Effect.  Currently  some  efforts  are  underway  to  investigate  this  technique  as 
a  basis  for  a  compact  guidance  system,  but  most  Interest  in  the  passive  cavity  gyro  is 
centered  around  scientific  use  for  astonomieal  observations  of  rotating  frames. 

The  resonance  linewldth  of  a  oavity  is  proportional  to  the  light  losses  within  the 
cavity.  The  cavity  losses  are  an  Important  parameter  for  resonant  oavity  gyroscopes  and 
are  often  described  in  terms  of  the  oavity  finesse  which  is  defined  as  the  ratio  of  the 
free  spectral  range  (fsr)  to  the  cavity  transmission  linewldth.  In  practice  the  frac¬ 
tional  cavity  losses  are  approximately  equal  to  2*  divided  by  the  finesse. 

Finesse  -  -  f sr/bandwidth  (5) 

Current  mirror  technology  will  give  cavities  with  finesses  of  several  tens  of 
thousands  or  llnewidths  down  to  about  10kHz.  Even  modest  navigation  requirements  mean 
measuring  the  center  of  such  a  linewldth  with  an  accuracy  or  a  fraction  of  a  Hertz  and, 
although  practically  possible,  the  manufacturers  of  optical  inertial  navigation  equipment 
favor  a  method  for  circumventing  this  difficulty,  namely  the  ring  laser  gyroscope. 

The  RLG  consists  of  a  resonant  cavity  containing  an  active  gain  medium,  usually  in 
the  form  of  a  gaseous  discharged  electrically.  This  medium  not  only  provides  an  Internal 
light  source  for  the  Sagnao  Effect  operating  at  exactly  the  cavity  resonant  frequency,  but 
by  means  of  stimulated  emission,  replaces  photons  lost  from  the  cavity  with  duplicates  of 
the  same  frequency  and  phase.  Thus  effective  linewidth3  are  reduced  by  many  orders  of 
magnitude  over  the  passive  cavity  and  the  very  precise  beat  between  counterpropagatlng 
beams  is  easily  observed  when  small  fractions  of  each  beam  are  allowed  to  exit  the  cavity 
through  partially  transmitting  mirrors  and  combine  to  form  a  Trlnge  pattern.  The  position 
of  this  pattern  is  dependent  on  the  angular  position  of  the  gyro  frame  in  contrast  to  the 
Sagnao  Interferometer  where  the  position  depends  on  the  angular  rate.  A  light  detector 
is  used  to  count  the  passing  of  bright  and  dark  fringes  and  provide  output  information. 
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Figure  2  shows  a  summary  of  the  various  ways  of  using  the  Sagnac  Effect  to  make  a 
rotation  sensor.  To  date,  by  far  the  most  successful  technique  is  the  ring  laser  gyro, 
although  the  schemes  whether  passive  or  active,  resonant  or  single-pass,  all  have  very 
similar  inherent  sensitivity  limits. 
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THE  BING  LASER  GYRO 

Choice  of  the  RLG  Gain  Medium 


For  proper  operation  a  ring  laser  gyro  requires  a  gain  medium  that  sustains  monochro¬ 
matic  laser  oscillation  In  two  counterpropagating  directions  simultaneously  and  also  pro¬ 
vides  m  .imum  opportunity  for  the  beams  to  Interact  with  the  outside  world  through  such 
effects  as  backscatter  which  create  gyro  lockln  discussed  later  and  temperature  changes. 
Primarily  for  the  latter  reasons  a  low  pressure  gas  is  the  preferred  (and  currently  only) 
choioe.  A  solid  gain  medium  would  necessarily  have  material  Interfaces  Inducing  scatter 
and  the  high  density  would  Invite  interaction  through  temperature  and  other  environmental 
changes.  As  mentioned  earlier  a  cavity  can  resonate  at  many  different  frequencies  each 
separated  from  the  next  by  the  cavity  free  spectral  range.  Which  of  these  frequencies 
lase  in  the  cavity  is  determined  by  the  so-called  gain  profile  of  the  active  medium  within 
the  cavity.  The  low  pressure  gas  provides  gain  at  a  range  of  frequencies  centered  about 
the  atomic  transition  responsible  for  the  lasing  action.  The  gain  for  lasing  action  is 
provided  by  stimulated  emission  between  two  energy  levels  within  the  medium  and  in  general 
this  transition  provides  photons  which  are  highly  monochromatic.  However  in  the  gaseous 
gain  medium  of  the  RLG  the  atoms  or  molecules  are  in  constant  motion  and  have  a  velocity 
distribution  given  by  a  Gaussian  profile.  Thus  the  actual  frequency  of  an  emitted  photon 
Is  Doppler-3hif ted  in  the  frame  of  the  gyro  body  and  depends  on  the  atomic  velocity.  In 
this  manner  the  gaseous  medium  provides  gain  over  a  range  of  frequencies  determined  by  the 
atomic  velocity  distribution.  This  range  13  temperature  dependent  but  typically  is  about 
1GHz,  which  is  compa-able  to  the  free  spectral  range  of  a  hand-palm-slzed  ring  cavity. 

The  actual  range  ove  ’  which  lasing  can  occur  is  less  because  only  frequencies  which  have 
gain  greater  than  the  cavity  loss  can  lase.  Thu3  by  slight  adjustments  to  the  cavity 
length  only  one  resonant  frequency  will  occur  under  the  gain  profile  at  one  time  and  hence 
only  one  cavity  longitudinal  mode  will  lase.  This  situation  is  illustrated  in  Figure  3 
with  some  typical  frequency  magnitudes  3hown. 
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All  ring  laser  gyros  presently  use  atomic  neon  gas  as  a  gain  medium  because  the  tran¬ 
sition  is  we. I  studied  (being  the  first  gaseous  lasing  medium)  and  Is  stable  in  operation. 
The  gain  prov'ded  by  pure  neon  io  very  small  and  helium  gas  is  added  to  boost  the  copula¬ 
tion  inversion  via  direct  helium-neon  atom  energy  transfer  due  to  a  useful  level  tilncl- 
dence.  However  even  this  mixture  with  naturally  occurring  neon  (about  9 1  <  neon  20  and  9if 
neon  22)  will  not  produce  stable  oscillation  in  both  directions  at  peak-gain  frequency  in 
a  ring  cavity.  When  neon  of  substantially  a  single  isotope  is  used,  light  beams  in  both 
directions  compete  for  the  same  excited  atoms  with  close  to  zero  velocity  when  the  cavity 
resonant  frequency  is  tuneo  to  the  peak  gain.  Any  slight  differential  cavity  loss  between 
the  beams  will  supress  one  direction  over  the  other  and  beam  intensities  will  be  very  un¬ 
stable.  This  problem  is  overcome  by  using  an  approximately  equal  mix  of  neon  20  and  neon 
22.  As  shown  in  Figure  A,  the  peak-gain  frequency  now  occurs  between  the  gain  centers  for 
the  individual  isotopes,  and  at  this  frequency  the  light  beams  must  use  a  Doppler  3hift  to 
match  the  difference  in  lasing  frequency  and  that  of  the  atomic  transition.  Since  the 
beams  are  travelling  in  opposite  directions,  they  draw  on  gain  atoms  with  velocities  of 
opposite  sign  and  the  mode  competition  effects  are  relieved.  In  practice  this  scheme  pro¬ 
duces  very  stable  operation  of  the  counterpropagating  beams  needed  as  the  basis  for  all 
RLG's.  „ _ _ 


FIGURE  4 
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Early  RLG  workers  used  the  1.15  micron  Infrared  transition  in  neon  because  it  pro¬ 
vided  more  gain  than  the  more  familiar  red  line;  As  mirrors  became  less  lossy  and  cavity 
alignment  methods  Improved,  manufacturers  switched  to  the  red  line  because  it  is  visible 
and  provides  a  larger  gyro  scale  factor.  With  current  technology,  satisfactory  lasing 
action  in  the  red  can  be  obtained  with  plasma  gain  lengths  of  the  order  of  a  centimeter 
or  two. 


Frequency  Locking 

The  first  ring  laser  gyroscopes  were  built  at  Sperry  Corporation  in  the  USA  in  the 
early  1960’s  and  displayed  an  unforeseen  problem,  that  of  frequency  locking  or  ’lookin’. 
Any  mechanism  that  couples  energy  between  the  counterpropagatlng  beams  in  the  cavity  will 
cause  the  beat  frequency  between  the  beams  to  be  reduced  resulting  in  a  nonlinear  scale 

factor  between  input  rate  and  output  beat.  More  seriously,  if  the  input  rate  is  low 

enough  the  two  frequencies  look  together  providing  no  output  beat.  A  typical  plot  of  the 
input  versus  the  output  in  this  case  is  shown  in  Figure  5.  The  range  of  inputs  which 

gives  no  output  is  known  as  the  gyro  deadband  or  lockband.  The  main  coupling  mechanism 

in  the  RLG  is  the  baokscatterlng  produced  by  surfaoe  irregularities  suoh  as  roughness  and 
dielectric  changes  on  the  surface  of  the  mirrors  within  the  cavity.  Very  small  amounts 
of  baoksoatter  cause  large  deadbands;  for  instance  a  few  parts  in  101Z  of  energy  from  one 
beam  scattered  into  the  direction  of  the  other  can  create  a  deadband  of  several  hundred 
degrees  per  hour  in  a  palm-sized  RLG.  A  major  part  of  RLG  research  in  the  last  twenty 
years  has  been  directed  towards  methods  of  circumventing  the  looking  problem.  The  main 
approaches  are  discussed  below. 


There  are  two  popular  types  of  lockln  avoidance  schemes,  those  based  on  so-called 
d.c.  biasing  and  those  based  on  a.c.  biasing.  The  d.c.  schemes  rely  on  providing  a  fixed 
bias  between  the  counterpropagatlng  beams  of  a  magnitude  large  enough  to  push  the  dead¬ 
band  well  away  from  the  desired  operating  range  of  the  RLG.  Early  attempts  achieved  this 
with  the  use  of  an  lntracavlty  glass  element  with  a  large  Faraday  rotation  (i.e.,  Verdet) 
constant  which  would  thus  produce  a  direction-dependent  phase  shift  for  light.  The  oper¬ 
ation  of  3uch  a  device  is  shown  in  Figure  6.  A  glass  element  which  is  typically  doped 
with  cerium  or  terbium  to  Increase  the  Faraday  Effect,  is  placed  in  an  axial  magnetic 
field  of  several  thousand  oersted.  Circularly  polarized  light  impingent  on  the  glass  in 
the  direction  of  the  field  will  receive  an  additional  phase  shift  proportional  to  the 
field  magnitude  and  g’ass  thickness.  Light  circularly  polarized  in  the  same  sense  but 
travelling  against  the  field  receives  an  opposite  phase  shift,  that  is,  the  phase  shifts 
experienced  by  the  beams  are  nonreciprocal.  When  such  a  device  is  placed  in  the  ring 
laser  cavity  the  differential  phase  shift  is  transformed  into  a  bias  between  the  counter¬ 
propagatlng  beam  frequencies  which  may  be  several  MHz. 
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VERDET  CONSTANTS  AS  HIGH  AS  0.2S  ARC  MIN/OAUSS/CM  OBTAINABLE  (HOY  A  FRS  GLASS) 
BIAS  STABILITY  NEEDED  FOR  1  NAUTICAL  MILE  PER  HOUR  GYRO  IS  I  PART  IN  10* 


FIGURE  6 


I  These  early  attempts  ran  Into  serious  problems  with  bias  stability  and  were  quickly 

I  dropped  since  it  appeared  that  the  required  magnetic  field  stabilities  of  less  than  a 

|  part  per  million  were  not  achievable.  Other  d.c.  biasing  schemes  either  produced  bias 

|  shifts  that  were  too  small  or  had  similar  stability  problems. 
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Interest  In  d.c.  bias  techniques  was  renewed  in  the  late  1960's  and  early  1970's 
with' the  Invention  of  the  so-called. four-mode  gyro  or  multlosolllator.  This  is  an  ingen¬ 
ious  configuration  which  allows  the  operation  of  two  sets  of  oounterpropagatlng  beams  in 
one  cavity.  The  effects  of  changes  in  an  applied  d.c.  bias  are  substantially  reduced  by 
common  mode  rejection  when  the  Sagnac  frequency  differences  for  the  two  beams  sets  are 
summed.  Recently  there  has  been  growing  Interest  in  the  multioscillator  configuration 
and  this  scheme  is  described  more  fully  in  a  later  section. 

The  a.c.  or  'dither'  method  for  overcoming  lockin  applies  a  continuously  changing 
bias  to  the  RLG  so  that  the  time  averaged  bias  is  zero.  When  the  shortcomings  of  the 
d.c.  scheme  beoame  known  RLO  manufacturers  switched  to  the  dithered  scheme  as  their  main 
approach.  While  this  technique  can  be  achieved  by  the  same  type  of  magneto-optical  means 
used  in  d.c.  biasing,  the  favored  approach  is  to  apply  a  mechanical  oscillation  to  the 
gyro  frame.  This  has  the  advantage  of  being  mechanically  bounded  in  average  drift.  The 
applied  dither  continuously  sweeps  the  gyro  through  the  deadband  and  prevents  total  look¬ 
up.  Analysis  using  frequency  modulation  theory  shows  that,  in  effect,  sinusoidal  dither 
breaks  the  deadband  into  a  series  of  much  smaller  bands  occurring  at  the  harmonics  of  the 
applied  dither  frequency.  The  more  energy  applied  to  the  dither,  then  the  smaller  are 
the  fragments  of  the  deadband.  The  form  of  the  gyro  output  ourve  in  the  presence  of 
dither  is  shown  in  Figure  7  where  u.j  is  the  applied  dither  angular  frequency.  The  dither 
is  usually  applied  by  means  of  plezo-electrlo  transducers  and  Is  typically  of  a  few  arc 
minutes  in  amplitude  and  at  a  few  hundred  Hertz.  This  type  of  dither  approach  does  add  a 
mechanical  component  to  an  Inherently  mechanical  system  but  avoids  the  U3e  of  intracavity 
components  found  in  most  other  schemes,  a.c.-  or  d.c.  This  is  probably  the  main  reason 
for  its  success;  RLG's  are  so  sensitive  to  scatter  effects  within  the  cavity  that  dear- 
path  devices  are  seen  as  being  greatly  preferred. 


FIGURE  7 


Much  research  ha3  gone  into  dithered  systems  and  additional  electronic  circuitry  and 
embellishments  have  reduced  residual  error  effects.  Some  efforts  have  been  directed 
towards  non-mechanical  a.c.  schemes  3Uch  a3  the  use  of  Kerr-Effect  mirrors  that  produce  a 
nonreclproeal  phase  shift  on  reflection.  A  magnetic  field  applied  to  the  back  of  such  a 
mirror  may  be  continually  reversed  in  sign,  driving  the  Kerr  Effect  to  saturation  in  each 
direction  thus  producing  a  magneto-optical  square-wave  dither.  Such  RLG's  have  been 
built  and,  although  clear-path  in  design,  the  performance  is  generally  limited  by  the 
Inferior  surface  quality  of  a  Kerr-Effect  mirror  compared  to  a  standard  high  quality 
multilayer  dielectric  stack  used  for  regular  RLG’s. 

The  Standing  Wave  Picture  of  the  Ring  Laser  Gyro 

The  ring  laser  gyroscope  stores  information  about  an  initial  orientation  In  inertial 
space,  as  does  its  mechanical  counterpart,  but  the  means  of  storage  is  not  as  obvious  as 
the  orientation  of  the  axis  of  a  spinning  rotor.  A  more  pictorial  way  of  examining  the 
RLG  is  to  consider  the  oounterpropagatlng  beams  as  setting  up  a  standing  wave  pattern 
around  the  cavity  as  shown  in  Figure  8.  The  pattern  of  bright  and  dark  fringes  shown, 
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corresponding  to  regions  of  high  and  low  field  energy,  actually  exist  and  could  be  sensed 
In  prlnoiple  with  a  detector  In  the  light  path.  When  initially  turned  on,  the  light 
beams  set  up  a  wave  which  is  stationary  in  the  inertial  frame  of  the  gyro  at  that  instant. 
The  Sagnac  Effect  governed  by  the  Laws  of  Relativity  forces  the  wave  to  remain  stationary 
in  this  inertial  frame  and  thus  allows  the  pattern  to  act  as  a  reference  for  orientation. 
When  the  gyro  body  attached  to  the  host  vehicle  rotates,  the  deteotors  mounted  on  the 
mirrors  move  past  the  pattern  and  register  the  passage  of  the  fringes  as  gyro  counts. 

Each  count  corresponds  to  rotation  of  the  host  vehicle  by  a  small  angle,  typically  about 
one  arc  seoond  for  a  palm-sized  gyro.  In  practice  of  course  the  light  path  is  not  circu¬ 
lar  as  shown  in  Figure  8  but  is  triangular  or  square.  In  this  oase  the  fringes  move  as 
though  they  were  interlocked  with  a  stationary  fringe  pattern  Inscribing  the  triangle  or 
square  as  shown  in  Figure  9.  This  visualization  will  also  give  quantitatively  the  soale 
factor  formula  of  Equation  1  with  the  fringe  spacing  equal  to  half  the  wavelength  of  the 
light  in  the  cavity. 
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The  effects  of  frequency  lockin  and  dither  can  al3o  be  visualized.  The  mirror 
backsoatter  causes  the  otherwise  independent  standing  wave  to  interact  with  the  inertial 
frame  of  the  body  and  the  pattern  tends  to  'stick'  to  the  mirrors.  At  total  lockin  the 
pattern  rotates  with  the  gyro  body  and  no  output  counts  are  seen  at  the  detector.  When 
mechanical  dither  is  applied  this  can  be  seen  as  'shaking'  loose  the  standing  wave  from 
the  mirrors  and  allowing  the  oounts  to  return. 

Random  Walk  in  RLG's 

One  of  the  error  sources  of  concern  in  the  ring  laser  gyro  is  that  called  random 
walk.  This  is  a  tendency  of  the  device  to  drift  away  from  lt3  true  heading  in  proportion 
to  the  square  root  of  the  time  advanced  and  as  such  is  most  significant  shortly  after 
turn-on.  Part  of  the  random  walk  error  is  inherent  to  the  gain  medium  of  the  laser  and 
is  present  whatever  the  configuration.  This  restriction  on  performance  level  is  known  as 
the  quantum  noise  limit.  Additional  random  walk  may  occur  as  a  result  of  the  lockin 
avoidance  scheme,  in  particular  an  a.c.  biasing  scheme. 

Firstly  consider  the  effects  of  the  gain  medium.  As  with  any  gyroscope  the  RLG 
holds  an  initial  heading  in  inertial  space  as  the  host  vehicle  changes  its  orientation. 
The  RLG  3tores  this  information  as  a  phase  or  frequency  difference  between  the  counter- 
propagating  beams  and  thus  any  process  that  scrambles  this  phase  information  will  create 
a  random  walk  error.  Photons  lost  from  the  cavity  by  absorption  or  other  means  are  re¬ 
placed  by  those  from  the  gain  medium.  Those  photons  produced  by  stimulated  emission 
maintain  the  phase  memory  of  the  initial  heading  but  some  are  produced  by  spontaneous 
emission  and  add  a  random  component  to  the  gyro  output.  The  ratio  of  stlmulated-to- 
spontaneous  eml33ion  is  governed  by  atomic  properties  of  the  gain  medium  but  is  also 
proportional  to  the  optical  power  inside  the  cavity.  Thus  the  larger  the  lntracavlty 
power,  the  larger  is  the  fraction  of  stimulated  photons  and  the  smaller  is  the  random 
walk.  Random  walk  from  this  source  can  also  be  reduced  by  minimizing  cavity  losses  since 
this  decreases  the  number  of  photons  required  from  the  gain  medium.  The  random  walk  of 
an  RLG  from  gain  effects  is  given  approximately  by: 
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Because  of  the  dependence  on  gyro  scale  factor  the  random  walk  quantum  noise  limit 
can  always  be  reduced  by  making  the  gyro  larger. 


The  dithered  RLG  may  have  an  additional  source  of  random  walk  occurring  at  the  turn¬ 
around  points  in  the  dither  cycle  when  the  gyro  is  momentarily  locked  up.  This  source  is 
proportional  to  the  size  of  the  deadband  and  uncorrected  can  be  much  larger  than  the 
random  walk  from  spontaneous  emission.  So-called  dither-turn-around  electronics  can 
minimize  this  error  by  applying  a  correction  to  the  gyro  output  based  on  the  relative 
beam  phases  within  the  cavity  at  each  stationary  point  within  the  dither  cycle..  Other 
techniques  involve  manipulating  the  dither  motion  to  reduce  the  error. 


A  typical  palm-sited  RLQ  of  around  20cm  In  cavity  length  may  have  a  random  walk  of 
about  .0005  to  .001  deg//hour  from  spontaneous  emission.  Unoorreoted  dlther-noise- 
lnduoed  random  walk  may  Increase  this  by  two  orders  of  magnitude.  The  dlther-turn-around 
correction  circuitry  or  other  techniques  can  restore  the  random  walk  to  a  level  approach¬ 
ing  that  of  the  quantum  noise  limit. 

Bias  Drift  Errors- 

Ring  laser  gyros  are  subject  to  long-term  drift  errors  which  in  contrast  to  random 
walk,  build  up  linearly  with  time.  Apart  from  the  Sagnao  Effect  there  are  other  physical 
effects  which  create  nonreciprocal  frequency  shifts  between  the  counterpropagatlng  beams 
within  the  cavity.  Most  of  these  produce  bias  changes  that  are  temperature  driven  In 
some  way.  Some  of  these  are  examined  briefly  below. 

There  Is  a  phenomenon  known  as  the  Fresnel-Flzeau  Effect  that  will  create  a  frequency 
bias  between  the  cavity  beams  if  the  medium  through  which  they  travel  Is  In  circular  mo¬ 
tion  with  respect  to  the  gyro  frame.  The  Fresnel-Flzeau  Effect  Is  actually  a  consequence 
of  the  Doppler  frequency  shift  produced  by  relative  motion  and  causes  the  light  velocities 
of  the  counterpropagatlng  beams  to  be  different  to  an  observer  on  the  frame  If  the  gain 
medium  Is  flowing  in  a  preferred  direction  around  the  light  loop.  In  praotioe  such  a 
flow  can  be  created  by  the  electrical  interaction  In  a  gas-discharge  between  the  electrons 
and  Ions  within  the  plasma.  So-called  Langmuir  d.c.  flow,a3  shown  In  Figure  10,  creates 
one  suoh  movement  although  the  flow  effects  in  a  typical  RLG  are  generally  more  complex. 
These  flow  effects  can  easily  produoe  biases  In  the  gyro  equivalent  to  many  degrees  per 
hour  in  rotation  and  are  temperature  dependent.  The  basic  remedy  used  by  gyro  manufac¬ 
turers  to  limit  these  effects  Is  to  employ  a  balanced  electrode  design  with,  say,  two 
anodes  and  one  cathode  symmetrically  plaoed.  In  thl3  manner  flow  effects  In  one  part  of 
the  cavity  are  substantially  balanced  by  opposing  flows  in  another  section.-  For  some 
high  accuracy  devices  aperture  and  bore  layout  must  be  carefully  considered  as  well  to 
achieve  the  required  temperature  stabilities. 

Another  cause  of  bias  drifts  In  the  RLG  13  from  changing  magnetic  fields.  Most 
RLG 1 s  built  operate  with  substantially  linearly  polarized  light  beams  within  the  cavity. 
This  Is  a  consequence  of  a  planar  light  path  (whether  triangular  or  square)  and  the 
reflection  properties  of  the  multllayer-dlelectrlc-stack  mirrors  used.  Linearly  polar¬ 
ized  light  Is  relatively  Immune  to  direction-dependent  phase  shifts  when  propagating 
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through  a  medium  with  an  applied  magnetic  field  (such  as  the  gain  medium  In  the  presence 
of  the  Earth's  magnetic  field).  However  interactions  with  cavity  mirrors  may  produce 
small  mode  polarization  Impurities  which  show  up  as  troublesome  nonreciprocal  biases  even 
in  magnetic  fields  of  less  than  that  produced  by  the  Earth.  Thus  most  RLG's  require  some 
form  of  magnetic  shielding. 

A  ring  laser  cavity  may  support  lasing  modes  of  a  variety  of  sometimes  complex  cross 
sectional  intensity  distributions  across  the  beam.  These  are  known  a3  transverse  modes 
In  contrast  to  the  longitudinal  modes  separated  by  the  cavity  free  spectral  range.  Each 
transverse  mode  may  lase  at  a  slightly  different  frequency  because  of  different  pnase 
shifts  experienced  within  the  cavity.  Int Tractions  between  these  modes  may  occur  and 
create  oias  effects,  so  In  general  all  br  one  transverse  mods  are  prevented  from  lasing. 
The  simplest  transverse  mode  called  the  ,H_0  mode,  or  on-axls  mode,  has  a  circularly 
symmetrical  Gaussian  Intensity  distrlbutx  .n.  This  mode  in  general  has  the  lowest  losses 
in  the  cavity  If  the  mirror  surfaces  are  uniform,  and  the  placement  of  an  aperture  in  the 
cavity  can  ensure  that  only  this  mode  will  have  low  enough  losses  to  lase.  For  planar 
cavities  this  aperture  may  be  elliptical  to  compensate  for  the  astigmatism  Introduced  by 
curved  cavity  mirrors  used  for  alignment  stability. 

The  placement  of  an  aperture  In  the  cavity  may  Itself  cause  a  bias  which  Is  sensi¬ 
tive  to  temperature.  This  happens  when  apertures  are  placed  asymmetrically  with  respect 
to  the  gain  medium  and  cause  differential  gain  effects  between  the  counterpropagatlng 
beams.  Differential  scatter  effects  may  also  occur  in  this  case,  so  care  is  taken  In  the 
placement  and  the  shape  of  the  aperture  used. 
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Seale  Factor  Effects 

One  advantage  of  ring  laser  gyroscopes  over  their  mechanical  counterparts  Is  their 
potential  for  very  linear  scale  factors  over  a  very  large  dynamic  range.  These  linear¬ 
ities  are  measured  In  parts  per  billion  for  the  better  RLG's.  However  there  are  sources 
of  scale  factor  nonlinearity.  The  main  cause  for  such  deviations  13  backscatter  in  the 
cavity  which  creates  the  changes  shown  In  Figure  5  as  the  gyro  mode  frequencies  are 
pulled  together.  This  Is  most  evident  In  the  dithered  schemes  when  the  gyro  continually 

sweeps  through  the  lookband.  In  d» . rad  gyros  an  anomaly  occurs  In  the  scale  factor  and 

bias*  at  the  Input  rate,  called  the  di‘!ier  rate,  that  Is  equal  to  the  rotation  rate  at  the 
maximum  velocity  In  the  dither  cycle.  Figure  11  shows  the  scale  factor  nonl  '-earity  in  a 
typical  gyro  for  Input  rates  from  zero  to  beyond  the  dither  rate.  Clearly  1  is  prefer¬ 
able  to  make  the  dither  rate  as  large  as  posslblerso  that  the  gyro  normally  operates 
below  this  point  where  the  scale  factor  error  Is  minimal.  This  Is  achieved  by  putting  as 
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much  energy  as  possible  Into  the  dither  within  the  mechanical  design  restraints.  Dither 
rates  may  exceed  1000  deg/hour.  Gyros  biased  by  d.c.  means  are  relatively  free  from 
backscatter-lnduced  scale  factor  effects  as  long  as  the  bias  Is  large  enough.  In  prac¬ 
tice  this  may  require  biases  of  several  MHz  for  nonllnearltles  less  than  one  ppm. 

Scale  factor  anomalies  and  shifts  can  also  from  changes  In  the  gain  medium, 

which  .jakes  a  significant  contribution  to  the  optica,  length  of  the  cavity  and  as  such 
appears  directly  In  the  scale  factor  of  the  gyro  given  by  Equation  k.  Changes  In  the  re¬ 
fractive  Index  of  the  gain  medium  via  variations  In  tr  perature,  plasma  excitation,  cavity 
losses  and  other  parameters  Indirectly  create  scale  f  tor  effects  by  so-called  mode 
pulling  and  pushing  where  the  effective  resonant  cavl„>  frequencies  are  altered  nonsymme- 
trlcally.  For  this  reason  It  Is  desirable  to  maintain  the  lasing  mode  frequencies  as 
fixed  positions  near  the  peak  of  the  gain  curve  and  this  entails  the  use  of  a  servo 
system  that  hold3  the  cavity  length  to  within  a  fraction  of  a  wavelength  of  light.  Such 
systems  are  relatively  easy  to  achieve  by  servolng  to  the  maximum  laser  output  intensity. 

The  actual  enclosed  area  of  the  light  path  may  change  If  tilts  In  the  mirrors  or 
distortions  of  the  gyro  frame  occur.  All  such  effects  can  be  kept  at  levels  of  less  than 
about  one  part  per  million  with  reasonable  care  in  design  of  the  cavity  geometry  and  of 
the  transducers  needed  to  control  the  cavity  length. 

Basic  Gyro  Construction 

The  modern  ring  laser  gyro  Is  made  from  a  monolithic  block  of  very  low  expansion 
glass  ceramic  such  as  Zerodur  or  Cervit,  names  trademarked  by  the  Schott  Glass  Company 
of  Germany  and  Owens  Illinois,  respectively.  The  low  expansion  Is  desirable  In  order  to 
minimize  cnanges  in  the  cavity  length  with  temperature.  Bore  holes  and  apertures  are 
drilled  In  the  frame  to  create  a  light  path.  The  apertures  serve  to  prevent  off-axis 
light  modes  of  more  complex  Intensity  cross  section  than  the  on-axls  Gaussian  form 
required,  from  lasing.  High  quality  surfaces  are  polished  with  critical  position  toler¬ 
ances  to  allow  for  optical  contacting  of  the  mirror. 

Mechanically  dithered  gyros  have  cither  a  triangular  or  square  light  path  depending 
on  the  preferences  of  the  manufacturer.  (As  described  later  the  multlosolllator  gyro¬ 
scope  is  unique  in  requiring  a  nonplanar  light  path.)  The  gyro  mirrors  are  substrates 
generally  made  of  the  same  low  expansion  material  as  the  frame  and  polished  to  a  very 
high  grade  of  surface  finish  to  minimize  scattering  centers  from  surface  roughness.  A 
high  quality  durable  multilayer  dielectric  stack  Is  coated  on  the  surface.  The  frame  Is 
meticulously  cleaned  and  cathodes  and  anodes  attached  for  creating  the  electrical  dis¬ 
charge.  A  means  Is  provided  for  a  fill  stem  which  can  be  pinched  o’’f  when  the  gyro  is 
filled  with  a  suitable  gas.  The  mirrors  are  attached  under  stringent  clean  room  condi¬ 
tions  to  prevent  any  dust  particulates  from  creating  scatter  within  the  cavity.  One  or 
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two  of  the  mirrors  have  slight  oonoave  surfaces  so  that  the  optical  resonator  is  stable 
and  so  that  small  machining  errors  in  the  frame  may  be  corrected  by  moving  these  mirrors 
around  for  optimal  alignment  before  final  attachment. 

One  or  two  of  the  mirrors  on  the  frame  are  also  raaohlned  with  a  thin  web  structure 
as  shown  in  Figure  12.  When  a  piezo-electric  transducer  is  attached  to  the  back  of  the 
mirror  an  applied  voltage  will  cause  the  web  to  flex  and  create  small  changes  of  an  order 
of  the  wavelength  of  light  to  occur  in  the  path  length.  This  gives  enough  control  to 
position  the  cavity  resonant  frequency  in  the  center  of  the  range  of  frequencies  that 
receive  gain  from  the  plasma  discharge.  The  piezo-electric  element  are  generally  made  in 
the  form  of  biraorphs  so  that  the  applied  voltage  causes  bending  in  a  manner  analogous  to 
a  bimetal  strip.  The  transducers  are  often  called  pzt's  in  reference  to  plumbic 
zirconium  titanate  from  which  they  are  often  made. 
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The  cavity  is  evacuated  to  pressures  well  below  one  millionth  of  a  torr  and  baked 
under  these  conditions  to  remove  any  gaseous  impurities  absorbed  in  the  walls  of  the 
frame.  A  gaseous  mixture  of  helium  and  neon  is  placed  in  the  cavity.  The  neon  may  be 
composite  of  nearly  equal  pressures  of  20  and  22  isotopes  to  avoid  competition  problems 
as  described  earlier.  The  lasing  action  of  the  red  line  in  neon  is  very  sensitive  to 
gaseous  impurities  and  so  high  purity  gases  are  used  and  much  frame  processing  occurs 
before  the  final  gas  mix  is  pinched  off. 

When  a  high  voltage,  typically  of  the  order  of  1000  volt3  is  applied  between  the 
cathode  and  two  anodes  counterpropagatlng  beams  will  lase  In  the  cavity.  The  beam 
intensities  are  monitored  outside  the  cavity  via  partially  transmitting  mirrors  and  a 
servo  control  circuit  adjusts  the  cavity  length  via  *-he  mirror  piezo-electric  transducers 
to  maximize  the  output  intensity.  A  glass  prism  known  as  a  combining  optic  is  arranged 
so  that  the  exiting  counterpropagatlng  beams  are  combined  to  form  a  fringe  pattern  on  a 
pair  of  semiconductor  detectors  as  is  shown  in  the  basic  gyro  layout  of  Figure  13.  This 
provides  a  means  for  measuring  the  gyro  beat.  A  pair  of  detectors  is  used  so  that,  by 
arranging  them  to  3ee  the  fringe  pattern  at  points  spatially  separated  by  one  quarter  of 
a  fringe,  the  direction  of  movement  of  the  pattern  and  hence  of  the  rotation  can  be 
determined . 


Fieuni  n 


The  dither  mechanism  is  usually  a  flexure  consisting  of  several  metal  vanes  spread 
radially  as  spokes,  each  with  piezo-electric  transducers  attached,  mounted  in  the  center 
of  the  frame  as  is  depicted  in  Figure  13.  An  oscillating  voltage  applied  to  the  trans¬ 
ducers  induces  a  vibration  in  the  frame  about  the  central  axis  relative  to  the  case  and 
host  vehicle.  Electronic  circuitry  working  in  conjunction  with  a  position  pick-off  that 
registers  the  position  of  the  gyro,  extracts  the  applied  dither  from  the  gyro  output 
leaving  the  required  rotation  rate  of  the  host  vehicle.  Some  configurations  use  a  beat 
detector  mounted  to  the  gyro  case  rather  than  the  dithering  frame  to  remove  the  dither 
component. 
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The  gyro  Is  usually  hermetically  sealed  with  some  control  electronics  In  a  case  to 
prevent  problems  with  moisture.  The  case  material  la  often  of  a  high  mu  material  to  pro¬ 
vide  some  amount  of  magnetic  shielding.  A  three-axis  system  13  formed  when  three  such 
gyros  are  mounted  orthogonally  In  a  triad  along  with  the  necessary  electronics  for 
running  each  gyro.  Some  designs  Incorporate  all  three  axes  In  one  block  of  glass;  for 
Instanoe,  by  using  a  cube  with  a  mirror  attached  to  the  center  of  eaoh  face,  three 
orthogonal  light  paths  can  be  obtained  with  only  six  mirrors. 

The  Multlosolllator  RLG 

The  success  of  the  mechanical  dither  scheme  for  overcoming  lockln  brought  the  first 
commercial  RLG  systems  onto  the  market  In  the  late  1970’s  and  most  manufacturers  devote  a 
major  part  of  their  effort  towards  Improving  these  systems.  However  the  mechanically 
dithered  gyro  Is  seen  as  having  several  drawbacks.  The  dither  Itself  acts  as  a  source  of 
mechanical  noise  and  vibration  on  the  host  vehicle.  Additional  eleatronlcs  Is  needed  to 
create  the  dither  and  minimize  residual  lockln  effects,  and  the  full  scale  factor 
linearity  and  random  walk  performance  of  the  RLG  Is  limited  by  this  form  of  lockln 
circumvention. 

An  alternative  mechanical  means  la  to  ’oarousel’  the  gyro;  that  Is  to  rotate  It  on  a 
turntable  for  several  revolutions  before  reversing  the  direction.  This  is  a  mechanical 
d.c.  biasing  scheme  and  involves  additional  component  complexity  but  is  being  tried  for 
military  systems  where  the  mechanical  dither  cannot  be  tolerated. 

Magneto-optical  biasing  schemes  are  probably  most  In  keeping  with  the  optical  nature 
of  the  RLG.  As  discovered  early  In  RLG  development  such  schemes  generally  have  several 
serious  setbacks.  The  problem  with  stringent  conditions  on  magnetic  field  stability 
killed  early  Interest  In  such  Ideas.  In  addition  use  of  the  magneto-optical  effect  usu¬ 
ally  requires  some  form  of  Intracavity  solid  element,  which  enhances  scatter  effects,  and 
dictates  the  use  of  circularly  polarized  light  in  the  cavity  which  may  be  difficult  to 
produce  and  Is  Inherently  more  sensitive  to  external  magnetic  fields. 

Apart  for  some  efforts  with  a.c.  schemes  using  magnetic  Kerr-Effect  mirrors  men¬ 
tioned  earlier,  magneto-optical  biasing  In  RLG’s  has  centered  around  the  use  of  a  four¬ 
mode  scheme  known  as  the  multlosolllator  approach.  This  was  derived  In  the  late  1960’s 
to  obviate  the  need  for  a  stable  magnetic  field  bias.  The  basic  Idea  Is  to  operate  two 
Independent  counterpropagatlng  beam  pairs  In  the  same  cavity  so  that  they  each  receive  a 
d.c.  bias  from  the  same  element  of  exactly  equal  magnitude  but  of  opposite  sign.  Then  by 
adding  the  output  beats  from  the  two  gyros  the  Sagnac  contribution  Is  doubled  while  the 
bias  contribution  cancels. 

The  multlosclllator  RLG  Is  possible  because  a  ring  optical  cavity  will  In  general 
resonate  with  light  of  two  different  polarizations  In  each  direction  simultaneously.  .  „r 
a  cavity  with  no  losses  these  light  polarizations  are  orthogonal.  The  resonant  frequen¬ 
cies  of  each  polarization  are  not  necessarily  equal  and  depend  on  the  cavity  geometry 
plus  the  polarizing  characteristics  on  reflection  of  the  mirrors  making  up  the  cavity. 
Most  multllayer-dlelectrlc-stack  mirrors  behave  similarly  to  a  single  dielectric  Inter¬ 
face  on  reflection!  namely  linearly  polarized  light  in  the  plane  of  Incidence  (p-type 
light)  and  that  polarized  normal  to  the  plane  of  Incidence  (s-type  light)  receive  a  dif¬ 
ferential  phase  shift  of  1 60  degrees.  With  these  types  of  mirrors  a  triangular  cavity 
will  lase  with  p-type  modes  shifted  in  light  frequency  by  one  half  a  free  spectral  range 
(or  about  500  MHz  In  a  30cm  cavity)  from  the  s-type  modes;  in  practice  the  cavity  Is 
tuned  In  length  so  that  only  the  lower-loss  s-type  light  lsses.  A  square  cavity  with 
these  mirrors  would  lase  with  s-  and  p-type  linear  modes  at  the  same  frequency  but  mode 
competition  effects  combined  with  the  lower  losses  of  the  s-type  mode  suppress  the  p-type 
mode  altogether.  Thus  these  types  of  planar-geometry  gyro  operate  only  with  3-type 
linearly  polarized  light  and  arc  called  two-mode  gyros. 

The  multlosclllator  cavity  Is  arranged  so  that  left  and  right  circularly  polarized 
modes  will  resonate  at  different  frequencies  with  substantially  the  same  cavity  losses. 
The  frequency  difference  between  the  two  polarizations  is  known  as  the  reciprocal  split¬ 
ting.  Both  the  circularly  polarized  modes  and  the  reciprocal  splitting  can  be  achieved 
by  using  an  lntracavlty  element  such  as  crystalline  quartz  with  its  optical  axis  aligned 
with  the  light  propagation  direction.  However  modern  multlosclllator  cavities  use  an 
out-of-plane  geometry  shown  schematically  In  Figure  lb  which  accomplishes  the  same  goal 
but  without  the  need  for  an  lntracavlty  element.  This  realization  was  a  major  step  in 
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four-node  gyro  technology.  The  reciprocal  splitting  Is  s  function  of  the  degree  of 
nonplanarityi  a  plot  in  Figure  15  shows  how  the  effective  reciprocal  splitting  between 
closest  nodes  varies  with  the  aspect  ratio  (height  over  leg  length)  for  a  four-mirrored 
equal-leg-length  cavity. 
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Each  polarization  that  lases  In  the  multioscillator  cavity  has  two  directions  of 
propagation  and  so  creates  an  independent  gyro  pair.  To  prevent  lockln  within  each  pair 
a  nonreciprocal  bias  must  be  applied  and  this  generally  takes  the  form  of  a  thin  glass 
material  with  relatively  large  Verdet  constant.  When  an  axial  magnetic  field  Is  applied 
to  the  element  the  counterpropagatlng  beams  are  split  in  frequency  as  described  earlier 
and  shown  In  Figure  6.  The  Important  fact  that  makes  the  multlosclllator  practical  Is 
that  the  left  circularly  polarized  modes  are  spilt  In  the  opposite  direction  to  the  right 
circularly  polarized  modes  thus  giving  the  mode  order  shown  in  Figure  16(A).  The  output 
beat  of  the  multlosclllator  is  taken  as  the  sum  of  the  Individual  gyro  beats  and  Is: 


Ra‘‘Rc' 


(7) 


Magnetic  field  variations  that  change  the  nonreolprocal  bias  a-.-e  cancelled  out  as  shown 
In  Figure  16(B)  by: 


^fU*AfH>-(fL0-AfH,l*I(fRa^fH>"(fRc-AfH>J 


(8) 


-  <fLa-fLc)*(fRa-fRc) 


However  the  Sagnac  Effect  produces  twice  the  beat  change  compared  to  the  two-mode  gyro  as 
shown  In  Figure  16(C)  by: 


E(fU-4fr,'(fLct4fr,HrRa-4fr)-(fRct4fr)l 


<rLa'flc>-<fRa-fRc>  -  44rr 


(9) 


The  multlosclllator  gyro,  particularly  In  its  nonplanar-eavlty  configuration,  is  an 
Interesting  device  In  that  It  not  only  solves  tne  problem  of  d.c.  bias  stability  but  also 
provides  a  device  with  twice  the  scale  factor  of  an  equivalently  sized  two-mode  gyro. 

The  random  walk  Is  also  Improved  by  a  factor  of  /J  over  a  two-mode  gyro  of  the  same  size. 

The  main  drawback  of  the  multlosclllator  as  described  is  that  It  requires  an  intra- 
cavity  glass  element  that  not  only  creates  cavity  losses  and  scatter,  and  complicates 
manufacture  but  more  recently  may  limit  the  device's  performance  In  a  nuclear  environment 
since  nuclear  radiation  tends  to  darken  the  glass.  Despite  these  disadvantages,  recent 
developmental  efforts  with  the  multlosclllator  indicate  that  It  is  a  viable  Inertial 
rotation  sensor. 

Early  multlosclllator  workers  in  the  1970’s  attempted  to  remove  the  glass  lntraoav- 
ity  element  and  use  the  gain  medium  Itself  as  a  means  of  providing  a  nonreciprocal  bias. 
Normally  gaseous  media  will  give  only  very  small  Faraday  rotations  and  would  require 
impractioally  high  magnetic  fields  to  give  the  required  splitting  of  at  least  several 
hundred  kilohertz.  However  the  neon  gas  in  the  gain  medium  Is  acting  at  atomic  resonance 
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I  and  is  capable  of  oroduolng  aplittlnga  of  this  size  with  axial  magnetic  fields  of  a  few 

1  hundred  Oersted  (l.e.,  fluxes  of  a  few  hundred  Gauss).  Multlosclllators  that  use  a 

|  magnetic  field  on  the  plasma  rather  than  a  separate  glass  element  became  known  as  Zeeman 

ir  laser  gyros  or  ZEELAG's. 
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The  ZEELAG  never  lived  up  to  Its  Initial  promise  and  displayed  large  sensitivities 
to  changes  In  cavity  length  and  temperature.-  These  arise  from  the  fact  that  the  Verdet 
constant  and  hence  the  amount  of  nonreciprocal  splitting  produced  by  the  gain  medium  Is  a 
strong  function  of  light  frequency.  A3  shown  In  Figure  17,  the  left  and  right  circularly 
polarized  gyro3  operate  on  opposite  sides  of  the  curve  and  thus  experience  opposite 
changes  In  magnitude  when  the  cavity  length  Is  changed,  giving  rise  to  large  detuning 
sensitivities.  With  this  realization  multlosclllator  manufacturers  switched  back  to  the 
lntracavlty  glass  element. 


In  the  future  It  seems  possible  that  laser  gyro  designers  will 
the  multlosclllator  that  will  fill  the  void  for  a  non-dlthered  ring 
rently  multlosclllator  devices  with  thin  lntracavlty  glass  elements 
producing  results  that  Indicate  commercial  Inertial  sensors  are  not 


find  other  forms  of 
laser  gyro.  Cur- 
In  development  are 
far  away. 
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INERTIAL  GRADE  FIBER  GYROS 
by 

G-A.PavIsth 

Litton  Guidance  &  Control  Systems 
5500  Canoga  Avenue 
Woodland  Hills,  CA  91367-6698 
United  States 


SUMMARY  j 

| 

Fiber  gyros  are  being  developed  for  numerous  applications  by  many  people  around  the 
world.  These  applications  include  smart  munitions,  tactical  missiles,  attitude  and  \ 

heading  reference  systems  (AHRS),  inertial  navigation,  ana  tracking  and  pointing.  This  { 

paper  will  review  existing  methods  which  have  been  developed  for  achieving  inertial 
navigation  grade  performance  in  fiber  gyros.  Recent  data  obtained  at  Litton  on  an  • 

engineering  development  model  of  an  inertial  grade  fiber  gyro  will  also  be  presented.  ; 


I .  INTRODUCTION 

One  of  the  more  remarkable  developments  in  modern  technology  is  the  displacement  of 
spinning  wheel  gyros  by  Instruments  which  measure  angular  rotation  using  only  optical 
means.  The  ring  laser  gyro,  after  nearly  twenty  years  of  intense  development,  has 
emerged  as  a  superior  candidate  for  many  inertial  applications. 

Presently,  the  fiber-optic  gyro  has  attracted  widespread  attention  as  a  potential 
alternative  to  ring  laser  gyros.  Its  apparent  simplicity  -  a  laser  diode,  a  photodetec¬ 
tor  and  a  coil  of  inexpensive  fiber  -  has  led  many  to  believe  that  it  offers  an  easy  way 
to  avoid  the  investment  in  high  technology  development  which  in  the  past  has  been  a 
prerequisite  to  successful  competition  in  inertial  navigation. 

Despite  its  apparent  simplicity,  the  fiber-optic  gyro  is  a  highly  sophisticated 
instrument  with  many  subtle  error  sources  which  must  be  understood  and  controlled. 
Fortunately,  a  respectable  period  of  advanced  development  has  already  occurred  and  we 
have  arrived  at  a  state  of  the  art  where  inertial  navigation  performance  instruments  have 
been  demonstrated  in  a  laboratory  environment.  Inertial  navigation  grade  fiber  gyros 
will  be  available  in  the  near  future. 


II.  HISTORY 

The  Sagnac  effect  was  discovered  by  the  French  scientist,  G.  Sagnac,  in  1913. 1 
Hichelson  and  Gale  used  the  Sagnac  effect  to  measure  the  rotation  of  the  earth  in  1925. 
Their  apparatus  used  evacuated  sewer  pipes  to  form  a  closed  optical  path  with  a  perimeter 
of  1.2  miles.  The  Sagnac  effect  remained  a  laboratory  curiosity  for  many  decades  after 
this  demonstration  because  of  its  low  rotation  sensitivity. 

The  fiber-optic  gyroscope  was  first  proposed  by  Vali  and  shorthill3  in  1976.  They 
predicted  shot  noise  limited  sensitivity  of  10~3  deg/hr  but  were  able  to  demonstrate  only 
about  2  deg/sec.  In  1977,  Arditty,  Shaw,  and  Chodorow  of  Stanford  Univeristy  demon¬ 
strated4  a  rotation  sensitivity  of  0.4  deg/sec.  Davis  and  Ezekiel3  demonstrated,  in 
1978,  a  technique  for  increasing  the  sensitivity  of  fiber-optic  gyros  and  they  obtained  a 
rotation  sensitivity  of  about  130  deg/hr.  The  first  practical  fiber-optic  gyro  was 
demonstrated  by  Cahill  and  Udd6  in  1979.  Using  a  closed  loop  mechanization,  they 
obtained  a  rotation  sensitivity  of  0.5  deg/sec  and  a  greatly  increased  dynamic  range. 

in  1980,  Ulrich  identified  the  importance  of  reciprocity  in  fiber-optic  gyros.3  By 
properly  arranging  the  components  in  a  reciprocal  configuration,  he  was  able  to  obtain  a 
rotation  sensitivity  of  3  deg/hr.  Also  in  1980,  coherent  Rayleigh  backscattering  was 
identified  as  the  major  limitation  of  fiber  gyro  sensitivity  by  Cutler,  Newton,  and 
Shaw.8  All  of  the  previous  fiber  gyros  had  used  a  combination  of  bulk  optic  components 
with  a  fiber-optic  sensing  coil.  Bergh,  Lefevre,  and  Shaw  built  the  first  all  fiber 
gyroscope  in  I960.  Their  gyro  was  fabricated  entirely  fro r.  one  single  unspliced  fiber. 

By  1981,  they  were  able  to  demonstrate  rotation  sensitivities  of  0.2  deg/hr.10  Davis  and 
Ezekiel  reported  closed  loop  operation  of  a  fiber-optic  gyro  with  rotation  sensitivity  of 
0.1  deg/hr  in  1981.  1  Ezekiel,  Davis  and  Hellwarth  identified  the  Kerr  effect  as  a  major 
source  of  bias  uncertainty  shortly  thereafter.13  By  1982,  the  Kerr  effect  had  been 
eliminated  as  a  source  of  bias  uncertainty  by  Bergh,  Culshaw,  and  Shaw.13  The  bias 
uncertainty  on  their  all-fiber  gyro  was  below  0.04  deg/hr  and  the  angular  random  walk  was 
below  0.001  deg/root-hr.  In  1983,  Burns,  Moeller,  Villararuel,  and  Abbebe  of  the  Naval 
Research  Lab.  demonstrated  a  bias  uncertainty  of  0.01  deg/hr  with  a  simplified  mechaniza-. 
tion  using  special  birefringent  fiber,  * 

,,In!1984,  Arditty,  Lefevre,  and  Graindorge  reported  on  a  closed  loop  fiber  gyro  which 
achieved  a  three  sigma  bias  erfor-,of;0.1  deg/hr  and  a  scale  factor  linearity  of  100 
ppm16'17t1B,  This  gyro  achieved  closed  loop  operation  without  the  use  of ^a  frequency 
shifteri  The  gyro  used  an  integrated  optics' phase  modulator  driven  with  a  digital  ramp 
voltage.  This  technique  has  been  referred  to  as  the  digital  serrodyne  or  as  the  quan¬ 
tized  phase  ramp. 
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III.  PRINCIPLES  OP  OPERATION 

Optical  gyroscopes,  ring-laser  and  fiber-optic  gyros  all  utilise  the  Sagnac  effect 
to  measure  rotation.  The  Sagnac  effect  is  a  relativistic  rotation-induced  time  differ¬ 
ence  between  optical  waves  which  counterpropagate  around  a  closed  optical  path.  Ring- 
laser  and  fiber-optic  gyros  are  two  different  ways  of  mechanizing  the  measurement  of  this 
rotation-induced  time  difference,  AT,  which  is 

AT  *  Q  (1) 

Cz 

where  L  is  the  length  of  the  path,  R  is  the  radius  of  the  path,  a  is  the  angular  velocity 
and  c  is  the  speed  of  light  in  free  space.  Equation  (1)  is  correct  to  first  order  in 
ro/c  and,  for  all  physically  realisable  rotation  rates,  is  accurate  to  about  1  part  in 
1017.  For  an  in-depth  treatment  of  the  Sagnac  effect,  see  references  19-21. 

Two  principle  mechanisms  exist  for  measuring  the  Sagnac  effect:  resonant  and 
interferometric.  Host  work  to  date  in  fiber  gyros  has  focused  on  the  interferometric 
mechanization  as  it  is  viewed  to  be  nearer  production  than  resonant  mechanizations. 
Recently,  several  groups  have  started  examining  various  resonant  mechanizations  of  fiber 
gyros  for  longer  range  applications  ( 22 , 23 ) ^  gince  this  paper  is  concerned  with  the 
nearer  term,  inertial  grade  applications  of  fiber  gyros,  it  will  focus  only  on  the 
interferometric  mechanization. 

The  fiber  optic  interferometric  implementation  of  the  measurement  of  the  Sagnac 
effect  is  shown  schematically  in  figure  1.  In  this  mechanization  the  Sagnac  time  differ¬ 
ence  is  converted  into  a  phase  shift  between  counterpropagating  optical  waves.  Light 
from  the  source  is  split  into  two  parts  by  a  beam  splitter  or  a  fiber-optic  directional 
coupler74'75  and  each  part  propagates  in  opposite  directions  once  around  the  closed 
optical  path.  The  waves  are  then  recombined  and  the  intensity  of  the  combined  waves  is 
measured  with  a  photodetector.  The  photocurrent,  i,  is  related  to  the  phase  difference, 
»,  between  the  counterpropagating  optical  waves  as 


i  =  i0[l  -  cost*) 1/2 


12) 


where  i_  is  the  peak  photocurrent.  The  phase  difference  between  the  optical  waves  is 
proportional  to  the  time  difference  which  results  from  the  Sagnac  effect.  This  phase 
difference,  which  hereafter  will  be  referred  to  as  the  Sagnac  phase  shift  (*s),  is 


♦3  =  2iLD0/XC 


(3) 


where  L  is  the  length  of  the  closed  optical  path,  D  is  the  diameter  of  the  optical  path, 
A  is  the  angular  velocity,  \  and  c  are  the  free  space  values  of  the  optical  wavelength 
and  speed  of  light  respectively.  By  measuring  the  photocurrent  and  applying  equations 
(2)  and  (3),  the  angular  velocity  can  be  determined. 


SOURCE 


VOUT 


Figure  1  -  Basic  Sagnac  ring  interferometer. 


The  transfer  function  of  the  fiber  interferometric  gyro  is  plotted  in  figure  2a.  It 
is  seen  that  the  rotation  sensitivity  at  rest- is  zero  and  that  the  direction  of  rotation 
cannot  be  determined.  To  achieve  maximum  rotation  sensitivity  and  to  resolve  the 
direction  of  rotation,5  the  gyro  is  configured  as  shown  in  figure  3,  The  phase  modulator 
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in  the  sensing  coil  sinusoidally  modulates  the  phase  difference  between  the  CW  and  CCW 
optical  waves.  The  instantaneous  photocurrent  is 


i(t)  «  i0[l  -  cos(»8  +  *mcosut)!/2  (4) 


where  u  is  the  modulation  frequency  and  *m  is  the  amplitude  of  the  phase  modulation. 
Synchronously  demodulating  the  photocurrent  in  phase  with  the  applied  modulation  results 
in  the  following  output  voltage 


v  *  voJl  <V  sin  <*s> 


(5) 


where  is  the  first  order  Bessel  function  of  the  first  type  and  vQ  is  the  peak  voltage 

output.  This  transfer  function,  plotted  in  figure  2b,  exhibits  maximum  rotation  sensi¬ 
tivity  at  rest  and  the  direction  of  rotation  is  resolvable.  The  effect  of  this  modula¬ 
tion  is  to  introduce  a  90  degree  phase  bias  between  the  CW  and  CCW  optical  waves.  This 
phase  bias  is  exact  and  stable  and  occurs  for  any  modulation  frequency.  In  addition,  the 
zero  of  the  transfer  function  is  now  independent  of  the  optical  power  incident  on  the 
photodiode  and  the  electronic  gain. 
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Figure  2  -  Transfer  function  of  a  Sagnac  interferometer,  a)  basic 
interferometer,  and  b)  phase-modulated  interferometer. 
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Figure  3.  -  Schematic  of  a  Sagnac  gyro  which  uses  phase  modulation  and 
synchronous  demodulation  to  achieve  maximum  rotation  sensitivity  at  rest. 


IV.  ELIMINATION  OF  ERRORS 

The  development  of  fiber  gyros  is  characterized  by  the  identification  and  elimina¬ 
tion  of  a  multitude  of  limiting  error  sources.  Initial  efforts  were  directed  at  reducim 
short  term  rate  noise  in  the  gyros  to  achieve  the  predicted  rotation  rate  sensitivities. 
When  this  was  accomplished,  researchers  next  examined  and  eliminated  the  sources  of  bias 
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uncertainty.  Presently,  development  efforts  are  focused  on  increasing  the  linearity  of 
the  instrument  and  improving  the  scale  factor  stability. 

Sources  of  Noise 

•  The  principal  sources  of  short  term  rate  error  noise  in  fiber-gyros  are  shot  noise 

\  and  coherent  optical  backscattering. 

The  fundamental  limitation  on  rotation  sensitivity  is  due  to  shot  noise  which  is  the 
quantum  mechanical  uncertainty  in  the  number  of  carriers  generated  in  the  photodiode. 

The  shot  noise  is  proportional  to  the  square  root  of  the  optical  power  incident  on  the 
photodiode.  Presently,  the  magnitude  of  all  other  noise  sources  has  been  reduced  below 
that  of  the  shot  noise,  and  several  fiber-optic  gyros  have  reported  shot  noise  limited 
angular  random  walks  of  less  than  0.001  deg/root-hr. 14,26 

Light  propcgating  in  the  fiber  gyro  is  scattered  at  discrete  points,  such  as  splices 
and  joints,  due  to  Fresnel  scattering,  and  continuously  along  the  fiber  due  to  Ray’eigh 
scattering.  A  portion  of  this  scattered  light  is  captured  by  the  fiber  and  propagated  in 
the  backwards  direction.  Four  optical  waves,  two  forward  traveling  waves  which  contain 
the  rotation  rate  information  and  two  backscattered  waves  whose  phase  compared  to  the 
signal  waves  is  randomly  varying,  are  coherently  superposed  at  the  photodiode.  This 
coherent  superposition  results  in  a  random  error  in  the  measurement  of  the  rotation 
rate.8  The  magnitude  of  this  error  is  proportional  to  the  square  root  of  the  back- 
scattered  optical  power  which  is  coherent  with  the  forward  signal  waves.  Several  methods 
have  been  proposed  to  reduce  this  error  source.8'8'22  A  practical  technique  is  to  use  an 
optical  source  with  a  short  coherence  length9'14  such  as  a  laser  diode  or  a  super  lumi¬ 
nescent  diode  (SLD). 

Sources  of  Bias  Uncertainty 

The  principle  sources  of  bias  uncertainty  in  a  fiber  gyro  are  polarization  nonreci¬ 
procity,  time  varying  phenomena  (e.g.,  Schupe  effect),  Faraday  effect,  Kerr  effect,  and 
phase  modulator  imperfections. 

Reciprocity  means  that,  in  the  absence  of  rotation,  the  CW  and  CCW  optical  paths 
thru  the  gyro  are  identical.  The  total  optical  phase  shift  in  either  the  CW  or  CCW 
direction  is  approximately  10-10  radians.  To  achieve  a  rotation  sensitivity  of  0.01 
deg/hr  requires  the  measurement  of  the  phase  difference  between  the  CW  and  CCW  waves  of 
10“7  radians.  This  means  that  the  CW  and  CCW  optical  paths  must  be  identical  to  better 
than  1  part  in  1(T17  in  the  absence  of  rotation.  The  fact  that  this  equality  is  rou¬ 
tinely  achieved  today  is  truly  astounding.  The  fiber  gyroscope  schematically  depicted  in 
figure  3  is  not  reciprocal.  To  insure  reciprocity  requires  the  addition  of  a  second 
directional  coupler,  a  spatial  filter,  and  a  polarizer  as  depicted  in  figure  4.  The 
details  of  how  the  non-reciprocity  occurs  and  how  it  can  be  eliminated  are  beyond  the 
3cope  of  this  paper.  References  4,  7  and  28  should  be  consulted  for  a  thorough  treatment 
of  this  topic. 
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Figure  4  -  Schematic  of  i  reciprocal  fiber-optic  Sagnac  gyro. 


An  ideal  polarizer  is  a  filter  which  passes  one  state  of  polarization  without  loss 
while  completely  attenuating  the  orthogonal  state  of  polarization.  A  real  polarizer  does 
not  entirely  attenuate  the  orthogonal  state  of  polarization. 

The  extinction  ratio  is  defined  as  ten  times  the  logarithm  of  the  ratio  of  the  power 
in  the  orthogonal  polarization  at  the  output  of  the  polarizer  to  that  at  the  input  and  is 
a  measure  of  the  quality  of  the  polarizer.  For  the  fiber  gyro  depicted  in  figure  4  to  be 
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completely  reciprocal  requires  that  the  extinction  ratio  be  infinite.  The  finite 
extinction  ratio  of  realisable  polariters  causes  a  small  non-reciprocity  which  results  in 
a  bias.  The  bias  is  unstable  because  the  non-reciprocity  is  environmentally  sensitive. 
The  magnitude  of  the  bias  uncertainty  is  proportional  to  the  square  root  of  the  extinc¬ 
tion  ratio  and  is  treated  in  detail  in  Reference  29.  To  reduce  the  bias  uncertainty  to 
0.01  deg/hr  requires  an  extinction  ratio  greater  than  lOOdB  and  some  form  of  active 
polarization  control  in  ordinary  telecommunications  fiber. 

Fiber  gyros  which  use  a  special  type  of  fiber  (e.g.,  polarization  maintaining  or  PM 
fiber)/  along  with  a  low  coherence  optical  source  (e.g.,  a  superluminescent  diode)  can 
significantly  reduce  the  extinction  ratio  requirement  of  the  polarizer  for  inertial 
navigation  accuracies.  Such  fiber  gyro*15'26  have  demonstrated  bias  stabilities  of  0.01 
deg/hr  with  extinction  ratios  of  only  60  dB. 

Reciprocity  is  strictly  valid  only  for  time  invariant  systems.  When  time  varying 
phenomena,  such  as  thermal  gradients  and  acoustic  waves,  are  present,  additional  phase 
shifts  between  the  CW  and  CCW  waves  result  in  rotation  rate  measurement  errors.30  The 
effect  of  these  errors  can  be  reduced  several  orders  of  magnitude  by  winding  the  fiber 
with  a  special  so-called  "quadrapole"  technique.33  The  effect  of  this  winding  technique 
is  to  render  the  application  of  the  time  varying  phenomena  symmetric  about  the  midpoint 
of  the  fiber.  The  phase  shifts  now  induced  by  these  phenomena  are  common  mode  to  the  CH 
and  CCW  waves  to  first  order  and  are  rejected  at  the  photodiode.  For  an  in-depth  treat¬ 
ment  of  this  error  source,  consult  References  14,  30  and  31. 

When  an  optical  fiber  is  exposed  to  a  magnetic  field,  a  phase  shift  between  the  CW 
and  CCW  optical  waves  occurs  due  to  the  Faraday  effect.  This  phase  shift,  »f,  is 

♦f  =  V  £  pH  dl  (6) 

where  V  is  the  Verdet  constant  of  the  fiber,  p  is  a  function  of  the  state  of  polariza¬ 
tion,  H  is  the  magnetic  intensity,  and  dl  is  a  differential  of  length  along  the  direction 
of  propagation.  The  line  integral  in  equation  6  is  non-zero,  even  though  there  are  no 
lines  of  current  through  the  fiber-optic  sensing  coil  because  p  is  a  function  of  position 
along  the  fiber.  This  magnetically  induced  phase  shift  between  CW  and  CCW  waves  results 
in  a  bias  which  is  unstable  due  to  the  environmental  sensitivity  of  the  function  p.  This 
source  of  bias  instability  can  be  reduced  by  magnetically  shielding  the  gyro.  References 
32  and  33  provide  a  good  treatment  of  the  Faraday  effect  in  fiber  gyros. 

The  Kerr  effect12'13'3*'35'36  is  a  third  order  optical  non-linearity  which  occurs  in 
optical  fibers,  its  effect  in  the  fiber  gyro  is  to  produce  a  phase  shift,  which  results 
in  a  bias,  between  the  CW  and  CCW  waves  proportional  to  the  difference  in  the  intensities 
of  the  waves.  The  difference  between  the  CW  and  CCW  intensities  is  determined  by  the 
coupling  ratio  of  the  directional  coupler  in  the  fiber-optic  sensing  coil.  It  is  not 
practical  to  stabilize  the  coupling  ratio  to  the  required  degree  to  obtain  bias  uncer¬ 
tainties  of  0.01  deg/hr.  It  has  been  shown  that  the  Kerr  effect  can  be  suppressed  by 
appropriately  modulating  the  source  37  or  by  using  a  source,  such  as  a  SLD,  with  the 
correct  statistics.13'36 

The  phase  modulator,  which  is  used  to  bias  the  gyro  to  maximum  rate  sensitivity  at 
rest,  modulates  not  only  the  phase  of  the  optical  wave  but  also  the  polarization  to  a 
small  degree.  The  polarizer  acts  as  a  discriminator  and  converts  the  polarization 
modulation  to  an  intensity  modulation.  This  intensity  modulation  is  at  the  detection 
frequency  and  results  in  a  bias.  The  bias  is  unstable  because  the  magnitude  of  the 
polarization  modulation  critically  depends  on  the  state  of  polarization  of  the  wave  at 
the  modulator,  which  varies  randomly.  It  has,  been  shown,10  that  if  the  modulation 
frequency  is  properly  chosen  then  the  bias  due  to  polarization  modulation  can  be  elimi¬ 
nated.  At  this  particular  modulation  frequency,  the  polarization  modulation  of  the  CW 
and  CCW  waves  is  180  degrees  out  of  phase  and  the  resulting  intensity  modulation  of  one 
wave  is  cancelled  to  first  order  by  that  of  the  other  wave. 

Sources  of  Scile  Factor  Error 

The  output  of  the  fiber  gyro,  shown  in  figure  4,  is  sinusoidal  in  the  input  rate 
(figure  2b).  Linear  operation  occurs  only  for  small  rata  inputs  and  hence  the  dynamic 
range  of  the  gyro  is  restricted  to  about  5  orders  of  magnitude.  The  scale  factor  of  the 
gyro  depends  on  a  multitude  of  parameters  (e.g.,  source  optical  power,  coupling  ratios  of 
the  directional  couplers,  state  of  polarization,  etc.).  These  parameters  cannot  be  con¬ 
trolled  sufficiently  to  achieve  the  scale  factor  stability  required.  The  fiber  gyro, 
depicted  in  figure  4,  is  essentially  a  null  sensor  and  is  suitable  for  gimballed  platform 
applications. 

Strapdown  aircraft  inertial  navigation  requires  an  instrument  dynamic  range  of  8  to 
9  orders  of  magnitude  and  a  scale  factor  stability  of  a  few  ppm.  To  meet  these  require¬ 
ments,  a  closed  loop  phase  compensation  technique  must  be  implemented  in  the  fiber  gyro. 
Techniques  which  have  been  proposed  are  differential  frequency  propagation,6'11'38'35 
phase  modulation,16'17'18'*0'41  and  the  use  of  Faraday  phase  shifter.42 
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These  phase  compensation  techniques  all  seek  to  introduce  a  controllable,  non¬ 
reciprocal  phase  shift,  «nt,  between  the  CW  and  CCW  optical  waves.  The  output  of  the 
synchronous  demodulator  becomes: 


v  =  voJl<*m>sint*s  +  *nr) 


(7) 


The  amount  of  non-reciprocal  phase  shift  required  to  null  the  demodulated  voltage  is  the 
measure  of  the  rotation  rate  and  has  the  required  linear  transfer  function. 

The  differential  frequency  propagation  method  was  the  first  closed  loop  technique 
demonstrated  on  fiber  gyros  and  achieved  scale  factor  accuracies  of  about  60  ppm.  For 
the  gyro  depicted  in  figure  5,  the  frequency  of  the  CCW  wave  is  shifted  prior  to  propaga¬ 
tion  through  the  fiber-optic  sensing  coll  while  that  of  the  CW  wave  is  shifted  after 
propagation  through  the  coil.  Propagating  through  the  coil  at  different  frequencies 
results  in  a  non-reciprocal  phase  shift  proportional  to  the  frequency  difference.  The 
rotation  rate  can  be  obtained  by  use  of  equation  (8),  where  AF  is  now  the  frequency  of 
the  output  of  the  VCO,  D  is  the  diameter  of  the  fiber  sensing  coil,  x  is  the  wavelength 
of  the  source,  n  is  the  index  of  refraction  of  the  fiber,  and  n  is  the  angular  rate. 
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Figure  5  -  Schematic  of  a  closed  loop,  phase-nulling  Sagnac  fiber-optic 
gyro  which  uses  differential  frequency  propagation. 


In  addition,  each  zero  crossing  of  the  VCO  output  corresponds  to  a  fixed  angular 
increment  of  the  instrument.  The  differential  frequency  propaoation  technique  has 
converted  the  fiber  gyro  from  a  rate  instrument  into  a  rate  integrating  instrument. 

The  digital  serrodyne  or  quantized  phase  ramp  is  the  newest  technique1®  for  closing 
the  loop  on  the  fiber  gyro.  Scale  factor  accuracies  of  100  ppm  have  been  achieved17'18. 
A  closed  loop  fiber  gyro  utilizing  the  quantized  phase  ramp  technique  is  schematically 
depicted  in  figure  6.  A  square  wave  modulation  technique  very  similar  to  the  sine  wave 
technique  discussed  previously  is  used  to  dynamically  bias  the  gyro  for  maximum  rotation 
sensitivity. 


To  this  bias  signal  a  digital  staircase  voltage  depicted  in  figure  7a  is  added.  The 
duration  of  each  step  is  matched  to  the  transit  time  (x)  of  the  fiber  sensing  coil.  The 
CCW  optical  wave  sees  a  phase  shift  proportional  to  the  modulator  constant  (K)  times  the 
stop  vnit-age  (V).  The  CW  wave  sees  t-he  phase  shifter  x  seconds  later.  It  can  be  shown 
that  the  resuit  of  this  phase  modulation  is  the  nonreciprocal  phase  shift  depicted  in 
figure  7b  which  adds  to  the  Sagnac  chase  shift. 

For  the  majority  of  the  time  the  nonreciprocal  phase  shift  equals  the  modulator 
constant  times  the  step  voltage.  The  first  servo  loop  adjusts  the  step  voltage  so  that 
the  Sagnac  phase  shift  is  continuously  cancelled  except  during  the  period  in  which  the 
staircase  voltage  is  reset.  The  frequency  of  resets  is  now  proportional  to  thu  angular 
rate  of  the  instrument  as  given  by  equation  8  and  each  reset  equals  a  fixed  angular 
increment  given  by  equation  9. 


1 


e  =  xn/D 


(9} 
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The  scale  factor  of  the  fiber  gyro  is  now  dependent  on  the  accuracy  with  which  the 
reset  voltage  (i.e.,  difference  between  Vmax  and  Vmin)  is  held  ccnstant.  The  key  dis¬ 
covery  made  by  researchers  at  Thomson  csri7'18  was  that  this  voltage  could  be  stabilized 
to  great  accuracy  using  the  fiber  gyro  itself.  Figure  7c  depicts  the  output  voltage  of 
the  photodetector  when  the  first  servo  is  closed  about  the  gyro.  A  signal  is  present 
during  the  resets  of  the  digital  phase  ramp  proportional  to  the  deviation  of  the  reset 
voltage  from  a  2«  phase  shift  in  the  fiber  gyro.  The  second  demodulator  demodulates  this 
signal  and  through  a  servo  loop  controls  the  gain  of  the  amplifier,  through  which  the 
modulation  and  ramp  voltages  are  applied,  such  that  the  reset  voltage  equals  2«  radians 
of  phase  shift. 

The  scale  factor  of  a  closed  loop  fis ?r  gyro  still  depends  on  the  wavelength  of  the 
source.  If  the  required  scale  factor  stabii-'.y  is  a  few  ppm,  then  the  center  wavelength 
of  the  optical  source  must  be  stable  to  at  least  1  ppm.  The  scale  factor  non-linearity 
due  to  dispersion  in  the  optical  fiber  is  treated  in  Reference  39. 


V.  EXPERIMENTAL  RESULTS 

Litton  Guidance  and  Control  Systems  has  been  actively  engaged  in  the  development  of 
inertial  navigation  grade  fiber  gyros  since  early  1982.  Experimental  results  obtained  in 
a  laboratory  environment  on  a  closed  loop  fiber  gyro  will  now  be  presented. 

Figure  8  shows  the  fiber  gyro  on  which  the  experimental  results  were  obtained.  The 
gyro  is  4  inches  in  diameter  and  3/4  of  an  inch  high.  The  source  and  detector  were 
externally  mounted  on  the  electronics  cards  (not  shown)  which  were  fabricated  from 
commercially  available  discretes. 


Figure  8  -  Litton  Inertial  Grade  Fiber  Gyro  Developmental  Model  (EDM-2) 


Figure  9  shows  typical  bias  stability  performance  in  a  laboratory  environment.  The 
lower  curve  depicts  the  internal  instrument  temperature.  The  temperature  swing  results 
from  the  laboratory  air  conditioning  system.  The  fiber  gyro  was  not  thermally  controlled 
or  Isolated  for  any  of  the  measurements.  The  upper  curve  represents  the  raw,  uncompen¬ 
sated  gyro  output  achieved  under  closed  loop  operation.  The  standard  deviation  for  this 
run  is  0.013  deg/hr  which  corresponds  to  an  uncertainty  of  0.9  counts.  The  random  walk 
measured  from  this  drift  run  is  less  than  0.005  deg/rt-hr  and  is  measurement  limited  due 
to  quantization.  No  fast  filter  was  available  to  extract  the  real  random  walk  of  the 
instrument  which  is  estimated  to  be  about  0.001  to  0,002  deg/rt-hr. 

Figure  10  shows  the  day-to-day.  tyrn-on-tc-turn-cr.  bias  repeatability  or  this 
instrument.  During  the  course  of  this  measurement  the  gyro  was  repeatedly  unhooked  from 
its  closed  loop  electronics,  demounted  from  the  rate  table  and  stored  on  a  shelf,  re¬ 
mounted,  reconnected  to  its  electronics  without  any  adjustment  of  the  electronics,  and 
the  bias  measured.  The  one  sigma  uncertainty  in  the  bias  is  0.0028  deg/hr  with  closed 
loop  operation.  The  data  in  the  figure  is  again  raw,  uncompensated  data  and  was  achieved 
without  any  thermal  control  of  the  gyro  under  test. 

The  above  data  is  believed  to  represent  the  best  fiber  gyro  bias  stability  and 
repeatability  data  obtained  to  date.  It  is  significant  that  the  data  was  obtained  using 
closed  loop  electronics  and  without  any  temperate  e  control. 
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Figure  9  -  Typical  Bias  Stability  Measurement  (Uncompensated). 
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Figure  10  -  Day-to-Day,  Turn-on-to-turn-on  Bias  Repeatability  (Uncompensated). 


During  the  bias  measurements  reported  above,  dynamic  testing  of  the  gyro  was  also 
conducted  to  determine  scale  factor  stability  and  linearity.  Figure  11  depicts  the  raw 
data  obtained  during  a  typical  dynamic  test.  The  scale  factor  derived  from  this  data  is 
about  3.55  arcsec/count  and  agrees  very  well  with  the  design  value.  Figure  12  depicts 
the  deviation  of  the  previous  data  from  the  ideal  transfer  function.  Scale  factor 
linearities  of  less  than  10  ppm  (one  sigma)  of  full  soale  have  been  achieved. 

The  prime  source  of  scale  factor  error  is  the  change  in  optical  wavelength  of  the 
source.  The  scale  factor  of  the  instrument  is  linearily  dependent  on  the  wavelength  of 
the  source.  The  source  wavelength  changes  strongly  with  temperatuie  (approximately  200 
ppm/deg-C).  An  experiment  to  measure  this  source  of  scale  factor  error  was  performed. 
Figure  13  depicts  the  measured  wavelength  induced  scale  factor  error  from  -10  to  +50 
deg-C.  The  peak  scale  factor  error  over  this  range  is  20  ppm  and  is  believed  to  ho 
instrument  limited.  A  time  lag  between  the  temperature  measured  by  the  thermal  probe  and 
the  gyro  under  test  is  felt  to  cause  the  hysteretic  behavior.  Actual  scale  factor  error 
from  this  source  over  temperature  is  felt  to  be  better  than  20  ppm. 

The  above  data  is  believed  to  represent  the  best  dynamic  data  reported  on  a  fiber 
gyro  co  date.  It  is  important  to  realize  that  a  single  fiber  gyro  with  a  single  set  of 
electronics  without  any  adjustments  whatsoever  was  simultaneously  able  to  achieve  good 
noise,  bias  and  scale  factor  performance. 
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Figure  11  -  Dynamic  Test  Data  of  Fiber  Gyro  (Uncompensated) . 
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Figure  12  -  Deviation  of  Dynamic  Data  from  Ideal  Transfer  Function 


Figure  13  -  Wavelength  Induced  Scale  Factor  Error. 
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i:  VI.  CONCLUSION 

f  Significant  advances  have  occurred  in  fiber-optic  gyros  over  the  last  twelve  years. 

|  Sensitivity  ti  rotation  has  improved  by  almost  7  orders  of  magnitude  s!nce  1976.  Sources 

|  of  error  have  been  identified  and  reduced.  Current  development  activities  are  directed 

;  towards  improving  scale  factor  stability  and  linearity  for  strapdown  applications, 

5  improving  environmental  ruggedness  including  radiation  hardness,  reliability,  manufactur- 

'  ability,  and  design  to  cost. 

Meeting  the  performance  requirements  of  modern  inertial  navigation  requires  that 
each  of  the  many  sources  of  error  be  properly  understood  and  controlled.  Careful  design 
;  is  essential  to  achieving  this.  However,  development  gyros  meeting  many  of  the  require- 

|  ments  for  inertial  navigation  have  been  built.  In  their  present  forms  they  hold  the 

promise  of  a  real  solution  to  the  ever  present  problem  of  getting  higher  performance  at 
lower  cost. 
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SUMMARY 

Over  the  last  decade  the  Ring  Laser  Gyro  (RLG)  has  been  introduced  into  var'ous 
navigation  applications.  This  technology  continues  to  show  performance  growth  relative 
to  traditional  "icon"  gyros,  while  demonstrating  greater  reliability  and  lower  power 
consumption.  In  order  to  realize  the  advantages  of  this  technology,  design  considera¬ 
tions  have  included  additional  computational  requirements,  increased  size/weight,  and 
incorporation  of  mechanical  gyro  dither  (to  overcome  the  RLG  lock-in  phenomena) . 

Coincident  with  advances  in  RLG  technology  to  perform  at  levels  consistent  with  those 
required  for  navigation  systems  has  been  the  tremendous  increase  in  computational 
capability  of  available  processors.  Initial  configurations  utilizing  RLGs  required 
special-purpose/dedicated  processors  to  perform  the  "strapdown  algorithm."  This 
differed  from  traditional  iron  gyro  inertial  platform  configurations,  where  electro¬ 
mechanical  gimbals  maintain  the  physical  attitude  of  the  inertial  sensors.  The  advances 
in  digital  signal-processor  technology  now  permit  an  architecture  that  eliminates 
special-purpose  processors  and  reduces  the  computational  load  on  the  general-purpose 
processor  in  the  inertial  Navigation  System  (INS). 

The  other  issue  of  size  and  weight  for  a  specified  performance  range  is  now  yielding 
before  the  next  generation  of  RLGs.  In  this  vein,  Kearfott  has  developed  a  TRIple  LAser 
Gyro  (TRILAG™).  The  TRILAG  is  a  three-orthogonal-axis,  monolithic  RLG  based  on  a 
design  of  nested  optical  cavities  in  which  the  mirrors  are  shared  between  the  optical 
cavities.  The  six  mirrors  (visualized  as  the  faces  of  a  cube)  form  three  square 
orthogonal  gyros  with  each  mirror  shared  by  two  gyros.  This  integrated  approach  pro¬ 
vides  the  largest  possible  RLG  path  length  in  a  given  volume,  provides  increased  align¬ 
ment  stability,  and  provides  for  a  reduction  in  parts  count,  which  lowers  manufacturing 
costs  while  Increasing  reliability.  The  current  outlook  indicates  that  inertial  systems 
configured  around  this  next-generation  sensor  will  find  application  in  terrestrial,  air¬ 
craft,  and  missile  configurations.  This  forecast  is  now  supported  by  laboratory  and 
flight  testing  at  both  gyro  and  system  level. 

This  paper  presents  a  configuration  based  upon  a  24-cm  path  length  trilag  gyro,  three 
miniature  single-axis  force  rebalance  accelerometers,  and  a  digital  signal  processor. 
The  resulting  inertial  sensor  element  provides  navigation  performance  equal  to  a 
conventional  medium-accuracy  navigation  system  (0.4  to  1  nmi/h)  with  half  the  weight  and 
volume  of  a  traditional  RLG  configuration.  Its  application  as  a  stand-alone  inertial 
subsystem  or  as  an  integral  part  of  a  full  inertial  navigation  system  will  be  discussed 
and  performance  data  presented.  Companion  development  utilizing  down-sized  TRILAG  gyros 
for  tactical  missile  or  sensor  stabilization  applications  is  also  reviewed. 


1.0  INERTIAL  SENSOR  ELEMENT  EVOLUTION 

Over  the  past  three  decades,  the  INS  has  evolved  as  sensors  and  support  electronics  have 
increased  in  capability  and  decreased  in  size.  The  medium-accuracy  (1  nmi/h)  aircraft 
INS,  which  is  aliqned  in  about  10  minutes  (versus  a  1  hr  or  30  s  alignment  system)  and 
operates  for  1  tc  hr,  is  a  major  application.  The  rotating-wheel  iron  gyros  developed 
in  the  early  19V,t>  initially  provided  this  capability.  At  that  time.  Inertial  Sensor 
Elements,  ISEs  (including  gyros,  accelerometers,  a  gimbal  set,  and  dedicated  support 
electronics),  weighed  20  lb  and  occupied  300  in3.  These  were  combined  with  first- 
generation  airborne  digital  computers  that  required  (nominally)  five  cards  of 
electronics  (5  lb)  and  a  core  memory  that  contained  8  K  (8192)  or  16  K  words  of  memory 
(another  5  lb) .  Throughput  of  105  fixed-point  operations  per  second  was  typical.  With 
power  supply,  input/output  electronics,  and  chassis,  the  INS  weighed  75  lb  and  was  a 
full  ATR  size. 

Evolution  into  the  1970s  reduced  the  iron  gyro  ISE  to  10  lb  and  150  in3.  The  associated 
airborne  computer  evolved  to  one  card  of  electronics  and  one  card  of  solid-state  memory 
(2  lb  total).  The  memory  contained  64  K  words,  and  throughput  of  5  X  10=  operations  per 
second  was  available.  Arithmetic  capability  in  floating  point  had  been  introduced. 

Development  in  the  last  decade  has  been  directed  at  performance  and  reliability 
enhancements.  Through  evolutionary  (or  revolutionary)  change  in  design,  the  iron  gyro 
ISE  can  now  be  manufactured  with  precision  accuracy  (0.1  to  0.2  mi/h)  with  extended 
alignment  times  (30  minutes)  in  the  same  form  factor.  The  associated  digital  computer 
memory  now  contains  256  K  words,  and  throughput  is  measured  in  MFLOPS  (millions  of 
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floating  point  operations  per  second) .  The  INS  has  been  reduced  to  jC  lb  and  a  3/4  ATR 
short  form  factor  (O.S.  Air  Force  Standard  Inertial).  The  Kearfott-produced  u.S.  Air 
Force  Precision  Standard  INS  ISE  is  shown  in  Figure  1.  In  the  '  Is,  RLG  technology 
emerged,  over  the  last  decade  it  has  taken  its  place  alongside  £  iron  gyro  in  the 
medium-accuracy  aircraft  marketplace.  Both  the  Department  of  Defense  and  the  commercial 
market  are  presently  procuring  both  technologies.  The  first-generation  RLG  ISE  is  in 
the  20  lb  and  300  in3  range,  which  results  in  an  INS  weight  of  50  lb.  The  form  factor 
has  not  changed  as  it  is  now  application  rather  than  technology  driven.  The  Kearfott- 
produced  u.S.  Navy  CAINS  II  RLG  ISE  is  also  shown  in  Figure  1. 

Activity  is  now  well  advanced  toward  developing  the  second-generation  RLG  ISE,  shown  in 
tb*  center  of  Figure  1,  which  reduces  the  weight  and  volume  to  that  of  the  iron  gyro 
S.  Development  of  the  gyro  for  this  ISE,  TRILAG,  had  been  initiated  in  1981. 


2.0  TRILAG  DEVELOPMENT 


The  Kearfott  TRILAG  gyro  is  a  monolithic  three-axis  RLG  that  uses  a  single  block  and  six 
shared  mirrors.  Although  it  is  novel  in  geometry,  it  is  based  on  the  same  technology 
that  has  been  successfully  applied  to  the  single-axis  RLG.  The  TRILAG  gyro  is 
illustrated  in  Figure  2  and  shown  schematically  in  Figure  3.  The  geometry  can  be 
visualized  as  having  six  mirrors  configured  on  the  faces  of  a  cube  to  form  three  ortho¬ 
gonal,  conventional  square  RLGs.  Its  great  structural  and  interaxis  stability  is  derived 
from  its  compactness  and  single-block  design.  The  gyro's  reliability  is  enhanced,  over 
other  gyro  triad  designs,  because  the  critical  parts  count  is  the  smallest  possible  (a 
single  block,  six  mirrors,  one  cathode,  one  dither  mechanism,  and  one  High-Voltage  Power 
Supply  (HVPS) ) . 


Z-GYRO 

Y-GYRO 

X-GYRO 


Concern  over  the  beam  interaction  in  the  TRILAG  gyro  arises  because  the  major  RLG  error 
source  (back  scattered  light-induced  mode  locking)  may  serve  to  produce  interaxis  mode 
locking.  This  concern  is  unwarranted  both  theoretically  and  in  the  laboratory.  Lock-in 
in  the  single-axis  gyro  occurs  because  the  oppositely  directed  traveling  waves  are 
matched  in  absolute  frequency  to  a  very  high  degree,  and  thus,  phase  coupling  is  a  long¬ 
term  coherent  process.  A  carefully  controlled  experiment,  using  a  TRILAG  gyro  block, 
showed  no  pulling  for  even  a  very  stringently  controlled  matching  of  absolute 
frequencies  of  two  orthogonal  beams. 

The  simultaneous  alignment  of  the  three  square  cavities  sharing  mirrors  is  easily 
accomplished.  The  optimal  positions  of  the  sphericcl  mirrors  are  found  by  adjusting 
their  position  to  achieve  minimum  loss  on  all  three  axes.  Total  alignment  time  for  a 
three-axis  TRILAG  gyro  is  comparable  to  that  for  two  single-axis  RLGs.  The  discharge 
path  involves  six  anodes  and  a  single  internal  cathode  designed  to  be  symmetric  so  as  to 
prevent  Langmuir  flow  bias  effects.  All  seals  are  made  either  by  optical  contact 
(mirrors)  or  by  the  highly  reliable  indium  step-seal  method  pioneered  at  Keaifott  (elec¬ 
trodes,  getter,  and  fill  tube).  These  design  features  contribute  to  long  life  and  high 
reliability. 

3.0  TRILAG  ISE/INS  DEVELOPMENT 

Following  successful  testing  of  the  trilag  concept,  activity  was  initiated  t° 
incorporate  this  new  sensor  into  an  ISE  and  then  into  an  INS  for  test,  evaluation,  and 
demonstration.  The  ISE  utilizing  the  TRILAG  to  provide  three  axes  of  attitude  data 
includes  three  Kearfott  single-axis  MOD  VII  force  rebalance  accelerometers.  The  RLG 
lock-in  phenomenon  is  suppressed  in  the  TP.  I  LAG  ISE  by  mechanically  dithering  the  block 
along  a  single  axis.  This  provides  a  single  frequency  dither  for  all  three  axes.  The 
dither  mechanism  in  the  TRILAG  gyro  consists  of  two  dither  hinges  with  spokes  driven  by 
means  of  Piezoelectric  Transducers  (PZTs).  The  two  hinges  deliver  the  same  torque  about 
the  dither  axis  and,  being  equally  stiff,  provide  an  inherently  symmetrical  dither 
action.  This  minimizes  potential  coning/rocking  problems. 

A  development  model  INS  utilizing  three  single-axis  RLGs  configured  with  a  single  dither 
was.  modified  for  tost  of  the  prototype  TRILAG.  As  discussed  above,  other  than 
mechanical  modifications  to  mount  the  new  gyro  and  accelerometer  triad,  only  the  path- 
length  control  electronics  required  minor  adaptation  from  that  used  with  conventional 
single-axis  RLGs. 
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4.0  TRILAG  FLIGHT  TEST  RESULTS 

Early  Kearfott  flight  testing  was  concluded  In  1985.  Since  then,  flight  test  evalua¬ 
tions  have  been  conducted  by  Boeing  Aerospace  Company  (BAC)  and  McDonnell  Douglas  Astro¬ 
nautics  Company  (MDAC) .  The  unit  was  tested  as  an  INS  by  MDAC  on  a  series  of  five  90- 
mln  flights  out  of  St.  Louis,  MO.  The  unit's  performance  of  1.4  nmi/h  (Figure  4)  during 
the  flight  test  was  consistent  with  expected  results  based  upon  preflight  laboratory 
evaluation. 

With  specifically  modified  software  to  simulate  an  Inertial  Measurement  unit  (IMU) 
providing  delta  velocity  and  delta  attitude,  the  unit  was  interfaced  with  a  central 
computer  that  performed  in-air  alignment  and  navigation,  simulating  a  short-range 
missile  scenario.  Position  and  velocity  differences  (with  respect  to  the  master  INS) 
are  shown  in  Table  1  for  both  BAC  and  MDAC  flight  tests.  Projected  position  errors  from 
a  computer  simulation  of  the  MDAC  test  trajectory  and  the  TRILAG  error  characteristics 
at  the  10-min  point  were  310  ft  (east  and  north) . 


5.0  digital  signal  processor 

The  second  sensor  in  the  TRILAG  ISE  is  the  force  rebalance  MOD  VII  accelerometer.. 
Closing  the  capture  loops  and  digitizing  the  data  can  be  mechanized  in  many  ways.  The 
mechanization  employed  in  Kearfott  single-axis  RLG  ISEs  employs  a  digital  signal 
processor.  Programmable  digital  signal-processing  circuitry  is  employed  within  the  loop 
to  perform  the  loop  transfer  function  computations  for  all  three  accelerometer  axes.' 
Additional  digital  logic  circuitry  is  used  to  provide  the  necessary  loop  control  func¬ 
tions  that  include  Analog  to  Digital  (A/D),  pulse-width  modulation,  and  self-te3t. 
Figure  5  is  a  block  diagram  of  the  accelerometer  electronics.  The  amplitude-modulated 
pickoff  error  signal  of  each  accelerometer  *  s  demodulated,  filtered,  and  then  fed  to  a 
tracking  A/D  converter.  The  output  of  the  A/D  converter  is  sampled  at  a  fixed  rate  and 
fed  to  the  digital  signal-processing  circuitry. 

A  second-generation  Digital  Signal  Processor  (DSP)  was  incorporated  into  the  ISE 
electronics.  The  approach  is  to  incorporate  accelerometer  capture-loop  processing  along 
with  gyro  control  functions  and  high-speed  accelerometer/gyro  proccjsing.  Additionally, 
the  DSP  performs  orthogonalization,  thermal  modeling,  coning,  and  sculling  compensation 
for  the  accelerometers  and  gyros.  The  data  is  separated  into  two  flows.  One  performs 
high-speed  filtering  to  remove  aliasing  effects  for  flight  control  applications.  The 
other  flow  performs  the  coning  and  sculling  compensations  necessary  for  inertial  naviga¬ 
tion.  The  objective  is  to  develop,  in  the  IMU  package,  compensated  body  referenced 
velocity  and  rotational  information.  Provisions  are  made  to  allow  high-speed  filtering 
of  the  data  for  use  in  autopilot  applications. 

The  DSP  chosen  was  Texas  Instrument's  TMS320C25.  This  processor  is  a  logical  extension 
of  the  electronics  based  on  the  first-generation  TMS320C10.  The  TMS320C25  is  a  CMOS 
device  that  has  a  throughput  capacity  of  up  to  10  million  instructions  per  second 
(MIPS) .  Provisions  in  the  hardware  architecture  of  the  processor  allow  it  to  be 
connected  in  a  multiprocessor  configuration.  This  provides  for  a  system  configuration 
illustrated  in  Figure  6.  The  TSE  and  electronics  can  be  configured  an  a  stand-alone 
IMU,  combined  with  a  general-purpose  processor  and  input/output  electronics  in  a  conven¬ 
tional  Line  Replaceable  Unit  (LRU)  INS,  or  organized  into  a  Line  Replaceable  Module 
(LRM)  consistent  with  the  U.S.  Air  Force  Pave  Pillar  configuration. 


6.0  ALTERNATIVE  TRILAG  CONFIGURATIONS 

The  core  electronics  and  TRILAG  discussed  above  provide  the  basic  architecture  for  a 
family  of  ISEs  that  promise  to  eliminate  the  weight  penalty  now  associated  with  an  RLG. 
A  valuable  variable  that  can  be  exercised  at  this  point  is  the  scaling  capability  of  the 
RLG.  For  a  given  quality  of  components,  mirrors  in  particular,  as  the  path  length 
(physical  size)  increases,  the  performance  of  the  instrument  improves.  This  permits  a 
size-versus-performance  trade-off  to  adapt  the  TRILAG  to  various  classes  of 
applications. 

The  tactical  missile  class  performance  is  being  addressed  by  a  16  cm  path  length  TRILAG 
presently  under  development.  The  U.S.  Navy  at  the  Naval  weapons  Ce  iter  (NWC)  and  the 
U.S.  Air  Force  at  Eglin  AFB  are  active  in  this  application.  The  t  -’ily  is  presently 
being  expanded,  with  initial  designs  of  a  high-accuracy  (60  cm)  and  a  very  low-perform¬ 
ance  (10  cm)  gyro  being  undertaken. 
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T-24  TRILAG  FLIGHT  TEST  ACCURACY  RESULTS 


FIGURE  4.  T-24  TRILAG  GYRO  FLIGHT  TEST  NAVIGATION  RESULTS 


TABLE  1.  TRILAG  GYRO  FLIGHT  TEST  AIR  ALIGNMENT  RESULTS 


•  FREE  INERTIAL  ERRORS  FOLLOWING  IN  AIR  ALIGNMENT 

•  REFERENCED  TO  PURE  INERTIAL  MASTER  INS 

•  MDAC  AND  BOEING  TEST  AIRCRAFT 
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FIGURE  5.  PROCESSOR-CONTROLLED  ACCELEROMETER  LOOPS 
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FIGURE  6.  TRILAG  GYRO  IMU  FUNCTIONAL  BLOCK  DIAGRAM 
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SUMMARY 

The  NATO  navies  currently  use  gimbaled  spinning  wheel  gyros  to  support  their  inertial  navigation  system  require¬ 
ments.  Ring  Laser  Gyros  (RLGs)  are  now  being  considered  for  the  next  generation  of  marine  inertial  navigators.  RLGs  are 
expected  to  provide  better  performance  (longer  extrapolation  intervals  between  resets),  higher  reliability,  and  lower 
cost-of-ownership, 

The  performance  improvement  expected  from  RLGs  had  already  been  demonstrated  at  sea  during  prototype  system 
tests  conducted  by  the  U.S.  Navy.  The  final  production  design  of  an  RLG  marine  inertial  navigation  system  (INS)  required 
that  tradeoffs  be  made  among  the  sometimes  conflicting  factors  of  performance,  reliability  and  environmental  isolation. 

This  paper  describes  some  of  the  considerations  and  tradeoffs  involved  in  the  design  of  the  Litton  marine  RLG  INS. 
It  is  hoped  that  this  information  will  prove  useful  for  those  interested  in  the  field  both  as  designers  and  as  users. 

INTRODUCTION 

The  use  of  inertial  navigators  aboard  surface  sk.ps  has  expanded  during  the  1980’s,  at  least  in  part,  as  the  result  of 
the  introduction  by  Litton  in  1978  of  the  WSN-5  system.  This  system,  designed  to  meet  Navy  specifications,  is  an  accurate, 
compact,  reliable  equipment  which  is  cost  effective  enough  to  allow  wide  deployment  in  the  surface  fleet.  Litton  also  de¬ 
veloped  a  gyrocompass  during  this  period,  the  WSN-2,  which  is  also  the  U.S.  Navy  standard.  An  LSN  navigator,  which  is 
being  sold  to  other  navies,  is  the  final  member  of  this  family  of  marine  inertial  products. 

In  order  to  respond  to  a  perceived  need  for  improved  accuracy,  higher  reliability,  and  lower  cost-of-ownership, 

Litton  began  a  company-funded  IRAD  program  in  1984  to  develop  an  RLG  version  of  the  WSN-5  IMU.  A  very  important 
goal  of  this  program  was  to  retain  as  much  of  the  proven  WSN-5  hardware  and  software  as  possible.  Since  Litton  had  al¬ 
ready  supplied  over  1000  Navy  standard  systems,  the  new  RLG  design  had  to  be  completely  compatible  with  the  mechanical 
and  electrical  characteristics  of  the  standard  system.  Furthermore,  it  was  considered  mandatory  that  the  unit  be  retrofittable 
into  existing  shipboard  installations  without  disturbing  the  enclosure  mounting. 

Various  ways  of  mechanizing  a  marine  RLG  system  were  carefully  examined  to  assure  that  the  one  selected  was 
optimum  for  marine  use.  Design  tradeoffs  were  made  and  technical  issues  addressed  to  achieve  the  necessary  commonality, 
performance  environmental  isolation,  and  reliability/maintainability.  These  tradeoffs  are  described  in  some  detail  m  this 
paper  together  with  discussions  of  performance  testing,  design  for  the  qual  environment,  and  reliabiiity/maintainability 
considerations. 

COMMONALITY 


The  three  basic  systems  which  embody  the  Litton  commonality  concept  are  shown  in  Figure  1.  These  are:  the 
WSN-2  -  the  standard  U.S.  Navy  stabilized  gyrocompass  also  supplied  to  other  navies,  LSN  -  Litton  Ship’s  Navigator  pri- 


Figure  1.  Litton’s  Three  Basic  Marine  Systems 


manly  designed  for  export  and  the  WSN-5  -  the  standard 
U.S.  Navy  surface  ship  inertial  navigator.  The  WSN-5  is 
further  described  in  reference  1  and  a  detailed  discussion  of 
the  common  elements  among  the  three  systems  is  contained 
in  reference  2.  The  fact  that  more  than  1000  of  these  sys¬ 
tems  have  been  sold  constrained  the  type  of  changes  con¬ 
sidered  in  going  from  the  currently  used  gimbaled  IMU  to 
an  RLG  IMU.  L'tton  marine  inertia!  systems  had  already 
been  integrated  with  other  larger  shipboard  systems.  Litton 
perceived  that  users  would  like  to  enhance  performance 
and  reliability  using  an  RLG  IMU  without  having  to  install 
a  totally  new  system,  or  even  removing  existing  enclosures 
from  the  ships.  For  these  reasons  it  was  considered  man¬ 
datory  that  the  new  RLG  IMU  fit  inside  the  existing 
enclosure  and  also  be  field  retrofittable  without  removing 
the  enclosure  from  the  ship. 
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The  major  assemblies  of  the  RLG  WSN-5  are  shown  in  Figure  2.  The  significant  changes  to  the  present  configura¬ 
tion  are  as  follows: 


CONTROL  INDICATOR 


ENCLOSURE  -i 


INERTIAL 
SENSOR 
ASSEMBLY 
(RATE  BIAS) 


CONTROL/POWER 
SUPPLY 

SYNCHRO  AMPLIFIER 
BATTERY  SET 


NEW  COVER  WITH 
THERMOELECTRIC  ELEMENTS 


STATIONARY 

ELECTRONICS 


Mounting  of  a  cradle  which 
supports  the  Inertial  Sensor 
Assembly  (ISA)  within  the 
enclosure  and  replaces  the 
existing  IMU  mount 

Installation  of  the  RLO  ISA 
which  replaces  the  gimbaled 
IMU  used  now 

The  addition  of  support 
(stationary)  electronics 

Replacement  of  the  passive 
front  and  rear  sheet  metal 
covers  with  active  Peltier  heat 
exchangers 


Figure  2.  RLG  WSN-5  Major  Assemblies 


Exchange  of  two  processor  boards  within  the  Control/Power  Supply  (CPS)  to  implement  the  Synchronous  Data  Link 
Control  (SDLC)  bus 

Reprogramming  (replacement)  of  the  PROM  card  in  the  CPS  drawer  with  the  new  software  required  for  the  RLO. 

Steps  actually  required  to  accomplish  a  field  modification  of  a  WSN-5  system  are  listed  tclow  to  demonstrate  the 
ease  with  which  the  change  can  be  accomplished. 

1.  Remove  the  lower  enclosure  covers  (front  and  back),  the  gimbaled  IMU,  and  the  IMU  supporting  structure,  and 
the  precision  restoring  devices  (PRDs). 

2.  Install  the  circulator  fan,  ducting  and  insulating  panels. 

3.  Drill  additional  holes  in  the  side  of  the  enclosure  and  mount  the  cradle  used  to  support  the  ISA. 

4.  Install  the  harness  provided  with  the  RLO  modification  kit.  Change  the  termination  on  ten  wires  and  add  six 
wires  to  the  main  harness.  Add  one  wire  to  the  Control/Power  supply  drawer.  Mount  the  Peltier  cover 
connectors. 

5.  Remove  the  I/O  #2  and  #3  cards  from  the  CPS  drawer  and  replace  with  the  new  cards.  Install  the  reprogrammed 
PROM  card. 

6.  Install  the  stationary  electronics  card  rack  and  three  electronics  cards. 

7.  Align  the  cradle  pads  to  the  ship’s  attitude  references  using  the  ISA  alignment  fixture. 

8.  Install  the  ISA  in  the  cradle. 

9.  Mount  the  front  and  rear  Peltier  coolers. 

The  system  is  uow  ready  to  (urn  on  and  operate  as  an  RLG  navigator  1 

HARDWARE/MECHANIZATION  TRADEOFFS 

In  order  to  upgrade  the  Litton  marine  navigators  w.th  RLGs,  an  RLO  sensor  had  to  be  designed  to  replace  the  exist¬ 
ing  gimbaled  IMU.  When  the  company  funded  IRAD  program  began  at  the  end  of  1984,  a  number  of  system  implementa¬ 
tions  were  examined.  Serious  consideration  was  given  to  each  and  a  selection  made.  The  tradeoff  process  used  to  arrive  at 
the  final  ISA  design  is  discussed  in  the  following  "design  decisions"  section. 
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Detign  Decisions 

The  first  major  decision  was  to  select  a  rate  bias  approach  to  provide  gyro  "unlocking"  in  preference  to  dithering. 
Litton  had  demonstrated  a  dithered  RLG  system  icry  successful!,  in  a  U.S.  Navy  test  aboard  the  Vanguard.  Furthermore 
Litton  was  (and  it)  producing  dithered  gyros  in  substantial  numbers  for  commercial  and  military  aircraft  navigators.  Never¬ 
theless  it  was  decided  not  to  use  dithering  in  the  marine  system  for  reasons  discussed  in  the  subsequent  paragraphs. 

Systems  using  dithered  gyros  have  three  major  drawbacks  in  the  marine  application.  These  are: 

Dithered  gyros  generate  large  amounts  of  structure  borne  (and  airborne)  noise  at  the  dither  frequency(ies).  This 
acoustic  noise  is  only  a  problem  for  ships  where  the  sound  traveling  through  the  water  can  be  detected.  Other 
vehicles,  such  as  aircraft,  have  no  problems  with  acoustic  noise.  The  dither  generated  noise  can  be  mitigated  to 
some  extent  by  counterbalancing,  i.e.,  shaking  the  gyro  mounting  block  with  an  equal  and  opposite  force.  This 
mechanization  can  become  rather  complex  and  costly  if  the  gyros  operate  at  different  frequencies  as  they  conven¬ 
tionally  do.  Mechanical  isolation  or  filtering  can  also  be  used  but  must  be  carefully  designed  to  avoid  com¬ 
promising  attitude  accuracy.  Mechanical  filters  can  also  present  problems  when  attempting  to  design  for 
qualification  shock  and  vibration  levels. 

Dithered  gyros  tend  to  have  unacceptably  large  shifts  in  axis  alignment  when  subjected  to  the  full  marine  qualifica¬ 
tion  shock  levels.  The  dither  mechanism  by  its  very  nature  is  a  compromise.  Ideally,  it  would  have  infinite  compli¬ 
ance  about  the  dither  axis  and  infinite  stiffness  about  the  two  orthogonal  axes.  Since  this  is  impossible,  the  second 
most  desirable  characteristic  would  be  perfect  retumability,  i.e.,  no  deformation  or  shift  following  application  and 
removal  of  a  force.  Again,  this  is  not  achievable  in  a  real  design,  so  even  if  shock  mitigation  is  used,  it  is  difficult 
if  not  impossible  to  assure  stability  of  alignments.  Stability  must  be  maintained  during  and  immediately  after  the 
application  of  a  MIL-S-901C  hammer  blow.  If  stability  is  not  maintained,  vehicle  motions  will  produce  the  equiva¬ 
lent  of  gyro  drifts.  Calibration  following  such  alignment  shifts  is  not  a  practical  strategy  because  the  navy  specifi¬ 
cations  generally  require  full  performance  within  a  short  period  following  the  shock  application. 

A  given  gyro  "physics  package"  ceramic  frame,  mirrors,  etc.,  will  have  2  to  4  times  more  angle  random  walk 
when  dithering  than  it  will  operating  in  the  rate  bias  mode.  Rate  bias  allows  the  gyro  to  operate  close  to  the 
"quantum  limit."  Techniques  for  improving  the  performance  of  dithered  gyros  by  reducing  the  noise  generated  as 
the  gyro  passes  through  lock-in  are  being  developed  but  they  involve  additional  hardware  and  software  The  rate 
bias  approach  still  provides  the  lowest  random  noise  for  a  given  gyro  package. 

The  rate  bias  mechanization  requires  only  a  single  drive  versus  the  three  equivalent  drives  using  dither.  This  poten¬ 
tial  for  enhanced  reliability  is  an  additional  advantage  of  rate  bias  but  was  not  a  prime  consideration  in  its  selection. 

The  next  technical  tradeoff  addiessed  the  selection  of  a  reversing  ("Maytag")  action  in  preference  to  continuous  rota¬ 
tion  in  one  direction  as  a  means  of  generating  rate  bias.  This  selection  was  made  primarily  to  maximize  reliability.  Con¬ 
tinuous  rotation  in  one  direction  is  most  easily  accomplished  using  slip  rings.  Obviously  if  slip  rings  are  used  wear  must  be 
considered.  Assuming  a  60  deg/sec  rate  and  6000  operating  hours  per  year,  3.6  million  rotations  would  accumulate  on  a 
rate  bias  slip  ring  per  year.  This  potential  wear  problem,  coupled  with  the  fact  that  slip  rings  are  one  of  the  components 
which  contribute  to  low  reliability  in  gimbaled  IMUs,  led  to  the  selection  of  reversing  action  in  preference  to  continuous 
rotation.  Reversing  action  is  readily  implemented  without  slip  rings.  As  is  usual  in  the  engineering  process,  there  are  a 
number  of  tradeoffs.  Continuous  rotation  never  goes  through  lock-m  and  therefore  the  gyro  angle  random  walk  is  exactly  at 
the  quantum  limit.  A  scale  factor  error  will,  on  the  othe  -  hand,  cause  an  increasing  error  with  time  about  the  rate  bias  axis 
when  continuous  rotation  is  used.  Reversing  action  avoids  this  increasing  angular  error  but  does  pass  through  lock-in  twice 
per  cycle.  The  random  walk  component  generated  by  passing  through  lock-in  is  made  negligible  by  passing  through  it  at 
high  speed  and  by  limiting  the  number  of  reversals  per  unit  time  to  a  small  percentage  of  dither  reversals.  This  relative 
infrequency  of  reversal  (4  orders  of  magnitude  lower)  also  accounts  for  the  insignificant  amount  of  the  airborne  and  struc- 
turebome  noise  generated  in  a  rate  bias  system. 

The  use  of  a  second  rotation  axis  orthogonal  to  the  first  was  also  considered.  While  the  potential  lor  improved  accu¬ 
racy  exists  with  a  second  axis,  this  advantage  must  be  traded  off  against  size,  reliability,  cost  and  other  penalties  in  a  given 
application.  This  was  done  through  simulation  for  the  RLG  WSN-5  navigator.  The  results  showed  that  the  rate  bias 
mechanization,  with  a  single  axis  of  rotation,  had  sufficient  performance  margin  to  comfortably  meet  the  Navy’s  present 
and  anticipated  requirements.  For  those  special  applications  requiring  very  high  performance  a  second  rotation  axis  could 
be  added  with  the  consequent  increase  in  complexity. 

Having  selected  a  single  axis,  rate  biased,  reversing  action  implementation,  the  only  major  decision  remaining  was  to 
select  the  gyro  size  (path  length).  When  the  marine  development  program  began,  Litton  was  already  producing  the  28  cm 
and  planned  to  produce  two  additional  gyro  sizes;  a  40  cm  and  a  12  cm.  The  28  cm  had  preference  because  it  was  in  pro¬ 
duction  and  was  expected  to  hate  the  lowest  cost  for  the  foreseeable  future.  The  error  budget  for  random  walk  was  then 
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compared  to  test  results  on  the  three  sizes  of  gyros  «nd  the  28  cm  gyro  was  found  to  have  the  necessary  performance  margin 
for  the  marine  requirement*.  The  12  cm  gyro  did  not  meet  the  requirement  and  the  40  cm  performance  was  more  than  re¬ 
quired.  The  40  cm  had  another  disadvantage  besides  its  low  production  rate  and  consequent  higher  cost:  it  was  too  large  to 
fit  within  the  WSN-5  enclosure. 

The  selection  of  the  accelerometer  was  made  on  the  basis  of  performance,  size,  and  the  ability  to  withstand,  without 
loss  of  accuracy,  the  expected  shock  experienced  during  MIL-S-901C  hammer  blow  testing.  The  unit  selected  was  the 
Litton  A-4  mod  IV  D. 

Once  the  decisirn  had  been  made  to  retain  the  WSN-5  hardware  as  a  starting  point  for  the  marine  RLG  navigator  it 
was  clear  that  a  major  portion  of  the  software  could  also  be  retained.  The  WSN-5  has  a  large,  validated  data  base  which  has 
been  operational  in  the  fleet  for  as  long  as  10  years.  This  data  base  includes  I/O  functions,  system  control  and  Bite  func¬ 
tions.  In  order  to  avoid  disturbing  these  working  elements  it  was  decided  to  make  the  RLG  IMU  "transparent"  to  the 
WSN-5  system.  The  block  diagram  shown  in  Figure  3  illustrates  how  this  was  done.  The  signals  sent  from  the  rate  bias 
.otating  axis  to  the  stationary  IMU  processor  via  the  SDLC  bus  are  the  numbers  representing  the  gyro  and  accelerometer 
outputs,  a  synchronizing  clock  signal,  and  BITE  signals.  The  ISA  is  essentially  a  strapdown  system.  The  IMU  processor 
does  all  the  necessary  computations  to  convert  the  strapdown  instrument  outputs  to  an  emulated  gimbal  system.  The  IMU 
processor  converts  the  accelerometer  data  to  delta  velocities  in  the  local  level  geographic  frame,  i.e.,  north,  east  and  vertical 
which  are  then  fed  to  the  WSN-5  C4000  processor  which  performs  the  remaining  navigation  computations.  The  C4000 
outputs  delta  omega  X,  Y,  Z  gyro  torquing  signals  to  the  IMU  processor  to  "torque”  the  orthogonal  set  within  the  processor 
which  represents  the  stabilized  gimbal  set  to  "point  north"  (wander  azimuth  is  actually  used)  and  indicate  "local  level." 
Therefore,  from  a  software  point  of  view,  the  ISA  is  transformed  into  an  equivalent  gimbaled  IMU. 

After  the  basic  mechanization  decisions  and  selection  of  the  inertial  components  had  been  made,  a  number  of  design 
■ssucs  remained.  These  are  discussed  in  the  following  paragraphs. 
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Figure  3.  Marine  Rate  Bias  RLG  INS  Block  Diagram 


Design  Issues 

The  decision  had  been  made  to  eliminate  slip  rings  from  the  marine  ISA  design.  What  would  be  used  instead?  The 
solution  was  developed  by  minimizing  the  number  connections  between  the  rotating  and  stationary  elements  and  then  using 
a  flex  ("watchspring")  ribbon  cable  as  a  conductor.  The  connections  were  minimized  to  keep  the  flex  to  an  acceptably  small 
size.  The  required  functions  were  reduced  to  only  four:  dc  power,  the  SDLC  serial  bus,  the  SDLC  clock,  and  grounds. 

Two  leads  each  are  needed  for  the  SDLC  bus  and  clock.  Four  leads  are  used  for  dc  power  and  one  each  for  chassis  and 
shield  ground.  The  total  number  of  conductors  in  the  flex  harness  was  thus  limited  to  ten,  A  mechanical  limit  stop  has  been 
provided  to  limit  ISA  rate  table  travel  to  plus  and  minus  two  and  a  half  revolutions.  This  stop  prevents  damage  to  the  flex 
should  a  rate  bias  drive  malfunction  occur. 


'Gyro  and  System  performance  requirements  and  test  results  are  classified. 
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The  rate  bias  torque  motor  must  drive  the  table  at  constant  velocity  in  one  direction  for  two  revolutions  and  then 
rapidly  reverse.  This  motion  would  cause  rapid  commutator  wear  in  a  conventional  torque  motor.  The  solution  to  this  po¬ 
tential  problem  was  to  use  a  brushless  torque  motor  which  employs  electronic  switches  driven  by  Hall  effect  devices  for 
commutation.  This  eliminates  mechanical  contact  and  consequent  wear. 

A  transducer  is  necessary  in  a  rate  bias  system  to  measure  the  relative  angular  position  between  the  instrument 
cluster  and  the  mount.  Again  wear  and  reliability  considerations  dictate  that  this  be  done  without  "touching."  This  was 
achieved  in  the  present  design  using  an  Inductosyn  which  also  provides  advantages  of  size  and  cost  over  an  encoder  of 
equivalent  resolution  and  accuracy. 


The  technical  issues  described  in  this  section  were  solved  in  such  a  way  as  to  minimize  wear  and  maximize 
reliability.  These  characteristics  are  desirable  in  any  inertial  system  but  are  particularly  important  in  a  marine  system  used 
on  navy  vessels  with  extended  mission  times  and  long  supply  lines.  In  order  to  verify  the  system  concepts  described  here 
the  design  was  completed  and  an  engineering  prototype  unit  built  and  tested.  The  principle  mechanical  features  of  the  de¬ 
sign  are  shown  in  Figure  4,  The  actual  ISA  hardware  is  shown  in  Figure  5. 


Figure 4.  Marine  RLG  Inertial  Sensor  Assembly  Figures.  Marine  RLG  Inertial  Sensor  Assembly  (ISA) 


PERFORMANCE  TESTING 

There  are  three  levels  of  performance  normally  used  to  evaluate  marine  inertial  navigators  under  nominal  environ¬ 
mental  conditions: 

•  Static 

•  Dynamic 

•  Shipboard 

Static  as  the  name  implies  involves  running  the  system  in  a  stationary  lab  environment  and  measuring  the  errors  m 
attitude,  velocities,  and  position  as  a  function  of  time.  Dynamic  testing  is  also  performed  in  the  lab  using  two  types  of  mo¬ 
tion;  turntable  and  scorsby.  The  turntable  test  requires  that  the  system  be  rotated  about  a  vertical  axis  usually  to  cardinal 
headings  with  data  taken  at  each  heading  for  one  or  more  hours.  This  test  generally  has  larger  errors  than  the  static  test 
because  changes  in  gyro  drift  and/or  accelerometer  nulls  are  produced  as  result  of  changing  magnetic,  thermal  or  kinematic 
environments  with  system  rotation.  The  scorsby  test  involves  simultaneous  nonsynchronous  (for  marine)  motion  about  the 
heading,  roll,  and  pitch  axes  which  simulates  the  motion  of  a  vessel  at  sea.  Scorsby  tests  are  generally  type  (first  article) 
tests  and  are  not  usually  used  as  part  of  production  testing. 

Shipboard  performance  is  normally  worse  than  lab  performance  because  other  error  sources  which  do  not  exist  in  the 
lab  come  into  play.  These  include  the  effects  of  ocean  currents,  log  errors,  gravity  anomalies  and  vehicle  linear  and  rota¬ 
tional  accelerations.  The  customer  generally  specifies  performance  at  sea.  The  supplier  must  subtract  (on  an  rss  basis)  the 
predicted  at-sea  errors  to  arrive  at  the  factory  sell-off  specification.  This  usually  consists  of  some  combination  of  the  static 
and  dynamic  lab  tests  already  described. 
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The  RLG  WSN-5  is  designed  to  have  enough  performance  margin  so  that  it  "easily"  passes  factory  sell-off  with 
gyros  and  accelerometers  whose  performance  is  close  to  the  mean  for  their  production  run. 

A  prototype  RLG  WSN-5  system  was  assembled  by  installing  the  various  RLG  components  into  a  WSN-5  enclosure. 
This  system  was  then  subjected  to  the  static  and  dynamic  tests  described  in  the  preceding  paragraphs.  All  runs  are  made 
following  the  alignment  time  allowed  by  the  U.S.  Navy  classified  specification.  The  results  of  these  tests  are  classified,  but 
in  general,  the  performance  goals  specified  oy  the  U.S.  Navy  are  being  met  with  a  comfortable  margin.  Experience  has 
shown  that  any  system  which  performs  well  in  the  lab  will  meet  its  at-sea  requirement;  allowing  for  the  predicted  additional 
errors  mentioned  before.  The  errors  attributable  to  the  rate  bias  mechanization  while  present,  have  negligible  effect  on 
system  performance.  The  ISA  is  calibrated  in  the  lab  using  a  procedure  similar  to  that  described  in  reference  3.  Since  the 
ISA  is  inherently  extremely  stable,  on  the  calibration  terms  found  during  the  cal  procedure  are  valid  indefinitely.  Other 
terms  which,  for  example,  vary  from  turn  on  to  turn  on  are  easily  determined  during  the  standard  alignment  time  and  can  be 
"reset"  prior  to  an  actual  performance  run. 

Plans  are  in  place  to  evaluate  the  RLG  WSN-5  at  sea  in  the  very  near  future. 

ENVIRONMENTAL  ISOLATION 

The  marine  inertial  system  must  perform  within  the  specification  before,  during,  and  immediately  after  the  applica¬ 
tion  of  a  qual  environmental  change,  i.e.,  the  application  of  a  MIL-S-901C  hammer  blow.  The  various  steps  taken  to  protect 
the  RLG  1MU  from  the  harmful  effects  of  environmental  changes  will  be  described  briefly. 

Thermal 

The  specification  requires  in-specification  performance  from  40°  to  120°F.  This  requirement  is  provided  for  in  the 
design  using  Peltier  heat  exchangers  illustrated  in  Figure  6.  These,  acting  with  the  other  components  controlling  the  air 
around  the  ISA,  hold  the  air  temperature  to  well  within  I°F  over  the  whole  range  of  external  ambients.  The  thermal  control 
system  is  illustrated  in  Figure  7. 


Magnetic 

The  specification  for  magnetic  fields  requires  full  performance  up  to  5  gauss.  This  is  achieved  in  the  ISA  by  double 
shielding.  Each  gyro  has  an  individual  shield  and  the  lower  ISA  cover  is  also  a  magnetic  shield.  With  these  shields  in  place 
the  magnetic  sensitivity  of  the  instruments  is  reduced  to  negligible  values. 
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Shock 


Since  the  RLG  ISA  uses  rigidly  mounted  (non-dithered)  gyros  shock  protection  is  easily  accomplished.  M1L-S-901C 
specifies  a  test  procedure  not  a  specific  acceleration  profile.  A  nominal  value  of  300  g  -  11  millisec  is  usually  assumed  but 
analysis  has  shown  that  components  up  to  1000  g  exist  at  certain  frequencies.  The  ISA  mounts  in  a  cradle  which  is  attached 
to  the  WSN-5  enclosure  using  8  vibration  isolators.  These  isolators  limit  the  acceleration  under  shock  to  less  than  200  g. 
This  system  also  provides  for  retumability  of  less  than  5  arcseconds. 

Other  Environmental  Requirements 

All  other  environmental  specs  were  considered  in  the  design  of  this  equipment.  Some,  like  the  requirement  that  the 
enclosure  be  drip  proof,  are  inherent  in  the  WSN-5  design.  Others,  like  EMI,  were  taken  into  account  in  the  newly  designed 
units. 

RELIABILITY/MAINTAINABILITY 

The  WSN-5  has  a  reliability,  based  on  field  data  of  3008  hours  MTBF  versus  a  specification  requirement  of 
2800  hours. 

Approximately  half  of  the  failures  are  attributable  to  problems  in  the  IMU.  If  a  significant  improvement  could  be 
made  in  the  IMU  MTBF  then  the  overall  system  reliability  would  improve.  The  RLG  IMU  will  provide  the  necessary  im¬ 
provement.  A  formal  RLG  IMU  reliability  analysis  has  not  been  completed  yet  but  initial  estimates  are  very  encouraging. 
The  estimate  for  the  overall  RLG  IMU,  including  the  ISA  and  the  stationary  electronics,  is  10,638  hours  MTBF.  This 
would  improve  the  RLG  WSN-5  MTBF  to  4,241  hours. 

The  design  of  the  RLG  ISA  is  such  that  the  calibration  of  the  instrument  package  is  totally  independent  of  the  elec¬ 
tronic  cards.  This  means  that  the  instrument  package,  which  consists  of  the  three  gyros,  the  accelerometer  triad,  the  torque 
motor,  Inductosyn,  flex  harness  and  bearings  can  be  considered  a  replaceable  subassembly.  The  MTBF  for  this  subas¬ 
sembly  is  estimated  at  17,857  hours.  Assuming  the  system  is  operated  6000  hours  per  year  (per  navy  specification!  this 
subassembly  would  be  replaced  every  three  years.  The  failed  package  would  be  returned  to  the  repair  facility  for  replace¬ 
ment  of  the  defective  component,  recalibrated,  and  returned  to  the  supply  system. 

If  the  gyros  in  the  ISA  are  assumed  to  have  an  MTBF  of  100,000  hours  and  the  system  is  used  6,000  hours  per  year, 
a  gyro  would  fail  every  5  1/2  years  in  a  given  system.  If  an  additional  rotation  axis  were  designed  into  the  ISA  then  a  gyro 
could  be  carried  as  a  spare  and  calibrated  in  place  without  requiring  replacement  of  the  whole  instrument  package.  Now  is 
the  components  which  supply  the  additional  rotation  are  assumed  to  have  a  failure  rate  of  20  per  million  hours  (which  is  a 
reasonable  assumption)  then  this  subsystem  can  be  expected  to  ‘ril  in  8  1/3  years.  This  means  that  the  user  only  gets  the 
change  to  calibrate  one  gyro  before  the  components  added  to  pi*,  ride  calibration  fail  themselves!  This  analysis  shows  that 
an  additional  rotational  or  indexing  axis  does  not  effectively  improve  reliability/maintainability.  The  only  justification  for 
the  additional  axis  is  to  improve  performance.  Since  the  RLG  WSN-5,  as  previously  discussed,  has  performance  margin  with 
a  single  axis,  there  was  no  rationale  for  including  a  second  axis  of  rotation.  A  qualitative  comparison  of  three  classes  of  IMUs 
is  given  in  Figure  8  which  shows  why  the  single  axis  rate  bias  mechanization  offers  advantages  from  a  reliability  point  of 
view.  The  figure  shows  that  the  rate  bias  IMU  has  the  fewest  number  of  mechanical  and/or  electromechanical  devices.  Since 
these  components  tend  to  have  the  highest  failure  rates  their  use  should  be  minimized  to  maximize  reliability. 
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Figure  8.  Number  of  Mechanical/Electronic  Components  in  Different  Classes  of  IMUs 
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The  RLG  IMU  follows  the  same  maintain  ability  philosophy  built  into  the  WSN-5.  Extensive  hardware  and  software 
BITE  is  included  in  the  newly  designed  ISA  and  stationary  electronics  which  allows  the  operator  to  identify  a  malfunction 
to  a  replaceable  subassembly.  Replacement  can  be  accomplished  with  simple  hand  tools  without  soldering.  The  mal¬ 
functioning  subassembly  can  be  identified  even  if  hardware  shuts  the  system  down  because  the  fault  indicators  are  latching 
devices  which  continue  indicate  even  after  power  has  been  removed.  The  RLG  IMU  will  have  indicators  and  a  fault  matrix 
similar  to  that  shown  in  Figure  9  which  shows  the  matrix  for  the  presently  used  gimbaled  platform. 


IMU  FAULT  INDICATOR  MATRIX 
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Figure  9.  IMU  BITE  Indicator  Status 


CONCLUSION 

This  paper  describes  the  design  of  an  RLG  upgrade  to  the  existing  U.S.  Navy  standard  surface  ship  navigator;  the 
WSN-5.  The  change  is  evolutionary;  it  allows  all  the  specified  characteristics  and  proven  features  of  the  WSN-5  to  be  re¬ 
tained  with  enhanced  performance  and  reliability  provided  by  the  substitution  of  the  RLG  IMU  for  the  gimbaled  platform. 
The  RLG  WSN-5  has  all  the  necessary  capabilities  to  become  the  standard  surface  ship  navigator  for  the  1990’s  and 
beyond. 
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Abstract 

Next  generation  avionics  systems  will  need  to  incorporate  extensive  integration,  including  the  Communication,  Navigation,  and  Identification  (CNI)  func 
tions  An  important  element  in  such  a  highly  integrated  CNI  system  is  a  set  of  programmable  preprocessors,  each  of  which  can  process  baseband  outputs 
from  a  receiver  to  perform  real-time  signal  dependent  processing,  such  as  matched  filtering,  PN  despreading,  code  and  carrier  tracking,  phase  rotation,  corre¬ 
lation.  convolution,  pulse  shape  discrimination,  threshold  crossing,  time  of  arrival  detection,  demodulation  (pulse  position  demodulation.  OPSK,  etc ),  mes¬ 
sage  formatting,  and  on  line  status  reporting  Control  of  the  total  integrated  CNI  system  is  characterized  by  a  distributed-control  architecture,  wherein  the 
execution  times  range  from  seconds  at  the  data  processor  level  down  to  a  few  nanoseconds  at  the  preprocessor  level.  Any  candidate  control  architecture  for 
the  preprocessor  must  support  reprogrammability,  flexibility  in  event  scheduling  (including  manipulation  of  event  lists  to  add,  insert,  or  drop  basic  events), 
and  testability,  while  fully  meeting  the  requirements  of  each  CNI  function  This  paper  describes  a  distributed-control  architecture  for  a  generic  CNI  preproces 
sor  that  meets  the  above  requirements 

Introduction 

Recent  availability  of  VLSI  devices  it  making  integration  of  CNI  functions  very  desirable  This  can  lead  to  considerable  savings  in  size,  weight,  power,  and 
maintenance  costs,  while  increasing  availability  of  systems  An  essential  part  of  the  integrated  CNI  system  is  the  highly  programmable  CNI  preprocessor 
which  performs  real-time  waveform  dcj.ndent  signal  processing  on  the  baseband  outputs  of  a  receiver  Generic  functions  such  as  PN  despreading,  phase 
rotation,  correlation,  convolution,  tracking,  accurate  TOA  detections,  threshold  crossing  detection,  filtering,  demodulation  preluding  CCSK.  OPSK.  and  pulse 
position  demodulation)  etc .  are  performed  in  the  preprocessor  These  functions  place  demanding  requirements  on  any  candidate  CNI  processor  control  archi 
tecture  In  addition,  the  need  for  simultaneous  execution  of  multiple  CNI  functions  within  a  given  'Nl  preprocessor  is  not  uncommon  When  one  looks  at  the 
total  control  requirements,  it  becomes  obvious  that  a  centralized  control  structure  cannot  meet  tl.  j  demands,  nor  can  it  be  built  and  adequately  tested  with 
any  degree  of  confidence  Thus,  any  chosen  control  architecture  must  meet  the  throughput  requirements  of  each  active  CNI  subfunction  within  the  preproces 
sor,  while  providing  controllability  and  observability  to  the  higher  level  control  functions  in  a  CNI  terminal  Selecting  an  optimal  control  architecture  is  a 
trade  off  among  hardware  complexity,  ease  of  programming,  efficiency  of  operation,  and  testability  requirements  This  paper  describes  the  extraordinary  con¬ 
trol  demands  imposed  by  the  CNI  functions,  and  a  distributed  control  CNI  preprocessor  architecture  that  meets  these  demands  in  an  orderly  fashion,  allows 
multiple  CNI  function  execution,  and  provides  controllability  and  observability 

Typical  CNI  System  Architecture 

A  typical  CNI  system  architecture  is  shown  in  Figure  1.  A  system  of  high  speed  buses  interconnects  the  CNI  preprocessors.  RF  groups,  signal  processors, 
and  data  processors  The  data  transfer  requirements  of  CNI  systems  are  characterized  by  short  data  block  sizes,  fast  access,  and  rapid  data  transfer  The 
buses  allow  localized  high-rate  processing  and  <apid  data  exchange,  while  providing  fast  access'  Control  of  such  a  system  is  highly  distributed,  where  the 
level  of  control  rar.ges  from  seconds  at  the  DP  level,  to  a  few  milliseconds  at  the  terminal  control  level,  and  finally  to  a  few  nanoseconds  at  the  CN!  prepro 
cessor  level  with  the  RF  group  performing  m  real  time2 


Typical  CNI  Preprocessor  Architecture 

Figure  i  snows  me  autonomous  processing  mipintitmuiivn  of  the  CN!  st.hf:;nct:cns  oi  eIs"'en««  miPnratPri  pmmocessor  The  basic  architecture 

allows  for  execution  of  multiple  CNI  functions  (e  g ,  of  pairs  such  as  JTIDS  and  narrowband  voice  function,  IFF  transport  and  VHF  Voice,  and  CiPS  and  nar 
rowband  voice)  The  data  paths  through  the  CNI  processor  are  reconfigurabie  to  allow  simultaneous  execution  of  CNI  functions  (e  g ,  GPS,  JTIOS,  and  EJS) 
Note  that  each  subfunction,  like  PN  despreading  and  phase  rotator,  is  an  autonomous  unit  that  once  started,  performs  its  function  until  commanded  to  stop 
Synchronization  among  subfunctions  to  implement  a  CNI  function  is  achieved  by  tight  control  of  the  clocking  and  pipelining  schemes  In  this  paper  we 
assume  that  such  a  timing  reference,  clock  generation  and  distribution  scheme  are  in  place 

Control  Requirements  of  CNI  Functions 

The  control  hierarchy  in  a  CNI  terminal  is  shown  in  Figure  3  The  control  requirements  placed  on  a  CNI  preprocessor  are  .nflur  ed  by  me  control  hierarchy 
within  the  terminal  and  in  particular,  the  control  functions  that  surround  the  CNI  preprucessor  in  a  CNI  terminal  At  the  outer  layer,  the  terminal  control  func¬ 
tion  imposes  unique  requirements  to  coniro!  the  levels  below  it  At  the  inner  layer,  the  RFG  places  unique  requirements  on  the  CNI  preprocessor  Each  layer 
can  influence  the  control  architecture  of  layers  above  and  beneath  it  In  the  following  discussion,  the  terminology  "events”  and  "commands"  will  be  used 
synunymojsly  A  command  wi‘l  usually  cause  the  invocation  of  several  CNI  subfunctions  at  a  presc-  ’ued  time  within  a  preprocessor  An  example  is  th  iFF 
interrogate  receive  command,  which  wilt  invoke  the  envelope  detector,  pulse  shape  detector,  pulse  position  demodulation,  SIF  filter,  and  the  output  m  erface 
at  a  designated  time  of  day.  The  unique  control  requirements  imposed  by  the  various  elements  in  the  CNI  terminal  on  the  preprocessor  control  function  will 
be  described  next 
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System  Terminal  Controller  Requirements 

The  following  requirements  are  imposed  by  the  terminal  controller  on  the  preprocessor  control  structure. 

•  Capability  to  interleave  time  tagged  end  immediate  commands 

•  Ability  to  queue  up  commands  for  sequential  execution 

•  Ability  to  prioritize  CNI  commands 

•  Precise  start  of  command  execution  (nanoseconds  resolut-on) 

•  Time  ordered  execution  of  commands  from  different  prioritized  queues  without  loss  of  output  data 

•  Detection  of  stale  and  invalid  commands  and  queuing  errors 

•  Ability  to  insert  and  purge  queued  commands 

«  Match  commands  and  associated  data  when  command  and  data  sources  are  different  units  within  the  system 

•  Ability  to  initiate  command  execution  when  only  a  part  of  the  command  is  available  while  the  rest  of  the  command  is  in  the  process  of  being  transferred 
form  the  terminal  control  function 

Signal  Processor  Requirements 

The  signal  processor  processes  CNI  preprocessor  outputs  and  also  provides  transmit  data  It  performs  both  encoding  and  decoding  functions,  implements 
various  signal  processing  algorithms,  and  detects  conditions  that  require  immediate  terminal  response/action  (e  g .  RTT  in  a  JTIDS  system.  Mode  S 
response).  It  places  the  following  demands  on  the  CNI  preprocessor 

•  Expeditious  transfer  of  preprocessor  output  to  minimize  system  latency  and  meet  turnaround  requirements 

•  Orderly  transfer  of  multiple  data  message  types  generated  by  simultaneously  active  CNI  functions  within  the  preprocessor 

•  formatting  of  output  messages  in  the  preprocessor 

CNI  Subtunction  Requirements 

The  CNI  subjections  (e  g ,  PN  despreading,  phase  rotation,  tracking,  and  demodulator)  within  the  preprocessor  place  by  far  the  most  demanding  require 
ments  on  the  control  architecture  No  compromises  can  be  made  in  this  area  Some  of  the  more  demanding  requirements  are  listed  below. 

CNI  Subfunction  Input  Requirements 

•  Transfer  of  parameters  (e  g .  PN  for  despreading)  at  precise  instants  with  nanosecond  resolution 

•  Selective  parameter  updates  as  a  function  of  events  occurring  within  the  CNI  subfunenon  and  as  a  result  of  SP  processing  of  data  (e  g ,  updates  to  thre¬ 
sholds  for  reply  rate  limiting  for  Iff  transpondsj 

•  Reset  capability  that  includes  resetting  multiple  CNI  subfunctions  simultaneously,  or  selected  subfunctions  as  required  by  the  overall  CNI  sequencing 
constraints 

•  Data  and  command  distribution  while  a  CNI  subfunction  is  in  progress 

•  Reconfiguration  while  a  CNI  function  is  active 

•  Accommodate  parameter  transfer  for  the  immediate  next  reconfiguration  while  mode  transition  is  in  progress  at  the  CNI  function  (eg,  reload  correlator 
with  CCSK  reference  patterns  as  soon  as  preamble  detection  is  complete) 

CNI  Subfunction  Output  Requirements 

The  outputs  generated  by  the  CNI  functions  can  fall  into  a  variety  of  types 

•  Steady  stream  of  outputs  (e.g .  AGC  samples  during  GPS) 

•  Burst  outputs  (e  g ,  IFF  replies) 

•  Mixture  of  above 

•  All  of  above  with  a  timeout  constraint 

•  Multiple  types  of  simultaneous  outputs  from  CNI  subfur.cuons 

Off-line  and  On-line  Test  Requirements 

The  need  for  minimizing  fault  latency  and  support  for  a  two  level  maintenance  concept  in  future  avionics  terminals  calls  for  a  variety  of  fault  detection  and 
recovery  methods  These  place  additional  demands  on  the  preprocessor  control  architecture  that  must  now  support 

•  Immediate  detection  and  reporting  of  faults 

•  Orderly  generation  of  on  line  status  reports,  including  fault  s*atus 

•  Transfer  of  exception  status  during  CNI  funct'on  operation 

•  Off-line  functional  test  capability 
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Prcpoud  Distributed  Control  Architecture 

FiQurt  4  shows  the  proposed  control  architecture  and  the  allocation  ot  the  above  control  requirement  to  the  architectural  elements  Again,  a  distributed 
control  approach  is  chosen  to  implement  these  various  requirements  as  a  centralized  controller  cannot  perform  all  the  control  (unctions  satisfactorily  while 
providing  controllability  and  observability  The  basic  control  elements  include 

•  In-bound  Command/Data  Router 

•  Precision  Time-Keeping  Function 

•  Input  Command  Handler 

•  Output  Data  Handler 

•  Out-bound  Message  Router 

The  In-Bound  Command/Oitt  Router 

The  In-bound  Command/Oata  Router  interfaces  to  the  high-speed  buses,  sorts  incoming,  interleaved,  prioritized  commands  received  from  the  buses,  and 
routes  the  commands  and  data  to  the  appropriate  priority  FIFOs.  It  implements  the  bus  protocol,  performs  message  error  defection  (loss  of  words,  parity 
error,  missing  start,  and  end  of  blocks,  etc )  and  identifies  the  same  for  the  commands  and  data  queued  m  the  FIFOs  It  also  flags  the  start  of  command  for 
use  by  the  input  Command  Handler 


Figure  4.  Distributed  Control  Architecture  For  The  CNI  Preprocessor 


Precision  Time-Keeping  Function 

The  Precision  Time  Keeping  Function  provides  the  capability  of  matching  specified  event  time  of  execution  with  the  terminal  time  o*  day  to  effect  precise 
start  of  CNI  event  execution  via  the  generation  of  an  execute  command  pulse  to  the  selected  CNI  subfunction  elements  This  function  capability  to  load  the 
specified  event  time,  receive  a  master  synchronization  signal  to  maintain  precision  time,  and  provide  a  precision  terminal  time  (at  least  several  LSBs}  for 
time  tagging  functions  It  also  performs  windowing  around  event  timetags  to  determine  stale  or  late  commands  It  works  under  control  of  the  Input  Command 
Handler  (ICH) 

Input  Command  Handler 

The  Input  Command  Handler  (ICH)  detects  mvafid/mcomplete  commands  m  the  queues,  sorts  commands  from  queues  in  time  order,  executes  immediate 
commands,  detects  exception  conditions  (stale,  late,  too  early,  etc ),  and  performs  parameter  setup  as  necessary  To  implement  all  of  the  control  require¬ 
ments  listed  above,  all  CNI  subfunction  elements  and  their  internal  parameter  stores  within  the  preprocessor  are  designed  as  addressable  elements  Broad¬ 
cast  as  well  as  multicast  addresses  are  added  to  the  derived  addresss  space  via  the  above  process  The  ICH  can  thus  use  a  bussing  scheme  to  implement 
(he  requirements  listed  above.  A  12  bit  address  bus,  a  16-bit  data  bus,  a  data  valid  cortrol  signal,  and  a  ieset  control  signal  are  used  to  address  any  CNI 
subfunction  and  the  parameter  store  within  each  CN!  subfunction  The  address  bus  identifies  a  CNI  Mjbfunct.on  element  (several  MSBs)  and  the  appropriate 
parameter  store  within  the  CNI  subfunction  element  (several  ISBs),  and  the  data  bus  contains  the  data  'parameter  This  facility  provides  random  addressing 
capability  to  synchronize  groups  of  autonomous  functional  elements  in  the  architecture 

The  ICH  can  thus  sequence  the  event  setup  operation,  start  the  ooeration,  update  parameters  as  a  function  of  internal  status  generated  by  the  CNI  sub 
function  element  (a  g ,  preamble  acquisition  completion,  ready  to  receive  CCSK  reference  patterns  for  JTIDS  dimodulation),  resume  execution  of  a  suspended 
command  as  a  result  of  a  new  command  (e  g ,  start  demodulation  command),  and  stop  CNI  function  operation  Note  that  the  ICH  starts  setup  for  each  event 
just  prior  to  the  event  start  time  It  uses  the  precision  time-keeping  function  to  compare  the  event  timetag  with  the  current  terminal  time  It  also  provides 
exception  status  to  the  output  data  handler  as  exception  conditions  are  detected  (abrupt  end  of  parameters,  incomplete  f  N,  etc )  in  the  ICH  The  ICH  also 
initiates  an  orderly  stop  of  CNI  subfunctions 

Output  Data  Handlar  (ODH) 

The  CNI  preprocessor  has  capability  to  generate  multiple  streams  of  output  To  accommodate  the  various  data  and  data  rate  requirements,  each  CNI  sub 
function  element  that  generates  data  is  required  to  provide  adequate  buffering  of  data  and  transfer  a  selected  data  word  on  demand  by  the  00H  The  ODH 
1)  performs  message  formatting  while  meeting  the  throughput  requirements  of  each  active  CNI  function  in  the  preprocessor,  2)  uses  the  concept  of  a  in¬ 
state  output  data  bussing  scheme  to  receive  data  blocks  from  each  CNI  subfunction  element,  3)  receives  a  unique  data  ready  flag  when  a  block  of  data  is 
ready,  4)  processes  the  data  ready  flags  form  the  various  sources  using  a  specified  algorithm  (first  come  first  served,  UFO,  Priority,  or  based  on  the  mix  of 
active  CNI  functions  etc )  and  selects  a  particular  block  for  transfer,  and  5)  identifies  the  block  selected  and  outputs  the  address  of  the  word  m  the  data 
block  to  identify  the  required  data  word  for  formatting  The  addressed  CNI  subfunction  element  decodes  the  address  and  enables  the  addressed  16-bit  data 
word  onto  the  tri-state  data  bus  Thus,  the  ODH  selects  a  data  souru  that  has  data  ready  for  transfer,  sequences  the  data  words  of  a  block,  and  routes  the 
data  to  an  appropriate  FIFO.  For  fixed  block  messages,  the  ODH  performs  the  detection  of  the  last  data  word  in  the  message  and  hands  off  the  massage  to 
the  Ou*  hound  Message  Router  function  For  variable  length  messages,  the  data  sources  can  initiate  en  end  of  message  by  asserting  an  end  of  message  sig 
nal  T  ,0H  is  designed  to  handle  the  worst-case  output  data  generation  scenario  m  the  preprocessor  The  ODH  also  provides  a  means  for  the  CNI  subfunc¬ 
tion  e:  ,i«nts  to  detect  overrun  conditions  The  CNI  function  elements  can  declare  message  overrun  if  the  ODH  has  not  acquired  the  last  word  of  the  data 
block  and  a  new  data  block  becomes  ready  to  transfer. 
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Out-bound  Mutigt  Router 

This  function  gets  ready  to  transfer  messages,  prioritizes  the  messages,  and  appends  the  control  header  words  prior  to  initiating  transfer  to  the  bus  inter¬ 
face  umt(s)  !t  breaks  messages  into  segments  as  required  fur  transfer  to  meet  the  system  throughput  requirements  of  each  function  This  function  interfaces 
with  two  bus  interface  units  and  performs  simultaneous  transfer  of  different  messages  to  the  two  bus  unit  interfaces 

Precision  Time-Keeping  function 

The  Precision  Time-Keeping  function  provides  the  capability  of  matching  specified  event  time  of  execution  with  the  terminal  time  of  day  to  effect  precise 
start  of  CNI  event  execution  via  the  generation  of  an  execute  command  pulse  to  the  selected  CNI  subiunction  elements,  This  function  ha:  the  capability  to 
load  the  specified  event  time,  receive  a  master  synchronization  signal  to  maintain  precision  time,  ard  provide  a  precision  terminal  time  (at  least  several 
ISBs)  for  time  tagging  functions  It  also  performs  windowing  around  event  ttmetags  to  determine  stale  or  late  commands  It  works  under  control  of  the  Input 
Command  Handler  (ICH) 

Input  Command  Handler 

The  Input  Command  Handler  (ICH)  detects  mva'-d/mcomplete  commands  in  the  queues,  sorts  commands  from  queues  m  time  order,  executes  immediate 
commands,  detects  exception  conditions  (stale,  late,  too  early,  etc ),  and  performs  parameter  setup  as  necessary  To  implement  alt  of  the  contro1  require¬ 
ments  listed  above,  all  CNI  subfunction  elements  and  their  internal  parameter  stores  within  the  preprocessor  are  designed  as  addressable  elements  Broad 
cast  as  well  as  multicast  addresses  are  added  to  the  derived  addresss  space  via  the  above  process  The  ICH  can  thus  use  a  bussing  scheme  to  implement 
the  requirements  listed  above  A  12-bit  address  bus,  a  16  bit  data  bus.  a  data  valid  control  signal,  and  a  reset  control  signal  are  used  to  address  any  CNI 
subfunction  and  the  parameter  store  withm  each  CNI  subfunction  The  address  bus  identifies  a  CNI  subfunction  element  (several  MSBs)  and  the  appropriate 
parameter  store  within  the  CNI  subfunction  element  (several  LSBs),  and  the  data  bus  contains  the  data/parameter.  This  facility  provides  random  addressing 
capability  to  synchronize  groups  of  autonomous  functional  elements  in  the  architecture 

The  ICH  can  thus  sequence  the  event  setup  operation,  start  the  operation,  update  parameters  as  a  function  of  internal  status  generated  by  the  CNI  sub- 
funcuon  element  (e.g,  preamble  acquisition  completion,  ready  to  receive  CCSK  reference  patterns  for  JTIDS  demodulation),  resume  execution  of  a  suspended 
command  as  a  result  of  a  new  command  (e  g ,  start  demodulation  command),  and  stop  CNI  function  operation  Note  that  the  ICH  starts  setup  for  each  event 
just  prior  to  the  event  start  time  It  uses  the  precision  time  keeping  function  to  compare  the  event  timetag  with  the  current  tp'nmal  time  It  also  provides 
exception  status  to  the  output  data  handler  as  exception  conditions  are  detected  (abrupt  end  of  parameters,  incomplete  PN.  etc )  in  the  ICH  The  ICH  also 
initiates  an  orderly  stop  of  CNI  subfunctions 

Output  Data  Handler  (QDH) 

The  CNI  preprocessor  has  capability  to  generate  multiple  streams  of  output  To  accommodate  the  various  data  and  data  rate  requirements,  each  CNI  sub 
function  element  that  generates  data  is  required  to  provide  adequate  buffering  of  data  and  transfer  a  selected  data  word  on  demand  by  the  OOH  The  ODH 
1)  performs  message  formatting  while  meeting  the  throughput  requirements  of  each  active  CNI  function  in  the  preprocessor,  2)  uses  the  concept  of  a  in¬ 
state  output  data  cussing  scheme  to  receive  data  blocks  from  each  CNI  subfunction  element.  3}  receives  a  unique  data  ready  flag  when  a  block  of  data  is 
ready,  4)  processes  the  data  ready  flags  form  the  various  sources  using  a  specified  algorithm  (first  come  first  served,  UFO,  Priority,  or  based  on  the  mix  of 
active  CNI  functions  etc )  and  selects  a  particular  block  for  transfer,  and  5)  identifies  the  block  selected  and  outputs  the  address  of  the  word  in  the  data 
blo:k  to  identify  the  required  data  word  for  formatting  The  addressed  CNI  subfunction  element  decodes  the  address  and  enables  the  addressed  16  bit  data 
word  onto  the  tn  state  data  bus  Thus,  the  ODH  selects  a  data  source  that  has  data  ready  for  transfer,  sequences  the  data  words  of  a  block,  and  routes  the 
data  to  an  appropriate  FIFO  For  fixed  block  messages,  the  OOH  per'orms  the  detection  of  the  last  data  word  in  the  message  and  hands  off  the  message  to 
the  Out  bound  Message  Router  function  For  variable  length  messages,  the  data  sources  can  initiate  an  end  of  message  by  asserting  an  end  of  message  sig¬ 
nal  The  OOH  is  designed  to  handle  the  worst  case  output  data  generation  scenario  in  the  preprocessor  The  OOH  also  provides  a  means  for  the  CNI  subfunc 
tion  elements  to  detect  overrun  conditions  The  CNI  function  elements  can  declare  message  overrun  if  the  OOH  has  not  acquired  the  last  word  of  the  data 
block  and  a  new  data  block  becomes  ready  to  transfer 

Out-bound  Message  Router 

This  function  gets  ready  to  transfer  messages,  prioritizes  the  messages,  and  appends  the  control  header  words  prior  to  initiating  transfer  to  the  bus  inter¬ 
face  umt(s)  It  breaks  messages  into  segments  as  required  for  transfer  to  meet  the  system  throughput  requirements  of  each  function  This  function  interfaces 
with  two  bus  interface  units  and  performs  simultaneous  transfer  of  different  messages  to  the  two  bus  unit  interfaces 

Conclusion 

This  paper  has  briefly  described  a  distributed  control  architecture  for  an  integrated  CNI  preprocessor  The  proposed  archtecture  is  simple,  effective,  and 
allows  multiple  CNI  functions  to  co  execute  in  the  same  unit  while  providing  flexibility  to  program,  test,  and  control  the  unit  It  uses  the  distributed  control 
architecture  to  process  inputs,  control  ■'■'tonomously  operating  CNI  subfunctions,  and  provide  outputs  to  the  rest  of  the  terminal 
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INTRODUCTION.  The  time-synchronous  nature  and  excellent  time -of -arrival  (TOA)  measurement 
accuracy  of  the  Joint  Tactical  Information  Distribution  System  (JTIOS)  gives  rise  to  Its  Inherent 
capability  to  provide  high  accuracy  relative  and  absolute  navigation  Information  to  vehicles  carrying 
JTIOS  terminals.  This  Is  accomplished  through  the  Inclusion  of  the  Relative  Navigation  (RELNAV) 
software  In  the  terminal’s  operational  computer  program.  This  function  has  been  called  “relative 
navigation"  because  It  is  based  on  passive  and  active  ranging  to  the  other  terminals  In  the  net.  If 
some  of  these  terminals  have  knowledge  of  their  geodetic  position  (which  may  be  true  for  both 
stationary  or  moving  terminals),  the  user  can  determine  his  absolute  position  In  standard  geodetic 
coordinates,  as  well  as  his  relative  position  In  an  arbitrarily  established  grid.  In  order  to  provide 
the  highest  possible  accuracy  for  high  dynamic  users,  the  JTIOS  RELNAV  function  Is  typically  Inter¬ 
connected  with  a  dead  reckoning  system  on  the  vehicle,  such  as  an  Inertial  navigation  system.  The  dead 
reckoning  data  Is  mixed  with  the  JTIOS  TOA  data  In  a  recursive  (e.g.,  Kalman)  filter  mechanization  to 
determine  the  user's  position,  velocity,  and  time  bias.  This  paper  describes  the  principles  of 
operation  and  architecture  of  the  JT IDS  RELNAV  function  and  the  system  configuration  for  a  particular 
Inertial  Interconnection.  The  RELNAV  observation  model,  and  coordinate  systems  are  discussed. 

Finally,  some  simulation  results  of  the  system  are  presented. 

THE  JOINT  TACTICAL  INFORMATION  DISTRIBUTION  SYSTEM  (JTIOS).  JTIDS  Is  a  synchronous,  time  division 
multiple  access  (TOMA),  spread  spectrum,  secure,  communication  system  which  also  Inherently  provides 
high  accuracy  navigation  and  Identification  functions.  The  system  Is  synchronous  since  all  users  In  a 
net  operate  on  a  conrion,  precise  time  base,  through  use  of  stable  clock  oscillators.  The  clocks  are 
synchronized  to  a  time  master  called  Net  Time  Reference  (NTR)  by  means  of  either  an  active  round  trip 
timing  (RTT)  technique  or  a  passive  technique.  The  latter  Is  an  Important  byproduct  of  the  Relative 
Navigation  function,  as  will  be  seen  later.  The  time  division  multiple  access  property  of  JTIDS 
results  from  the  use  of  an  epoch  of  time  of  12. B  minutes,  which  Is  divided  Into  12-second  cycles 
(frames),  and  these  are  subdivided  Into  7.8125  ms  time  slots.  (See  Figure  1.)  Several  fixed  format 
messages  have  been  defined,  Including  the  so-called  Precise  Position  Location  Identification  message 
(PPLl-roessage),  which  Is  of  particular  Importance  to  the  Relative  Navigation  (RELNAV)  function,  since 
It  contains  the  position  of  the  transmitting  unit.  Typically,  each  unit  transmits  such  a  PPLI-message 
on  a  periodic  basis,  each  12-second  frame.  Detailed  descriptions  of  the  JTIOS  design  characteristics, 
such  as  operating  frequency  band,  modulation  waveform,  etc.,,  are  given  elsewhere,  (e.g.,  Reference  1) 
and  will  not  be  repeated  in  this  paper. 

RELNAV  PRINCIPLES.  The  primary  purpose  of  the  JTIDS  RELNAV  function  Is  to  determine  own  unit 
position,  velocity,  and  altitude  In  both  relative  and  absolute  coordinates  from  data  received  from 
other  terminals,  for  such  applications  as  vehicle  navigation,  transmission  for  command  and  control, 
target  designation  and  weapon  delivery.  The  RELNAV  function  also  provides  own  terminal  clock 
correction  for  time  synchronization.  In  the  JTIDS  RELNAV  concept,  each  user  passively  ranges, 
sequentially,  to  several  other  terminals  In  the  net,  by  means  of  a  measurement  of  the  time-of -arrival 
(TOA)  of  the  PPLI-messages  transmitted  by  these  terminals,  and  determines  own  position  from  these 
measured  ranges  using  a  form  of  mulltlateration  called  pseudo-ranging.  (See  Figure  2.)  since  JTIOS  Is 
a  synchronous  system,  all  terminals  transmit  at  specified  and  known  times.  Thus,  If  the  user  were  In 
perfect  synchronization  with  his  sources,  three  such  range  measurements  (In  suitable  geometry)  could 
determine  his  three-dimensional  position.  However,  If  the  user  has  a  synchronization  error  (time  bias) 
with  respect  to  the  system  time,  as  Is  normally  the  case,  he  needs  to  determine  this  time  bias,  since 
range  and  time  errors  are  not  separable  In  a  single  passive  ranging  event  (TOA  measurement).  A 
sequence  of  such  passive  range  measurements  on  signals  from  sources  having  higher  position  and  time 
quality  will  provide  a  continuously  updated  measure  of  the  user's  position  and  time  bias.  (This  time 
bias  determination  Is  also  called  passive  synchronization. I  The  total  process  Is  called  pseudo- ranging, 
since  the  range  measurements  are  not  “true’  ranges,  but  are  made  with  respect  to  the  user's  own  clock 
time,  rather  than  on  an  absolute  basis. 

The  basic  RELNAV  observation  model  can  be  expressed  by 

Rn  »  c  (TOA)  *  Rc  +  bs  -  b  +  N  (1) 

and 

Rc  =|(XS  -  X)2  +  (Ys  -  Y)2  *  (Zs  -  Z)2|i/2  (2) 

where:  R0  Is  the  observed  range  (pseudo-range)  to  the  source:  c  Is  the  speed  of  light;  TOA  Is  the  j 

observed  tlme-of-arrlval  with  respect  to  the  user's  own  clock  time,  Rc  Is  the  computed  (predicted) 

range  to  the  source,  based  on  the  best  estimate  of  own  position  and  the  source's  transmitted  position;,  » 

Xs,  Y<,  Zs  are  the  source's  transmitted  position  coordinates;  X,  Y,  Z  are  the  user's  own  position  : 

coordinates;  bs  Is  the  residual  time  bias  of  the  source;  b  Is  the  time  bias  of  the  user;  N  is  the  sum 

of  measurement  noises.  Each  unit  attempts  to  zero  his  time  bias  before  transmission.  Thus,  the  residual  ; 

source  time  bias  bs  Is  very  small.  Is  not  known  to  the  source  and  cannot  normally  be  estimated  by  the 

user.  Hence,  It  Is  considered  included  In  the  measurement  r.olse  N  and  the  basic  RELNAV  observation  model  ; 

becomes  i; 

S' 
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R0  -  C  (TOA)  ■  Rc  -  b  F  N  (3) 

The  bask  observable  Is  the  TOA  measurement.  With  the  source  positions  known  from  the  data  In  the 
received  PPU-messages,  several  measured  pseudo  ranges  R0  (equation  3)  will  lead  to  a  determination  of 
the  user's  own  position  coordinates  X,  Y.  Z,  and  his  time  bias  b.  Since  the  data  Is  obtained 
sequentially,  recursive  filtering  Is  used  In  the  REINAV  mechanization  and  for  most  applications,  dead 
reckoning  (e.g . ,  Inertial)  data  is  mixed  with  the  TOA  data  for  smoothing  and  prediction  purposes  (see 
Figure  3).  A  RELNAV  Kalman  filter  can  then  Inherently  estimate  the  dead  reckoner  (Inertial)  errors 
using  the  accurate  TOA  measurements  as  reference  data,  thereby  continuously  "calibrating  out"  these  dead 
reckoner  errors.  It  Is  also  possible  to  operate  RELNAV  using  TOA  derived  data  only  (see  Reference  2), 
wherein  position  and  velocity,  and  possibly  also  acceleration,  may  be  carried  as  filter  states.  This 
form  of  RELNAV  operation  Is  more  applicable  to  relatively  low-dynamic  vehicles  such  as  ships  and  ground 
vehicles,  or  low-dynamic  aircraft.  In  high-dynamic  vehicles  this  mode  of  operation  would  lead  to 
excessive  lags  In  position  determination  during  maneuvers.  The  user  terminal  receives  the  reported 
source  position,  and  time  and  position  qualities  in  the  received  PPLI-messages  from  other  terminals. 

The  RELNAV  Source  Selection  function  (see  Figure  4)  then  selects  the  desired  sources,  based  on  the 
relative  qualities,  and  geometric  considerations  with  respect  to  the  terminal's  own  error  ellipse.  The 
terminal  measures  the  TOAs  of  the  received  messages  and  the  RELNAV  function  uses  those  of  the  selected 
sources.  The  RELNAV  filter  then  calculates  predicted  TOAs  from  extrapolated  position  data  and  from  the 
received  source  position  data.  It  compares  the  measured  and  predicted  TOAs  to  generate  residuals. 

Using  each  of  these  observations,  the  RELNAV  filter  updates  the  various  states  of  the  filter,  such  as 
position,  velocity  and  time  errors  as  well  as  the  covariance  matrix.  After  several  such  observations 
have  been  used,  the  filter  applies  corrections  to  the  Navigation  Data  Extrapolation  function,  which 
continues  to  extrapolate  the  navigation  data  with  these  latest  corrections,  for  use  on  transmitted 
PPLI-messages,  vehicle  avionics  and  for  subsequent  filter  prediction  purposes.  The  control  data  from 
the  filter  representing  clock  corrections  (i.e.,  time  bias  and  frequency  errors,  are  provided  to  the 
terminal  clock.  In  the  filtering  process,  the  reported  time  and  position  qualities  of  the  sources  are 
converted  to  equivalent  variances  and  are  used  to  modify  the  appropriate  terms  In  the  filter  gain 
calculation  for  each  observation.  Also,  the  non-linear  observation  equation  (equation  3)  Is  linearized 
to  calculate  the  filter  gains. 

In  addition  to  the  basic  passive  ranging  operation  just  described,  the  RELNAV  function  also  uses  an 
active  or  round  trip  timing  (RTT)  technique  available  In  JTIDS  terminals,  provided  the  unit  Is  designated 
as  an  active  (non-radio  silent)  terminal.  This  technique  Independently  generates  an  excellent  measure 
of  the  user's  time  bias.  In  the  RTT  technique,  the  user  transmits  a  message  to  a  selected  unit  of 
higher  time  quality  (called  the  donor);  the  donor  measures  the  tlme-of-arrlval  (TOA)  of  that  message  and 
reports  It  back  to  the  Interrogating  user  unit  In  a  return  message.  The  latter  then  measures  the  TOA  of 
the  donor's  reply  message.  The  difference  between  the  reported  TOA  and  the  user  measured  TOA  (divided 
by  2  and  corrected  for  a  known  fixed  transpondlng  delay)  Is  a  very  accurate  measure  of  the  time  offset 
of  the  user  with  respect  to  the  clock  time  of  the  donor.  If  the  donor  Is  the  net  time  reference  (NTR), 
the  measured  time  offset  Is  the  desired  time  bias  b  of  equation  3.  Thus,  to  optimize  RELNAV  system 
operation.  It  Is  Intended  to  permit  some  units  to  RTT  relatively  frequently  (I.e.,  whenever  their  filter 
time  variance  calls  for  It),  In  order  to  maintain  the  highest  time  quality,  so  that  they,  In  turn,  can 
be  used  as  "navigating  sources*  by  other  units,  which  may  have  to  be  radio-silent  for  tactical  reasons. 

RELNAV  ARCHITECTURE  AND  COORDINATE  SYSTEMS.  The  JTIDS  RELNAV  function  operates  in  two  coordinate 
systems,  I.e.,  In  the  conventional  geodetic  (latitude-longitude)  system,  and  In  an  arbitrarily 
established  "relative  grid"  system.  It  can  operate  either  simultaneously  In  both  systems  or  In  either 
system  alone.  The  RELNAV  "relative  grid"  Is  defined  on  the  basis  of  a  Cartesian  UVW  coordinate  frame, 
with  the  UV  plane  tangent  to  the  geold  at  the  true  grid  origin  and  the  V  coordinate  nominally  (though 
not  exactly)  being  In  the  direction  of  the  meridian  (True  North)  at  the  grid  origin  (see  Figure  5).  The 
manner  of  establishing  the  grid  origin  and  grid  north  direction  Is  discussed  later  In  this  section.  A 
hierarchy  of  terminal  categories  has  been  established  to  permit  operation  In  these  two  coordinate 
systems  In  an  optimum  manner.  In  either  coordinate  frame,  one  member  of  the  net  Is  designated  as  the 
NTR,  wherein  his  clock  establishes  system  time.  The  NTR  Is  assigned  the  highest  Time  Quality,  I.e.,  15 
from  a  possible  range  of  0  to  15.  Terminals  which  possess  Independent,  accurate  knowledge  (I.e.,  better 
than  50  ft  lo)  of  their  geodetic  position,  such  as  surveyed  ground  stations,  are  designated  as  Geodetic 
Position  References  (GPR)  and  are  assigned  the  highest  Geodetic  Position  Quality  ( Qpg)  I.e.,  15  from 
the  range  of  0  to  15.  In  relative  grid  operation,  the  grid  origin  and  grid  north  direction  are 
established  either  by  a  single  moving  terminal,  designated  as  the  Navigation  Controller  (NC)  or  by  two 
stationary  terminals  desk  ia'.-.d  as  NCs.  An  NC  Is  assigned  the  highest  Relative  Position  Quality 
(Opr).  I.e.,  15  from  a  rz-;e  of  0  to  15,  and  the  highest  Relative  Azimuth  Quality  (Qar).  i.e.,  7 
from  a  range  of  0  to  7.  ooeratlonally,  the  one  moving  NC  case  Is  probably  the  more  typical  one.  The 
NC  s  transmitted  relative  Position  coordinates  U  and  V  are  perfect  (error-free)  by  definition.  He 
defines  the  grid  origin  by  virtue  of  his  reported  U  and  V  coordinates,  his  actual  geodetic  position  and 
his  dead  reckoning  (e.g.,  inertial)  navigation  system's  estimated  north  direction.  The  grid  V-dlrectlon 
Is  Intended  to  be  generally  north-pointing.  Initially,  the  single  moving  NC  establishes  the  grid  origin 
either  where  he  believes  to  be  located  (local  grid  origin)  or  at  some  arbitrary  offset  point  (offset 
grid  origin).  Thereafter,  the  NC's  dead  reckoning  navigation  system's  velocity  errors  will  give  rise  to 
a  lateral  motion  of  the  grid  origin.  Similarly,  the  NC’s  dead  reckoner's  heading  error  will  give  rise 
to  a  grid  offset  angle  beta  (  8)  which  Is  non-zero.  Unless  the  NC  has  accurate  geodetic  observations 
available  to  him,  he  himself  will  not  know  the  true  value  of  8,  nor  will  other  terminals  which  are 
ranging  to  him  without  having  accurate  geodetic  Information.  However,  as  a  result  of  their  sequential 
ranging  to  the  NC  (and  to  other  terminals  In  the  relative  grid)  these  terminals  will  achieve  accurate 
relative  navigation  within  the  established  common  grid,  without  the  availability  of  geodetic  references 
(e.g.,  over  the  ocean).  However,  whenever  access  to  geodetic  position  references  Is  available  to  a 
terminal,  as  In  the  case  of  over-land  missions,  RELNAV  will  also  provide  high  accuracy  absolute  geodetic 
navigation.  The  two  stationary  NC  case  operates  somewhat  differently  from  the  single  moving  NC  case. 
Here,  each  NC  Is  still  assumed  to  report  perfect  (error-free)  U  and  v  coordinates.  These  four  elements 
of  data  establish  the  three  grid  parameters,  i.e.,  the  two  grid  origin  coordinates  and  the  grid  offset 
angle,  8,  in  order  to  achieve  Internal  consistency,  a  fourth  parameter  must  be  independently  known, 
namely,  the  true  range  between  the  two  NCs.  In  JFIOS,  this  can  be  achieved  by  means  of  TOA  measurements.. 
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Below  the  NTfi,  GPRs,  and  NCs,  there  are  several  classes  of  users  In  the  RELNAV  architecture  which 
differ  on  the  basis  of  reported  time  and  position  qualities  and  the  manner  of  time  synchronizations 
which  they  are  permitted  to  use.  They  are  called  Primary  User  (PU),  Secondary  User  Active  (SUA).  and 
Secondary  User  Passive  (SUP).  Only  the  NTR  has  a  Qt  of  15;  only  the  GPRs  have  a  Qpg  of  IS  and  only 
the  NCs  have  a  Qpr  of  15.  GPRs,  NCs  and  PUs  are  permitted  to  RTT  whenever  the  filter  time  variance 
Indicates  that  they  have  a  time  quality  one  half  level  below  the  best  available  source.  Thus,  the 
quality  of  these  units  Is  maintained  as  high  as  possible.  The  SUP  terminals  are  not  permitted  to  RTT  at 
all,  l.e.,  they  are  required  to  perform  navigation  and  synchronization  only  passively.  SUA  type 
terminals  are  Intended  to  perform  navigation  and  synchronization  primarily  using  passive  operation,  but 
are  permitted  to  RTT  Infrequently,  on  a  periodic  basis.  Regardless  of  the  class  of  the  general  user, 
the  reported  quality  levels  are  established  on  the  basis  of  the  respective  variances  calculated  by  the 
user's  REINAV  Kalman  filter.  The  varlance-to-quallty  level  conversion  algorithms  have  been  standardized. 
Certain  minimum  source  selection  constraints  have  also  been  established  which  are  designed  to  assure 
stability  of  operation  by  preventing  units  from  using  sources  for  position  and  time  updates,  which  have 
lower  position  and  time  qualities  than  they  do  themselves.  Without  such  constraints,  It  Is  poss1’'e  to 

have  divergence  of  time  and  position  errors  (Reference  A).  If  a  user  has  been  able  to  determine  his 

position  in  both  the  geodetic  and  relative  coordinate  systems,  he  Is  required  to  report  In  his 
PPLI-message  both  his  geodetic  and  relative  coordinates,  his  estimate  of  the  beta  angle,  as  well  as  his 

Qp„,  Qpc,  and  Oar'  As  a  result.  It  becomes  possible  for  another  unit  to  use  the  combined  geodetic 

ana  relative  position  data  In  that  terminal's  PPLI-message  to  Initially  acquire  the  grid  origin  or  to 
Improve  Its  knowledge  of  geodetic  and  relative  position  after  grid  acquisition. 

JTIOS  REINAV  ERROR  CHARACTERISTICS.  The  achievable  accuracy  performance  of  JTIOS  RELNAV  Is  a 
function  of  several  error  sources.  Table  I  lists  these  error  sources  and  shows  their  characteristics 
and  their  Impact  on  RELNAV  system  performances.  The  table  also  indicates  the  design  approaches  which 
have  been  used  In  JTIOS  terminals  and  RELNAV  Implementations,  In  an  effort  to  minimize  the  effects  of 
these  error  sources. 

The  TOA  measurement  accuracy  represents  an  ultimate  limitation  on  achievable  REINAV  system 
accuracy.  It  Is  a  function  of  the  signal  bandwidth,  the  available  signal -to-noise  ratio  and  the 
performance  of  the  TOA  measurement  circuit.  In  JTIOS  terminals,  a  high  performance  delay  lock  loop  Is 
used  for  this  function. 

The  short  term  stability  of  the  terminal's  clock  is  of  Importance  for  RELNAV  performance  and  Its 
Impact  Increases  as  received  PPLI-message  rates  are  decreased.  Table  1  shows  the  short  term  stability 
of  typical  clock  oscillators  used  In  JTIOS  terminals. 


TABLE  I. 

RELNAV  ERROR  SOURCES 

ERROR  SOURCE 

CHARACTERISTICS 

PERFORMANCE  IMPACT 

DESIGN  APPROACH 

TOA  Measurement 

Error 

Hardware  and  S/N 
dependent 

Ultimate  limitation  on 
accuracy 

High  performance  delay 
lock  loop 

Short  Term  Clock 
Stability 

Hardware  dependent 

Greatest  Impact  at 
PPLI-message  rates 

10-10  to  10"9  for 
short  average  times 

Position  and  Time 
Quality  of  Sources 

Scenario  and  Net 
Management  dependent 

Large  Impact  on  user 
accuracy 

Source  selection  logic 
based  on  qualities 

Geometric  Dilution 
of  Precision  (GOOP) 

Relative  geometry 
user  and  sources; 
scenario  dependent 

Large  Impact  on  user 
accuracy 

Source  selection  logic 
based  on  geometry 

Propogatlon  Effects 

Caused  by  atmospheric 
refraction 

Greatest  effect  for 
large  ranges  and 
atmosphere  variations 

Use  of  propagation 
correction  model 

Dead  Reckoning 

Sensor  Performance 

Sensor  Dependent;  INS 
most  accurate 

Greatest  effect  for 
high  dynamic  user  and 
low  received  PPLI- 
message  rates 

User  platform  dependent 

Computational 

Errors 

Processor  Dependent 

Limits  ultimate 
accuracy 

Processor  with  floating 
point  arithmetic 

PPLI -Message 

Rate 

Net  Management  and 
scenario  dependent 

Low  rate  makes  accuracy 
more  dependent  on 

Complete  dead  reckoner 
and  high  performance 

vehicle  dynamics; 
dead  reckoner  and 
clock  performance 
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The  position  accuracy  ach’avable  by  a  user  at  any  particular  time  Is  clearly  a  function  of  the 
position  and  time  qualities  o>  sources  which  are  in  Hne-of-sight  of  the  user  at  that  time.  Thus,  there 
is  an  Inherent  dependence  on  t..e  mission  scenarios  and  the  deployment  of  reference  terminals,  such  as  the 
Navigation  Controller  and  Geodetic  Position  References.  In  addition,  it  is  Important  to  select  for 
RELNAV  processing  the  best  available  sources,  from  a  position  and  time  quality  viewpoint.  Therefore,  the 
RELNAV  algorithms  includes  a  source  selection  logic  which  screens  the  sources  based  on  several 
categories,  i.e.,  geodetic  and  relative  position,  altitude,  time  and  grid  azimuth  and  as  a  function  of 
relative  qualties.  The  relative  geometry  between  the  user  and  the  sources  gives  rise  to  the  well-known 
geometric  dilution  of  precision  ( GOOP)  effect,  which  determines  the  achievable  position  accuracy. 
Conceptually,  it  can  be  regarded  as  a  multiplier  on  the  basic  ranging  error  between  the  user  and  the 
sources.  One  of  the  major  purposes  of  the  source  selection  function  is  to  select  the  sources  for 
processing  in  pairs,  so  as  to  minimize  this  GOOP  effect,  based  on  the  relative  geometry  and  also  on  the 
user's  own  error  ellipse. 

The  atmospheric  density  gives  rise  to  an  error  in  range  measurement  due  to  the  bending  and 
retardation  in  the  radio  path.  The  impact  on  range  error  Increases  directly  with  range  between  the 
source  and  user.  Atmospheric  variations  can  cause  significant  error  deviations  from  simple  atmospheric 
models.  RELNAV  algorithms  can  Include  a  model  for  the  atmospheric  radio  path  variation,  which  calculates 
calculates  an  atmospheric  delay  value  which  is  then  applied  to  the  measured  TOA,  In  order  to  eliminate  a 
major  portion  of  this  error. 

If  a  dead  reckoning  sensor  Is  interfaced  with  RELNAV,  Its  errors  and  their  correlation  times  will 
affect  the  resulting  position  error.  However,  the  Impact  of  the  dead  reckoner  errors  is  only  significant 
for  high-dynamic  operation  and  for  low  received  PPLI-message  rates.  Modern  Inertial  navigators  tend  to 
have  better  short  term  accuracy  than  Doppler  navigators  and  airspeed  dead  reckoners.  For  a  given  appli¬ 
cation,  the  choice  of  dead  reckoner  for  RELNAV  Interconnection  typically  depends  on  the  equipment  already 
existing  on  the  platform  which  is,  in  turn,  a  function  of  the  platform's  mission  and  dynamics. 

The  processing  precision  of  the  computer  used  for  RELNAV  processing  represents  an  ultimate  limit  on 
the  achievable  RELNAV  accuracy  performance,  given  "perfect"  sensor  performance,  I.e.,  TOl  measurement 
accuracy,  clock  stability,  etc.  In  current  processors  the  computational  error  can  be  expected  to  be  very 
small  compared  to  the  other  RELNAV  error  sources  mentioned. 


Finally,  the  higher  the  FP  -.sage  transmission  rates  of  the  members  of  a  RELNAV  community,  the 

higher  is  the  potential  RELNAV  'ey  performance  throughout  the  net.  For  a  particular  net,  the 
PPLI-message  reception  rate  fro  available  (and  usable)  sources  is  the  Important  parameter.  A  low 
received  PPLI-message  rate  make;  instantaneous  RELNAV  position  accuracy  more  dependent  on  vehicle 
dynamics,  dead  reckoner  performance  jnd  clock  stability.  The  latter  is  of  greater  significance  for  pure 
passive  (radio-silent)  operation,  since  the  RTT  technique  will  serve  to  Independently  provide  clock 
correction  data.  Also,  a  high  short-term  stability  of  the  terminal  clock  Inherently  reduces  the  effects 
of  low  received  PPLI-message  rates  on  the  user's  knowledge  of  time,  and  hence  also  on  his  ability  to 
determine  his  position  accurately. 


RELNAV  OPERATIONAL  BENEFITS.  The  architecture  described  In  the  previous  section  leads  to  a  number  of 
unique  operational  benefits  of  the  JT I  OS  RELNAV  function.  RELNAV  operates  simultaneously  in  both 
world-wide-geodetic  and  arbitrary-grid  coordinates.  While  some  units  may  not  have  access  to  accurate 
absolute  geodetic  information,  they  will  be  well-registered  with  each  other  in  the  arbitrary  grid 
(established  by  the  NC),  and  possess  high  relative  position  and  azimuth  accuracy  within  that  grid.  Thus, 
in  a  typical  military  application,  one  member  of  the  net  may  acquire  a  target  in  grid  coordinates, 
transmit  the  target  data  to  another  unit,  and  that  unit  should  be  able  to  attack  that  target  with 
accuracy.  The  high  relative  heading  and  position  accuracy  obtained  from  the  RELNAV  function  is 
equivalent  to  a  high  relative  pointing  accuracy  between  users,  which  Is  of  importance  for  a  number  of 
applications.  Pointing  Is  the  ability  to  physically  point  to  another  unit,  while  relative  heading  error 
Is  the  error  in  transferring  a  bearing  measurement  from  one  unit  to  another.  Some  military  targets  are 
more  typically  designated  in  geodetic  coordinates,  and  in  this  case,  the  geodetic  information  available 
from  RELNAV  would  be  used  for  transfer  of  target  data.  RELNAV,  of  course,  inherently  exhibits  the  same 
high  jam-resistant  properties  as  JTIOS  per  se.  Since  RELNAV  can  operate  without  any  fixed  ground 
stations  or  any  fixed-orbit  satellites,  it  is  not  dependent  on  any  vulnerable  nodes,  as  is  the  case  for 
other  similar  TOA  measurement  based  systems.  If  some  units,  perhaps  near  the  perimeter  of  the  net,  have 
access  to  accurate  ground-based  references,  RELNAV  operation  Inherently  propagates  their  Improved 
knowledge  of  geodetic  position  throughout  the  net.  .ell  beyond  line-of-slght  of  the  ground  sites  or  the 
units  In  the  vicinity  of  these  sites.  Simarly  -nowledge  of  grid  position  and  time  can  be  propagated 
beyond  the  horizon,  in  spite  of  the  high  radio  frequencies  used  In  JTIOS. 

In  an  inerttally-alded  RELNAV  configuration,  if  radio  data  is  temporarily  lost  for  any  reason  or  the 
user  leaves  the  net  permanently,  the  inertial  errors  will  have  been  accurately  estimated  (calibrated 
out),  resulting  In  a  much  lower  error  buildup  than  would  be  experienced  with  an  Inertial  navigation 
system  operating  by  Itself.  Similar  calibration  of  dead  reckoner  errors  can  be  obtained  when  RELNAV  Is 
Interfaced  with  such  dead  reckoning  systems  as  a  Doppler  radar,  airspeed  sensor,  EH  (Electromagnetic) 

Lug,  and  a  heading  reference.  This  is  dchieveu  by  modelling  Lire  significant  errurs  of  these  dead 
reckoners  In  the  RELNAV  filter,  estimating  them  by  using  the  TOA  measurements  as  a  reference  and  applying 
them  as  controls  (resets)  to  the  navigation  data  extrapolation  function.  For  example,  for  Doppler 
radars,  the  Doppler  scale  factor  error  would  be  modeled,  while  for  airspeed  and  EM  log  sensors  the 
respective  scale  factor  errors  would  be  modeled,  along  with  the  heading  error. 
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It  Is  Interesting  to  note  that  the  characteristics  of  JTIOS  RELNAV  and  the  NAVSTAR  Global  Positioning 
System  (GPS)  complement  each  other  In  a  number  of  ways  (Reference  6).  Both  are  synchronous,  spread 
spectrum  systems,  using  the  passive  pseudo-ranging  technique  for  position  determination.  GPS  Is  a  global 
system,  while  JTIOS  RELNAV  Is  a  tactical  system  which  provides  a  local  common  grid  capability.  Since 
both  systems  are  time  referenced  systems,  It  should  not  be  difficult  to  use  a  common  time  base,  e  g.,-  by 
synchronizing  JTIOS  time  masters  (NTRs)  and  other  JTIOS  units  to  GPS  system  time  via  a  time  strobe  and 
data  transfer.  Whenever  GPS  position  data  Is  available  In  one  or  more  units  of  a  JTIOS  net,  these  units 
can  act  as  Geodetic  Position  References  for  RELNAV,  as  well  as  providing  an  excellent  time  reference.  As 
long  as  both  systems  are  operational  on  a  particular  vehicle,  the  position  and  velocity  data  could  be  fed 
from  GPS  to  RELNAV.  Inertial  aiding  could  be  applied  to  both  systems,  as  required.  If  GPS  data  were 
temporarily  lost  (due  to  jamming,  loss  of  satellites  or  other  reasons),  JTIOS  RELNA"  could  provide 
continuous  accurate  navigation  data  and  time.  It  may  also  be  useful  to  relay  GPS  satellite  ephemerls 
data  over  the  JTIOS  data  link.  RELNAV  time  and  position  data  would  shorten  GPS  re-acquisition  time 
(tlme-to-flrst-flx)  when  GPS  satellite  data  again  becomes  available.  Similarity,,  a  priori  knowledge  of 
common  GPS/JTIOS  time  could  shorten  JTIOS  net  entry  and  Initial  synchronization,  In  some  platform 
Implementations,  It  may  be  desirable  to  perform  the  RELNAV-lnertlal  mixing  or  the  RELNAV-GPS-lnertlal 
mixing  In  a  central  computer.  In  that  case,  a  RELNAV  algorithm  can  be  envisioned  which  provides  TOA-only 
derived  position  and  velocity  data  to  a  filter  In  the  central  computer  which  then  uses  these  data  to 
obtain  ootimum  estimates  of  position  and  velocity  and  Inertial  errors.  A  fully  Integrated  REl:!AV-GPS- 
Inertlal  filter  mechanization  has  been  Investigated  (Reference  5).  A  combined  JTIOS-RELNAV-GPS-Inertlal 
mechanization  could  provide  optimum  operation  as  regards  accuracy,  coverage  and  jam  resistance  for  both 
global  and  tactical  applications.  However,  a  pure  RELNAV-lnertlal  mechanization  alone,  as  described  In 
what  follows,  can  provide  high  accuracy  position,  velocity  and  time  within  a  JT1DS  net  In,  both,  relative 
grid  and  geodetic  coordinates,  provided  at  least  two  units  having  good  knowledge  of  their  geodetic 
position  are  available. 

RELNAV-INERTIAL  CONFIGURATION.  A  particular  RELNAV-Inerttal  mechanization  was  designed  at  Hughes 
Aircraft  Company  for  Incorporation  Into  the  operational  computer  program  (OCP)  of  the  Class  1  HIT  JTIOS 
Terminal  on  a  development  program  supported  by  the  U.S.  Air  Foice  and  is  described  below.  RELNAV- 
lnertlal  mechanizations  ha\'  also  been  designed  for  other  JTIOS  terminals  (e.g.,  the  Class  2  Terminal) 
and  use  somewhat  different  rechanizatlons  for  RELNAV-lnertlal  mixing,  state  vector  composition  and  source 
selection.  The  fundamental  principles  are  the  same,  however.  The  mechanization  described  herein  was 
designed  and  tested  for  Interconnection  with  a  particular  Inertial  Navigation  Set  (INS);  namely  the 
AN/ASN-109,  and  a  particular  Air  Data  Computer  (ADC) ,  namely  the  AN/ASK-6.  The  latter  Is  required  to 
provide  barometric  altitude  data.  In  the  selected  Interface  approach,  north,  east  and  vertical  velocity 
components  are  received  from  the  INS  and  fed  to  the  Inertial  Navigation  Processing  Function.  Barometric 
altitude  Is  fed  from  the  ABC  to  the  INS  for  use  In  Its  baro-lnertlal  loop.  The  functional  software  flow 
of  the  RELNAV-lnertlal  configuration  Is  shown  In  Figure  6.  JTIOS  PPLI-messages  are  received  from  the 
terminal's  Message  and  Signal  Processing  software  function  and  screened  for  acceptability  In  the  Source 
Selection  function.  Source  data  and  associated  TOAs  from  selected  PPLI-messages  are  then  fed  to  the 
RELNAV  filter  for  background  processing.  The  Filter  receives  extrapolated  position  data  (NAV  STATES), 
which  are  valid  at  the  times  of  Interest,  from  the  Inertial  Navigation  Processing  Function  and,,  In  turn,, 
provides  the  filtered  updates  (CONTROL  STATES)  to  the  Inertial  Navigation  Processing  Function.  The 
outputs  Include  position  (geodetic  and  relative),  ground  speed,  altitude,  course,  beta  angle  and  the 
various  quality  levels  (position,  time  and  relative  azimuth).  These  data  are  computed  and  formatted  for 
the  outgoing  PPLI-message,  whenever  the  terminal  transmission  assignments  calls  for  a  PPLI-message 
transmission.  Since  the  Inertial  Navigation  Processing  Function  typically  computes  the  navigation  data 
several  times  per  second,  these  data  are  suitable  for  use  by  an  aircraft  avloncs  system  for  vehicle 
navigation  and  flight  control. 

STATE  VECTOR  SELECTION.  The  fundamental  relationship  of  the  RELLAV  dual  grid  navigation  problem  is 
R  =  G  -  0  (A) 

where 

R  »  Relative  position  vector 
G  =  Geodetic  position  vector 
o  *  Origin  position  vector 

All  three  vectors  In  Equation  (A)  must  be  expressed  In  a  common  frame.  Because  both  the  origin  and  the 
geodetic  position  vector  are  maintained  In  geodetic  coordinates  It  was  considered  algorithmically  simpler 
to  estimate  errors  In  these  states  rather  than  errors  In  the  relative  position  state.  This  selection 
appeared  to  simplify  computations  for  all  net  members  except  the  NC.  Because  the  NC  does  not  perform 
relative  navigation,  the  'ncreased  computational  burden  could  be  more  easily  absorbed  by  the  NC.  Given 
this  fundamental  choice  {.quatlon  A),  following  are  the  error  states  cf  the  Kalman  filter  selected  for 
the  Hughes  Aircraft  Company  Class  1  HIT  JTIOS  Terminal  RELNAV  mechanization: 

AEg  *  Geodetic  Position  States  (3  dimensions) 

AVg  =  Geodetic  Velocity  States  (2  dimensions) 

M  *  Platform  Pointing  States  (3  dimensions) 

Aj  «  Gyro  Bias  States  (3  dimensions) 

APo  *  Origin  Position  States  (3  dimensions) 

AV0  -  Origin  Velocity  States  (2  dimensions) 

AH  =  Relative  Grid  Azimuth  (scalar) 

A£  =  Clock  States  (offset  and  frequency) 
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These  18  states  are  based  on  the  geometry  of  the  problem.  There  may  be  sufficient  community  Information 
to  preclude  the  Inclusion  of  the  gyro  states  In  the  state  vector  during  normal  operation.  However,  their 
Inclusion  leads  to  a  better  autonomous  navigation  capability  when  a  user  temporarily  has  no  access  to 
JTIOS  messages  or  leaves  the  net  permanently. 

SOURCE  SELECTION.  The  source  selection  algorithm  Is  Intended  tu  screen  Incoming  navigation  messages 
and  select  the  best  available  set  of  data  for  Inclusion  In  the  filter  state  update.  The  particular 
source  selection  algorithm  developed  for  the  Hughes  Aircraft  Company  Class  1  HIT  JTIOS  Terminal  RELNAV 
function  Is  described  In  what  follows.  Somewhat  different  source  selection  algorithms  have  beer,  designed 
for  other  JTIOS  terminals,  e.g.,  the  Class  2  Terminal.  There  are  several  different  types  of  source 
selection  categories  for  which  a  message  may  be  selected.  These  Include  geodetic  level  position  (2 
dimensions),  grid  level  position  (2  dimensions),  verttcal  (1  dimension),  time  (1  dimension)  and  grid 
azimuth  (1  dimension).  Incoming  messages  are  screened  against  these  categories.  There  are  fou. 
fundamental  filter  update  types  that  can  be  constructed  from  Incoming  PPLI-messages  as  follows. 

Grid  Pseudo-range  -  A  predicted  TOA  computed  from  the  source  grid  position  and  the  internal  estimate  of 
own  grid  position  and  time. 

Geodetic  Pseudo-range  -  A  predicted  TOA  computed  from  the  source  geodetic  position  and  the  Internal 
estimate  of  own  geodetic  position  and  time. 

Grid/Geodetic  Offset  -  A  predicted  distance  error  computed  from  the  source  geodetic  position  transformed 
through  the  Internal  estimate  of  own-ship  grid/geodetic  transformation  and  the  source  grid  position.  The 
predicted  distance  error  Is  then  projected  along  and  across  the  llne-of -sight  between  own-ship  and 
source.  This  yields  two  components  of  distance  error.  The  pseudo-range  measurement  TOAs  are  range 
errors  which  depend  on  message  TOA.  The  calculated  offset  errors  are  Independent  of  TOA.  The  filter 
update  types  can  then  be  used  for  the  various  source  selection  categories.  (See  Table  II.)  In  addition, 
a  RTT  event  can  be  used  to  update  the  time  parameters.  A  source  Is  accepted  If  Its  use  will  Improve  a 
source  selection  category. 


TA8LE  II.  FILTER  UPDATE  TYPES  AND  SOURCE  SELECTION 


FILTER  UPDATE  TYPES 


Grid  Geodetic 

Pseudo  Range  Pseudo  Range 

SOURCE  SELECTION  CATEGORIES 

Grid  Level  Position  X 

Geodetic  Level  Position  X 

Vertical  Position  X  X 

Time  X  X 

Grid  Azimuth 


Offset  Offset 

Along  LOS  Across  LOS 


X 


X 


X 


Because  of  geometric  reasons  the  level  position  criteria  are  treated  as  paired  events.  The  selection 
algorithm  Is  Initialized  as  If  there  were  two  acceptable  sources  (pseudo-sources)  along  the  major  and 
minor  axis  of  the  system-estimated  error  ellpse.  Each  new  source  Is  tested  to  determine  If  the  error 
ellipse  will  be  Improved  by  Its  Inclusion.  If  It  is,  the  source  replaces  one  pseudo-source  and  all 
subsequent  messages  are  tested  against  the  new  error  ellipse.  The  pseudo-sources  are  never  used  by  the 
filter. 
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SIMULATION  RESULTS.  Simulation  results  are  shown  In  Figures  7  through  i2  of  the  particular 
RELNAV-Inertlal  mechanization  developed  at  Hughes  Aircraft  Company  for  the  Class  1  JT 1  OS  HIT  Terminal  on 
a  development  program  supported  by  the  U.S.  Air  Force.  Figure  7  depicts  a  case  of  geodetic  navigation  of 
a  Primary  user  In  the  absence  of  a  relative  grid.  The  user  Is  traveling  east  and  Is  In  view  of  two 
Geodetic  Position  References  (GPRs),  located  in  good  geometry  with  respect  to  the  user.  All  types  of 
error  sources  are  Included  in  the  user's  system.  The  Initial  uset  position  errors  are  2350  feet  In  the 
east  direction  and  914  feet  In  the  north  direction.  The  sources  transmit  PPLI -messages  at  a  12-second 
rate.  It  Is  seen  from  Figure  7  that  the  user's  north  and  east  position  errors  converge  to  less  than  100 
feet  In  less  than  2  minutes.  Figure  8  depicts  a  case  of  relative  grid  navigation  In  the  absence  of 
geodetic  sources,  except  during  the  grid  acquisition  period,  when  access  to  both  geodetic  and  relative 
sources  Is  a  basic  requirement.  For  purposes  of  grid  acquisition,  during  the  first  minute  of  the 
mission,  both  of  the  sources  are  assumed  to  have  good  knowledge  of  their  geodetic  and  relative  position 
and  report  these  In  their  PPLI-messages .  As  soon  as  the  user  had  acquired  the  grid  (In  less  than  one 
minute),  the  simulation  artificially  cut  off  the  geodetic  data  from  the  PPLI-messages  of  the  souices. 

The  results  In  Figure  8  show  that  the  user  maintains  good  relative  grid  accuracy,  l.e.,  his  U-  and 
V-errors  are  less  than  100  feet,  while  his  geodetic  errors  (only  the  north  error  Is  shown)  continue  to 
Increase  as  a  result  of  the  normal  position  error  buildup  of  his  Inertial  system.  During  this  period, 
the  user's  errors  In  geodetic  position  and  grid  origin  position  are  highly  correlated,  keeping  his 
relative  grid  errors  small,,  as  intended  for  grid  RELNAV  operation. 

Figures  9  through  12  show  some  simulation  results  for  scenarios  where  the  user  transitions  from  pure 
geodetic  to  dual  grid  operation  and  from  pure  relative  to  dual  grid  operation,  as  well  as  dual  grid  and 
pure  relative  scenarios.  For  example,  from  Figure  9  It  Is  seen  that  the  geodetic  errors  converge  to  very 
small  values  after  approximately  2.5  minutes  of  operation.  Similarly,  the  relative  errors  converge 
shortly  after  the  Navigation  Controller  has  entered  the  net.  In  Figure  10,  the  reverse  was  tested, 
starting  out  and  converging  In  pure  grid  operation,  with  all  terminals  moving,  and  with  a  Geodetic 
Position  Reference  (GPR)  entering  the  net  after  6.3  minutes.  Again,  stable  performance  Is  exhibited 
throughout  the  simulated  mission  showing  high  position  accuracies  (near  100  feet).  These  simulation 
scenarios  actually  were  not  particularly  optimum  for  geodetic  navigation,  since  only  one  GPR  was  present 
In  the  net;  however,  the  motion  of  the  users  served  to  bring  down  the  errors.  Figures  11  and  12  show 
scenarios  for  pure  relative  grid  operation  and  dual  grid  operation,  using  different  user-to-source 
geometries.  These  results  were  obtained  from  non-real  time  simulation.  The  system  was  also  tested  with 
real  time  software  and  an  actual  Class  1  JTIOS  HIT  Terminal  and  inertial  equipment  hardware,,  showing  good 
performance  results. 


CONCLUSIONS 

JTIOS-RELNAV  not  only  accurately  determines  each  unit's  position  and  velocity  In  an  onboard  process,, 
but  also  transmits  these  data  on  a  secure  link  to  other  members  of  the  community  of  users.  As  a  result,; 
JTIOS  RELNAV  should  find  application  not  only  for  navigation,  target  data  transfer  for  weapon  delivery, 
Identification  and  command  and  control,  but  also  for  such  related  uses  as  air-derived  and  ground-derived 
collision  avoidance,  air  traffic  control,  rendezvous,  station  keeping  and  missile  guidance. 
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Tipift  1  J  I  IDS  Message  Timing 


TERMINAL  NO  1  TERMINAL  NO  3 


•  SEQUENTIAL  PASSIVE  TIME  OF  ARRIVAL  (TOA)  MEASUREMENTS  (PSEUOO  RANGES) 

FROM  3  OR  MORE  SOURCES  BY  THE  USER  TERMINAL  LEAD  TO  A  DETERMINATION  OF 
OWN  POSITION  AND  TIME 

•  PSEUOO  RANGES  ARE  MEASURED  WITH  RESPECT  TO  OWN  CLOCK  TIME 

•  ROUND  TRIP  TIMING  IRTTJ  IS  USCO  BY  SOMC  UNITS  TO  MAINTAIN  THE  HIGHEST 
TIME  QUALITY 

•  THE  RELNAV  FILTER  COMBINES  THE  TOA  DATA  WITH  DEAD  RECKONING  <E  G  INERTIAL) 
DATA  FOR  EXTRAPOLATION.  PREDICTION  AND  CALIBRATION  OF  THE  OEAO  RECKONER 
ERRORS 


Figure  2.  Basic  JTIDS  RELNAV  Principles 
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Figure  3.  JTIOS  RELNAV  Operation 
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Figure  10  Changing  Pure  ftelat  We-to-Duat  Grid  Scenario  Simulation  *eswl*s 
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Figure  u  Pure  Relative  Grid  Operation  Simulation  Result! 
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ABSTRACT 

The  Position  Location  Reporting  System  (PLRS)  provides  position  location,  tracking,  and  reporting 
for  communities  of  hundreds  of  cooperating  usets  in  a  tactical  environment.  PLRS  uses  time-of-arrival 
(TOA)  measurements  aided  by  barometric  pressure  measurements  to  establish  position  tracking  of 
these  large  communities  of  user  terminals.  The  system  uses  the  positions  of  a  few  user  terminals  as 
grid  references  so  that  all  positions  are  available  both  to  the  cooperating  users  and  to  command 
centers.  All  control,  measurement  reporting,  and  data  exchange  are  cryptographically  secured  in  a 
synchronous  auti-jam  communications  network. 

INTRODUCTION 

PLRS  will  piovide  the  Army  and  Manne  Corps  with  a  unique  range  of  capabilities  which  will,  in 
many  respects,  alter  the  conduct  of  battlefield  operations.  For  the  individual  tactical  user,  either  on 
foot,  in  a  surface  vehicle,  or  airborne,  the  system  determines  and  displays  to  him  his  accurate  position 
location  n  real-time.  It  alerts  him  if  he  enters  a  restricted  area.  It  also  provides  him  with  guidance  to 
predesignated  points,  to  other  units,  or  along  corridors  in  accordance  with  his  requests,  as  well  as 
providing  a  limited  free  text  data  exchange  capability. 

For  the  tactical  commander,  PLRS  provides  the  identification,  location,  and  movement  of  all 
cooperating  users  within  an  assigned  area  of  responsibility.  In  addition  to  allowing  the  commander  to 
monitor  the  movement  of  his  forces,  PLRS  provides  him  with  the  ability  to  input  and  modify 
coordination  points,  corridors,  and  restricted  zones. 

For  all  participants,  the  system  (which  operates  beyond  line-of-sight  via  integral  relays) 
incorporates  effective  electronic  counter-counter  measures  (ECCM)  and  provides  cryptographically 
secure  digital  data  communications.  Each  user  has  the  capability  of  sending  preassigned  2-character 
messages  to  provide  data  to  or  request  information  from  the  system,  as  well  as  12  character  free  text 
message  exchanges. 

PLRS  operates  both  ashore  and  afloat  under  all  conditions  of  visibility,  weather,  and  terrain.  Its 
configuration  ensures  continuity  of  operation  during  the  transitions  of  tactical  headquarters  (e.g.,. 
command  post  displacements,  ship-to-shore  movement,  and  passage  of  lines)  and  allows  for 
survivability  even  if  a  major  system  element  becomes  inoperative. 

The  single  community  can  support  an  Army  Division  or  Marine  Amphibious  Brigade  with  a 
variable  distribution  of  manpack,  surface  vehicle,  and  airborne  users.  Full  system  performance  is 
provided  within  a  47-km  by  47-km  primary  operating  area,  and  airborne  users  can  be  located  and 
tracked  (with  slightly  reduced  accuracy)  within  a  300-km  by  300-km  extended  operating  area.  It  can 
inter-operate  with  at  least  four  other  PLRS  communities  in  adjacent  geographical  areas. 

PLRS  incorporates  provisions  for:  quickly  accommodating  transient  users  entering  the  system's 
tactical  area  of  responsibility;  allowing  two  or  more  PLRS  communities  to  maintain  positioning  and 
identification  information  for  a  single  user  or  group  of  users;  and  providing  automatic  or  manual 
transfer  of  a  user  from  one  PLRS  community  to  another. 

MAJOR  ELEMENTS  OF  PLRS 

PLRS  employs  two  categories  of  hardware,  Master  Stations  (MS)  and  user  units  (UU)  to  provide 
the  capabilities  described  above.  The  two  forms  of  hardware  operate  in  a  synchronous  time  division 
multiple  access  (TDMA)  network  structure.  Figure  1  illustrates  the  mix  of  equipment  that  makes  up  a 
PLRS  network. 


‘This  work  was  supported  by  the  U.S,  Army  and  U.S.  Marine  Corps  under  contract  DAAB-07-76-C- 
1750  administered  by  the  U.S.  Army  Communications,  R  &  D  Command,  Ft.  Monmouth,  N.J. 
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Figure  1.  Major  Elements  of  the  Position  Lo:ation  Reporting  System  (PLRS). 

The  PLRS  Master  Station  provides  centralized  reporting  of  position  location  data 


The  PLRS  MS  performs  or  provides  the  following  functions:  Centralized  network  management; 
automatic  processing  of  position,  navigation,  and  identification  information  for  each  participating  user, 
Exchange  of  limited  digital  data  communications;  real-time  display  of  users  within  the  system's 
operational  area  of  coverage;  And  PLRS-derived  information  to  supported  command  and  control 
centers.  UUs,  which  are  individually  identifiable  to  the  MS,  perform  reception,  transmission  (including 
relay),  lange  measurement,  and  various  signal  and  message  processing  functions  necessary  for 
position  location  and  communication  operations  within  the  system. 

A  PLRS  community  is  deployed  with  two  identically  equipped  MSs,  one  cf  which  is  designated 
the  alternate  Master  Station  (AMS).  The  AMS  monitors  the  MS's  operation,  participates  in  the  network 
position  location  and  communications  functions,  and  assumes  system  control  either  when  directed  by 
the  MS  operator  or  automatically  upon  MS  failure. 

The  PLRS  user  equipment  is  built  around  one  key  unit,  the  basic  user  unit  (BUU),  supplemented 
by  unique  installation  kits  to  adapt  the  basic  configuration  to  each  installation  type.  The  BUU  contains 
the  principal  transmit,  receive,  signal  processing,  and  message  processing  elements.  The  BUU  is  used 
in  all  the  various  UUs.  Added  to  this  unit  are  other  installation  kit  equipment  items  to  produce  the 
different  UU  types. 


The  identification  and  position  determination  of  UUs  by  PLRS  is  fully  automatic;  that  is,  when  the 
UU  operator  turns  on  his  equipment,  it  automatically  becomes  and  remains  a  member  of  the  PLRS 
network.  However,  to  permit  the  UU  operator  to  provide  data  and  requests  to  the  MS  and  to  receive 
and  display  information  from  the  MS,  a  separate  user  input/output  (I/O)  device  is  required  and  is 
usually  employed  with  each  UU.  For  the  manpack  unit  (MPU)  and  surface  vehicular  unit  (SVU),  this 
I/O  device  is  a  small  hand  held  unit  called  the  user  readout  module  (URO).  For  the  Jrborne  unit  (AU), 
a  pilot  control  and  display  panel  (PCDP),  is  provided.  The  URO  and  PCDP  are,  with  a  few  exceptions, 
functionally  and  electrically  identical. 

NET  WORK  STRUCTURE 


Tactical  deployments  require  operations  beyond  line-of-sighi  (LOS)  from  the  Master  Station.  The 
approach  taken  in  PLRS  to  satisfy  this  non-LOS  requirement  is  to  use  relays.  In  some  deployments 
two  and  sometimes  three  relay  levels  are  needed  to  establish  a  path  between  a  remote  UU  and  a  MS, 
which  reports  positions  to  the  command  and  control  center.  Deployment  of  sufficient  dedicated  relays 
to  provide  acceptable  coverage  in  a  mobile  environment  would  be  expensive.  Therefore  an  integral 
relay  capability  is  built  into  every  UU,  Any  UU  can  be  utilized  to  maintain  contact  with  any  other  UU. 
This  reduces  the  need  for  dedicated  relays  and  improves  speed  of  adaption  to  changing  deployments. 
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PORT  Links  -•  To  maintain  communications  and  provide  organized  reporting  of  data  for  position 
location  calculation,  Hughes  developed  a  concept  of  organization  which  is  called  a  PORT  structure.  This 
is  a  communications  structure  (see  Figure  2)  consisting  of  a  set  of  PORT  links  which  connect  tills 
(nodes)  to  the  MS  either  directly  or  via  one  t  .•  three  relay  nodes.  Directly  connected  units  are  termed 
"A"  level  nodes;  units  connected  via  one  relay  are  called  "B"  level  nodes,  etc.  Thus  a  "D“  level  unit 
corresponds  to  a  node  for  which  the  path  contains  four  PORT  links  and  three  relay  nodes  (one  A,  one  B, 
one  C).  The  "D"  level  is  the  highest  level  required  by  the  operational  PLRS.  Paits  of  TOA 
measurements  are  made  on  every  PORT  link  and  reported  back  to  the  MS.  Thus,  in  addition  to  range, 
a  UU's  clock  can  be  tracked  using  paired  TOAs.  "A"  level  clocks  are  regularly  checked  against  the 
master,  ”B"  level  clocks  against  the  ”A”s,  etc. 

TOA  Links  --  In  addition  to  the  bilateral  PORT  link,  one-way  TOA  links  are  utilized  to  provide  the 
additional  multilateration  structure  needed  for  position  location  and  tracking.  Since  the  timing  of  UU 
clocks  is  established  using  paired  TOA  data  along  the  PORT  paths,  then  one-way  TOAs  can  be 
converted  to  range  estimates.  In  a  typical  PLRS  deployment  over  half  of  the  range  measurements  are 
based  on  one-way  TOAs. 


Figure  2.  Simplified  PLRS  Network  Structure.  N;twork  control 
and  measurement  reporting  is  transferred  over  the  PORT  path. 

Reference  Nodes  -  In  order  to  initialize  the  position  location  function  and  to  maintain  a  relationship 
between  the  internal  coordinates  and  the  external  military  grid  refeience  (MGR)  coordinates,  tne  MGR 
positions  of  three  or  more  cooperating  units  are  input  to  PLRS.  These  are  normally  irput  as  three 
dimensional  fixed  reference  positions  and  the  units  become  full  reference  nodes.  The  Master  Station 
may  be  one  of  the  reference  units,  Unit  positions  may  be  entered  as  fixed  altitude  or  fixed  horizontal 
reference  units,  which  allows  flexibility  in  special  cases.  In  addition  the  system  can  operate  without 
any  fixed  reference  units  as  long  as  the  positions  of  three  or  more  units  are  regularly  input  to  the 
position  tracking  function.  In  this  latter  case  the  positions  may  be  input  and  updated  by  units  which 
are  moving.  This  is  termed  a  dynamic  baseline  operation. 

POSITION  LOCATION  AND  TRACKING 

The  initial  location  of  position  within  PLRS  is  based  on  the  use  of  three  ranges  and  an  altitude  to 
unambiguously  locate  a  new  unit  in  three  dimensions  (see  Figure  3).  The  altitude,  based  on  a 
barometric  measurement,  establishes  the  unit  on  a  horizontal  surface;  two  ranges,  based  on  TOA 
measurements,  are  then  used  to  establish  a  pair  of  points  on  that  surface;  and  the  third  range  is  used 
to  resolve  the  ambiguity.  Velocity  is  then  established  and  confirmed  using  a  sliding  three  point 
method  for  filter  initialization.  All  of  the  position  locations  within  PLRS  are  established  and  tracked  at 
the  MS  based  on  measurements  taken  by  the  UUs.  This  data  is  provided  to  the  MS  via  user 
measurement  reports  Each  user  measurement  report  message  may  contain  up  to  three  TOA 
measurements  and  a  barometric  measurement. 

Choice  of  sn  algorithm  for  position  location  update  is  strongly  influenced  both  by  the  user  unit 
dynamics  and  by  the  multi-level  relay  requirements.  The  majority  of  user  units  are  not  LOS  to  the 

Master  Station  and  in  a  large  network  it  is  unlikely  that  most  units  have  LOS  to  any  known  reference 

units.  Thus  a  typical  unit  must  be  located  by  using  measurements  from  other  units  which  are  being 
l  tracked.  Since  all  position  measurements  cannot  be  made  simultaneously,  it  is  necessary  to 

if  extrapolate  the  position  of  one  (or  both)  units  cooperating  in  a  range  measurement.  In  the  PLRS 

t  approach,  a  portion  of  a  position  correction  usually  is  ascribed  to  each  unit  involved.  The  amount  of 

>  correction  applied  is  a  function  of  the  track  uncertainty  of  each  unit  along  the  line-of-path  between 

5  the  two  units. 
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Figure  3.  Position  Location  in  PLRS.  A  combination  of  TOA  and  barometric 
measurements  are  used  by  the  Master  Station  (MS)  to  locate  and  track  user 
units  (UUs) 

Because  of  the  availability  of  multiple  links  and  their  usefulness  in  tracking  other  units,  a  single 
unit  may  have  up  to  ten  or  more  TOA  measurements  taken  at  various  times,  utilized  in  a  single 
position  report  period.  To  maintain  a  simple  algorithm  which  adapts  to  the  variable  data  base  and 
minimizes  computer  memory  requirements  Hughes  chose  to  process  each  TOA  as  it  is  received  at  the 
MS.  This  provides  a  sequence  of  partial  updates  and  makes  the  tracking  algorithm  relatively 
independent  of  which  unit  is  the  primary  beneficiary  of  a  given  TOA. 

TRACKING  FILTER  OVERVIEW 

There  are  four,  adaptive,  predictor-corrector  filters  used  in  PLRS.  All  of  these  filters  are 
simplified  versions  of  the  discrete  Kalman  filter.  They  are  implemented  in  the  software  of  the  MS's 
TOA  processor,  an  AN/UYK-7  computer.  Together  the  filters  take  the  raw  measurement  data  from 
each  UU's  measurement  report  message  of  TOA  (lime-of-arrival)  and  barometric  pressure  transducer 
values,  and  convert  them  to  updated  estimates  of  the  user's  three-dimensional  position  and  velocity. 
Figure  4  depicts  the  interconnectivity  of  the  four  filters.  All  filters  take  one  piece  of  input  data  at  a 
time. 


The  mean  sea  level  (MSL)  filter’s  purpose  is  o  furnish  an  offset  calibration  for  all  the  non¬ 
reference  UU  barometric  pressure  transducers  by  using  reference  UU  barometric  pressure  transducers 
data  as  input  (reference  UU  are  at  known,  fined  altitudes). 

The  output  of  the  MSL  filter  is  used  as  a  constant  by  the  altitude  filter.  The  purpose  of  the 
altitude  filter  is  to  obtain  vertical  position  and  vertical  velocity  estimates  based  on  barometric 
pressure  transducer  input  when  there  is  little  vertical  information  in  the  TOA  data.  The  altitude  filter 
output  is  also  required  to  aid  position  locating  and  checking  of  entries  (PLACE)  ir.  initialization  of  the 
track  review  and  correction  estimation  (TRACE)  filter..  PLACE  is  an  algorithm,  rather  than  a  filter, 
which  provides  initial  track  acquisition,  ambiguity  resolution  whenever  possible,  and  initial  position 
and  initial  velocity  estimation  for  TRACE. 

The  central  logic  oscillator  control  (CLOC)  filter  is  used  to  obtain  estimates  of  each  UU's  clock 
offset  and  drift  rate  with  respect  to  the  MS’s  clock  (or  oscillator).  With  this  knowledge,  precise  one¬ 
way  TOA  ranging  is  possible  without  using  prohibitively  large  and  expensive  highly  stable  oscillators 
at  each  UU..  CLOC  provides,  as  required,  commanded  corrections  to  each  UU's  clock  offset  and/or 
frequency  to  keep  all  UUs  nominally  synchronized  with  the  MS,  and  thereby  with  one  another,. 
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Figure  4.  Tracking  Filters  Interconnectivity  and  Data  Sources. 

One  piece  of  input  data  is  taken  at  a  time, 

Finally,  the  purpose  of  the  TRACE  filter  is  to  take  each  one-way  TOA  and  partially  update  the 
two  cooperating  UU's  position  and  velocity  estimates  in  three-dimensional  space.  Without  the 
supporting  processing  from  the  other  three  filters,  TRACE  would  not  be  able  to  do  its  job  so 
successfully.  Link  value  accounting  is  one  of  the  unique  fallouts  from  the  TRACE  processing.  If  a 
particular  TOA  link  assignment  is  not  aiding  the  position  location  accuracy  (due  to  geometry  or  excess 
TOAs  in  a  particular  direction)  of  either  UU  then  that  TOA  link  assignment  is  replaced  by  one  that  may 
be  more  beneficial  to  overall  system  accuracy.. 

These  filters  provide  the  partially  updated  positions  necessary  to  permit  the  MS  to  report  a  fully 
updated  position  (if  desired)  about  1/2  second  (2  frames)  after  MS  receipt  of  each  user's  measurement 
report. 

WAVEFORM  ARCHITECTURE 

PLRS  is  a  fully  synchronous  time-division  multiple-access  system  that  employs  a  spread- 
spectrum  waveform  to  perform  multilateral  position  location  and  tracking.  There  are  other  radio 
systems  that  provide  position  location.  There  are  others  that  send  and  receive  digital  messages.  And 
there  are  still  others  that  provide  a  large  degree  of  rejection  to  jamming.  The  PLRS  differs  from 
nearly  all  of  these  in  two  fundamental  aspects. 

One  significant  departure  is  that  PLRS  employs  spread  spectrum,  with  many  units  in  a  network 
time-sharing  a  single  channel.  Since  two  units  seldom  carry  out  their  respective  function  on  the  same 
frequency  in  the  same  instant  of  time,  any  latent  problems  associated  with  high  power  stations  "taking 
over"  the  link  are  avoided.  This  may  be  contrasted  with  more  conventional  direct  sequence  systems 
that  transmit  continuous  signals  and  rely  only  on  code  division  multiplexing  to  provide  compatible 
transmit/receive  operations. 

Employment  of  this  synchronous  time  division  spread  spectrum  technique  is  greatly  facilitated 
by  use  of  a  digital  matched  filter.  The  matched  filter  is  based  on  an  integrated  circuit  that  allows  a 
large  segment  of  a  receiyed  signal  to  be  examined  for  synchronization  simultaneously.  Since  the 
receiver  can  examine  a  large  number  of  code  bits  (chips)  at  once,  rather  than  having  to  try  them  one 
at  a  time  as  in  a  conventional  spread  spectrum  receiver,  the  amount  of  synchronization  time  required 
is  greatly  reduced  and  one  of  the  prime  objections  that  has  prevented  widespread  use  of  spread 
spectrum  systems  in  the  past  is  avoided. 
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Another  major  departure  from  prior  systems  is  that  PLRS  employs  a  network  which  is  fully 
synchronous  in  three  respects,  as  follows:  all  units  maintain  timing  such  that  crypto  resynchronization 
is  seldom  required;  all  units  perform  actions  in  a  programmed  cyclic  manner  such  that  reprogramming 
UU  assignments  for  relay,  ranging,  and  reporting  is  seldom  required;  and  each  UU's  time  base  is 
maintained  with  sufficient  accuracy,  such  that  one  way  time  of  arrival  measurements  can  be 
translated  to  ranges  by  the  MS.  Each  of  these  aspects  reduces  the  number  of  required  transmissions 
and  makes  more  time  available  for  other  system  functions  or  for  increased  system  capacity. 

The  basic  concepts  involved  in  PLRS  (the  spread  spectrum  waveform;  synchronous 
implementation  of  time  division  multiplexing,  and  muitilateration  tracking)  are  discussed  in  the 
following  paragraphs. 

SYNCHRONOUS  TIME  DIVISION  MULTIPLEXING 

PLRS  employs  time  division  multiplexing  to  permit  a  large  number  of  users  to  utilize  the  same 
frequency  (Figure  5).  Each  of  the  PLRS  units  in  a  network  takes  turns  transmitting  its  burst  while 
other  units  listen.  These  time  slots  are  assigned  by  the  Master  Station  based  on  the  particular 
requirements  of  each  user.  (For  a  given  tracking  accuracy,  an  aircraft-mounted  unit  needs  more  time 
slots  than  a  manpack  unit  because  of  its  higher  dynamics.) 

In  the  synchronous  TDMA  approach,  every  user  unit  has  its  own  time  base  generator  that  keeps 
track  of  the  time  that  it  should  transmit  or  perform  other  programmed  operations.  Once  this  time  base 
is  synchronized  with  the  Master  Station's  time  base,  then  messages  can  be  sent  or  received  and  range 
measurements  made.  The  Master  Station's  time  base  acts  as  the  prime  timing  source  for  the  entire 
network,  correcting  each  of  the  user  unit  clocks  whenever  they  require  it.  In  this  way,  the  timing 
oscillators  included  in  the  user  units  need  to  have  only  moderate  stability,  and  can  be  inexpensive 
production  type  components. 

The  main  advantage  of  fully  synchronous  operation  is  that  more  time  slots  are  made  available 
for  network  users,  although  there  are  other  benefits  that  accrue.  Since  the  Master  Station  does  not 
have  to  contact  a  user  unit  each  time  it  wants  it  to  transmit  for  ranging,  a  great  number  of  time  slots 
(nearly  half)  aic  freed  for  other  uses  or  users.  This  capability  to  provide  full  net  operation  with  fewer 
transmissions  also  is  used  to  help  reduce  interference  with  other  systems;  to  reduce  the  probability  of 
signal  detection;  and  to  increase  the  probability  of  successfully  completing  critical  transactions  in  a 
jamming  environment. 
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Figure  5.  PLRS  Time  Division  Multiple  Access  (TDMA)  Organization 


RANGE  MEASUREMENTS 


One-way  ranging  is  made  possible  by  th:  'ully  synchronous  nature  of  the  PLRS  network.  Each 
user  unit  employs  a  set  of  time  markers  to  designate  when  a  transmission  is  to  s'art  and  when  a 
reception  must  be  completed.  Thus  a  user  unit  needs  only  to  measure  the  time  delay  from  the  end  of 
the  reception  to  a  time  marker  at  the  end  of  the  time  slot.  This  yields  a  digital  number  (TOA) 
precisely  related  to  the  range  between  the  two  units.  (See  Figure  6) 


Figure  6.  Synchronous  Ranging.  The  TOA  is  precise  measure  of  range  delay. 

Spread  spectrum  rgnals  are  especially  amenable  to  range  measurement  because  of  the  high  chip 
rates  employed  in  th»>!r  modulation  and  because  those  very  high  chip  rate  code  sequences  have 
excellent  correlation  functions.  Over  the  entire  length  of  a  code  sequence,  there  is  only,  one  point  at 
which  a  code  will  con  date  with  itself,  and  that  point  is  only  about  one  chip  increment  in  length,  and 
standard  methods  have  been  worked  out  for  spread  spectrum  systems  that  allow  them  to  resolve 
range  to  a  small  fraction  of  a  bit. 

To  provide  time  synchronization,  the  system  performs  time  difference  measurements  (Figure  7). 
When  the  MS  transmits,  a  user  unit  measures  the  TOA.  When  the  usei  unit  transmits,  it  reports  its 
TOA  measurement.  The  Master  Station  uses  that  information,  along  with  the  TOA  information  from 
the  user  unit's  clock  offset.  When  required  the  MS  tells  the  user  unit  to  correct  its  timing.  All  timing 
information  is  stored  in  the  Master  Station's  computer,  along  with  position  information  derived  from 
TOA  measurements. 

SPREAD  SPECTRUM  WAVEFORMS 

PLRS  performs  its  functions  in  the  face  of  either  deliberate  or  accidental  interference.  One  of  the 
design  features  that  makes  this  possible  is  the  use  of  a  spread  spectrum  type  signaling  waveform. 
Specifically,  the  information  transmitted  is  spread  to  a  bandwidth  of  approximately  3  MHz  by 
modulation  with  a  pseudonoise  code  sequence.  Each  time  a  user  unit  or  the  Master  Station  transmits  a 
burst,  that  signal  burst  is  spread  by  the  code.  The  spread  spectrum  signaling  format  provides  a  low 
density  signal  spectrum  that  reduces  detection  by  would-be  interceptors  and  offers  minimum 
interference  to  other  co-channel  users.  In  addition,  the  effect  of  this  modulation  is  to  encode  the 
signal  and  thus  to  help  protect  it  from  those  who  might  try  to  extract  information  if  the  signal  is 
detected. 


Figure  7.  Time  Difference  Measurement  Technique.  Since  all  timing  information  is  stored  in  the 
MS  Computer,  the  MS  can  predict  future  variations  by  extrapolating  previous  drift  rate. 
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At  the  receiver,  the  signals  that  arrive  (a  composite  of  desired  and  interfering  signals)  are  all 
compared  in  a  correlator  with  a  local  reference  code,  and  the  incoming  signal  components  that  match 
the  local  reference  are  selected.  Since  the  reference  is  a  wideband  replica  of  the  desired  signal,  the 
effect  of  the  correlation  process  is  one  of  turning  the  desired  wideband  input  signal  into  a  narrow 
band  signal  and  causing  undesired  input  signals  to  be  spread  out  over  the  local  reference  bandwidth 
or  wider.  For  example,  if  the  undesired  input  is  from  a  CW  jammer,  then  at  the  correlator  output  it  is 
a  replica  of  the  local  reference;  if  it  is  a  wideband  signal  such  as  from  a  noise  jammer,  then  it  is  a 
composite  of  the  noise  and  the  wideband  signal  (i.e.,  it  comes  out  much  wider  than  it  goes  in). 

The  receiver,  knowing  the  post-correlation  bandwidth  of  the  desired  signal,  employs  a 
narrowband  filter  that  can  just  pass  the  re-mapped  correlator  output.  Any  signal  except  the  desired 
synchronous  signal  is  spread  into  a  wide  bandwidth  at  the  same  time  the  desired  signal  is  caused  to 
"just  fit"  the  post-correlation  filter.  Hence,  almost  all  of  the  undesired  signal  will  lie  outside  the 
passband  of  the  filter  while  the  desired  signal  passes  neatly  through.  A  demodulator  then  views  a 
desired  signal  that  has  been  greatly  enhanced  with  respect  to  the  interfering  signal. 

The  burst  of  signal  that  is  sent  by  a  PLRS  unit  consists  of  two  portions  -•  a  preamble  portion  and 
a  message  portion.  The  preamble  portion  is  made  up  of  code  bits  (chips).  A  PLRS  receiver  examines 
the  chips,  applying  them  to  the  digital  matched  filter  that  accepts  or  rejects  the  signal  on  the  basis  of 
the  degree  of  correlation  between  the  chips  received  and  those  expected.  If  the  preamble  is  accepted, 
then  the  message,  which  consists  of  addresses,  commands,  queries,  and  replies  to  queries,  can  be 
decoded, 

All  of  the  burst  signals  appear  to  be  identical.  That  is,  whether  the  particular  signal  being  sent  is 
a  reply  to  a  query,  a  request  for  information,  or  whatever,  it  has  the  same  structure  and  cannot  be 
distinguished  from  any  other  signal  without  having  the  proper  receiver  and  crypto  key..  Also,  ranging 
is  accomplished  with  any  of  the  bursts  sent,  no  matter  what  their  purpose  as  far  as  the  message 
portion  of  the  burst  is  concerned. 

NETWORK  ADAPTATION  TO  THE  ENVIRONMENT 

Each  assigned  TOA  link  has  an  associated  quality  which  is  the  combination  of  its  reliability  and 
its  "value"  to  position  location.  When  a  link's  value  changes  (either  due  to  a  unit’s  motion,  propagation 
effects  or  ECM),  the  change  is  noted  and  if  the  value  drops  too  low,  the  link  is  replaced  with  another. 

Within  the  network  structure,  every  unit  must  have  1  or  more  PORT  links..  To  insure  this,  the 
MS  keeps  track  of  the  reliability  of  each  link  and  switches  links  when  they  become  unreliable.  For 
example  (see  Figure  8),  if  PORT  link  b  breaks  for  any  reason,  communication  from  the  MS  is  lost  to 
both  units  C  and  E.  Since,  however,  C  is  known  from  TOAs  to  communicate  with  both  B  and  D  either 
link  h  or  i  may  be  changed  to  a  PORT  link,  and  no  searching  or  testing  is  required.  Say  link  h  is  chosen; 
E  has  a  TOA  with  D,  hence  link  j  is  known  to  be  reliable  for  communications  and  is  therefore  changed 
to  a  PORT  link.  (Note  that  even  though  link  c  may  be  good,  its  use  as  a  PORT  link  is  dropped  when  unit 
E  is  assigned  through  D.  This  is  done  for  three  reasons:  one,  it  is  faster  to  reassign  unit  E  to  another 
unit  than  to  retain  it  through  the  old  PORT  unit  C.  Two,  the  break  in  link  b  may  have  been  due  to  unit 
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C.  (Unit  C  may  have  moved  behind  a  hill  which  can  also  show  up  as  a  break  in  link  c  or  it  may  have 
been  turned  off  or  destroyed.)  And  three,  to  diversify  the  network,  that  is,  to  allow  the  network  to 
find  its  own  preferred  configuration  aided  by  use  of  measured  link  reliabilities.  By  measuring  the  link 
reliabilities,  the  network  can  adapt  itself  to  changes  in  the  environment  by  automatically  re-routing 
f  through  known  good  links. 

|  PLUS  NETWORK  MESSAGE  TRAFFIC 

[ 

i  Four  types  of  messages  may  be  transmitted  through  the  PLRS  network:  user  data  output 

messages;  user  data  input  messages;  network  control  messages;  and  measurement  report  messages, 
i  All  messages  are  sent  to  their  appropriate  destination,  through  relays  if  necessary,  without  data 

content  change.  Error  control  is  used  on  each  to  insure  low  error  rate. 

User  data  output  messages  originate  at  either  a  command  and  control  center  through  an 
interface  to  the  PLRS  MS  or  at  the  MS  itself.  This  message  is  sent  through  the  network  to  the 
appropriate  user  unit  and  its  input/output  (I/O)  device.  An  I/O  device  may  also  be  used  to  originate 
queries  and  data  messages  to  be  sent  back  to  the  MS.  This  establishes  two  way  communication 
between  the  command  and  control  center  or  MS  and  any  user  unit. 


Figure  9.  Link  Message  Flow.  Four  basic  link  message  types  provide  internal 
PLRS  control  and  reporting,  as  well  as  limited  external  communications.. 


Network  control  messages  and  measurement  report  messages  are  used  by  PLRS  to  maintain 
communication  with,  and  exercise  control  over,  each  unit.  The  network  control  messages  contain 
commands  to  the  user  unit,  (*e.g.,  link  assignments  and  timing  correction  commands).  Measurement 
report  messages  contain  TOA  data,  user  queries,  altitude,  and  status  information. 

The  actual  routing  of  the  message  to  the  proper  destination  is  implicit  in  the  network  structure. 
The  MS,  with  its  knowledge  of  the  network,  assigns  transmit  and  receive  times  to  provide  proper 
relaying  of  messages  to  their  destinations.  Units  performing  a  relay  function  make  no  distinction 
between  different  message  types  or,  in  general,  the  direction  a  message  is  traveling.  All  the  unit 
needs  to  know  is  when  to  receive  and  when  to  transmit  for  relay,. 
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ABSTRACT 

The  Enhanced  Position  Location  Reporting  System  (EPLRS)  maintains  all  of  the  basic  PLRS  capabilities  while 
greatly  increasing  the  user-to-user  data  capability.  The  EPLRS  utilizes  the  proven  PLRS  control  network  for 
monitoring  and  controlling  large  communities  of  user  terminals  Including  the  positioning,  position  reporting,  navigation 
aid,  cryptographic  key  distribution,  and  status  reporting  functions.  In  addition,  the  control  network  is  utilized  for 
distributing  communications  circuit  assignments  and  monitoring  user-to-user  communications  performances. 

Both  duplex  (point-to-point)  and  group  addressed  (broadcast)  types  of  service  are  available  via  the  same  user 
terminal.  Each  terminal  can  support  many  user  circuits  (needlines)  simultaneously  with  a  composite  (receive  plus 
transmit)  information  rate  in  excess  of  three  kilobits  per  second.  The  primary  user  interface  is  via  the  PLRS/JTIDS 
Hybrid  Interface  (PJHI),  which  uses  CCITT  x.25  protocols,  but  an  FSK  interface  is  also  available  for  backward 
compatibility  with  existing  systems  such  as  TACFIRE. 

The  EPLRS  concepts  have  been  proven  through  live  testing  using  prototype  terminals,  including  interfacing 
with  six  military  host  systems.  In  addition,  extensive  computer  modeling  and  large  scale  user  community  simulation 
have  been  used  to  confirm  extension  of  performance  to  full  scale  operation  with  up  to  one  thousand  user  terminals  in  a 
division  area.  Limited  production  of  over  two  hundred  terminals  is  underway,,  with  development  and  operational 
testing  scheduled  to  begin  early  in  1988. 

INTRODUCTION 

The  Enhanced  Position  Location  Reporting  System  (EPLRS)  extends  the  original  PLRS  concept  to  include 
user-to-user  data  communications.  The  capabilities  of  the  USMC/USA  Position  Location  and  Reporting  System 
(PLRS)  uses  advanced  Time  and  Frequency  Division  Multiple  Access  Spread  Spectrum  technology.  PLRS  is  in  the 
process  of  being  put  into  production  and  EPLRS  is  finishing  Engineering  Development. 


The  EPLRS  system  will  support  the  Army's  near  term  requirements  for  data  distribution,  position  location, 
navigation,  and  identification  in  a  battlefield  environment.  EPLRS,  under  a  five  phase  development  plan,  will  go  into 
Developmental  Testing/Operational  Testing  evaluation  in  1988  and  subsequently  evolve  into  the  objective  Army  Data 
Distribution  System. 


; 

l 


Figure!  EPLRS  Maximizes  Battlefield  Effectiveness 


*  This  work  was  supported  by  the  U.S.  Army  under  contract  DAAB07-82-C-J096,  administered  by  U.S.  Army 
Communications-Electronics  Command,  Fort  Monmouth,  NJ. 
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PLRS/EPLRS  interoperability  allows  for  mutual  support  and  coordinated  operations  between  Basic  PLRS  and 
EPLRS  equipped  units.  Coordination  of  resource  allocation,  Areas  of  Responsibility,,  and  the  lateral  transfer  of 
Command  and  Control  information  are  all  accommodated  by  the  architecture. 

DEPLOYMENT 

EPLRS  System  Elements  -  EPLRS  supports  all  five  general  mission  areas  in  the  Army  (i.e.,  Air  Defense  Artillery,  Fire 
Support,  Intelligence/Electronic  Warfare,  Combat  Service  Support,  and  Maneuver  Control).  EPLRS  contains  two 
primary  equipment  elements:  Enhanced  PI  RS  Terminals  (PTs)  and  Network  Control  Stations  (NCSs)  The  PTs  are 
assigned  to  Division  and  Corps  units  that  participate  in  data  communications,  identification,  and  position 
location/navigation.  Between  500  and  820  PTs  are  assigned  to  each  Division.  In  addition  approximately  970  PTs  and 
6  NCSs  are  assigned  to  the  Heavy  Corps.  Each  separate  Brigade  and  Armored  Cavalry  Regiment  is  assigned  one 
NCS  and  from  1 70  to  290  PTs. 

Area  Coverage  -  A  key  consideration  in  planning  for  Ultra  High  Frequency  radio  communication  is  the  line  of  sight 
propagation  characteristics  inherent  in  this  band.  The  PT  operates  In  the  420-450  MHz  range.  Modeling  has  shown 
that  percent  connectivity  on  the  order  of  10%  Is  adequate.  A  deployment  of  PTs  providing  good  area  coverage  is 
essential  to  take  full  advantage  of  the  EPLRS  system's  integral  relay  feature.  The  adaptive  automatic  relay  capability 
of  the  network  allows  the  support  of  long  range  circuits.  The  proper  employment  of  PTs  deployed  as  dedicated  relays 
is  important  to  planning  for  and  utilization  of  the  system.  Otherwise,  too  sparse  a  distribution  of  PTs  In  hilly  or  heavily 
foliaged  terrain  may  result  in  increased  percentage  of  unsatisfied  circuits. 

Gateways  -  Data  communications  requirements  which  extend  beyond  the  boundary  of  a  Division  sized  area  is 
supported  by  gateways.  Two  PTs  connected  back-to-back  by  a  cable  between  their  data  ports  form  a  gateway.  One 
PT  is  in  one  NCS  community  and  one  PT  is  in  the  other.  Information  is  passed  between  the  two  PTs  at  baseband  so 
that  each  of  the  gateway  PTs  can  maintain  timing  and  cryptographic  synchronization  within  its  own  community.  Data 
communications  between  a  source  PT  in  one  community  and  a  destination  PT  in  another  is  accomplished  by  setting 
up  a  circuit  between  the  source  and  the  gateway  PT.  A  similar  procedure  takes  place  in  the  other  community.  Data 
transverses  circuits  within  the  two  different  communities  and  across  the  gateway,,  providing  the  functional 
intercommunity  circuit. 

SYSTEM  ARCHITECTURE 

The  NCS  establishes  control  circuits  between  PTs  and  the  NCS  via  the  control  network.  This  control  network 
supports  the  position  location,  navigation  aid,  friendly  unit  identification,  and  over  the  air  rekey  functions.  Basic  PLRS 
and  EPLRS  terminals  operate  compatibly  using  the  control  network,  but  user-to-user  communications  are  supported 
solely  by  EPLRS  Terminals  (PTs).  All  PTs  are  capable  of  being  assigned  as  relays  in  both  the  control  and 
communications  networks.  PTs  can  simultaneously  support  control,  duplex  communications  and  group 
communicaiions  assignments  as  indicated  in  Figure  2. 

Host-to-Host  Data  Communications  -  Host-to-Host  data  communications  are  provided  via  the  EPLRS  communications 
network.  The  communications  network  consists  of  both  duplex  and  group  addressed  circuits.  Duplex  circuits  are  used 
to  support  requirements  between  two  users  requiring  end  to  end  acknowledgment  control.  A  maximum  of  four  PTs  can 
be  assigned  to  relay  on  a  duplex  circuit.  Group  addressed  circuits  are  used  to  support  requirements  between  multiple 
users  not  requiring  acknowledgment  control.  Only  one  PT  may  source  information  on  a  group  addressed  circuit  path. 
A  maximum  of  three  PTs  can  be  assigned  as  relays  on  a  group  addressed  circuit  path 

Data  Communication  Massage  Flow  -  Communications  messages  are  input  to  the  system  via  the  PLRS/JTIDS  Hybnd 
Interface  (PJHI).  This  is  an  X.25  type  interface  where  data  flows  in  packets  containing  up  to  128  bytes  (1024  bits)  of 
user  information.  Destination  packet  addressing  information  is  integral  to  the  header  of  each  data  packet  in  the  form  of 
an  8  bit  Logical  Channel  Number.  Each  host  message  is  mapped  into  PJHI  packets  with  a  corresponding  Logical 


Figure  2,  Control  and  Communications  Networks  in  a  Single  NCS  Community. 
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Channel  Number  by  the  Host  so  that  the  subsequent  transmission  of  the  message  can  take  place  over  the  proper 
circuit.  The  PTs  convert  PJHI  packets  into  a  form  for  EPLRS  transmission  called  Transmission  Units.  Each 
Transmission  Unit  contains  80  information  bits.  Transmission  Units  are  transported  through  the  communication 
network  via  NCS  assigned  virtual  circuits.  Tha  PTs  are  responsible  for  acknowledging  and  sequencing  Transmission 
Units  and  circuit  monitoring.  The  NCS  assigns  PTs  to  participate  on  communication  circuits  as  sources,  destinations, 
or  relays.  The  Transmission  Units  are  sent  between  source  and  destination  PTs  through  relays,  where  the  adaptive 
circuit  routing  is  controlled  by  an  NCS.  Transmission  Units  are  converted  back  to  PJHI  packets  at  the  destination  PT. 

All  control  network  traffic  is  nodal  to  the  extent  that  the  message  routing  takes  place  through  the  NCS.  In 
contrast  to  the  PT-to-PT  traffic  (via  relays)  occurs  on  the  cornmi  nl  cation  network,  with  no  Involvement  by  the  NCS 
except  to  set  up  and  maintain  the  circuits. 

From  a  message  flow  standpoint,  the  control  network  provides  an  ‘order-wire”  capability  that  can  be  used  to 
establish  and  maintain  the  communication  network.  In  addition  to  the  order-wire,  the  control  network  also  supports 
NCS  services.  These  services  provide  the  PT  user  with  a  wide  range  of  position  location,  navigation,  and 
identification  information.  The  communication  network  continues  to  function  in  the  absence  of  NCS  control  for  as  long 
as  the  PT  deployment  locations  remain  relatively  static  and  a  steady  state  environment  exists  (r.e.,  no  severe  jamming 
attack  occurs). 

EPLRS  Circuits  -  An  EPLRS  circuit  is  defined  by  the  following  parameters:  (1)  the  source  and  destination  Military  ID 
and  associated  Logical  Channel  Numbers,  (2)  circuit  priority,  (3)  circuit  rate,  and  (4)  duplex  or  group  addressed  circuit. 

The  Logical  Channel  Numbers  are  used  in  place  of  addresses.  Since  PTs  are  capable  of  operating  with 
multiple  Logical  Channels  simultaneously,  the  assignment  of  Logical  Channel  Numbers  is  important  so  the  host 
messages  may  be  routed  over  the  correct  virtual  circuits. 

Four  circuit  pnonties  are  accommodated.  Circuit  priority  is  a  key  software  consideration  in  the  circuit  activation 
process.  In  case  of  heavy  system  loading,  requests  to  activate  low  prionty  circuits  receive  delayed  responses,  or  in 
extreme  cases  the  lowest  priority  circuits  are  not  implemented. 

The  rate  selected  for  a  circuit  dictates  how  large  a  block  of  timeslot  resource  will  be  assigned  to  satisfy  the 
requirement.  This  rate  is  determined  based  on  both  the  throughput  and  response  time  requirements.  The 
Acknowledgment  control  determines  whether  a  duplex  or  group  addressed  circuit  is  used. 

Relay  -  The  relay  PTs  programmed  by  the  NCS  are  responsible  for  relaying  Transmission  Units  (TUs)  between  source 
and  destination  PTs.  The  relay  PTs  can  not  read  or  alter  the  Transmission  Unit  data  content,  but  they  do  perform  error 
correction  decoding  and  encoding,  and  validation  of  relayed  Transmission  units. 

EPLRS  communication  circuit  (duplex  and  group  addressed)  timeslot  assignments  are  structured  to  allow  for 
multiple  receive  opportunities.  The  source,  destination,  and  relay  PTs  have  specific  times  to  receive  defined  by 
recurrence  period,  start  frame,  and  timeslot  number.  Duplex  Circuits  -  Source  and  destination  PTs  transmit  on  duplex 
Circuits  in  a  periodic  manner.  They  transmit  once  per  Recurrence  Period.  On  duplex  circuits,  the  timeslots  are 
arranged  such  that  for  each  source  transmission  there  is  a  destination  transmission  allowing  for  balanced 
communications  with  acknowledgment  between  the  two  PTs. 

Each  duplex  circuit  structure  has  at  least  two  paths.  Path  0  is  used  for  the  first  transmission  in  the  epoch  and 
every  other  transmission  after  that,  and  path  1  is  used  for  the  second  transmission  in  the  epoch  and  every  other 
transmission  after  that. 

Group  Addressed  Circuits  -  As  in  the  duplex  circuit  structure,  the  group  addressed  circuit  structure  is  penodic  with 
respect  to  the  Recurrence  Period,  and  the  timeslots  are  defined  by  start  frame  and  timeslot  number.  These  parameters 
allow  a  source  to  know  exactly  when  to  transmit.  Because  the  reception  of  messages  on  group  addressed  circuits  are 
not  acknowledged,  the  relays  need  only  transmit  in  one  direction.  The  timeslots  are  arranged  so  that  the  source  can 
continuously  transmit  (up  to  1 200  bps).  The  relays  and  destinations  on  a  group  addressed  circuit  are  not  programmed 
for  a  specific  path  or  level.  Therefore,  it  is  not  known  what  path(s)  will  be  used  to  relay  the  messages  to  the 
destinations.  This  approach  is  commonly  known  as  path  diversity  broadcast. 

Second  Source  Receive  -  Both  duplex  and  group  addressed  circuits  use  the  second  source  receive  technique.  This 
technique  assigns  a  set  of  timeslots  in  which  relays  and  the  destination  PT  “listens"  for  the  source  PTs  transmission 
and  all  other  upstream  relay  transmissions.  This  allows  PTs  to  receive  transmissions  early  and  increases  the 
probability  of  receiving  transmissions.  For  example,  the  fourth-level  PT  could  conceivably  receive  a  message  during 
the  transmission  from  the  source  or  any  subsequsnt  relay  of  the  message. 

ENHANCED  PLRS  USER  UNIT  (EPUU) 

The  PT  consists  of  an  Enhanced  PLRS  User  Unit  (EPUU),  a  User  Readout  device,  and  an  appropriate 
installation  kit  for  ground,  surface  vehicle,  or  airborne  use.  The  EPUU  can  be  configured  to  support  Hosts  via  either 
the  rJHi  or  a  Frequency  Shut  Keying  (FSK)  Interface.  The  EPUU  is  designed  to  meet  the  environmental  requirements 
of  ground  and  airborne  installations.  The  User  Readout  device  serves  as  a  control  panel  for  the  PT,  and  for  handheld 
use  with  ground  based  installations.  The  data  access  capabilities  of  the  User  Readout  is  limited  to  short  (10 
characters  at  a  time)  message  exchanges  via  the  NCS. 

The  PT  performs  user-to-user  communications  and  generates  ranging '  information  for  position 
location/navigation.  The  NCS  can  assign  any  PT  as  a  relay  of  opportunity.  This  extends  the  communications  range 
and  keeps  communication  links  operable  during  jamming  or  changes  in  user  location. 
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Dlla  Flow  •  The  key  data  flow  steps  in  the  EPUU  are  shown  in  Rgure  3,  After  stripping  the  user  specific  protocol  and 
J®P*a"P9 Jt  with  the  EPLRS  network  protocol,  each  Transmission  Unit  is  encrypted  with  a  user  variable,  then  a 
(,04/94)  Cyclic  Redundancy  Check  error  detection  code  is  applied.  Afterthis,  the  Transmission  Unit  is  transmission 
encrypted,  and  error  correction  encoded.  Encoded  blocks  are  interleaved  to  protect  against  burst  errors.  Finally,  each 
channel  bit  is  modulated  by  a  pseudo-noise  code  for  spread  spectrum  protection  and  the  Transmission  Unit  is 
frequency  hopped  to  provide  increased  antijam  protection.  At  the  receiving  terminal  the  process  is  reversed 

The  EPUU  is  a  multifunction  radio  that  generates  and  processes  EPLRS  messages,  Centralized  control  of  the 
EPUU  by  a  microprocessor  within  the  Message  Processor  allows  partitioning  ot  processing  into  logical  EPUU 
functions  as  shown  in  Rgure  4 
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Figure  3.  PT  Data  Transmission  Process 


Figure  4.  Major  PT  Functions 

BEZIEJEuflfilifln  -  The  RF/IF  (unction  performs  frequency  conversion,  amplification,  and  filtering  of  the  transmitted  and 
received  signals.  During  receive,  this  (unction  performs  a  2  BIT  A/D  conversion  of  the  incoming  signals.  During 
transmit,  the  digital  output  of  the  Signal  Processor  is  used  to  generate  the  Continuous  Phase  Shift  Modulation. 

S'QQfl1 — Processor  Function  -  Tho  signal  Processor  function  performs  preamble  detection/generation, 
interleaving/deinterleaving  and  error  correction/error  detection  encoding/decoding,  pseudo-noise  code  generation, 
data  correlation,  and  Time-of-Arrival  measurement. 

Sacure  Data  Unit  Function  -  The  Secure  Data  Unit  function  is  performed  by  the  KGV-13  which  encrypts/decrypts 
transmitted  and  received  data,  performs  message  validation,  and  provides  outputs  for  transmission  security. 

Message  Processor  Function  -  The  message  processor  contains  a  CMOS  microprocessor  that  is  the  central  controller 
of  the  EPUU.  This  function  controls  all  processes  done  within  the  EPUU.  The  message  processor,  additionally, 
generates  and  decodes  link  messages. 
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Terminal  Interface  Function  •  The  Terminal  Interface  Processor  provides  the  interface  to  the  PJHI  link  or  the  Frequency 
Shift  Keying  interface.  The  PJHI  has  as  Its  objective  the  formulation  of  a  standard  interface  to  which  all  tactical  data 
systems  can  design.  This  interface  defines  packet  generation  for  data  distnbution  in  a  rigorous  and  logical  manner 
through  the  first  three  levels  of  the  International  Standards  Organization  (ISO)  model.  The  Frequency  Shift  Keying 
Interface  is  capable  of  supporting  a  1200  baud  channel  between  the  Frequency  Shift  Keying  tactical  data  system  and 
the  PTs. 

NET  CONTROL  STATION 

The  NCS  Is  a  tactically  packaged  computer  facility  providing  centralized  technical  control  and  monitoring  of  an 
EPLRS  community.  The  NCS  performs  dynamic  network  management  ot  all  PTs  under  its  control  as  indicated  in 
Figure  5.  The  NCS  is  the  central  control  point  of  the  PLRS  network,  allowing  a  technical  control  operator  to  maintain  a 
real  time  overview  of  the  network  within  his  area  of  responsibility. 

The  NCS  software  operates  in  real  time.  The  NCS's  operational  software  provides  centralized  network 
management  and  automatic  distribution  of  position,  navigation,  and  identification  information. 

The  terminals  accept  and  Implement  NCS  issued  commands  and  report  status  and  communicant  data  (i.e.,  who 
can  hear  whom).  These  reports  are  essential  for  accomplishing  the  automatic  adaptive  routing  capability  of  the 
EPLRS  system. 

NCS  Operator  -  The  principal  human  interface  to  the  system  is  at  the  NCS.  The  NCS  operator,  as  the  communications 
technical  controller,  is  responsible  for  network  initialization  and  monitonng  ongoing  community  performance.  As  PTs 
enter  the  network,  the  NCS  operator  monitors  the  performance  of  the  network  using  a  graphic  display.  Normal 
operation  requires  only  minimal  operator  intervention.  His  work  is  intended  to  be  primanly  exception  processing, 
taking  actions  to  help  the  automated  network  management,  and  to  apply  data  access  and  resource  management 
guidelines  provided  by  System  Control  (SYSCON). 

Network  Management  -  The  Network  Management  software  functions  automatically  provide  for  dynamic  network 
monitoring  and  resource  assignment.  In  the  battlefield  environment,  the  operating  radio  links  (connectivity)  available 
in  the  network  can  be  very  limited  and  rapidly  changing.  There  are  two  design  features  of  the  EPLRS  system  that 
enable  it  to  provide  continuous  service  in  such  an  environment.  First  is  the  high  antijam  capabilities  of  the  spread 
spectrum  EPLRS  radios,  without  which  there  would  be  very  little  connectivity  in  a  jamming  environment.  Second  (and 
just  as  important  in  the  dynamic  environment)  is  the  automatic  network  management  function  which  controls  the 
EPLRS  network  configurations  in  real  time.  The  network  management  function  within  the  NCS  performs  dynamic,  real 
time  communications  routing  and  timeslot  assignment  to  the  PTs  and  monitors  and  controls  the  subsequent  network 
performance. 


•  CIRCUIT  ASSIGN 


Figure  5.  Major  NCS  Circuit  Management  Function 

The  communication  network  management  functions  are  distributed  to  both  PTs  and  NCS.  The  PTs 
communication  network  management  role  is  to  implement  the  commands  issued  by  the  NCS,  detect  circuit  failures, 
and  control  the  flow  of  data  packets  into  and  out  of  the  network.  The  NCS  uses  the  control  network  to  deliver  the 
commands  used  to  build  and  maintain  the  communication  network.  Communication  network  management  consists  of 
three  basic  functions.  They  can  be  genericaily  categonzed  as:  Message  Traffic  Control,  Circuit  Management,  and 
Circuit  Assignment  Selection 


IV4-6 


Massage  Traffic  Control  Function  -  The  main  responsibilities  of  Message  Traffic  Control  for  communication  network 
management  are  to  receive/distribute  status  and  measurement  reports  and  to  route,  schedule,  and  control  the 
acknowledged  delivery  of  the  commands  sent  to  PTs. 

Circuit  Management  Function  -  The  main  responsibilities  of  Circuit  Management  are  prioritized  queuing  of  circuit 
requests  and  maintaining  circuit  status. 

Circuit  Assignment  Selection  Function  -  The  Circuit  Assignment  Selection  finds  paths  and  resources  that  satisfy  the 
circuit  requirements.  The  paths  are  found  using  a  minimum  cost  path  finding  algorithm.  Circuit  assignment  or 
reassignment  requests  are  processed  on  a  priority  basis.  Requests  with  equal  circuit  priorities  are  selected  on  a  first- 
m,  first-out  basis.  Successful  attempts  at  finding  circuit  assignment  results  in  generating  Communication  Circuit 
Assignment  commands  for  the  PTs  selected  to  participate  on  the  circuit. 

Crypto  Management  Function  ---  An  additional  NCS  function  is  the  generation  and  over  the  air  distribution  of 
cryptovariables  to  all  PTs.  The  EPLRS  security  architecture  provides  the  system  with  both  SECRET  and 
CONFIDENTIAL  cryptographic  data  encryption. 

HOST  INTERFACES 

EPLRS  implements  a  Virtual  Circuit  approach  to  satisfy  host-to-host  data  communication  requirements.  A  wide 
range  of  information  rates  and  response  times  are  provided  in  support  of  both  duplex  and  group  addressed 
requirements. 

The  EPLRS  uses  the  PJHI  (X.25  type)  protocol,  in  which  hosts  input  data  into  the  communication  network  on 
Logical  Channels  in  the  form  of  packets  via  the  standard  PJHI.  The  data  delivered  through  the  network  is  transparent 
to  the  host.  X.25  is  an  International  Telephone  and  Telegraph  Consultative  Committee  (CCITT)  standard  three-layer 
protocol  and  is  virtual  circuit  oriented  PTs  can  participate  on  multiple  simultaneous  Virtual  Circuits  using  different 
Logical  Channel  Numbers. 

User  to  user  data  flow  is  initiated  by  the  source  which  converts  the  message  into  one  or  more  PJHI  packets. 
The  packets  are  then  delivered  to  the  PT's  Interface  Processor  where  they  are  converted  into  a  form  suitable  for  radio 
transmission.  The  data  is  then  transmitted  in  the  form  of  Transmission  Units  to  the  destination  PT.  Relays  may  be 
employed.  The  Transmission  Units  are  then  converted  back  into  PJHI  packets  and  delivered  to  the  destination.  The 
destination  then  sequences  the  PJHI  packets  into  a  message  identical  to  the  one  that  the  source  sent  to  its  PT. 

PJHI  utilizes  packets  to  organize  the  the  efficient  exchange  of  information  across  the  interface.  Messages  which 
are  going  to  be  transferred  on  the  PJHI  are  first  broken  into  segments,  called  data  packets.  The  maximum  size  of  a 
PJHI  data  packet  is  128  bytes  These  data  packets  are  transferred  across  the  PJHI  independently  allowing  mossages 

to  several  destinations  to  be  time  multiplexed.  This  independent  transfer  of  packets  increases  efficiency  of  information 


The  P JHI  is  a  functionally  layered  set  of  communications  protocols  implementing  the  bottom  three  layers  of  the 
International  Standards  Organization  (ISO)  Open  System  Interconnection  (OSI)  reference  model.  The  three  layers 
implemented  by  X.25  and  PJHI  are  the  physical  layer  or  level  1,  the  link  layer  or  level  2,  and  the  packet  layer  or  level  3. 

Physical  Layer  -  The  PJHI  physical  layer  provides  the  media  to  transfer  bits  from 

one  physical  device  to  another.  The  physical  media  in  the  PJHI  is  either  NRZ  digital  baseband  or  conditioned  di¬ 
phase. 


The  NRZ  digitaj  baseband  interface  may  be  utilized  for  devices  that  are  located  within  5  meters  of  the  PT  This 
interface  consists  of  six  signal  pairs,  two  pairs  each  of  data,  clock,  and  control.  This  interlace  is  similar  in  design  and 
function  to  the  Electronic  Industries  Association  standard  RS-449/422  The  conditioned  di-phase  interface  may  be 
utilized  to  remote  the  PJHI  devices  up  to  1000  meters.  This  interface  requires  only  two  signal  pairs  and  a  shiold. 
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Link  Laver  •  The  PJHI  link  layer  provides  the  functional  and  procedural  means  to  maintain  a  connection  to  another 
PJHI  device  while  detecting  and  possibly  correcting  errors  which  may  occur  in  the  physical  layer.  The  PJHI  performs 
the  X  25  link  level  protocol  by  utilizing  the  Link  Access  Procedure  B  and  the  High  Level  Data  Link  Control  procedure 
The  unit  of  information  transferred  at  the  link  layer  is  called  a  frame.  PJHI  supports  three  general  classes  of  frames; 
Information,  Supervisory,  and  Unnumbered  The  function  of  the  information  frame  is  to  transfer  sequentially  numbered 
frames  containing  information  for  the  packet  layer.  Information  frames  are  vanable  in  size  depending  upon  the  amount 
of  information  they  contain.  The  maximum  length  of  an  Information  frame  is  1 31  bytes  The  function  of  the  Supervisory 
frames  is  to  control  supervisory  link  functions  such  as  acknowledging,  requesting  retransmission,  or  temporarily 
suspending  transmission  of  Information  frames.  Unnumbered  frames  perform  the  function  of  supplementary  control  of 
the  link  such  as  setting  up,  disconnecting,  or  stating  status  of  the  link. 

Packet  Laver  •  The  PJHI  packet  layer  defines  the  protocol  that  routes  packets  from  one  host  system  to  another  To 
efficiently  control  packets  to  several  hosts,  the  PJHI  utilizes  the  concept  of  a  logical  channel.  A  logical  channel  is  a 
virtual  connection  from  one  host  system  to  another.  When  a  logical  channel  is  routed  through  a  network,  such  as 
EPLRS,  the  Logical  Channel  Number  has  only  local  significance. 

In  the  PJHI  packet  layer,  the  transmission  of  data  Is  controlled  separately  for  each  logical  channel  in  each 
direction  and  is  based  upon  acknowledgments  from  the  receiving  PJHI  To  perform  this  flow  control  protocol,  the  PJHI 
sequences  packets  and  defines  a  window  protocol.  Data  packets  are  sequenced  by  attaching  to  each  data  packet  a 
sequentially  numbered  tag.  Data  packets  can  be  transferred  across  the  PJHI  when  the  data  packet  is  within  the 
window.  If  a  data  packet  is  outside  the  window,  then  the  packet  will  be  rejected  The  receiver  can  convey 
authonzation  for  additional  data  packets  by  incrementing  a  packet  receive  sequence  number.  In  this  way  the  receiving 
PJHI  packet  layer  can  control,  on  a  logical  channel  basis,  the  flow  of  incoming  data  packets. 

The  PJHI  packet  layer  also  performs  error  control  for  recoverable  errors  and  error  diagnosis  for  unrecoverable 
errors  at  the  packet  layer  The  packet  layer  performs  error  recovery  by  resetting  the  affected  logical  channel  and 
starting  again. 

WAVEFORM 

The  EPLRS  network  resource  is  organized  into  a  Time  and  Frequency  Division  Multiple  Access  structure  Each 
member  of  a  community  is  assigned  one  or  more  timeslots  in  which  it  can  transmit  a  burst  while  other  PTs  receive.  To 
accomplish  this,  each  PT  must  possess  a  clock  that  is  synchronized  to  the  clock  of  the  NC3  and  other  PTs. 

Basic  Architecture  -  The  development  of  EPLRS  is  based  on  synchronous  Time  Division  Multiple  Access  and  spread 
spectrum  technology  Integral  cryptographic  security,  error  detection  and  correction  coding,  and  frequency  hopping 
are  employed  to  provide  robust  communications  in  a  hostile  Radio  Electronic  Combat  environment  EPLRS  provides 
significant  performance  advantages  including  rapid  response  times  and  effective  data  throuqhout.  Communications 

Security,  resistance  to  Electronic  Countermeasures/Electronic  Support  Measures,  integral  automatic  relay . 
transmissions  for  ranging  measurements,  and  freedom  from  voice/data  contention 

Resource  Definition  -  The  network  utilizes  the  resources  of  time,  frequency,  and  code  to  multiplex  the  many  operations 
necessary  for  system  operation.  The  structured  use  of  time  allows  a  convenient  and  efficient  method  for  gathering 
Time-of-Arrival  data,  and  for  managing  the  multiple  relay  levels  within  the  network.  The  use  of  the  frequency  resource 
provides  additional  antijam  protection  and  allows  for  non-interfering,  coordinated  operation  to  increase  system  data 
capacity 

The  Time  Resource  -  Each  PT  is  commanded  by  the  NCS  to  perform  specific  transmissions  and  receptions  at  specific 
times  The  time  division  structure  Simultaneously  accommodates  both  minimum  and  maximum  network  access 
requirements  For  position  location  and  control,  these  vary  from  manpack  PTs  requinng  update  rates  approximately 
once  every  minute  to  high  performance  fixed-wing  aircraft  with  desired  updates  30  times  per  minute  For 
communications,  these  typically  range  from  field  artillery  circuits  needing  two  source  transmissions  per  second  to 
maneuver  control  circuits  needing  one  source  transmission  per  32  seconds 

Enoch  -  The  epoch  is  the  longest  time  division  which  is  significant  to  the  network.  The  longest  period  for  which  a  PT 
can  be  programmed  to  repeat  its  assignments  is  once  every  256  frames  or  once  per  64  second  epoch  The 
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programmed  cyclic  transmission  and  reception  opportunities  do  not  change  from  epoch  to  epoch  unless  the  NCS 
alters  the  PTs  assignments. 

Frame  -  The  frame  contains  128  timeslots  and  has  a  period  of  1/4  second.  The  significance  of  the  frame  Is  that  it 
represents  the  shortest  period  at  which  a  PT  can  be  programmed  to  participate  In  the  Control  Network.  On 
communication  circuits,  PTs  can  be  assigned  up  to  four  transmissions  within  a  frame  on  a  single  circuit. 

Timeslot-  The  fundamental  time  division  is  the  timeslot.  See  Figure  7.  The  timeslot  length  is  1.95  milliseconds  The 
burst  transmission  accounts  for  800  microseconds  and  600  microseconds  is  allocated  to  RF  propagation  delay.  The 
remaining  time  is  required  for  processing  overhead  such  as  message  encoding,  validation,  and  guard  time. 

The  Frequency  Resource-  Each  transmission  occurs  on  a  particular  frequency  channel.  When  operating  in  the  hop 
mode,  each  channel  is  hopped  across  the  420  to  450  MHz  band.  Frequency  hopping  provides  the  network  with 
additional  Antijam  performance.  There  are  eight  channels  in  the  EPLRS,  thereby  increasing  the  capacity  of  the 
network  by  allowing  simultaneous  transmissions  to  occur  with  a  low  probability  of  mutual  interference. 

The  Code  Resource  -  In  addition  to  the  time  and  frequency  resources,  EPLRS  uses  a  pseudo-noise  code  resource 
This  code  resource  provides  different  codes  for  each  circuit  in  the  communication  network.  These  codes  are  used  to 
determine  the  spread  spectrum  pattern  used.  In  this  way,  a  third  dimension  is  added  to  the  network  capacity. 

SYSTEM  CAPACITIES 

Network  Capacity  -  A  typical  brigade  sized  EPLRS  community  consisting  of  250  PTs  has  a  nominal  capacity  of  almost 
100  Kbps  in  support  of  duplex  circuits,  plus  a  nominal  capacity  of  almost  100  Kbps  in  support  of  group  addressed 
circuits. 

NCS  Capacities  -.  Tne  unit  libraries  at  the  NCS  define  the  participating  PTs  and  their  communication  requirements.  A 
maximum  of  999  PTs  can  reside  in  the  unit  library.  A  nominal  NCS  community  consists  of  250  PTs  and  375  circuits 
An  NCS  is  capable  of  supporting  a  maximum  community  size  of  460  PTs.  The  Division  wide  library  is  capable  of 
storing  up  to  1500  circuit  requirements  (needlines). 

Circuit  Capacities  -  The  PLRS  circuit  capacities  more  than  satisfy  the  highest  rate  EPLRS  users  as  defined  :r  the 
circuit  requirements  found  in  the  Battlefield  Communication  Review  Data  Distribution  database.  The  limiting  factor  on 
circuit  capacity  is  the  ability  to  realistically  manage  the  circuit  resources  with  adaptive  relaying  in  a  large  network. 
Duplex  circuits  are  capable  of  supporting  acknowledged  data  rates  of  up  to  600  bps  Group  addressed  circuits  are 
capable  of  supporting  non-acknowledged  data  rates  up  to  1200  bps. 

Terminal  Capacities  -  The  capacities  of  the  PTs  in  the  EPLRS  system  are  limited  by  the  number  of  circuit  assignments 
they  can  store  and  the  timeslot  allocation.  A  PT  can  support  a  maximum  of  60  circuit  assignments  (30 
source/destination,  and  30  relay).  The  maximum  total  duplex  and  group  addressed  circuit  rates  assignable  to  a  PT  are 
1350  bps  and  1200  bps  respectively. 

SYSTEM  PERFORMANCE 

The  EPLRS  system  is  required  to  build  to  support  eighty  five  percent  of  required  circuits  within  the  desired  time 
durations.  These  time  durations  account  for  up  to  ten  percent  mobility  of  the  total  PTs.  For  this  discussion,  mobility 
refers  to  the  fraction  of  PTs  in  motion  at  each  instant,  not  the  fraction  capable  of  motion.  The  normal  EPLRS 
community  size  refers  to  a  Brigade  Area  of  Operations  containing  up  to  260  simultaneously  active  PTs  under  control  of 
a  single  NCS.  The  initial  build  of  both  the  control  and  communication  networks  for  the  normal  community  size  can  be 
achieved  withir,  17  minutes  under  Electronic  Countermeasures  threat  conditions. 

Under  Electronic  Countermeasures  conditions,  the  EPLRS  system  continues  to  provide  communications  and 
position  location  services  for  PTs  retaining  control  and  communications  connectivity.  Ninety  percent  of  the  PTs  which 
experience  an  interruption  in  service  due  to  Electronic  Countermeasures  conditions  are  detected  and  reported  to  the 
NCS  within  120  seconds  of  the  onset  of  the  interruption  The  EPLRS  system  then  automatically  repairs  the 
communications  and  control  paths  of  these  PTs. 

For  all  circuits  above  150  bits  per  second,  the  Network  Management  function  allocates  the  resources  of  the 
timeslot  architecture  and  available  relay  PTs  to  achieve  a  one  second  response  time  tor  short  messages.  The  major 
component  of  the  response  time  is  access  delay,  which  is  based  on  the  circuit's  recurrence  period.  The  other 
components  of  median  response  time  include  source  encryption,  relay  delay,  destination  deciyption,  signal 
processing,  and  miscellaneous  data  transfer  delays  (e.g.,  the  PJHI  data  transfer). 
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SUMMARY 

A  simulation  tool  Is  described  which  Is  cap¬ 
able  of  determining  the  observability  of  various 
fleet  configurations  and  maneuvers  In  a  relative 
navigation  environment.  The  motion  of  the  relative 
grid  established  by  the  navigation  controller  Is 
explicitly  modeled  as  a  function  of  the  errors  In 
his  dead-reckoning  sensors.  The  simulation  uses 
centralized,  optimal  processing  of  an  extended 
Kalman  filter.  Results  show  observability  on  a 
good  geometry,  with  some  degradation  in  performance 
when  dead-reckoning  sensor  errors  change  rapidly. 


INTRODUCTION 

Message-transmission  and  message-reception 
systems,  based  on  propagation  of  electromagnetic 
energy,  provide  the  opportunity  for  measuring  the 
range  between  sender  and  receiver.  This  is  the 
basis  of  the  relative  navigation  concept  considered 
In  this  paper  [1,2]. 

Suppose  that  each  vehicle  in  a  network  of 
users  carriers  a  terminal  which  performs  the  func¬ 
tions  of  transmitting,  receiving,  and  timing  of 
messages  and  also  does  the  Kalman  filtering  which 
supports  relative  navigation.  One  vehicle  of  the 
net  is  designated  as  the  navigation  controller 
(NC).  The  NC  defines  a  relative  grid.  A  principal 
objective  of  relative  navigation  Is  to  allow  all 
users  other  than  the  NC  to  locate  themselves  In 
this  relative  grid.  When  the  whole  fleet  operates 
without  geodetic  data,  we  have  pure  relative  navi¬ 
gation.  By  making  range  measurements  to  the  NC 
and/or  other  users,  and  by  combining  these  measure¬ 
ments  In  his  Kalman  filter  with  data  from  his  dead- 
reckoning  (DR)  system,  each  user  other  than  the  NC 
must  determine  his  position  coordinates  In  the 
relative  grid  and  the  orientation  of  the 
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northerly  axis  of  the  relative  grid  relative  to  the 
direction  of  north  as  Indicated  by  his  directional 
reference  (1,e.,  gyrocompass). 

A  prime  objective  of  this  study  was  to  develop 
a  simulation  tool  which  could  be  used  to  study  the 
observability  of  any  specified  vehicle  configura¬ 
tion  and  maneuvers.  A  secondary  objective  was  to 
use  this  tool  to  assess  the  sensitivity  of  the 
relative  navigation  concept  to  changes  In  the 
parameters  of  the  filter  model. 

Results  of  Prior  Work  by  Others  on  Observability 
and  Sensitivity 

It  has  been  recognized  [3]  that  relative  navi¬ 
gation  Is  unobservable  when  all  users  In  the  net¬ 
work  travel  In  formation,  l.e.,  on  parallel  courses 
at  equal  speeds.  It  has  also  been  recognized  that 
some  geometries  are  better  than  others,  that  Is, 
observability  will  be  marginal  In  poor  geometries.; 
The  part  of  the  relative  navigation  problem  that 
may  be  difficult  to  observe  In  such  situations  Is 
the  direction  of  the  relative  navigation  grid,  a 
simple  example  demonstrates  this. 

Suppose  there  are  three  vehicles,  A,  B,  and  C, 
In  the  network  of  users,  In  any  fixed  relative 
pattern  other  than  all  In  one  st,--|ght  line.  A  set 
of  three  perfect  measurements  of  the  ranges  AB,  BC, 
and  AC  determines  the  size  and  shape  of  the  tri¬ 
angle  ABC  uniquely.  However,  the  orientation  of 
this  triangle  with  respect  to  a  directional 
reference  established  by  any  one  of  the  three 
vehicles  cannot  be  determined  from  this  set  of 
data. 

It  has  been  recognized  that  a  (single)  Nr  must 
move  In  order  for  the  directions  he  defines  for  the 
relative  grid  axes  to  become  observable  to  the 
other  users.  A  stationary  point  (say,  a  land 
station)  cannot  serve,  therefore,  as  the  NC. 

As  used  here,  the  term  "sensitivity"  refers  to 
the  degree  of  variability  In  the  accuracy  of  the 
navigation  variable  estimates  due  to  variation  In 
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the  values  of  the  parameters  of  the  noise  model 
underlying  the  Kalman  filter  design. 

A  totally  different  approach  to  formulating 
the  relative  navigation  problem  is  presented  in 
C4]. 

The  Study  Plan 

The  simulation  study  was  undertaken  to  answer 
the  following  questions:  1)  Precisely  how  does  the 
NC  "define"  the  relative  grid?  In  particular,  what 
are  the  physical  manifestations  of  this  grid  that 
can  be  detected  by  other  members  of  the  net?  2) 

How  does  a  given  user  locate  his  own  x-y  position 
in  the  ralative  grid?  3)  How  does  a  given  user 
decide  where  the  nominally  north-pointing  axis  of 
the  relative  grid  is  oriented,  physically,  relative 
to  the  north  direction  as  indicated  by  his  own 
directional  reference?  How  do  DR  errors  of  the  NC 
influence  the  motion  of  the  relative  grid?  4)  Is 
it  possible,  that  is,  is  there  enough  information 
from  the  available  data,  for  a  collection  of  users 
to  unite  themselves  into  a  relative  navigation  grid 
established  by  the  NC?  The  “available  data"  are 
the  outputs  of  each  user's  DR  system,  plus  accurate 
range  measurements  between  users.  5)  Can  each 
member  accurately  predict  the  range  and  the  physi¬ 
cal  direction  (relative  to  his  own  gyrocompass)  of 
the  vector  from  himself  to  every  other  member?  To 
be  able  to  do  this  would  seem  to  be  the  litmus  test 
of  the  relative  navigation  concept  [5].  6)  If 
Indeed  it  is  possible  for  the  users  to  locate  them¬ 
selves  in  the  relative  grid,  can  this  be  done  to  a 
higher  accuracy,  or  more  quickly,  in  some  geome¬ 
tries  than  others,  and  if  so,  what  are  the  general 
characteristics  of  a  good  geometry?  7)  Finally, 
how  sensitive  is  the  operation  to  values  assumed 
for  the  parameters  of  the  Kalman  filter  noise 
model?  Since  the  noise  models  are  generally 
simplifications  of  reality,  one  would  hope  that 
filter  accuracy  would  not  be  overly  dependent  on 
these  assumptions. 

Design  Choices  in  the  Layout  of  the  Simulation 

One  key  difference  between  the  simulation  and 
practical  application  of  a  relative  navigation 
system  concerns  centralized  versus  decentralized 
processing.  In  the  simulation,  centralized  proces¬ 
sing  is  used.  This  means  that  all  measurements 
taken  by  any  vehicle  are  assumed  to  be  relayed  to  a 
central  source  for  processing  in  one  large  Kalman 
filter  for  the  whole  network.  While  admittedly 
Impractical  from  an  operational  viewpoint,  the 
advantages  of  this  choice  for  the  simulation  are  a) 
the  Kalman  filter  can  be  designed  as  an  optimal 
filter  for  the  given  dynamics,  measurements,  enu 
noise  errors  models;  b)  there  is  no  problem  of 
stability  of  the  filter;  c)  no  protocols  need  be 
established  or  simulated  as  to  who  can  range  on 
whom;  any  measurement  between  any  pair  of  users  is 
accepted  for  processing.  By  contrast,  a  practical 
realization  would  call  for  decentralized  processing 
in  which  each  user  carries  out  a  portion  of  the 
total  filtering  task,  using  only  measurements  he 


himself  has  taken.  Since  unrestricted  ranging 
between  users  in  such  an  arrangement  can  iead  to 
instability  [5],  selection  rules  have  been  devised 
governing  who  may  range  on  whom.  These  rules  can, 
and  have,  changed  from  time  to  time,  and  may  still 
be  changed  in  the  future  as  new  situations  are 
discovered.  Such  rules  would  have  unnecessarily 
complicated  the  simulation  for  the  purposes 
defined.  Decentralized  operation  leads  to  sub- 
optimal  results.  The  centralized  filter  presented 
here  provides  an  optimal  standard  for  use  as  a 
basis  of  comparison. 

The  simulation  studies  pure  relative  naviga¬ 
tion  with  no  geodetic  inputs.  It  handles  up  to 
four  vehicles,  each  of  which  has  a  DR  system 
consisting  of  heading  and  speed  sensors.  The  NC 
defines  the  relative  navigation  grid.  His  direc¬ 
tional  reference  defines  the  direction  of  grid 
north  continuously  over  time.  His  position  in  the 
relative  navigation  grid  as  derived  from  his  own  OR 
system  is  correct,  by  definition.  However,  the  DR 
errors  of  the  NC  cause  the  grid  to  translate  and 
rotate;  these  motions  are  explicitly  modeled.  The 
errors  of  all  DR  sensors  are  modeled  by  first-order 
Markov  processes,  except  that  the  NC's  gyrocompass 
error  is  modeled  by  a  second-order  Markov  process. 
The  filter  operates  open  loop;  corrections  to 
navigation  states  are  estimated,  but  these  esti¬ 
mates  are  not  fed  back  to  the  dead-reckoners.-  It 
is  a  covariance  simulation. 

The  following  assumptions  were  made  to  simp¬ 
lify  the  analysis:  flat  Earth,  two-dimensional 
(all  vehicles  at  zero  altitude),  perfect  and 
synchronized  clocks,  no  ocean  current  or  wind,  no 
sideslip,  and  the  statistical  model  of  the  sensor 
error  behavior  agrees  with  reality  (no  mismatch). 

Filter  Design 

The  simulation  uses  the  extended  Kalman 
filter,  discussed  in  [6,  pp.  182-188],  modified  for 
this  application.  The  n-vector  x,  to  be  estimated, 
will  be  a  vector  of  small  quantities  called  “cor¬ 
rections"  or  "microstates."  The  outputs  of  the  DR 
systems  will  be  large  quantities  (like  nautical 
miles  east  and  north  of  the  grid  origin)  called 
“macrostates"  and  denoted  by  the  N-vector  X1. 

(This  paper  uses  capital  letters  to  denote  macro¬ 
states  and  lowercase  letters  to  denote  microstates, 
with  the  exception  that  U  and  V,  defined  in 
Appendix  A,  are  microstates.  The  prime  denotes 
"Indicated  value”  of  a  navigation  variable.)  The 
true  values  of  the  macrostates  are  denoted  by  the 
N-vector  X.  The  filter  is  designed  to  be  a  "com¬ 
plementary  filter”  [7],  in  which  the  DR  system 
outputs  are  regarded  as  defining  the  (nonlinear) 
navigation  "process"  rather  than  being  "measure¬ 
ments"  in  the  Kalman  filter  Jargon;  the  filter 
"measurements”  are  the  range  measurements.  If  the 
true  value  of  x  were  available,  say,  from  a  perfect 
filter,  it  could  be  combined  with  the  indicated 
macrostates  X'  to  get  the  true  macrostates  X,  using 
the  nonlinear  (N  x  1)  vector  function  p: 
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X  ■  P(X * ,  x).  (1) 

With  only  estimates  x  of  the  correction  states 
available,  we  obtain  (estimated,  improved)  values  X 
of  the  macrostates  as  follows: 


X  *  P(X\  x).  (2) 

Because  there  are  errors  x  in  the  estimates  of  x, 
we  will  make  errors  X  in  the  estimate  X  of  X. 

Oenoting  the  (discrete)  measurement  of  range 
between  two  vehicles  at  time  tk  by  the  scalar  zk, 
and  the  true  range  by  the  scalar  function  h(X£, 

X|P ,  we  allow  for  the  possibility  of  measurement 
error  i>k  by  writing 

zk  ■  h(Xk,  xk)  +  ^k,  uk  ~  N (0 ,  Rk)  (3) 


where  the  notation  N(0,Rk)  signifies  that  Vy  is 
assumed  to  be  a  normally  distributed  discrete 
random  variable  with  zero  mean  and  variance  Rk> 

The  linear  dependence  of  the  measured  range  on 
the  correction  states  is  found  by  expanding  h  in  a 
Taylor  series  around  xk  ■  0  and  dropping  the  higher 
order  terms 


zk  *  h(Xj.)  + 


<k  * 


(4) 


The  (1  x  n)  matrix  of  partial  derivatives  of  h 
is  denoted  by  H.  That  is,  at  any  time  tk, 


0 


(5) 


This  H-matrix  is  the  observation  matrix  of  the 
extended  Kalman  filter.  Its  form  1  .  the  current 
application  is  derived  in  Appendix  B.  The  complete 
equations  for  the  filters  are  given  in  Table  I, 
adapted  from  (6,  p.  110]  to  use  the  notation  just 
developed.  Filter  notation  generally  follows  that 
of  [6].,  A  con'ention  used  throughout  this  paper  is 
that  a  true  s'ate  is  equal  to  the  indicated  state 
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plus  the  correction.  Thus,  if  X(  is  the  true  value 
of  a  macrostate,  Xj  Is  its  Indicated  value,  and  x1 
is  the  true  value  of  the  correction,  then  by 
definition, 

Xi=Xj+x1.  (6) 


The  Role  of  the  Navigation  Controller  in  Defining 
the  Relative  Navigation  Grid 

Many  grids  used  in  navigation  are  fixed  to  the 
Earth.  The  relative  navigation  grid,  although 
Intended  to  be  fixed,  and  ideally  so  (when  the  NC's 
DR  errors  are  zero),  in  actuality  translates  and 
rotates.  The  way  it  moves  and  the  things  which 
cause  it  to  move  will  be  revealed  when  we  carefully 
define  the  relative  grid  in  terms  that  will  enable 
it  to  be  implemented. 

Let  us  assume  that  each  vehicle  in  the  net, 
Including  the  NC,  periodically  announces  his  own 
position  in  the  relative  grid.  The  NC's  position 
in  the  relative  grid,  as  announced  by  him,  is 
defined  to  be  perfect.  This  statement,  turned 
inside  out,  becomes  part  of  the  definition  of  the 
relative  grid.  The  relative  grid  origin  and  grid 
axis  directions  must  be  such  that  all  times  the 
NC's  coordinates  in  this  grid  equal  the  coordinates 
he  announces  to  the  other  users  in  his  messages. 
This  implies  the  following  three  statements:  1) 
error  of  the  NC's  speed  sensor  causes  the  origin  of 
the  grid  to  move  in  the  direction  of  the  NC's  keel 
at  a  rate  numerically  equal  to  the  error;  2)  rota¬ 
tional  drift  of  the  NC's  directional  reference 
causes  the  relative  navigation  grid  axes  to  rotate 
at  the  same  rate;  and  3)  drift  of  the  NC's  direc¬ 
tional  reference  at  a  rate  ASacauses  the  origin  of 
the  grid  to  move  at  a  rate  Ra  A?  where  Rs  is  the 

a  a  a 

range  of  A  (the  NC)  from  the  origin  (see  eqn.  A19) . 
If  the  NC  has  a  more  sophisticated  DR  system,  such 
as  an  inertial  navigation  system,  then  its  errors 
will  propagate  into  motion  of  the  relative 
navigation  grid  in  a  more  complicated  way.  The 
state  vector  definition,  and  its  dynamics,  are 
developed  in  Appendix  A. 


SIMULATION  STUDIES 

The  simulation,  called  Simulation  4,  consists 
of  two  programs,  the  Oriver,  and  the  Filter.  The 
Driver  sets  up  the  vehicle  geometry  as  a  function 
of  time  (the  "maneuver  schedule"),  and  this  infor¬ 
mation  is  provided  to  the  Filter.  The  Filter 
contains  the  equations  of  the  propagation  of  the 
covariance  matrix  of  the  extended  Kalman  filter. 

The  Filter  prepares  selected  plots  of  the  results 
for  visual  interpretation.  In  particular,  It 
provides  a  plot  of  the  square  root  of  each  main- 
diagonal  element  of  the  covariance  matrix,  and 
three  figures  of  merit  versus  measurement  number  in 
the  sequence  of  measurements. 


An  error  is  the  negative  of  a  correction. 

Thus,  if  x.  is  the  true  value  of  a  microstate,  x. 

i  M  I 

its  estimated  value,  and  x(  the  error  in  the 
estimate,  then  by  definition, 

x,  *  x1  -  x,.  (7) 


One  particularly  interesting  case  studied 
dealt  with  two  aircraft  (A  and  B),  and  two  ships  (C 
and  D),  with  the  aircraft  circling  the  ships  in  a 
closed  pattern  (Fig.  1(a)).  This  case  has  good 
geometry  because  the  changing  directions  of  the 
lines  of  sight  will  permit  triangulation;  one 
expects  to  find  "high"  observability. 
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System  model 


Measurement  model 


Initial  conditions 


Summary  of  Discrete  Extended  Other  assumptions 

State  estimate 
extranolatlon 

Kalman  Filter  Equations 

Error  covariance 
extrapolation 

State  estimate 
update 

Error  covariance 
update 

Kalman  gain  matrix 


xk  *  ♦k-lxk-l  +  *k-l  wk  "  N(°-Qk) 

zk  *  Hk  xk  +  "k  •'k  ~  N(°-R  ) 

E[x(0)]  ■  xQ  e[(x(0)  -  x0)(x(0)  -  Ax0)T]  *  P0 

E[wk*'J]  ’  0  for  4,1  k 

xk  ‘  *k-l  xk-l 

Pk  *  *k-l  Pk-1  *k-l  +  Qk-1 
xk  "  xk  +  Kk[*k  ‘  hk(xk*xk)] 

pk  *  l1  *  'VkK 

Kk  ■  pk  Hk(Hkpk  Hi  +  Rkl‘1 


Fig.  1. 


(a)  Group  configuration. 


start  (7) 
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The  ships  sail  due  south  for  most  of  the  time, 
but  each  takes  a  short  jog,  one  to  the  southwest, 
the  other  to  southeast.  The  mission  time  Is  30 
min,  during  which  time  31  range  measurements  are 
made.  The  lines  of  sight  between  the  two  vehicles 
In  each  measurement  take  on  diverse  directions, 
effectively  spanning  the  360“  range  of  possibili¬ 
ties.  This  can  be  visualized  by  noting  the  air¬ 
craft  positions  according  to  the  numbered  dots  In 
Fig.  1(b).  The  arrow  numbered  1  points  from  the 
location  of  the  transmitting  vehicle  to  ihe 
location  of  the  receiving  vehicle,  at  the  1th 
measurement  time. 


Table  II  presents  a  suninary  of  the  Input  data 
and  the  results.  The  one-sigma  values  of  the  speed 
(0.5  and  1.68}  and  heading  (0.2  and  0.333)  sensor 
accuracy  were  taken  as  generally  representative  of 
DR  systems  for  ships  and  aircraft,  respectively. 

All  numerical  values  presented  have  been  normalized 
to  arbitrary  units.  A  large  value,  3,  was  used  for 
the  Initial  position  standard  deviation  on  each 
axis  for  each  vehicle  other  than  the  NC,  reflecting 
the  uncertainty  of  each  as  to  Its  location  In  the 
relative  grid.  Similarly,  a  large  value,  2,  was 
adopted  for  the  Initial  angular  standard  deviation 


(b)  Measurement  sequence. 


End  Results 


TABLE  II 


Summary  of  Input  Conditions 


and  end  results 


Correlation  Measurement 
Time  Error 


Error 

(*R> 

F0M1 

F0M2 

FOM3 

1 

0.32 

0.0015 

0.7 

100 

31.59 

0.1445 

68.3 

100 

43.51 

0.2427 

122.9 

100 

55.94 

0.3003 

157.7 

100 

65.70 

0.3719 

202.2 
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for  each  vehicle  other  than  the  NC,  reflecting  the 
uncertainty  of  each  as  to  the  orientation  of  the 
relative  grid  north  axis  compared  to  the  Indicated 
north  of  his  own  DR  system.  Since  A  defines  the 
relative  navigation  grid,  he  has  no  Initial 
position  nor  Initial  heading  uncertainty. 

Results 

The  results  of  each  run  are  conveniently  sum¬ 
marized  by  three  figures  of  merit,  F0M1,  F0M2,  and 
F0M3.  Following  [5],  F0M1  Is  the  rms  ranging  error 
of  the  network  when  each  vehicle  attempts  to 
predict  the  range  to  each  other  vehicle,  based  on 
the  Indicated  grid  positions  of  each  plus  filter- 
estimated  corrections.  FOM2  Is  the  rms  angular 
error,  when  each  vehicle  In  the  net  attempts  to 
point  at  each  other  vehicle  based  on  deriving  a 
predicted  line  of  sight  In  the  relative  grid,  and 
then  laying  a  telescope  to  that  line  of  sight  by 
measuring  from  the  vehicle's  own  directional 
reference  indicated  north,  corrected  by  his 
estimate  of  the  angle  to  relative  grid  north.  F0M3 
Is  the  rms  cross-range  miss  of  a  hypothetical 
projectile  fired  by  each  vehicle  at  each  other 
vehicle. 

Appendixes  C,  0,  and  E  derive  the  equations 
for  the  FOMs.  Observing  a  plot  of  FOH  versus 
measurement  number  Is  a  convenient  way  to  assess 
the  convergence  of  the  filter  with  time,  that  Is, 
the  ability  of  the  users  Jointly  to  determine  their 
position  In  the  grid,  and  the  angle  between  grid 
north  and  each's  own  Indicated  north  according  to 
his  DR  system.  Alternatively,  one  can  summarize 
the  results  of  a  run  by  noting  the  values  of  F0M1, 

2,  and  3  at  the  final  time;  If  these  values  are 
acceptably  small,  then  the  filter  has  converged, 
the  users  have  found  their  place  In  the  relative 
grid,  and  the  relative  navigation  problem  has  been 
found  to  be  observab'e. 

Case  7  (Table  II)  treats  a  situation  with  a 
highly  accurate  range  measurement  (oR  *  1)  and 
constant  biases  (t  »  »)  on  all  DR  sensors.  One 
concludes  from  the  results  at  the  final  time,  which 
show  very  small  FOHs,  essentially  zero  *hat  this 
geometry,  coupled  with  Its  maneuver  „nd  irjasurement 
schedule,  Is  highly  observable,  fhe  filter  if 
quite  able  to  sort  out  all  of  the  various  Indi¬ 
vidual  sources  of  error  and  obtains  a  good  estimate 
for  each. 

Having  established  that  this  Is  an  observable 
geometry,  the  next  question  Is,  how  badly  do  things 
degrade  when  a  more  realistic  measurement  error  Is 
Introduced?  Case  3  provides  the  answer;  F0M1,  the 
final  rms  ranging  error,  at  31.59,  Is  proportional 
to  the  one-sigma  measurement  error  of  100,  compared 
with  case  7.  The  network  of  users  has  also  been 
able  to  estimate  angular  relationships  to  a  satis¬ 
factory  level  of  accuracy,  as  shown  by  F0M2  and  3 
In  Table  II.  Fig.  2  shows  four  computer-generated 
plots  for  this  case.  The  first  of  these  1$  the 
standard  deviation  of  the  error  In  the  estimate  of 


Fig.  ?■. 


Convergence  of  filter, case  3,  (a)  Error 
in  estimate  of  8 1 s  X-posItlon,  root  P  (7,7). 
(b)  Error  In  estimate  of  B 1 s  directional 
reference  with  respect  to  relative  grid  north, 
root  P  (10,10).  (c)  RSS  network  ranging  error, 
F0M1.  (d)  RSS  network  pointing  error  F0M2. 

x-,  vehicle  B's  X-posItlon  In  the  relative  naviga¬ 
tion  grid.  The  second  Is  the  standard  deviation  of 
the  error  In  the  estimate  of  x.q,  the  angle  between 
the  Y  axis  of  the  relative  grid  and  B's  north  as 
Indicated  by  his  directional  reference.  The  third 
and  fourth  plots  are  FOM1  and  F0W2.  All  show  good 
convergence  from  Initial  uncertainty  levels.  The 
white  and  black  plotted  points  correspond  to  the 
before-  and  after-measurement  values,  respectively. 


,«bVcw<' 
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Now  suppose  that  the  sensor  errors  are  no 
longer  constant,  but  change  at  a  rate  dependent  on 
the  correlation  time  r  of  the  associated  Harkov 
process  (Appendix  A).  Certainly  It  will  be  more 
difficult  for  the  filter  to  estimate  changing 

errors  than  constant  ones.  This  Is  borne  out  In 
the  results  of  cases  ♦,  5,  and  6  (Table  II).  Cases 
3-6  form  a  group  In  which  all  conditions  are 
Identical,  but  for  the  correlation  time.  Plots  of 
the  final  results  for  F0H1,  2,  and  3  as  a  function 
of  sensor  correlation  time  appear  as  Fig.  3.  It  Is 
seen  that  all  errors  Increase  as  the  correlation 
time  decreases.  This  set  of  curves  gives  an  indi¬ 
cation  of  the  sensitivity  of  the  relative  naviga¬ 
tion  concept  to  noise  model  parameters  of  the 
sensors.  The  more  nearly  the  sensor  error  Is 
constant,  the  better  the  filter  can  estimate  Its 
value. 

Recall  that  these  are  optimal  results  under 
conditions  of  no  mismatch.  That  Is,  the  speed 
sensor  error  (for  example)  really  does  behave  as  a 
first-order  Markov  process  with  the  stated  correla¬ 
tion  time  and  the  known  standard  deviation,  exactly 
as  set  Into  the  program.  If  the  actual  sensor  has 
a  different  response  than  that  modeled  In  the 
filter,  then  the  simulation  result  could  be  overly 
optimistic. 

CONCLUSIONS 

This  paper  has  presented  an  optimal,  cen¬ 
tralized  filter  to  study  relative  navigation 
observability.  The  effect  of  the  errors  of  the 
navigation  controller's  OR  sensors  on  the  motion  of 
the  relative  navigation  grid  has  been  explicitly 
accounted  for.  In  a  good  geometry  and  maneuver 
schedule,  the  relative  navigation  positions  are 
observable;  that  Is,  given  fixed  bias  errors  on  all 
the  DR  sensors,  and  given  perfect  measurements,  the 
rms  network  ranging  and  pointing  errors  are  driven 


essentially  to  zero  after  a  suitable  series  of 
measurements.  Thus,  a  given  user  is  able  to  locate 
himself  In  the  relative  navigation  grid  and  to  find 
Its  orientation  relative  to  his  own  directional 
reference.  In  the  same  geometry/maneuver  schedule, 
and  given  constant  DR  sensor  errors,  but  con¬ 
sidering  measurements  with  less  than  perfect 
accuracy,  the  rms  network  ranging  accuracy  Is 
proportional  to  the  measurement  accuracy..  The 
sensitivity  of  the  network  ranging  and  pointing 
accuracy  to  correlation  time  of  the  sensors  has 
been  shown  for  the  case  where  the  DR  sensor  errors 
are  not  constants,  but  rather  changing  according  to 
Harkov  random  processes.  The  results  show  a 
moderate  degradation  In  accuracy  with  decreasing 
correlation  time.  The  fact  that  the  pointing 
accuracy,  FOM2,  converges,  Indicates  that  It  will 
be  feasible  to  exchange  tracks  among  vehicles. 

APPENDIX  A.  DERIVATION  OF  EQUATIONS  OF  NOTION 

Discussion  of  the  Reference  Frames  of  Interest 

Careful  consideration  of  the  relevant 
reference  frames  Is  essential  to  making  explicit 
the  motion  of  the  relative  navigation  grid  as  a 
function  of  the  errors  In  the  sensors  of  the  NC's 
dead-reckoning  system.  For  this  purpose,  two 
frames  will  suffice,  the  relative  navigation  frame 
or  grid  denoted  by  M  (for  "moving")  and  an  Earth- 
fixed  frame  denoted  by  F.  The  axes,  origin,  and 
unit  vectors  of  F  are  denoted  by  Xp,  Yp,  Zp,  0,  1, 
J,  k,  respectively.  Xf  and  Yp  are  nominally  east 
and  north,  respectively.  Zp  Is  up.  The  axes, 
origin,  and  unit  vectors  of  the  H-frame  are  X,  Y, 

Z,  Q,  a,  />,  7,  respectively.  The  two  frames  are 
coincident  at  the  start  (t  =  0)  of  the  operation, 
with  Yp  «  Y  directed  along  A’s  Indicated  north  (A 
being  the  NC)  at  an  angle  A0a(O)  from  true  north. 
The  angle  A0a(t)  Is  defined  to  be  positive  In  the 
clockwise  (CW)  direction  from  true  north  to  A's 
Instantaneous  indicated  north,  as  shown  In  Fig.  4 


Fig.  3.  Variation  of  convergence  with  correlation  time. 
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TRUE 

NORTH 


Fig.  4.  Reference  frames  at  time  zero 

for  time  t  ■  0.  The  Zp  and  Z  axes  remain  parallel 
to  each  other,  directed  upward  along  the  true 
vertical  for  t  1  0,  As  time  progresses,  A  moves, 
and  so  does  the  M-frame,  until  the  situation  Is  as 
pictured  In  Fig.  5.  Here  Q  has  moved  away  from  0 
by  distances  U  and  V  along  the  XpYp  axes.  The  axes 
of  M  have  rotated,  and  Y  Is  now  a  CW  angle  A®a(t) 
away  from  true  north.  At  every  Instant,  the  Y  axis 
Is  defined  to  be  parallel  to  the  direction  of  north 


as  Indicated  by  A's  directional  reference.  At  time 
t,  A's  keel  makes  a  CW  Indicated  angle  8 1  with 
respect  to  A's  Indicated  north,  and  ®a  =  ®^  +  A®a 
Is  the  heading  with  respect  to  true  north.  (In 
these  figures,  parallel  translations  of  axes  are 
denoted  by  primes.) 

Now  look  at  some  other  user,  say  B.  His  true 
position  coordinates  In  the  M-frame  are  (X^,  Yfa).. 

At  this  Instant,  his  directional  reference 
generates  a  physical  direction,  “Indicated  north,” 
as  shown  In  Fig.  5.  ®Z  Is  the  Indicated  heading  of 
his  vehicle,  where  ®Z  Is  the  CW  angle  from  B's 
Indicated  north  to  the  direction  of  B's 
longitudinal  axis.  The  true  heading  of  B  Is  the  CW 
angle  9b  from  true  north  to  the  longitudinal  axis. 
The  correction  to  heading,  A®b,  Is  that  angle  which 
must  be  added  to  ®£  to  get  ®b.  Therefore,  A®b  Is 
the  CW  angle  from  true  north  to  B's  Indicated 
north.  The  CW  angle  from  the  relative  grid  Y  to 
B's  directional  reference  Is  (A®b  -  A®a),  Fig.  5,, 
All  these  angular  variables  are  functions  of  time; 
their  dependence  on  time  is  frequently  suppressed 
from  the  notation  for  convenience. 

For  user  B  to  locate  the  relative  navigation 
grid,  he  must  know  how  his  directional  reference 
(Indicated  north)  Is  pointed,  relative  to  the 
Indicated  north  of  the  directional  reference  of  A; 
that  Is,  he  must  know  (A®b  -  A®  ).  It  will  be  the 
Job  of  the  Kalman  filter  to  estimate  the  correction 
state  (A®b  -  A®a) ., 


Fig.  5.  Definition  of  angles  and  vectors  for  user  B,  (Symbols 
with  arrows  above  them  correspond  to  boldface  symbols  In  the  text.) 
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The  Notion  of  A 

Consider  the  motion  of  A.  Referring  to 
Fig.  5, 


Assuming  that  this  vector  has  true  magnitude 
S  ,  and  direction  along  A's  longitudinal  axis  (Fig. 
5),  we  can  express  this  velocity  In  terms  of  Its 
M-frame  coordinates  as  follows: 


’‘OA  *  ROQ  +  ®QA‘ 

Differentiate  with  respect  to  the  F-frame  and  con¬ 
vert  the  last  term  on  the  right-hand  side  to  a 
derivative  with  respect  to  thu  M-ftame,  using 
Coriolis'  law,  where  «pM  Is  the  angular  velocity  of 
the  H- frame  with  respect  to  the  F-frame 

^  .  ^Ofi  +  fQA  +  M  ,,  (A2) 

dt  F  dt  F  dt  M  WFH  x  V‘  '  ' 

The  procedure  to  be  followed  next  will  be  to 
express  all  vectors  In  terms  of  M-frame  components, 
and  to  use  first-order  approximations  where  appro¬ 
priate  for  products  Involving  small  quantities. 

The  set  of  unit  vectors  1,  J  In  terms  of  a,  p  are 
obtained  by  Inspection  of  Fig.  5: 

1  J  a  +  p  A«a  J  :  ■  a  Mj  ^  (A3) 

where  the  symbol  5  Implies  "equal  to  first  order." 

Also,  a,  p  In  terms  of  1,  j  are 

a  :  1  -  J  Kj  ;:-1Ma  +  J.  (*♦) 

By  definition  of  U  and  V,  Rgg  ■  1  U  +  J  V. 
Differentiating  with  respect  to  the  F-frame,  and 
expressing  the  result  In  terms  of  Its  M-frame  com¬ 
ponents  through  the  use  of  (A3) , 


isTp  ■  •  vin  •; +  f  sacos  *;•  <Al 

inserting  (A10),  (A5),  (A7),  and  (A9)  Into 
(A2),  leads  to  the  following  equations,  one  each 
for  the  a  and  p  components: 


a:  Sa  sin  8;  •  0  +  *a  +  Ya  A?a 


P-  sa  cos  9a  “  ?  +  ?a  '  xa  kK  * 

In  these  equations,  $a  and  f  are  the  east  and 
north  components  of  A's  velocity  In  the  relative 
navigation  grid.  They  are  obtained  as  ojtputs  of 
A's  DR  system,  using  the  measured  speed  and 
measured  heading  and  accepting  these  measurements 
as  though  they  were  true,  according  to  the  defini¬ 
tion  that  the  NC's  position  In  the  relative 
navigation  grid  Is  perfect.  That  Is, 


Sa  *  Sj  sin  B'a 


?a  =  S^  cos  0'A.  (A13) 


Ifip  p  *  (“  +  P 


+  (-a  A«d  *■  p)%  ”  a  0  +  p  5  A5 

where  we  have  dropped  second-order  terms  In  0,  5, 
and  A9a,  all  of  which  are  small  quantities.  By 
definition  of  the  coordinates  of  A  In  the  M-frame, 

V  a  *  xa  +  t  V  m 

Differentiating  with  respect  to  the  M-frame 


Inserting  these  Into  (All)  and  (A12)  gives 


Sa  Sin  -  0  ♦  sin  ♦  Ya  A?a 
sa  cos  .  » ♦  s;  cos  »;  -  xa  A»a. 


By  the  definition  of  correction  states, 


Si  ■  sa  -  ASa‘ 


Use  (A16)  to  eliminate  S'  from  (A14)  and  (A15)  and 
obtain  11 


0*0-  (sin  9j)  ASa  +  Ya  A?a 


^  (A7) 

at  ^  a  r  a 

By  definition,  and  noting  that  A?a  Is  positive  when 
the  Y  axis  drifts  In  the  CW  direction, 

WFM  *  -  7  *».-  M 

The  cross-product  In  (A2)  Is  evaluated  using  (A6) 
and  (A8). 

W-„  it,.  *  a  Y  A  i.  -  P  X.  A?..  (A9) 

rn  a  a  a  a 

The  vector  dRgA/dtlF  appearing  In  (A2)  represents 
the  true  velocity  of  A  with  respect  to  the  Earth. 


0  -  (cos  9’a)  ASa  +  Xa  A?a.  (A18) 

Now  replace  6 ^  by  (8a  -  A8a),  expand  the  trigo¬ 
nometric  functions,  and  drop  all  second-order  terms 
In  the  small  quantities  A8  and  AS  .  Then  solving 
for  0  and  5,  we  obtain 


0  .  (sin  ASa  -  Ya  A?a 
?  *  (cos  8')  ASa  -  Xa  A?a. 


(A19) 


This  pair  of  equations  tells  us  how  the  relative 
grid  origin  Is  translated  by  the  speed  and  heading 
errors  of  A's  DR  system. 
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Equation  (A19)  is  part  of  the  total  set  needed 
to  define  the  dynamics  of  the  microstates, 
according  to  the  matrix  dynamics  equation  x  = 

Fx  +  w,  which  leads  to  the  difference  equations  of 
the  system,  the  first  line  of  Table  I. 

The  Notion  of  B 

We  analyze  the  motion  of  user  B  in  a  manner 
similar  to  that  for  A,  taking  note,  however,  of  the 
differences  which  arise  due  to  the  preferred  treat¬ 
ment  accorded  to  A  by  the  rest  of  the  relative 
navigation  network.  The  true  position  vector  for  B 
can  be  expressed  in  terms  of  its  M-f-ame  coordin¬ 
ates  (see  Fig,  5). 

V  ■  a  Xb  +  f  V  {m) 

Differentiating  with  respect  to  the  M-frame, 


*b  'Sbs1n9b  *b'Sbcos9b'  <A26> 

Using  the  convention  for  corrections, 

4*b  ■  *b  -  K'  4?b  *  fb  '  ?b-  <AZ7> 

Substituting  (A24),  (A25),  and  (A26)  into  (A27), 
along  with  the  definition  Sb  =■  S£  +  ASb,  and 
expanding  the  trigonometric  functions  to  first 


order  in  small  quantities,  we  obtain  the  differen- 

tial  equations  for  B' 

s  position-correction  states, 

4*b  S  (s1n  9b)  4Sb  + 

(sb  cos  $b]  (A*b-  A9a) 

-  6  -  Yb  A»a 

(A28) 

4?b  “  (cos  fij  ASb  - 

(Sb  sin  6$  (a9„-  A9a) 

-  ?  +  xb  4Ja  . 

(A29) 

From  Fig.  5, 

^OB  *  ^OQ  +  **QB' 


Differentiating  with  respect  to  the  F-frame, 
but  then  converting  the  last  term  to  the  M-frame 
with  Coriolis'  law: 


Express  each  vector  in  this  equation  in  terms  of 
its  M-frame  components.  The  vector  on  the  left- 
hand  side  is  the  true  velocity  of  B  with  respect  to 
the  Earth.  From  (A3),  this  is  seen  to  be 


*  a  sb  sln  (9b  +  49b  '  49a) 

+  P  sb  cos  (9b  +  49b'  49a)' 


(A23) 


Inserting  (A5),  (A21),  (A8),  (A20),  and  (A23)  into 
(A22) ,  separating  by  a,  p  components,  and  solving 
for  i.  ?b,  the  true  velocity  components  of  B  in  the 
relative  grid, 

*b  '  sb  s,n  (9b  +  49b  '  A9a)  ’  5  *  Yb  4*a  <A24> 

?b  *  Sb  cos  (9b  +  49b  '  49a)  '  5  +  xb  Lh  (m) 

B's  indicated  components  of  velocity  in  the 
relative  grid  {$£,  ?£)  are  obtained  from  his  DR 
system: 


Simtlar  equations  hold  for  the  states  associated 
with  vehicles  C  and  D,  obtained  by  replacing 
subscript  b  with  c  and  d  in  turn. 

The  State  Vector 

The  state  vector  x  of  the  Kalman  filter  can 
now  be  defined.  Vehicle  B  has  four  states  associa¬ 
ted  with  it,  the  correction  to  east  (AXb)  and  north 
(AYb)  position  fn  the  relatiie  grid,  the  correction 
to  speed  (ASb),  and  the  CW  angle  (A9b  -  A9a)  from 
relative  navigation  grid  north  to  B’s  directional 
reference.  These  four  states  are  x?  -  Xj0, 
respectively..  Vehicle  C  has  four  similar  states 
(Xjj  -  xH),  and  D  has  four  (x15  -  xlg).  A  is 

treated  differently  because  of  his  special  role  as 
NC.  There  are  no  corrections  to  his  relative  navi¬ 
gation  position.  We  do  try  to  estimate  A9a  for 
him;  however,  in  view  of  the  fact  that  there  is 
nearly  nothing  in  the  system  that  makes  true  north 
directly  observable  (except  for  the  weak  tendency 
of  all  four  directional  references  to  distribute 
their  errors  about  true  north  over  time),  we  will 
not  expect  estimates  for  A9a  to  be  particularly 
good.  The  correction  states  associated  with  A  are 
his  speed  correction  (A$a),  his  heading  correction 
(A0a)  and  its  derivative  (A?a),  the  Cartesian 
components  U  and  V  of  the  displacement  of  the 
origin  of  the  relative  grid  from  its  initial 
position,  and  the  initial  value  A9a(0).  (This  last 
is  a  remnant  of  a  previous  formulation  of  the 
problem  and  could  have  been  omitted.)  The  states, 
18  in  all,  are  defined  in  Table  III. 


State  Vector  Dynamics 

A  first-order  differential  equation  must  be 
found  for  each  component  of  the  state  vector. 
Starting  with  x^  s  AS  ,  a  first-order  Markov 
process  with  correlation  time  r$a  s  is  used  to 
model  A's  speed-sensor  correction.  The  same  kind 
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TABLE  III 

The  State  Vector  of  the  Kalman  Filter 


R  =  R'  +  #jj  [fiXj  -  AX,)  +  (AYj  -  AY,)  (B3) 


Definitions 


where  we  define  ejj  and  as  follows: 


4Sa 

4*a 

u 

V 

■  A9a(0) 

■  AXb 

■  AYb 

■  ASk 


X10  1  48b 


AS, 


11  *  4Xc 


12 


AY„ 


x13  *  4Sc 
x14 
x15 
x16 
x17 

x18  *  48d  *  4fla 


*  AS,  -  AS, 

4Xd 

4Yd 
AS , 


‘U 


Xj  -  VJ  -  y; 


"Ji 


"Ji 


(84) 


The  state  vector  x  has  elements  for  each  Incremen¬ 
tal  variable  In  (B3);  the  coefficient  of  the  1th 
state  variable  Is  H,,  by  definition  of  (5).  Hence, 
there  are  four  nonzero  elements  In  H  when  B,  C,  or 
D  range  on  each  other.  There  are  only  two  nonzero 
elements  In  H  when  A  Is  Involved  In  the  measure¬ 
ment,  because,  by  definition  of  his  role  as  NC, 
there  are  no  A  positions  for  A., 


APPENDIX  C.  DERIVATION  OF  F0M1 


F0M1  Is  the  rms  network  ranging  error,  a 
measure  of  the  standard  deviation  of  the  error  when 
the  member  of  one  net  predicts  the  range  to 
another;  that  Is, 


F0H1  "  [l  [E[5ab]  +  E[Rac]  +  E[Rad] 


of  model  was  used  for  the  speed  sensor  of  vehicles 
B,  C,  and  D,  and  for  the  heading  sensor  of  vehicles 
B,  C,  and  D.  For  convenience,  a  second-order 
Markov  process  was  adopted  for  the  heading  sensor 
of  A.  Differential  equations  have  been  obtained 
for  U,  V,  In  (A19),  requiring  only  the  change  of 
notation  to  state  variables.  Also,  differential 
equations  have  been  obtained  for  aL  and  A?b  In 
(A28)  and  (A29).  Equations  of  the  identical  form 
hold  for  vehicles  C  and  0.  These  equations  In  the 
continuous  state-variable  form  x  *  Fx  +  w,  can  be 
converted  to  the  matrix  difference  equation  xk  « 

^k-1  xk-l  +  wk-l'  as  needel1  for  the  system  model  of 
Table  I,  by  following  the  procedures  of  [6,  p.77), 
using 


E[Rbc]  +  E[Kbd]  +  EM)1/2  <C1> 


where  R,k  Is  the  error  In  estimate  R,k 
of  range  R,k  from  vehicle  J  to  vehicle  k  and  eJR?^] 
Is  the  variance  of  the  error  R,k.  Since  Kjk  *  i$kj, 
It  Is  only  necessary  to  consider  the  six 
possibilities  given  In  (Cl).  The  true  range  In  the 
M-frame  Is 


Rjk  ■  [K  -  xj)z  +  K  -  vj)T/2 
•  IK +  4iik +  4*k  -  xj  -  4xj  -  4Xj)2 

+  (Yk  +  4Yk  +  4’k  -  -  4V  4?j)2]1/Z- 


*k  '  1  +  F(lk)  4t'  \  -  0(tj  it..  (A30) 

APPENDIX  B.  THE  H  MATRIX 

The  true  range  between  vehicles  1  and  j  Is 
R  -  [(Xj  ♦  AXj  -  Xj  -  AX,)2 

+  (yj  +  4Yi  -yj  -  ayi]2]1/Z-  (B») 

Evaluate  at  AX  *  AY  *  0  to  get  indicated  range  R1: 


(C2) 

The  estimated  range  In  the  M-frame,  as  made  by 
either  vehicle  J  or  k,  Is 

RJk  ’  l(Xk  +  4Xk  -  Xj  -  4Xj)2 

+  (Yk  +  4Vk-yj  -4Yj)T/2-  <C3) 

The  error  In  the  estimate  Is  obtained  from  the  two 
preceding  equations,  using  a  Taylor  series,  and 
dropping  higher  order  terms  In  the  small  quantities 
AX: 


R'  •  f fx -  xil2  -  fvt  -  y *121  . 

It  J  1J  u  U  J 

Expanding  R  In  a  Taylor  series  about  AX 
and  dropping  higher  order  terms, 


R..  *  R..  -  R.. 

JX  JX  JX 


AY  *  0 


«..f*J.  -  aX.1 

JU  It  J  J 

+  >JkK  -  4Yj) 


(C4) 


where  a,k  and  /),k  are  defined  similarly  to  (B4), 
but  dropping  primes.  The  variance  of  the  error  In 
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the  rang  from  b  to  c,  for  example,  Is  obtained 
from  (C4|  as  follows: 

E(^bc)  *  E([“bc(xll  '  x?)  +  ^bc (x12  “  x8]]2} 

'  abc(Pll,H  +  P77  ‘  2P7,ll) 

+  ^bc  (P12, 12  +  P88  '  2P8, 12) 

+  2abc4c(PU,12  ‘  P8, 11  ‘  P7, 12  +  P78) 

(C5) 

where  we  have  used  the  definition  of  the  covariance 
elements: 

Pjk  '  E[XJ  xk]  •  (C6) 


Define  f,.  s  the  azimuth  angle  of  the  line  of 
sight  (LOS)  from  vehicle  1  to  vehicle  j,  measured 
clockwise  from  the  north  axis  of  the  H-frame  to  the 
LOS,  as  In  Fig.  6.  Suppose  8  wants  to  point  to  C. 
The  correct  pointing  angle  gbc  from  B • s  directional 
reference  to  the  LOS  Is 

fbc  '  'be  *  K  "  4®a]  ■  'be  *  x10  <D3) 

as  shown  In  Fig.  6.  The  estimated  value  jbc  Is 

fbc  *  'be  *  x10  (D4) 

and  the  error  In  the  estimate  Is 

fbc  '  fbc  *  ?bc  *  'be  '  'be  '  x10  +  x10 


APPENDIX  D.  DERIVATION  OF  F0M2 

F0M2  Is  the  rms  angular  pointing  error  when 
each  vehicle  In  the  net  tries  to  point  a  telescope 
at  every  other  vehicle  on  the  basis  of  knowing  the 
Indicated  position  coordinates  of  each  vehicle, 
together  with  the  estimated  state-vector  x.  The 
pointing  will  be  In  error  because  of  errors  In  the 
estimate.  In  addition,  one  must  consider  what  is 
meant  by  "pointing."  Here  we  mean  that,  If  B  Is  to 
point  at  C,  for  example,  that  B  will  train  a  tele¬ 
scope  on  his  deck  (assumed  to  be  level)  through  an 
angle  from  B's  north,  as  Indicated  by  B's  direc¬ 
tional  reference  (gyrocompajs) ,  corrected  by  the 
estimated  correction  state  x10,  to  the  azimuth 
which  B  computes  as  the  azimuth  of  the  line  of 
sight  to  C.  Then  the  error  Is  the  difference 
between  where  the  telescope  line  Is,  and  the  true 
line  of  sight  from  B  to  C,  l.e.,  the  error  in  the 
physical  pointing  angle.. 

In  this  case,  because  the  directional 
reference  errors  are  different  for  each  vehicle, 
the  angular  error  In  B  pointing  at  C  Is  generally 
different  from  the  error  In  C  pointing  at  B.  Thus, 
we  have  to  consider  all  possible  combinations  of 
one  vehicle  pointing  at  another.  Let 

V0PPE(j  s  variance  of  the  physical  pointing 
error  from  vehicle  1  to  vehicle  J, 

1,  J  *  1,  2,  3,  4.  (Dl) 


Then  F0M2,  defined  as 


F0M2 


m 


4 

I 


1/2 


VDPPEij 


(02) 


fbc  ‘  'be  ‘  'be  '  x10‘ 

The  true  value  of  the  azimuth  angle  Is 

-if 


'be  =  tan 


X,  -  V 

c _ b 


(05) 


=  tan 


-1 


xr.  +  4Xc  -  4*c  -  Xb  •  4Xb  1  4*b 


Yc  +  4Yc  ‘  4\  -  Yb  •  4Yb  +  4Yb 


(D6) 
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Is  the  rms  pointing  error  of  the  network  of  uitii. 


Fig.  6.  Telescope-pointing  angles.. 
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The  estimated  value  Is 
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Substituting  (D6)  and  (D7)  Into  (05), 
expanding  to  first  order  In  the  small  quantities  x, 
and  replacing  the  AX's  and  AY's  by  their  state- 
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APPENDIX  E.  DERIVATION  OF  F0N3 

F0M3  Is  the  rms  linear  crossrange  miss  when 
each  vehicle  In  the  net  tries  to  fire  an  Imaginary 
projectile  at  each  other  member.  For  one  pair  of 
vehicles  1  and  J,  the  linear  miss  when  1  fires  at  J 
Is  the  product  of  the  angular  pointing  error  (1J) 
times  the  range  R,,.  Therefore,  the  variance  of 
this  error,  to  first  order,  Is  R2,  times  VOPPE^, 
and  the  rms  crossrange  error  of  tne  network  Is 
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ABSTRACT 

Conventional  avionic  confiiuratiom  for  precision  guided  vehicles  are  often  unnecessarily  costly 
and  inefficient  because  of  built-in  (but  unused)  redundancy  in  instrumentation  attributed  to  the 
present  day  independent  systems  design  approach.  Described  in  this  paper  is  an  integrated  design 
approach  using  strapdown  avionic  components  that  has  the  potential  for  towering  cost,  increasing 
reliability,  and  improving  overall  performance  as  a  result  of  using  fewer  and  less  costly  instruments 
in  an  efficient  manner. 


INTRODUCTION 

The  avionics  associated  with  present  day  autonomously  guided  vehicles  (missiles,  glide  bombs,  drones,  etc.) 
have  conventionally  been  configured  by  design  engineers  as  being  comprised  of  3  separate  and  independent 
systems;  namely,  navigation,  guidance  (midcourse  and/or  terminal)  and  autopilot. 

The  navigation  system,  whose  purpose  it  is  to  provide  position,  velocity  and  attitude  of  the  vehicle  with 
respect  to  some  reference  coordinate  frame  is  conventionally  configured  as  an  inertial  system  equipped  with 
relatively  high  accuracy  components  (gyros  and  accelerometers)  in  either  a  gimballed  or  strapdown  mode. 

The  guidance  system,  whose  purpose  it  is  to  gen  „ie  midcourse  and/or  terminal  steering  commands  is,  in 
many  applications,  configured  as  a  system  having  an  inertially  stabilized  seeker  that  directly  measures  some 
combination  of  range,  angles  and  angular  rates  between  the  vehicle  and  an  aim  point  in  some  fixed  guidance 
coordinate  frame. 

The  autopilot,  whose  purpose  it  is  to  match  the  commanded  acceleration  of  the  guidance  system  by  issuing  its 
own  commands  to  appropriate  aerodynamic  and/or  thrust  controls  of  the  vehicle,  is  usually  configured  as  a  system 
equipped  with  low  accuracy  inertial  components  (gyros  and  accelerometers). 

Clearly,  the  above  conventional  avionic  configuration  of  a  precision  guided  vehicle  lends  itself  to  duplication 
and  redundancy  of  components  (gyros,  accelerometers  and  gimbals).  Yet,  in  spite  of  this  obvious  redundancy,  no 
attempt  is  made  in  conventional  designs  to  combine  the  multiplicity  of  output  data  from  these  individual  systems  in 
some  efficient  manner,  and  furthermore,  no  provision  is  made  to  channel  the  redundant  data  from  one  system  to 
another  in  case  of  component  failure.  This  obvious  inefficiency  in  the  conventional  avionic  design  process  has  its 
roots  in  the  fact  that  design  of  the  navigation,  guidance  and  autopilot  systems  has  historically  been  performed  by 
three  separate  design  groups,  each  having  different  disciplines  and  each  meeting  the  required  specifications  of  their 
own  system  with  a  self  contained  design. 

With  the  avionics  portion  of  precision  guided  vehicles  representing  a  significant  portion  of  the  cost,  an 
obvious  approach  to  cost  reduction  is  through  the  use  of  integrated  avionics:  a  common  set  of  components  shared 
by  all  systems.  In  addition  to  having  lower  cost  and  higher  reliability  (as  a  result  of  using  fewer  and  less  costly 
instruments  in  an  efficient  manner),  in  many  cases  superior  performance  can  be  achieved  with  this  integrated 
strapdown  design  approach.  Described  in  this  paper  is  an  approach  for  designing  such  an  integrated  system  using 
strapdown  instruments  and  some  unusual  examples  of  their  use. 

THE  INTEGRATED  STRAPDOWN  DESIGN 

We  limit  our  discussion  to  a  vehicle  having  a  self  contained  avionic  system,  although  the  concept  is  readilly 
extended  to  the  case  in  which  data  from  external  aids  (e.g.  GPS)  is  available. 

In  our  integrated  avionics  design  approach  for  a  precision  guided  vehicle,  the  following  basic  components  are 
considered: 

•  A  tingle  set  of  strapdown  gyros  and  accelerometers  to  be  shared  in  all  functions  of  navigation,  guidance 
and  control. 

•  A  strapdown  midcourse  and/or  terminal  seeker. 

«  A  computer  that  includes  Kalman  mixer-niter  computations  for  combining  the  avionics  data  in  an  optimum 
manner  and  the  steering  and  autopilot  computations. 

The  general  structure  of  such  an  integrated  strapdown  avionics  systems  for  steering  the  vehicle  to  an  aimpoint 
is  shown  in  Figure  1.  We  will  refer  to  the  aimpoint  of  the  vehicle  as  the  ‘target’,  and  indeed  the  aimpoint  could 
represent  a  physical  target  to  be  intercepted  by  a  guided  weapon,  or  it  could  be  a  precise  poiot  to  which  a  drone  is 
to  be  steered  (relative  to  the  sighting  point  used  by  the  seeker).  In  the  guided  vehicle  applications  presented  in  this 
paper,  the  seeker  sighting  point  was  taken  to  be  the  target. 

Unlike  conventional  navigation,  the  guided  vehicle  performs  its  navigation  with  respect  to  an  imprecisely 
know:,  target  location  which  may  not  even  be  stationary.  For  simplicity,  the  discussion  of  the  system's  operation  is 
limiteo  to  the  case  in  which  the  target  is  nonmaneuvering  (i.e.,  a  nonaccelerating  target).  Although  the  integrated 
strapdown  concept  is  also  applicable  to  a  maneuvering  target,  the  problem  becomes  more  complex  and  requires  an 
algorithm  for  estimating  the  target’s  acceleration  (1) ,  [2]. 
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In  describing  the  operation  of  the  overall  system  shown  in  Fig.  1,  it  is  convenient  to  first  trace  the  pith  of  the 
inertial  subsystem  through  the  ntvigttion,  guidance,  and  autopilot  functions  as  if  the  inertial  subsystem  operated 
independently,  and  then  to  show  the  mutual  aiding  that  exists  between  the  seeker  and  inertial  subsystems.  The 
navigation  computation  starts  with  an  initial  estimate  of  the  inertial  position  and  velocity  of  the  vehicle  with 
respect  to  its  target,  and  knowledge  of  the  inertial  attitude  of  the  vehicle.  The  inertial  sensors  (strapdown  gyros 
and  accelerometers)  perform  the  continuous  updating  of  the  position,  velocity  and  attitude  of  the  vehicle.  This 
state  of  the  vehicle  with  respect  to  the  target  can  readily  be  transformed  into  appropriate  guidance  states  to  be  used 
as  input  to  the  guidance  (or  steering)  law.  For  example,  If  the  guidance  state  is  the  inertial  line-of-sight  rate 
vector  A  between  the  missile  and  its  target  [as  would  be  the  case  for  simple  proportional-navigation  (ProNav) 
guidance],  the  transformation  between  the  navigation  state  and  guidance  state  is 

A-(RxV)/|R|2  (1) 

The  output  of  the  guidance  law  is  usually  a  commanded  acceleration  a  which  the  autopilot  attempts  to 
achieve  by  issuing  commands  to  its  appropriate  controllers,  which  In  the  casecof  an  aerodynamically  controlled 
vehicle  are  commanded  aerodynamic  surface  deflections  «  .  (Note  that  the  autopilot  also  uses  the  same  inertial 
sensors  as  those  used  for  navigation.)  e 


From  the  above  description  of  the  guidance  system,  it  is  clear  that  if  the  navigation  computation  started  with 
perfect  estimates  of  the  initial  state  of  the  vehicle  with  respect  to  its  target  and  if  the  inertial  sensors  were  error- 
free,  the  vehicle  would  not  require  a  seeker.  The  seeker  is  needed  only  because  the  inertial  system  has  errors 
associated  with  it.  The  primary  function  of  the  seeker  In  this  integrated  configuration  is  to  provide  corrections  to 
the  inertial  navigation/guidance  system.  (For  the  case  in  which  the  guided  vehicle  is  directed  toward  a 
maneuvering  target,  the  role  of  the  seeker,  in  addition  to  aiding  the  inertial  navigation  system,  would  be  to  provide 
estimates  of  target  acceleration  to  be  incorporated  into  the  navigation  computation  block  shown  in  Fig.  1.)  The 
lower  portion  of  the  block  diagram  of  Fig.  1  shows  the  role  of  ti.s  seeker  and  its  interaction  with  the  inertial 
system.  The  seeker  system  is  shown  as  consisting  of  a  strapdown  seeker  ’head*  plus  data  processing.  The  head 
provides  the  basic  strapdown  measurements  of  a  target  with  respect  to  the  vehicle’s  (body)  coordinate  frame.  The 
data  processing  block  combines  the  strapdown  measurements  of  the  head  with  the  vehicle  attitude  to  produce  seeker 
measurements  with  respect  to  an  inertial  reference  frame.  For  example,  if  the  seeker  head  measured  discrete  line- 
of-sight  angles  with  respect  to  the  vehicle's  coordinate  frame,  the  output  of  the  seeker  and  the  data  processor 
would  be  line-of-sight  angles  with  respect  to  an  inertial  coordinate  frame.  In  particular,  if  the  strapdown  seeker 
measurements  in  the  vertical  and  horizontal  planes  of  the  vehicle  (body  line-of-sight  angles)  are  A„„  and  , 
respectively,  and  the  transformation  from  the  inertial  coordinate  frame  to  the  body  coordinate  frame  (as  obtained 
from  processing  the  strapdown  gyro  data)  is  denoted  by  the  transformation  matrix 


the  inertial  line-of-sight  angles  are  computed  in  accordance  with 


f/j*  mjtanA  +n  tanA 

A y. «  tan  /  — . 

I  /,  +  ntj  tan  Xffg  +  n;  tan  Xyg 


Aw,-tan 

An  independent  estimate  of  the  seeker  output  can  always  be  obtained  from  the  inertial  navigation  system.  For 
example,  if  the  seeker-system  measurements  consist  of  the  vertical  and  horizontal  (i.e.  elevation  and  azimuth) 
angles  of  the  target  with  respect  to  an  inertial  coordinate  frame,  the  estimates  of  these  measurements  obtained  from 
the  inertial  navigation  system  are  given  by 

where  x,  ,  y,  ,  and  z.  are  the  estimated  coordinates  of  the  vehicle  with  respect  to  the  target  as  supplied  by  the 
navigation  system.  The  difference,  or  residual,  between  the  actual  seeker  measurements  and  the  independent 
estimates  is  the  input  to  the  Kalman  mixer/filter,  the  outputs  of  which  are  corrections  to  the  navigation  state  as 
well  as  corrections  to  seeker  systematic  errors  that  may  have  been  modeled  and  included  in  the  Kalman  filter. 


J '?_!  .m.2. .n.2.  .) 

(  /,  +  m,  tan  A„fi  ♦  n,  tan  Xyg  J 


The  most  significant  feature  associated  with  the  operation  of  the  integrated  strapdown  system  is  that  the 
inertial  navigator  and  seeker  work  together  in  providing  the  input  to  the  guidance  law.  This  mutual  aiding  of  the 
systems  can  be  described  from  two  different  points  of  view.  One  interpretation  is  that  the  inertial  navigator  is  the 
primary  system  that  provides  the  input  to  the  guidance  law  and  the  function  of  the  strapdown  seeker  is  to  provide 
collections  lu  (he  iueiiul  system.  Another  interpretation  (from  the  point  of  view  of  the  seeker  designer)  is  that  the 
seeker  is  the  primary  instrument  that  provides  the  input  to  the  guidance  system  and  the  function  of  the  inertial 
system  is  to  smooth  the  data  between  the  discrete  seeker  measurements.  Regardless  of  the  interpretation,  the  two 
systems  operate  in  an  optimum  integrated  manner. 

Early  investigators  who  looked  at  the  possibility  of  using  strapdown  seekers  for  vehicle  guidance  came  to  the 
conclusion  that  strapdown  seekers  cannot  be  used  in  guided  weapon  systems.  Indeed,  these  early  investigators  were 
correct,  in  the  sense  that  attempting  to  obtain  useful  guidance  data  from  an  unaided  strapdown  seeker  will  almost 
always  be  doomed  to  failure.  The  seeker  random  errors  plus  small  systematic  errors  combined  with  high  vehicle 
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rotational  retM  have  i  tendency  to  product  large  errors  In  th*  derived  guidance  data  that  mutt  bo  extracted  from 
the  meaiured  ttrapdown  teeker.  It  It  the  Integration  with  the  itrtpdowa  inertial  teuton  that  perraltt  the  ttrepdown 
seeker  to  have  a  rueful  role  in  the  overall  (uidance  lyatem. 

Another  significant  advantage  of  the  integrated  ttrepdown  approach  over  the  independent  systems  approach 
occun  when  the  teeker  it  no  longer  capable  of  tupplying  uteful  data  at  a  retult  of  either  looting  track  of  the  target 
or  due  to  poor  vehide-to-target  geometry  (e.g.,  when  the  teeker  becomes  'blind'  at  a  retult  the  target  imt^e  filling 
the  field  of  view  of  the  teeker).  In  the  conventional  configuration  (which  would  probably  ute  an  inertlally 
stabilized  teeker)  all  guidance  commendi  would  remain  conttant,  bated  on  the  tut  teeker  meaturement  (i.e.,  zero- 
order  hold).  On  the  other  hand,  with  an  integrated  lyttem  the  guidance  commandi  are  bated  on  the  inertial 
navigation  system,  which  continual  to  operate  evtn  after  the  teeker  ttopt  providing  data  (and  can  alto  interpolate 
between  mining  data  polntt  enroute).  In  fact,  at  the  point  when  the  teeker  utually  ttopt  providing  uteful  data,  the 
inertial  tyttem  often  hat  been  quite  accurately  'calibrated*  by  the  earlier  teeker  data  to  that  it  it  capable  of 
providing  accurate  guidance  tignali  to  the  very  end  of  flight.  Thit  feature  It  iliuttrated  in  the  ttrapdown 
configuration!  described  below. 

ILLUSTRATIVE  EXAMPLES 


An  analytical  investigation  wet  conducted  to  evaluate  the  performance  that  could  be  achieved  for  a  number  of 
existing  guided  vehiclet  if  equipped  with  variously  configured  ttrepdown  tyttemt  in  the  integrated  mode  previously 
described.  The  vehiclet  considered  for  this  study  varied  from  the  sluggish  tkid-to-tum  glide  bombs  to  high- 
performance  bank-to-turn  vehiclet.  In  all  instances,  we  were  able  to  demonstrate  via  tix-degree-of-freedom 
simulation  that  relatively  low-cott  ttrapdown  tyttemt,  when  property  integrated  are  capable  of  accurately  guiding 
the  vehicle  to  its  target  (3).  One  of  the  most  unconventional  ttrapdown  configurations  analyzed,  which  clearly 
illustrates  the  benefit  derived  from  efficiently  integrating  the  inertial  and  teeker  components,  it  an  inertial 
ttrapdown  tyttem  aided  by  a  synthetic  aperture  radar  (SAR)  teeker  for  ute  in  an  air-to-turface  vehicle.  A  SAR  is 
a  ttrapdown  imaging  radar  teeker  that  it  capable  of  providing  discrete  measurements  of  the  cone  angle  q  between 
the  vehicle  velocity  vector  and  target  (tee  Fig.  2)  when  the  cone  angle  it  above  a  threshold  of  approximately  15 
degrees.  The  system  it  also  capable  of  quite  accurately  measuring  the  distance  r  to  the  target  and  very  crudely 
measuring  the  base  angle  f. 


Within  the  framework  of  combining  the  SAR  measurements  with  inertial  navigation  data,  the  three  SAR 
measurements  are  related  to  the  six  inertial  suites  (x,  y,  z,  Vx  ,  Vy  ,  Vx)  used  in  the  Kclman  filter  by 

r.(x2  +  y2  +  z2)1/2 

q  -  cos”*(R  •  V/  |R|  |V|) 

d  “  cos*(kj  •  k2) 


where 

k,  -  R  *  V  /  |R  x  V| 

k2  -  I  -Vy2(Vx2  V  Vy2f 1/2  ,  Vx(Vx2  ♦  Vy2)',/2 , 0  r 

A  ProNav  xuidance  law  was  assumed  in  which  the  steering  commands  are  proportional  to  the  inertial  line-of- 
sight  rate.  The  line-of-sight  rates  are  obtained  from  the  estimated  inertial  states  using  Eq.  (I);  the  resulting 
commanded  vehicle  accelerations  are  computed  as 
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A  sk:d-to-turn  autopilot  wet  used  to  achieve  these  accelerations  through  a  control  command  having  the  following 
structure: 


where  A  and  t  represent  accelerometer  and  rate  gyro  output,  respectively. 

The  major  problem  associated  with  SAR-type  seeker  is  that  shortly  after  the  vehicle  starts  to  steer  toward  the 
target,  the  cone  angle  falls  below  itt  imaging  threshold  angle  and  ceases  to  provide  useful  data.  Because  of  this 
nonlinearity  associated  with  the  observation  procets,  one  cannot  apply  the  separation  principle  to  the  design  of  the 
guidance  system.  That  is,  one  cannot  assume  that  a  separately  designed  optimum  estimator  can  be  linked  in  tandem 
to  a  separately  designed  optimum  steering  law  to  yield  an  optimum  guidance  system.  Most  steering  lnws  would  in 
a  very  short  time,  tend  to  direct  the  vehicle  toward  the  target  and  thereby  cause  the  SAR  system  to  become 
ineffective.  The  errors  associated  with  the  inertial  navigation  system  at  this  early  stage  are  too  large  for  the 
inertial  system  to  provide  guidance  commands  without  the  aid  of  the  seeker.  We  have  learned,  however,  that  by 
sniping  the  trajectory  in  a  manner  such  that  the  vehicle  does  not  completely  steer  toward  the  target  for 
approximately  one-half  of  its  flight  (allowing  the  cone  angle  to  remain  above  its  15-degree  threshold),  the  SAR 
data  during  this  portion  of  flight  can  be  processed  to  'calibrate*  the  inertial  systrm  well  enough  for  it  to  accurately 
g’lide  the  vehicle  toward  the  target  in  a  pure  inertial  mode  for  the  remainder  of  the  flight.  Clearly,  this  efficient 
use  of  the  above  strapdown  sensors  can  be  used  only  in  an  integrated  mode  with  a  mixer/filter  to  combine  the  data 
in  an  optimum  manner. 

A  typical  simulated  trajectory  is  shown  in  Fia.  3.  The  vehicle  has  an  initial  altitude  of  1250  ft  and  an  initial 
velocity  of  750  ft/sec.  The  target  is  1000  ft  down  range  and  4000  ft  cross  track.  In  the  figure,  the  dots  appear  at 
0.2-sec  intervals  and  the  vehicle  profiles  appear  at  2.0-sec  intervals  (the  total  time  of  flight  shown  in  15.7  sec). 
The  trajectory  shaping  was  a  two-step  process  --  for  a  portion  of  the  flight  the  vehicle  was  directed  to  steer  to  a 
phantom  target  located  at  the  same  altitude  of  the  vehicle  and  20  degrees  astride  the  instantaneous  direction  of  the 
target.  (A  20-degree  reference  was  used  to  guarantee  the  15-degree  SAR  cone  angle  threshold.)  At  some 
appropriate  point  along  the  trajectory,  the  phantom  target  location  is  changed  to  a  position  directly  above  tho  actual 
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target  but  it  the  vehicle  altitude.  ThU  point  U  denoted  In  the  figure  by  the  arrow  R..  A  abort  time  later 
(denoted  in  the  figure  by  the  arrow  R.)  the  phantom  tartet  awltchet  to  a  position  that  ia  coincident  with  the  actual 
target,  which  causes  the  vehicle  to  dlvg  down  onto  the  target. 

The  ability  of  the  Kalman  filter  to  improve  the  estimates  of  the  navigation  states  used  in  the  guidance  laws  is 
illustrated  in  Fig.  4.  Shown  in  the  figure  is  the  decrease  in  altitude  error  (actual  and  standard  deviation)  from  an 
initial  uncertainty  of  200  ft  to  less  than  20  ft  by  the  midpoint  of  the  flight.  The  other  navigation  states  showed 
similar  improvement  during  the  flight. 

Termini]  miss  distance  accuracy  was  evaluated  by  performing  Monte  Carlo  simulations  to  several  stationary 
target  locations.  The  circular  error  probability  (CEP)  was  less  than  2  m. 

Although  this  method  of  trajectory  shaping  achieved  quite  acceptable  accuracy,  it  is  admittedly  ad  hoc.  A 
more  systematic  method  of  shaping  the  trajectory  to  minimize  terminal  miss  distance  in  critical  scenarios  merits 
further  study. 

A  second  example  illustrating  an  unusual  benefit  that  might  be  obtained  with  an  integrated  strapdown  design 
is  that  of  a  high  performance  guided  missile  engaged  in  an  air-to-air  encounter.  The  missile  is  an  aircraft- 
launched,  high  thrust,  aerodynamically  steered  missile  having  a  bank-to-tum  autopilot  capable  of  achieving  a  50g 
maneuver.  The  missile's  seeker  consists  of  a  "forward-looking*  radar  (having  a  restricted  field  of  view)  which 
provides  measurements  of  range-to-target  and  two  components  of  angle-to-target  with  respect  to  the  missile's  body 
axes.  A  scenario  which  provided  the  roost  interesting  computer  simulation  result!  was  one  that  is  sometimes 
referred  to  as  a  "difficult*  engagement.  The  initial  missile-target  geometry  is  characterized  by  a  small  separation 
distance  and  a  velocity  orientation  that  requires  the  missile  to  operate  at  its  maximum  limits  with  very  little  margin 
for  error.  The  initial  conditions  for  this  particular  engagement  were:  a  range-to-target  of  4000  ft,  an  off- 
boreslght  angle  (angle  between  the  missile's  velocity  vector  and  its  line-of-slght  to  target)  of  40  degrees,  and  an 
aspect  angle  (angle  between  the  line-of-sight  vector  and  the  target's  velocity  vector)  of  135  degrees.  The  initial 
missile  and  target  speeds  are  equal  at  970  ft/sec  (Mach  «  0.9)  and  are  both  at  the  same  altitude.  A  computer 
generated  illustration  of  the  encounter  is  shown  In  Fig.  S.  The  target's  trajectory,  in  this  figure,  is  depicted  by  the 
dotted  line.  During  the  first  2  seconds  of  the  encounter,  the  missile  is  able  to  accurately  estimate  the  position  and 
velocity  vector  of  the  target,  but  because  of  the  difficult  initial  geometry,  can  not  achieve  the  acceleration  to 
intercept  the  target.  Its  closest  approach  occurs  at  2.S  seconds.  Beyond  this  point,  the  target  falls  outside  of  the 
field  of  view  of  the  missile's  forward-looking  radar.  Ordlnarilly  this  would  simply  cause  the  missile  to  fly  by  the 
target.  However,  with  the  integrated  strapdown  design,  the  missile  has  accurately  estimated  its  position  and 
velocity  vector  relative  to  the  target  and  continues  to  maneuver  toward  the  target,  intercepting  it  approximately 
2.5  secon '  later. 

CONCLUDING  REMARKS 

A  portion  of  the  discussion  on  the  benefits  of  using  integrated  strapdown  avionics  should  include  some  aspects 
of  implementation.  Although  all  of  our  simulation  studies  have  shown  that  comparable  or  superior  performance  to 
a  conventional  system  could  be  achieved  with  a  less  expensive  integrated  strapdown  configuration,  m  some  cases  it 
was  necessary  to  augment  originally  programmed  algorithms  in  order  to  compensate  for  certain  unexpected  effects 
that  were  discovered  to  be  unique  to  strapdown  systems.  When  one  replaces  more  elaborate  inertially  stabilized 
instruments  with  their  strapdown  equivalents,  the  computer  is  required  to  perform  the  function  of  the  hardware 
being  removed  (this,  in  fact,  is  one  of  the  cost-saving  features  associated  with  the  integrated  strapdown  approach). 
One  must  be  careful,  however,  to  make  sure  that  the  algorithm  accounts  for  all  factors  (not  always  obvious),  which 
under  certain  conditions  can  be  sensitive  to  an  instrument  in  a  strapdown  mode  and  yet  insensitive  to  one  stabilized 
inertially.  For  example,  small  strapdown  seeker  boresight  errors  (offset  misalignments  between  the  body-fixed 
coordinate  frames  of  the  strapdown  seeker  and  the  strapdown  inertial  platform)  when  coupled  with  high 
uncontrolled  vehicle  roll  rates  can  seriously  degrade  performance.  (On  tire  other  hand,  seeker  misalighment  error  in 
an  inertially  stabilized  seeker  does  not  interact  with  roll  rate.)  However,  if  one  includes  the  boresight  error  as  an 
additional  state  to  be  estimated  by  the  Kalman  filter,  the  problem  is  completely  eliminated.  Similarly,  strapdown 
seeker  and  gyro  scale-factor  errors,  if  targe  enough  and  not  included  in  the  filter,  can  cause  the  closed-loop 
guidance  and  control  system  to  become  unstable.  The  level  of  scale-factor  error  causing  the  instability  is  r. 
function  of  the  characteristics  of  the  closed-loop  system  (guidance  law,  autopilot,  and  airframe  characteristics)  [4J. 
While  all  of  the  weapon  configurations  in  our  investigation  could  adequately  accommodate  the  instrument  scale- 
factor  errors,  a  more  advanced  guidance  law/autopilot/vehicle  configuration  could  present  stability  problems  if  the 
scale-factor  errors  are  not  properly  compensated  for  in  the  algorithm. 

In  summary,  if  all  factors  are  accounted  for,  an  extremely  effective  way  of  reducing  the  avionics  cost  of 
precision  guided  vehicles  is  to  integrate  the  design  of  the  various  subsystems  of  navigation,  guidance,  and  control 
with  a  common  set  of  strapdown  components  and  a  Kalman  mixer/filter.  In  addition  to  reducing  the  cost  and 
improving  the  reliability  of  the  overall  system,  proper  mixing  of  the  strapdown  data  can,  in  many  cases,  result  in 
performance  which  is  superior  to  that  obtained  with  more  expensive  avionic  components  used  in  the  conventional 
independent  navigation,  guidance,  and  control  configuration. 
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SUMMARY 

Litton  has  delivered  an  Advanced  Development  Model  (ADM)  of  an  Integrated  Inertial  Sensor  Assembly  (USA)  on 
contract  to  the  U.S.  Naval  Air  Development  Center.  USA  is  designed  to  provide  all  inertial  sensor  needs  for  modem  mili¬ 
tary  aircraft,  including  flight  control  and  navigation,  with  reduced  avionics  cost  through  the  use  of  redundant  skewed  iner¬ 
tial  navigation  sensors.  Various  design  aspects  of  using  six  ring-laser  gyros  and  six  inertial-grade  accelerometers  in  two, 
separated  clusters  are  described.  The  redundancy  management  mechanization  and  the  system  design  features  for  maximum 
flight  safety  are  given.  Navigation  performance  limits  of  strapdown  INS,  including  the  effects  of  skewed  sensors,  are 
presented.  Laboratory  testing  will  be  performed  by  the  Navy  and  flight  testing  will  be  conducted  on  an  F-15  as  pan  of  a 
jcint  Navy/Air  Force  program. 

INTRODUCTION 

With  the  advent  of  the  Ring  Laser  Gyro  (RLG)  and  high-speed  digital  processing  in  a  reasonable  form  factor,  high- 
performance  strapdown  inertial  navigation  systems  became  feasible  for  use  on  high-performance  military  aircraft.  The  first 
generation  of  these  systems  is  just  now  finding  its  way  into  military  aircraft  under  the  Navy  CAINS  II  and  USAF  Standard 
Navigator  programs  providing  0.5  to  1.0  nmi/hr  inertial  performance.  The  full  potential  of  these  two  technologies, 
however,  lies  in  their  application  to  provide  multifunctional  avionics  capabilities.  This  has  been  recognized  in  the  in¬ 
tegrated  systems  architectures  developed  for  both  Navy  advanced  aircraft  and  the  USAF  Advanced  Tactical  fighter.  Due  to 
the  extremely  wide  bandwidth  inertial  sensors,  it  becomes  feasible  to  apply  the  same  sensors  used  for  inertial  navigation  to 
support  the  requirements  of  flight  control  and  mission  sensor  stabilization.  Such  multifunction  use  of  the  system  will  re¬ 
duce  to  a  minimum  the  number  of  gyros,  accelerometers  and  electronic  components  required  to  support  these  functions. 

The  accomplishment  of  this  objective  involves  a  great  deal  more  than  employing  three  or  four  conventional  RLG 
inertial  systems  to  provide  the  fault  tolerance  required.  It  requires  attention  to  a  set  of  parameters  involving  redundancy, 
noise  and  data  latency. 

USA,  which  has  been  underdevelopment  since  1982  sponsored  by  the  Naval  Air  Development  Center,  is  designed  to 
satisfy  the  requirements  for  navigation,  flight  control  and  sensor  stabilization  with  a  minimum  amount  of  hardware.  It  re¬ 
places  other  systems  containing  some  15  to  20  different  gyros  and  accelerometers  and  provides  fault-tolerant  navigation  and 
a  fail-operational,  fail-operational,  fail-safe  capability  to  support  the  requirements  of  flight  control  th-ough  its  unique  ar¬ 
chitectural  approach.  System  hardware  has  now  been  delivered  and  will  go  through  rigorous  military  flight  testing  under 
the  ADA  Based  Integrated  Control  System  III  (ABICS  III)  Program  being  undertaken  by  McDonnell  Aircraft  Corporation 
under  the  sponsorship  of  the  U.S.  Air  Force  Flight  Dynamics  Laboratory.  Flight  testing  will  be  performed  on  an  F-15  air¬ 
craft  configured  with  a  dual  redundant  fly-by-wire  system.  This  paper  will  review  USA  characteristics  and  design  features 
to  support  multifunction  requirements  and  present  the  results  of  IISA  laboratory  and  integration  testing.  The  results  of  this 
program  are  critical  to  demonstrating  the  feasibility  of  this  system  concept  for  high  performance  aircraft. 

SYSTEM  DESCRIPTION 

The  inertial  sensors  of  IISA  are  contained  in  two  Inertial  Navigation  Assemblies  (INA),  each  of  which  provides  full, 
independent  inertial  navigation  outputs.  Two  INAs  have  been  delivered  as  part  of  the  IISA  program  and  two  additional 
units  were  delivered  for  the  ABICS  III  Program. 

Within  an  INA,  sensor  axes  are  orthogonal  but  skewed  relative  to  the  aircraft  yaw  axis  (see  Figure  i).  One  acceler¬ 
ometer  and  one  gyro  in  an  INA  are  oriented  along  each  skewed  axis.  Figure  1  depicts  the  orientation  of  axes  when  the  INA 
are  installed  into  the  equipment  bays  of  the  aircraft.  When  one  INA  is  installed  into  the  right  equipment  bay,  with  180° 
rotation  about  yaw  relative  to  the  identical  left  INA,  the  six  sensor  axes  are  then  distributed  uniformly  about  a  54.7°  half¬ 
angle  cone.  No  two  axes  are  coincident,  nor  are  three  in  the  sarre  plane.  Thus,  any  three  sensors  may  be  used  to  derive 
three-axis  outputs  in  aircraft  axes  after  suitable  computer  transformation. 

The  two  IISA  units  may  also  be  installed  into  the  same  side  of  the  vehicle,  with  the  second  unit  rotated  180°  relative 
to  the  first  about  a  horizontal  axis.  The  unit  design  must  include  provision  for  both  nominal  and  upside-down  installation, 
not  included  with  the  ADM  design. 
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An  INA  is  divided  into  three,  largely  independent  channels.  Each  channel  contains  data  from  one  gyro  and  one 
accelerometer  plus  related  electronics,  a  preprocessor,  provisions  for  output  of  data  to  the  FCS  and  to  the  navigation  com¬ 
puter,  and  independent  low/high  voltage  power  supplies.  The  navigation  processor  and  its  MIL-STD-1553B  I/O  are  on  the 
same  power  supply  as  one  of  the  three  sensor  pair  channels. 

The  packaging  arrangement  for  the  INA  is  shown  in  Figure  2.  The  three  channels  of  electronics  are  physically 
separated  to  eliminate  common  failure  modes.  Wiring  from  the  sensors  to  the  sensor  electronics  is  also  kept  physically 
separated  to  avoid  short-circuit,  EMI,  etc.,  failure  modes  common  to  two  channels. 

Weight  of  the  ADM  inertial  navigation  assembly  was  56  pounds.  Based  on  use  of  more  modem  electronics,  and 
conservative  weight  reduction  techniques,  the  weight  of  a  production  model  can  be  reduced  to  under  50  pounds.  Power  is 
approximately  100  watts. 


Figure  I.  INA  Installation  Configuration 


NAVIGATION  PERFORMANCE 


Figure  2.  INertial  Navigation  Assembly 


The  navigation  performance  requirements  f-'  IISA  are  similar  to  general,  medium  accuracy  systems  currently  in 
inventory.  Performance  of  strapdown  inertial  sen  ystems  using  ring  laser  gyros  has  been  described  in  the  literature.  A 
serpentine  flight  path,  however,  is  not  generally  d;  led.  When  the  flight  path  varies  back  and  forth  repetitively  through 

some  significant  angle  using  coordinated  turns,  ni  non  errors  of  a  strapdown  INS  become  strongly  dependent  upon  gyro 

scale  factor  and  axis  alignment  errors.  This  flight  p<.  i  is  probably  a  realistic  one  for  tactical  aircraft  during  terrain 
avoidance  and  evasive  maneuvering.  Ring  laser  gyros  can  maintain  excellent  scale  factor  stability.  Achieving 
the  1-2  arcsec  axis  alignment  stability  needed  if  a  significant  portion  of  flights  is  to  contain  serpentine  maneuvers  requires 
very  careful  design.  On  IISA,  material  selection  and  structural  rigidity  between  gyros  has  been  determined  primarily  to 
meet  this  difficult  requirement. 


Skewing  of  accelerometer  axes  requires  that  accelerometer  scale  factor  stability  be  significantly  better  than  for  a 
nonskewed  configuration.  An  accuracy  requirement  of  35  ppm  scale  factor  tracking  between  the  three  accelerometers  is 
within  the  capability  of  the  accelerometers  used  on  on  the  ADM,  as  evidenced  by  long-term  stability  testing  over  a 
three  year  period. 


Performance  during  vibration  is  essentially  the  same  for  skewed  and  unskewed  sensors.  As  described  in  ()),  gyro 
input  axis  bending  is  the  major  error  source  for  strapdown  navigators  in  a  vibration  environment.  IISA  has  been  designed 
for  the  most  rigid  gyro-to-gyro  structure  obtainable  to  attain  accuracy  goals  during  vibration. 

The  ADM  IISA  was  flown  in  a  company-owned  Citation,  and  achieved  a  CEP  position  accuracy  of  0,25  nmi/hr  over 
five  flights.  Velocity  accuracy  was  1.54  ft/sec  rms,  per  axis,  at  the  end  of  2-4  hour  flights.  A  flight  with  10  S-tums  indi¬ 
cated  that  gyro  scale  factor  error  was  2.5  ppm  and  input  axis  alignment  error  was  0.42  arcsec.  This  clearly  demonstrated  the 
feasibility  of  precision  inertial  navigation  performance  using  skewed  sensors. 


FLIGHT  CONTROL  SENSING 


Performance 


Inertial  navigation  gyros  and  accelerometers  are  orders  of  magnitude  more  accurate  than  those  commonly  used  for 
flight  control.  Part  of  the  accuracy  is  achieved  by  software  modeling  of  residual  errors  and  much  of  this  benefk  also  applies 
to  angular  rale  and  acceleration  output,  for  flight  control. 
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Software  axis  alignment  correction,  however,  is  more  complex  for  a  redundant  system  since  it  involves  mixing  of 
data  between  sensors.  Also  misalignments  due  to  physical  separation  and  vibration  isolators  cannot  easily  be  compensated. 
Flight  control  accuracy  requirements  are  limited,  however.  Therefore,  full  inertial-grade  axis  alignment  accuracy  is  not 
provided  for  flight  control  sensor  outputs. 


The  specified  accuracy  of  outputs  to  the  flight  control  system  is  shown  below.  Actual  accuracy  will  be  significantly 
better  since  the  outputs  are  derived  from  inertial  navigation  grade  sensors. 


Scale  Factor 
Bias 

Alignment 

Resolution 

Range 


Angular  Rate 

0.1% 

1.5  deg/hr 
1  milliradin 
0.02  deg/sec 
400  deg/sec 


Acceleration 

0.1%  *  ' 

4  mg 

7  milliradians 
2  mg 

20  g 


Time  Delays  and  Synchronization 


USA  is  basically  a  -gital  sensor,  to  be  used  as  part  of  a  digital  flight  control  system  which  is  controlling  the  states  of 
an  aircraft  in  real  time.  Data  sampling  and  processing  time  delays  in  the  sensor  element  cause  a  destabilizing  effect  in  an 
aircraft  control  system  and  must  be  carefully  selected. 

Gyro  and  accelerometer  outputs  consist  essentially  of  pulse  streams  which  are  counted  over  some  time  interval  to 
obtain  an  estimate  of  angular  rate  or  acceleration.  If  this  count  interval  is  too  long,  extensive  time  delays  are  introduced 
into  the  FCS.  Selection  of  count  interval  and  subsequent  digital  filtering  to  reduce  noise  and  quantization  effects  must  be 
balanced  against  FCS  delay  and  phase  lag  constraints. 

Since  the  IISA  sensor  subsystem  is  implemented  as  six  separate  skewed  gyro  and  accelerometer  pairs,  the  dp'.a  sam¬ 
pling  intervals  may  begin  at  different  times  for  each  sensor,  unless  some  form  of  cross-channel  synchronization  is 
employed.  The  primary  effect  of  such  a  time-skew  between  sensors  is  to  contaminate  redundancy  management  sensor  com¬ 
parisons  during  very  angular  acceleration  or  rate  of  change  of  linear  acceleration. 

Data  sampling  is  initially  derived  from  a  single  clock  in  order  to  achieve  required  navigation  accuracy.  Each  sensor 
pair  separately  monitors  the  accuracy  of  this  clock,  relative  to  its  own.  If  an  error  is  detected  the  sensor  pair’s  clock  is 
used  This  leads  to  the  asynchronous  operation  discussed  above. 

Anti-Aliasing  Filters  and  Dither  Noise 

Modern  flight  control  systems  are  digital  and  sensor  data  is  sampled  at  some  fixed  frequency,  e.g.,  80  Hz  for  modem 
fighter  aircraft.  Sensor  noise  or  vibration  inputs  at  high  frequencies  can  be  aliased  by  the  sampling  process  to  a  frequency 
within  the  flight-control  bandwidth,  causing  control  surface  flutter  or  pilot  discomfort.  Therefore,  it  is  common  to  filter 
gyro  and  accelerometer  outputs  to  remove  high-frequency  noise.  For  digital  sensors  such  as  used  m  USA,  filters  must  be 
digital  in  nature  and  the  sampling  frequency  must  be  greater  than  twice  the  highest  noise  or  vibration  frequency.  Since 
IISA  sensors  are  attached  to  vibration  isolators,  limiting  sensed  vibration  bandwidth,  digital  filters  iterated  at  1  kHz  will 
produce  the  required  noise  rejection. 

It  is  desirable  to  reject  noise  in  sensor  outputs  within  10  Hz  of  the  FCS  data  sampling  frequency  and  its  harmonics. 
These  are  the  frequencies  which  can  potentially  alias  to  the  0-10  Hz  region,  the  maximum  bandwidth  of  the  FCS.  This  can 
be  achieved,  for  example,  by  a  low-pass  filter.  There  is  a  tradeoff  between  filter  noise  rejection  capability  and  time  delays 
and  lags  which  could  potentially  destabilize  FCS  loops. 

The  primary  cause  of  acceleration  noise  is  accelerometer  quantization.  Acceleration  measurements  are  converted  to 
digital  form  in  tht  feedback  path  of  the  force  rebalance  loop.  The  quantization  level  of  0.0015  ft/sec  at  each  end  of  the 
sample  combined  with  the  effective  sample  time  of  0.017  sec  produces  a  maximum  quantization  error  of  0. 18  ft/sec2,  lead¬ 
ing  very  clos**  to  the  measured  1-sigma  value  of  0.05  ft/sec2,  leading  very  close  to  the  measured  1-sigma  value  of 
0.05  ft/sec2.  The  gyro  dither  serves  to  randomize  the  error  which  would  otherwise  be  a  fixed-frequency  fot  a  given  g-level. 
If  an  application  .equires  a  wider  bandwidth  with  similar  static  acceleration  noise,  accelerometer  quantization  step  size  can 
easily  be  reduced.  Gyro  dither  also  produces  acceleration  noise  due  to  the  fact  that  accelerometers  cannot  be  located  at 
exactly  the  center  of  rotation  of  the  instrument  cluster.  Nonlinearities  are  sufficiently  small,  however,  so  that  no  beat  fre¬ 
quencies  have  been  observed  on  acceleration  outputs  due  to  the  fact  that  the  three  gyro  dither  frequencies  are  not  identical 

Gyro  noise  is  aiso  primarily  due  to  quantization  and  dither.  A  notch  filter  at  gyro  dither  frequency  effectively  elimi¬ 
nates  dither  effects,  and  quantization  of  C  46  arcsec  reduces  angular  rate  noise  to  under  0.03  deg/sec.  If  some  anti-aliasing 
filtering  is  included,  this  can  be  reduced  to  well  under  0.01  deg/sec. 
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Vibration  Isolators 

Inertial  navigation  systems,  strapdown  or  gimbaled,  commonly  protect  the  inertial  sensors  from  the  environment  by 
using  elastomeric  vibration  isolators.  This  is  especially  significant  for  shocks  produced  during  handling  by  maintenance 
personnel,  which  are  uncontrolled  conditions.  Another  reason  for  vibration  isolators  is  to  protect  the  inertial  sensors  from 
military  environmental  testing.  This  is  often  orders  of  magnitude  worse  than  the  real  aircraft  environment,  especially  dur¬ 
ing  the  accelerated  life  test  (endurance  testing).  Navigation  performance  in  this  artificial  environment  would  also  degrade 
without  isolators.  In  a  real  aircraft  environment,  however,  the  aircraft  equipment  shelf  provides  significant  reductions  of 
high-frequency  energy  not  accounted  for  in  typical  qualification  test  levels. 

Flight  control  rate  gyros  and  accelerometers  are  not  commonly  isolated  from  vibration.  Use  of  an  IISA  mechaniza¬ 
tion  introduces  new  design  constraints  which  should  be  carefully  analyzed  in  each  specific  application. 

Vibration  isolators  form  a  damped,  resonant  system,  with  a  typical  amplification  factor  of  3-4.  Thus,  both  linear  and 
angular  vibrational  inputs  are  shaped  by  the  isolator  transfer  function,  with  a  tendency  toward  a  fairly  narrow  bandwidth 
output.  In  addition,  linear  vibration  inputs  are  transformed  into  angular  motions  at  the  sensor  by  unbalances  and  resonant 
frequency  mismatches  in  the  isolator  system.  This  amplification  and  bandwidth-narrowing  of  vibration  could  cause  prob¬ 
lems  in  the  flight  control  system  if  not  properly  considered. 

The  resonant  frequency  of  elastomeric  isolators  varies  significantly  with  temperature  (+37%,  -13%)  and  vibration 
amplitude  (12%  greater  when  input  vibration  at  resonance  is  halved.).  ..  ‘he  angular-to-angular  resonant  frequency  is 
nearly  double  that  of  the  linear  resonance.  Thus,  digital  notch  filters  at  isolator  resonances  would  not  be  effective  under  all 
environmental  conditions.  Another  approach  is  to  locate  isolator  resonant  frequencies  above  the  anti-aliasing  filter  cut-off. 
This,  however,  leads  to  rather  stiff  isolators  which  could  possibly  become  coincident  with  shelf-resonances.  Since  coincid¬ 
ing  resonances  are  generally  to  be  avoided  (many  inertial  navigation  error  mechanisms,  for  example,  vary  with  the  square  of 
vibration  level),  this  approach  is  not  recommended. 

The  IISA  vibration  isolator  linear  resonant  frequency  is  being  placed  into  the  high-frequency  band  region  of  the 
flight  control  system,  above  the  maximum  frequency  response  of  the  FCS.  Attenuation  is  provided  by  the  FCS  bending 
mode  and  anti-'iiasing  filters. 

Redundancy  Management  with  Skewed  Sensors 

Since  the  two  groups  of  inertial  sensors  are  on  separate  vibration  isolation  systems  and  are  physically  separated, 
accurate  navigation  cannot  be  achieved  after  a  second  failure  of  the  same  sensor  type  (one  failure  per  group).  Therefore, 
redundancy  management  is  directed  exclusively  toward  flight  control  requirements.  Small  sensor  errors,  which  would 
degrade  only  strapdown  navigation,  arc  not  detected  internal  to  IISA. 

The  sequence  of  operations  performed  in  IISA  is  illustrated  m  Figure  3.  Sensor  data  is  first  reviewed  for  hard 
failures,  detectable  by  normal  self-test  methods.  The  sensors  themselves  give  an  an  indication  of  failures  through  loop 
closure  tests,  loss-of-signal  indications,  etc.  I/O  tests  assure  that  data  has  been  correctly  transmitted,  and  dynamic 
resonableness  tests  detect  spurious  outputs  inconsistent  with  the  vehicle  capability. 

Due  to  the  physical  separation  of  the  two  sets  of  accelerometers,  angular  rotations  and  angular  accelerations  of  the 
vehicle  cause  different  accelerations  to  be  sensed  by  each  set.  To  allow  direct  comparison  between  acceleration  measure¬ 
ments  under  dynamic  conditions,  each  sensor  output  is  related  to  a  common  point  of  the  aircraft  using  the  current  best  esti¬ 
mate  of  vehicle  angular  rate  and  angular  acceleration  along  with  known  lever  arm  displacement  from  that  point. 

The  six  skewed  gyro  axes  and  six  skewed  accelerometers  are  spaced  evenly  on  a  109.5°  cone  whose  axis  is  vertical. 
Since  no  two  axes  are  coincident  and  no  three  are  in  the  same  plane,  full  three-a.  is  outputs  can  be  provided  with  three 
failures  of  a  sensor  type.  Reasonable  geometry  is  available  for  any  combination  of  failures,  i.e.,  geometrical  amplification 
of  errors  is  less  than  a  factor  of  3. 

Detection  of  up  to  three  failures  is  assured  by  comparison  of  redundant  sensor  data  in  which  are  termed  parity  equa¬ 
tions.  These  equations  cancel  vehicle  angular  rate,  or  acceleration  in  the  case  of  accelerome'ers,  and  expose  sensor 
errors.  Because  of  information  limitations,  a  third  sensor  failure  of  the  same  type  can  only  be  detected.  Isolation  of  which 
of  the  four  sensou  active  at  that  point  has  failed  cannot  be  achieved  except  for  hard  failures  which  are  detected  by  con¬ 
ventional  self-test  methods.  For  this  reascr.  IISA  i;  termed  fau-opciduoiMl/faii-opeiaiioiiai/faii-saie. 

Six-gyro  (similarly  for  accelerometers)  parity  equations  can  be  formed  by  comparing  each  gyro  output  to  a  least- 
squares  estimate  of  its  output  derived  from  the  remaining  sensors.  Since  there  are  are  always  two  sensors  orthogonal  to 
each  axis,  this  results  in  six  equations  which  are  linear  combinations  of  four  sensor  outputs.  The  orthogonal  sensors  cannot 
contribute  to  error  detection.  After  sensor  failures,  a  different  set  of  parity  equations  is  required.  Again,  linear  equations 
involving  four  sensors  can  be  formed,  five  equations  after  the  first  failure  and  only  one  after  the  second. 
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Figure  3.  Redundancy  Management 
Operation 


White  the  occurrence  of  two  simultaneous  failures 
appears  extremely  improbable  from  the  standpoint  of  compo¬ 
nent  reliability,  sensors  within  a  unit  are  under  similar 
stresses  (for  example,  local  heating  or  shocks  due  to  battle 
damage).  Solution  of  all  15  potential  parity  equations  during 
zero  failure  conditions,  each  derived  from  four  sensors,  al¬ 
lows  detection  and  isolation  of  most  soft  dual-failure  condi¬ 
tions,  and  this  is  the  approach  taken  on  IISA. 

Under  ideal  conditions,  parity  equation  outputs  should 
be  zero  under  any  aircraft  dynamic  or  vibration  condition. 
However,  because  sensors  are  in  separate,  isolated  units, 
shelf  motion,  isolator  rocking  and  unit-to-unit  misalignments 
cause  parity  equation  outputs  to  appear  when  no  sensor  fail¬ 
ures  are  present.  For  this  reason,  both  for  failure  detection, 
the  former  for  detection  of  small,  soft  failures  in  some  short 
time  interval  and  the  latter  for  very  rapid  detection  of  larger 
soft  failures.  The  parity  equation  output  level  which  trips 
gyro  error  detection  logic  is  also  varied  as  a  function  of  angu¬ 
lar  rates  and  angular  acceleration  to  avoid  false  alarms  during 
maneuvers.  A  similar  approach  is  used  for  acceleration  trip 
levels. 


The  15  parity  equation  outputs  are  sealed  to  be  equal  in 
their  response  to  white  noise  from  sensors.  In  general,  however, 
all  equations  involving  a  sensor  may  not  fail  simultaneously.  The 
parity  equation  coefficient  for  a  given  sensor,  which  is  derived 
from  the  geometry,  varies  from  equation  to  equation. 

Thus,  for  a  slowly  degrading  sensor,  the  10  equations 
fail  gradually  rather  than  all  at  once.  A  sensor  performance 
index  (SPI)  is  formed  for  each  sensor,  equal  to  the  number  of 
parity  equations  it  involves  which  have  failed  (0-10).  The 
three  sensors  with  the  smallest  SPI  may  be  used  for  deriva¬ 
tion  of  outputs.  This  is  valid  since  in  general  three  good 
sensors  can  be  found  easier  than  one  bad  one. 


With  inertial  navigation  quality  sensors,  there  is  little  value  in  combining  data  from  all  six  sensors  in  a  least-squares 
solution  to  derive  outputs,  rather  than  selecting  a  triad  from  a  single  unit,  when  available.  Combining  sensors  simply 
adds  another  source  of  noise  namely,  the  rocking  motion  of  the  second  unit  within  the  isolators.  Therefore,  whenever  avail¬ 
able,  USA  outputs  arc  derived  from  the  three  sensors  on  one  unit.  When  the;J  is  one  failed  sensor  in  each  unit,  all  four 
remaining  sensors  are  used.  For  the  condition  where  three  failures  are  dctect-d  and  failed  sensors  are  known,  the  remaining 
three  sensors  are  used.  For  the  rare  ambiguous  case  where  all  parity  equations  are  failed  and  self-test  cannot  isolate 
the  failure,  warnings  are  issued  to  the  pilot. 

The  equations  which  use  selected  sensor  data  to  derive  standard,  orthogonal  outputs  to  the  flight  control  system  are 
termed  design  equations.  There  are  29  sets  of  equations  stored  in  the  IISA  computer,  20  for  all  the  combinations 
of  three  sensors-at-a-time,  and  9  for  the  least-squares  estimates  for  four  sensors-at-a-time,  one  failure  in  each  unit.  Only 
one  set  of  design  equations  is  used  at  a  time,  however. 
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Redundancy  Management  Performance 

The  quality  of  the  redundancy  management  process  rests  on: 

1.  Noise  level  of  parity  equations 

2.  Thresholds  that  are  used  to  detect  failures 

3.  Transients  that  may  occur  in  outputs  when  failures  occur  or  if  lifferent  sensors  are  selected  due  to  normal  noise 
conditions. 

Realistic  simulations  have  been  performed  to  evaluate  the  effects  of  factuis  such  as  vibration  isolators,  anti-aliasing  titters, 
and  misalignments  on  the  redundancy  management  process. 

A  parametric  simulation  has  been  performed  based  on  a  trajectory  of  a  rapid  roll  into  a  high-g  coordinated  turn.  The 
ef  ects  of  isolator  imbalance  and  mismatch,  unit  misalignment,  and  large  installation  lever  arms  were  independently 
evaluated.  Samples  of  the  final  computer  run  with  all  mechanisms  present  simultaneously  are  now  presented.  Table  I 
shows  the  assumptions  used  in  this  simulation. 
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TABLE  I 

REDUNDANCY  MANAGEMENT  SIMULATION 

•  Aircraft  velocity,  1000  ft/sec 

•  Rapid  roll  (800°/secJ)  into  7-g  coordinated  turn 

•  Actuator  response  time,  0.05  second 

•  [.ever  arms 

-  INA-1;  X  =  -10,  Y  =  -2,  X  =  -1  ft 

-  INA-2;  X  =  0,  Y  =  1.5,  Z  =  0.5  ft 

•  Vibration  isolators 

-  INA-1;  35  Hz  res  inance,  0.05-inch  eg 
displacement 

•  Misalignments 

-  INA-1;  0.2°  yaw 

-  INA-2;  0.2°  roll 

•  Filtering 

-  Gyro  and  acceleration  measurements: 

17  millisecond  anti-aliasing  filters 

--  Parity  equations: 

25  millisecond  low-pass  filters 


Parity  Equation  Outputs.  The  outputs  from  two  gyro  parity 
equations  are  shown  in  Figure  4  and  are  typical  of  the  re¬ 
mainder.  Equation  Tij8  combines  outputs  from  the  U  and 
W  axes  of  each  unit  (Figure  1),  while  Equation  Tij9  uses 
both  U  and  V  axes.  The  dominant  error  of  Tij8  is  the  mis¬ 
alignment  angle  between  units.  The  error  of  equation  Tij9 
occurs  mainly  from  the  vibration  isolator  frequency 
mismatch. 

Accelerometer  parity  equation  outputs  (Figure  5) 
uses  axes  Wi  with  U2,  V2,  and  W2  for  Tij3,  and  V,  with 
U2,  V2,  and  W2  for  Tij2.  Errors  are  mainly  due  to  lever  urm 
compensations  and  anti-aliasing  filter  lags. 

Output  Transients  During  Sensor  Failures.  During  a  soft 
soft  sensor  or  sensor  I/O  failure,  an  output  transient  can 
occur  due  to:  1)  use  of  different  design  equations  involving 
a  different  set  of  sensors  causing  a  change  in  the  propagation 
of  normal  errors  to  the  output,  and  2)  sudden  removal  of  an 
acceptable  soft  error  that  may  have  been  present  for  some 
time  prior  to  finally  exceeding  the  parity  equation  thresholds. 
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Figure  4.  Sample  Gyro  Parity  Figure  5.  Sample  Accelerometer 

Equation  Outputs  Parity  Equation  Outputs 

The  former  error  was  evaluated  during  the  simulation  by  solving  two  sets  of  design  equations  simultaneously  and 
differencing  their  results.  The  design  equations  selected  are:  one  using  two  sensors  in  each  unit,  and  the  other  using  two 
sensors  in  the  left  unit  and  one  sensor  in  the  right  unit.  The  differences  between  the  two  output  computations  are  shown  in 
Figure  6  for  angular  rate  and  Figure  7  for  acceleration.  These  curves  represent  envelopes  of  possible  transients  where  the 
actual  transient  depends  on  when,  in  time,  the  sensor  failure  occurred. 

The  latter  error  is  a  function  of  the  failure  thresholds  used  on  parity  equations.  These  thresholds  will  be  made  vari¬ 
ant  as  a  function  of  angular  rate,  acceleration,  and  lever  arms.  They  will  be  set  high  enough  so  that  false  alarm  error  detec¬ 
tions  will  be  extremely  improbable.  Thus,  transients  following  slowly  increasing  soft  errors  could  be  two  to  three  times 
those  indicated  by  Figures  6  and  7. 
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Figure  6.  Maximum  Acceleration  Figure  7.  Maximum  Angular 

Output  Transient  Rate  Output  Transient 

Simulation  Conclusions.  For  the  extreme  maneuver  that  was  simulated,  the  following  maximum  conditions  occurred: 

Parity  Noise  Switching  Transient 

Angular  rate  (degrees/sec)  0.6  1.0 

Acceleration  (g)  0.35  0.6 

These  levels  are  relatively  small  considering  the  high  g-forces  and  transients  from  the  maneuver  itself,  and  should 
not  lead  to  loss  of  control  or  pilot  complaints. 

The  major  source  of  these  effects  are  misalignments  and  vibration  isolators  for  angular  rates,  and  lever  arm  compen¬ 
sations  with  anti-aliasing  filter  lags  for  acceleration  measurements. 

Perturbations  of  parity  equations  also  occur  due  to  vibration  and  fuselage  bending  modes.  Simulations  have  not  been 
performed  a  this  time;  however,  the  fuselage  bending  effects  are  expected  to  be  quite  significant  for  applications  with 
widely  separated  sensor  units.  Methods  such  as  described  in  Reference  (2)  may  be  needed  for  flight  control  compensation 
and  to  minimize  parity  equation  noise. 

Design  Features  for  Flight  Safety 

The  purpose  of  redundant  system  configurations  is  to  achieve  extremely  low  probability  of  functional  failure.  In  the 
case  of  USA,  a  failure  of  the  sensor  function  can  lead  to  i-ss  of  the  aircraft  since  modem  high-performance  airframes  are 
basically  unstable,  depending  upon  the  FCS  for  stability.  Component  or  software  failure  modes  which  cause  simultaneous 
failure  of  two  or  more  redundant  element?  severely  degrade  functional  reliability  and  must  t^us  be  avoided 

Software  reliability  of  an  USA  is  obtained  by  computational  simplicity  combined  with  extensive  testing  of  the  vari¬ 
ous  software  paths.  The  number  of  software  paths  for  a  sensor  system  is  significantly  smaller  than  for  a  modem  flight  con¬ 
trol  system,  greatly  simplifying  the  testing  process.  Therefore,  some  of  the  measures  proposed  for  redundant  FCS  (such  as 
different  coding  in  each  redundant  computer)  are  not  needed  for  an  USA.  Extensive  testing  and  rigorous  control  of  change' 
are  still  needed,  however,  to  eliminate  the  likelihood  of  a  common  failure  of  all  computers  during  the  same,  probably  un¬ 
usual,  condition. 
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Possibility  of  a  common  electrical  failure  mode  is  also  eliminated  by  thorough  design  and  testing,  plus  allowing  only 
a  bare  minimum  of  communication  between  redundant  elements.  In  the  case  of  the  Inertial  Navigation  Assembly,  only  a 
total  of  five  com^.ementary  lines  are  allowed  to  cross  module  boundaries,  three  for  serial  data  transfer  of  sensor  data  to  the 
navigation  processor  and  two  for  navigation  data  synchronization.  In  each  case,  failure  propagation  from  one  module  to  the 
next  is  prevented  by  isolating  resistors  and  limiting  dicdes.  In  the  case  of  the  transfer  of  data  from  the  sensors  to  the  Digital 
Computer  Assembly  for  redundancy  management,  isolation  of  serial  data  lines  with  separate  drivers,  resistors  and  diodes  is 
again  provided.  Even  under  conditions  of  battle  damage,  a  short  to  1 15  V,  400  Hz  will  not  propagate  through  circuitry  to 
cause  failure  of  more  than  one  channel. 

Dedicated  serial  data  I/O  is  provided  to  transfer  data  from  each  of  the  sensors  to  the  Digital  Computer  Assembly  for 
redundancy  management.  A  MIL-STD-1553  word  format  is  used  but  since  the  transfer  is  not  multiplexed  between  chan¬ 
nels,  full  MIL-STD-1553  protocol  is  not  required. 

Redundant  channels  within  a  single  unit  are  physically  separated,  so  that  under  some  remote  failure  condition,  such 
as  excessive  EMI  or  heat-caused  ejection  of  contaminants,  failure  mechanisms  are  contained  within  the  channel  and  do  not 
spread  to  other  redundant  elements.  Dual  cooling  air  ports  are  provided  for  each  unit  and  each  channel  is  driven  by  a  sepa¬ 
rate  power  supply.  Power  supply  viring  to  the  aircraft  is  also  independent  by  channel  for  aircraft  installation  design 
flexibility. 

TEST  AND  EVALUATION  PLANS 

The  1ISA  ADM  has  been  delivered  to  the  U.S.  Naval  Air  Development  Center.  Two  additional  INAs  have  been  de¬ 
livered  to  McDonnell-Douglas  for  flight  test. 

The  flight  tests  will  be  performed  on  an  F-15  aircraft  at  Edwards  Air  Force  Base.  Under  a  joint  Navy/Air  Force 
program,  the  two  INA’s  and  the  CDU  will  be  installed  in  the  F-15.  The  INA's  will  be  mounted  with  an  approximate  separa¬ 
tion  of  three  feet  The  CDU  will  be  mounted  in  the  cockpit  to  provide  system  initialization  and  status  and  to  introduce 
preplanned  faults  into  the  system. 

USA  redundancy  management  software  will  be  inserted  within  the  F- 1 5’s  Digital  Electronics  Flight  Control  System 
(DEFCS).  The  software  will  be  rewritten  by  using  the  DOD  High  Order  Language  of  Ada.  Thus,  IISA  will  closely  resem¬ 
ble  a  production  system. 

The  IISA  test  objectives  and  associated  success  criteria  are  five-fold:  (1)  USA’s  airworthiness  will  be  verified;  the 
system  must  operate  -ifely  with  no  unacceptable  system  transients.  (2)  Aircraft  flying  qualities  with  IISA  will  be  verified; 
IISA  Must  not  degrade  aircraft  stability  and  control.  (3)  IISA’s  susceptibility  to  false  alarms  (i.e.,  indication  that  a  sensor 
has  failed  when  in  fact,  it  has  not)  will  be  examined;  IISA  must  not  be  susceptible  to  false  alarms.  (4)  USA’s  redundancy 
management  operation  will  be  verified;  faulty  sensors  must  be  identified  and  removed  from  the  system  in  a  manner  that  is 
transparent  to  the  pilot.  (5)  IISA’s  navigation  quality  will  be  verified;  terminal  position  and  velocity  accuracies  must  be  „t 
least  as  good  as  a  medium  accuracy  navigation  system. 

SUMMARY 

IISA  has  been  designed  to  meet  the  flight  safety  needs  of  flight  control  inertial  sensors  while  simultaneously  operat¬ 
ing  as  a  medium  accuracy  inertial  navigator.  The  system  has  been  delivered  and  is  currently  undergoing  test.  Given  the 
trends  of  the  design  of  high-performance  aircraft,  an  integrated  system  design  such  as  IISA  is  essential  for  minimum 
avionics  cost. 
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ABSTRACT 

Threat  densities  expected  on  a  modern  battlefield  do  not  allow  penetrating  tactical 
!  aircraft  the  option  of  simply  flying  around  individual  threats.  As  the  threat  becomes 

even  more  sophisticated  in  the  1990s  new  aircraft  avionic  systems  will  need  to  be  fielded 
that  will  enable  survivable  penetration  of  tactical  aircraft  in  an  even  more  lethal 
threat  environment.  Recent  advances  in  onboard  mission  planning,  navigation,  and  terrain 
following/ terrain  avoidance/threat  avoidance  (TF/TA/TA)  technologies  and  the  onboard 
availability  of  stored  digital  terrain  data  enable  the  mechanization  of  such  a  survivable 
penetration  capability. 

Onboard  mission  planning  constructs  a  survivable  penetration  reference  corridor 
'  which  takes  into  account  terrain  data,  the  location  of  known  threats,  the  expected 

densities  of  unknown  and  mobile  threats,  and  mission  goals.  An  advanced  aided  navigation 
capability,  using  information  from  the  global  positioning  system,  aiding  sensors  such  as 
radar,  and  terrain  navigation  features,  is  necessary  to  make  maximum  use  of  the  onboard 
terrain  data.  The  TF/TA/TA  function  computes  flyable  three-dimensional  paths  within  the 
reference  corridor  accounting  for  aircraft  performance  limits,  knowledge  of  the  ; 

surrounding  terrain,  and  information  about  the  threat.  ,< 

All  three  technologies  use  the  Defense  Mapping  Agency's  Digital  Land  Mass  System 
(DLMS)  terrain  to  provide  look-ahead  terrain  masking  and  aided  navigation.  Through  this 
survivable  penetration  methodology,  advanced  tactical  aircraft  can  have  enhanced  aircraft 
survivability. 

1.  INTRODUCTION 

An  improved  penetration  capability  is  necessary  to  enhance  the  survivability  of 
tactical  aircraft  in  dense  threat  environments.  Because  of  significant  advances  in 
Soviet  air  defense  technology,  sophisticated  defenses  will  be  deployed  in  such  numbers 
that  conventional  penetration  and  attack  profiles  could  result  in  unacceptable  losses. 

In  addition,  tactical  aircraft  must  retain  their  effectiveness  at  night  and  in  inclement 
weather.  Thus  the  need  is  paramount  for  an  integrated  system  that  provides  survivable 
penetration  through  an  onboard  mission  planner,  a  precision  all-weather  navigation 
capability,  and  a  TF/TA/TA  function. 

The  survivable  penetration  system's  onboard  mission  planning  function  will  determine 
the  best  corridor  (most  survivable  within  specified  constraints)  from  one  point  to 
another.  Typically  the  penetration  corridor  is  defined  by  a  set  cf  waypoints.  It  starts 
at  the  forward  edge  of  the  battle  area  (FEBA),  proceeds  to  the  target  area,  and  returns 
back  from  the  target  area  across  the  FEBA.  Factors  influencing  the  choice  of  the 
penetration  corridor  include  threat  distribution,  restricted  areas,  terrain,  aircraft 
performance,  available  fuel,  and  time.  Survivability  is  further  improved  either  by  very 
low  altitude  TF/TA/TA  to  take  best  advantage  of  local  terrain  masking  to  threats  or  by 
high  altitude,  high  speed  flight  to  stay  outside  surface-to-air  missiles  (SAM)  and 
antiaircraft  artillery  (AAA)  envelopes. 

Accurate  navigation  is  a  fundamental  capability  needed  for  the  survivable 
penetration  system.  Accurate  knowledge  of  the  tactical  aircraft’s  location  and  velocity 
is  key  to  onboard  mission  planning  and  TF/TA/TA.  Accurate  position  information  allows 
onboard  mission  planning  to  account  for  a  known  threat's  masking  envelope.  During 
TF/TA/TA  flight,  accurate  knowledge  of  the  aircraft  location  relative  to  onboard  digital 
terrain  elevation  data  (DTED)  enables  terrain  following  flight  over  the  DTED  with 
intermittent  operation  of  a  forward  looking  terrain  following  radar.  This  accurate 
navigation  capability  can  be  performed  through  a  moderate  cost/performance  inertial 
;  navigation  system  (INS)  integrated  with  information  from  other  available  sensors.  These 

;  aiding  sensors  would  include,  but  not  be  limited  to,  doppler  radar,  a  global  positioning 

!  system  (GPS),  and  terrain  aided  navigation  that  uses  radar  altimeter  measurements  and  the 

I,  onboard  DTED. 

TF/TA/TA  will  provide  the  penetrating  tactical  aircraft  with  a  survivable 
three-dimensional  flight  path  within  the  corridor  computed  by  the  onboard  mission 
planner.  The  penetrating  aircraft's  improved  probability  of  survival  is  achieved  through 
stealth  and  tactical  surprise.  The  aircraft'  can  covertly  penetrate  the  air"  defense 
threats  by  minimizing  the  onboard  rf  emissions  from  a  terrain  following  radar.  Surviv¬ 
ability  is  enhanced  by  masking  the  penetrating  tactical  aircraft  from  the  threats. 

Denying  the  threat  direct  line  of  sight  by  flying  at  very  low  altitudes  minimizes  the 
aircraft's  exposure  thus  increasing  aircraft  survivability.  Current  day  terrain 
following  systems  use  a  forward  looking  radar  and  algorithms  to  permit  safe  50-meter 
above  ground  level  (AGL)  flight.  With  the  use  ot  an  onboard  DTED  database,  new 
approaches  to  local  flight  path  planning  are  enabled.  Today's  data  processing  resources 
allow  for  flight  planning  algorithms  that  can  compute  three-dimensional  flight  paths. 
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The  availability  of  DTED  also  allows  the  system  to  "see"  through  a  hill  and  plan  a 
trajectory  beyond  a  forward  looking  radar's  line  of  sight.  Accurate  navigation  allows 
the  radar  to  be  turned  completely  off.  The  aircraft  would  compute  its  flight  path 
directly  from  the  DTED.  In  addition  to  this  silent  terrain  following  capability,  the 
DTED  enables  lateral  path  generation  that  would  include  terrain  avoidance  (going  around  a 
hill)  and  threat  avoidance  (avoiding  direct  exposure  to  a  threat). 

2.  SURVIVABLE  PENETRATION  REFERENCE  PATH 

Techniques  have  been  developed  to  generate  the  survivable  penetration  reference 
path/corridor  through  use  of  an  onboard  mission  planner.  Reference  1.  The  survivable 
penetration  corridor  that  is  defined  by  the  reference  path  and  the  corridor  width  is 
input  to  the  TF/TA/TA  function.  TF/TA/TA  further  refines  the  path  to  be  flown  by 
accounting  for  detailed  aircraft  performance  characteristics  and  threat  information 
within  the  corridor. 

This  reference  path  is  the  one  with  lowest  "danger"  that  incorporates  knowledge 
about  known  threats  and  threats  that  are  either  mobile  or  whose  location  is  totally 
unknown.  Foi  known  threats,  techniques  were  developed  that  either  avoid  these  locations 
or  use  local  terrain  masking  to  minimize  threat  encounters.  For  threats  which  are 
unknown  (or  mobile)  or  for  threats  with  overlapping  coverage,  it  is  important  to  use  a 
mathematical  optimization  method  (such  as,  dynamic  programming)  that  effectively 
minimizes  the  threat  exposure  for  the  expected  distribution  of  threats. 

In  developing  a  survivable  penetration  path  trajectory  it  is  necessary,  in  addition 
to  the  optimality  criteria,  that  the  chosen  path  be  tolerant  of  threat  and  terrain 
data-base  inaccuracies,  accept  pilot  interactions,  and  be  insensitive  to  minor  path 
departures.  Thus,  the  uncertainty  of  the  data  must  be  consistent  with  the  character  and 
precision  of  the  trajectory.  Small  departures  from  nominal  trajectories  which  achieve 
optimal  performance  by  flying  through  the  "eye-of-the-storm"  may  incur  greater  operational 
penalties  than  departures  from  a  nominal  trajectory  which  has  slightly  less  optimum 
performance  but  which  tolerates  a  wider  corridor  around  the  nominal.  This  "robust" 
characteristic  is  an  important  ingredient  of  penetration  trajectories.  Methods  of 
incorporating  this  quality  have  been  developed  and  depend  on  sensitivity  studies  of 
optimality  criteria  as  well  as  imposed  trajectory  constraints. 

2.1  SURVIVABLE  PENETRATION  METHODOLOGY 

The  optimization  algorithm  is  a  two-part  process,  as  described  in  Figure  1.  Dynamic 
programming  generates  a  reference  trajectory  which  defines  the  optimal  corridor  within 
which  the  aircraft  is  free  to  pick  its  own  path.  This  reference  trajectory  is  then 
refined  using  a  TF/TA/TA  algorithm.  The  output  of  the  TF/TA/TA  algorithm  is  a  flyable 
trajectory  which  seeks  a  refined  aircraft  trajectory  within  the  reference  corridor. 

Mission  goals  and  constraints  along  with  pilot  inputs  are  used  to  define  mission 
requirements.  The  reference  trajectory  generator  makes  use  of  DLrs  (Digital  Land  Mass 
System)  terrain  data  and  current  threat  scenario  information,  based  on  a  one  to  two 
nautical  mile  (nm)  grid  size.  A  TF/TA/TA  altitude  response  model  is  used  to  predict  the 
expected  average  aircraft  altitude  based  on  velocity,  terrain  standard  deviation,  and  the 
pilot-selected  terrain  clearance  setting.  The  reference  trajectory  is  defined  in 
steering  buffers  which  can  be  input  to  the  TF/TA/TA. 
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Figure  1.  Survivable  Penetration  Methodology 
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The  dynamic  programming  solution  contains  all  the  optimal  paths  from  any  point  in 
the  mission  area  to  the  target  or  goal.  This  allows  a  new  reference  trajectory  to  be 
immediately  available  should  the  pilot  depart  from  the  current  reference  trajectory.  A 
new  dynamic  programming  solution  will  be  computed  when  the  aircraft  receives  a  mission 
redirect.  A  new  target  has  been  selected  or  the  threat  scenario  is  updated. 

2.2  REFERENCE  TRAJECTORY  GENERATION 

Dynamic  programming  is  a  recursive,  discrete  optimization  process.  Inputs  to  the 
optimization  process  include:  mission  description,  optimization  cost  function,  and 
optimization  space.  The  mission  description  provides  the  dynamic  programming  process 
with  a  waypoint  description  of  the  mission  in  terms  of  goals  such  as  attack  initiation 
points,  optimization  boundaries,  and  other  pi lot -provided  information.  The  cost  function 
is  a  measure  of  potential  threat  encounters.  A  Lagrange  multiplier  is  used  to  meet  time 
and  fuel  constraints.  The  optimization  space  is  a  discrete  state  space  which  defines  all 
allowable  aircraft  states  and  transitions  between  states.  The  use  of  a  1  to  2  nm  grid 
size,  along  with  the  constraint  of  no  more  than  a  45  degree  change  in  heading  allowed 
from  one  state  to  the  next,  provides  a  feasible  corridor.  One  step  of  "previous  heading" 
information  is  incorporated  into  the  dynamic  programming  solution  by  including  aircraft 
heading  with  lateral  position  in  the  definition  of  the  state  space. 

Dynamic  programming  affords  an  efficient  methodology  to  perform  an  exhaustive  search 
over  the  entire  optimization  space.  The  recursive  nature  of  dynamic  programming  allows 
the  optimal  path  from  each  state  in  the  space  to  the  goal  to  be  calculated  in  far  less 
time  than  the  optimal  path  from  a  specified  start  state  to  the  goal  could  be  calculated 
in  a  brute  force  manner. 

The  reference  trajectory  should  be  "robust"  in  the  sense  that  database  inaccuracies 
and  pilot-  or  TF/TA/TA-imposed  excursions  about  the  path  will  not  invalidate  the  solu¬ 
tion.  A  solution  tolerant  of  real-world  interactions  is  preferred  over  a  solution  which 
requires  the  pilot  or  the  system  to  continually  "thread  the  needle"  in  terms  of  meeting 
position  constraints.  With  a  nontolerant  solution  the  probability  of  straying  off  the 
reference  path  and  onto  a  highly  dangerous  region  is  much  greater. 

2.3  REFERENCE  TRAJECTORY  PERFORMANCE  MEASURE 

The  performance  measure  (optimization  cost  function)  for  the  reference  trajectory 
problem  is: 


min  (Da  +  Cti)  •  A  tA 

where  D,  is  a  measure  of  danger  in  terrain  cell  i,  hereafter  referred  to  as  the  "danger 
index",  and  Cti  is  a  Lagrange  multiplier  representing  the  relative  cost  of  time/fuel. 

Sources  of  danger  considered  by  the  optimization  procedure  are  known  stationary 
threats,  known  mobile  threats  and  unknown  threats.  Known  stationary  threats  have  been 
identified  by  intelligence  data  by  type  and  position  and  are  expected  to  remain 
stationary  during  the  mission.  Known  mobile  threats  are  represented  by  a  zone  or  region 
within  which  the  presence  of  mobile  threats  is  highly  probable.  Unknown  threats  are 
represented  by  a  region  in  which  threats  are  considered  to  be  randomly  located  with  some 
nonzero  probability.  The  unknown  threat  concept  allows  the  system  to  take  maximum 
advantage  of  the  terrain  in  the  absence  of  known  threats.  The  danger  of  each  individual 
threat  is  defined  in  terms  of  the  threat's  lethality  (or  effectiveness)  and  the  expected 
terrain  interaction,  updated  threat  information  will  cause  the  optimization  software  to 
generate  a  new  solution. 

The  discrete  nature  of  the  performance  measure  and  current  threat  modeling 
capabilities  do  not  justify  the  complexity  required  to  use  probability  of  kill  (or 
survival)  estimates  as  part  of  the  danger  index.  An  absolute  measure  of  danger  is  not 
required  to  find  a  good  path.  What  is  required  is  a  relative  measure  of  danger. 
Estimates  of  the  actual  survivability,  if  required,  can  be  made  using  operational 
analysis  survivability  models.  The  system  has  been  designed  to  use  stationary  threat 
effectiveness  measures  defined  in  terms  of  along-track  and  across-track  distances. 
Mobile  threat  effectiveness  is  included  by  using  a  measure  of  the  expected  threat 
effectiveness  based  on  the  threat  type  and  density.  Unknown  threat  costs  are  included  by 
assigning  a  constant  cost  to  the  entire  flight  radius  of  the  aircraft  beyond  the  FEBA 
(Forward  Edge  of  Battle  Area). 

2.4  GENERATION  OF  THE  DANGER  INDEX 

The  danger  index  is  a  linear  combination  of  the  computed  costs  from  the  three 
threat  classes  (known,  mobile,  and  unknown).  The  combination  process  is  illustrated  in 
Figure  2.  The  effects  of  terrain  masking  are  taken  into  account  using  two  methods: 
line-of-sight  masking  and  area  intervisibility  calculations. 

Line-of-sight  calculations  define  the  masking  map  for  each  known  stationary  threat. 
The  effects  of  terrain  on  known  mobile  and  unknown  threats  are  taken  into  account  using  a 
nondirectional  measure  of  masking  effectiveness  called  "area  intervisibility".  Area 
intervisibility  is  a  measure  of  the  probability  that  a  randomly  located  threat  size  has  a 
clear  line  of  sight  to  the  aircraft. 
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Figure  2.  Danger  Index  Computation 


Known  threats  that  are  stationary  have  effectiveness  templates  that  are  directional 
in  nature.  Provisions  are  made  in  the  onboard  mission  planning  algorithm  to  account  for 
stationary  threat  lethality  as  a  function  of  threat  type  and  corresponding  characteris¬ 
tics,  aircraft  type,  the  along-track  and  cross  track  aircraft  position  relative  to  site, 
aircraft  speed  and  direction,  as  well  as  the  difference  in  altitude  between  site  and 
aircraft.. 

The  template  model  used  for  the  system  checkout  and  demonstration  defines 
effectiveness  in  terms  of  range  from  the  site.  The  range  is  found  using  the  along-  and 
across-track  inputs.  Threat  characteristics  accounting  for  minimum  and  maximum  range  and 
altitude  are  also  taken  into  account.  A  typical  threat  template  for  a  known  fixed  threat 
is  shown  in  Figure  3.  A  single  effectiveness  contour  is  depicted  there  and,  as  can  be 
seen,  is  a  directional  function  of  down-range  and  cross-range  distance  coordinates  and 
relative  elevation  of  the  target  aircraft  with  respect  to  the  threat.  Since  no  threat 
position  will  be  known  exactly,  some  smearing  of  the  threat  template  is  desirable.  A 
typical  smeared  template  is  also  shown  in  Figure  3.  Threat  smearing  is  only  applied  to 
threats  with  location  uncertainties  typically  less  than  1  nm.  For  location  uncertainties 
any  greater  than  1  nm,  the  threat  is  considered  as  a  known  mobile  type  ana  area  intervis¬ 
ibility  rather  than  geometric  line-of-sight  (terrain  masking)  would  be  used  to  account 
for  terrain  effects. 


Down  Range  (DR) 


Figure  3.  Typical  Stationary  Threat  Template 
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The  inclusion  of  mobile  threats  and  unknown  threat  costs  into  the  onboard  missicn 
planning  process  has  created  a  need  for  a  way  to  include  the  effects  of  terrain  on 
loosely  defined  threats.  The  concept  of  "area  intervisibility"  has  evolved  to  fill  this 
need.  Area  intervisibility  is  the  probability  that  a  potential  ground  based  threat  site 
randomly  located  within  a  specified  look  radius  (ground  grange)  from  an  aircraft  at  a 
given  altitude  AGL,  has  an  uninterrupted  line-of-sight  to  that  aircraft.  The  definition 
of  terms  and  the  geometry  of  area  intervisibility  is  shown  in  Figure  4. 

Each  Point  on  an  Area  Intervisibility  Map  Indicates  the 
Probability  That  a  Threat  Site,  Randomly  Located  ¥.•■.'•»  a  Given 
Radius  ot  That  Point,  Will  Have  an  Unmasked  Line-ot-tijht  to  an 
Aircraft  at  a  Specified  Altitude  (AGL)  Above  That  Point 


Figure  5  shows  an  example  of  a  patch  of  DLMS  Level  1  terrain  data  near  Fulda, 
Germany.  The  altitude  data  has  been  quantised  into  eight  bins,  gray  being  the  lowest  and 
white  the  highest  in  altitude.  Also  shown  is  the  area  intervisibility  for  this  terrain 
quantized  from  low  (gray)  to  high  (white).  In  comparing  terrain  altitude  to  intervis¬ 
ibility,  an  initial  observation  can  be  made  that  low  altitudes  are  not  necessarily  areas 
of  low  area  intervisibility.  An  obvious  example  would  be  a  wide  valley  or  a  flat  plain; 
in  these  instances  a  large  number  of  neighboring  points  will  have  unmasked 
lines-of-sight.  often,  areas  ot  higher  altitude  but-  rougher  terrain  will  offer  lower 
values  of  area  intervisibility. 
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Figure  5.  Terrain  and  Area  InteryisibilHy 
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The  processing  requirements  for  the  intervisibility  calculations  are  high. 
Fortunately  the  processing  can  be  done  on  the  ground  prior  to  the  actual  path  optimiza¬ 
tion  process.  Area  intervisibility  as  defined  is  only  a  function  of  the  terrain  and 
aircraft  position  and  not  of  threat  placement.  The  area  intervisibility  maps  need  only 
be  calculated  once  for  a  set  of  different  altitudes. 

2 . 5  AREA  INTERVISIBILITY  ANALYSIS 

The  look  radius  used  in  the  intervisibility  calculations,  as  defined  in  Figure  4, 
affects  the  nature  of  the  intervisibility  maps.  The  expected  value  of  the  area  intervis¬ 
ibility  is  driven  by  the  chosen  look  radius.  An  extremely  short  look  distance  (on  the 
order  of  5-10  DLMS  data  points)  will,  in  general,  cause  the  calculated  value  of  intervis¬ 
ibility  to  be  very  near  one  for  all  points,  yielding  very  little  information  about  the 
terrain.  An  extremely  large  value  for  the  look  radius  will  result  in  a  value  of  inter¬ 
visibility  near  zero  for  all  cases  because  of  the  large  number  of  points  far  away  from 
the  aircraft  which  are  most  apt  to  be  masked. 

Figure  6  demonstrates  the  effect  of  look  radius  on  the  intervisibility  calculation. 
Area  intervisibility  calculations  were  made  using  second-order  statistical  terrain.  The 
correlation  distance  of  10,000  ft  and  500  ft  standard  deviation  parameters  used  to 
generate  the  terrain  are  typical  of  the  Fulda  area  of  Germany.  The  right-hand  column  of 
data  shows  the  portion  of  terrain  used  for  the  calculation  and  six  intervisibility  maps 
calculated  using  the  indicated  look  radius.  The  calculations  were  made  using  an  aircraft 
altitude  of  200  ft.  AGL.  Area  intervisibility  is  presented  on  an  absolute  scale  from 
dark  grey  representing  0-12.5  percent  intervisibility  to  white  showing  87.5  to  100 
percent  intervisibility.  Look  radii  at  both  the  extremes  exhibit  a  good  deal  of  satura¬ 
tion  at  the  maximum  and  minimum  area  intervisibilities  values  respectively.  Figure  7 
shows  a  plot  of  the  expected  value  of  area  intervisibility  along  with  the  minimum  and 
maximum  values  encountered  as  a  function  of  look  radius.  Look  radii  of  3  and  5  nm  show  a 
large  unsaturated  range  of  intervisibility  values. 
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Figure  6.  Area  Intervisibility  •  Look  Radius  Sensitivity 


The  effects  of  altitude  were  evaluated  by  setting  the  look  radius  to  3  nm  and 
calculating  area  intervisibility  maps  at  altitudes  ranging  from  0  to  1000  ft.  AGL. 
Figure  8  presents  samples  of  altitude  runs  calculated  using  the  same  statistical  terrain 
data.  The  calculated  maps  exhibit  a  rich  range-of  values  with  very  little  saturation  of 
data  over  the  altitudes  of  interest  for  TF/TA-  excursions.  A  plot  "of  the  expected  value 
of  area  intervisibility  as  a  function  of  altitude  is  shown  in  Figure  9.  The  curve  is 
very  closely  approximated  by  an  exponential  form.  Expected  area  intervisibility  values 
calculated  using  actual  DLMS  terrain  data  in  central  Germany  show  a  high  correlation  with 
the  statistical  terrain  calculation,  as  shown  by  the  actual  terrain  values  plotted  on 
Figure  9. 
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Figure  7.  Average  Area  Intervisibility  vs  Look  Radius 


Figure  8.  Area  Intervisibility  -  Altitude  Sensitivity 

The  value  of  look  radius  used  for  area  intervisibility  calculations  can  be  varied  as 
a  function  of  aircraft  altitude,  or  it  can  be  held  constant  for  all  calculations.  The 
look  radius  could  be  defined  to  approximate  the  aircraft  horizon  as  a  function  of 
aircraft  altitude.  In  this  latter  case,  the  area  intervisibility  calculation  will 
include  the  set  of  all  ground  sites  that  could  have  line  of  sight  to  the  aircraft.  One 
problem  that  occurs  in  such  a  scheme  is  the  tendency  for  the  intervisibility  measure  to 
decrease  as  the  aircraft  altitude  increases.  Such  a  trend  is  clearly  undesirable.  The 
definition  of  intervisibility  could  be  changed  to  account  for  the  number  of  ground  sites 
that  have  line  of  sight  rather  than  the  probabilistic  definition.  Area  intervisibility 
in  this  case  would  be  com  trained  to  be  monotonic  increasing.  For  an  aircraft  traveling 
at  300  ft  AGL,  the  "bald"  Earth  horizon  is  approximately  18.5  nm  away.  In  analysis  runs, 
the  use  of  long  look  radii  had  an  averaging  effect  on  the  intervisibility  values  thus 
decreasina  the  available  information.  In  these  cases,  a  driving  factor  in  the  intervis¬ 
ibility  measure  is  the  large  number  of  points  near  the  outside  of  the  search  area. 


It  was  found  that  the  use  of  a  constant,  a  moderate  value  of  look  radius  enhances 
the  validity  of  the  area  intervisibility  measure.  For  system  demonstration  a  look  radius 
of  3  nm  was  used.  This  value  takes  advantage  of  terrain  information  nearer  to  the 
aircraft,  which  has  a  greater  probability  of  affecting  the  aircraft. 
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Figure  9.  Average  Area  Intervlslblllty  vs  Aircraft  Altitude 


2.6  REFERENCE  TRAJECTORY  EXAMPLE 


An  example  of  a  dynamic  programming  solution  is  shown  in  Figure  10.  Optimum 
reference  trajectories  originate  on  the  left  side  of  the  map  and  travel  to  a  goal  located 
at  point  A.  The  cost  map  was  based  on  area  intervisibility  and  was  generated  from  DLMS 
data  near  the  Fulda  area  of  southern  Germany.  The  map  is  approximately  38  nm  x  30  nm 
with  the  lower  left  corner  located  at  50°  30'  latitude  and  9°  30’  longitude.  The  grid 
size  used  was  1  nm  square.  The  dynamic  programming  solution  was  restricted  to  a  maximum 
turn  of  45°  at  any  one  state.  The  dark  shade  represents  low  area  intervisibility  and  the 
light  represent  areas  of  high  intervisibility.  The  same  reference  trajectories  are 
superimposed  on  the  original  DLMS  terrain  altitude  data  in  Figure  11. 
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Figure  10.  Optimal  Path* 
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3.  NAVIGATION 

Survivable  penetration  missions  require  very  accurate  knowledge  of  the  penetrating 
aircraft's  position  and  velocity.  Navigation  accuracy  is  a  key  factor  if  successful  low 
altitude  missions  are  to  be  undertaken.  The  accurate  navigation  system  aids  the  air  crew 
in  at  least  three  ways.  First,  it  provides  the  key  ingredient  to  situational  awareness, 
current  location.  This  is  especially  important  under  conditions  where  tactical  consider¬ 
ations  have  indicated  a  change  in  planned  routing.  Secondly,  it  reduces  the  crew  work¬ 
load.  Interviews  with  tactical  aircrews  indicate  that  over  50%  of  their  time  in  a  low 
level  interdiction  is  spent  managing  a  navigation  system  that  requires  frequent  manual 
updating,  monitoring  and  keyboard  insertions.  Finally,  there  is  the  crucial  issue  of 
precision  cueing  in  the  target  area  that  a  good  navigation  system  can  give  in  terms  of  a 
lead-in  to  planned  targets. 

Aided  Navigation  -  In  the  late  1950's  inertial  navigation  systems  (INS)  using  gyros 
and  accelerometers  for  determining  position  and  velocity  were  introduced  into  tactical 
aircraft.  These  systems  provided  an  autonomous  source  of  aircraft  attitude,  position  and 
velocity  that  was  used  for  aircraft  guidance  and  weapon  delivery.  Although  great 
improvements  in  the  accuracy  and  reaction  of  these  systems  has  been  achieved  over  the 
past  two  decades  (See  Figure  12)  the  aircraft's  mission,  weapon  delivery  accuracy  and 
sensor  cueing  requirements  have  begun  to  exceed  the  capability  of  current  INS's  of 
moderate  cost  and  performance  ('vSISOK,  0.8  NM/HR). 
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Figure  12.  INS  Performance  Trend 
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There  are  many  sources  of  navigation  information  in  the  sensor  suites  of  modern 
tactical  aircraft.  Figure  13  lists  typical  sensors  and  the  information  available  for  use 
by  the  aircraft  navigation  system.  Note  that  the  primary  function  of  a  sensor  need  not 
be  for  navigation  (i.e.  the  radar  altimeter);  yet  it  provides  information  that  can  be 
exploited  it  an  aided  navigation  system. 
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Figure  13.  Navigation  Data 

A  typical  aided  n.-.vigation  system  consists  of  a  medium  accuracy  INS  (using  informa¬ 
tion  from  other  available  sensors,  such  as  a  doppler  radar),  a  synthetic  aperture  radar 
(SAR),  visual  target  designations,  a  tactical  air  navigation  set  (TACAN),  electro-optical 
sensors,  etc.  to  update  its  position  and  velocity  errors.  Figure  14  illustrates  the 
improvement  which  can  be  obtained  with  a  medium  accuracy  INS  when  aided  by  a  SAR  in  a 
typical  aircraft  mission. 


Figure  14.  Synthetic  Aperture  Radar  Aiding 
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Architectures  -  A  candidate  architecture  of  an  aided  system  is  presented  in  Figure 
15.  Various  mechanizations  are  viable  with  the  simplest  approach  being  the  periodic 
reseting  of  the  INS  to  the  value  measured  by  the  aiding  sensor.  The  disadvantage  of  this 
approach  is  that  the  error  sources  in  the  INS  and  the  updating  sensor  are  not  corrected 
and,  therefore,  the  autonomous  INS  operation  is  not  improved  and  the  INS  is  not 
calibrated  by  the  measurement. 
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Figure  15.  Aided  Navigation  Architecture 


The  use  of  Kalman  filtering  provides  many  desirable  features.  With  proper  mechani¬ 
zation  and  error  modeling,  INS  alignment  errors  can  be  removed  and  source  error  calibra¬ 
tions  can  be  performed  on  the  INS  instruments  as  well  as  in  the  aiding  sensor.  For 
example,  if  a  doppler  radar  is  used  to  provide  accurate  velocity  information,  INS  gyro 
and  accelerometer  biases,  scale  factors  and  misalignments  can  be  estimated  as  well  as 
radar  boresight  and  scale  factor  errors.  If  the  INS  were  then  required  to  perform 
autonomously,  all  bias  and  systematic  errors  would  be  compensated.  Likewise,  subsequent 
radar  velocity  measurements  would  be  more  accurate  since  its  boresight  error  and  scale 
factor  errors  would  be  removed. 


Many  Kalman  filter  architectures  exist.  The  literature  discusses  the  features  and 
benefits  of  using  a  single  central  Kalman  filter  with  raw  sensor  data  as  inputs,  a 
distributed  set  of  multiple  Kalman  filters,  the  use  of  a  standard  Kalman  filter,  an  open 
or  closed  loop  Kalman  filter.  Suffice  it  to  say  that  many  viable  architectures  are 
possible  in  implementing  the  aided  navigation  system  using  Kalman  filtering  techniques. 

Global  Positioning  System  (GPS)  -  The  GPS  is  expected  to  become  operational  by  1990. 
GPS  is  a  worldwide,  satellite  based  navigation  system  which  will  provide  highly  accurate, 
jam  resistant  position,  velocity  and  time  to  passive  users.  The  system  consists  of 
eighteen  satellites,  in  12-hour  circular  orbits. 

Each  satellite  completes  two  revolutions  of  the  earth  during  a  24  hour  period  and 
the  configuration  permits  an  instantaneous  view  of  at  least  four  satellites  at  most 
points  on  the  earth's  surface.  The  satellite  positioning  permits  the  user  to  receive 
phase-modulated,  binary-coded,  wide-spectrum  ranging  signals  from  each  of  the  satellites 
in  view  and  to  accurately  determine  position,  velocity  and  time  based  on  knowledge  of  the 
orbital  geometry.  Stated  RMS  accuracy  of  GPS  is  5  meters  in  position  and  0.1  meters/sec 
in  velocity. 

When  fully  operational  GPS  will  synergistic  with  all  terrain-aided  navigation 
systems.  As  envisioned  the  GPS  will  be  coupled  with  the  aircraft's  inertial  navigator  to 
provide  precision  navigation  to  the  let  down  point  of  the  low  level  penetration.  At  this 
point  the  system  will  probably  switch  over  to  a  terrain-aided  mode  with  the  GPS  acting  a? 
part  of  the  navigation  redundancy  management  system.  The  reason  for  this  switch,  even 
though  GPS  accuracy  appears  to  be  better  than  terrain-aided  modes,  is  that  there  will  be 
a  bias  between  GPS  and  the  terrain  data.  During  low  level  penetration,  the  relative 
position  of  the  aircraft  with  respect  to  the  terrain  will  be  more  important  than  absolute 
position. 
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As  the  GPS  is  used  to  survey  the  earth's  surface,  more  precise  terrain  data  will  be 
available  with  a  common  datum  (GPS).  More  accurate  terrain  data  and  smaller  cells  will, 
in  turn,  increase  terrain-aided  accuracy  and  eliminate  GPS'terrain  biases.  Future 
precision  navigation  systems  will  probably  consist  of  dual,  high-accuracy  INS' s  with  GPS 
and  terrain  aiding  for  the  ultimate  in  jam-proof,  covert  TF/TA/TA.  As  the  aircraft 
approaches  the  target,  a  transfer  alignment  will  be  performed  from  the  aircraft  precision 
navigator  to  GPS/inertially-aided  munitions  for  stand-off  weapon  delivery. 

Terrain-Aided  Navigation  -  Terrain-aided  navigation  systems  are  computational 
techniques  imbedded  in  software  rather  than  specialized  hardware.  As  shown  in  Figure  16 
all  terrain-aided  systems  use  measured  ground  height  from  an  altimeter,  a  data  base 
memory  with  terrain  stored  map  height,  an  inertial  navigation  system  and  a  data 
processor.  The  processor  uses  specially  developed  algorithms  to  compare  measured  height 
from  the  altimeter  with  stored  height  from  the  data  base  to  determine  the  INS  position 
and  velocity  errors.  These  errors  are  then  removed  to  provide  navigation  accuracies  on 
the  order  of  30  meters  to  100  meters,  depending  on  the  terrain  being  overflown  and  the 
accuracy  of  the  data  base. 


The  benefits  of  terrain  aided  navigation  in  military  applications  are  high-accuracy, 
drift-free  navigation  which  gives  a  pilot  a  considerable  edge.  Good  aircraft  positional 
accuracy  is  vital  for  precision  ground  attack,  particularly  against  high  value,  well 
defended  targets.  The  attack  can  often  be  executed  without  the  aircraft  being  exposed  to 
enemy  defenses  since  it  will  not  have  to  fly  over  a  visual  identification  point  to 
initiate  the  attack.  Moreover,  it  can  perform  an  accurate  transfer  alignment  to  a 
stand-off  weapon,  such  as  an  inertially  aided  munition,  and  thus  only  need  to  approach 
the  target  within  several  miles. 

Another  benefit  is  the  ability  of  planning  a  mission  without  visual  or 
radar-significant  waypoints.  Since  terrain  data  is  available  and  the  aircraft  position 
is  well  established  within  this  datum,  the  terrain  following  ability  of  the  aircraft  can 
be  enhanced.  Even  if  the  aircraft  has  a  terrain  following  radar,  information  on  terrain 
which  is  obscured  and  on  obstructions  is  available.  The  aircraft  can  also  approach  the 
target  covertly  with  no  risk  of  being  jammed,  thereby  complementing  a  forward  looking 
infrared  sensor  or  night  vision  goggles  during  night  operations.  A  ground  proximity 
warning  system  can  also  benefit  significantly  from  a  terrain-aided  navigation  system.  To 
evaluate  different  approaches  to  terrain  aided  navigation,  a  literature  survey  was 
performed,  the  descriptions  that  follow  are  from  that  literature. 

3.1  MANEUVERING  TERRAIN  CORRELATION  SYSTEM:  REFERENCE  2 

A  Maneuvering  Terrain  Correlation  System  (MTCS)  has  been  developed  which  provides 
autonomous  accurate  positioning  without  requiring  a  visual  overfly  or  a  pop-up  for  sensor 
update.  This  system  determines  aircraft  position  by  correlating  a  series  of  radar 
altimeter  measurements  of  the  height  of  the  terrain  below  the  aircraft  with  stored 
digital  terrain  data.  The  operating  parameters  of  such  a  system  have  been  defined  and 
positron  detection  method  has  been  flight  tested  with  promising  results.  The  following 
summarizes  study  results  and  potential  application  to  a  penetrating  tactical  fighter 
aircraft. 
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Operational  Concept  -  The  classical  terrain  contouring  matching  (TERCOM)  approach 
correlates  altimeter  measurements  with  stored  digital  terrain  to  determine  position,  in 
doing  so,  a  straight  horizontal  profile  is  flown  over  a  preplanned  patch  of  terrain 
oriented  parallel  to  the  flight  path.  The  patches  are  carefully  preselected  and 
pretested  to  ensure  a  high  probability  of  detecting  the  correct  position.  Between 
patches,  the  vehicle  relies  on  its  IMS  for  position  information.  Figure  17  illustrates 
the  TERCOM  concept. 
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Figure  17.  Cruise  Missile  Application  of  TERCOM 

In  contrast,  the  MTCS  (Figure  18)  achieves  continuous  correlation  update,  during 
maneuvering  flights,  throughout  its  area  of  operation  using  DLMS  (Digital  Land  Mass 
System)  data.  The  algorithm  used  for  the  digital  correlation  allows  the  aircraft  the 
freedom  to  maneuver  along  highly  curved,  as  well  as  straight,  flight  paths.  Positional 
fixes  are  made  continually  and  anywhere  -  even  if  the  aircraft  is  flying  over  terrain 
with  low  terrain  height  standard  deviation  (oT). 
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Figure  18.  Maneuvering  Terrain  Correlation  System 

The  operational  concept  for  the  system  is  shown  in  Figure  19.  A  tactical  aircraft, 
after  cruising  at  high  altitude  using  its  INS,  develops  an  uncertainty  in  its  position. 
Therefore,  after  letdown  to  penetration  altitude,  the  MTCS  must  first  detect  its  posi¬ 
tion.  Following  the  initial  detection,  it  provides  continual  updates  of  position.  The 
system  nas  to  be  capable  of  providing  positional  information  even  though  the  aircraft 
performs  maneuvers  for  terrain  following,  terrain  avoidance  or  threat  avoidance.  The 
system  must  be  flexible  enough  that  if  a  breaklock  occurs,  a  redetection  of  position  can 
be  made.  Breaklocks  can  result  irom  high  bank  angle  (greater  than  the  coverage  of  the 
radar  altimeter)  or  from  flying  over  large  lakes  or  rivers. 
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Figure  19.  Operational  Concept 

Initial  Detection  -  The  scheme  for  obtaining  an  initial  detection  of  position  is 
sketched  in  Figure  20.  The  aircraft  has  been  flying  at  high  altitude  using  its  INS  and 
has  just  let  down  to  low  altitude.  The  best  estimate  of  the  aircraft  position  ( P  )  is 
the  latitude  and  longitude  coordinates  given  by  the  INS.  However,  the  INS  drift  rate  is 
known  and  boundaries  can  be  placed  around  that  estimated  position  to  form  an  uncertainty 
basket  in  which  the  aircraft  true  position  may  be  found.  In  the  Figure  20  example  it  is 
assumed  that  the  aircraft  has  been  flying  for  approximately  45  minutes  since  its  last 
update  of  the  INS  and  that  the  INS  has  a  drift  rate  of  1  nm/hr.  After  letdown  the 
aircraft's  radar  altimeter  begins  making  measurements  of  the  height  of  the  terrain  below 
the  aircraft  and  continues  this  until  the  aircraft  has  covered  a  specified  distance 
called  the  "integration  distance."  Integration  distances  are  kept  small  so  that  INS 
errors  will  not  invalidate  the  recording  of  the  relative  positions  between  altimeter 
measurements.  These  altimeter  measurements  of  ground  height  along  the  flight  path  are 
then  correlated  with  ground  heights  from  the  digital  terrain  data  for  the  uncertainty 
basket  to  find  where  the  best  match  between  data  sets  exists.  Such  a  match  gives  the 
most  probable  flight  path  over  the  area  and  the  most  prc-bable  position  where  altimeter 
measurements  were  started.  In  order  to  avoid  problems  where  a  "false  fix"  could  be 
obtained,  at  least  M  such  probable  positions  must  agree  after  n  trials.  That  is,  rather 
than  use  just  one  "most  probable"  position,  a  number  (N)  of  these  probable  positions  are 
obtained  sequentially  and  at  the  end  of  all  that  data  gathering,  at  least  a  portion  ( M ) 
of  the  N  probable  positions  must  agree  as  to  where  the  aircraft  currently  is. 


1.  Obtain  Starting  Position  P0  from  INS  (Lat,  Long.) 

2.  Form  Uncertainty  Basket  Around  P0  of  ±  3vn  Where. 

<TN  =  1  NM/hr  •  Number  of  Hours  Since  Takeoff  or  Update 
Design  Point:  6ctn  =  25,800  ft  x  25,800  ft 

=  86  x  86  Terrain  Data  Points  =  7,396 

3.  Take  Altimeter  Readings  of  Ground  Heights  for  Integration  Distance 

4.  Correlate  with  Terrain  Data 

5.  Require  that  at  Least  M  Correlated  Positions  Agree 

GP73  0480  74R 

Flnure  20.  Process  for  Initial  Detection  of  Position 


Figure  21  illustrates  how  the  comparison  of  alLiiueLei  measurements  and  digital 
terrain  data  is  made.  An  uncertainty  basket  of  possible  aircraft  positions  has  been 
drawn  around  the  estimated  position.  Every  point  in  this  uncertainty  basket  will 
sequentially  be  assumed  as  the  starting  point  for  the  altimeter  measurements.  Using  the 
matrix  of  incremental  positions  along  the  flight  path,  values  of  ground  heights  are  found 


I 
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along  an  assumed  flight  path  over  that  portion  of  the  digital  terrain  data.  Thus,  for 
each  assumed  starting  position  in  the  uncertainty  basket  a  matrix  of  digital  terrain 
ground  heights  is  found.  That  matrix  is  subtracted  from  the  matrix  of  ground  heights 
sensed  by  altimeter  as  indicated  by  the  equation.  After  subtraction,  the  absolute  values 
of  the  quantities  in  the  resulting  matrix  are  averaged  to  produce  the  mean  absolute 
difference  (MAS) .  Mean  values  of  the  altimeter  measurements  and  the  digital  terrain  data 
are  removed  from  the  MAD  value  to  eliminate  the  effect  of  bias  errors  in  IMS  altitude 
above  sea  level  and  differences  between  datum  levels  in  the  digital  data  and  sea  level. 
After  the  entire  uncertainty  basket  has  been  spanned  and  a  complete  matrix  of  MAD  values 
formed,  the  MAD  matrix  is  searched  for  the  minimum  MAD  value;  thereby  finding  the  most 
probable  position. 


>  Corr»l»tlon 

Mean  Absolute  Difference  (MAD; 

I  17 

MAD  (La.  Xa)“  | ^  l^|A|'$ensM|-Ait|er,aLn(| 


This  is  Dne  Value  Out  ol  Many  Determined  by 
Assuming  Ditlerent  Initial  Positions  in  the 
Uncertainly  Basket 


0 

Matrix  of  MAD  Valuta 

Assume  Each  of  86x86-7,396 
initial  Positions 

[MADi,  ,  MADi,  2  ”1 


Correlated  fix  No  t  -  Position  Where 

MAOa,  B  ,s  Minimum  <£ 


MADAi  B 
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Figure  21.  Initial  Correlated  Position 


Operational  Features  -  A  summary  of  the  complete  detection  process  is  shown  in 
Figure  22.  After  letdown  the  correlation  process  begins  with  a  large  uncertainty  basket. 
As  the  aircraft  travels  along,  the  earliest  chance  it  has  for  detecting  its  true  position 
is  when  it  crosses  the  minimum  distance  line.  Based  on  a  large  number  of  computer  runs 
simulating  the  process,  an  aircraft  will  detect  its  true  position  after  flying  the 
average  acquisition  distance.  After  approximately  twice  this  distance,  the  aircraft  has 
a  95%  probability  that  it  will  have  determined  its  true  position.  After  a  true  position 
is  established,  the  uncertainty  basked  is  reduced  for  subsequent  correlations  and  the 
correlation  process  is  continued  to  obtain  better  and  better  accuracy  on  the  true 
position. 


Normalized  to  Average  Acquisition  Distance 
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In  terrains  that  are  more  rugged  than  that  used  in  the  simulations,  the  probability 
of  detection  increases  and  the  average  acquisition  distances  approach  the  minimum 
distance.  The  time  between  letdown  and  when  the  aircraft  crosses  the  average  acquisition 
distance  line  is  shown  in  Figure  23  for  various  terrain  roughnesses.  Here  the  terrain 
measurement  noise  of  30  ft  and  a  4  out  of  9  detection  scheme  was  used.  The  rapid 
increase  in  acquisition  time  for  smoother  terrains  is  indicative  of  the  effect  of  signal 
to  noise  ratio.  The  effect  of  terrain  roughness  on  steady-state  accuracy  is  also  shown 
in  Figure  23.  Rougher  terrains  contain  a  greater  signal  content  so  accuracies  improve. 
In  general,  the  error  in  this  first  detection  of  true  position  is  tolerable  for  the 
terrain  of  central  Europe. 


Figure  23.  TERCOM  Acquisition  Time  and  Navigation  Accuracy 


Continuation  of  the  correlation  process  after  the  initial  detection  improves  the 
system  accuracy.  An  example  is  shown  in  Figure  24  of  average  positional  accuracy  as  a 
function  of  time.  The  accuracy  of  the  true  positions  improves  by  approximately  1/  .4 
where  N  is  the  number  of  correlated  true  positions  obtained. 

In  summary,  the  MTCS  provides  an  autonomous,  all  weather  means  of  accurately  fixing 
aircraft  position.  It  correlates  digital  terrain  data  with  radar  altimeter  data  in 
maneuvering  flight.  It  has  a  low  probability  of  false  fix  even  over  relatively  smooth 
terrains.  It  uses  current  hardware  but  needs  a  fast  mass  storage  system  to  realize  its 
full  potential.  It  is  a  self  contained,  highly  accurate  means  of  fixing  position  hori¬ 
zontally  and  vertically.  We  see  it  as  an  automatic  update  system  which  is  compatible 
with  advanced  terrain  following/terrain  avoidance  concepts. 
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Figure  24.  TERCOM  Position  Accuracy  vs  Time 
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3.2  SANDIA  INERTIAL  TERRAIN- AIDED  NAVIGATION  (SITAH);  REFERENCE  3 

SITAN  is  a  computer  algorithm  that  produces  a  very  accurate  trajectory  for 
low-flying,  high-performance  aircraft  by  combining  outputs  from  a  radar  or  laser  alti¬ 
meter,  an  inertial  navigation  system  (INS),  and  a  digital  terrain  elevation  map.  An 
extended  Kalman  filter  algorithm  (Figure  25)  processes  ground  clearance  measurements 
continuously  to  estimate  errors  in  a  trajectory  produced  by  an  unaided  INS.  The  filter 
is  formulated  with  the  following  state  model: 

— K+l  =  *^k  +  -k  (1) 

and  the  measurement, 


ck  =  c(xk)  +  vk 

=  zk  -  h( .  ,  . )  +  vk, 

where 

£xk  =  INS  error  states  to  be  estimated 

0  =  state-transition  matrix  for  INS  errors 
xk  =  states  of  INS  and  aircraft 
ck  =  ground  clearance  measurement 
zk  =  altitude  of  aircraft 
h  =  height  of  terrain  at  position  ( .  ,  . ) 
wk  =  driving  noise  with  E(wk)  =  0  for  all  k  and  E(wkw  jT>  =  Wkj 
=  measurement  error  with  E(v^)  =  0  for  all  k  and  Efv^Vj)  = 
k  =  subscript  denoting  time  k. 


1  Specify  6x0<  ♦>,  P0<*  \  Q,  R,  and  ♦ 

2.  Predict  (Propagate)  Error  State  and  Covariance 

p  =*p'k,*,+Q 

3.  Use  PlK“jr  and  DTED  to  Compute  HK  + ,,  RFTIK  _  v  and  h(xjfjj, 

4.  Gain  Computation 

•<K4.  =  p!f.\  MJ.JH'k,’,  H^..  +  R+RFITK.,|•, 

(Inverse  Is  a  Reciprocal  In  This  Case) 

5  Update  the  Error  State  and  Covariance 

KV 1  K  ^XK  ♦  I  +  KK  ♦  I^K  ♦  1  ~  ♦  1  *■  h^XK  ♦  1 M 

For  Acquisition  Filters 

plu i  s  ^  ♦  ihk  4  iJpk  4*  1 

For  Track  Filter 

Pif,’.  =1'-Kk-.HK- iIPK~.  |I|-KK4lHK.l)1  +  KK.t(R+  RFITK  4  A  .  . 

6  Update  Vehicle  State  Estimate 
x<4)  -vIN® 

XK4l  “  AK4l  +  0XK4l 

7.  Return  to  Step  2. 


Figure  25.  AFTI/SITAN  Extended  Kalmsn  Filter  Algorithm 


(2) 


Since  the  measurement  function  c(x)  is  a  nonlinear  function  of  the  states,  the 
standard  extended  Kalman  filter  approaches  used  to  obtain  the  measurement  matrix, 


«k  = 


3c(x) 

3x 


x  k  x  (-)  =  ("hx'  'hy-  —  j 


(3) 


where  h  and  h  are  the  terrain  slopes  in  the  x  and  y  directions  of  the  map  evaluated  at 
Xjl-),  the  predicted  aircraft  position  just  before  a  measurement  is  processed  at  time  k. 
The  first  three  states  are  taken  to  be  the  x  position,  y  position,  and  altitude, 
respectively.  At  any  time  k, 


x  =  xINS  +  ix.  (4) 

The  State  Vector  orton  uaeu  in  a  sinyxe  iiiter  implementation  is 

iS  =  (4x  «y  Jz  «vx  4Vy]T  ,  (5) 

where  4x,  4y,  6z,  6v  ,  and  6v  are  errors  in  the  x  position,  y  position,  altitude,  x 
velocity,  and  y  velocity,  respectively..  Other  INS  errors  and  states  can  also  be  included 
in  6x  by  using  the  proper  4. 


V2-18 


Because  the  distance  needed  by  SITAN  to  reach  steady  state  becomes  excessive  as 
initial  position  errors  approach  several  hundred  meters  parallel  SITAN  was  developed. 
Parallel  SITAN  is  a  bank  of  extended  Kalman  filters  that  process  identical  altimeter 
measurements.  After  some  updates,  the  filter  with  the  minimum  average  weighted  residual 
squared  (AWRS)  value  is  identified  as  having  the  correct  .ositicn  estimate.  The  AWRS 
value  is  defined  by: 


AWRSjtj,  filter  =  ^ 


Aj2 

HipiHiT  +  Ri 


jth  filter 


(6) 


where  Ai  is  the  residual  of  the  jth  filter  at  the  ith  update,  n  is  the  number  of  updates, 
and  HPH1  +  R  is  the  residual  variance.  Once  the  initial  position  errors  are  reduced  by 
the  parallel  filters,  a  single  filter  performs  well,  starting  off  essentially  in  steady 
state. 


To  implement  parallel  SITAN,  the  number  and  geometrical  layout  of  the  parallel 
filters  needed  to  cover  an  initial  position  error  must  be  specified.  A  square, 
constant-spaced  grid  can  be  used  to  center  the  filters  about  the  horizontal  position 
indicated  by  the  INS.  Filters  at  and  near  the  corners  are  then  eliminated  to  reduce  the 
number  of  filters.  To  further  lighten  the  computational  burden,  three-state,  instead  of 
five-state,  filters  are  often  used  in  parallel  SITAN  with 

5x  =  1 6x  6y  6z]T  .  (7) 

For  both  the  single  and  parallel  filter  implementation'',  a  least-squares  plane  fit 
to  the  map,  known  as  stochastic  linearization,  is  used  to  compute  the  slope,  h  and  h  . 

Horizontal  uncertainties  o  and  a  from  the  error-covariance  matrix,  defined  by:x  Y 

x  y 

P  =  Et(6x  -  5*)  (Ax  -  6£)T]  and  (8) 

Diag  P  =  [c2  a2  o2  a2  o2  1  ,  (9) 

are  used  to  determine  the  size  of  the  plane.  Residuals  from  the  plane  fit,  RFIT^,  are 
added  to  the  measurement  error  variance,  R.  ,  to  ensure  that  the  SITAN  filter  assigns  less 
weight  to  the  measurement  when  the  plane  Kf it  is  either  very  large  or  is  over  a  rough 
area,  thus  adapting  to  local  terrain. 

On  startup,  SITAN  enters  an  acquisition  mode  where  57  parallel,  three-state  filters 
are  used  to  estimate  the  initial  position  error.  During  acquisition,  position  estimates 
are  not  used.  When  one  of  the  57  filters  is  identified  as  having  a  reliable  estimate  of 
the  true  aircraft  position,  a  track  mode  is  entered  where  a  single,  five-state  filter  is 
initialized  at  the  selected  acquisition  filter's  estimated  position.  During  track, 
estimates  of  the  aircraft's  position  are  output  every  100  m.  The  mode-control  logic 
described  later  in  this  section  handles  the  transition  from  one  mode  to  the  other. 


Acquisition  Mode  -  Acquisition  mode  is  used  to  reliably  and  efficiently  loca  e  the 
aircraft's  position  within  a  large  uncertainty  region.  The  initial  position  error  is 
covered  with  57  three-state  filters  centered  on  a  grid  whose  initial  position  estimates 
are  525  m  apart.  If  the  initial  position  error  is  described  by  a  bivariant  normal 
distribution  with  an  initial  CEP  of  926-m,  the  probability  of  having  the  aircraft's 
position  fall  within  the  filter  basket  is  0.9785. 

Dost  Mode  -  If  the  mode-control  logic  determines  during  acquisition  that  the 
aircraft  is  not  within  the  2363-m  radius  search  area,  a  lost  mode  is  entered.  When  in 
the  lost  mode,  SITAN  does  not  provide  any  position  estimates  for  the  aircraft  and  the 
pilot  has  to  update  the  INS  to  restart  SITAN. 

Track  Mode  -  The  purpose  of  the  track  mode  is  to  continuously  estimate  the  position 
of  the  aircraft  as  accurately  as  possible.  The  position  estimate  must  be  accurate  since 
the  aircraft  computer  uses  the  filtered  SITAN-estimated  positions  to  correct  navigation 
errors. 


Mode-control  Logic  -  With  the  design  for  the  acquisition,  lost,  and  track  modes  as 
described  above,  mode-control  logic  is  needed  to  determine  in  which  mode  the  algorithm 
should  operate,  when  large  aircraft  position  errors  exist,  it  chooses  the  acquisition 
mode;  with  small  errors,  the  track.  The  main  parameter  used  in  the  mode-control  logic 
for  transition  from  acquisition  to  track  is  the  AWRS. 

Real-Time  Implementation  -  The  SITAN  algorithm  has  been  implemented  on  a  single 
Z8001  microprocessor  running  at  4-MHz.  The  SITAN  module  contained  the  acquisition  mode, 
lost  mode,  crack  mode,  and  mode-control  logic.  The  algorithm  was  implemented  in  assembly 
language  using  fixed-point  calculations  with  a  3  Hz  iteration  rate.  The  acquisition 
Kalman  filters  were  implemented  with  16-bit  word  length  variables,  using  the  conventional 
form  of  the  covariance  update.  The  track  filter  is  implemented  using  32-bit  word  length 
variables  and  the  stabilized  "Joseph's"  fotm  of  the  covariance  update.  The  worst  case 
processor  loading  occurs  in  acquisition  where  the  processor  is  51%  utilized.  The 
remaining  49%  is  utilized  by  I/O  conversions,  data-base  management,  and  operating  system 
overhead . 
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Conclusion  -  The  design  of  a  recursive,  computationally  efficient,  terrain-aided 
navigation  system  for  aircraft  has  been  implemented  in  a  single  Z8001  microprocessor.  It 
gives  median  track  accuracies  less  than  100  m  over  gently  rolling,  forested  terrain  using 
planar,  cartographic-based  terrain  data.  The  results  demonstrate  that  terrain  data  can 
be  used  in  conjunction  with  the  radar  altimeter  and  INS  that  are  normally  present  on  an 
attack  aircraft  to  produce  trajectories  whose  accuracy  is  much  greater  than  that 
available  from  the  INS  alone. 

3.3  TERRAIN  PROFILE  MATCHING  (TERPROM):  REFERENCE  4 

TERPROM  combines  the  best  features  of  the  maneuvering  terrain  correlation  system 
(MTCS)  and  the  Sandia  Inertial  Terrain  Aided  Navigation  (SITAN).  Figure  26  illustrates 
the  basic  TERPROM  principle,  determining  terrain  height  by  differencing  real  time  alti¬ 
tude  above  the  terrain  determined  by  an  altimeter  from  flight  path  height  above  sea 
level. 


Terrain  Height 
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Figure  26.  TERPROM  Principle 


As  the  aircraft  passes  over  the  mapped  area  the  computer  samples  the  inertial 
instruments  and  corrects  them  for  known  errors.  At  each  sample  the  indicated  plan 
position  is  used  to  derive  a  ground  height  from  the  stored  map  and  this,  together  with 
the  indicated  absolute  height  of  the  aircraft  (again  obtained  from  the  inertial 
instruments  and  corrected  for  known  errors),  is  used  to  obtain  a  prediction  of  the  radar 
altimeter  reading.  This  is  compared  with  the  actual  radar  altimeter  measurement  and  the 
difference  is  processed  by  a  Kalman  filter  to  generate  estimates  of  the  inertial 
instrument  errors  which  are  then  used  to  correct  the  states  (position,  velocity,  etc.)  of 
the  system.  This  process,  illustrated  in  Figure  27,  is  repeated  every  time  the  instru¬ 
ments  are  sampled,  providing  essentially  continuous  updating  of  the  aircraft's  position. 

One  of  the  key  features  incorporated  into  TERPROM  is  the  ability  of  its  Kalman 
filter  to  calibrate  the  inertial  system  and  to  propagate  initial  INS  alignment  errors. 

Operating  Modes  -  TERPROM  takes  advantage  of  the  best  features  of  MTCS  and  SITAN.- 
It  has  three  distinctive  modes  (1)  acquisition  mode,  (2)  continuous  mode  and  (3)  no 
update  mode.  Figure  28  illustrates  the  operating  modes  functional  block  diagram. 

In  the  acquisition  mode  the  Single  Fiy  algorithm,  rather  than  processing  each 
altimeter  measurements  alone,  constructs  a  profile  of  the  ground  over,  typically,  5 
kilometers.  It  compares  this  with  profiles  derived  from  its  stored  terrain  model,  the 
best  fit  determining  the  actual  path  taken.  To  derive  the  ground  profile  from  the 
terrain  model,  the  shape  and  orientation  of  the  flight  path  is  assumed  to  be  that  given 
by  the  inertial  instruments;  in  other  words,  the  unaided  inertial  system  is  assumed  to 
have  a  constant  offset  for  the  duration  of  the  TERPROM  Single  Fix  run.  Thus,  the 
aircraft  has  complete  freedom  to  maneuver,  both  vertically  and  horizontally,  during  the 
fix. 
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Figure  27.  TERPROM  System  Flow  Diagram 


For  any  particular  value  assumed  for  the  offset  of  the  inertially  derived  position, 
a  particular  flight  path  is  obtained  and  therefore  a  particular  ground  profile  will  be 
derived  from  the  map.  This  profile  is  compared  with  that  measured  by  the  aircraft's 
radar  altimeter  and  a  'figure  of  merit'  for  the  match  is  computed.  Different  assumed 
offsets  give  different  figures  of  merit,  the  true  offset  corresponding  to  the  highest 
figure.  Naturally,  only  discrete  values  of  offset  can  be  sampled  in  the  test,  but 
interpolation  between  these  values  is  used  to  give  a  more  accurate  estimate  of  the  true 
offset.  The  range  of  offsets  considered  "iust  obviously  be  large  enough  to  include  the 
true  offset.  An  estimate  of  the  required  range  is  computed  from  the  uncertainty  measure 
within  the  TERPROM  Kalman  filter  which  essentially  predicts  the  propagation  of  errors 
from  the  alignment  of  the  inertial  instruments.  In  theory  any  range  can  be  covered. 
But,  in  practice  the  number  of  sampled  offsets  is  limited  by  the  available  computing 
power  on  the  aircraft.  A  convenient  limit  suitable  for  most  applications  is  about  1 
nautical  mile  in  any  direction. 

Occasionally  another  strip  of  ground  has  a  very  similar  profile  to  the  one  overflown 
resulting  in  a  false  fix.  To  ensure  that  this  occurrence  has  no  adverse  effects  on  the 
system  performance,  a  second  Single  Fix  is  performed  and  correlation  between  the  two  is 
sought.  Only  when  correlation  is  found  on  the  second  or  a  subsequent  fix  is  the  Kalman 
filter  initialized  and  the  position  information  output. 

An  understanding  of  system  operation  in  the  continuous  mode  can  be  obtained  by 
considering  the  simplified  example  illustrated  in  Figure  29  in  which  only  along-track  and 
altitude  errors  are  considered.  Having  processed  the  altimeter  measurement  at  update  1, 
the  Kalman  filter  has  an  estimate  of  the  aircraft's  position  and  height  (point  X  in 
Figure  29)  and  a  measure  of  the  uncertainty  in  its  estimate.  This  is  indicated  by  the 
error  ellipse  drawn  at  update  1  which  will,  in  general,  lie  with  its  major  axis  parallel 
to  the  terrain  surface  at  update  1.  Between  updates  the  Kalman  filter  propagates  the 
position,  height  and  their  uncertainty  information  forward  to  update  2  using  a  dynamic 
error  model  of  the  inertial  measurement  unit.  This  predicted  position  is  marked  Y  and 
its  uncertainty  region  is  illustrated  by  the  propagated  error  ellipse.  The  altimeter 
measurement,  at  update  2,  by  itself  would  indicate  an  uncertainty  region  (G)  parallel  to 
the  new  terrain  tangent.  The  Kalman  filter  optimally  merges  this  new  information  into  an 
improved  position  and  height  estimate,  Z,  having  an  uncertainty  region  smaller  than  that 
of  either  measurement  taken  separately.  This  has  been  conceptually  indicated  at  update  2 
by  the  double  cross-hatched  region.  Note  that  successive  improvements  in  accuracy  are  a 
function  of  the  terrain  slope,  the  slope  variation  and  the  measurement  error. 
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At  times,  such  as  when  passing  over  extensive  stretches  of  water,  the  terrain  has  no 
profile  to  match  and  the  system  enters  the  no  update  mode.  However,  as  the  Kalman  filter 
in  the  TERPROM  System  has  estimated  the  errors  in  the  inertial  instruments,  these 
instruments  are  seen  as  if  they  were  more  accurate  than  before;  that  is  the  INS  has  been 
calibrated  by  TERPROM.  This  factor,  used  with  TERPROM' s  model  of  error  propagation, 
means  that  accurate  navigation  can  still  take  place  when  no  usable  terrain  profile 
exists.  On  re-entering  an  area  suitable  for  updating  the  Kalman  filter,  an  estimate  of 
the  aircraft's  likely  position  error  is  assessed  to  determine  whether  the  the  Continuous 
Update  can  still  be  used,  or  whether  a  confirmatory  Single  Fix  should  be  obtained. 
Similarly,  if  at  any  time  the  input  data  starts  to  behave  in  an  unexpected  manner,  as 
would  occur,  for  example,  with  gross  map  errors  or  radar  altimeter  jamming,  TERPROM 
temporarily  rejects  the  faulty  data  in  order  to  maintain  system  integrity.  Subsequently 
the  Single  Fix  algorithm  can  be  used  to  confirm  or  correct  TERPROM' s  operation,  as  this 
algorithm  is  stable  even  in  the  presence  of  large  position  errors. 

Of  all  the  terrain  aided  aircraft  navigation  systems  discussed,  terprom  is  the  most 
mature.  Although  MTCS  and  SITAN  have  been  flown  in  aircraft,  TERPROM  has  been  under 
continuous  development  since  1975  and  has  a  large  number  of  development  flights  in 
fighter  aircraft  commencing  in  1985. 

3.4  SUMMARY 

Three  terrain  aided  navigation  systems  using  radar  altimeter  measurements  and  a 
terrain  height  data  base  are  available.  In  the  late  1980's  all  have  a  similar  position 
accuracy  of  30-100  meters  CEP.  They  all  provide  an  autonomous,  all  weather  means  of 
accurately  fixing  aircraft  position  horizontally  and  vertically  and  are  compatible  with 
the  survivable  penetration  concept.  In  the  1990's,  when  GPS  becomes  operational,  a 
combined  GPS-  and  terrain-aided/INS  will  become  the  navigation  system  of  attack  aircraft. 

4.  TERRAIN  FOIXOWING/TERRAIN  AVOIDANCE/THREAT  AVOIDANCE 

A  penetrating  aircraft  attempts  to  achieve  covertness  to  increase  its  survival 
probability  and  achieve  tactical  surprise  as  it  delivers  its  weapons.  Covertness  is 
achieved  by  reducing  the  observability  of  the  aircraft  and  by  flying  a  path  which  mini¬ 
mizes  detection  by  hostile  sensors.  Although  much  effort  is  expended  to  minimize  the 
radio  frequency,  infrared,  visible,  and  acoustic  signature  of  an  aircraft,  the  necessity 
of  moving  tens  of  thousands  of  pounds  of  metal  through  the  air  at  supersonic  speeds 
prevents  the  fielding  of  an  invisible  aircraft.  The  generation  of  a  flight  path  which 
hampers  detection  and  attack  by  elements  of  the  hostile  air  defense  system  is  a  necessary 
component  of  covert  penetration.  Because  of  the  density  of  air  defense  systems  in  modern 
environments,  penetration  flight  paths  which  avoid  the  detection  envelope  of  all  elements 
of  the  air  defens*.  s/stem  are  difficult,  it  not  impossible  to  achieve.  In  high  treat 
density  environments,  avoidance  of  the  lethal  envelope  of  all  threats  is  also  difficult 
to  achieve.  The  generation  of  a  flight  path  which  minimizes  detection  by  threat  sensors 
and  minimizes  exposure  to  lethal  threats  is  a  crucial  part  of  any  covert  penetration 
ey-.tem. 

In  general,  exposure  to  detection  is  decreased  by  flying  as  low  as  possible, 
consistent  with  flight  safety.  Flying  at  low  above-ground-level  (agl)  altitudes  allows 
the  penetrating  aircraft  to  be  masked  by  "errain  intervening  between  a  hostile  site  and 
the  flight  path.  When  the  avoidance  of  detection  is  impossible,  low  agl  flight  minimizes 
exposure  time,  thus  increasing  aircraft  survivability.  In  recognition  of  these  facts, 
terrain  following  systems  have  been  built  and  fielded  for  many  years.  These  systems  have 
used  a  forward-looking  radar  and  an  evolving  set  of  algorithms  to  permit  safe  flight  at 
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altitudes  on  the  order  of  50  meters  at  speeds  in  excess  of  Mach  1.  Mission  planning 
included  the  definition  of  a  route  which  sought  to  avoid  known  (and  probable)  threat 
locations,  and  provide  good  terrain  masking  in  general.  The  terrain  following  algorithms 
were  based  on  continuously  collected  radar  measurements  of  the  terrain  ahead  of  the 
aircraft.  Because  of  sensor  limitations  aircraft  maneuverability  was  restricted;  the 
flight  path  was  essentially  a  sequence  of  straight-line  segments  between  preplanned 
waypoints.  Because  the  radar  was  the  only  source  of  terrain  data,  essentially  continuous 
radiation,  at  relatively  high  power,  was  required.  Technology  is  now  available  to 
develop  systems  which  conduct  terrain  following,  terrain  avoidance,  and  threat  avoidance 
more  effectively.  Digital  data  storage  technology  can  now  allow  terrain  information,  at 
resolutions  on  the  order  of  100  meters  (horizontally),  to  be  carried  on  a  penetrating 
aircraft  for  areas  covering  a  tactical  or  strategic  mission.  Digital  terrain  data  is 
available  for  much  of  the  surface  of  the  planet  which  is  of  military  interest.  Data 
processing  technology  has  advanced  to  the  point  where  sophisticated  algorithms  to  define 
an  effective  three-dimensional  flight  path  may  be  executed  in  real  time,  again  within  the 
space  weight,  and  power  constraints  imposed  by  modern  aircraft.  Sensor  technology  will 
now  pe.mit  intermittent  operation  with  varying  power  levels,  and  allow  rapid  scanning 
over  a  wide  angular  volume. 

Tht  following  discussion  will  focus  on  the  algorithmic  and  system  l.vel  aspects  if 
covert  flight  path  generation.  The  general  problem  of  path  planning  i'.  a  three-dimej- 
sional  space  will  be  discussed  in  terms  of  two  two-dimensional  problems,  the  vertical  and 
the  lateral  (See  Figure  30).  Although  the  solution  technique  used  to  attack  the  problem 
may  operate  explicitly  in  three  dimensions,  the  two-dimensional  approach  is  conceptually 
appealing  and  may  be  computationally  attractive.  This  approach  takes  advantage  of  the 
large  technology  base  in  vertical  control  developed  under  prior  terrain  following  systems 
and  the  "natural"  perspective  of  lateral  route  planning  in  a  plan  view.  The  two  problems 
are  not  independent,  however.  Data  for  vertical  path  generation  must  be  obtained  from 
the  terrain  over  which  the  lateral  path  is  drawn,  and  the  lateral  path  generation  algo¬ 
rithms  must  not  generate  paths  that  the  aircraft  will  be  unable  to  achieve  in  the 
vertical  dimension.  Additionally,  the  "natural"  coordinate  system  for  generating 
commands  to  the  aircraft  is  in  its  roll,  pitch  and  yaw  axes;  commands  for  a  path 
generated  in  earth  coordinates  must  be  transferred  into  the  aircraft  coordinates. 


Lateral  Path  Plan  Vertical  Palh  Plan 
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Figure  30.  Two  and  Three  Dimensional  Solution  Approaches 


It  is  the  availability  of  digital  terrain  elevation  data  ( DTED )  which  allows 
feasible  terrain  following/ terrain  avoidance/threat  avoidance  systems  to  be  built.  Early 
terrain  following  systems  processed  each  radar  return  as  it  was  received,  with  no  storage 
of  the  sensed  terrain  elevation.  The  LANTIRN  terrain  following  radar  system,  now 
entering  production,  stores  the  data  generated  on  a  scan  of  the  antenna  and  processes  the 
stored  data.  Multiple  scans  at  different  azimuth  angles  are  stored  and  this  data  used  to 
generate  vertical  commands  when  the  aircraft  is  turning.  The  data  in  LANTIRN  is  limited 
by  radar  range  and  line-of-sight  restrictions — the  radar  cannot  "see"  through  a  hill. 
The  availability  of  DTED  can  permit  algorithms  to  "see"  terrain  masked  from  the  radar  and 
"see"  terrain  over  which  the  radar  has  not  scanned.  This  data  can  be  used  for  lateral 
path  planning,  as  well  as  for  the  generation  of  terrain  following  commands.  The  sensed 
data  can  be  blended  with  the  DTED  so  that  commands  can  be  generated  from  data  represent¬ 
ing  the  true  terrain,  as  opposed  to  being  based  solely  on  prestored  data.  (The  blending 
process  can  compensate  for  both  errors  in  the  DTED  and  misregistration  between  the  true 
terrain  and  the  digital  map. ) 


4.1  DIGITAL  MAP  REQUIREMENTS 

A  source  of  digital  terrain  elevation  data  is  an  essential  part  of  a  terrain 
following/terrain  avoidance/threat  avoidance  system  using  *.,o  concepts  to  be  described. 
As  shown  in  Figure  31,  the  digital  map  must  contain  data  over  rhe  entire  area  encompassed 
by  a  mission.  Because  of  tactical  uncertainties,  a-  rea  much  larger  than  that 
immediately  surrounding  the  waypoint-to-waypoint  path  mu  s  stored.  Areas  of  30,000  to 
100,000  square  kilometers  are  not  unreasonable  for  deep  strike  interdiction  missions. 
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Figure  31.  Potential  Digital  Map  Coverage 


Data  with  a  horizontal  resolution  of  about  100  meters  has  been  demonstrated  to  be 
effective  for  reasonable  vertical  and  lateral  path  generation  and  for  computing  air¬ 
craft-threat  intervisibility.  At  this  resolution,  some  10,000,000  terrain  data  points 
are  required.  A  map  covering  the  area  from  latitude  40  to  70  degrees  north  and  tongitude 
10  to  40  degrees  east  would  contain  on  the  order  of  1,000,000,000  points.  Technology  to 
support  the  mission  requirements  is  currently  available  and  that  for  the  theater  require¬ 
ment  will  be  available  in  the  near  future. 

If  data  is  not  to  be  generated  for  each  mission,  a  common  coordinate  system  must  be 
used  for  all  maps.  The  United  States  Defense  Mapping  Agency  produces  a  standard  product 
of  DTED  in  a  latitude-longitude  coordinate  system  with  approximately  100  meter 
resolution.  A  latitude-longitude  system  is  the  natural  system  for  aircraft  navigation 
and  mission  planning.  Data  in  such  a  system  can  readily  be  converted  to  any  local 
coordinate  system  required  by  the  path  generation  algorithms. 

The  vertical  accuracy  required  of  the  DTED  depends  on  the  use  to  which  it  will  be 
put.  If  a  sensor  is  used  to  verify  and  correct  digital  map  data  at  ranges  within  three 
to  five  kilometers  of  the  aircraft,  vertical  errors  of  20  to  30  meters  may  be  tolerated. 
If  no  sensor  is  used,  vertical  errors  must  be  guaranteed  to  be  less  than  the  agl  altitude 
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of  the  flight  path.  DTED  errors  indicating  terrain  higher  than  the  actual  terrain  cause 
the  aircraft  to  fly  higher  agl  than  desired,  increasing  exposure  and  hence  reducing 
survivability.  DTED  errors  indicating  terrain  lower  than  the  actual  are  catastrophic. 

It  is  impossible  to  precisely  (within  100  meters  laterally  and  5  meters  vertically) 
predict  the  position  of  an  aircraft  throughout  the  course  of  a  penetration  mission 
extending  hundreds  of  kilometers  through  hostile  territory.  The  lateral  and  vertical 
path  generation  algorithms  must  thus  be  executed  in  real  time,  considering  the  current 
position  and  attitude  of  the  aircraft,  and  the  possibility  of  changes  in  the  mission  plan 
iue  to  unforseen  threats,  battle  damage,  or  retargeting.  It  is  computationally 
infeasible  to  compute  a  detailed  path  for  the  entire  course  of  the  mission  in  real  time 
since  the  path  generation  algorithms  have  a  finite  look-ahead  range.  Because  of  these 
considerations,  the  algorithms  must  continually  access  the  data  in  the  digital  map.  The 
map  must  provide  the  bandwidth  and  response  time  to  support  the  algorithms.  Depending  on 
the  form  of  the  algorithms,  this  may  consist  of  data  quantities  ranging  from  a  few 
hundred  to  tens  of  thousands  of  points  per  second. 

4.2  TERRAIN  AVOIDANCE/THREAT  AVOIDANCE 

The  goal  of  a  terrain  avoidance/ threat  avoidance  algorithm  is  to  determine  a  lateral 
path  such  that  the  survivability  of  the  penetrating  aircraft  is  maximized.  The  path 
which  the  algorithm  generates  must  follow  the  general  route  defined  in  the  mission 
planning  process.  The  mission  plan  and  route  (Figure  32)  include  a  series  of  waypoints, 
spaced  (nominally)  tens  of  kilometers  apart.  Waypoints  associated  with  the  target  or 
initial  point  of  attack  must  be  approached  relatively  precisely,  while  intermediate 
waypoints  mark  relatively  gross  changes  in  the  desired  route  and  need  not  be  precisely 
overflown.  Time  on  target  is  included  in  the  mission  plan,  with  tolerances  varying  from 
mission-to-mission  (timing  for  multiple  attacks  with  nuclear  weapons  on  a  target  complex 
is  much  more  critical  than  for  an  independent  attack  with  conventional  weapons).  Timing 
and  fuel  management  considerations  dictate  a  maximum  lateral  deviation  from  the  way- 
point-to-waypoint  path;  the  route  consists  of  a  pre-defined  corridor.  The  route  defined 
by  the  mission  plan  is  designed  to  take  advantage  of  terrain  masking  from  known  threats, 
and  provide  a  relatively  "safe"  corridor  for  ingress  and  egress.  The  terrain 
and  at  coarser  resolution  out  to  a  distance  of  less  than  40  or  50  kilometers.  The 
generated  path  is  determined  by  two  factors:  the  techniques  used  to  generate  candidate 
paths  and  the  function  used  to  evaluate  the  paths. 


Figure  32.  Mission  Route 


As  illustrated  in  Figure  33,  it  is  unnecessary  to  have  the  lateral  path  planned  to 
an  accuracy  of  better  than  100  meters  for  a  distance  ahead  of  the  aircraft  of  more  than 
2.5  to  5.0  kilometers.  A  pilot  cannot  be  expected  to  follow  a  path  that  precisely; 
moreover,  even  if  he  (or  an  autopilot)  could,  the  tactical  environment  may  dictate 
deviations  for  reasons  not  comprehended  by  the  algorithm.  Path  planning  on  a  coarser 
scale  rhan  100  meters,  but  finer  than  the  corridor  width,  is  necessary  out  to  distances 
of  20  to  30  kilometers  to  position  the  aircraft  to  fly  on  the  proper  side  of  a  hill  or 
select  the  proper  valley.  Planning  for  shorter  distances  may  make  short,  deep  valleys 
attractive  at  the  expanse  of  increased  exposure  when  leaving  the  valley. 
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The  board  function  of  a  terrain  avoidance/threat  avoidance  algorithm  can  thus  be 
summarized  as  an  attempt  to  generate  a  flyable  path  toward  a  predefined  waypoint,  within 
the  constraints  of  a  specified  corridor,  at  high  resolution  for  the  next  few  kilometers 
and  at  coarser  resolution  out  to  a  distance  01  less  than  40  or  50  kilometers.  The 
generated  path  is  determined  by  two  factors:  the  techniques  used  to  generate  candidate 
paths  and  the  function  used  to  evaluate  the  paths. 

Path  Cost  Functions  -  The  path  generation  problem  may  be  cast  as  an  optimization 
problem,  finding  a  lateral  path  that  optimizes  some  measure  of  performance.  Since,  m 
general,  the  objective  is  to  fly  low  and  avoid  hostile  air  defenses,  a  minimization 
process  is  suggested  wherein  the  best  path  is  the  one  with  the  lowest  cost.  The  cost 
function  is  used  to  evaluate  the  desirability  of  alternate  paths.  The  cost  function  must 
be  defined  for  each  point  that  the  path  generation  algorithm  will  evaluate  for  inclusion 
in  a  path.  The  cost  function  must  operate  to  avoid  threats,  or  at  least  minimize 
exposure  in  areas  where  avoidance  of  all  threats  is  not  possible.  The  cost  function,  m 
the  absence  of  specific  threat  information,  should  serve  to  fly  the  aircraft  over  rugged 
terrain,  thus  providing  masking  against  unknown  threats.  The  cost  function,  however, 
should  not  cause  the  aircraft  to  fly  over  the  lowest  portions  of  a  valley,  since  that  is 
where  the  lines  of  communication  normally  are  present.  Valley  flights  should  be  above 
the  floor,  but  below  the  ridgeline.  The  cost  function  should  contain  some  provision  for 
altering  the  rclativf  weighting  between  terrain  and  threat  costs.  The  cost  function 
should  contain  some  penalty  for  maneuvering,  for  crew  comfort,  fuel  conservation  and 
mission  timeline  compliance. 

Cost  functions  may  be  constructed  in  a  wide  variety  of  ways.  Cost  functions  which 
are  additive,  accumulating  cost  over  the  flight  path  are  intuitively  appealing  and 
mathematically  tractable.  The  cost  function  may  thus  be  written  as: 


PATH  COST  =  SUM  OVER  THE  PATH  {  (P)*( TERRAIN  COST)  + 


( 1-P ) * (THREAT  COST)  +  (MANEUVER  COST)  } 


where  P  is  a  parameter  ranging  from  0  to  1  to  adjust  the  relative 
weighting  of  terrain  and  threats. 


Terrain  cost  is  conveniently  expressed  as  altitude  above  mean  sea  level  ot  tne  terrain 
overflown  by  the  path.  Local  normalization  of  the  dynamic  range  of  the  terrain 
(considering  terrain  maxima  and  minima  and  variability  over  the  area  being  considered) 
permits  the  same  qualitative  behavior  of  the  flight  path  over  rough  or  smooth  areas. 
Taking  the  terrain  cost  to  be  absolute  value  of  the  difference  between  the  terrain 
elevation  of  a  cell  and  the  mean  value  over  a  local  area  biases  the  generated  paths  away 
from  the  valley  floors.  The  maneuver  cost  may  be  scaled  to  allow  any  desired  degree  of 
maneuverability  in  the  path.  The  definition  of  threat  costs  is  more  complex. 
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A  hostile  air  defense  site  is  a  threat  to  a  penetrating  aircraft  if  there  is  clear 
linp-of-sight  between  the  aircraft  and  the  site.  The  first  task  in  determining  a  threat 
cost  is  thus  the  determination  of  the  areas  where  the  aircraft  will  be  unmasked  from  the 
threat.  This  determination  consists  of  examining  the  terrain  between  the  threat  site  and 
the  aircraft  to  determine  if  there  is  any  intervening  terrain.  This  may  be  done  for  the 
range  of  agl  altitudes  that  the  aircraft  is  anticipated  to  fly.  These  unmasked  areas  may 
be  stored  point-by-point,  in  the  same  data  structures  as  are  used  for  terrain  data 
storage  (to  facilitate  later  processing),  or  may  be  stored  by  approximating  the  unmasked 
area  by  a  polygon  (See  Figure  34)  and  storing  the  vertices  of  the  polygons.  Polygonal 
storage  requires  less  memory  space  than  does  the  marking  of  unmasked  terrain,  at  the 
expense  of  computations  necessary  to  determine  if  a  given  terrain  cell  is  in  the  interior 
of  any  polygon.  In  either  event,  once  the  unmasked  terrain  is  identified,  it  is 
necessary  to  estimate  the  lethality  of  the  threat. 


The  dangerous  area  around  hostile  air  defense  systems  may  be  characterized  by  three 
radii;  the  acquisition  range,  the  tracking  range,  and  the  weapon  guidance  range.  Lethal 
damage  to  the  aircraft  may  occur  only  within  the  weapon  guidance  range.  Flight  within 
the  acquisition  or  tracking  range,  but  outside  the  guidance  range,  does  pose  a  danger  to 
the  aircraft  since  acquisition  and  track  data  from  a  site  may  be  passed  to  other  sites 
through  the  air  defense  network.  As  shown  in  Figure  35,  a  relative  danger  index  ( RDI ) , 
as  a  function  of  the  threat  parameters,  may  be  computed  within  the  unmasked  areas  within 
each  of  the  radii.  This  index  is  higher  in  the  lethal  volume  and  typically  decreases 
with  range  from  the  site.  Taking  the  total  RDI  for  any  terrain  cell  as  the  sum  of  the 
RDX's  for  all  threats  which  are  visible  from  the  cell  serves  to  provides  a  means  for 
accounting  for  the  overlapping  fields  of  fire  often  found  in  dense  threat  environments. 
As  with  the  terrain  costs,  an  "automatic  gain  control"  function  which  normalizes  the 
threat  costs  allows  consistent  algorithmic  behavior  in  dense  and  sparse  threat 
environments. 


Figure  35.  RDI  Variation 
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If  the  thieat  site  location  is  known  imprecisely  (Figure  36),  the  threat  location 
can  be  taken  us  on  the  highest  point  of  terrain  within  the  uncertainty  area  and  the 
threat  radii  increased  by  the  uncertainty.  This  generally  provides  maximal  unmasked  area 
and  yields  a  conservative  estimate  of  "safe"  terrain.  It  is  preferred  to  postulate  that 
the  aircraft  is  unmasked,  when  it  in  fact  is  masked,  than  to  fly  through  a  presumably 
"safe"  area  which  is  in  reality  exposed  to  hostile  fire.  Where  the  uncertainty  in  threat 
position  is  large  compared  to  its  lethal  radius  or  where  the  threat  is  known  to  be  mobile 
(and  hence  cannot  be  a-priori  located  precisely),  a  different  technique  for  estimating 
RDI  must  be  used.  Masking  is  more  effective  in  rough  terrain  than  in  smooth  terrain. 
For  areas  where  a  threat  is  thought  to  operate  but  located  very  imprecisely,  it  is  better 
to  fly  through  the  roughest  part  of  the  area  than  the  smoothest.  Terrain  roughness  may 
be  estimated  from  the  terrain  data  and  rough  areas  assigned  lower  RDI  values  than 
smoother  areas.  Again,  fundamental  threat  lethalities  should  be  used  to  scale  the  RDI. 


Figure  36.  RDI  for  Threats  With  Large  Location  Uncertainty 

The  cost  functions,  terrain,  threat,  maneuverability,  and  possibly  other  terms 
provide  the  objective  function  which  the  path  finding  algorithm  optimize.  Although  the 
cost  functions  are  quantitative,  there  is  a  certain  degree  of  arbitrariness  and 
uncertainty  included  in  them.  Cost  functions  of  the  type  described  above  are  used  in 
lieu  of  a  detailed  estimation  of  the  aircraft  survival  probability  along  all  possible 
paths  throughout  the  whole  mission.  Although  survival  probability  is  monotonically 
related  to  these  costs,  the  correspondence  is  probably  not  one-to-one  or  linear.  These 
considerations  allow  some  freedom  for  the  design  of  the  optimization  algorithms. 

Lateral  Path  Generation  -  The  data  that  the  lateral  path  generation  algorithm  has  to 
operate  with  are  terrain  elevation  and  threat  relative  danger  indices  (RDI)  for  the  area 
over  which  the  aircraft  may  fly,  and  the  dynamics  (and  dynamical  limits)  of  the  aircraft. 
The  terrain  data  is  supplied  in  latitude-longitude  coordinates;  the  RDI  data  may  be 
available  in  these  or  other  coordinates.  Data  spaced  equally  in  latitude- longitude 
coordinates  is  nonuniform;  the  East-West  distance  between  points  is  a  function  of 
latitude.  A  path  generation  algorithm  using  this  data  must  either  comprehend  the  varia¬ 
tion  ir.  point  spacing,  or  remap  the  data  to  a  local  coordinate  system  with  the  spacing 
used  by  the  algorithm.  For  relatively  small  areas  (on  the  order  of  100  by  100  kilo¬ 
meters),  a  Universal  Transversal  Mercator  (UTM)  coordinate  system  may  be  used.  Disconti¬ 
nuities  at  the  transition  from  one  standard  UTM  grid  to  another  must  be  dealt  with.  If 
the  operational  area  is  small  enough,  a  nonstandard  UTM  system  may  be  used  to  construct  a 
regular  grid  of  points.  The  discrepancy  between  true  North  and  the  direction  of  the 
"columns"  of  the  UTM  processing  grid  must  be  accounted  for  in  any  case. 


Since  the  path  generation  algorithms  have  a  limited  look-ahead  (tens  of  kilometers 
as  compared  to  a  mission  length  of  possibly  hundreds  of  kilometers),  it  is  advantageous 
to  operate  the  algorithms  in  a  Local  Area  Map  (LAM),  as  illustrated  in  Figure  37.  The 


use  of  a  LAM  allows  the  data  to  be  structured  so  that  the  algorithm  may  execute 
e£ f icieiitly  and  17111,11711205  the  Storage  requirements  £ Oi  lituTiCdlatOly  available  data.  The 
LAM  may  also  be  oriented  for  efficient  algorithmic  execution.  An  algorithm  which 
reorients  the  LAM  at  every  cycle  of  execution  must  perform  the  coordinate  transformation 
from  latitude-longitude  to  LAM  coordinates  each  cycle.  The  reorientation  may,  however, 
allow  the  algorithm  to  execute  significantly  more  efficiently.  ,  alternate  to  reorien¬ 
tation  at  each  execution  cycle  is  to  incrementally  advance  the  LAM  in  the  direction  of 
aircraft  movement,  performing  the  transformation  from  latitude-longitude  coordinates  to 
LAM  coordinates  only  for  the  added  data.  Incremental  accessing  of  the  DTED  from  the 
digital  map  is  possible  in  either  case,  with  the  reorientation  process  requiring  more 
computation  and/or  more  local  storage. 


Scrolling  LAM 


Along  Track  LAM  gpo-mw-i  a 


Figure  37.  Different  LAM  Movement  Approached 


As  has  been  described,  the  path  generation  algorithm  must  solve  an  optimization 
problem  consisting  of  a  linear  objective  function  and  a  set  of  nonlinear  constraints. 
The  nonlinearity  in  the  constraints  arises  because  of  the  differential  equations 
describing  the  aircraft  dynamics.  A  straightforward  definition  of  the  algorithm  may  be 
obtained  by  explicitly  writing  the  objective  function  and  the  aircraft  dynamical 
equations,  requiring  that  the  aircraft  maintain  an  agl  altitude  no  less  than  a  specified 
set  clearance  level.  Mathematical  programming  techniques  are  available  to  solve  this 
problem  and  have  been  applied  successfully.  This  approach,  because  of  the  complexity  of 
the  problem  and  the  iterative  nature  of  the  algorithms  which  must  be  used,  results  in  a 
computational  burden  which  is  not  consistent  with  real  time  operation  in  current  tactical 
computer  capability. 

The  geometric  nature  of  the  problem,  wherein  the  aircraft  must  fly  from  point  to 
poi.it  making  progress  along  the  general  direction  to  the  next  waypoint  along  the  route 
developed  in  the  mission  plan,  suggests  the  use  of  dynamic  programming  as  a  solution 
technique  (Figure  38).  If  a  grid  of  points  is  oriented  along  and  perpendicular  to  the 
waypoint-to-waypoint  line,  a  dynamic  programming  formulation  which  uses  the  perpendicular 
rows  of  points  as  stages  is  possible.  From  any  point  in  a  given  stage  (row),  the  points 
in  the  next  stage  (row)  which  can  be  reached  are  limited  by  the  aircraft  dynamics.  A 
reasonable  approximation  to  the  detailed  dynamics  allows  the  stage-to-stage  transitions 
to  be  analytically  described  and  easily  mechanized.  If  the  grid  spacing  is  fairly  coarse 
(on  the  order  of  between  500  and  1500  meters),  the  number  of  stages  and  points  which  must 
be  examined  for  each  transition  allows  execution  of  the  algorithm  in  the  time  the 
aircraft  wait  overfly  one  or  the  grid  cells.  "Turning  the  corner,"  changing  direction 
when  passing  a  waypoint,  requires  some  additional  computation.  As  shown  in  Figure  39, 
the  process  must  be  executed  for  each  segment  of  the  route  within  the  current  algorithm 
window.  The  paths  for  the  consecutive  two  segments  must  then  be  connected  while  main¬ 
taining  the  lateral  maneuver  limits  of  the  aircraft  and  achieving  the  specified  tolerance 
on  approach  to  the  waypoint.  The  slope  of  the  terrain  between  successive  path  points  may 
be  computed  to  prevent  the  generation  of  unflyable  paths  for  climb-limited  aircraft.  The 
symmetries  available  in  a  triangularly  spaced  (rather  than  rectangularly  spaced)  data  can 
be  used  to  simplify  the  algorithm,  at  the  expense  of  more  complex  maintenance  of  a 
minimal-memory  LAM. 
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Figure  39.  Dynamic  Programming  Coiner  Turning 


Grid  sizes  of  500  to  1500  meters  are  inadequate  for  the  high  resolution  processing 
required  within  the  first  two  to  five  kilometers  ahead  of  the  aircraft.  The  DTED  is 
available  with  three  arc  second  spacing  in  latitude  and  longitude;  this  corresponds  to 
about  100  meter  spacing  on  the  equator.  East-West  spacing  decreases  with  latitude,  until 
the  available  resolution  changes  to  six  arc  seconds  in  longitude  at  50  degrees  latitude. 
LAM  resolution  of  100  meters  may  be  achieved  by  interpolating  the  latitude-longitude 
data.  The  algorithm  for  generating  this  portion  of  the  path  need  not  be  the  same  as  that 
used  for  the  farther  distances. 

Although  dynamic  programming  may  be  used  for  t.-a  near-aircraft  portion  of  the  path, 
the  necessity  to  explicitly  consider  the  aircraft  s>  ate  and  dynamics  negate  much  of  the 
simplicity  of  the  dynamic  programming  algorithm,  figure  40  illustrates  an  approach  which 
has  been  successfully  applied  consists  of  generating  a  tree  of  potential  paths,  limited 
by  the  bounds  of  aircraft  performance,  and  including  explicitly  the  changes  in  aircraft 
state  necessary  not  only  to  fly  the  lateral  path,  but  also  to  maintain  the  vertical  set 
clearance.  Using  the  same  data  structures  as  for  the  dynamic  programming  LAM,  but  at  the 
finer  resolution,  allows  commonality  of  interface  to  the  digital  map  and  commonality  of 
LAM  management  functions. 
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Figure  40.  Close-In  Tree  Structure 


4.3  TERRAIN  FOLLOWING 


Terrain  following  systems  have  been  operational  since  the  late  1960's.  These 
systems  have  proven  their  tactical  utility  in  combat.  The  currently  fielded  systems  all 
use  microwave  radar  as  the  terrain  sensor.  Systems  have  been  postulated  and  experimented 
with  using  a  variety  of  sensors,  including  unaugmented  DTED.  The  systems  operate  by 
generating  commands  to  cause  the  aircraft  to  fly  above  the  terrain  without  violating  a 
specified  agl  altitude  minimum.  The  algorithms  used  for  systems  with  microwave  radar 
sensor  may  be  adapted  for  use  with  data  derived  from  other  sources. 

Some  terrain  following  systems  (all  of  the  early  ones)  generate  commands  on  a 
pulse-to-pulse  (or  group  of  pulses)  basis,  passing  to  the  pilot  or  autopilot  the  maximum 
command  generated  over  a  vertical  scan  of  the  radar.  The  command  generation  algorithm 
uses  a  model  of  the  aircraft  dynamics,  including  maximum  vertical  acceleration  and  climb 
limit  capability,  to  derive  the  command  necessary  to  allow  clearance  of  the  measured 
terrain  by  the  set  amount.  Monopulse  techniques  are  used  to  reduce  the  elevation 
uncertainty  of  the  measurements,  with  measurement  errors  of  only  a  few  meters  at  ranges 
less  than  five  kilometers.  Generally,  only  one  sample  per  pulse  repetition  interval  (the 
range  cell  containing  the  return  from  boresight)  is  processed,  although  work  is  being 
done  with  of f-boresight  processing  techniques.  The  commands  are  presented  to  the  pilot 
via  a  command  indicator,  or  displayed  on  tiie  Head-Up  Display,  and  in  many  systems  coupled 
to  the  autopilot  for  automatic  terrain  following. 

The  terrain  following  radar  system  in  the  LANTIRN  Navigation  Pod  uses  stored  radar 
measurement  as  the  basis  for  command  generation.  Radar  returns  from  a  vertical  scan  are 
processed  to  produce  a  terrain  range-elevation  profile,  referenced  to  the  aircraft 
position  at  the  time  of  scan  (See  Figure  41).  This  data  is  adjusted  for  aircraft  move¬ 
ment  and  commands  are  generated  from  the  adjusted  data.  As  shown  in  Figure  42,  this 
processing  allows  the  radar  to  scan  off  the  current  flight  path  to  collect  data  for  use 
when  the  aircraft  begins  to  turn.  When  a  turn  is  detected,  the  radar  scans  into  the 
direction  of  the  turn,  collecting  data  and  storing  )t  in  asimt  <■  bare.  The  command 
generation  algorithms  extract  data  from  the  bars  along  a  predicted  flight  path. 

The  LANTIRN  system  uses  ADLAT  command  generation  algorithms  which  develop  vertical 
accelerations  designed  to  fly  a  sequence  of  parabolic  paths  (Figure  43).  These  paths  not 
only  maintain  the  desired  set  clearance  agl,  but  cioss  over  isolated  peaks  with  level 
flight.  Positive  and  negative  accelerations  are  generally  limited  by  ride  quality 
settings.  Flight  segments  between  parabolas,  or  when  the  preset  climb  (or  dive)  angle 
limits  are  reached,  are  straight  lines  tangent  to  the  parabolas. 
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Figure  41.  Range-Elevation  Profile 
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The  maximum  range  limits  of  the  terrain  following  system  are  set  by  the  necessity  to 
see  severe  terrain  discontinuities  in  time  to  execute  smooth,  safe  clearance  maneuvers. 
Ranges  of  10  to  20  kilometers  are  adequate  for  aircraft  with  climb  angle  limits  of  about 
10  to  15  degrees.  Azimuthal  beamwidths  of  about  five  degrees  allow  normal  minor  course 
changes  to  be  accomplished  within  the  data  collected  on  one  vertical  scan. 

While  current  terrain  following  algorithms  were  developed  and  are  being  used  with 
radar  sensed  data,  there  is  no  intrinsic  reason  why  data  derived  from  other  sources  may 
not  be  also  used.  The  Advanced  Low  Altitude  Techniques  (ADLAT)  algorithm  used  in  the 
LANTIRN  system  is  particularly  adaptable  to  using  stored  or  blended  data.  These  algo¬ 
rithms  currently  operate  with  stored  data,  buffered  from  the  radar  collection  process  by 
the  scan  bars.  The  command  generation  algorithms  have  no  knowledge  of  the  source  of  the 
data. 


Current  algorithms  assume  that  the  aircraft  will  maintain  its  current  state.  That 
is,  if  the  aircraft  is  not  turning,  the  algorithms  use  data  directly  ahead  of  the  air¬ 
craft.  If  the  aircraft  is  turning,  a  continuous  turn  at  the  current  turn  rate  is 
assumed.  The  ability  to  collect  and  process  data  during  turns  places  limits  on  the  turn 
rates  for  which  the  systems  can  guarantee  safe  terrain  following  flight.  Operation  from 
a  stored  LAM  containing  a  blend  of  DTED  and  radar-sensed  terrain  elevation  data  can 
remove  some  of  the  limitations  of  conventional  system  operation.  If  a  lateral  path 
generation  algorithm  is  operating  and  the  aircraft  is  being  directed  along  a  nonuniformly 
curving  path,  data  may  be  extracted  from  along  the  path,  organized  into  the  format  of  the 
LANTIRN  scan  bars  and  presented  to  the  ADLAT  algorithm. 

4.4  SENSOR /MAP  DATA  BLENDING 
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Because  of  the  presence  of  errors  in  the  DTED  and  the  possibility  of  unmapped, 
man-made  obstacles  (deliberately  placed  along  potential  penetration  paths  by  a  hostile 
enemy) ,  digital  terrain  data  alone  is  insufficient  to  use  as  a  basis  for  safe  low  level 
flight.  Historically,  microwave  radar  has  been  used  to  obtain  the  data  for  the  genera¬ 
tion  of  terrain  following  commands.  Microwave,  millimeter  wave,  or  optical  (laser) 
radars  may  be  used  to  obtain  terrain  elevation  data  along  the  projected  flight  path. 
FLIR  systems,  with  passive  ranging  capabilities  may  be  feasible.  The  data  from  the 
aircraft  sensors,  whatever  they  may  be,  must  be  blended  with  the  DTED  to  make  use  of  all 
available  information.  Several  strategies  for  data  blending  are  possible. 

One  simple  approach  to  data  blending  is  to  use  the  sensor  data,  where  it  is  avail¬ 
able,  and  map  data  elsewhere.  The  sensor  can  be  directed  to  collect  data  over  the 
projected  flight  path.  The  rationale  behind  this  approach,  particularly  for  microwave 
radar  sensors,  is  that  in  the  absence  of  the  DTED  the  sensed  data  would  be  used  to 
generate  commands.  This  approach  does  not  take  advantage  of  the  possibility  that  there 
may  be  obstacles  which  are  mapped,  but  not  seen  by  the  sensor;  sensor  performance  may  be 
degraded  by  undetected  failure;  or  an  obstacle  is  obscured  by  environmental  conditions. 

A  second  simple  approach  to  data  blending  is  to  use  the  maximum  of  the  terrain 
elevations  indicated  by  the  DTED  or  the  sensor.  This  approach  is  conservative  in  that 
mapped  (but  unseen)  or  seen  (but  unmapped)  obstacles  will  be  overflown.  The  price  of  the 
conservatism  is  a  "fly  high"  error  in  terrain  following,  causing  the  aircraft  to  have 
increased  exposure  to  threats.  In  particular,  if  significant  (man-made  or  natural) 
features  are  mislocated  in  the  DTED  disasterous  pop-ups  may  be  commanded. 

A  more  operationally  useful  and  sophisticated  approach  to  data  blending  consists  of 
weighting  the  sensor  and  DTED  data  according  to  some  derived  measure  of  confidence  in 
each.  Confidence  in  sensor  data  may  be  estimated  by  such  parameters  as  received 
signal-to-noise  ratios,  image  quality,  or  through  a  systematic  re-examination  with  the 
sensor  if  discrepancies  are  noted  between  the  DTED  and  sensor  data.  Estimates  of  DTED 
quality  can  be  made  by  the  same  comparisons,  as  well  as  by  utilizing  information  from  the 
navigation  system.  If  the  DTED  is  being  used  for  navigation  by  blending  DTED  and  IMU 
data  through  a  Kalman  filter  (as  in  the  SITAN  algorithm,  for  example),  the  filter  may 
contain  estimates  of  the  DTED  errors.  These  error  estimates  may  be  used  to  weight  the 
DTED  with  respect  to  the  sensed  data.  If  an  independent  algorithm  for  LAM  registration 
is  implemented,  the  history  of  adjustments  to  the  map  position  can  provide  a  measure  of 
confidence  in  the  DTED.  Measures  of  confidence  are  thus  readily  available  for  both 
sensor-derived  and  DTED  terrain  information  and  should  be  used. 

The  blending  of  sensed  data  and  DTED  must  accommodate  the  relative  resolutions 
available  from  the  two  sources.  with  the  digital  data  quantized  to  100  meters 
horizontally,  a  mismatch  will  occur  for  almost  all  sensors  at  some  range.  The  associa¬ 
tion  of  sensed  data  with  mapped  data  will  thus  vary  from  a  radar  return  being  associated 
with  a  part  of  a  map  cell,  to  being  associated  with  several.  Since  the  sensor  resolution 
cell  is,  in  general,  not  aligned  with  the  LAM  cells,  overlap  may  occur  because  of  the 
geometry  of  the  situation. 

Particular  care  must  be  given  to  the  blending  of  data  from  small  (but  tall)  features 
such  as  towers.  Tower  identification  should  be  included  in  the  digital  data  base  so  that 
the  blending  algorithm  can  recognize  the  presence  of  an  obstacle  which  is  unseen  by  the 
sensor,  independent  of  the  confidence  estimated  in  the  sensor  data.  Correspondingly,  a 
detected,  but  unmapped,  tower  should  be  inserted  in  the  LAM  independent  of  the  history  of 
correctness  of  the  DTED. 
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4.5  SENSOR  CONTROL 

The  use  of  DTED  allows  an  active  sensor  to  be  used  more  sparingly  than  if  the  sensor 
were  the  only  souioe  of  data.  The  sensor’s  peak  power  may  be  reduced  drastically,  since 
ranges  of  less  than  five  kilometers  are  required  to  detect  unmapped  obstacles  in  time  for 
avoidance.  This  reduction  in  peak  power  corresponds  to  a  consequent  reduction  in  detec¬ 
tion  range  by  intercept  receivers.  Since  the  sensor  data  is  blended  with  the  DTED  and 
maintained  in  memory,  continuous  operation  of  the  sensor  is  not  required.  Intermittent, 
irregular  operation  of  the  sensor  provides  additional  difficulty  for  an  intercept  system. 
Because  the  projected  curved  flight  path  is  known,  the  sensor  may  be  controlled  to 
examine  only  the  terrain  of  interest,  rather  than  having  to  scan  over  tl.e  extent  of  all 
possible  maneuvers  of  the  aircraft. 

The  projection  of  the  planned  flight  path  onto  the'  high  resolution  LAM  immediately 
ahead  of  the  aircraft  allows  determination  of  which  cells  have  been  examined  by  the 
sensor  and  which  must  be  scanned  to  ensure  flight  safety.  The  availability  of  the  DTED 
allows  a-priori  estimation  of  the  sensor  horizon,  enabling  a  minimization  of  radiated 
energy  into  space.  The  DTED  also  prevents  fruitless  attempts  to  sense  terrain  obscured 
by  nearby  features,  again  reducing  the  radiated  signature. 

In  addition  to  managing  active  sensors,  passive  sensor  management  may  be  accom¬ 
plished.  This  can  reduce  aircraft  detectability  if  the  passive  sensor  can  be  "hidden," 
with  reduced  observability,  when  not  in  use. 

4.6  FLIGHT  TEST  RESULTS  (Reference  5) 

A  terrain  following/terrain  avoidance/threat  avoidance  system  incorporating  many  of 
the  features  described  above  has  been  developed  and  demonstrated  in  flight.  Texas 
Instruments,  under  contract  to  the  United  States  Air  Force  Wright  Aeronautical 
Laboratories,  Avionics  Laboratory,  conducted  an  Enhanced  Terrain  Masked  Penetration 
(ETMP)  program  from  September  1983  through  May  1986.  This  program  demonstrated  the 
feasibility  of  automated  real  time  terrain  following,  terrain  avoidance,  and  threat 
avoidance.  Sixty  flights  were  made  in  a  modified  Convair  580  aircraft,  flying 
principally  in  an  area  where  terrain  following  radars  are  habitually  tested.  The  first 
equipment  check-out  flight  was  on  31  October,  1984  and  the  final  formal  demonstration 
flight  occurred  on  14  May  1986.  The  first  flight  under  direction  of  the  lateral  path 
generation  algorithm  was  in  March  1985. 

Typical  demonstration  flights  involved  a  closed  course  with  portions  of  the  flight 
path  both  parallel  and  perpendicular  to  a  series  of  ridges.  Flights  with  and  without 
simulated  threats  were  made  to  illustrate  the  effectiveness  of  the  system  in  using 
terrain  masking  to  avoid  exposure  to  hostile  air  defense  systems. 

Data  collected  on  some  flights,  using  a  highly  accurate  Integrated  Navigation  System 
(an  IMU  tightly  coupled  to  a  Global  Positioning  System  receiver  and  processor)  were  used 
to  evaluate  the  accuracy  of  the  DTED.  Discrepancies  on  the  order  of  50  meters  were  not 
uncommon,  with  the  DTED  being  both  higher  and  lower  than  the  measured  terrain  at 
different  places  in  the  100  by  100  kilometer  map  area.  One  significant  hill,  some  30o 
meters  above  the  surrounding  terrain,  was  included  in  the  map  but  did  not  exist  in  the 
real  world.  This  experience  has  strengthened  our  belief  that  digital  terrain  data  alone 
is  not  sufficient  for  safe  low-level  flight. 

5.  REFERENCES 


The  material  presented  herein  has  been  drawn  from  a  variety  of  sources  and  is 
believed  to  be  representative  of  the  consensus  at  researchers  in  this  topic  over  the  past 
decade;  namely,  that  the  advent  of  stored  digital  map  data,  on-board  mission  planning 
systems,  and  precise  terrain-aided  navigation  systems  can  significantly  improve  the 
survivability  of  attack  aircraft  while  penetrating  hostile  territory.  Entry  into  the 
available  literature  can  be  gained  through  the  following: 

Clte^  References 

1. :  Kupferer,  R.  A.,  and  Halski,  D.  J.,  "Tactical  Flight  Management  -  Survivable 

Penetration",  NAECON  Proceedings,  May  1984. 

2.  Murphy,  W.  J . ,  "simulation  and  Flight  Test  Results  of  Terrain  Following/Terrain 
Avoidance  and  Terrain  Correlation  Navigation  systems  Using  Stored  Terrain  Data", 
AGARD  Lecture  Series  No.  122,  March,  1983. 

3.  Boozer,  o.  d.,  et  al,  "The  AFTI/F16  Terrain-Aided  Navigation  System",  Proceedings  of 
the  IEEE  National  Aerospace  and  Electronics  Conference",  May  1985,  pp  351-357. 

4.  Dale,  R.  S.,  "TERPROM,  Terrain  Profile  Matching",  British  Aerospace,  Naval  and 
Electronics  System  Division,  July,  1987. 

5.  Chapoton,  Charles  w.,  Jr.,  "Artificial  Intelligence  in  the  Enhanced  Terrain  Masked 
Penetration  Program".  Defense  Science  and  Electronics,  November  1986,  pp  62-72. 


V2-34 


References  of  General  Interest 


1.  GM  Barney,  "Enhanced  Terrain  Masked  Penetration  Program",  NAECON  Proceedings,  May 
1984. 

2.  Bird,  M.  W.,  "PNCS  -  A  Commercial  Flight  Management  Computer  System",  A1AA  Guidance 
and  Control  Conference,  August  1982. 

3.  Bird,  M.  W.,  et  al,  "The  Trajectory  Generator  for  Tactical  Flight  Management", 
NAECON  Proceedings,  May  1983. 

4.  Harrington,  W.  W. ,  Gates,  T.  G. ,  Russ,  D.  E.,  "TF/TA  System  Design  Evaluation  Using 
Pilot-in-the-Loop  Simulation:  The  Cockpit  Design  Challenge",  SAE  Aerospace  Congress 
and  Exposition,  October  1984. 

5.  Hostetler,  L.  D. ,  "A  Kalman  Approach  to  Continuous  Aiding  of  Inertial  Navigation 
Systems  Using  Terrain  Signatures",  I  EE  Milwaukee  Symposium  on  Automatic  Computer 
Control  Proceedings,  April  1976,  pp  305-309. 

6.  Hostetler,  L.  D.,  "Nonlinear  Kalman  Filtering  Techniques  for  Terrain-Aided 
Navigation",  IEEE  Transactions  on  Automatic  Control,  Vol.  AC-28,  March  1983. 

7.  Johnson,  M.  W.,  "Analytical  Development  and  Test  Results  of  Acquisition  Probability 
for  Terrain  Correlation  Devices  Used  in  Navigation  Systems",  AIAA  Tenth  Aerospace 
Sciences  Meeting,  AIAA  Paper  No.  72-122,  1972. 

8.  Katt,  D.  R.,  Wendl,  M.  J.,  Young,  G.  D. ,  "Integrated  GPS,  DIMS,  and  Radar  Altimeter 

Measurements  for  Improved  Terrain  Determination",  Institute  of  Navigation,  US  Air 

Force  Academy,  June  1982. 

9.  Maroon,  G.  N.,  McDonough,  W.  G.,  and  Maschek,  T.  J.,  "Tactical  Flight  Management  - 
Total  Mission  Capability",  NAECON  Proceedings,  May  1984. 

10.  Murphy,  W.  J.,  "Integrated  Flight/Weapon  Control  Concepts",  NAECON  Proceedings,  May 
1980. 

11.  Murphy,  W.  J.,  and  Young,  W.  L. ,  Jr.,  "Integrated  Flight/Weapon  Control  Design  and 
Evaluation",  NAECON  Proceedings,  May  1981. 

12.  Murphy,  W.  J.,  and  Young,  W.  L.,  Jr.,  "Tactical  Flight  Management",  ADPA/AIAA 

Technical  Meeting  on  Avionics  Technology  and  Systems  Development,  Nellis  AFB,  NV, 
December  1982. 

13.  Murphy,  W.  J.,  and  Young,  W.  L. ,  Jr.,  "Tactical  Flight  Management  -  System 

Definition",  IEEE  Position,  location,  and  Navigation  Symposium,  Atlantic  City,  NJ, 
December  1982. 

14.  Wall,  J.  E.,  Jr.,  Wendl,  M.  J.,  and  Young,  G.  D. ,  Jr.,  "Advanced  Automatic  Terrain 
Following/Terrain  Avoidance  Control  Concepts  -  Algorithm  Development",  AIAA  Guidance 
and  Control  Conference,  Albequerque,  NM,  August  1981.. 

15.  Wendl,  M.  J.,  Katt,  D.  R. ,  "Advanced  Automatic  Terrain  Following/Terrain  Avoidance 
Control  Concepts  Study",  NAECON  Proceedings,  May  1982. 


ACKNOWLEDGEMENTS 

The  authors  wish  to  acknowledge  the  significant  contributions  of  our  colleagues  at 
McDonnell  Aircraft,  Texas  Instruments  and  elsewhere.  The  brief  survey  presented  herein 
barely  touches  upon  the  progress  made  in  this  field  during  the  1980 's  by  the  entire 
aerospace  community. 


PART  VI 


Civil  Aircraft  Navigation  and  Traffic  Control 


VIM 


INDEPENDENT  GROUND  MONITOR  COVERAGE  OF  GLOBAL  POSITIONING  SYSTEM  (GPS)  SATELLITES 

FOR  USE  BY  CIVIL  AVIATION' 

by 

Karen  J.Viets,  Member  of  the  Technical  Staff 
The  MITRE  Corporation,  MS  W-295 
7525  Colshire  Drive 
McLean,  VA  22102-3481 
United  States 


ABSTRACT 

The  Federal  Aviation  Administration  plans  to  independently  monitor  signals -in-space  from  the  Global 
Positioning  System  (GPS)  for  the  purpose  of  providing  Immediate  awareness  to  civil  aviation  users  of  the 
operational  status  of  GPS  when  it  is  used  in  the  National  Airspace  System.  The  operational  status  will  be 
disseminated  to  Air  Traffic  Control  and  will  possibly  be  broadcast  from  ground  monitoring  stations  to  GPS 
aviation  users  via  a  dedicated  integrity  channel.  This  report  describes  an  algorithm  that  measures  the 
coverage  of  a  configuration  of  ground  monitoring  station  locations,  and  applies  the  algorithm  to  several 
different  configurations  of  ground  monitoring  stations  to  compare  the  coverage  provided.  Also  included  are 
the  resulting  ground  monitoring  station  configurations  that  provide  the  best  coverage  of  GPS  signals  for 
several  specific  geographical  areas,  the  conterminous  United  States  (CONUS),  Canada,  and  Alaska. 

INTRODUCTION 

The  Global  Positioning  System  (GPS)  is  being  considered  by  the  Federal  Aviation  Administration  (FAA)  for 
use  in  nonprecision  approach  guidance  in  the  National  Airspace  System  (NAS).  The  FAA  has  determined,  however, 

that  a  method  for  assuring  the  integrity  of  the  GPS  signals -in-space  must  be  developed  to  meet  the  10  second 

pilot  notification  time  currently  required  for  nonprecision  approach  navigation  aids.  One  method  for 
providing  the  necessary  GPS  integrity  is  to  use  an  independent  ground  monitoring  network  along  with  a  channel 
to  broadcast  the  GPS  signal  status  to  the  aviation  users  [1]. 

Such  a  ground  monitoring  network  includes  a  number  of  ground  monitoring  stations  that  receive  the  signals 
from  the  GPS  satellites  in  view.  The  network  also  includes  several  integrity  control  nodes,  collocated  with 
some  of  the  ground  monitoring  stations,  which  process  GPS  signals -in-space  to  determine  their  status.  GPS 
signal  status  messages  are  prepared  at  the  integrity  control  nodes  and  then  broadcast  to  the  GPS  users  in  the 
NAS,  most  probably  via  a  geostationary  satellite  based  integrity  channel. 

An  important  element  in  assessing  the  feasibility  of  implementing  such  a  network  xs  to  determine  how  many 

ground  monitoring  stations  to  use,  and  where  these  stations  should  be  placed  in  order  to  minimize  the  number 

of  stations  necessary  to  provide  the  required  coverage  of  the  geographical  area(s)  of  interest.  This  paper 
develops  an  algorithm  for  measuring  the  coverage  of  a  configuration  of  ground  monitoring  station  locations, 
and  for  comparing  different  configurations  of  ground  monitoring  stations  to  determine  which  configuration 
provides  the  best  GPS  coverage  for  a  given  area  of  the  world.  The  algorithm  is  applied  to  the  following 
geographical  areas  of  GPS  use:  the  conterminous  United  States  (CONUS),  Canada,  and  Alaska. 

DEVELOPMENT  OF  CANDIDATE  GROUND  MONITORING  STATION  CONFIGURATIONS 

The  ground  monitoring  station  configuration  that  provides  the  required  coverage  of  a  given  area  with  the 
smallest  number  of  stations  satisfying  the  operational  and  institutional  constraints  is  the  best  configuration 
for  the  GPS  ground  monitoring  network.  This  section  describes  the  requirements  for  the  ground  monitoring 
station  locations  and  identifies  the  locations  that  are  considered  in  this  analysis. 

User  Versus  Monitor  Visibility  of  GPS  Satellites 

One  method  for  comparing  the  extent  of  GPS  satellite  visibility  for  a  given  area  of  use  to  the  GPS 
satellite  visibility  for  a  given  configuration  of  ground  monitoring  stations  is  to  first  determine  the  area  at 
the  altitude  of  the  GPS  orbit  that  can  be  "seen”  from  a  specific  location  on  the  earth.  Figure  1  shows  this 
area  in  the  GPS  orbit  and  illustrates  how  it  can  be  projected  back  down  to  the  earth,  forming  a  cone  with  the 
earth’s  center.  Assuming  that  the  earth  is  spherical,  the  area  that  is  seen  at  the  altitude  of  the  GPS  orbit 
(10,898  nautical  miles)  is  directly  proportional  to  the  area  that  has  been  projected  down  to  the  earth's  ‘ 

surface.  Therefore,  the  area  seen  at  GPS  altitude  may  be  represented  by  the  area  projected  onto  the  earth  by  , 

a  satellite  that  is  located  10,898  nautical  miles  above  location  L  on  the  surface  of  the  earth  {2),  [3].  The 
computations  for  determining  the  area  on  the  surface  of  the  earth  that  is  cover'd  by  a  satellite  in  GPS  orbit  | 

are  described  in  detail  in  the  Appendix.  j 

Given  an  area  of  GPS  use  such  as  CONUS,  it  is  necessary  to  determine  where  to  place  a  minimum  number  of  4 

ground  monitoring  stations  to  provide  the  required  coverage  of  the  GPS  signals-in-space.  If  the  area  of  GPS  r 

orbit  that  can  be  seen  from  a  particular  location  on  earth  can  be  represented  by  a  circle  of  visibility  h 

projected  onto  the  earth,  then  a  similar  circle  can  be  drawn  for  each  prospective  ground  monitoring  station  as 
well  as  for  each  potential  location  of  GPS  use. 


1  This  paper  is  bared  upon  navigation  system  studies  performed  by  MITRE  for  the  Systems  Engineering  Service, 
Federal  Aviation  Administration  under  Contract  No.  DTFAO 1- 84 -C -00001.  The  data  presented  herein  do  not 
necessarily  roflect  the  official  views  or  policy  of  the  FAA. 
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FIGURE  1 

GPS  VISIBILITY  FROM  A  POINT  ON  THE  EARTH 


EXTENT  OF  MONITOR  VISIBILITY  FOR 

FOUR  GROUND  MONITOR. NO  STATIONS  EXTENT  OF  MONITOR  VISIBILITY 


FIGURE  2 

PLACEMENT  OF  GROUND  MONITORING  STATIONS  FOR 
COVERAGE  OF  A  GIVEN  AREA  OF  GPS  USE 


Placing  the  ground  monitoring  stations  on  ths  outer  adges  of  the  area  of  GPS  use,  at  points  that  are 
furthest  from  the  canter  of  the  area  (e.g.,  corners  of  the  square  in  Figure  2),  allows  the  circles  of  monitor 
visibility  to  extend  at  least  as  far  as  ths  circles  of  user  visibility.*  For  areas  of  GPS  use  like  those 
considered  in  this  analysis,  the  center  of  the  area  ir  covered  by  at  least  one  ground  monitoring  station 
because  the  radius  of  GPS  visibility  is  much  greater  than  the  distance  from  a  monitoring  station  to  tha  center 
of  the  area.  Monitoring  stations  placed  on  the  edges  of  a  given  area  will  therefore  maximize  the  coverage  for 
users  within  that  area. 

It  is  desirable  to  minimize  the  number  of  ground  monitoring  stations  for  a  given  area  of  use.  To  address 
this,  a  number  of  different  candidate  configurations  of  ground  monitor!" g  stations  ars  tested  to  see  how  well 
they  cover  earh  area  of  GPS  use.  The  ground  monitoring  station  configuration  that  provides  the  required 
coverage  with  the  smallest  number  of  stations  is  chosen;  however,  it  is  possible  that  an  even  smaller  number 
of  stations  will  provide  coverage  almost  as  complete  ss  that  of  the  chosen  configuration.  In  this  esse,  a 
decision  must  be  made  as  to  whether  or  not  the  additional  coverage  of  the  c'  -sen  configuration  is  worth  the 
cost  of  implementing  and  maintaining  more  stations. 


Recent  analysis  shows  that  the  ground  monitoring  antennas  are  indeed  capable  of  receiving  GPS  signals  st 
minimum  elevation  angles  that  are  equal  to  or  lass  tnan  those  achieved  by  tha  user  antennas. 


VI! -3 


Op«r»tlon»l  And  In«tltatlon«l  Conttninti 

Also  to  b«  considered  are  the  operational  and  institutional  conatraints  Involved  In  establishing  and 
operating  a  ground  monitoring  station.  Two  of  that*  constraints  are  described  balow. 

•  Air  Route  Traffic  Control  Cantars  (ARTCCs)  sarva  as  an  axcallant  ground  monitoring  station  location  for 
the  reason  of  access  to  a  data  communications  network  (e.g.,  NADIN),  as  well  as  for  the  reasons  of 
operation  and  maintenance. 

•  The  ground  monitoring  stations  may  possibly  require  the  GPS  Precision  Code.  If  this  is  the  case,  it  is 
essential  that  the  facilities  chosen  for  ground  monitoring  stations  be  secure. 


Considering  the  above  constraints,  it  is  desirable  to  locate  the  ground  monitoring  stations  at  major  air 
traffic  control  facilities,  such  as  the  ARTCCs  in  CONUS.  This  consideration,  along  with  the  performance 
requirements  concerning  the  placement  and  number  of  ground  monitoring  stations,  will  be  used  in  determining 
the  candidate  ground  station  configurations  to  be  studied  in  this  analysis. 

toLt  rir.laA..s.ta  t  jga  fisttUcaat  ism 

The  areas  of  GPS  use  analyred  in  this  paper  include  CONUS,  Canada,  and  Alaska.  Several  different 
configurations  of  candidate  ground  monitoring  stations  have  been  chosen  near  the  edges  of  these  areas  using 
the  Atlas  of  th •  World  [4]  to  determine  a  feasible  configuration  that  will  provide  the  most  complete  coverage 
for  each  area.  The  algorithm  developed  in  this  paper  is  applied  to  each  of  the  candidate  configurations  to 
produce  quantitative  results.  Both  the  performance  requirements  and  the  operational  and  institutional 
constraints  were  considered  in  choosing  the  candidate  configurations  of  ground  monitoring  stations. 

The  ground  monitoring  station  configurations  that  are  analyzed  in  this  paper  include  the  following: 

•  Monitor  stations  located  in  CONUS  only:  Miami,  Los  Angelas,  Seattle,  and  Boston 

•  Monitor  stations  located  in  CONUS  and  Canada:  Miami,  Los  Angeles,  Vancouver,  Frobisher  Bay,  and 
Halifax  (5] 

•  Monitor  stations  located  in  CONUS,  Canada,  and  Alaska:  Miami,  Los  Angeles,  Barrow,1  Frobisher  Bay,  and 
Halifax 

•  Monitor  stations  located  in  CONUS,  Canada,  Alaska,  and  Hawaii:4  Miami,  Los  Angeles,  Honolulu, 
Anchorage,  Frobisher  Bay,  and  Halifax 


A  map  of  the  western  hemisphere  that  shows  each  of  the  candidate  locations  of  ground  monitoring  stations  is 
shown  in  Figure  3. 


FIGURE  3 

CANDIDATE  LOCATIONS  FOR  GROUND  MONITORING  STATIONS 


}  1  Although  Barrow,  Alaska,  is  not  a  major  air  traffic  control  facility,  it  was  Included  in  this  study  co 

|  illustrate  the  benefit  of  a  more  northern  ground  monitoring  station. 

]  4  The  station  in  Hawaii  has  been  chosen  to  illustrate  the  benefit  of  a  ground  monitoring  station  outside  the 

l  boundary  of  CONUS.  Ground  monitor  coverage  is  increased  becaut.*  California  extends  further  west  than 

'  either  Seattle  or  Los  Angeles. 

£ 
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ANALYSIS  OF  DIFFERENT  GROUND  MONITORING  STATION  CONFIGURATIONS 
FOR  AN  AREA  OF  GPS  USE 

This  section  describes  the  algorithm  developed  to  assess  the  monitoring  coverage  of  proposed  ground 
monitoring  station  configurations.  First,  the  individual  areas  representing  the  area  of  GPS  orbit  visible  to 
each  user  and  each  giow-d  monitoring  station  are  calculated  as  illustrated  in  Figure  1.  The  individual  areas 
of  GPS  visibility  for  the  .'sers  in  a  particular  geographical  area  are  combined  to  determine  the  extent  of 
visibility  for  the  users  in  that  area.  In  a  similar  manner,  the  areas  visible  to  each  ground  monitoring 
station  are  combined  to  give  the  extent  of  visibility  for  that  particular  ground  monitoring  station 
configuration.  Comparing  the  extent  of  user  visibility  with  the  extent  of  monitor  visibility,  monitoring 
holes  that  exist  in  the  coverage  are  places  where  the  users  can  view  GPS  satellites  when  the  ground  monitoring 
stolons  cannot  view  them.  A  satellite  may  not  be  used  for  certain  phases  of  navigation  (e.g. ,  nonprecision 
approach)  when  it  passes  through  a  monitoring  hole  because  its  integrity  status  message  will  not  be 
transmitted. 

Because  a  monitoring  hole  Itself  is  not  significant  unless  a  GPS  satellite  passes  through  the  hole,  it  is 
necessary  to  determine  the  amount  of  time  that  each  satellite  remains  visible  to  the  users  while  it  is  not 
visible  to  the  ground  monitoring  stations.  The  total  time  that  GPS  satellites  are  visible  to  users  and  are 
not  visible  to  at  least  one  ground  monitoring  station  then  becomes  a  quantitative  measure  of  comparison  for 
the  different  configurations  of  stations.  Statisticsl  values  of  these  total  times  are  compared. 

The  Appendix  describes  the  technical  details  of  this  analysis.  The  analysis  results  for  the  three 
previously  specified  areas  of  GPS  use  are  described  in  the  next  section. 


RESULTS  FOR  SPECIFIC  AREAS  OF  GPS  USE 

The  analysis  of  the  monitoring  coverage  provided  by  a  given  configuration  of  ground  monitoring  stations, 
described  in  the  Appendix,  was  applied  to  CONUS,  Canada,  and  Alaska.  For  all  of  the  computations  made  in  this 
analysis,  the  GPS  constellation  consists  of  the  planned  18  satellites  in  3  orbits  plus  3  operating  spare 
satellites,  and  the  -linimum  elevation  angle  achieved  by  the  civil  aviation  user  is  assumed  to  be  equal  to  that 
achieved  by  the  ground  monitoring  station. 

As  mentioned  in  the  previous  section,  the  absence  of  an  Integrity  signal  disseminated  for  GPS  satellites 
when  they  pass  through  monitoring  holes  prevents  their  use  for  certain  phases  of  navigation.  Only  the  users 
located  outside  the  boundaries  of  the  ground  monitoring  stations  themselves  are  actually  affected  because  they 
are  the  only  users  that  can  view  the  satellites  when  the  monitoring  stations  cannot  vlow  them.  For  example, 
each  of  the  ground  monitoring  stations  in  CONUS  is  located  within  the  boundary  of  CONUS;  therefore,  users  on 
the  boundary  of  CONUS  can  view  GPS  satellites  when  the  ground  monitoring  stations  cannot  view  them.  As  a 
result,  the  users  on  the  outer  edges  of  CONUS  benefit  from  ground  monitoring  station  configurations  that 
include  stations  outside  the  boundary  of  CONUS. 

Although  the  monitoring  holes  only  affect  the  users  on  the  edges  of  the  particular  geographical  area,  the 
total  time  that  a  satellite  speeds  in  monitoring  holes  for  a  given  configuration  of  ground  monitoring  stations 
does  not  apply  continuously  to  all  of  the  users  in  the  edge  of  that  area.  For  example,  if  the  mean  time  that 
the  GPS  satellites  are  in  monitoring  holes  is  one  hour,  the  average  satellite  will  only  be  visible  to  a 
particular  user  for  a  small  portion  of  that  hour.  The  effect  of  the  mean  total  time  that  each  satellite 
spends  in  a  monitoring  hole  is  therefore  distributed  among  the  users  on  the  outer  edges  of  the  geographical 


Table  1  shows  the  results  for  each  of  the  areas  of  GPS  use  with  each  candidate  configuration  of  ground 
monitoring  stations.  In  this  table,  N  represents  the  number  of  GPS  satellites  that  pass  through  monitoring 
holes.  For  these  GPS  satellites,-  the  conditional  mean,  M,  and  standard  deviation,  a,  are  given  to  describe 
the  total  amount  of  time,  in  hours,  that  these  satellites  are  visible  to  the  users  while  they  are  not  visible 
to  at  least  one  ground  monitoring  station.  Only  the  satellites  that  pass  through  monitoring  holes  are 
included  in  the  mean,  M,  and  the  standard  deviation,  0. 

As  seen  in  Table  1  for  the  GPS  users  in  CONUS,  all  21  GPS  satellites  pass  through  the  monitoring  holes 
for  the  configuration  of  ground  monitoring  station*  located  only  in  CONUS.  The  mean  time  that  these  21 
satellites  spend  in  monitoring  holes  is  on  the  order  of  an  hour  for  this  example.  The  shaded  area  on  the  map 
in  Figure  4  represents  the  monitoring  holes  for  this  example,  or  the  area  where  users  in  CONUS  are  able  to 
view  GPS  satellites  when  they  are  not  monitored  by  the  stations  in  CONUS.  These  monitoring  holes  are 
distributed  in  time  and  location  around  the  area  near  the  outer  edge  of  GPS  user  visibility.  The  mean  M, 
although  much  larger  than  the  actual  time  a  user  would  be  exposed  to  an  unmonitored  satellite,  is  assumed  to 
provide  a  relative  measure  of  the  impact  on  users  for  comparison  of  different  monitor  configurations.  Similar 
results  for  the  other  configurations  of  ground  monitoring  stations  and  aress  of  GPS  use  are  also  given  in  the 
table. 

It  can  be  seen  from  the  table  that  the  configurations  including  stations  locsted  in  CONUS,  Canada,  and 
Alaska,  aa  well  as  CONUS,  Canada,  Alaska,  and  Hawaii,  limit  the  mean  of  the  total  amount  of  time  that  GPS 
satellites  are  not  monitored  to  within  0.5  hour  for  the  users  on  the  perimeters  of  each  of  tha  individual 
areas.  Because  this  total  amount  of  time  is  distributed  along  the  perimeters,  either  of  these  two 
configurations  of  ground  monitoring  stations  provide  almost  continuous  monitoring  coverage  of  the  GPS 
s ignals - in-space . 

Tt  car*  also  bo  socn  from  the  table  that  lh«  gxuuuu  monitoring  station  configuration  that  provides  the 
most  complete  coverage  for  the  GPS  users  in  CONUS  includes  stations  located  in  CONUS,  Canada,  Alaska,  and 
Hawaii.  For  the  users  in  Canada  and  Alaska,  however,  the  mean  total  time  that  GPS  satellites  spend  in 
monitoring  holes  is  lowest  for  the  configuration  of  ground  monitoring  stations  located  in  CONUS,  Canada,  and 
Alaska.  This  result  shows  that  Alaska  and  the  northwestern  part  of  Canada  benefit  from  a  more  northern  ground 
monitoring  station  such  as  Barrow,  Alaska.  In  this  case,  it  is  necessary  to  consider  the  operation  aid 
maintenance  of  a  station  in  Barrow  as  opposed  to  one  in  Anchorage. 
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TABLE  1 

TOTAL  TIME  STATISTICS  FOR  GPS  SATELLITES 
THAT  PASS  THROUGH  MONITORING  HOLES 
(APPLY  ONLY  TO  PERIMETERS  OF  GEOGRAPHICAL  AREAS) 


CANDIDATE 

MONITORING 

REGION  OF  GPS  USE 

CONFIGURATION 

STATION 

LOCATIONS 

CONUS 

CANADA 

ALASKA 

Hlml, 

N  =  21 

N  *  21 

N  *  21 

CONUS 

Los  Angeles, 

M  =  0.92  hrs 

M=  1.66  hrs 

M  =  0.89  hrs 

Seattle, 

Boston 

o  =  0.47  hrs 

o  2  0.78  hrs 

k  =  0.37  hrs 

Miami , 

CONUS 

Los  Angeles, 

12 

21 

21 

AND 

Vancouver , 

0.40 

1.01 

0.57 

CANADA 

Frobisher  Bay, 
Halifax 

0.14 

0.36 

0.16 

CONUS, 

Miami 

CANADA, 

Los  Angeles, 

12 

17 

21 

AND 

Barrow, 

0.34 

0.30 

0.46 

ALASKA 

Frobisher  Bay, 
Halifax 

0.10 

0.15 

0.23 

CONUS, 

Miami , 

CANADA, 

Los  Angeles, 

8 

17 

10 

ALASKA, 

Honolulu, 

0.25 

0.43 

0.49 

AND 

Anchorage, 

=  0 

0.17 

0.22 

HAWAII 

Frobisher  Bay, 
Hal ifax 

N  =  Number  of  satellites  that  pass  through  monitoring  holes 
M  =  Mean  time  In  hours  that  the  N  satellites  spend  In  monitoring  holes 
o  =  Standard  deviation  In  hours  for  the  time  that  the  N  satellites  spend 
In  monitoring  holes 


FIGURE  4 

MONITORING  HOLES  FOR  USERS  IN  CONUS, 
GROUND  MONITORING  STATIONS  IN  CONUS 


CONCLUSIONS 

The  algorithm  developed  and  applied  in  this  paper  compares  the  coverage  provided  by  candidate  ground 
monitoring  station  configurations  for  specific  areas  of  GPS  use.  This  algorithm,  based  on  the  conservative 
assumption  that  the  minimum  elev?  ion  angle  achieved  by  the  civil  aviation  user  is  equal  to  that  achieved  by 
the  GPS  ground  monitoring  station,  may  be  used  as  a  tool  in  determining  the  optimum  configuration  of  ground 
monitoring  stations. 


VII  *6 


The  results  given  here  for  the  specific  drees  of  GPS  use,  CONUS,  Canada,  and  Alaska,  show  that  the  ground 
monitoring  stations  placed  on  the  outer  edges  of  the  defined  area  of  GPS  use  provide  the  cost  complete 
coverage  of  the  GPS  satellites.  The  configuration  with  ground  monitoring  stations  located  in  CONUS,  Canada, 
Alaska,  and  Hawaii  provides  the  most  complete  coverage  for  GPS  users  in  CONUS.  Placing  a  ground  monitoring 
station  at  Barrow,  rather  ’-han  in  Anchorage,  Alaska,  enhances  the  monitoring  coverage  for  GPS  users  in  Canada 
and  Alaska. 

Recent  analysis  of  the  GPS  Operational  Control  Segment  (OCS)  monitoring  antennas  indicates  that  the 
antennas  are  capable  of  receiving  GPS  signals  at  elevation  angles  that  are  equal  to  or  less  than  those 
expected  to  be  achieved  by  the  aviation  user  antennas.  A  potential  solution  for  eliminating  the  monitoring 
holes  is  for  the  ground  monitoring  stations  to  operate  at  a  lower  elevation  angle  than  the  civil  aviation 
users.  This  would  allow  the  visibility  of  the  ground  monitoring  stations  to  extend  further,  possibly 
providing  full  coverage  for  those  civil  aviation  users  on  the  outer  edges  of  the  geographical  area  of  GPS  use. 

APPENOIX 

COMPUTER  SOFTWARE  DEVELOPED  TO  ANALYZE  DIFFERENT  CONFIGURATIONS 
OF  GROUND  MONITORING  STATIONS 

The  algorithm  described  in  the  third  section  was  applied  to  the  specific  areas  of  GPS  use  and  the  ground 
station  configurations  described  in  the  second  section.  For  each  area  of  GPS  use,  the  following  steps  were 
completed  to  determine  the  total  amount  of  time  that  the  GPS  satellites  spend  in  monitoring  holes  for  each 
configuration  of  ground  monitoring  stations: 

1.  Determine  the  extent  of  visibility  for  the  GPS  users  in  the  given  geographical  area 

2.  Determine  the  extent  of  visibility  for  the  particular  ground  monitoring  station  configuration 

3.  Compare  the  edge  of  user  visibility  with  the  edge  of  monitor  visibility  to  find  the  monitoring  holes 
in  the  GPS  coverage  for  that  particular  area  of  GPS  use 

4.  Determine  how  much  time,  in  hours,  that  each  of  the  21  GPS  satellites  spends  in  the  monitoring  holes 
for  any  24  hour  period  (one  complete  ground  trace) 

5.  Evaluate  the  configuration  of  ground  monitoring  stations  using  statistical  values  and  histograms 


These  steps  were  completed  for  each  area  of  GPS  use  and  each  configuration  of  candidate  ground  monitoring 
stations.  To  aid  in  applying  the  algorithm,  computer  software  was  developed  to  make  the  necessary 
computations  and  to  project  the  resulting  areas  of  visibility  onto  a  world  map. 

A  computer  program  was  developed  to  determine  the  extent  of  visibility  for  GPS  use  in  a  given 
geographical  area,  as  well  as  to  determine  the  extent  of  visibility  for  the  candidate  ground  monitoring 
station  configurations  (Steps  1  and  2).  The  program  computes  the  edges  of  the  two  resulting  areas  of 
visibility  in  geodetic  (latitude  and  longitude)  coordinates,  given  specific  visibility  points  on  the  earth  in 
the  same  coordinate  system  (see  second  section).  The  visibility  points  used  for  Step  1  are  points  that  have 
been  selected  from  the  boundaries  of  the  geographical  area  of  use.*  The  visibility  points  used  in  performing 
Step  2  are  the  locations  of  candidate  ground  monitoring  stations. 

This  program  computes  the  location  of  the  area  on  the  surface  of  the  earth  that  represents  the  area  of 
the  GPS  orbit  seen  from  a  particular  location  on  the  earth.  This  area  is  projected  as  a  circle  on  the  surface 
of  the  earth.  The  program  also  determines  the  geodetic  coordinates  that  define  the  edge  of  the  surface  area. 
Shown  below  are  the  equations  for  computing  the  area  on  the  surface  of  the  earth;  it  is  equivalent  to  the  area 
covered  by  the  satellite.  Figure  5  illustrates  the  trigonometry  involved.  (2] 

Acov  =  (2tre*)(l  -  cos  #e)  (1) 

where 

Acov  3  area  covered  b>  satellite 

*e  =  cos'1  [(r  cos  ♦jVUg  +  h)]  -  *1  (2) 

re  *  3,444  nmi 

fc  =  10,898  r«si 

*  7.5  * 

then 

rcov  3  re*e  ^  n4utical-  «11®»)  (3) 

To  locate  the  edges  of  the  individual  circles  of  visibility  in  geodetic  coordinates,  it  was  necessary  to 
compute  points  around  the  circle  in  angle  increments,  computing  each  edge  coordinate  pair  given  the  following: 

•  The  center  coordinate  pair  for  the  circle  of  visibility  (the  visibility  point) 

•  The  geodesic  radius  of  the  circle  of  visibility 

•  The  angle  of  the  radial  line  relative  to  the  North  Pole  (true  bearing) 


Spherical  trigonometry  and  the  use  of  the  terrestrial  triangle  are  utilized  in  the  algorithm  to  determine  the 
geodetic  coordinates  of  each  representative  edge  point,  as  shown  in  detail  below;  Figure  6  illus ciates  the 
geometry  of  the  solution.  (3) 


When  selecting  the  edge  points  for  Canada,  possible  GPS  use  was  .considered  up  to  70  degrees  north  latitude. 
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FIGURE  S 

COMPUTING  THE  GPS  VISIBILITY  FROM  A 
LOCATION  ON  THE  EARTH 


NORTH  POLE 


FI3URE  6 

TERRESTRIAL  TRIANGLE  TO  COMPUTE  THE  EDGE  COORDINATES 


Given:  a  =  rcov  /  re 

b  =  (90  -  ♦,) 

C  =  a  (angles  Incremented  around  circle) 

Find:  I..  <*..  X.) 

I  L 

where  i  =  latitude  and  X  =  longitude 
Solve  for  the  right  hand  side  of  the  following  equations 

Vi(A  -  B)  =  tan“x  (cot  «/iC  x  sin  yi(a  -  b)  /  sin  ‘/i(a  +  b)J  (4) 

y,(A  +  B)  =  tan“l  (cot  ‘/iC  x  cos  y*(a  -  b)  /  coa  y2(a  +  b))  (5) 
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The  sum  of  Equations  (4)  and  (S)  gives  the  value  of  the  angle  A;  Equation  (5)  minus  Equation  (4)  gives  the 
value  for  angle  B.  Given,  from  Figure  6,  that 

X i  -  X  2  “  A ,  then 

X2  *  Xj  -  A  (6) 

The  next  step  is  to  determine  the  leg  length  c  as  follows: 

c  =  2  x  tan"1  (tan  "i(a  -  b)  x  sin  V,(A  +  B)  /  sin  ‘/*(A  -  B))  (7) 

Also  given  from  Figure  6  that 


c  *  90*  -  #2>  then 

♦  2  =  90‘  '  c  (8) 

This  algorithm  is  repeated  at  constant  intervals  around  the  circle  of  visibility  to  determine  the 
geodetic  coordinates  of  the  representative  edge  points.*  The  program  developed  to  perform  the  above 
calculations  for  each  area  of  visibility  also  computes  the  geodetic  coordinates  of  the  subsatellite  points 
that  form  the  ground  trace  for  each  satellite.  Plots  of  these  points  at  time  intervals  of  one  half  hour  are 
used  in  Step  4  to  determine  how  much  time  each  satellite  spends  in  the  monitoring  holes  found  in  Step  3. 


The  plots  of  the  extent  of  user  visibility,  the  extent  of  monitor  visibility  (or  monitor  coverage),  and 
the  satellite  ground  traces  are  Lambert  equal  area  projections  produced  by  several  Display  Integrated  Software 
System  and  Plotting  Language  (DISSPLA)  programs.  These  programs  use  DISSPLA' s  plotting  subroutines  to  input 
the  geodetic  coordinates  for  each  of  the  above  maps  and  plot  them  on  a  Lambert  equal  area  projection  of  the 
world.  Separate  DISSPLA  programs  project  the  world  coastlines  and  political  boundaries  on  a  Lambert  equal 
area  map  of  the  world;  the  maps  of  user  visibility,  monitor  coverage  (or  monitor  visibility),  and  ground 
traces  are  used  as  overlays  for  the  maps  of  the  world. 
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Equations  (4),  (5),  and  (7)  are  equivalent  forms  of  three  of  the  four  Analogies  of  Napier. 
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ABSTRACT 

The  Microwave  Landing  System  (MLS)  transmits  angle,  data,  and  range  information  for  use  by  airborne 
receivers.  In  this  paper,  the  integrity  of  the  data  functions  is  analysed  in  terms  of  the  probability  of 
undetected  errors  remaining  in  the  data.  The  data  format  and  integrity  requirements  were  derived  from  the 
MLS  standards  and  guidance  material  defined  by  the  International  Civil  Aviation  Organization  (ICAO). 
Results  show  that  the  performance  requirements  can  be  met  by:  1)  averaging  the  recei  -d  data  bits  of 
several  samples  of  the  same  word  ucing  a  majority  voting;  2)  reducing  the  bit  error  rate  at  the  output  of 
the  receiver’s  decoder;  and  3)  a  combination  of  the  above  techniques. 

INTRODUCTION 

Thy  Microwave  Landing  System  (MLS)  ground-based  equipments  radiate  signals  from  which  the  airborne 
receiver  can  determine  azimuth  and  elevation  angles,  as  well  as  digital  data  describing  the  ground  system 
characteristics.  Range  information  is  also  available  using  a  slightly  modified  Distance  Measuring 
Equipment  (DME)  technique  which  provides  more  accuracy  than  conventional  DME. 

Objective  of  the  Paper 

The  objective  of  this  paper  is  to  present  results  of  analyses  performed  on  the  integrity  of  the  MLS 

data  functions  for  use  by  MLS  receiver  manufacturers  and  standards  development.  The  analysis  includes  a 

performance  assessment  and  an  identification  of  MLS  receiver  techniques  to  meet  the  integrity  performance 
criteria.  The  performance  of  the  data  content  in  the  MLS  data  functions  is  analyzed  as  well  as  the 
performance  of  the  preamble  (i.e.,  Barker  code  and  the  function  identification  code).  The  techniques 
addressed  in  this  paper  to  meet  ICAO-defined  integrity  performance  requirements  include:  1)  averaging  the 
received  data  bits  of  several  samples  of  the  same  word  using  majority  voting;  2)  reducing  the  bit  error 

rate  at  the  output  of  the  receiver's  decoder;  and  3)  a  combination  of  the  above  techniques. 

Performance  Requirements 


The  key  measure  of  the  validity  of  the  data  transmitted  through  the  MLS  data  functions  is  the 
probability  of  undetected  error  (Pjje'  remaining  in  the  data  after  the  decoding  process  in  the  MLS 
receiver.  The  requirements  for  P^je  al  considered  by  the  All  Weather  Operations  Panel  (AWOP)  of  ICAO 
(1,  2)  will  be  used  in  this  paper:  namely,  Pjje  1°  acquired  data  (i.e.,  when  receiver  warnings  are 
removed)  should  not  exceed  10“°  at  minimum  signal  power  density  and  should  not  exceed  10“^  at  critical 
points  along  the  approach  path. 

Approach  and  Scope 

This  paper  analyzes  the  integrity  of  the  MLS  data  functions  at  the  output  of  the  MLS  receiver.  The 
analytic  approach  used  in  this  paper  is  as  follows: 

1.  Determine  performance  at  the  MLS  coverage  extremes. 

2.  Compare  the  performance  from  step  1  to  the  integrity  requirements. 

3.  If  the  performance  does  not  satisfy  the  integrity  requirements,  enhancement  techniques  will  be 
identified. 

U.  Determine  performance  of  enhancement  techniques  (if  it  is  needed)  which  include: 

a.  Improve  receiver  sensitivity;  and 

b.  Incorporation  of  signal  processing  in  the  airborne  receiver. 

Background 

At  a  given  MLS  ground  facility,  angle  and  digital  data  transmissions  are  made  on  a  single  C-band 
frequency  through  the  use  of  time  division  multiplexing.  Just  prior  to  each  angle  or  data  transmission,  a 
unique  digital  function  identification  code  is  radiated  to  inform  the  receiver  of  the  type  of  information 
to  follow.  In  this  manner,  the  transmissions  of  angle  and  digital  data  can  be  arranged  in  any  time  order 
without  affecting  receiver  capability  to  decode  the  information.  The  range  information  is  provided  by 
Precision  Distance  Measuring  Equipment  (DME/P)  using  an  interrogate/reply  format  which  is  compatible  with 
conventional  DME,  and  is  performed  independently  of  the  angle  and  digital  data  in  the  L-band  frequency. 


This  paper  is  based  upon  navigation  system  engineering  studies  performed  by  MITRE  foi  the  Federal 
Aviation  Administration's  (FAA's)  Program  Engineering  and  Maintenance  Service.'  The  contents  of  this  paper 
reflect  the  views  of  the  authors  who  are  responsible  for  the  facts  and  the  accuracy  of  the  data  presented 
herein,  and  do  not  necessarily  reflect  the  official  views  or  policy  of  the  FAA. 
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The  MLS  signal  format  for  angle  and  data  transmission  la  shown  in  Figure  1  [3,4].  Because  each 
function  is  an  independent  entity  in  the  time-multiplexed  format,  the  receiver  can  accommodate  any 
sequence  of  functions  through  use  of  a  function  preamble.  This  preamble  is  radiated  in  a  specified 
coverage  volum*  and  contains  an  unmodulated  radio  frequency  carrier  acquisition  period,  a  receiver 
synchronizatio.  (Barker)  code,  and  the  function  identification  (FID)  code.  The  modulation  of  the  digital 
portions  of  fut  tion  transmissions  is  accomplished  through  differential  phase  shift  keying  (DPSK)* 
Detection  of  the  Barker  code  and  the  function  identification  code  seta  up  the  receiver  circuitry  to 
properly  process  the  remainder  of  the  function  transmission.  In  the  case  of  angle  functions,  the 
remainder  of  the  transmission  is  comprised  of  successive  scans  of  a  highly  directive,  fan-shaped  beam  ftom 
which  the  receiver  can  measure  the  azimuth  or  elevation  angle.  For  data  functions,  the  rest  of  the 
transmission  is  composed  of  a  stream  of  digital  data  modulated  by  the  same  DPSK  techniques.  Upon 
completion  of  the  processing  of  a  function  transmission,  the  receiver  awaits  reception  of  the  next 
function  preamble  whereupon  the  process  is  repeated. 


Ssctor 

Signal* 


Psuas 

Time 


s  —  Angle  Function  Organization 


Preamble  Data  Parity 


b  —  Basic  Data  Function 


Address 

Preamble  Cod* 


Parity 


c  —  Auxiliary  Oat*  Function 


FIGURE  1 

SIGNAL  FORMAT  FOR  THE  ANGLE  FUNCTIONS  AND 
THE  BASIC  AND  AUXILIARY  DATA  FUNCTIONS 


The  MLS  data  is  formatted  in  two  word  lengths  and  are  called  Bat>ic  anu  Auxiliary  Uata.,  The  Basic  and 
Auxiliary  Data  Functions  have  been  incorporated  into  the  MLS  signal  format  to  provide  a  means  for 
describing  the  characteristics  of  a  given  MLS  facility  or  approach  procedure.  Because  the  correctness  of 
some  of  the  data  items  to  be  provided  on  these  functions  can  be  critical  to  the  safety  of  flight,  the 
validity  of  the  data  is  very  important.  Transmissions  of  basic  data,  such  as  the  minimum  glide  path,  are 
preceded  by  unique  function  identification  codes  which  indicate  what  basic  data  items  will  follow. 
Auxiliary  data  are  transmitted  using  one  of  three  function  identification  codes  [3]  and  an  identifying 
address  preceding  the  data  portion  of  the  woid  itself.' 

PERFORMANCE  OF  THE  PREAMBLE 

Every  MLS  function  transmission  begins  with  a  preamble,  as  mentioned  before,  consisting  of  an 
unmodulated  radio  frequency  carrier  acquisition  period,  a  Barker  code,  and  an  FID  code  as  shown  in 
Figure  2  [3  and  4],  Even  though  this  digital  preamble  is  used  by  the  receiver  only  to  control  the 
processing  of  the  rest  of  the  function,  preambles  which  are  incorrectly  decoded  will  have  an  impact  on  the 
processing  of  angle  and  data  function,  In  this  section  the  performance  of  the  preamble  is  examined  in 
terms  of  the  probability  of  dete  _s„ion  and  the  probability  of  undetected  error,  as  well  as  the  effect  of 
undetected  errors  in  the  preamble. 

The  initial  part  of  the  preamble  (unmodulated  carrier)  is  u6ed  to  provide  the  reference  or  zero  phase 
state  of  the  binary  data  stream.  The  minimum  duration  required  by  the  receiver  is  at  least  one  bit 
length,  but  it  may  take  longer  depending  on  the  ability  of  the  phase  lock  loop  (PLL)  demodulator  in  the 
receiver  to  derive  the  reference  state.  The  standard  bit  length  in  MLS  is  equivalent  to  the  duration  of 
one  clock  pulse  (i.e.,  64  p.s)  and,  as  shown  in  Figure  2,  13  clock  pulses  (13  x  64  =  832  ps)  are  provided 
for  carrier  acquisition.  In  the  following  analysis  it  is  assumed  that  the  unmodulated  carrier  is  properly 
acquired  (with  the  correct  reference  state)  with  very  high  probability  even  at  the  minimum  signal-to-noise 
ratio  (SNR)  (i.e.,  the  SNR  that  would  be  expected  at  the  MLS  coverage  limit). a 


♦Experimental  data  has  shown  (Reference  1)  that,  at  the  minimum  SNR,  all  words  were  decoded  and  no  signal 
was  lost  due  to  the  inability  of  the  MLS  receiver  to  derive  the  correct  zero  phase  state. 
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Performance  of  the  Barker  Code 


Barker  codes  are  frequently  provided  in  digital  modulation  to  establish  a  timing  reference  for  the 
data  arriving  at  the  receiver.  In  the  MLS  signal  format,  a  5-bit  Barker  code  (11101)  in  bits  1^  to  I5 
was  chosen  as  a  preferred  compromise  between  probability  of  detection  and  false  alarm  considerations.;  The 
probability  of  detection  iPp)  and  the  probability  of  error  (Perr)  of  the  five-bit  Barker  code  are 
given  by  the  following  equations: 


FD  *a-vn 


Ferr  *  l'PD  ' 


(1) 

(2) 


where  n  *  5  and  Pe  is  the  probability  of  an  error  in  a  single  bit  (sometimes  called  the  bit  error  rate) 
and  is  given  by  [5]  as 

^e  *  2  (E/N  for  coherent  PSK  (3) 

Pfi  >  |  exp  (-E/N  )  for  DPSK  (k) 

where  E  ia  the  average  signal  energy  per  received  symbol,  N0  is  the  noise  power  density  and  erf(.)  is 
the  error  function  and  is  given  by  [5J: 


2  2 

erf (x)  oj  exp(-t  )dt 


Note  that  Pp  in  Equation  1  and  Perr  in  Equation  2  represent  the  fraction  of  the  correct  samples 
and  the  fraction  of  rejected  samples  at  the  output  of  the  Barker  decoder,  respectively.  Pd  and  Perr 
are  computed  for  four  values  of  Pe  using  Equations  1  and  2,  respectively  and  are  shown  in  Table  1.  The 
Pe  *  2.7  x  10"2  represents  the  bit  error  rate  assumed  for  a  "minimum"  receiver  at  the  20  nmi  coverage 
limit.*  Pe  »  10”2,  10“3,  and  10“^  represent  an  approximate  1.3dB,  3.3dB,  and  4.7dB  improvement  in 
the  SNR**  for  DPSK  detection  from  the  minimum  receiver  case,  respectively.. 


TABLE  1 

PERFORMANCE  OF  THE  BARKER  DECODER 


P 

e 

2.7  x  10'2 

10“2 

10-3 

10-4 

PD 

0.872 

0.951 

0.995 

0.9995 

rerr 

0.128 

0.049 

0.005 

0.0005 

”ine  nuj  power  ouuget  is  based  on  a  requirement  that  at  least  IL  percent  ot  the  transmitted  preambles 
must  be  decoded  at  maximum  range  (3].  Using  Equation  1  with  Pj)  *  0.72  and  n  e  12  (which  is  the  total 
length  of  the  preamble),  the  corresponding  bit  error  rate  for  the  reception  of  the  preamble  is 
2.7  x  10-2., 

**The  improvement  in  the  SNR  is  computed  using  the  following  equation  for  DPSK  detector  which  is  derived 
from  Equation  4: 

A  SNR  *  10  log^  Un  (2Pe)/ln  (2Pe’)3  dB; 

where  Pe  is  the  improved  bit  error  rate  and  Pc'  *  2.7  x  10~2  is  the  bit  error  rate  for  the  minimum 
receiver  at  the  MLS  coverage  limit. 
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Performance  of  the  Function  Identification  Code 


The  FID  consists  of  seven  bits  which  follow  the  Banker  code  anu  indicates  which  MLS  function  is  being 
radiated  (see  Figure  2).  The  FID  is  made  up  of  five  information  bits  (I^  to  Iiq)  allowing 
identification  of  32  different  functions,  plus  two  parity  bits  (Iji  and  I^)*  A  total  of  15  functions 
have  already  been  established  and  identified  (1,  3,  and  4].-  The  parity  bits  were  included  to  reduce  the 
probability  of  improper  processing  of  functions  due  to  errors  in  the  FID  code.  Parity  Equations  5  and  6 
represent  the  simplest  form  of  parity  that  can  detect  single  errors  and  double  adjacent  errors  which  are 
mo6t  likely  to  occur  with  DPSK  modulation.- 


J6  +  :7  +  h  *  *9  +  *10  +  Jll  '  0 


r6  +  J8  +  ‘lO  +  *12  ’  0 


(5) 

(6) 


where  "0”  in  the  right  hand  side  of  Equations  5  and  6  means  "even"  and  "+"  means  modulo  2  addition 
(i.e.,  0+0*0,  0+1=1,  1+0*1,  1  +  1  *  0).  It  should  be  noted  that  Equation  5  detects  all  odd 
number  of  eworc  which  occur  in  the  first  six  bits  of  the  FID  code  (i.e.»  bit  numbers  6  to  11).-  In 
addition,  Equation  6  detects  some  of  the  errors  which  are  not  detected  by  Equation  5  including  double 
adjacent  errors  and,  more  generally,  when  the  errors  are  manifested  in  one  of  the  following  ways:  1)  the 
number  of  errors  in  the  seven  bits  is  odd,  bit  number  12  is  in  error,  and  the  summation  of  the  locations 
of  the  errors  is  even;  or  2)  the  number  of  errors  in  the  seven  bits  is  even,  bit  number  12  is  correct,  and 
the  summation  of  the  locations  of  the  errors  is  odd. 

The  probability  of  correctly  decoding  one  FID  code  (Pp)  and  the  probability  of  error  (Perr)  can 
be  computed  using  Equations  1  and  2,  respectively  with  n  =  7.-  The  probability  of  undetected  error,  Pug, 
and  the  probability  of  detected  error,  PpE,  can  be  computed  using  Equations  7  and  8,  respectively. 


r  i  n-i 

PUE  «  i=2  \  Pe  <1-Pe> 

P  S  P  -  P 

DE  err  rUE 

where 


(7) 

(8) 


Pyg  =  The  probability  of  undetected  error  in  the  FID  code 
Pde  =  The  probability  of  detected  error  of  one  FID  code 

Aj  *  The  number  of  all  possible  combinations  of  i  errors  which  are  not 

detected  by  Equations  5  and/or  6 
Pe  =  The  bit  error  rate  as  defined  by  Equations  3  and  4 

n  =  The  length  of  each  FID  code 

=  7  bits 

i  =  The  number  of  undetected  errors 

Note  that  the  undetected  error  of  a  specific  FID  code  may  be  decoded  as  another  HD  code,  as 
discussed  in  the  next  section.-  To  compute  the  probability  of  undetected  error,  Equation  7  is  U6ed  where 
is  computed  using  the  following  reasoning: 

1.  When  i  is  even  (i.e.,  2,  4,...),  the  undetected  errors  using  Equations  5  and  6  occur  when: 
a)  there  is  no  error  in  the  second  parity  bit  (i.e.,  bit  no.  12);  and  b)  the  errors  occur  m 
even-even  locations  or  odd-odd  locations  or  in  general  the  summation  of  all  the  locations  of  the  i 
errors  is  even. 

2.  When  i  is  odd  (i.e.,  3,  5,...),  the  undetected  errors  using  Equations  5  and  6  occur  when: 

a)  there  is  an  error  in  the  second  parity  bit  (i.e.,  bit  no.  12);  and  b)  the  rest  of  the  errors 

(i.e.,  i  -  1  errors)  occur  in  odd  numbers  of  even  locations  and/or  odd  numbers  of  odd  location.-  or  in 

general  the  sumnation  of  all  the  locations  of  the  (i  -  1)  errors  is  odd. 

The  value  of  Aj  as  a  function  of  the  number  of  errors,  i,  is  shown  in  Table  2.  Py,  Perr, 

Pyg,  and  Pyg  are  computed  for  four  values  of  Pe  and  are  shown  in  Table  3.-  From  this  table  it  is 
seen  that  when  Pe  =  2.7  x  10”^  (i.e.,  for  the  minimum  receiver  at  the  MLS  coverage  limit)  83  percent 

of  the  samples  of  any  specific  FID  code  will  be  deco-led  correctly  and  17  percent  of  the  samples  will  be  in 

error.  Of  those  having  errors,  the  FID  decoder  will  reject  about  98  percent  using  the  parity  Equations  5 
and  6.  The  errors  in  the  remaining  2  percent,  however,  will  not  be  detected  and  those  samples  will  be 
erroneously  processed  as  a  different  FID. 


TABLC  : 

THE  NUMBER  OF  COMBINATIONS  OF  i  BIT  ERRORS  NOT  DETECTED 
BY  THE  FUNCTION  IDENTIFICATION  DECODER 


NUMBER  OF  BITS 
HAVING  ERRORS 
i 

NUMBER  OF 
COMBINATIONS  NOT 
DETECTED  BY  PARITY 

Ai 

2 

6 

3 

9 

u 

9 

5 

6 

6 

0 

7 

1 

TABLE  3 

PERFORMANCE  OF  THE  FUNCTION  IDENTIFICATION  CODE 
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2.7  x  10-2 

IO’2 

10“3 

— 

IO'4 

PD 

0.8256 

0.9321 

0.9930 

0.9993 

?err 

0.17AA 

6.793  x  IO’2 

6.979  x  IO'3 

6.998  x  IO'4 

PUE 

2.979  x  10~3 

5.763  x  10-'* 

5.979  x  IO’6 

5.998  x  IO'8 

PDE 

0.170A 

6.736  x  IO'2 

6.973  x  10‘3 

6.997  x  10-'1 

The  impact  of  a  false  FID  decode  is  a  function  of  the  receiver  processor  design  and  the  particular 
function  being  decoded  and  is  presented  in  Reference  6.  At  worst*  it  causes  the  receiver  to  attempt  to 
process  the  function  improperly*  but  that  should  be  rejected  by  the  validation  algorithms  used  for  each 
function.  Thus,  the  receiver  might  lose  the  ability  to  process  valid  functions  for  a  period  of  time  equal 
to  the  time  duration  of  the  falsely  decoded  function. 

INTEGRITY  OF  THE  BASIC  DATA  FUNCTION 

The  Basic  Data  Function  (BDF)  is  intended  to  uplink  the  data  required  by  the  airborne  system  for 
basic  angle  processing  and  to  support  the  straight-in  approach.  Examples  are  the  MLS  proportional 
coverage  limits  and  the  minimum  glide  path  and  other  items  as  shown  in  References  3,  4,  and  7.-  The 
organization  of  basic  data  words  is  defined  by  the  ICAO  [3}  and  the  FAA  [4] .  The  word  length  is  32  bits 
consisting  of  12  bits  for  a  preamble*  18  bits  for  information,  and  2  bits  for  parity*  as  shown  in  Figure  3. 

In  this  section  the  performance  ot  potential  validation  techniques  for  data  provided  on  the  BDF  is 
presented.  Validation  performance  is  quantified  in  terms  of  the  probability  of  correctly  decoding  valid 
drta,  and  the  probability  of  undetected  errors  remaining  in  the  data.  Of  the  various  ways  performance 
could  be  improved  over  the  baseline  (only  simple  parity  check),  the  techniques  analyzed  here  include: 

1)  using  additional  airborne  processing  of  multiple  samples  of  a  data  word;  2)  reducing  the  prevailing 
bit  error  probability;  and  3)  a  combination  of  these  two  approaches. 


Bit  No 


J _ 12  13 _ 30  31  22 


Preamble  Oats  Parity 


FIGURE  3 

BASIC  DATA  WORD  ORGANIZATION 


Performance  Using  Simple  Parity  Checks 


In  this  section*  the  baseline  performance  is  quantified  fo  various  bit  error  probabilities  in  terms 
of  the  probability  of  correctly  decoding  valid  data  (probability  of  detection)  and  the  probability  of  an 
undetected  error.  These  performance  measures  are  based  on  one  sample  of  a  basic  data  word  where  the 
simple  parity  equations  are  the  only  means  used  to  detect  errors  in  the  single  sample  of  that  data  word. 
The  parity  equations  for  the  twenty  bits  of  the  basic  data  which  follow  the  preamble,  as  specified  in 
{3  and  A] *  are: 


C 


1 


c 


2 


13 


+  hu  *  •  ■ 

■  ■  *  i31  *  0 

(9) 

*  he*  ‘  ■ 

'  «  +  *31  ■  0 

(10) 

where  "0”  in  the  right  hand  side  of  Equations  9  and  10  means  "even"  and  'V  means  a  modulo  2  addition. 


The  probability  of  correctly  decoding  valid  data*  Pj),  of  one  basic  data  word  can  be  computed  using 
Equation  1  where  n*20.  The  probat ’lity  of  error*  Perr*  in  one  word  can  be  computed  using  Equation  2.; 
f*err  *8  a8a*n  comprised  of  two  parts:  *he  probability  of  undetected  error  (Pug),  and  the  probability 
of  detected  error  (P^e)*:  pUE  ant*  ?DE  can  computed  using  Equations  7  and  8,  respectively  where 
A£  is  the  number  of  all  possible  combinations  of  i  errors  which  are  not  detected  by  Equations  9  and/or 
10.  Table  A  shows  the  values  of  A*  for  i*2  to  5  which  represents  the  dominant  terms  in  the  series  of 
Equation  7  when  Pc  is  relatively  small.  This  table  was  generated  by  computer  using  similar  reasoning  as 
explained  before. 
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TABLE  4 

THE  NUMBER  OF  COMBINATIONS  OF  i  BIT  ERRORS 
NOT  DETECTED  BY  BASIC  DATA  PARITY  CHECKS 


NUMBER  OF  BITS 
HAVING  ERRORS 
i 

NUMBER  OF 
COMBINATIONS  NOT 
DETECTED  BY  PARITY 
Ai 

2 

81 

3 

90 

A 

1956 

5 

1920 

An  upper  bound  of  the  probability  of  undetected  error  can  be  computed  using  the  following  formula  [8]: 

l  £  n  i  t  n-l 

PUE  <  2  i-2,4,..-  <  i>  pe  <1-Pe> 

«  j-[i(l+(l-2  Pe)n]  -  (1-Pe)"j-  (11) 

This  upper  bound  is  based  on  the  assumption  that  50  percent  of  the  errors  not  detected  by  the  first 
parity  equation  (Equation  9),  which  represents  all  even  number  of  errors  (i.e.,  i  *  2,  A,  6,...),  are  also 
not  detected  by  the  pecond  parity  equation  (Equation  10). 

Pq,  Perr,  P(j£  and  Pqe  are  computed  for  four  values  of  Pe  using  Equations  1,  2,  7,  8, 
respectively  with  n=20,  and  are  shown  in  Table  5.  The  Pe  =  2.7  x  10“*  represents  the  bit  error 
probability  assumed  f ;,r  a  "minimum"  receiver  at  the  20  umi  coverage  limit  as  discussed  before. 

Pe  ■  10"^t  10“3  and  10“^  represent  an  approximate  1.3d8,  3.3dB  and  A.7dB  improvement  in  the  SNR 
for  DPSK  detector  from  the  minimum  receiver  case,  respectively.  From  Table  5  it  is  been  that  the  leceiver 
processing  of  a  single  data  sample  will  satisfy  the  Pjj£  <  10“&  requirement  only  if  the  bit  error  rate 
pe  <  i<H*. 


TABLE  5 

BASELINE  PERFORMANCE  OF  BASIC  DATA  WORD  PARITY  CHECKS 


Pe 

2.7  x  10-2 

10-2 

10“3 

-it 

1 

o 

pD 

0.578'. 

0.8179 

0.9802 

0.998 

perr 

0.A216 

0.1821 

1.981  x  10-2 

1.9981  x  10"3 

PUE 

3.789  x  10-2 

6.852  x  10'3 

7.966  x  10~5 

8.0863  x  10"7 

pDE 

0.3837 

0.1752 

1.973  x  IQ'2 

1.9973  x  10'3 

Performance  Using  Majority  Voting  in  Addition  to  Simple  Parity  Checks 

One  airborne  receiver  processing  method  which  could  be  used  to  reduce  the  probability  of  an 
undetected  error  is  the  majority  voting.  The  block  diagram  of  the  majority  voting  followed  by  a  decoder 
is  shown  in  Figure  A.,  This  detector  uses  a  majority  voting  scheme,  i.e.,  it  checks  N  samples  of  the  same 
bit  of  specific  word  and  takes  the  majority  state.  Thus,  at  least  m  samples  out  of  N  should  be  the  same 
where  m  is  greater  than  N/2.'  Once  the  data  are  processed  by  the  detector,  a  decoder  which  applies  parity 
Equations  9  and  10  could  be  used.  The  main  reason  for  using  a  maioritv  voting  is  to  improvA  the  off ?rt<wp 
uit  error  rate  ot  data  going  into  the  decoder  without  requiring  SNR  improvements.  However,  this  comes  at 
the  expense  of  acquisition  time  as  the  receiver  roust  receive  multiple  samples  of  the  same  word  to  complete 
validation. 

The  new  bit  error  rate,  Pei*  at  the  output  of  the  detector  can  be  computed  in  terms  of  the 
prevailing  bit  error  rate,  Pe,  of  received  data  by: 

Hr  N  k  N-k 

pel  *  k  *  pe  (l-pe)  •  where  m  >  N/2 


(12) 
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FIGURE  4 

MAJORITY  VOTING 


Using  Equation  12*  Pei  is  plotted  against  Pe  and  is  shown  in  Figure  5  for  the  following  cases  of 
(m/N):  (2/3),  (3/4),  (3/5),  and  (4/5), 

As  evident  in  this  figure,  to  achieve  the  desired  effective  bit  error  rate  Pel  <  10”^  (in  order 
to  satisfy  the  requirement  for  Pyg  <  10'6),  the  bit  error  rate  of  data  going  into  the  detector,  Pe, 
should  be  less  than  or  equal  the  following  values: 

o  5.8  x  10‘3  for  ro  »  2,  N  =  3 

o  3.0  x  10“2  for  m  =  3,  N  -  4 

o  2.2  x  10“2  for  ra  *  3,  N  =  5 

o  7.0  x  10~2  for  m  -  4,  N  5 

If  3-out-of-4  or  4-out-of-5  detectors  are  used,  the  requirement  for  P^g  <  10"6  at  the  MLS 
coverage  limit  will  be  satisfied  with  the  bit  error  rate  assumed  for  the  minimum  receiver  and,  therefore, 
would  not  require  improvements  in  the  SNR.  For  the  other  two  cases  (i.e.,  2-out-of-3  and  3-out-of-5 
detectors)  the  requirement  cannot  be  met  without  SNR  improvements.  If  the  requirement  for  the  bit  error 
rate  at  the  MLS  coverage  limit  for  the  minimum  receiver  was  2.7  x  10~2,  then  the  3-out-of-4  and 
4-out-of-5  detectors  would  be  required. 

In  summary,  any  point  shown  in  the  shaded  solution  space  of  Figure  5  should  satisfy  both  requirements 
(i.e.,  Pei  £  10  and  Pe  <  2.7  x  10"2)  at  the  MLS  coverage  limit.  Any  point  on  the 
Pe  =  2.7  x  10  line  that  has  Pei  <  10“^  will  satisfy  the  Pyg  <  10“^  requirements  without  SNR 
improvement  (e.g.,  as  in  the  3-out-of-4  and  4-out-of-S  detectors  cases).  Otherwise  any  point  within  the 
solution  space  needs  a  SNR  improvement  to  satisfy  these  requirements.  These  results  are  summarized  in 
column  2  of  Table  6., 


FIGURE  5 

THE  EFFECTIVE  BIT  ERROR  RATE,  P*,  VERSUS  THE 
BIT  ERROR  RATE,  P„  FOR  BASIC  DATA  WITH 
MAJORITY  VOTING 
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TABLE  6 

EXAMPLE  TECHNIQUES  TO  ATTAIN 
Pue  -  10 -•  FOR  MLS  BASIC 
DATA  AT  LIMITS  OF  COVERAGES 


RECEIVER 

PROCESSING 

APPROXIMATE 

BIT  ERROR 

RATE  TO  ATTAIN 

PUE  -  lxlO-6 

APPROXIMATE 

SNR  IMPROVEMENT 
NEEDED  IN  THE  MIN. 
RECEIVER  TO  ACHIEVE 
THE  BIT  ERROR  RATES 

IN  COLUMN  2 

TRANSMISSIONS 
REQUIRED  TO  ACQUIRE 

A  BASIC  DATA  WORD 
(0.95  PROBABILITY) 
(see  Reference  6) 

Parity  Check<2> 

— 

(2-Parity  Bits) 

0.0001 

A. 7  dB 

l 

m/N 

2/3 

0.0058 

1.8  rtB 

4 

Majority  Voting  (3) 

3/A 

0.0270 

0.0  dB 

8 

Plus 

3/5 

0.0220 

0.3  dB 

9 

Parity  Check 

Notes: 


1)  All  values  are  approximate. 

2)  Provided  in  existing  basic  data  word  format. 

3)  Majority  voting  performs  m  out  of  N  voting  on  each  bit  prior  to  the  parity  check.; 


It  should  be  noted  that  when  the  requirement  for  P^je  <  10~^  is  satisfied  at  the  extremes  of 
coverage,  the  other  requirement  for  Pue  <  10“^  at  critical  regions  on  the  approach  path  should  be 
easily  achieved  primarily  due  to  improved  SNR.  If  the  critical  region  is  defined  as  the  area  within 
10  nmi  of  the  runway  (as  proposed  in  Reference  1),  the  SNR  improvement  over  the  case  at  the  MLS  coverage 
limit  is  at  least  6dB.  With  this  improvement,  the  bit  error  rate  becomes  very  small  (Pe  <  A. 493  x 
10“6)  and  results  in  Pue  <  1*64  x  10“9  based  on  one  sample  using  Equation  7  with  Aj  as  given  in 
Table  4.,  A  majority  voting  would  make  Pue  even  smaller  than  10“^  in  the  critical  regions.' 

The  number  of  transmissions  required  to  acquire  a  basic  di  ta  word,  when  the  majority  voting  is  used, 
is  computed  using  Equation  13.'  (See  Reference  6). 


*acq 


*  Prob  (k  >  M) 

F  NT  k  NT-k 

*  k=M  <k  )  Fd  (l-fy) 


(13) 


where 

Pacq  =  The  probability  of  the  airborne  receiver  acquiring  the  necessary  number  of  data  word 
samples  (in  this  paper,  the  minimum  acceptable  Pacq  is  assumed  to  be  0.95), 

Pp  a  The  probability  of  detecting  one  preamble, 

M  =  The  number  of  samples  which  must  be  received  to  satisfactorily  reduce  the  probability  of  an 

undetected  error  (i.e.,  through  majority  voting), 

NT  s  The  number  of  transmitted  samples. - 

In  other  words,  if  NT  transmissions  of  a  given  word  are  made,  and  the  probability  of  detecting  each 
preamble  is  Pp,  then  at  least  M  samples  will  be  received  on  a  PaCq  probability  basis.  M  will  be  3, 

4,  5,  and  5  xn  the  cases  of  2-out-of-3,  3-out-of-4,  3-out-of-5,  and  4-out-of~5  majority  voting, 
respectively.  NT  to  acquire  on  a  95  percent  probability  basis  is  shown  in  the  last  column  of  Table  6  for 
different  majority  voting.  It  should  be  noted  that  in  the  case  of  simple  majority  voting  (i.e., 

2-out-of-3  and  3-out-of-5)  there  are  no  cases  where  the  detector  cannot  make  a  decision  once  the  M  samples 
have  been  collected.;  However,  in  the  case  where  using  more  than  simple  majority  (i.e.,  3-out-of-4, 
4-out-of-5)  there  are  occasional  cases  where  the  required  majority  states  will  not  be  reached  even  after 
the  required  number  of  samples  have  been  collected.;  In  these  cases,  the  detector  must  continue  to  receive 
samples  beyond  the  M  required  to  reach  a  decision. 


Summary  of  Results  for  Basic  Data 


The  following  are  the  main  findings  for  the  performance  of  the  BOF  based  on  the  results  of  this 
section:  1)  an  MLS  receiver  which  meet6  only  the  minimum  requirement  for  decoding  the  angle  function 
could  have  (when  minimum  signal  power  density  exists  at  the  coverage  limit)  a  bit  error  rate  of 
2.7  x  10”2  such  that  the  requirement  for  Pue  <  10"^  will  not  be  met  by  processing  a  single  data 
sample  without  validation;  2)  the  required  bit  error  rate  of  10"4*  (in  order  to  satisfy  the  requirement 
for  Pue  1  10“^  «t  the  MLS  coverage  limit)  can  be  obtained  by  improving  the  SNR  in  the  receiver,  or  by 
averaging  the  received  data  bits  of  several  samples  of  the  same  word,  or  by  combination  of  both 
techniques;  and  3)  when  the  requirement  for  Pue  £  10-6  at  the  MLS  coverage  limit  is  satisfied,  the 
other  requirement  for  Pyg  <  10”^  at  critical  regions  on  the  approach  path  should  be  easily  achieved. 
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INTEGRITY  OF  THE  AUXILIARY  DATA  FUNCTION 

The  Auxiliary  Data  Function  it  intended  to  provide  airborne  systems  and  flight  crew  with  data 
necessary  to  conduct  advanced  MLS  instrument  approaches.'  Though  the  contents  of  only  four  auxiliary  data 
words  are  currently  defined  in  Reference  1  to  provide  ground  equipment  siting  infoimatioa  for  use  in 
refining  airborne  position  calculations;  auxiliary  data  may  also  include:  a)  meteorological  information; 
b)  runway  status;  and  c)  other  supplementary  info  mat  ion., 

A  preliminary  organisation  of  these  words  is  defined  by  ICAO  [3]  and  FAA  [4j.-  IVo  auxiliary  data 
word  formats  have  been  proposed,  one  for  digital*  data  (Figure  6a)  and  one  for  alphanumeric  character  data 
(Figure  6b).  In  either  ca*e  the  word  length  is  76  bits  consisting  of  12  bits  for  a  preamble,  8  bits  far 
the  address,  and  56  bits  for  information  and  parity  as  shown  in  Figure  6a  and  b.  Since  alphanumeric  data 
(i.e.,  weather  information)  are  not  used  in  czitical  applications,  the  performance  of  validation 
techniques  for  these  data  is  not  discussed  here,  but  is  briefly  presented  in  Reference  6.  Unlike  the 
Basic  Data  Function  where  a  different  preamble  is  used  for  each  word,  the  Auxiliary  Data  Function  has 
three  different  preambles  as  given  by  Reference  3,  followed  by  an  8-bit  aodress  code  to  designate 
different  auxiliary  data  words.- 

As  for  the  Basic  Dota  Function,  validation  performance  is  quantified  in  terms  of  the  probability  of 
correctly  decoding  valid  data,  and  the  probability  of  undetected  errors  remaining  in  the  data.  Of  the 
various  ways  performance  could  be  improved  over  the  baseline,  the  techniques  analyzed  here  include: 

1)  using  additional  airborne  processing  of  multiple  samples  of  a  data  woid;,  2)  reducing  the  prevailing  bit 
error  probability;  and  3)  a  combination  of  thec-  two  approaches. 


Preamble 

Address 

Data 

Parity 

*1  *12 

jjj 

*21  *69 

(a)  OiQitai  Data 

Preamble 

Add, ess 

#i 

#2 

#3 

ASC  It  Characters 

#4  #5  «6 

#7 

*1  *12 

mm 

mn 

ion 

1 

'61  '68  | 

*09  *76 

(b)  Alphanumeric  Data 


FIGURE  6 

AUXILIARY  DATA  WORD  ORGANIZATION 


Performance  of  the  Address  Code  of  the  Auxiliary  Data  Function 

The  address  code  is  contained  in  the  8  bits  that  follow  the  preamble  of  the  Auxiliary  Data  Function 
and  identifies  the  particular  word  that  is  being  transmitted  [31.  Six  of  the  eight  bits  encode  the  actual 
address  and  the  remaining  two  bits  are  parity  bits  used  to  check  for  errors  in  the  six  address  bits.  This 
enables  the  encoding  of  64  different  address  numbers  (or  words).  A  good  parameter  for  assessing  the 
performance  of  the  addiess  code  is  the  probability  of  falsely  decoding  a  specific  auxiliary  data  word. 
Unlike  the  case  for  falsely  decoded  FID's,  where  the  receiver  can  sometimes  reject  the  following  data 
because  it  does  not  match  the  expected  format,  even  when  an  address  is  falsely  decoded,  the  format  of  the 
following  data  is  consistent  with  what  the  receiver  expects.. 

Figure  7  is  used  to  compute  this  probability.  In  this  analysis  it  is  assumed  that  the  maximum  number 
of  auxiliary  data  words  that  would  be  transmitted  at  any  single  site  is  L  <  M  where  M  is  64.  Also,  in 
this  figure  it  is  assumed  that  each  word  is  transmitted  at  an  equal  rate,  and  witnin  a  time  period  T 
seconds  the  number  of  transmissions  of  each  auxiliary  data  word  is  N.  Figure  7  shows  the  interactions 
between  the  address  codes  of  the  Auxiliary  Data  Function.  Within  a  time  period  T  seconds,  each  of  the  L 
words  would  be  transmitted  N  times,;  The  auxiliary  data  address  decoder  is  assumed  to  correctly  recognize 
which  word  was  transmitted  with  a  probability  of  P^.-  Then  within  the  time  period  T  seconds,  N.Pd3 
correct  samples  can  be  expected  at  the  output  of  the  decoder  for  each  of  the  L  words.  The  rest  of  the 
samples  of  '"ach  word  (i.e.,  N  (1-Pd3))  will  be  in  error.  Part  of  these  incorrect  samples  is  detected 
and  rejected  by  the  address  decoder  and  the  other  part  cannot  be  detected  and  will  be  falsely  decoded  as 
one  of  the  other  words. 


Then  the  number  of  falsely  decoded  samples  of  word  j  is  given  by: 


N 


FDj  = 


P.JCO 


N  * 


(  L- 1 ) 


(14) 


where  L  <  M*  M  =  64,  and  P|jE3  i®  probability  of  undetected  error  within  the  address  code  itself. 
PU£3  can  ke  computed  using  Equation  7  with  n  =  8  and  A^  as  given  in  Table  7.  This  table  represents 


*Th<2  word  "digital'*  data  as  used  by  References  3  and  4  is  meant  to  be  "numeric"  data. 
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FIGURE  7 

SCHEMATIC  DIAGRAM  SHOWING  THE  INTERACTIONS 
BETWEEN  THE  ADDRESS  CODES  OF  THE  AUXILIARY 
DATA  FUNCTION 


the  number  of  all  possible  combinations  of  i  errors  which  are  not  detected  oy  the  parity  Equations  15  and 
16  of  the  adr'ress  code,  and  is  generated  by  computer  using  reasoning  similar  to  the  one  mentioned  before. 
The  parity  equations  of  the  address  code  are  given  as  follows  (lj. 


13 

>4 


+  >1*  K  •• 

...  +  I19-0 

...  +  I..  =  0 

16  “ 

•  20 

(15) 

(16) 


where  "0"  in  the  right  hand  side  of  Equations  15  and  16  means 


"even"  and  *V*  means  modulo  2  addition. 


Using  Equation  14,  the  probability  of  falsely  decoding  the  auxiliary  data  word  j  can  be  given  by: 


N, 


FDj 


1221  . 

N  M-l 


UE3* 


J  *  1.  2. 


(17) 


TABLE  7 

THE  NUMBER  OF  COMBINATIONS  OF  I  BIT  ERRORS  NOT  DETECTED 
BY  THE  ADDRESS  DECODER  OF  THE  AUXILIARY  DATA  FUNCTION 


NUMBER  OF  BITS 
HAVING  ERRORS 
i 

NUMBER  OF 
COMBINATIONS  NOT 
DETECTED  BY  PARITY 
Ai 

2 

9 

3 

12 

u 

IS 

5 

16 

6 

3 

7 

4 

8 

0 
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It  should  bo  noted  that  the  maximum  value  of  L  is  a  function  of  the  repetition  rate  of  earn  auxiliary 
data  word  transmitted  through  this  function  and  the  time  slots  available  for  transmission  of  these  words. 
In  Reference  3,  the  maximum  time  available  for  transmission  of  Auxiliary  Data  A,  B,  and  C  allow  a  rate  of 
only  21.5  words/sec.  If  it  is  assumed  that  Auxiliary  Date  A  occupy  all  the  available  time  slot6,  and  the 
transmission  rate  for  each  word  within  this  function  is  1  He,  then  L  *  21.5.' 

At  the  MLS  coverage  limit,  Pc  *  2.7  x  10"2  and  then  P^e3  *  5*78  x  10“^,  therefore 


PFDj  "  ~*if~  ~i  x^-7811  x  10”3)  -  1.882  x  10"3 

This  means  that  at  the  MLS  coverage  limit,  the  probability  of  falsely  decoding  one  address  code  of  an 
auxiliary  data  function  is  less  than  0*2  percent.  This  value  is  very  small  such  that  its  impact  on  the 
auxiliary  data  is  negligible  especially  if  the  MLS  receiver  processor  uses  an  averaging  process  of 
multiple  samples  of  the  same  word  (i.e.,  majority  voting). 

Performance  of  the  Auxiliary  Data  Using  Hamming  Code 

The  application  of  the  Hamming  code  to  a  64  bit  word  for  single  bit  error  correction  and  double  error 
detection  capability  is  given  in  detail  in  References  8  through  12,  and  summarised  in  Reference  6.,  The 
parameters  of  the  Hamming  code  in  ihis  application  are:  1)  the  word  length  n  r  64;  2)  the  number  of 
information  bits  k  *  57;  and  3)  the  number  of  parity  bits  n-k  «  7.  The  properties  of  this  code  are;  1) 
it  corrects  single  bit  errors;  2)  it  detects  all  double  bit  errors  and  all  odd  number  jf  errors;  and  3)  it 
does  not  detect  some  of  the  even  number  of  errors,  i,  starting  from  four  errors  (i  »  4,  6,  8,  .  .  .). 

The  Hamming  code  is  suitable  for  this  application  for  a  number  of  reasons,  including:  (1)  it  can  be 
readily  implemented  in  hardware  for  both  coding  (transmitter)  and  decoding  (receiver)  circuits  using  shift 
registers  and  Exclusive  OR  circuits;  (2)  it  increases  the  probability  of  detection;  and  (3)  it  decreases 
the  probability  of  undetected  errors. 

The  probability  of  detection  and  the  probability  of  undetected  errors  for  a  single  error  correction 
and  double  error  detection  Hamming  code  are  given  in  Equations  18  and  19,  respectively.  It  should  be 
noted,  however,  that  Pp  is  now  comprised  of  two  parts:  the  probability  of  no  errors,  plus  the 
probability  of  a  single  error  which  is  corrected  by  the  code. 

PD  -  (l-P.)"  +  nPe  (l-P,,)"-1,  n  -  64  (185 


P„E  -  ^[l+(l-2Pe)n+  2(n-l)(l-2Pe)n/2]  -  (1  -  Pe)n  (19) 

It  should  be  noted  that  Equation  19  is  the  exact  formula  for  P^g  given  in  Reference  13.' 

Table  8  shows  Pj).  Perr,  Pjje *  and  ^DE  ^or  ^our  values  of  the  bit  error  rate 
(i.e.,  Pe  ■  2.7  x  10“S  10“*,  10“3,  and  10“**).'  From  this  table  it  i6  seen  that  the  requirement 
f°r  PUE  satisfied  when  Pe  less  than  10“2.  PyE  also  plotted  against  Pe  using  Equation  19 
and  is  shown  in  Figure  8.  From  this  figure  it  is  seen  that  the  bit  error  rate,  Pe,  at  the  MLS  coverage 
limit  should  be  less  than  3  x  10"^  to  satisfy  the  requirement  for  Pyg  <  10“^.'  However,  since  the 
prevailing  bit  error  rate  for  the  minimum  receiver  at  maximum  range  is  2.7  x  10“2,  either  additional 
signal  processing  would  be  necessary  to  meet  the  requirements  or  the  bit  error  probability  would  have  to 
be  reduced. 


TABLE  8 

PERFORMANCE  OF  (64,  57)  HAMMING  CODE  ON  AUXILIARY  DATA  WORD 


p 

e 

2.7  x  10'2 

lO'2 

10"3 

10-9 

PD 

0.481 

0.865 

0.9981 

1.0 

Perr 

0.519 

0.135 

1.935  x  10~3 

2  x  10'5 

PUE 

1.169  x  10'3 

5.765  x  10'5 

9.810  x  10'9 

1.035  x  10~12 

PDE 

0.9988 

0.9999 

1.0 

1.0 
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FIGURE  6 

PROBABILITY  OF  UNDETECTED  ERnOR  OF  THE  (64,  57) 
HAMMING  CODE  VERSUS  BIT  ERROR  RATE 


Performance  cf  the  Auxiliary  Data  Using  Majority  Voting  in  Addition  to  Hamming  Code 

One  airborne  processing  method  which  could  be  used  with  auxiliary  data  to  improve  the  probability  of 

detection  and  reduce  the  probability  of  an  undetected  error  is  the  majority  voting  as  explained  before  and 
shown  in  Figure  9.  In  the  same  way  as  it  could  be  used  for  basic  data,  the  majority  voting  check  N 

samples  of  the  same  bit  of  a  specific  word  and  take  the  majority  state.  Once  the  data  has  pissed  through 

the  detector,  a  Hamming  decoder  could  be  used,  depending  on  the  established  coding  convention.' 

Figure  9  shows  the  relation  between  the  effective  bit  error  rate,  Pep,  at  the  output  of  the 
majority  voting  with  the  bit  error  rate,  Pe,  at  its  input  for  2-out-of-3,  3-out-of-L,  3-out-of-5,  and 
L-out-of-5  detectors.  Using  this  figure  and  the  requirement  for  Pep  <  3  x  10*3  the  case  of  the 
Hamming  code,  the  required  bit  error  rate  is  computed  for  2-out-of-3  majority  voting,  which  is  adequate  in 
this  case,  and  is  6hown  in  table  9..  In  this  table,  column  1  lists  the  receiver  processing,  column  2  is 
the  bit  error  rate  to  satisfy  the  requirement  of  PUE  <  10’ 6,  and  column  3  is  the  improvement  in  SNR  to 
achieve  the  required  bit  error  rate  given  that  the  bit  error  rate  at  the  coverage  limit  is  2.7  x  10~2. 

The  approximate  SNR  improvement,  needed  over  the  minimum  receiver  to  achieve  this  bit  error  rate  (if  the 
receiver  piocesses  one  sample  only)  is  2.9  dB.  This  improvement  in  the  SNR  is  computed  using  the 
foot-note  equation  in  the  second  section  for  DPSK  detector..  Column  9  is  the  number  of  transmissions 
required  to  acquire  the  data  with  95  percent  confidence. 


FIGURE  9 

THE  EFFECTIVE  BIT  ERROR  RATE,  P„,  VERSUS  THE 
BIT  ERROR  RATE,  P„  FOR  AUXILIARY  DATA  WITH 
MAJORITY  VOTING 
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TABLE  9 

EXAMPLE  TECHNIQUES  TO  ATTAIN 
Pue  «  10~«  FOR  MLS  AUXILIARY 
DATA  AT  LIMITS  OF  COVERAGES 


RECEIVER 

PROCESSING 

APPROXIMATE 

BIT  ERROR 

RATE  TO  ATTAIN 

PUE  •  lxlO"6 

APPROXIMATE 

SNR  IMPROVEMENT 
NEEDED  IN  THE  MIN. 
RECEIVER  TO  ACHIEVE 
THE  BIT  ERROR  RATES 
IN  COLUMN  2 

TRANSMISSIONS 
REQUIRED  TO  ACQUIRE 
AN  AUX  DATA  WORD 
(0.95  PROBABILITY) 
(see  Reference  6] 

Hamming  Code  ^ 

(7-Panty  Bits) 

0.003 

2. A  SB 

1 

Majority  Voting  (3) 

Plus 

Hamming  Code 

2/3 

0.027 

0  dB 

7 

Notes:  l)  All  values  are  approximate. 

2)  Provided  in  existing  auxiliary  data  word  format  (Reference  3). 

3)  Majority  voting  performa  m  out  of  N  voting  on  each  bit  prior  to  the  parity  check 
where  ra  >  N/2. 


gunnery  of  Results  for  Auxiliary  Data 

Based  on  the  results  of  this  section,  the  performance  analysis  of  the  Auxiliary  Data  Function 
indicates  the  following: 

1 .  An  MLS  receiver  which  meets  only  the  minimum  requirements  could  have  (when  minimum  signal  power 
density  exists  at  the  coverage  limit)  a  bit  error  rate  high  enough  that  the  requirement  for  Pue 
will  not  be  met. 

2.  Improvements  in  bit  error  rate  can  be  attained  by  improving  the  performance  of  the  demodulator, 
or  by  improving  the  SNR  in  the  receiver,  or  by  averaging  the  received  data  bits  of  several  samples  of 
the  same  word,  or  any  combination  of  the  above  methods.  Examples  of  the  performance  of  two  decoding/ 
processing  combinations  and  the  approximate  bit  error  rates  which  satisfy  the  Pjje  $ 

requirement  for  the  auxiliary  data  are  given  in  Taole  9. 

3.  Similar  to  the  analysis  of  Basic  Data  Function  in  the  third  section,  when  the  requirement  for 
Pyg  <  10”6  at  the  minimum  SNR  is  satisfied,  the  other  requirement  for  <  10~9  at  critical 
regions  (as  defined  by  the  area  within  10  nmi  from  the  runway)  should  be  easily  achieved  due  mainly 
to  the  improvement  in  SNR  exceeding  6  dB. 

CONCLUSIONS 

Based  on  the  analyses  presented  in  this  paper,  the  following  conclusions  are  given  for  the  integrity 
of  the  MLS  Basic  and  Auxiliary  Data  Functions.  It  should  be  noted  that  some  of  these  conclusions  are 
common  for  both  functions,  some  apply  only  to  the  Basic  Data  Function,  and  some  apply  only  to  the 
Auxiliary  Data  Function. 

1.  For  basic  and  auxiliary  data,  an  MLS  receiver  with  minimum  sensitivity  will  have  a  bit  error  rate 
that  is  too  large  to  meet  the  assumed  requirement,  Pue  i  10“6»: 

2.  For  basic  data,  the  required  imppv’eroent  in  the  bit  error  rate  can  be  attained  by  improving  the 
SNR  in  the  receiver,  or  by  averaging  the  received  data  bits  of  several  samples  of  the  same  word,  or 
by  combination  of  these  techniques.-  for  example,  Section  three  shows  that  the  assumed  requirement 
for  Pue  1  10“6  at  MLS  coverage  limit  can  be  achieved  by  using  one  of  the  following  methods: 

a.  Improving  the  SNR  at  the  receiver  by  about  4.7  dB.  The  number  of  transmissions  required  in 
this  case  is  one  sample  to  acquire  a  basic  data  word  with  95  percent  probability. 

b.  Using  a  3-out-of-4  majority  voting  before  the  decoder  without  requiring  an  improvement  in  the 
SNR.  The  number  of  transmissions  required  in  this  case  is  8  to  acquire  a  basic  data  word  with  95 
percent  probability. 

c.  Using  a  2-out-of-3  majority  voting  before  the  decoder  combined  with  about  1.8  dB  improvement 
in  the  SNR  at  the  receiver.  The  number  of  transmissions  required  in  this  case  is  4  to  acquire  a 
basic  data  word  with  95  percent  probability.- 

3.  Similarly,  for  auxiliary  data.  Section  four  shows  that  the  assumed  requirement  for  Pue  <  10“6 
at  the  MLS  coverage  limit  can  be  achieved  by  using  one  of  the  following  methods: 

a.  Improving  the  SNR  at  the  receiver  by  about  2.4  dB  with  (64,57)  Hamming  code.  The  number  of 
transmissions  in  this  case  is  one  sample  to  acquire  an  auxiliary  data  word  with  95  percent 
probability. 
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b.  Using  a  2-out-of-3  majority  voting  before  the  decoder  and  decoding  the  (64,57)  Hanning  code 
without  requiring  an  improvement  in  the  SNR  at  the  receiver*  The  number  of  tranamiaaiona  in  this 
caae  ia  7  to  acquire  an  auxiliary  data  word  with  95  percent  probability. 

4.  When  the  requirement  for  P^e  <  10“6  ia  aatiafied  at  the  MLS  coverage  limit  for  baaic  and 
auxiliary  data,  the  other  requirement  for  Pyg  <  10~9  at  critical  regions  should  be  easily 
achieved* 
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SUMMARY 

Fault  Detection  and  Isolation  (FDI)  techniques  are  described  with  particular  emphasis  on  strapdown  inertial  system 
and  Global  Positioning  System  (GPS)  applications  A  generalized  measurement  model  is  considered  with  a  single  fault,  step 
bias  shift  fault  model.  The  parity  vector  is  developed  and  analyzed.  Equivalence  is  established  between  the  parity  and 
innovations  approachs  to  FDI.  A  fault  detection  technique  based  on  the  parity  vector  is  piesented  and  analyzed. 

The  Probabilities  of  Fa'se  Alarm  (P fa)  *'  d  Missed  Detection  (Pmd)  *re  derived.  The  Detector  Operating  Charac¬ 
teristic  (DOC)  relating  these  p- ibabilities  is  constructed.  DOCs  are  presented  for  several  inertial  sensor  and  GPS  satellite 
configurations.  A  maximum  likelihood  fault  identification  technique  is  described.  A  nonparity  approach  to  FDI  analysis  is 
presented.  The  final  section  list!,  areas  for  future  work. 

1.  INTRODUCTION 

Fault  detection  and  isolation  techniques  are  required  in  many  guidance  and  control  applications.  Two  applications  of 
topical  interest  are  strapdown  inertial  systems  (INS',  or  AHRSs)  with  redundant  sensors  [1]  and  GPS  navigation  systems 
using  redundant  satellite  measurements  (2).  Conventional  inertial  systems  use  three  gyros  and  three  accelerometers 
mounted  on  orthogonal  axes.  Redundant  sensor  inertial  systems  typically  incorporate  four,  five  or  six  sets  of  inertial  sen¬ 
sors.  These  systems  are  used  to  provide  fail-safe  and  fault-tolerant  operation  for  flight  control  and  navigation.  A  fail-safe 
system  detects  out  of  spec  sensor  perfoimance  and  takes  itself  off  line.  A  fault-tolerant  system  detects  and  isolates  out  of 
spec  sensors  and  continues  operating  as  a  fault-tolerant  or  fail-sate  system  with  the  remaining  sensors.  A  minimum  of  four 
sensors  are  required  for  fail-safe  operation  and  a  minimum  of  five  for  fault  tolerant  operation. 

Conventional  GPS  navigation  requires  measurement  from  four  satellites  to  resolve  three  spatial  dimensions  and  time. 
Typically  five  or  six  satellites  are  available.  By  using  the  redundant  measurements  it  is  possible  to  provide  integrity 
monitoring.  This  is  a  requirement  if  GPS  is  to  be  certified  on  a  sole  means  navigation  system  [3).  A  minimum  of  five  satel¬ 
lite  measurements  are  required  to  detect  an  out  of  spec  satellite.  If  measurements  from  six  or  more  satellites  are  available  it 
is  possible  to  isolate  the  failed  satellites  and  continue  operating  with  the  remaining  ones. 

In  both  the  inertial  system  and  the  GPS  application  measurement  FDI  techniques  are  required.  Section  2  describes 
the  measurement  model  used  in  subsequent  analysis.  The  parity  vector  is  developed  in  Section  3.  Sections  4  and  6  describe 

parity  based  fault  detection  and  isolation  techniques.  Examples  of  fault  detection  performance  are  presented  in  Section  5. 

Section  7  describes  an  intuitive,  nonparity  approach  to  FDI.  Topics  for  future  work  are  discussed  in  Section  8. 

2.  MEASUREMENT  MODEL 

The  general  case  of  M  measurements  in  an  N  dimensional  state  space,  M  >  N  +  1,  is  addressed.  The  measurement 
equation  is: 

z  =  Hx  +  n  +  b  (2-1) 

where 

z  is  the  M  x  1  vector  of  measurements  compensated  with  all  a  priori  information' 

H  is  the  M  x  N  measurement  matrix  which  transforms  from  the  state  space  to  the  measurement  space,  rank  [H]  =  N; 

x  is  the  N  x  1  state  vector; 

n  is  the  M  x  1  vector  of  Gaussian  measurement  noise,  E  [nj  =  0  and  COV  [n]  =  an2  IMJ 

b  is  the  M  x  1  vector  of  uncompensated  measurement  biases  (faults). 
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The  fault  model  it  a  single  measurement  source  failure  resulting  in  a  step  bias  shift.  A  failure  of  measurement 
source  i  is  modeled  by  b  =  b ,  where  b  \  is  a  M  x  1  vector  with  i  th  element  B  and  zeros  elsewhere.  If  there  are  no  faults 
then  b  =  0. 

In  the  inertial  system  application  the  gyro  and  accelerometer  measurements  are  considered  separately.  In  both  cases 
N  =  3  and  M  =  4, 5,  or  6.  The  measurement  vector,  z,  contains  the  A8s  (gyro  measurements)  or  AVs  (accelerometer 
measurements)  compensated  for  scale  factor  and  biases.  The  measurement  matrix,  H,  consists  of  the  unit  projection  vectors 
from  the  sensor  axis  to  the  orthogonal  body  axis.  It  is  assumed  that  H  is  known  perfectly  (there  are  no  misalignment  errors). 

In  the  OPS  application  the  pseudorange  residual  (PR)  and  delta-range  residual  (AR)  measurements  are  considered 
separately.  For  both  types  of  measurements  N  «  4  and  M  ■  5  or  6.  The  measurement  vector,  z,  contains  the  1%  measure¬ 
ments  or  the  AR  measurements  compensated  for  atmospheric  effects  and  clock  biases.  The  1%  measurement  matrix  consists 
of  the  line-of-sight  (LOS)  vectors  to  the  satellites  with  Is  in  the  fourth  column  corresponding  to  the  clock  bias  state.  The 
AR  measurement  matrix  consists  of  the  difference  of  the  LOS  vectors  over  the  delta  range  interval  with  Is  in  the  fourth 
column  corresponding  to  the  clock  bias  rate  state.  It  is  again  assumed  that  H  is  known  perfectly. 

3.  PARITY  VECTOR 

In  this  section  a  M  -  N  x  1  parity  vector,  £,  is  constructed  It  is  shown  that. 

1  •  £  is  independent  of  the  state  vector  x 

2.  if  there  is  no  fault,  b  =  0,  then  E  (£[  =  0 

3.  if  there  is  a  fault  then  E  [pi  is  a  function  of  B. 

Thus  £  can  be  used  for  fault  detection.  An  M  x  1  fault  vector,  f,  is  constructed  by  transforming  £  to  the  measurement  space 
It  is  shown  that  f  is  identical  to  the  measurement  innovations  vector,  |.  Thus  the  parity  and  innovations  approaches  to  FD1 
are  identical 


Tbe  least  squares  estimate  of  the  state  vector  in  (2-1)  is 

S  =  H*z 

=  &  +  H*  (a  +  b) 


(3-1) 


where 


H*  =  (HTH)_1  H?  in  the  N  x  M  generalized  inverse  of  H.  The  matrix  H*  represents  a  transformation  from  the 
measurement  space  to  the  state  space. 

For  a  given  M  x  N  measurement  matrix  H  with  rank  N  it  is  possible  to  find  a  (M  ■  N)  x  M  matrix  P  such  that  rank 
[Pi  =  M  -  N,  PpT  =  ffvj,  and  PH  =  0.  The  matrix  P  spans  the  null  space  of  H  (the  parity  space)  and  PH*T  =  o.  The  rows  of 
P  are  orthogonal  unit  basis  vectors  for  the  parity  space. 

The  M  x  M  matrix 


A 


(3-2) 


has  rank  M.  The  linear  transformation  represented  by  A  separates  the  M  dimensional  measurement  space  into  two  sub¬ 
spaces  -  an  N  dimensional  state  space  and  an  M  -  N  dimen  nal  parity  space- 


STATE  SPACE 


=  A 


PARITY  SPACE 


MEASUREMENT  SPACE 


♦ 

M 

I 


(3-3) 
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The  (M  -  N)  x  1  parity  vector  given  by 


£  =  Pz 


(3-4) 


=  P(n  +  ^ 

is  independent  of  x  since  PH  -  0  (if  H  is  not  exxct  then  the  parity  vector  is  no  longer  independent  of  the  state).  The  ele¬ 
ments  of  £  are  jointly  normally,  characterized  by  their  expected  value  and  covariance: 


E£)  =  Pb  (3-5) 

COV(£j  =  E[f2-E[£])(£-E[E))T] 

=  E  [PnnJpT]  (3-6) 


-  °n2lM-N- 


Thus  the  elements  of  pare  uncorrelated  with  equal  variance,  the  same  variance  as  the  measurement  noise.  If  there  is  no 
fault,  b  =  0,  then  E  [j£|  =  0. 

The  M  x  M  matrix 


A-l  =  [H  |  pTj 


(3-7) 


has  rank  M  and  represents  the  inverse  transformation  represented  by  A.  It  transforms  from  the  state  space  and  the  parity 
space  to  the  measurement  space' 


Tl 

M 

1 


MEASUREMENT  SPACE 


=  A'! 


STATE  SPACE 


PARITY  SPACE 


I 

M-N 

_L 
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Thus  the  transformation  of  the  parity  vector  to  the  measurement  space  is  given  by 


£  .  IHIPtlg] 
■  PT, 

=  pTpz 
=  Sz 


(3-9) 


where  S  =  PTP  is  an  M  x  M  matrix.  The  matrix  S  has  rank  M  -  N  and  is  idempotent  (32 
■  «- 

vnai avtctu,tu  vy 


S).  The  M  x  1  fault  vector,  f,  is 


E[f)  =  Sb 


(3-10) 


and 


COV(f)  =  an2S. 


(3-11) 
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The  measurement  innovation  is  the  difference  between  the  actual  measurement  and  the  best  estimate  of  the  measure¬ 
ment  based  on  the  estimated  state: 


-4 


(3-12) 


where 


Z  is  the  M  x  1  vector  of  measurement  innovations 
t  is  the  M  x  1  vector  of  estimated  measurements 


The  best  estimate  of  the  z  based  on  the  estimated  state  is: 


z  =  E[z|x] 

=  Hi  (3- 13) 

=  HH*z 

Thus 

I  =  z  -  $ 

(3-14) 

=  (IM-HH*)£ 


It  is  shown  in  the  appendix  that  S  =  Im  -  HH*.  so  the  measurement  innovations  vector,  i,  and  the  fault  vector,  f,  are 
identical. 

4.  FAULT  DETECTION 

Fault  detection  techniques  are  based  on  hypothesis  testing.  A  decision  variable,  D,  is  constructed  and  tested  against 
a  threshold,  T.  The  hypothesis  test  is 


D 


(4-1) 


where  Ho  is  the  null  hypothesis  (no  fault,  b  =  0)  and  Hi  is  the  fault  hypothesis  (b  =  bj  for  some  i).  The  performance  of  the 
test  is  characterized  by  the  probability  of  false  alarm  (PpA)  and  the  probability  of  missed  detection  tPj^pP 


PPA  =  P  [D>T  | 

H0) 

(4-2) 

PMD  =  P(D<TI 

IHiJ. 

(4-3) 

The  detector  operating  characteristics,  (DOCs),  are  obtained  by  plotting  PMp  vs  PpA  for  various  combinations  of 
parameters. 
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The  decision  v triable  considered  is  the  square  of  the  magnitude  of  the  parity  vector  which  is  equivalent  to  the  quad¬ 
ratic  form 


D  =  ETE 

=  (n  +  yT  S(n  +  b) . 

It  is  equal  to  the  square  of  the  magnitude  of  the  fault  vector  (and  hence  the  measurement  innovations  vector): 

fTf  =  (n  +  b)T  ST  S  (n  +  y 
=  (n  +  y T  S  (n  +  y 
=  D. 

The  hypothesis  test  is  characterized  by 


(4-4) 


(4-5) 


and 


PFA  =  P  [D  >  T  |  b  =  0] 

PMD  =  P  I*5  <  T  I  b.  =  y  for  some  i]. 


Assuming  that  measurement  faults  are  equally  likely 


,  M 

PMD  =  M.2  P(D<T|b  =b,J. 


(4-6) 


(4-7) 


(4-8) 


If  b  =  0  then  E  [f]  =  0  and  D/a„2  has  chi-square  distribution  which  M  -  N  degrees  of  freedom.  Thus 

PFA  =  Q  (T/on2  i  M  -  N) 

where  Q  (x2  |  r)  =  1  -  P  (x2  I  r)  and  P  (x2  I  r)  is  the  chi-square  probability  function 


P(X2IO  = 


(4-9) 


(4-10) 


PpA  depends  on  M  -  N,  the  number  of  redundant  measurements,  and  is  otherwise  independent  of  H.  For  given  PpA,  M  •  N, 
and  crn2  the  required  threshold  is  given  by 

T  (PFA,  M  -  N,  on2)  =  on2Q-l  (PFA|M-N)  (4-11) 

where  Q'l  (P  |  r)  is  the  inverse  function  of  Q  (x2  I  r).  If  b  =  b;  then  E  [£]  =  Py  and  D/on2  has  noncentral  chi-square 
ui.Miiuuuon  with  M  -  N  degrees  ot  Ireedom  and  noncentrality  parameter 

/  \M‘N 

'  ■ 

-  iW)*,, 


(4-12) 
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Thu* 


and 


PMDlb;  -  P 


(t/^|  M-N.9,) 


(4-13) 


(4-14) 


where  P  (x2  I  r,  0)  i»  Ihe  noncentral  chi-square  probability  function 


P(x2|r,8)  -  B’0/2  ^P(x2lr  +  2j). 

j=o  y 


(4-15) 


The  detector  operating  characteristic  is  given  by 


‘  MD 


pfa.h.% 

an  J 


M 


H  P  Q'1  <PFA 


i=l 


M  -  N)  |  M  -  N,  if-  S,j 


(4-16) 


PMD  depends  only  on  the  ratio  B2/on2  and  not  on  the  individual  values. 


5.  DETECTOR  OPERATING  CHARACTERISTICS  (DOCs) 

DOCs  are  presented  for  two  4  and  two  6  sensor  inertial  system  configurations,  and  for  6  GPS  satellites  at  two  instan¬ 
taneous  of  time.  The  first  inertial  system  configuration  is  four  sensors  arranged  three  orthogonal  and  one  on  the  diagonal. 
Thus 


M  =  4 


4 

N 

=  3 
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DOCs  for  this  configuration  are  shown  in  Figure  1  for  B/on  »  10,  15,  20,  and  25.  The  probability  of  detecting  a  250  ng 
bias  shift  of  an  accelerometer  with  10  |lg  of  noise  (B/cn  -  25)  at  a  Pfa  of  10-6  )n  0.99999999  (1  -  Pmd)'  Tb*  probability 
of  detecting  a  150  fig  bias  shift  (B/on  =  15)  of  the  same  accelerometer  with  the  same  Pfa  in  0.9.  The  probability  of 
detecting  an  0.03  °/hr  bias  shift  of  a  gyro  with  0.0015O/hr  noise  (B/on  =  20)  at  a  Pfa  of  10'®  in  0.9997,  The  second 
4  sensor  inertial  configuration  is  4  sensors  equally  spaced  on  a  cone  with  half  angle  of  54.736  degrees.  The  DOCs  for  this 
configuration  are  shown  in  Figure  2  for  B/on  «  7.5, 10,  15,  and  20.  Figure  3  is  a  comparison  of  DOCs  from  both  4  sensor 

configurations.  It  shows  that  for  a  given  B/on  the  4  sensors  on  a  cone  (o  =  54.736°)  provides  significantly  superior  fault 
detection  capability. 

The  two  6  sensor  inertial  system  configurations  considered  are:  skewed  triads  (6  sensors  equally  spaced  on  a  cone 
with  half  angle  of  54.736  degrees)  and  dodecahedral  (6  sensors  equally  spaced  on  a  cone  with  a  half  angle  of  63.435  de¬ 
grees).  The  DOCs  for  these  two  configurations  are  identical  (the  diagonals  of  the  S  matrix  for  both  configurations  are  iden¬ 
tical).  The  DOCs  are  shown  in  Figure  4  for  B/an  «  7.5, 10, 12.5,  and  15.  It  is  apparent  that  the  6  sensor  configurations 

provide  better  fault  detection  capability  then  the  4  sensor  configurations.  For  a  Pmd  “  10" 7  and  a  Pfa  *  10-6  a  B/on 

ratio  of  20  is  required  for  the  4  sensors  on  a  cone  (a  =  54.736°)  configuration  while  only  15  is  required  for  the  6  sensor 
configurations. 

The  GPS  examples  are  based  on  the  current  test  constellation.  The  measurement  geometry  resulting  from  satellites  3, 
6, 9, 11,  12,  and  13  in  the  Los  Angeles  area  (N34°  17’,  W 118°  51’)  on  20  January  1987  at  1100  and  1130  GMT  is  con¬ 
sidered.  In  the  GPS  application  the  measurement  geometry  changes  as  a  function  of  time  (as  the  satellites  and  earth  move). 
The  DOCs  are  shown  in  Figures  5  and  6  for  1 100  and  1 1 30  GMT  respectively.  A  drastic  change  in  detection  performance 
occurs  between  the  two  times.  At  1 100  a  B/an  ratio  of  20  and  a  PpA  =  10‘S  results  in  a  PjyjD  of  10'®  while  at  1 130  the 
resulting  P\(D  is  10'1,  a  change  of  five  orders  of  magnitude  m  30  minutes! 

The  GPS  PR  measurement  noise  depends  on  the  class  of  service  used.  The  values  are  1.5  meters  for  the  PPS 
(military  service)  and  15  meters  for  the  SPS  (civil  service).  The  DR  measurement  noise  in  0.02  metcrs/second.  The  fol¬ 
lowing  analysis  is  based  on  the  DOCs  presented  in  Figure  5.  The  probability  of  detecting  a  PR  bias  shift  such  that  B/crn  = 
20  (30  meters  PPS,  300  meters  SPS)  with  a  Pfa  =  10-6  is  0.999999.  The  same  probabilities  would  hold  for  a  D~R  bias 
shift  of  0.4  meters/second. 


PFA 


Figure  1.  Four  Sensors:  Three  Orthogonal 
and  One  on  the  Diagonal 


Figure  2.  Four  Sensors  on  Cone 
(alpha  =  54,736  Degrees) 
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3  ORTHOGONAL  AND  1  ON  THE  DIAGONAL 


Figure  3.  Comparison  of  Four 
Sensor  Configurations 


to 


Figure  5.  GPS  Satellites  3, 6, 9,  U,  12, 13 
N3417.W118  51  1100  GMT 
20  January  1987 


to 


Figure  4.  Two  Skewed  Triads 
(alpha  =  54.736  Degrees) 
Dodecahedral 
(alpha  =  63.435  Degrees) 


to 


Figure  6.  GPS  Satellites  3, 6, 9, 11, 12, 13 
N34  17,  W118  51  1130  GMT 
20  January  1987 


6.  FAULT  ISOLATION 

A  Maximum  Likelihood  Estimation  (MLE)  approach  to  fault  isolation  is  presented  [4],  If  a  fault  has  occurred  then 
b  -  h]  foi  some  i.  Tiit  goal  of  fauit  isolation  is  to  identify  v.  til  i,  which  measurement  souice  is  ai  fault,  liie  iviLc  ap¬ 
proach  is  to  determine  the  i  that  maximizes. 


P(plJ?i)- 


(6-1) 


This  is  equivalent  to  maximum  a  posterior  (MAP)  estimation  (where  i  is  chosen  to  maximize  P  (bjl  £))  provided  that  P(bj)  is 
independent  of  i,  i.e.,  all  measurement  source  failures  are  equally  likely. 
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The  parity  vector  hat  multivariate  normal  density  with  mean  Pb  and  covariance  cn2  Im-N-  Thus 


Pfelbi)  =  - ^  exp  I--  ^  (E-K>i)T  (E-W>i)l  •  (6-2) 

(2nan2)  2  J 


The  i  that  maximizes  P  (p  |  bj)  will  maximize  any  monitonicly  increasing  function  of  P  (jj  |  bj).  Thus  the  i  that  maximizes 
P  (p  |  bj)  will  maximize 

-  (E  ■  Pbj)T  (E  -  Pbj) 

(6-3) 

=  -  pjji  +  2  bjT  pig  -  bjT  pT  Pb,. 

Since  is  independent  of  i  it  can  be  dropped.  Taking  advantage  of  the  structure  of  bj,  and  that  j>  =  Pz  gives 

MAX  {2BS;Z  -  B2  Sjj]  (6-4) 


where  Sj  is  the  ith  row  of  S.  The  value  of  B  that  maximizes  (6-4)  is  obtained  by  setting  the  derivative  of  (6-4)  with  respect 
to  B  to  zero.  This  gives 


A 


B 


Substituting  back  into  (6-4)  and  noting  that  fj  =  SjZ  gives 


MAX 


(6-5) 


(6-6) 


Thus  the  MLB  fault  identification  technique  is  to  select  the  i  that  maximizes 


w-  as  the  faulty  measurement  source. 
sii 


The  probability  of  misidentification,  assuming  mea'  urement  source  i  is  faultly,  is 


PMI  l*>i 


_p|V 

■  Lsi. 


(6-7) 


Assuming  that  measurement  faults  are  equally  likely 


(6-8) 
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7.  NONPARITY  MEASUREMENT  FDI 

Thii  section  describes  an  intuitive  approach  to  FDI  analysis.  Individual  measurements  are  deleted  from  the  measure¬ 
ment  equation  (2-1),  to  form  M  reduced  order  measurement  equations.  The  reduced  order  equation  deleting  measurement  j 
is: 


Rjz  =  RjHx  +  Rjn  +  Rjb  (7-1) 

where  Rj  is  the  identity  matrix  Im  with  the  j  th  diagonal  element  zeroed.  The  reduced  order  state  estimates  are: 


|j  =  H|z;  j  »  1 . M 

»  i  +  Hf(n  +  b) 


(7-2) 


where 


Hj  =  (HTRjH)-1  HTRj.  (7-3) 

It  is  assumed  that  Hi  exists  for  every  j,  i.e.,  that  rank  (HTRjH)  =  N  for  all  j.  If  measurement  source  i  is  faulty,  b  =  bj, 
then  xj  is  independent  of  B  and  the  other  M  -  1  estimates  are  functions  of  B 

Let 


m 


ii-|j  '  *  j 

(Hf-Hj)z 
(H*  -  H|)  (n  +  b). 


(7-4) 


Their  art  M  (M  - 1)  Djjs  each  independent  of  the  state  vector,  x.  The  Djjs  can  be  computed  by  first  computing  the  xj(S  and 
then  differencing,  or  directly  from  z  by  multiplying  by  (H,* .-  H|). 

Let 


djj  -  |  Djj  | ,  then  djj  =  djj  and  there  are  — QytJ)  unique  djjs.  Assume 

1.  Measurement  source  i  is  faulty,  b  =  b; 

2.  The  square  of  the  bias  shift  is  much  greater  than  the  measurement  variance,  B2»cjjJ 

3.  The  reduced  order  measurement  geometry  provides  reasonable  observability,  TRACE  [(H^RjH)'1]  is  on  the  same 
order  as  TRACE  [(HTh)-I). 

Then  intuitively  it  is  expected  that: 

•  djk  «B  if  j  *  i  and  k  *  i  since  both  xj  and  Jjj  are  functions  of  B. 

•  djk  “  jjj  B  if  j  =  i  or  k  »  i  since  only  one  of  xj,  xfc  is  a  function  of  B 
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FDI  techniques  cm  be  developed  based  on  the  dy.  A  fault  detection  technique  is  to  use  hypothesis  testing  with  a 
decision  variable: 

D  =  I  djj.  (7-5) 

>J  1 


A  combined  fault  detection  and  identification  technique  is  a  set  of  M  hypothesis  tests,  one  for  each  measurement  source. 
The  test  for  source  i  is: 


>Hi 

<  T 


(7-6) 


where 


1  ~  j=i  or  k=i  *■* 
H0:  b*bj 
H,.  b  =  b,. 


(7-7) 


8.  FUTURE  WORK 

Several  areas  for  future  work  arc  apparent: 

1 .  The  measurement  model  m  Section  2  does  not  allow  for  uncompensated  non-fault  measurement  biases  These 
will  be  present  in  all  real  world  applications. 

2  The  fault  model  in  Section  2  is  very  limited.  More  realistic  models  might  include  multiple  faults  and  measure¬ 
ment  source  failures  resulting  in  ramp  and/or  oscillating  bias  shifts. 

3.  In  the  GPS  application  the  PR  and  DR  measurements  are  related  It  may  be  possible  to  take  advantage  of  this 
relationship  to  improve  FDI  performance. 

4.  The  measurement  matrix,  H,  may  not  be  known  perfectly.  This  would  result  from  uncompensated  misalignments 
in  the  inertial  system  application  a.. a  state  vector  errors  in  the  GPS  application.  Errors  in  H  result  in  the  parity 
vector  being  a  function  of  the  state  vector  What  is  the  effect  on  FDI  performance9  Reference  |5]  suggests  an 
approach  to  compensate  for  an  imperfectly  known  measurement  matrix 

5.  The  DOCs  presented  in  Section  5  show  that  the  four  sensors  on  a  cone  (o  -  34  736°)  provides  significantly  better 
fault  detection  capability  then  the  three  orthogonal  and  one  on  the  diagonal.  What  is  the  best  four  sensor  con¬ 
figurations?  Five  sensors'9  Six  sensors? 

6.  The  GPS  DOCs  presented  in  Section  5  are  based  on  the  limited  test  constellation  at  one  location.  What  are  the 
average  DOCs  for  the  operational  constellation  over  the  earth’s  surface  and  time? 

7.  How  can  Pm |  deiined  in  Section  b  be  calculated ' 

8.  What  are  the  PpA,  PmD  and  Pmi  for  the  non-parity  measurement  FDI  technique  presented  m  Section  7? 

9.  Tne  FDI  techniques  described  in  Sections  4,  6,  and  7  are  based  on  a  single  sample.  What  are  the  appropriate 
techniques  and  performances  if  multiple  samples  are  used7 

These  are  a  few  areas  that  may  prove  of  interest  for  future  work. 


APPENDIX 


Theorem:  S  * 

Proof:  ThttA‘1  »  [H|pT]  is  the  right  inverse  of 


is  verified  by  direct  multiplication: 

AA-1  -  [t] 


'h*h  h’p1"] 
.PH  PPT  J 


Since  A  is  square  and  of  full  rank  its  left  inverse  must  equal  its  right  inverse.  Thus 

lM  =  A"1  A 

=  Chip7]  pc] 

=  HH*  +  PTP 

=  HH*  +  S 


Hence 
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1.  INTRODUCTION 


In  many  practical  aerospace  applications,  guidance  and  control  accuracy  is 
significantly  degraded  as  a  result  of  system  transport  lags  (or  time  delays). 
Historically,  solutions  to  problems  of  this  type  were  required  when  significant 
digital  computer  data  delays  were  encountered  or  when  human  operators  (e.g., 
aircraft  pilots)  became  an  integral  part  of  the  closed-loop  operation.  More 
recently,  this  type  of  problem  is  encountered  in  current  SDI  (Strategic  Defense 
Initiative)  related  problems  such  as  Laser  Beam  Pointing  &  Tracking  and,  Al.r.osphenc 
Laser  Beam  Wavefront  Correction. 

In  this  chapter,  we  address  the  problem  of  controlling  a  linear  discrete-time 
system  where  both  the  measured  output  and  the  process  evolution  are  functions  of 
time-delayed  states.  The  optimal  control  solution  is  developed  by  re-casting  the 
original  system  representation,  with  explicit  time-delayed  states,  into  a  standard 
regulator  form  using  state  vector  augmentation.  Practical  considerations  are 
discussed  regarding  the  implementation  of  this  control  law. 

This  solution  was  developed  by  Northrop  in  the  study  of  Precision  Pointing  & 
Tracking  of  laser  ueamsi  it  should  prove  useful  in  this  and  other  advanced  aerospace 
applications  where  system  time  delays  are  present  and  where  precision  guidance  and 
control  is  required. 


2 .  PROBLEM  STATEMENT 


The  general  system  representation,  with  explicit  process  and  measurement 
(observation)  time  delays,  is  given  by: 


<2 

X(k+1)  -  £  A.  (k)X(k+l-i)  +  B (k)U (k)  +  W^k) 
i«l 


(1) 


X  (k) 


*  fj  C^  (k)X(k+l-j)  +  W2(k) 

Tii 


(2) 


where  p,  q  are  integers  >  1;  W^  and  W2  are  zero  mean  white  noise  sequences  such  that 

E  '  W1(k)  WxT(k)  |  *  Vx(k)  ) 

E  {  W2(k)  W2T(k)  (  -  V2(k)  /  vi,j,k  ; 

E  {  W1(i)  W2T(j)  }  -  0  ) 

Y  is  an  m  x  1  observation  vector;  X  is  an  n  x  1  random  state  vector  whose  initial 
uncertainty  is  uncorrelated  with  and  W2  and  with  initial  covariance,  Q0;  and,  U 
is  the  control  input  vector.  The  objective  is  to  find  the  control  function 
(functional),  U(k)  for  k  *  1,  2,  ...  ,  which  minimizes  an  expected  quadratic  cost 
function  for  the  linear  stochastic  regulator  defined  by  Equations  (1)  and  (2). 

Since  linear  stochastic  tracking  problems  can  be  formulated  as  linear  stochastic 
regulator  problems  by  combining  the  reference  and  plant  models  in  an  augmented 
system  [l] ,  the  system  representation  defined  by  Equations  (1)  and  (2)  applies 
equally  to  the  tracking  problem. 
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3.  CONTROL  DEVELOPMENT 


The  system  representation  defined  by  Equations  (1)  and  (2)  can  be  cast  in 
standard  stochastic  regulator  form  by  augmenting  the  state  vector  with  the  time- 
delayed  states,  i.e., 

X(k+1)  -  X(k)  7<k)  +  B(k)U(k)  +  Wi(k)  (3) 


AND 


V (k)  »  £(k)x<k)  +  W2(k) 


(4) 


WHERE 


_0 _ 

i  1 

I  1  0  | - - 

i  1 1. 

1  0 1  \ 

*i_°— 

1  • 

1  : 

X(k-q-l) 
X (k-q-2) 

X(k)£ 

1  .  •  1 

:  1  •  \  • 

1  *  .  1 

:  *  .*.  1  * 

l  •_  _Q _ 

Aq(k)| . |  Ax  (k) 

;  x(k)4 

X(k-l) 

X(k) 

1 

J 

0 

e 

• 

0 

Cq-l(k) 

Cq-2 (k) 

B(k)£ 

e 

• 

• 

• 

* 

0 

B  (k) 

!  B(k)-t 

I 

2 

r-4 

. .  ■ 

;  £<k)4 

• 

• 

c2(k) 

Cl(k) 

In  equation  (3)  the  control  remains  the  same  as  in  Equation  (1)  since, 
physically,  past  states  cannot  be  changed  or  controlled.  In  Equation  (4,  the 
observation,  V,  and  the  observation  noise,  VI2 ,  also  remain  unchanged. 

For  simplicity  of  illustration,  we  let  p  *  q  in  Equations  (3)  and  (4).  However, 
if  q  >  Pi  then  Equation  (3)  remains  the  same  and  the  appropriate  submatrices  in  £ 
are  set  to  zero;  i.e.,  the  measurement  is  not  a  linear  combination  of  all  the 
delayed  states  contained_in  X.  If  q  <  p,  then  Equation  (4)  remains  the  same  but  the 
augmented  state  vector,  X,  must  now  contain  all  p  delayed  states  in  the  measurement. 
The  augmented  A  matrik  will  contain  zeros  for  the  submatrices,  A1(  w.iich  correspond 
to  those  integers  >q-l  but  <  p-1.  The  dimensions  of  B  and  W  must  also  be  consistent 
with  the  integer  p,  rather  than  q.  Therefore,  without  loss  of  generality,  the 
system  defined  by  Equations  (1)  and  (2)  can  be  represented  by  the  augmented  system 
model  described  by  Equations  (3!  and  (4). 

Given  that  the  control  is  to  minimize  the  expected  value  of  a  quadratic  cost 
function  of  the  form, 


E 


V1 

ID 

k=k„ 


X(k)  R].<k)x<k) 


+  U (k)  R2(k)U(k)] 


X(k1)P(k1)X(k1) 


>5) 


then,  the  Separation  Principle  applies  [l] .  And,  the  optimal  linear  stochastic 
control  of  the  augmented  system  is  given  by  a  deterministic  optimal  linear 

controller  with  state  input  X,  (or  estimated  state  feedback)  which  is  provided  by  an 
optimal  one-step  predictor  using  the  augmented  model.  That  is: 


U(k) 


-F(k)  X (k) 


V1' 


k 


1 


■<; 


•  •  *  t 


(6) 


■'jUPKIfW 
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where  the  control  gain,  F,  satisfies  the  following  equation, 

-1 

T  T 

?(k)  -  |  Rj ( k )  +B ( k )  [r^  (k+l)  +  p(k+l)]B(k)|  B(k)[R(k+l)  +  P(k+l)]A(k)  ;  (7) 

the  matrix,  P,  satisfies  the  following  recursive  matrix  Riccati  equation, 

T 

¥(k)  =  AtklC^tk+l)  +  P(k+1)]  [A(k)  -  B(k)  F(k)]  ;  (8) 

A 

the  one-step  predictor  output,  X,  is  defined  by 

$<k+l)  *  J»(k)X(k;  +  S(k)U(k)  +  K(k)  [Y(k>  -C(k)$(k)]  ;  (9) 

the  estimator  gain,  K,  satisfies  the  following  equation, 

T  _T  -1 

If (k)  «  A(k)Q(k)C(k)  [C(k)Q(k)C(k)+  V2(k)]  ;  (10) 

and,  the  state  estimation  error  covariance  matrix,  Q,  satisfies  the  following 
recursive  matrix  Riccati  equation, 

T 

<3 { k+l)  -  C A ( k )  -  K(k)C(k)]  Q(k)A(k)  +  Vx (k)  .  (11) 

The  final  value  of  P  used  to  "initialize*  Equation  (8)  (which  is  solved  backward 
in  time)  is  the  final  value  defined  in  the  quadratic  cost  function  of  Equation  (5) , 
i.e.,  P ( ki)  »  P], .  The  initial  value  of  Q  used  to  initiali2e_Equation  (11)  is  the 
error  covariance  of  the  initial  estimate  of  X,  i.e.,  Q(o)  *  Q0. 

If  the  system  statistics  defined  in  Equations  (1)  and  (2)  are  gaussian,  then  the 
above  solution  is  the  optimal  solution  without  qualification!  if  not,  then  it  is  the 
optimal  linear  control  solution.  The  expected  system  performance  is  determined  by 
analyzing  the  augmented  system  as  a  linear,  stochastic,  regulator  problem. 

It  is  noted  that  the  analogous,  explicit  solution  to  the  general  continuous-time 
problem  does  not  exist  [2].  However,  the  analogous  continuous-time  solution  does 
exist  for  the  special  case  where  only  measurement  delays  are  considered  [3]. 


<..  PRACTICAL  CONSIDERATIONS 


From  the  control  gain.  Equations  (7)  and  (8),  and  the  estimato-  gain,  Equations 
(10)  and  (11),  it  can  be  shown  that  the  required  dimensions  of  the  controller  and 
estimator  are  not,  in  general,  equal.  The  dimensions  in  the  control  matrix  Riccati 
equation,  (8) .  is_determined  by  the  number  of  delayed  states  in  the  process 
evolution,  i.e.,  P  has  the  dimensions  of  n-q  X  n-q.  As  a  result,  for  the  special 
case  of  measurement  delays  only  (q  »  1) ,  the  controller  implementation  is 
unaffected.  On  the  other  hand,  the  dimensions  in  the  estimator  matrix  Riccati 
equation,  (11) ,  are  determined  by  the  maximum  of  p  and  q.  If  h  =  max  (p,  q) ,  then  Q 
has  the  dimensions  n*h  X  n-h.  Consequently,  any  system  time-delays  will  increase 
the  dimensions  of  the  estimator;  however,  only  time-delays  in  the  process  evolution 
affect  the  design  of  the  deterministic  controller.  For  the  general  case,  then,  the 
optimal  control  is  given  by: 


U(M  *  "XI  FiU)  *(k+1_i) 


i=l 


where 


and 


F(k)  -  f F  (k)  J  F  (k)| . |F2(k)|F  (k)l 

l  I  t  I  I  J 


aT 

X(k) 


[&+1- 


h) 


I  T  1 

jX(k+l-q)  ' 


*!8(k-l)  jx(k) 


(12) 


(13) 


(If 


We  note  that,  in  Equation  114),  S(k)  is  the  one  step  predicted  value  of  the 


original  system  state  vector; 
smoothed  value;  and,  finally, 


(k-1)  is  the  filtered  value;  X(k-2)  is  the  one-step 
t (k+l— h)  is  the  (h-2)th  smoothed  value. 
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Typically,  the  real  time  computational  requirements  associated  with  the 
implementation  of  time  varying  optimal  control  is  always  stressing  djie  to  the 
"backward-in-tirae"  recursion  which  is  required  to  obtain  solutions, _P,_of_Equation 
(8).  However,  in  many  high-accuracy  SDI  related  applications,  the  A,  B,  Ri,  and  R2 
matrices  of  the  augmented  system  and  cost  function  can  be  treated  as  time  invariant 
over  the  time  intervals  of  Interest.  Further,  if  the  augmented  system  satisfies  the 
relatively  minor  requirements  of  stabilizability  and  detectability,  then  the  control 
gain,  IF,  will  coverge  to  a  unique  value  such  that  the  steady-state  optimal  control 
law  is  time  invariant,  asymptotically  stable,  and  minimizes  the  quadratic  cost  _ 
function  of  Equation  (5)  as  ki  —<d.  For  this  case  the  steady-state  gain  matrix,  Fss, 
can  be  computed  off-line  and  stored  for  real-time  use;  the  real-time  computations 
required  to  implement  this  steady-state  control  law  are  negligible. 

Usually,  for  tracking  and  regulator  problems,  the  steady-state  control  gains  and 
time  varying  gains  are  such  that  the  initial  value  of  the  time  varying  gain  is  equal 
to  the  steady-state  gain  but  is  less  than,  or  equal  to,  the  steady-state  gain  as 
time  progresses,  i.e., 

fss  -2  ?(k)  £or  k0ikiki  • 

As  a  consequence,  the  steady-state  gain  tends  ».o  maintain  the  controlled  state 
closer  to  the  estimated  state,  but  at  the  cost  of  control  energy.  If  accuracy  is 
the  significant  criterion,  then  the  steady-state  gain  is  n^t  only  easy  to  implement, 
it  also  provides  essentially  equivalent  or  better  accuracy. 

This,  however,  is  not  the  case  for  the  estimator  gain  even  though,  in  most  cases 
where  linear  steady-state  optimal  stochastic  control  is  implemented,  both  the 
steady-state  control  and  estimator  gains  are  used.  For  the  estimator,  and  the  same 
general  conditions  as  above,  the  initial  time  varying  estimator  gain  is  usually 
significantly  larger  than  the  steady-state  gain  to  account  for  initial  uncertainties 
in  the  knowledge  of  the  system  state.  As  time  progresses,  the  time  varying  gain 
coverges  to  the  steady-state  gain,  i.e., 

Kss  £  K(k)  for  kQ  <  k  i  kx  . 

Consequently,  initial  system  performance  will  be  significantly  degraded  if  Kss 
is  used.  In  fact,  if  applied  to  a  "linearized"  system,  the  estimator  may  actually 
diverge  given  the  initially  small  steady-state  filter  gains. 
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For  the  worst  case,  where  q  >  p  ^  1,  the  time  update  is  given  by: 
Qi  j{k+l)  a  Qi4.lf j+i<k>  '  =  q-l 


Qifq(k+1) 


Q 

q,q 


(k+l) 


■E  «,;s>  ^«i-j  ■  *■> . « 


j=i 

q  q 


■  EEws-.vrlsiH*'-® 

i=l  j«l 


(17) 


In  practice,  another  computational  simplification  results  since  rarely,  if  ever, 
will  the  actual  system  measurement  be  a  function  of  every  time-delayed  state  element 
and,  likewise,  for_the  actual  system  process  model.  Hence,  the  submatrices  Ai  and 
Ci  (for  i  >  1)  in  A  and  C,  respectively,  will  usually  be  of  significantly  reduced 
dimension.  This,  in  turn,  significantly  reduces  the  dimensions  of  the  augmented 
system  model. 

Finally,  we  note  that  the  interation  interval,  At,  (implied  in  the  discrete-time 
system  representation)  or  some  integer  number  of  At's,  Should  be  set  equal  to  the 
time-delay.  For  variable  time  delays,  it  may  be  advantageous  to  use:  a)  variable 
iteration  intervals  for  the  estimator,  b)  fixed  iteration  intervals  for  the 
controller  and,  c)  variable-time  updates  of  the  state  estimate  to  time  synchronize 
the  estimator  output  with  the  controller  input. 


5.  SUMMARY 


The  optimal  control  problem  has  been  addressed  in  which  both  the  measured  system 
ouput  and  process  evolution  are  functions  of  time-delayed  states.  The  optimal 
discrete-time  solution  is  developed  by  re-formulating  the  original  system,  with 
explicit  time-delayed  states,  into  standard  regulator  form  using  state  vector 
augmentation,  and  then  applying  the  theorems  of  optimal  control.  This  solution  is 
directly  applicable  to  the  tracking  problem  as  well  since  tracking  problems  can  be 
re-formulated  as  regulator  problems.  Considerations  are  given  for  the 
implementation  of  this  control  law,  including  the  justification  for  a  steady-state 
deterministic  controller  with  state  input  provided  by  a  time-varying  one-step  Kalman 
predictor. 

This  solution  should  prove  useful  in  current  and  future  high  accuracy  guidance  and 
control  applications.  The  analogous  solution,  in  continuous  time,  does  not  exist. 
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ABS1BACI 

Successful  use  of  the  Omega  Navigation  System  requires  external  information 
on  the  system  coverage  (i.e.,-  spatial  and  temporal  accessibility  of  "usable" 
signals  from  the  Omega  system)  in  selecting  Omega  signals  for  position  fix  compu¬ 
tations.  This  paper  reviews  the  published  Omega  signal  coverage  information  and 
describes  in  detail  the  type  (and  basis)  of  the  coverage  information  currently 
disseminated  by  the  U.S.  Coast  Guard  Omega  Navigation  System  Center.  Assessments 
of  the  worldwide  coverage  provided  by  the  system,  and  the  impact  of  Omega  trans¬ 
mitting  station  outages  on  the  system  coverage  are  also  given. 


1  INTRODUCTION 


1 . 1  BACKGROUND 

The  Omega  Navigation  System  is  a  VLF  radionavigation  system  transmitting 
navigation  signals  at  10.2,  XI  05,  11.33  and  13  6  kHz  from  the  eight  transmitting 
stations  shown  in  Fig  1  1  The  system  is  designed  to  provide  a  worldwide  posi¬ 
tion  fix  capability,  by  employing  phase  measurements  from  three*  or  more  sta¬ 
tions,  to  an  accuracy  of  4  nautical  miles  (05%  of  the  time)  under  all  weather 
conditions.  Knowledge  of  "system  coverage"  (i.e.,  spatial  and  temporal  accessi¬ 
bility  of  "usable"  signals  from  the  Omega  system  stations)  is  critical  to  mission 
planning,;  system  usage,  and  system  reliability  assessment. 

The  Omega  Navigation  System  Centert  (ONSCEN) ,  a  u  S  Coast  Guard  Agency,  has 
the  primary  responsibility  for  operating,,  maintaining,,  improving,,  and  encouraging 


Figure  l-l  Omega  Transmitting  Stations 


•Only  two  stations  are  required  if  the  user  has  a  stable  (at  least  one  part  in 
10  million)  frequency  standard,  or  if  a  filtered  estimate  of  the  Omega  system 
epoch  is  available  using  earlier  data  from  three  or  more  stations. 

tFormerly  known  as  the  Omega  Navigation  System  Operations  Detail  (ONSOD) . 
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the  use  of  the  Omega  system.  To  aid  Omega  users  in  selection  of  usable  omega 
signals  (see  Section  1.2)  for  their  mission,  ONSCEN  provides  the  usable  signal 
coverage  information  ONSCEN  has  also  undertaken  a  Regional  Validation  Program 
(Ref.  1)  to  collect  Omega  coverage  data  in  various  navigationally-signif leant 
regions  of  the  world.  This  validation  program  began  in  year  1977  and  is  expected 
to  be  concluded  in  1990.  The  validation  data  along  with  the  data  collected  at 
the  worldwide-distributed,  fixed  Omega  signal  monitoring  sites  (Ref.  2)  are  used 
to  validate/refine  the  predicted  coverage  boundaries,,  and  to  improve  the  Omega 
signal  propagation  prediction  models. 

As  the  Omega  system  has  matured  with  time,,  receivers  have  become  more  so¬ 
phisticated  due  to  (1)  the  introduction  of  inexpensive  microprocessors,  and  (2) 
the  development  of  improved  coverage  prediction  models  With  the  help  of  infor¬ 
mation  derived  from  the  ongoing  validation  program,  coverage  information  has  been 
refined,;  augmented,,  and  repackaged  to  provide  better  accuracy  and  improved  dis¬ 
play. 

This  paper  presents  an  overview  of  the  available  Omega  signal  coverage  in¬ 
formation,  with  emphasis  on  the  coverage  information  currently  disseminated  by 
ONSCEN,  and  provides  an  assessment  of  the  worldwide  capabilities  of  the  omega 
system.  Section  1  2  defines  usable  signals,  while  Section  2  presents  a  review  of 
available  coverage  information.  Assessments  of  world-wide  coverage  provided  by 
the  Omega  system  and  system  availability  (due  to  station  outages)  are  given  in 
Sections  3  and  4,  respectively.  The  paper  is  summarized,  along  with  conclusions, 
in  Section  5.  An  overview  of  the  Omega  signal  propagation  mechanism  is  given  in 
Appendix  A.  A  discussion  of  the  coverage  prediction  models  used  for  developing 
the  signal  coverage  information  is  provided  in  Appendix  B. 


1  2  USABLE  SIGNALS 

An  Omega  station  signal  received  at  a  specific  (geographic)  location  and 
time  is  usable  if  the  signal. 

•  Is  sufficiently  strong  such  that  the  signal-to-noise  ratio  (SNR)  is 
greater  than  the  receiver  detection  threshold 

•  "Non-modal",  i.e  ,  the  signal  phase  vs  distance  relationship  does  not 
deviate  significantly  from  the  ''Mode  1"  signal  phase  relationship. 

The  phase  deviation  is  due  to  presence  of  strong-amplitude  higher-order 
(i.e.,  non-Mode  1)  modes  in  a  signal,  and  is  commonly  referred  to  as  "modal 
interference*  (Ml)-induced  phase  deviation",  or  simply  MI.  In  addition,  the 
signal  must  also  be  a  short-patht  signal,  as  most  omega  receivers  employ  a  short- 
path  phase  prediction  algorithm. 


2  AVAILABLE  SIGNAL  COVERAGE  INFORMATION 

A  historical  time-line  of  the  various  types  of  Omega  coverage  information 
published  by  various  researchers  is  given  in  Table  2.1.  Bortz  et,  al .  (Ref.  3),, 
in  1976,  were  the  first  to  provide  coverage  information  in  the  form  of  "individ¬ 
ual  station"  and  "composite"  diagrams.  An  individual  station  diagram  displays 
predicted  worldwide  coverage  of  usable  signals  from  a  station  at  a  specified  time 
for  a  given  usable  signal  criteria;  a  composite  diagram  displays  the  same  infor¬ 
mation  for  the  full  network  of  Omega  system  stations.  These  diagrams  were  devel¬ 
oped  for  the  10  2  khz  signal  coverage  for  two  extreme  local  temporal  conditions: 
local  summer  noon  and  local  winter  midnight.  In  these  diagrams,  the  usable 
signal  has..  (1)  SNR  >  -20  dB  (in  a  100  Hz  noise  bandwidth),,  and  (2)  phase 
deviation,  A<f>,  less  than  13  centicycles  (cec)  .  These  diagrams  were  not  vali¬ 
dated  as  the  required  empirical  data  were  not  readily  available  at  that  time. 


•See  Appendix  A. 

tA  short  path  is  the  shorter  of  the  two  great-circle  arcs  over  the  surface  of 
the  earth  joining  the  transmitting  station  and  receiver 


TABLE  2-1 

TIME-LINE  OF  PUBLISHED  COVERAGE  INFORMATION 


COVERAGE  ATTRIBUTES 

year 

DEVELOPED/ 

PUBLISHED 

FREQUENCY 

(Ml*) 

OMEGA 

STATION 

POVER* 

TIME 

EMPIRICAL 

VALIDATION 

DISPLAY 

MEDIUM 

RESEARCHERS 

1976 

10.2 

Full 

Two  Local  Tiae* 
of  Day 

None 

Hardcopy 

Bortt  et  al 
(Ref  3) 

1980 

" 

- 

Eight  Olobal 

Tiaea  of  Year 

Soate 

Gupta  et  al 

(Refs  A  through  10) 

1983 

■ 

Mlnlaiua  and 
Haxlaua  Coverage 
Contours 

Algoritha 

Gupta  and  Warren 
(Refs  11) 

1983 

" 

T vo  Local  Tiaea 

*• 

Hardcopy 

Swanson 

(Refa  12  and  13) 

1983 

•• 

•• 

Several  Global 
Tiaea  of  Year 

•• 

•• 

Swanson 

(Refa.  14  and  15) 

1985 

13  6 

" 

Eight  Global 

Tiaea  of  Year 

Substantial 

- 

Gupta  et  al 

(Refa  16  through  18) 

19«6 

10  2 
& 

13.6 

Full 

& 

Reduced 

■■ 

Nicro- 

coaputer 

Display 

Warren  et  al 
(Ref  19) 

*Fu 1 1  power  la  10  kW  radiated  power 


Further,  these  diagrams  have  had  limited  application  because  of  the  overly  con¬ 
servative*  A  <(>  criterion  and  unrealistic  illumination  conditions  employed 

In  1978,  advent  of  inexpensive  microprocessors  led  to  use  of  multiple-fre¬ 
quency  signals  in  position-fix  computations,  yielding  higher  accuracy  fixes  than 
were  possible  with  the  use  of  single-frequency  signal!.  This  development  pro¬ 
moted  use  of  the  Omega  receiver  as  an  inexpensive  alternative  to  the  inertial 
navigation  system  for  airborne  enroute  navigation.  As  a  consequence,  more  air¬ 
borne  users  began  using  Omega  and  thus  needed  signal  coverage  information  for  all 
hours  of  tht  day.  Although  it  would  have  been  highly  desirable  to  have  coverage 
information  for  each  hour  of  the  day,  the  cost  of  development  and  dissemination 
of  such  information  in  a  comprehensive  way  was  deemed  prohibitive  at  that  time 
In  response  to  Omega  user  needs,  ONSCEN  (then  known  as  ONSOD)  sponsored  develop¬ 
ment  of  global  time-specific  coverage  information,  for  eight  representative 
global  times  of  the  year,  for  10.2  kHz  (in  1979)  and  13.6  kHz  (in  1983)  by  Gupta 
et  al  (Refs.  4  through  10,  and  16  through  18).  This  information  was  developed 
for  the  more  realistic  phase  deviation  criterion  of  20  cec  (as  opposed  to  the 
13  cec  criterion  used  by  Bortz  et  al .  (Ref.  3)).  This  coverage  information  is 
currently  disseminated  by  ONSCEN  to  aid  Omega  users  in  selection  of  the  usable 
10.2  and  13.6  kHz  signals. 

In  the  Gupta  et  al.  diagrams  (individual  station  and  composite),  a  station 
signal  at  a  location/time  is  considered  usable  if  the  received  signal  simultane¬ 
ously  satisfies  both  the  SNR  and  A4>  criteria  given  in  Table  2-2  at  each  point 
along  a  minimum  length  radial  path  segment  through  the  point.  The  minimum  length 
was  chosen  to  be  one  megameter  (1000  km)  in  the  10.2  kHz  diagrams,  and  two 
megameters  in  the  13.6  kHz  diagrams.  In  addition,  a  station's  signals  are  con¬ 
sidered  unusable  near  the  station  antipodet,  because  the  path  azimuth  changes  too 
rapidly  near  the  antipode  and  thus  one  may  quickly  pass  from  short-path  to  long- 
path  conditions;  therefore,  a  region  of  one  megameter  surrounding  the  station 


•The  13  cec  A<(>  criterion  was  selected  because  this  corresponded  to  a  hyperbolic 
LOP  error  of  one  nautical  mile  (at  10.2  kHz)  on  the  baseline  (assuming  one  of 
the  LOP  station  has  no  phase  error).  in  the  later  diagrams,  a  less  con¬ 
servative  criterion  of  20  cec  is  used  which  correspond  to  just  under  1/4  cycle 
(2S  cec)  phase  error  which,  with  the  aid  of  a  p'nasor  diagram,  can  be  shown  to 
be  the  threshold  at  which  cycle  jumps  occur. 

tA  station  antipode  is  the  point  on  the  earth's  surface  diametrically  opposite 
the  station  location. 
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TABLE  2-2 

ATTRIBUTES  OF  GUPTA  et  al .  COVERAGE  DIAGRAMS 


COVERAGE  ATTRIBUTES 

DIAGRAMS  I 

PUBLICATION 
REFERENCESt  | 

SIGNAL 

FREQUENCY 

(UU) 

COVERAGE 

DIAGRAM 

USABLE  SIGNAL 
CRITERIA* 

TIMES 

DIAGRAM 

JOURNAL 

REPORT 

SNR**  > 

a  6  < 

10  2 

STATION  SIGNAL 
COVERAGE 

COMPOSITE  SIGNAL 
COVERAGE 

TV0 

CRITERIA 

-20  d« 

& 

•30  dB 

20  cec 

0600  *  1800  CNT 
IN  FEB  MAY 

AUC  &  NOV 

MERCATOR 

MERCATOR 
&  POLAR 

4,5 

A,  7 ,8,9 

STATION  NIGHTTIME 
MODAL  INTERFERENCE 

X 

20  cec 

WORLDWIDE 

NIGHTTIME 

CONDITIONS 

MERCATOR 

10 

6 

13.6 

STATION  SIGNAI 
C0VEAACE 

COMPOSITE  SIGNAL 
COVE RACE 

•20  dB 

20  cec 

0600  (.  1800  GMT 
IN  FEB.  HAY 

AUC.  &  NOV. 

MFRCATOR 

MERCATOR 

6  POLAR 

16,17 

IB 

STATION  NICHTTIME 
MODAL  INTERFERENCE 

X 

20  cec 

WORLDWIDE 

NICHTTIME 

CONDITIONS 

MERCATOR 

10 

6 

*Sifn«l  must  be  Mode  l*doain«ted 


tSee  references  st  the  end  of  paper 
**SNR  in  100  Hz  noise  bandwidth 


antipode  is  excluded  from  the  station  usable  signal  coverage  considerations. 
Because  Omega  signals  are  severely  modal  (i.e  ,  A<p  >  20  cec)  in  a  station  "near¬ 
field"  region  (which  was  assumed  to  extend  to  a  minimum  distance  of  500  km  from 
the  station  at  10.2  kHz,  and  1000  km  at  13.6  kHz),  A<j>  was  not  computed  but  was 
assumed  to  be  greater  than  20  cec  in  the  station  near-field  region.  Samples  of 
the  individual  station  and  composite  diagrams  are  shown  in  Figs.  2-1  and  2-2, 
respectively.  The  eight  coverage  times  (see  Table  2-2)  are  selected  to  maximize 


Figure  2-1  An  Example  of  an  Individual  Station  Coverage  diagram:-  Norway 

Station,,  13.6  kHz,  February  06000  GMT  (Ref.  18) 


VI13-5 


(a)  Mercator  Projection 


AZ  EGOIST 
(N  POLE) 
13.6  kHz 
-20  dB  SNR 
FEBRUARY 
0600  GMT 


|  ABC  j  U»obl*  S'flnoi* 

A.  0.  C 

m  3  U*oW«  Siqnon 


hiflh-COOP 


(b)  North  Pole-Centered  Azimuthal-Equal-Distance  (AED)  Projection 


Figure  2-2  Examples  of  Composite  Signal  Coverage  Prediction  Diagrams: 

13.6  kHz  Coverage  at  0600  GMT  in  February  (Ref,  18) 

the  shortest  distance  of  the  day/night  terminator  from  all  eight  Omega  stations 
at  all  eight  coverage  times;  the  shortest  station-to-terminator  distance  is 
700  km. 


Trs  addition  to  displaying  ths  Ojr.oga  systom  sign*!  cc",^r?g®,  compc>sit<? 
diagrams  (developed  by  Gupta  et  al . l  identify  regions  of  the  world  where  three  or 
more  usable  signals  are  simultaneously  available  at  a  given  time,  but  none  of 
these  signals  at  that  time  provide  a  3-station  hyperbolic  fix  with  a  geometric- 
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(c)  South  Pole-Centered  Azimuthal-Equal-Distance 


AZEQD6T 
(SPOLE) 
13.6  kHz 
-20  dB  SNR 
FEBRUARY 
0600  GMT 


( AfC  I  umM  5ign<w». 
- - -  A.  t.  C 


m  3  U»oW«  5i«noi» 


Migh-COOP 


(AED)  Projection 


Figure  2-2  Examples  of  Composite  Signal  Coverage  Prediction  Diagrams- 

13.8  kHz  Coverage  at  0600  GMT  in  February  (Ref  18)  (Continued) 


dilution-of-precision  (GDOP)  less  than  a  prescribed  threshold  value  A  threshold 
GDOP  value  of  one  kilometer  of  radial  position  9rror  per  centicycle  of  phase-dif¬ 
ference  error  (standard  deviation)  is  used  in  the  10.2  kHz  diagrams,  and  a  value 
one-half  as  large  is  used  in  the  13.8  kHz  diagrams.  Although  the  composite 
diagrams  serve  as  useful  purpose,  i.e.,  display  simultaneous  availability  of 
usable  signals  from  the  Omega  system  stations,  the  presentation  format  of  these 
diagrams  makes  their  use  somewhat  difficult,  especially  for  the  first-time  users. 

A  more  appealing  and  useful  presentation  format/medium  is  thus  highly  desirable, 
progress  in  presentation  techniques  have  recently  been  made  by  Swanson  (Rof.  15) 
and  by  warren  et  al .  (Ref.  19),,  as  discussed  later  in  this  section. 

The  individual  station  nighttime  modal  interference  prediction  diagrams,  de¬ 
veloped  by  Gupta  et  al .  (Refs.  6,  10  and  18),  identify  geographic  regions  of  the 
world  where  the  station  signals  at  a  given  frequency  are  predicted  to  be  "non-mo¬ 
dal"  (i.e.,  phase  deviation  A<f>  <.  20  cec)  for  assumed  worldwide  nighttime  illumi¬ 
nation  conditions.  Since  modal  effects  along  a  signal  path  generally  vary  with 
changing  illumination  condition  along  the  path  and  are  (usually)  most  severe  when 
the  path  has  "all-night”  illumination,  any  region  identified  to  be  non-modal  for 
the  nighttime  condition  is  likely  to  remain  non-modal  for  most  other  path  illumi¬ 
nation  conditions.  The  nighttime  modal  interference  diagrams  provide  useful 
guidance  for  deselection  of  modally-disturbed  signals  Individual  station  night¬ 
time  modal  interference  diagrams  for  10.2  and  13.6  kHz  signals  are  available  from 
ONSCEN.  An  example  of  the  combined  10.2  and  13,8  kHz  frequency  nighttime  modal 
interference  diagram  for  the  Liberia  station  is  shown  in  Fig.  2-3, 

The  signal  coverage  and  modal  interference  diagrams  developed  by  Gupta 
et  al .  have  been  validated  with  coverage  data  collected  under  the  ongoing  Omega 
Regional  Validation  Program  (Ref,  1).  In  addition,  these  diagrams  have  been 
validated  with  data  collected  by  the  worldwide  network  of  fixed  Omega  monitor 
sites  maintained  by  ONSCEN  (Ref.  2). 

The  coverage  diagrams,  though  not  fully  validated*  with  empirical  data,  have 
proven,  for  the  most  part,  to  be  quite  reliable.  They  provide  useful  and  reli¬ 
able  guidance  to  worldwide  Omega  users  in  selection  of  ncahie  signals,  thereby 
permitting  more  accurate  navigation  and  positioning  information.  The  utility  of 
these  diagrams  could  be  enhanced  by  considering:-  (l)  the  impact  of  long-path 
signals  on  the  usable  signalst  in  the  diagrams,  and  (2)  the  worldwide  accuracy 
that  the  Omega  system  is  capable  of  providing  through  optimal  processing  of  all 
usable  signals  available  from  the  Omega  system  stations  at  all  Omega  frequencies. 
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Figure  2-3  An  Example  of  a  Combined  10.2  and  13  8  kHz  Frequency  Nighttime 

Modal  Interference  Diagram:  Liberia  Station  (Ref.  10) 


In  view  of  the  general  availability  of  the  microprocessor-based  Omega  re¬ 
ceivers  and  the  potential  for  incorporating  the  Omega  coverage  information  in 
these  receivers  to  select  usable  signals,  Gunta  and  Warren  (Ref.  11),  in  1983,, 
published  a  simple  algorithm  for  incorporating  coverage  information  in  such  re¬ 
ceivers.  The  algorithm  provides  minimum  and  maximum  coverage  extremes  of  usable 
10  2  kHz  signals  from  individual  Omega  stations. 

The  coverage  extremes  of  a  station,  over  the  set  of  eight  global  times/ 
months  considered  here,  (Fig.  2-4)  are  determined  by  overlaying  the  eight  global- 
time-specific  coverage  contours  (from  Gupta  et  al .  diagrams,  Ref.  7)  of  the 
station  and  then  finding  the  inner  and  outer  coverage  extremes.  The  algorithm 
provides  range  and  bearing  coordinates  of  the  inner  and  outer  coverage  bounda¬ 
ries.  Because  of  the  very  limited  data  storage  requirements  of  the  algorithm,  it 
is  particularly  attractive  for  use  in  microprocessor-based  Omega  receivers 

In  1983,  Swanson  (Refs  12  and  13)  published  a  set  of  10.2  kHz  signal  cover¬ 
age  and  accuracy  diagrams  for  individual  Omega  stations  and  the  full  Omega  system 
for  "idealized-day"  and  night  conditions,  using  a  "parametric  approach"  This 
approach  uses  a  two-mode  (Modes  1  and  2)  parametric  model  for  signal  amplitude 
and  phase  deviation  predictions,  and  has  since  been  extended  to  provide  10.2  kHz 
coverage  predictions  at  fixed  global  times  (Refs  14  and  15).  This  method  is 
also  being  extended  to  provide  13.8  kHz  signal  coverage  predictions  The  para¬ 
metric  model  does  not  fully  characterize  the  nighttime,  transequatorial  propaga¬ 
tion  effects  along  westerly  paths,  as  predicted  by  the  full-wave  IPP  model 
(Ref.  20)  Furthermore  the  signal  phase  deviation  predictions  ignore  mode  con¬ 
version  effects  occurring  at  the  path- (day /night)  terminator  discontinuities 
along  mixed  paths,  which  are  included  in  the  Gupta  et  al .  coverage  information 
for  13  6  kHz.  Individual  station  signal  coverage  information  is  provided  at 
worldwide  (10  deg  by  10  deg  latitude-longitude)  grid  points  (Fig.  2-5)  where  the 
notation  on  each  grid  point  indicates  limitations  (if  any)  on  the  station  signal 
due  to  signal-to-noise  ratio,  modal  interference,  long-path  interference,,  and 
atipodal  effects.  The  individual  station  coverage  information  for  the  full  sys¬ 
tem  has  been  combined  with  the  expected  random  errors  in  the  signal  phase  meas- 
urementsl  to  develop  Omega  system  accuracy  diagrams.  The  position  fix  accuracy 
available  from  the  full  system  through  "optimum"  use  of  available  station  signals 
is  indicated  at  the  worldwide  latitude-longitude  grid  points.  An  example  of  a 
system  accuracy  diagram  of  this  type  is  shown  in  Fig.  2-6 


‘Especially  the  Australia  station  signal  coverage,  as  this  station  was  the  last 
station  to  join  the  system,  becoming  operational  in  August  1982. 

tThe  usable  signals  are  the  short-path  signals  satisfying  specified  usable 
signal  accoss  criteria. 

IBias  errors  are  ignored. 
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identification  of  inner  and 
Outer  SNR  Contours  from 
Eight  Global-Time-Specific 
SNR  Contours  of  a  Station 


(b)  Range-Boaring  Plot  of  Extreme 
SNR  and  MI  Contours  of  a  station 


An  Example  of  Extreme  SNR  and  MI  Contours  of  a  station  (Ref.  11) 
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°f  Swan?on's  (Parametric  Approach-Based)  Individual 
Station  Coverage  Diagrams :•  North  Dakota  at  0600  GMT  (Vernal 
Equinox)  (key:  Self-Interference;  M  =  Modal,  L  =  Long-Path 

Usabfe^SNB  !arFv?ld'  A  "  AntiP°dal-  -  “  Perturbed  but 
-Sabi®I  SNR;  (31ank)  =  SNR  >  0  dB  (in  100  Hz  Bandwidthi  n  „ 

-  4QC>dB)<(Ref ^lS)1  '  '10  4  SNH  <  -2°  dB-  etc-  *  =  SNRV 


Figure  2-0  An  Example  of  a  Swanson  (Parametric  Approach-Based)  Coverage 

Diagram  for  24-hour  System  Accuracy  at  10.2  kHz  (Numbers  Show 
Median  Accuracy  in  nautical  miles,  cep)  (Ref.  16) 


Swanson's  individual  station  coverage  diagrams  add  a  dimension  of  informa¬ 
tion  not  included  in  the  diagrams  published  by  Gupta  et  al .  .  as  Swanson  has 
incorporated  information  on  the  presence  of  (undesired)  strong-amplitude  long- 
path  signals  that  may  interfere  with,  or  dominate,  the  (desired)  short-path  sig¬ 
nals.  Although  a  number  of  individual  station  coverage  and  Omega  system  accuracy 
diagrams  have  been  published  by  Swanson  (Refs.  12  through  15)  for  10  2  kHz  sig¬ 
nals,  a  full  set  of  validated  diagrams  is  not  available  for  worldwide  coverages 
accuracy  guidance  at  10.2  kHz  for  all  global  times.  The  13.0  kHz  diagrams  are 
currently  being  developed  by  Swanson  (Ref.  15). 

The  spatial  and  temporal  complexities  of  system  coverage  make  it  difficult 
to  rapidly  assimilate  and  make  effective  use  of  the  extensive  information  con¬ 
tained  on  the  hardcopy  diagrams  for  side-by-side  comparisons,  or  to  perform 
"what-if”  analyses  of  non-standard  conditions  so  as  to  assess  mission  planning 
alternatives.  This  has  led  to  development  of  a  microcomputer  display  medium  for 
signal  coverage  information.  This  software  tool,  developed  by  Warren  et  al..  . 
(Ref.  19)  is  called  omega  automated  Composite  Coverage  Evaluator  of  System  Sig¬ 
nals  (Omega  ACCESS)) .  An  overview  of  Omega  ACCESS  is  given  in  Fig.  2-7.  Omega 
ACCESS  displays  coverage  data  in  several  world  map  projections  (Mercator,  polar,, 
station-centered  Azimuthal-Equal-Distance  (AED) ,  station-antipode-centered  AED, 
etc.),  and  allows  the  user/analyst  to  answer  a  wide  varietj  of  "what-if”  coverage 
questions  related  to  changing  propagation  scenario/conditions.  A  significant 
feature  of  Omega  ACCESS  is  the  easy  update  of  coverage  information  to  incorporate 
new  findings  from  ONSCEN's  ongoing  Omega  Regional  validation  Program,  and  to 
reflect  any  future  changes  in  the  system  configuration/operation.  This  will 
allow  faster  turnaround  and  distribution  of  the  latest  coverage  information  to 
the  user  community. 

The  current  coverage  data  base  incorporated  in  Omega  ACCESS  is  the  same  as 
was  used  by  Gupta  et  al .  to  develop  the  10  2  and  13.0  kHz  signal  coverage  dia¬ 
grams  (Refs.  4  through  10,  and  16  through  18)  except  for  some  minor  adjustments. 
These  adjustments  were  applied  to  10.2  kHz  signal  coverage  contours  in  the  South 
Atlantic  region  to  reflect  recent  validation  program  results  in  the  region.  in 
addition  to  nominal  (10  kW)  station  radiated  power  coverage  data,  Omega  ACCESS 
provides  coverage  information  for  reduced  station  power  conditions.  Specifi¬ 
cally,  coverage  diagrams  are  provided  for:-  (1)  a  0  dB  reduction  (from  the 
nominal)  in  the  radiated  power  level  of  each  Omoga  station  excepting  the  Japan 
station,  and  (2)  2,  4,  6,  8  and  10  dB  reductions  in  the  Japan  station  radiated 
power  level. 
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"CLASSICAL"  SIGNAL  COVERAGE  DIAQRAV 


Figure  2-7  Overview  of  Omega  ACCESS  (Ref.  19) 


3.  OMEGA  SIGNAL  COVERAGE  ASSESSMENT 

This  section  presents  general  characteristics  of  individual  station  signal 
coverage,  and  provides  an  assessment  of  composite  (full  system)  coverage,  based 
on  the  Gupta  et  al .  coverage  information. 


3.1  INDIVIDUAL  STATION  SIGNAL  COVERAGE  CHARACTERISTICS 

Examination  of  the  individual  station  signal  coverage  information  reveals 
that : 

•  Usable  signal  coverage  of  a  station  extends  to  shorter  distances  along  a 
day  path  than  along  a  night  path  due  to  the  higher  signal  attenuation 
rate  along  the  path  during  day 

•  Due  to  geomagnetic  field  effects,  usable  signal  coverage  of  a  station 
generally  extends  to: 

longer  distances  in  the  easterly  direction 

shorter  distances  in  the  westerly  direction 

moderate  distances  in  the  northerly/southerly  direction 

•  Usable  signal  coverage  does  not  extend  to  large  distances  in  Greenland/ 
Antarctica  due  to  extremely  high  signal  attenuation  rate  (especially 
under  daytime  conditions)  caused  by  the  very  low  ground  conductivity  of 
these  regions 

•  13.8  kHz  SNR  coverage  contours  extend  significantly  farther  from  the 
signal  station  than  the  10.2  kHz  SNR  coverage  contours,  due  to  a  lower 
attenuation  rate  at  13.8  kHz 

•  The  largest  region(s)  with  severe  phase  deviations  (i.o.,  severe  modal 
interference  effects)  are  associated  with  stations  located  closest  to 
the  geomagnetic  equator,  such  as  the  Liberia  and  Argentina  stations 

•  Modal  interference  at  a  13.6  kHz  is  generally  more  extensive  (spatially) 
than  at  10.2  kHz 

•  Nighttime  modal  interference  regions  extend  to  the  south  and  west  beyond 
the  geomagnetic  equator  for  northern  hemisphere  stations  and  to  the 
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north  and  west  beyond  the  geomagnetic  equator  for  southern  hemisphere 
stations . 


3.2  COMPOSITE  COVERAGE  ASSESSMENT 

Based  on  a  study  of  the  composite  coverage  information,  the  Omega  system 
coverage,  at  each  Omega  navigation  frequency,  for  moderate  performance  (i.e..  -20. 
dB  SNR  detection  threshold)  receivers  is  almost  worldwide;  i.e.,, 

•  over  92%  of  the  earth's  surface  has  usable  signals  most  of  the  time  from 
at  least  three  stations  with  good  position-fix  geometry 

•  Over  80%  of  the  earth's  surface  has  usable  signals  most  of  the  time  from 
at  least  four  stations  with  good  position-fix  geometry. 

For  high  performance  (i.e..  -30  dB  SNR  detection.threshold)  receivers,  the  amount 
of  coverage  increases  to  98%  for  3  or  more  usable  signals,  and  92%  for  4  or  more 
usable  signals. 

Although  the  percentage  of  the  earth's  surface  covered  is  similar  at  each 
frequency,  specific  geographic  regions  covered  vary.  Also,,  there  are  several 
areas  of  the  world  where  the  coverage  is  either  marginal  (i.e.,  coverage  exists 
for  only  part  of  the  day)  or  is  inadequate.  Some  of  these  areas  are;,  the 
well-known  "Winnipeg  hole"  (in  central  Canada),  and  certain  regions  near  the 
geomagnetic  equator  and  in  the  general  coastal  regions  surrounding  Greenland  and 
Antarctica.  These  as  well  as  other  areas  are  predicted  in  the  coverage  diagrams 
provided  by  Gupta  et  al .  (Refs.  4  through  6,  8,  10,  and  18). 

Also  note  that  although  the  coverage  information  is  strictly  valid  for  only 
the  stated  times  (0800  and  1800  GMT  in  the  months  of  February,  May,  August,  and 
November),  in  the  lower-  and  middle-latitude  regions  of  the  world  the  coverage 
can  be  more  reliably  interpolated  between  the  stated  months  at  the  same  GMT  than 
between  tho  stated  GMTs  of  the  same  month.  This  is  due  to  the  fact  that  within 
these  regions,  the  solar  illumination  changes  much  less  over  three  months  at  a 
given  GMT  than  over  a  12-hr  interval  in  a  given  month.  Coverage  data  at  addi¬ 
tional  times  of  the  day  are  required  to  allow  reliable  interpolation  to  other 
times  of  the  day. 


4.  OMEGA  SYSTEM  AVAILABILITY  ASSESSMENT 

Omega  system  "availability"  (i.e  ,  fraction  of  the  earth's  surface  over 
which  usable  signals  are  available  from  the  full  system  multiplied  by  the  frac¬ 
tion  of  the  year  during  which  the  stations  are  on-air)  is  a  function  of  user 
navigation  mode  (hyperbolic  or  rho-rho),  spatial  availability  (spatial  coverage) 
of  the  system,  and  temporal  availability  (station  on-air  time  statistics)  of  the 
Omega  transmitting  stations.  Gupta  (Ref.  21)  conducted  an  extensive  investiga¬ 
tion  of  the  system  availability  at  10.2  kHz.  His  findings,  based  on  the  avail¬ 
able  system  coverage  information  at  the  eight  times  of  the  year  and  station 
on-air  statistics  for  1979  and  1980  (Refs.  22  and  23),  suggest  that  the  Omega 
system  availability  for  moderate*  performance  receivers  at  10.2  kHz  is  about' 

•  90%  for  hyperbolic  navigation 

•  95%  for  rho-rho  navigation. 

Based  on  the  coverage  assessments  by  Gupta  et  al .  (Refs.  4  and  9),  the  Omega 
system  availability  for  the  high*  performance  receivers  at  10.2  kHz  is  piojected 
to  be  about  95%  for  hyperbolic  navigation  and  about  98%  for  rho-rho  navigation. 
Since  the  system  coverage  does  not  differ  significantly  from  one  omega  frequency 
to  other,  similar  system  availability  is  expected  at  all  Omega  signal  frequen¬ 
cies  . 


5  SUMMARY  AND  CONCLUSIONS 

The  Omega  Navigation  System  is  the  only  long-range  radionavigation  system 
which  provides  a  continuous  position  fix  capability  throughout  the  world  to  air- 


•Moderate  and  high  performance  receivers  are  assumed  to  ha  re  the  SNR  detection 
threshold  of  -20  dB  and  -30  dB,  respectively,,  in  a  100  Hz  noise  bandwidth. 


t*w,«  "fi't-l.'- 


: 

1 


VI!  3*12 


borne,  marine  and  terrestrial  users,  until  the  U.S.  NAVSTAR/Global  Positioning 
o4  em  becomes  fully  operational.  The  Omega  system  is  expected  to  support  world¬ 
wide  navigation  requirements  into  the  next  century. 

Omega  signal  coverage  is  spatially  and  temporally  complex,  thereby  providing 
the  requirement  for  signal  coverage  diagrams  to  support  mission  planning,  etc.  by 
Omega  users.  Omega  system  coverage  is  a  function  of  the  system  navigational 
signal  frequency,  time  (GMT  and  month),  receiver  signal-to-noise  ratio  detection 
threshold,  modal  interference  rejection  threshold,  short-path  and  long-path  sig¬ 
nal  interference  rejection  threshold,  antipodal  interference  criterion,  and  ge¬ 
ometry  between  fix-signal  stations  and  user  The  system  coverage  is  almost 
worldwide,  although  there  are  several  navigational ly-important  areas  of  the  world 
(e.g  ,  the  Winnipeg  hole  in  central  Canada)  where  Omega  coverage  is  inadequate 
and  assistance  from  other  navigational  aids  (such  as  a  dead  reckoning  system)  is 
required  to  navigate  in  these  areas. 

Significant  improvements  have  been  made  over  the  past  decade  in  both  the 
Omega  receiver  technology  and  Omega  coverage  accuracy/information-content/presen- 
tation.  With  the  advent  of  inexpensive  microprocessors,  receivers  can  now  select 
all  of  the  available  usable  signals,  and  compute  position  fixes  using  very  so¬ 
phisticated  signal  phase  prediction  models.  The  fixes  achieved  by  these  receiv¬ 
ers  are  computed  by  a  "near-optimal"  combination  of  all  available  usable  signals 
from  all  Omega  stations  at  all  Omega  frequencies  Such  multiple-frequency  fixes 
have  much  higher  accuracy  than  that  is  possible  with  the  single-frequency  receiv¬ 
ers.  Advancement  in  the  area  of  coverage  presentation  is  evidence  in  Omega 
ACCESS  (a  microcompu  ,r  display  medium)  developed  by  Warren  et  al.  (Ref  19)  . 
Omega  ACCESS  displays  coverage  information  in  a  number  of  useful  and  user- 
friendly  formats,  and  allows  the  user/analyst  to  answer  a  wide  variety  of  "what- 
if"  questions  on  coverage  as  related  to  changing  propagation  scenario/conditions 

In  the  near  future,  it  will  be  highly  desirable  to  have  a  validated  data 
base  of  Omega  coverage /accuracy  information  as  a  function  of  time  (e.g. ,  for  each 
of  24  GMTs  of  the  day  during  four  representative  months  of  the  year)  that  can  be 
conveniently  displayed  (and  used  for  analysis)  on  a  microcomputer.  The  Omega 
Navigation  system  Center  is  currently  developing  such  a  coverage  information  data 
base  and  will  be  disseminating  this  data  base  to  Omega  users. 


APPENDIX  A  OMEGA  SIGNAL  PROPAGATION  MECHANISM 

Omega  signals  propagate  in  the  space  between  the  earth's  surface  and  the 
upper  limit  of  the  ionospheric  D-region,  referred  to  as  the  "earth-ionosphere" 
waveguide.  Signal  propagation  along  a  path  (see  Fig.  A-l)  is  conveniently  de¬ 
scribed  as  a  sum  of  the  "characteristic  modes"  of  the  waveguide  formed  along  the 
path.  The  locally-varying  electromagnetic  properties  (ground  conductivity,  solar 
illumination,  geomagnetic  field,  and  direction)  of  the  path  determine  the  propa¬ 
gation  characteristics  (i.e.,  amplitude  and  phase)  of  the  component  modes  of  the 
signal  and  hence  the  resultant  signal.  Individual  mode  characteristics  are  de¬ 
termined  by  attenuation  rate,  phase  velocity  and  excitation  factor  (amplitude  and 
phase)  of  the  mode  signal. 


(a)  waveguide  Side  view  (b)  Waveguide  Top  view 


Figure  A-l 


A  Path-Waveguide  Geometry 
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Normally,  an  Omega  station  signal  outside  the  station  "near-field"  region* 
can  be  approximated  by  the  signal's  dominant  mode,  usually  "Mode  l";-  that  is,  the 
presence  of  higher-order  modes  in  the  signal  can  be  effectively  ignored.  Mode  1 
is  the  lowest  phase-velocity  transverse-magnetic  mode,  and  usually  has  the  small¬ 
est  attenuation  rate.  The  phase  of  a  Mode  1  signal  (and  hence  the  phase  of  a 
Mode  1-dominated  signal)  varies  almost  linearly  with  distance  from  a  station 

In  a  station  near-field  region,  as  well  as  along  nighttime  paths  at  certain 
azimuths  from  a  station  (especially  those  closest  to  the  geomagnetic  equator), 
Mode  1  often  fails  to  be  the  dominant  signal  mode.  This  lack  of  Mode  1  dominance 
in  a  signal  is  termed  modal  interference .  and  the  resulting  "modally-disturbed" 
signal  is  composed  of  several  competing  modes  which  may  alternately  dominate  on 
different  segments  of  the  path.  In  this  case,,  due  to  differing  phase  velocities 
of  the  signal's  component  modes,  the  amplitude  and  phase  of  the  total  (multimode) 
signal  exhibit  oscillatory  behavior  with  distance.  Alternatively,  the  modally- 
disturbed  signal  may  be  dominated  by  a  single,  higher-order  mode  (e.g.,.  "Mode  2") 
whose  linearly-varying  phase  vs  distance  relationship  is  usually  significantly 
different  from  that  of  the  Mode  1  relationship  (embodied  in  Omega  navigation 
algorithms) . 

Modal  interference  at  a  path  point  is  characterized  as  "spatial”  or  "tempo¬ 
ral",  depending  upon  the  solar  illumination  condition  along  the  path  between  the 
station  and  the  point.  Modal  interference  during  day  or  night  path  conditions  is 
classified  as  snatial  interference  if  the  magnitude  of  the  interference  at  each 
path  point  is  neai ly  constant  in  time  (and  thus  depends  only  on  spatial  coordi¬ 
nates).  If  the  path  has  a  mixed  illumination  condition  (i.e.,  a  day/night  termi¬ 
nator  crosses  the  path) ,  the  interference  is  referred  to  as  temporal 
interference.  The  magnitude  of  temporal  interference  at  a  path  point  generally 
varies  in  response  to  the  movement  of  the  terminator  along  the  path 


A . 1  SPATIAL  MODAL  INTERFERENCE 

Signal  phase  deviations  arising  from  spatial  interference  are  generally 
larger  in  magnitude  and  persist  to  longer  distances  alo’-'g  a  signal  path  during 
night  than  during  day.  This  can  be  seen  by  comparing  theoretically-predicted 
behaviors,  shown  in  Figs.  A-2(a)  and  A-2(b),t  of  13.6  kHz  signals  along  the 
northerly-directed,  day  and  night  radial  paths  from  the  Liberia  station.  Fur¬ 
thermore,  modal  effects  are  usually  more  severe  in  magnitude  and  spatial  extent 
for  nighttime  paths  emanating  from  transmitting  stations  located  at  low  geomag¬ 
netic  latitudes.  Figure  A-3  shows  an  example  of  theoretically-predicted  spatial 
interference  effects  along  a  nighttime  radial  path  from  the  Hawaii  station,  where 
"severe"  modal  effects  persist  along  the  entire  length  of  the  radial  path.  In 
this  example,  Mode  3  is  dominant  out  to  about  3500  km;,  beyond  this  point,  Mode  2 
is  the  dominant  mode  of  the  signal. 


A. 2  TEMPORAL  MODAL  INTERFERENCE 

Temporal  modal  interference  arises  from  "mode  conversion"  at  the  day/night 
terminator  crossing  (discontinuity)  along  a  mixed  path  (Fig.  A-4)  which  is  sub¬ 
ject  to  the  "usual"  spatial  interference  when  fully  dark.  Due  to  mode  conver¬ 
sion,  the  energy  of  each  incident  mode  at  the  path-terminator  crossing  is 
converted,  or  distributed,  into  several  transmitted  modes  (reflected  modes  are 
assumed  to  be  negligible).  These  transmitted  modes  propagate  beyond  the  termina¬ 
tor.  Thus,  because  of  mode  conversion,  an  Omega  station  signal  with  a  single 
dominant  mode  propagating  toward  a  terminator  can  exhibit  significant  modal  in¬ 
terference  effects  (i  e.  ,  presence  of  several  competing  modes)  in  the  vicinity 
of,,  and  beyond,  the  terminator  (along  the  path). 

The  impact  of  mode  conversion  in  a  propagating  signal  can  be  seen  in 
Fig.  A-5,  which  depicts  theoretical  behavior  of  ?3.0  kHz  signal  amplitude  and 
phase  along  the  mixed  path  (at  0600  GMT  in  May)  emanating  at  240  deg  from  the 
Norway  station;  the  signal  behavior  was  obtained  using  the  theoretical  models 
(Refs.  20  and  24)  described  in  Appendix  B.  In  this  illustration,  the  day/night 


»A  station  near-field  region  typically  extends  from  the  station  outward  to 
distances  of  500-1000  km  along  day  paths,  and  1000-2000  km  along  night  paths. 

tThe  day  in  Fig.  A-2(a)  and  night  signal  in  Fig.  A-2(b)  are,  respectively, 
assumed  to  be  composed  of  the  first  three  (for  the  day  signal)  and  the  first 
five  (for  the  night  signal)  lowest  phase-velocity  modes  excited  in  the  earth- 
ionosphere  waveguide  modeling  and  signal  path 
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A  tcio 


(a)  Day  Path 


(b)  Night  Path 


Figure  A-2  Examples  of  Theoretical  Multimode  Signal  propagation  along 
Day  and  Night  Paths  (Ref.  20) 

terminator  along  the  path  is  approximately  2.4  megameters  from  the  station,  and 
the  signal  is  assumed  to  be  composed  of  Modes  1,  2,  and  3  along  the  entire  mix 
nat.h  As  oxnected,  the  t r?nsmitter-excited  signal  along  the  day-segment  of  the 
mixed  path  is  a  predominantly  Mode  1  signal.  Because  of  the  mode  conversion  at 
the  path-terminator  crossing,  the  signal  beyond  S  megameters  from  the  terminator 
is  no  longer  a  Mode  1-dominated  signal.  Beyond  this  distance,  the  signal  is 
modally-disturbed  and  is  dominated  by  either  Mode  2  or  Mode  3 
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Figure  A-3 


An  Example  of  Theoretically-predicted  Severe  Spatial 
Modal  Interference  along  a  Nighttime  Path  (Ref  20) 


-IONOSPHERE  BOUNDARY  - 


- 

mode  i  - 

— r~ — ~H<g;  mode  i 


TERMINATOR 

DISCONTINUITY 


j  | MODE  2 

- - i - r~. — ► 

INCIDENT  |  J 

MODES  /MODE  K 


IT3 

!> 

£ 


TRANSMITTER 


+~v 


MODE  2 


MODE  K 


j4 — : 

1  ht-TRANSMITTED  MODES 

'  / 

^  ^ 


EARTH'S  SURFACE 


-P\- 


Figure  A-4  A  Mixed-Path  Earth-Ionosphere  Waveguide 


APPENDIX  B  OMEGA  SIGNAL  COVERAGE  PREDICTION  MODELS 

Prediction  models  are  needed  to  develop  Omega  signal  coverage  inrormation. 
These  models  must  compute  amplitude  and  phase  deviation  of  the  omega  signals,  and 
atmospheric  noise  amplitudes  as  functions  of  (geographic)  location,  frequency, 
and  time  An  overview  of  the  prediction  models  used  by  Gupta  et  al.  (Refs.  4 
through  10,  and  16  through  18)  to  generate  the  global-time-specific  coverage 
information  (disseminated  by  the  Omega  Navigation  System  Center)  is  provided  in 
this  appendix. 


Figure  A-5  An  Example  of  Tneoretical ly-Predioted  Mode  Conversion  Effects 

Along  a  Mixed  Path  (Refs.  20  and  24) 


B.l  SIGNAL  AMPLITUDE  AND  PHASE  DEVIATION  PREDICTION  MODELS 

Of  the  available  very  low  frequency  (VLF)  signal  prediction  models,  the  mode 
conversion-theory  based  model,  FASTMC  (Ref.  24),  is  the  most  accurate  for  pre¬ 
dicting  signal  behavior  along  arbitrarily-illuminated  paths.  This  model  is  an 
excellent  research  tool,  but  not  very  useful  for  production  work  (such  as  re¬ 
quired  for  developing  worldwide  coverage  information)  because  of  computational 
cost.  The  most  commonly-exercised  VLF  signal  prediction  model  is  the  theoretical 
IPP  model  (Ref.  20)  which  uses  a  WKB-type  path  averaging,  rather  than  the  mode 
conversion  approach  of  FASTMC,,  for  determining  signal  behavior  along  paths  with 
gradually-varying  properties,  as  a  consequence,-  IPP  is  applicable  to  either  day 
or  night  paths.  Thus  IPP,  supplemented  with  a  diurnal  sub-model  and  a  mode 
conversion  model  as  described  below,  was  used  to  compute  the  signal  amplitude  and 
signal  phase  deviation,;  respectively. 


B.l.l  Signal  Amplitude  Prediction  Model 

A  semi-empirical  model  was  used  to  compute  signal  amplitude,  which  combines 
the  theoretical  IPP  model-provided  Mode  1  spatial  sub-models*  for  day  and  night 
paths  with  an  empirically-derived  sub-model  for  transition  illumination.  The 
unknown  coefficients  in  the  spatial  sub-models  were  determined  from  the  ipp-de- 
rived  signal  amplitude  data  for  day  and  night  paths.  The  resulting  semi-empiri- 
cal  model  (described  in  Ref.  25)  has  been  reported  to  provide  accurate  and 
efficient  predictions  oi  signal  ampl’tude  along  arbitrary  illuminated  signal 
paths  whenever  Mode  1  remains  the  dominant  mode  of  the  signal  propagating  along 
the  entire  path 


x>  *Sub-models  are  simple  mathematical  functions  approximating  the  attenuating 

*  rate  and  excitation-factor  amplitude  of  the  Mode  1  signal;  they  are  functions 

’?  of  the  signal  path’s  geophysical  properties  such  as  ground  conductivity, 

I  geomagnetic  latitude,  angle  between  the  geomagnetic  field  and  the  path,;  and 

5  day  or  night  illumination  condition. 
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B.1.2  Signal  Phase  Deviation  Prediction  Models 

A  numerical  model  approximating  the  IPP-predicted  multimode  signal  phase 
behavior  was  used  for  predicting  the  modal  interference-induced  phase  deviations 
in  both  10.2  and  13.8  kHz  signals  along  day  and  night  paths.  For  mixed  paths 
(where  IPP  is  not  applicable)  different  models  were  used  for  the  two  frequencies. 
The  10.2  kHz  phase  deviation  information  (developed  five  years  before  the 
13.8  kHz  phase  <niormatio:.)  was  generated  using  a  semi-empirical  algorithm  based 
on  observed  phase  deviations  in  10.2  kHz  signals  form  the  Liberia  and  Argentina 
stations.  The  observations  indicated  that  severe  “nighttime-type"  modal  inter¬ 
ference  effects  did  not  generally  occur  on  mixed  paths  which  are  more  than  two- 
thirds  in  daytime.  Exceptions  have  been  noted,  of  course,  but  these  observations 
provided  the  basis  for  the  semi-empirical  algorithm  used  for  estimating  the  phase 
deviations  in  the  10.2  kHz  signals  along  mixed  paths.  The  algorithm  first  notes 
whether  the  mixed-path  coverage  prediction  point  in  question  is  subjected  to 
excessive  modal  interference  effects  (i.e.,  A<(>  >  20  cec)  when  the  entire  predic¬ 
tion  path  is  assumed  to  be  under  the  nighttime  illumination  condition.  If  the 
nighttime  interference  effects  are  estimated  to  be  excessive  at  the  prediction 
point,  and  if  the  nighttime  portion  of  the  path  is  more  than  one-third  of  the 
total  path  length,  the  prediction  point  is  assumed  to  have  excessive  mixed-path 
modal  interference  effects,  Otherwise,  the  prediction  point  is  considered  to  be 
non-modal  (i.e.  ,,  A  4>  <.  20  cec)  , 

in  developing  the  13.6  kHz  phase  deviation  information,  a  more  robust  theo¬ 
retical  approach  was  used  for  predicting  phase  deviations  along  mixed  paths  The 
approach  combined  the  multimode  signal  amplitude  and  phase  behaviors  along  the 
daytime  and  nighttime  segments  of  a  mixed  path  (determined  using  the  theoretical 
IPP  model,  Ref  20)  with  the  mode  conversion  effects  (obtained  using  the  mode 
conversion  routine  of  the  theoretical  FASTMC  model,  Ref.  24)  to  account  fo.  the 
exchange  of  mode  energy  at  the  path-terminator  discontinuity  along  the  mixed  path 
(see  Fig.  A-5) .  A  description  of  the  resulting  phase  deviation  prediction  algo¬ 
rithm  is  given  in  Ref.  26. 


B.2  ATMOSPHERIC  NOISE  AMPLITUDE  PREDICTION  MODEL 

Electromagnetic  atmospheric  noise  in  the  VLF  band  is  generated  mainly  by 
lightning  discharges  associated  with  thunderstorms.  The  amplitude  of  this  noise 
field  at  any  particular  receiver  location  on  the  earth's  surface  is  a  combination 
of  electromagnetic  fields  radiated  by  thunderstorms  worldwide.  The  best-known 
noise  amplitude  prediction  model  is  the  modal  described  in  CCIR  Report  322 
(Ref.  27),  in  which  global  noise  measurement  data  are  fit  with  smooth  curves  as 
functions  of  geographic  latitude  and  longitude,  time  of  day,  season  of  the  year, 
and  frequency.  Another  approach  to  the  problem  of  VLF  noise  field  predictions 
has  been  carried  out  by  Maxwell  (Ref.  28),  and  modified  by  the  U.S.  Naval  Re¬ 
search  Laboratory.  This  modified  model  is  believed  to  present  an  improvement 
over  the  CCIR  model  and  was  used  to  generate  noise  amplitudes.  The  computer 
program  implementation  of  the  modified  model  is  given  in  Ref.  29. 
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ABSTRACT 

A  description  of  Omega/VLF  signal  propagation  is  given.  Particular  emphasis 
is  given  to  "non-standard”  signal  propagation  scenarios  including  propagation 
over  regions  of  low  ground  conductivity,  signal  spreading  and  converging,  antipo¬ 
dal  effects  and  long-path  reception,  modal  interference  (including  fast  termina¬ 
tor  transit  and  off-path  effects),  and  temporal  anomalies  (SIDs,  PCAs,  and 
magnetic  storms).  These  elements  of  signal  behavior  are  described  qualitatively 
to  aid  in  understanding  the  basis  for  signal  selection  algorithms  employed  in 
conventional  Omega/VLF  receiving  systems.  Equipped  with  this  knowledge,  the  user 
may  invoke  manual  deselection  procedures  when  the  receiver  is  suspected  of  proc¬ 
essing  an  undesirable  signal,,  i.e.,  one  likely  to  produce  significant  naviga¬ 
tional  error.  As  further  guidance,  a  table  of  recommended  signal  deselections  is 
given  for  approximately  80  geographic  locations  around  the  earth  Signals  are 
recommended  for  deselection  on  the  basis  of  modal  interference,  long-path  recep¬ 
tion,  and  solar  proton  activity. 

1.  INTRODUCTION 

The  Omega  Navigation  System  is  a  worldwide,  all-weather,  medium  accuracy, 
very  low  frequency  (VLF)  radionavigation  system  transmitting  formatted  CW  signals 
at  10.2,  11.05,  11.33  and  13.6  kHz  from  the  eight  transmitting  stations  located 
in  seven  nations.  Besides  navigation/positioning,  the  signals  are  used  for  tim¬ 
ing  and  frequency  control.  A  variety  of  Omega  navigation  receivers  are  avail¬ 
able,  ranging  from  simple  units  to  very  sophisticated  systems  integrated  with 
other  types  of  navigation  equipment. 

The  Omega  system  user  is  usually  only  aware  of  the  performance  of  the  net¬ 
work  of  transmitting  stations  through  the  performance  of  his  receiver.  Thus,  if 
the  receiver  malfunctions  or  suffers  from  poor  design,  it  is  frequently  said  that 
"Omega"  has  failed.  Since  user  receiver  interaction  is  important  to  the  effective 
use  of  Omega,,  it  is  essential  to  acquaint  the  user  with  some  basic  character¬ 
istics  of  Omega  signal  propagation.  Many  of  the  peculiarities/irregularities  of 
Omega  signal  behavior  can  be  programmed  into  microprocessor-based  receivers  and 
thus  be  made  transparent  to  the  user.  However,  a  surprising  number  of  signal 
propagation  characteristics  are  not  or  cannot  be  readily  pre-programmed,  in  such 
cases,  an  informed  user  will  be  able  to  make  the  wisest  decision  regarding  selec¬ 
tion  or  deselection  of  signals. 

The  objective  of  this  paper  is  to  describe  the  basic  characteristics  of  both 
normal  and  anomalous  Omega  signals  as  received  in  different  parts  of  the  world  at 
various  times  of  day.  In  Section  2,  we  briefly  discuss  the  basic  features  of 
Omega  signal  propagation.  The  less  common  characteristics  of  Omega  signal  propa¬ 
gation  are  described  in  detail,  including:  propagation  over  low  ground-conduc¬ 
tivity  regions,  signal  spreading  and  focusing,  long-path  reception,,  modal 
interference,  and  temporal  anomalies. 

Section  3  contains  a  table  of  expected  omega  station  signal  deselections  at 
about  80  geographical  sites  throughout  the  world.  Rather  than  list  "preferred" 
station  signals  or  attempt  to  rank  signal  preference,  we  present  the  table  as  a 
deselection  guide.  The  reason  for  this  "negative"  listing  is  that  most  cur- 
rently-aviilable  receivers  treat  "normal"  signals  in  the  proper  way  -  weighting 
the  received  signal  phases  by  the  respective  signal-to-noise  ratios  and  combining 
the  signal  phases  from  the  stations  having  the  best  station-to-user  geometry. 
However,  abnormal  signal  behavior  is  not  always  detected  or  well -predicted  by 
algorithms  found  in  currently  available  receivers,  and  the  presence  of  such 
undetected  signals  may  have  disastrous  consequences  for  navigation/position-fix- 
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ing.  Thus,  a  deselection  guide  is  useful  for  reducing  the  incidence  of  calami¬ 
tous  errors  rather  than  making  marginal  improvements  to  reasonable  navigation 
accuracy. 


2.  SIGNAL  PROPAGATION  CHARACTERISTICS 


2  1  Propagation  of  vlf  waves  Under  Idealized  Conditions 

VLF  electromagnetic  waves  are  propagated  to  long  distai ces  (5000  to  more 
than  20,000  kilometers)  in  the  space  between  the  earth  and  the  .io-called  D-  and 
E-  regions  of  the  ionosphere,  called  the  "earth-ionosphere"  waveguide.  The  long 
signal  range  is  due  to  the  generally  low  attenuation  (loss)  of  the  "guided"  wave. 
The  wave  suffers  little  attenuation  for  three  principal  reasons:- 

a)  The  lower  boundary  (i.e.,  the  earth's  surface)  of  the  waveguide  has 
generally  high  conductivity  (>10-3  mho/m)  and,  thus,,  waves  do  not  eas¬ 
ily  penetrate  the  earth's  surface. 

b)  The  eaith's  atmosphere  (below  the  D-region)  has  extremely  low  conductiv¬ 
ity  and  is  effectively  represented  by  a  vacuum. 

c)  The  D-  and  E-regions  of  the  ionosphere  (80-150  km)  have  low  average 
conductivity  (~10-5  mho/m)  but  have  a  steep  conductivity  gradient  be¬ 
tween  70  and  100  km,  which  effectively  reflect  VLF  waves. 

The  earth's  magnetic  field,  acting  upon  ions  in  the  D-  and  E-regions,  makes  the 
ionosphere  a  magnetized  plasma.  This  introduces  anisotropy .  i.e.,  the  properties 
of  a  wave  interacting  with  the  ionospheric  plasma  which  differ  markedly  depending 
on  the  direction  of  propagation  with  respect  to  the  geomagnetic  field.  Because 
of  this  anisotropy,  a  wave  travelling  from  east  to  west  will  give  up  a  large 
fraction  of  its  energy  to  electrons  and  ions  in  the  ionosphere  (east-west  ef¬ 
fect);  much  less  energy  is  lost  to  the  ionospheric  constituents  in  traveling  from 
west  to  east. 

The  ionic  structure  of  the  ionosphere  is  quite  sensitive  to  the  net  solar 
illumination  incident  upon  it.  During  the  day,  solar  photoionization  maintains  a 
small  but  stable  ionized  component  between  70  and  80  km.  At  night,  the  absence 
of  solar  radiation  and  the  high  collision  frequency  between  ions  and  neutral 
molecules  cause  the  D-region  to  disappear  almost  entirely  so  that  VLF  waves  are 
effectively  reflected  from  the  bottom  of  the  E-layer  (80-90  km). 

This  difference  in  ionospheric  structure  leads  to  differences  in  day  and 
night  propagation  of  waves  between  the  earth  and  ionosphere  boundaries.  Since 
these  boundaries  are  separated  farther  ut  night,  a  wave  making  oblique  reflec¬ 
tions  from  the  earth  and  ionosphere  wil1  interact  less  with  the  night  ionosphere 
than  with  the  day  ionosphere  for  the  same  lateral  distance  over  the  earth's 
surface.  Thus,,  one  would  expect  lower  wave  attenuation  at  night  which  is,  in 
fact,  observed. 

Lower  wave  attenuation  is,  of  course,  a  desirable  feature,  but  a  wider 
"waveguide"  (the  region  between  the  earth  and  ionosphere)  at  night  means  that 
more  than  one  waveguide-mode*  may  be  present.  In  cases  where  these  modes  have 
comparable  signal  strength,  the  total-signal  phase  does  not  vary  linearly  with 
distance  and  radionavigation  using  these  signals  is  not  generally  possible. 


2  2  Low  Ground-Conductivity  Regions 


As  mentioned  above,  the  earth's  surface  usually  has  a  VLF  ground  conductiv¬ 
ity  greater  than  about  10-3  mho/m.  However,  in  polar  regions  with  large  areas  of 
fresh-water  ice  and  tundra  the  condu:tivity  is  less  than  lu-3  mho/m,  so  that  a 
significant  fraction  of  the  wave  energy  is  absorbed.  Greenland  and  Antarctica,: 
in  particular,  are  large  land  areas  having  VLF  conductivities  between  10-5  and 
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lar  to  the  earth's  surface  are  most  affected  by  these  regions,  over  which  the 
signal  attenuation  rate  is  as  large  as  30  dB/1000  km.  This  large  attenuation 
rate  at  Omega  frequencies  is  the  source  for  the  term  "Greenland  Shadow,"  espe¬ 
cially  in  connection  with  the  Norway  Omega  station. 


*A  discussion  of  the  waveguide-modes  is  contained  Section  2.4. 
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It  should  be  noted  that  because  of  comparatively  large  skin  depth  (about  150 
meters  for  a  conductivity  of  10-3  mho/m)  of  the  wave  relative  to  the  earth's 
surface,  ground  conductivity  at  Omega  frequencies  is  not  sensitive  to  day,  night, 
seasonal,  or  short-term  weather  conditions  (such  as  snowfall).  However,  for  a 
wave  propagating  between  the  ionosphere  and  this  low  conductivity  region,  the 
difference  between  day  and  night  propagation  is  significant  since  the  daytime 
waveguide  is  narrower  and  hence  the  wave  interacts  more  frequently  with  the  lossy 
earth's  surface  than  at  night. 


2  3  Spherical  Earth  Effects 

Radionavigation  systems  which  operate  at  frequencies  much  higher  than  Omega 
frequencies  are  limited  to  ranges  which  permit  approximation  of  the  earth's  sur¬ 
face  as  a  flat  plane,  In  these  cases,  the  geometry  of  propagation  (and  also 
position-fixing  algorithms)  is  relatively  simple.  However,  because  the  ranges 
encountered  in  omega  signal  propagation  are  on  the  order  of  the  earth's  radius, 
spherical-earth  effects  must  be  taken  into  account.  Since  a  signal  launched 
between  the  earth  and  ionosphere  is  constrained  to  propagate,,  for  the  most  part,, 
between  these  two  boundaries  and  because  the  "width"  of  the  waveguide  (70-90  km) 
is  much  less  than  its  "length"  (thousands  of  kilometers),  the  signal  may  be 
viewed  as  a  two-dimensional  wave  constrained  to  the  surface  of  a  sphere.  In  this 
view,  a  wave  propagates  outward  from  a  VLF  source  with  circular  wave  fronts  (see 
Fig  2.3-1).  As  they  travel  outward,,  these  circles  become  larger  and  larger 
until  they  reach  the  "equivalent  equator"  (the  equator  corresponding  to  a  north 
or  south  pole  located  at  the  source)  At  this  point,,  the  energy  per  unit  length 
of  the  wavefront  (due  purely  to  geometry)  is  a  minimum.  Beyond  the  equivalent 
equator,  the  circular  wavefronts  diminish  in  size  and  that  energy  density  grows 
until  the  wave  converges  at  the  antipode  (pole  opposite  to  that  assumed  for  the 
source,  or  transmitter).  This  model  can  aid  in  understanding  why  stronger  sig¬ 
nals  are  sometimes  received  at  more  distant  receiver  locations.  For  example, 
Omega  Japan  station  signals  in  Buenos  Aires  are  observed  to  be  much  stronger  than 
those  received  in  Easter  Island,  Tahiti,  or  the  West  Coast  of  the  United  States. 
This  is  because  the  antipode  of  the  Japan  station  is  a  short  distance  east  of 
Buenos  Aires  in  the  South  Atlantic  ocean  and  the  signal  is  substantially  "fo¬ 
cused"  there 

If  the  idealized  case  discussed  above  is  modified  to  include  the  east-west 
effect,,  then  we  see  that  near  the  antipode  signals  arrive  mainly  from  the  west. 
Figure  2.3-2  shows  the  situation  near  tho  antipode  where  the  only  long-path 
signals  are  those  propagating  east  through  the  antipode.  The  range  attained  by 
the  long-path  signal  depends  upon  both  the  upper-  and  lower-boundary  characteris¬ 
tics  of  the  entire  long-path  waveguide.  As  discussed  before,  if  the  lower 
waveguide  boundary  has  substantial  portions  with  low  conduct! .'ity,  the  long-path 
signal  guided  by  this  boundary  is  severely  attenuated.  As  also  mentioned  previ¬ 
ously,  the  signal  attenuation  due  to  the  upper  boundary  is  principally  due  to  the 
geomagnetic  field  and  the  ionospheric  illumination  by  the  sun.  We  have  already 
accounted  for  the  geomagnetic  field  (see  Fig.  2.3-2)  so  that  we  must  discuss  the 
effect  of  solar  illumination,  we  saw  before  that  the  wider  waveguide  associated 
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Figure  2.3-1  An  Illustration  Displaying  Focusing  of  a  station's 

Transmitted  Signals  Beyond  the  Station's  Equivalent  Equator 
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Figure  2.3-2  Semi-Circular  Focusing  Near  a  Station  Antipode 
Due  to  the  East-West  Effect 
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Figure  2.3-3  Ideal  Long-Path  Situation  (Transmitter  and  Receiver  are 
Assumed  to  Lie  on  the  Equator,,  and  Earth  is  at  Equinox) 

with  the  nighttime  portion  of  propagation  paths  yields  less  signal  loss  than  the 
narrower  dayside  portion  of  ♦'he  propagation  path.  Thus,  if  the  long-path  (which, 
by  definition,  includes  more  than  one  hemisphere)  subtends  the  entire  nightside 
hemisphere,  the  signal  attenuation  is  smallest  and  the  long-path  signal  propa¬ 
gates  farthest.  On  the  other  hand,  if  the  long-path  subtends  the  entire  dayside 
hemisphere  the  attenuation  of  the  long-path  is  maximum  (see  Fig.  2.3-3). 

In  summary,  long-path  signal  reception  from  an  Omega/VLF  transmitting  source 
is  most  likely  to  occur  at  a  site  when: 

•  The  site  is  west  of  the  source 

•  The  long-path  contains  little  or  no  low  ground-  conductivity  portior.(s) 

•  The  long-path  includes  the  entire  night-time  hemisphere,  or  equ¬ 
ivalently,  the  short-path  is  all-day 
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2.4  Modal  Characteristics 

As  discussed  earlier,,  the  earth  and  ionosphere  act  as  waveguide  boundaries 
for  a  VLF  signal  source  located  on  the  surface  of  the  earth.  as  with  other 
waveguide  systems,  one  is  interested  in  the  modes  (i.e.,  unique  electromagnetic 
field  patterns)  of  propagation  permitted  by  the  waveguide  and  the  signal  source. 
The  literature  associated  with  this  problem  is  extensive  (see,  e.g.,  Refs.  1 
through  12)  so  that  this  treatment  only  touches  upon  the  main  features. 

Because  the  electromagnetic  properties  of  the  upper  and  lower  boundaries  of 
the  waveguide  along  a  path  can  change  rather  dramatically  from  point  to  point 
along  the  path,-  many  researchers  have  treated  the  waveguide  characterizing  the 
path  as  being  composed  of  many  segments,  each  of  which  may  be  consid  red  as  a 
rectangular,  two-dimensional  waveguide  with  fixed  upper  and  lower  boundary  prop¬ 
erties.  Earth  curvature  effects  are  included  by  mapping  the  index  of  refraction 
of  the  propagation  medium  as  a  function  of  geocentric  radius  (cylindrical  geome¬ 
try)  onto  the  rectangular  waveguide.  Spherical-focusing  effects  are  accounted 
for  in  an  ad  hoc  manner  by  a  multiplicative  factor.  Each  component  of  the  signal 
field  is  considered  to  be  a  sum  of  an  infinite  number  of  independent  waveguide 
modes  each  of  which  is  classed  as  either  transverse-magnetic  (TM)  or  transverse- 
electric  (TE) .  A  TM  (or  TE)  mode  is  characterized  by  its  magnetic  field  (or 
electric  field)  perpendicular  to  the  direction  of  the  propagation  and  to  the 
local  vertical.  Excitation  factors  (complex  quantities)  are  defined  for  each 
mode  and  describe  the  relative  extent  to  which  the  transmitting  source  (or  re¬ 
ceiver)  couples  the  mode  energy  into  (or  from)  the  waveguide. 

Conventionally,,  the  modes  are  numbered  in  order  of  increasing  phase  veloc¬ 
ity,  with  TM  modes  odd-numbered  and  TE  modes  even-numbered.  Thus,  Mode  1  is  the 
lowest  phase-velocity  TM  mode,  and  Mode  2  is  the  lowest  phase-velocity  TE  mode. 
At  this  point,  we  should  note  that  Omega  propagation  correction  algorithms*  used 
in  conventional  receiver-processors  are  based  on  semi-empirical  signal  propaga¬ 
tion  models  which  inherently  assume  Mode  1  signal  characteristics.  Hence,  Omega 
signals  can  be  effectively  used  only  if  the  total  signal  field  is  dominated  by 
the  Mode  1  component . 


The  signal  fields  in  the  vicinity  of  the  VLF  source  are  more  complex  (in 
terras  of  space  and  time  variations)  than  the  fields  at  significant  distances  {Z 
10  wavelengths)  from  the  source.  In  the  waveguide  mode  picture,  this  complexity 
is  due  to  the  presence  of  many  modes  near  the  source  (see  Fig.  2.4-1).  The 
higher-order  modes  usually  have  a  greater  attenuation  rate  but  also  have  a  larger 
excitation  factor  (Ref,  l)  so  that,  in  general,-  these  modes  have  substantial 
signal  strength  near  the  source  but  attenuate  rapidly  with  distance,;  beyond 
10-20  wavelengths  from  the  source. 

At  night,  the  earth-ionosphere  waveguide  is  wiutr,.  as  noted  earlier,  and 
more  modes  are  observed  (i.e.,  those  having  comparable  signal  strength  to  each 
other  and  to  Mode  1)  than  during  the  day.  The  higher-order  modes  are  also  less 
sensitive  to  the  east-west  effect  than  Mode  1.  In  some  cases,  these  effects  lead 
to  the  dominance  of  higher-order  modes  in  westward  propagation  at  night.  The 
presence  of  higher-order  modes  with  signal  strength  comparable  to  or  exceeding 
that  of  Mode  1  is  a  condition  known  as  modal  interference. 

As  discussed  previously,  the  influence  of  the  east-west  effect  (as  measured, 
for  example,  by  the  difference  between  east  and  west  attenuation  rates)  depends 
directly  on  the  size  of  the  horizontal  component  of  the  geomagnetic  field  Thus,, 
at  low  geomagnetic  latitudes  (near  the  magnetic  equator),  east  and  west  propaga¬ 
tions  are  strongly  differentiated.  This  further  implies  that  Mode  l  signal  am¬ 
plitude  is  rapidly  exceeded  by  higher-order  modes  at  night  as  the  reception  point 
is  moved  westward  from  the  transmitting  source,  If  these  so-called  modal  (i.e.,, 
mode  interference)  regions  are  "mapped-out" ,  one  finds  that  low-geomagnetic- lati¬ 
tude  Omega  transmitting  stations  are  associated  with  much  more  extensive  modal 
interference  than  are  high  -geomagnetic-  latitude  stations. 


Because  of  the  relatively  long  length  of  Omega/VLF  propagation  paths,  it  is 
quite  probable  that  only  a  portion  of  the  path  is  in  daylight,  leaving  the  other 
portion  in  the  night  hemisphere.  in  this  case,  the  two-dimensional  waveguide 
connecting  the  transmitter  and  receiver  contains  a  physical  discontinuity  (as 


•The  propagation  correction  (PPC)  is  an  estimate  of  the  phase  deviation 
from  a  nominal,  or  charted,  phase  value.  The  phase  deviation  depends  upon 
signal  path  characteristics  such  as  ground  conductivity,  magnetic  dip  angle,, 
path  bearing,,  solar  zenith  angle,  etc. 
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Figure  2.4-1  An  Example  of  Multimode  Omega  Signal  Along  a  Nighttime  Path 

contrasted  to  an  electrical  discontinuity  at  the  boundary,  e.g. ,  Greenland  or 
Antarctica).  Since  the  waveguide -mode  structure  is  different  in  the  day  and 
night  portions,  signal  energy  is  said  to  be  "converted"  between  allowable  modes 
(see  Fig.  2.4-2).  Except  in  the  vicinity  of  a  transmitting  source,  a  single  mode 
is  a  good  approximation  to  the  multimode  signal  field  during  the  day.  At  night, 
no  more  than  three  modes  are  usually  needed  to  adequately  characterize  the  multi- 
mode  signal.  Because  the  ionization  dynamics  differ  markedly  for  sunrise  and 
sunset  in  the  D-region,  the  mode  conversion  differs  for  paths  crossing  sunrise 
and  sunset  terminators  (day/night  boundaries).  The  conversion  also  depends  on 
whether  the  propagation  is  from  day  to  night,  or  night  to  day. 

Calculations  of  signal  phase  and  amplitude  using  the  waveguide-mode  approach 
usually  assume  "all-day"  or  "all-night"  path  conditions  (horizontal ly-homogeneous 
wave-guide).  For  paths  crossing  the  terminator,,  mode  conversion  coefficients 
must  be  computed  (normally  a  computationally  burdensome  task).  Frequently,  a 
user  will  seek  guidance  concerning  tne  onset  (disappearance)  of  "severe"  modal 
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Figure  2.4-2 


A  Mixed-Path  Waveguide  Depicting  Mode  Conversion 
at  the  Path-Terminator  Crossing 
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I  interference  on  a  path  transitioning  from  day  to  night  (night  to  day).  One  very  § 

I  simplistic  algorithm  which  has  been  used  with  apparent  success  is  to  first  spec-  fi 

|  ify  the  position  of  the  terminator  with  respect  to  a  path  which  is  known  to  do  ", 

?  modal  when  fully  dark.  Jf  the  fractional  portion  of  the  path  under  the  nighttime  l; 

I  conditions  exceeds  some  threshold  (say,  one-third)  then  the  path  is  assumed  to  be  ;l 

|  corrupted  by  modal  interference  at  that  time.  !| 

I  j; 

)  One  severe  consequence  of  mode  conversion  for  conventional  Omega  receivers 

I  is  that  under  certain  cond! lions  modal  dominance  shifts  (from  Mode  1  to  another  r 

mode)  so  quickly  that  the  s.:;nal  receiver  (normally  with  a  3-5  minutes  time-con- 
1  stant)  may  fail  to  track  the  corresponding  sudden  change  in  phase  through  the 

j  amplitude  minimum  and  "slip"  one  or  more  signal  phase  cycles.  /  such  a  situ-  j 

5  ation  is  suspected  by  a  user,  use  of  the  signal  should  be  discontinued  until  the 

{  path  is  no  longer  in  modal  dominance  transition. 

i 

j  Mode  conversion  is  said  to  be  greatest  (i.e.,.  largest  difference  in  mode 

;  structure  across  the  path-terminator  discontinuity,  Ref.  13)  when  the  path  is  i 

•  normal  to  the  terminator.  As  the  path-terminator  angle  becomes  smaller,  the 

relative  conversion  of  energy  between  modes  across  the  (day-to-night)  transition 
region  decreases  since  the  transition  is  now  less  abrupt.  Although  the  mode 
conversion  lessens,  which  is  favorable  to  navigation,  the  speed  at  which  the 
terminator  crosses  the  path  (or  path  crosses  the  terminator)  increases.  As  the 
path-terminator  angle  approaches  zero  (path  and  terminator  nearly  parallel),  the 
entire  path  may  pass  through  transition  during  a  time  interval  comparable  to  a 
receiver  time  constant.  This  effect  may  also  cause  temporary  loss  of  signal 
track  in  the  receiver  system. 

An  additional  effect  associated  with  the  small  path-terminator  angle  con-- 
figuration  has  been  noted  (Refs.  14  and  15).  Observations  indicate  that  signal 
phase  changes  occur  even  before  the  geometric  terminator  (defined  by  solar  zenith 
angle)  crosses  a  path  or  after  it  has  completed  crossing  of  the  path.  This  has 
been  explained  by  assuming  "off-path"  reflections  occur  from  the  approaching  (or 
receding)  terminator  discontinuity.  This  effectively  widens  the  transition  zone* 
by  approximately  10%. 


2.5  Temporal  Anomalies 


In  previous  sections,  we  emphasized  propagation-pertinent  features  of  the 
earth- ionosphere  waveguide  which,  though  important,  are  relatively  small  when 
compared  on  a  global  scale.  For  example,-  the  low  ground-conductivity  regions  on 
the  entire  transition  zone  at  any  g'  ('n  time  may  occupy  a  comparatively  small 
fraction  of  the  earth's  surface  but  ai.  -t  Omega  propagation  paths  to  navigati¬ 
onal  ly-important  regions  of  the  world.  analogous  to  these  spatial  anomalies  are 
temporal  anomalies  which  occur  with  durations  very  small  compared  to  the  average 
time  between  occurrences.  However,  when  t  se  anomalous  events  occur,  they  af¬ 
fect  a  substantial  fraction  of  the  entire  t  ’be  and  thus  cannot  be  ignored.  Here 
we  will  discuss  three  types  of  anomalous  events  of  greatest  significance  to 
Omega/VLF  signal  propagation:-  Sudden  Ionospheric  Disturbance  (SID)  ,,  Polar  Cap 
Absorption  (PCA) ,  and  Geomagnetic  Storm/Substorm. 

Sudden  Ionospheric  Disturbance  (SID)  -  A  SID  is  caused  by  a  solar  flare 
occurring  on  the  solar  hemisphere  facing  the  earth.  The  flares  producing  the 
most  definitive  SIDs  are  those  with  a  substantial  fraction  of  their  energy  in  the 
X-ray  spectrum.  Flares  are  measured  in  terms  of  solar  energy  flux  in  the  1-8°  A 
band  by  earth-orbiting  satellites.  The  two  highest  designated  solar  flare  levels 
(and  those  which  have  the  greatest  impact  on  Omega/VLF  navigation)  are  M-level 
(10-5  to  10-4  W/m2)  and  X-level  (10-*  to  10-5  w/m2).  The  actual  ionization 
produced  by  a  flare  in  a  region  of  the  ionosphere  associated  with  a  point  on  the 
surface  of  the  earth  is  indicated  by  the  relative  position  of  the  sun;  if  the  sun 
is  directly  overhead  the  effect  is  much  greater  than  if  the  sun  is  low  on  the 
horizon  The  strength  of  the  effect  is  given  by  the  cosine  of  the  solar  zenith 
angle  (the  angle  of  the  sun  with  respect  to  the  local  zenith).  Because  of  the 
long  path-lengths  associated  with  Omega/VLF  propagation,  a  SID  has  an  "inte¬ 
grated"  effect  on  the  signal  at  the  point  of  reception;  at  each  path  segment,  the 
phase  perturbation  is  computed  from  the  cosine  of  the  local  solar  zenith  angle 
and  the  total  effect  on  the  path  is  calculated  as  a  sum  of  the  perturbations  at 
each  path  segment.  This  means  that  long  paths  passing  through  the  sub-solar 


*The  day/night  boundary  is  not  a  perfect  step  function.  it  is  usually  defined 
for  solar  zenith  angles  between  74*  (84°)  and  99°  (99°)  at  10.2  kHz  (13.6  kHz), 
and  hence  describes  a  "transition  zone"  of  finite  width  on  the  surface 
of  the  earth. 
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point  exhibit  maximum  effect  while  short  paths  at  local  early  morning  (post-sun¬ 
rise)  and  local  late  afternoon  (pre-sunset)  are  affeoted  the  least.  As  an  exam¬ 
ple,  a  path  of  average  length  (say,  7000  km)  fully  in  the  day  hemisphere  at  low 
latitudes  may  easily  show  a  100  centicycles  perturbation  in  the  signal  phase  (at 
10.2  kHz)  during  an  X-level  flare  event. 

Signal  phase  is  normally  advanced  during  a  SID  since  the  effective 
ionospheric  reflection  height  is  depressed  due  to  increased  ionization.  The 
signal  amplitude  at  the  lower  omega  frequencies  is  decreased  during  a  SID,  but 
above  about  12.5  kHz  the  amplitude  shows  an  increase.  The  effect  of  such  an 
event  on  navigation  is  highly  variable  and  quite  sensitive  to  geographic  loca¬ 
tion,  time,  and  station  signals  received.  For  direct-ranging  (i.e.,  rho-rho) 
navigation  systems,  the  lines-of-position  (LOPs)  are  effectively  moved  closer  to 
the  station  as  a  result  of  this  event.  However,  if  signals  are  received  from 
stations  in  opposite  directions  from  the  receiver  and  if  some  sort  of  averaging 
(e.g.,,  least-squares,  position-fixing  algorithm)  is  employed,  little  position 
error  may  be  caused  by  a  SID.  Hyperbolic  navigation  systems  also  may  incur 
little  position  error  if  the  station  pairing  (to  form  phase-difference  LOPs)  is 
done  with  well-correlated  paths,  i.e,,  paths  whose  integrated  illumination  condi¬ 
tions  are  similar. 

SIDs  normally  exhibit  (see  Fig.  2.5-1)  a  rapid  onset  (5-10  minutes)  to  peak 
followed  by  a  much  slower  (~45  minutes)  recovery.  Total  durations  vary  widely  - 
from  less  than  30  minutes  to  several  hours.  Because  of  the  usually  short  dura¬ 
tion,  warning  notices  for  these  events  are  not  published  or  broadcast  in  advance. 

Polar  Cap  Absorption  (PCA)  -  A  PCA  is  said  to  occur  when  a  solar  flare  event 
is  accompanied  by  a  large  flux  (above  a  certain  threshold)  of  energetic  protons 
at  the  earth.  The  net  flux  of  these  protons  incident  upon  the  earth  depends 
significantly  upon  the  earth-sun  geometry.  A  PCA  is  most  likely  to  occur  when 
the  proton-associated  flare  occurs  on  westerly  longitudes  of  the  solar  disk  fac¬ 
ing  the  earth  -  including  sources  on  the  western  limb  and  beyond.  The  proton 
flare  giving  rise  to  these  events  also  usually  (but  not  always)  has  a  large  X-ray 
component.  Thus  a  SID  frequently  precedes  a  PCA.  However,  because  protons  are 
particles,  they  have  arrival  times  varying  from  15  minutes  to  some  tens  of  hours 
depending  on  the  source  location  on  the  sun  and  the  topology  of  the  interplane¬ 
tary  field  (Ref.  10) . 

The  protons  emitted  during  a  proton  flare  generally  have  a  wide  spectrum  of 
energies:,  from  a  few  thousands  of  electron  volts  (keV)  to  more  than  50  million 
electron  volts  (MeV) .  The  relative  time  duration  for  which  these  particles  show 


Figure  2.5-1  An  Example  of  the  SID  Effect  Observed  on  Omega  Liberia 
Station  Signals  Received  at  Deal  (NJ)  (Ref.  20) 
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highly  elevated  flux  levels  is  usually  strongly  dependent  on  energy.  Typically, 
large  fluxes  of  highly  energetic  protons  (greater  than  50  MeV)  are  observed  for 
only  a  few  hours  whereas  enhanced  fluxes  of  the  lower  energy  particles  are  known 
to  persist  for  several  days  (Ref.  17).  Upon  reaching  the  earth,  the  high  energy 
particles  penetrate  the  ionosphere/atmosphere  to  low  altitudes  (~80  km  and 
lower)  but  because  of  the  high  density  of  air  molecules  at  these  altitudes,  the 
ion-pairs  created  quickly  recombined,,  thus  having  little  effect  on  VL.F  propaga¬ 
tion.  The  particles  from  the  very  low  energy  part  of  the  proton  flare  spectrum 
lose  energy  (due  to  collisions  and  scattering)  at  relatively  high  altitudes 
(ionospheric  E-  and  F-regions)  and  do  not  contribute  to  the  ionization  of  the 
D-region) .  Thus,  the  particles  from  the  lower-middle  range  of  the  proton  energy 
spectrum  are  the  source  of  most  of  the  excess  ionization  found  in  the  D-layer.  A 
recent  study  (Ref.  17)  discovered  that  Omega  signal  phase  advances  on  transpolar 
paths  are  highly  time-correlated  with  the  6  Mev  differential  proton  flux  channel 
on  the  GEOS  satellites. 

These  large  differences  in  the  persistence  of  elevated  fluxes  in  the  various 
components  of  the  proton  flare  spectrum  lead  to  some  confusion  in  event  warning. 
The  definition  of  PCA  used  by  the  NOAA-USAF*  Space  Environment  Services  Center  is 
that  the  cosmic  noise  absorption  (at  30  MHz)  as  measured  by  a  riometer  inside  the 
polar  cap  region  (usually  in  Greenland)  be  greater  than  2  dB  in  day  time  and 
0.5  dB  at  night.  Currently,  however,  the  absorption  is  inferred  from  satellite 
measurements  of  proton  flux  at  energies  greater  than  10  MeV.  With  this  defini¬ 
tion,  PCAs  generally  last  only  a  few  hours  while  phase  disturbances  at  VLF  last 
for  several  days,  as  discussed  above  (see  Fig.  2.5-2).  For  this  reason  the  Omega 
Navigation  System  Center  maintains  an  alerting  system  through  continuous  monitor¬ 
ing  of  transpolar  paths  between  Omega  transmitting  stations.  The  Omega  Hawaii  to 
Omega  Norway  baseline  path  is  especially  well-calibrated  and  serves  as  a  primary 
indicator  of  PCA  conditions.  Other  paths  which  are  monitored  for  PCA  events 
include  the  Omega  Japan  to  Omega  North  Dakota  baseline  and  the  Omega  Argentina  to 
Omega  Australia  baseline.  A  PCA  is  declared  in  effect  if  the  Hawaii-to-  Norway 
path  phase  is  advanced  by  at  least  20  centicycles  for  a  sufficiently  long  period 
(roughly  2  hours)  and  if  confirmed  by  other  path  observations  and  satellite  pro¬ 
ton  flux  data.  Thus,  it  is  recommended  that  Omega/VLF  users  heed  the  warnings 
broadcast  by  radio  stations  WWV/WWVH  and  transmitted  on  various  alert  circuits 
throughout  the  world. 

Although  the  sources  of  ionization  are  different  for  SIDs  and  pcas,  both 
result  in  Omega/VLF  phase  advances  for  the  regions  affected.  A  ical  PCA 
produces  phase  advances  of  approximately  40  centicycles  over  the  Hawai i-Norway 
path  (transversing  roughly  8700  km  of  the  geomagnetic  polar  region)  although 
phase  advances  of  100  centicycles  or  more  have  been  observed.  in  the  direct- 
ranging  navigation  mode,  PCAs  often  yield  larger  position  errors  than  SIDs,  since 
only  one  or  two  paths  are  usually  affected  and  so  averages  are  not  taken  over 
compensating  error  conditions.  For  receiver  locations  inside  the  polar-cap  re-. 


DAY  OF  JUNE  1968 

Figure  2.5-2  An  Example  of  PCA  Effect  Observed  on  Omega  Norway  Station  signal 
Received  at  Hawaii  (Ref.  20) 
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♦NOAA-USAF :  National  Oceanic  and  Atmospheric  Administration,  U.S.  Air  Force. 

t  WWV  (Ft.  Collins,  Colorado)  and  WWVH  (Kauai,  Hawaii)  transmit  time  information, 
geophysical  alerts,,  weather  advisories,  and  Omega  status. 
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gion,.  the  error  situation  is  similar  to  that  for  a  SID.  In  the  hyperbolic 
navigation  mode,  path  correlation  cannot  be  advantageously  used,  except  in  the 
case  where  two  paths  pass  through  roughly  equal  sections  of  the  polar  region.  In 
this  as  well  as  for  a  SID  events,  of  course,  frequency-difference  schemes  may  be 
effectively  used  to  significantly  reduce  the  Omega  position-fix  errors. 

Oeomagnetic  Storms  -  Geomagnetic  Storms  (or  substorms)  occur  in  response  to 
solar  dynamical  processes  which  rapidly  modify  the  magnetic  field  structure  near 
the  surface  of  the  sun.  This  field  disturbance  is  propagated  outward  from  the 
sun  along  interplanetary  magnetic  field  lines.  When  the  disturbance  reaches  the 
near  space  environment  of  the  earth  ("geospace"),  the  geomagnetic  field  is  simi¬ 
larly  affected  due  to  its  connective  relationship  to  the  interplanetary  field. 
The  importance  of  the  disturbance  (normally  a  compression  of  the  field)  is  not  so 
much  due  to  the  changed  geomagnetic  field  at  a  given  location  (rarely  more  than 
1%  of  the  total  geomagnetic  field)  but  rather  to  the  precipitation  of  electrons 
from  the  magnetosphere  caused  by  the  sudden  change  in  field  structure.  Ni  -mally, 
a  sizeable  population  of  electrons  and  ions  is  "trapped"  in  the  middle  magneto¬ 
sphere.  These  particles  bounce  back  and  forth  along  geomagnetic  field  lines 
between  "mirror  points"  where  the  increased  magnetic  field  strength  (due  to  con¬ 
verging  field  lines)  prevents  further  penetration.  When  the  field  line  structure 
is  suddenly  changed,  electrons  are  "dumped"  into  the  ionosphere  at  the  base  of 
the  magnetic  field  lines.  This  electron  precipitation  occurs  mainly  in  the 
auroral  zone  which  lies  roughly  between  geomagnetic  latitudes  of  00*  and  65*. 
However,  as  mentioned  above,  the  geomagnetic  field  is  generally  compressed  during 
magnetic  storms  and  in  the  extreme  cases  the  auroral  zone,  which  is  tied  to  the 
geomagnetic  field  structure,;  may  move  equator-ward  by  as  much  as  20“  in  geomag¬ 
netic  latitude. 

As  in  the  case  of  SIDs  and  PCAs,  the  phase  of  Omega/VLF  signals  is  advanced 
as  a  result  of  the  increased  ionization  caused  by  the  precipitation  of  electrons. 
However,  because  the  auroral  zone  is  rather  limited  in  extent  (~500  km),  paths 
which  are  roughly  perpendicular  to  the  auroral  "band"  show  a  relatively  small 
effect  from  a  storm/precipitation  event.  Paths  which  are  "parallel"  to  and  lie 
within  the  auroral  zone  for  a  substantial  fraction  of  the  path  length  do  exhibit 
a  sizable  effect,,  however.  A  major  magnetic  storm  can  have  a  secondary  effect 
as,  for  example,  in  the  case  of  a  PCA  (which  are  frequently  accompanied  by 
magnetic  storms)  during  which  the  effective  polar  cap  region  is  expanded  due  to 
the  equator-ward  movement  of  the  auroral  zone,  resulting  in  a  greater  fraction  of 
paths  affected  by  the  PCA. 


3.  SIGNAL  CHARACTERISTICS :■  APPLICATIONS 

we  now  turn  from  a  discussion  of  general  Omega/VLF  wave  propagation  charac¬ 
teristics  to  specific  applications  involving  tnese  characteristics.  As  mentioned 
in  Section  1,  guidance  for  the  appropriate  signal  mix  for  use  in  Omoga  naviga¬ 
tion/position-fix  is  presented  from  a  "negative”  viewpoint,  i.e.,  signal 
deselection  as  opposed  to  signal  selection.  Two  reasons  motivate  this  presenta¬ 
tion.  First,  most  Omega  receiver-processors  employ  efficient  algorithms  for 
selecting  which  signals  to  use  (or  better,  the  weights  associated  with  each 
signal)  in  the  position/navigation  tracking  filter.  Thus,  little  additional 
guidance  is  needed  there.  However,  signal  deselection  algorithms  coded  into 
conventional  receiver-processors  may  be  based  on  limited  external  data  and  thus 
not  generally  applicable.  Second,  it  is  difficult  to  "rank"  most  good  signals  A 
priori  since  signal-to-noise  ratio  predictions  do  not  include  local,  artificial 
sources  of  noise  and  because  signal  combinations  are  often  more  important  to 
navigation  than  individual  signals. 

For  the  above  reasons,  we  present  in  Table  3-1  an  Omega  station  signal 
deselection  guide  for  79  geographic  locations  on  the  globe.  For  ease  of  refer¬ 
ence,  the  site  locations  are  ordered  by  latitude  interval:  arctic,  northern 
mid-latitude,  equatorial,  southern  mid-latitude,  and  antarctic.  within  each 
latitude  category,  geographic  location/site  names  (usually  cities)  are  given  al¬ 
phabetically.  Coordinates  of  the  site  locations  are  given  to  the  nearest  degree 
to  emphasize  the  validity  of  these  deselections  over  a  reasonably-sized  area. 
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Signals  indicated  as  "polar"  represent  paths  whose  midpath  portion"  inter¬ 
sects  the  geomagnetic  polar  region  (absolute  value  of  geomagnetic  latitude 
greater  than  60*).  During  a  PCA,  these  paths  should  be  deselected.  For  a  user 
inside  the  polar  regions,  the  discussion  of  Section  2  applies,  i.e.,  less  naviga¬ 
tional  error  should  be  incurred  (given  the  proper  mix  of  signals)  than  for  users 
outside  the  region.  It  has  been  suggested  that  receiver-processor  algorithms  be 
developed  to  "de-weight"  rather  than  deselect  transpolar  paths  during  PCAs.  Such 
receivers  would  run  less  risk  of  signal  "starvation"  and,  in  fact,  should  track 
well  upon  passage  into  or  out  of  disturbed  polar  regions. 

The  second  deselection  column  in  Table  3-1  lists  signals  recommended  for 
deselection  due  to  nighttime  (where  the  entire  path  is  assumed  dark)  modal  inter¬ 
ference.  This  includes  all  types  of  modal  interference  (discussed  in  Section  2) 
producing  phase  deviation  (absolute  difference  between  Mode  it  phase  and  observed 
phase)  greater  than  about  1/5  of  a  cycle.  The  nighttime  modal  interference 
guidance  raises  the  question  of  what  signals  are  recommended  for  deselection  (due 
to  modal  interference)  if  the  paths  are  not  fully  dark?  Without  specific  signal 
coverage  guidance  (currently,  coverage  diagrams  are  provided  for  only  two  global 
times  and  four  different  months.  Refs.  18  and  19),  a  deselection  doctrine  should 
be  selected  which  best  serves  particular  needs.  For  example,,  if  signals  are 
plentiful  or  one  prefers  a  conservative  approach,  then  the  nighttime  modal  inter¬ 
ference  deselections  can  be  made  whenever  any  fraction  of  the  path  is  dark.  On 
the  other  hand,  if  signals  are  scarce  or  a  riskier  approach  is  acceptable,  one 
may  choose  to  deselect  these  signals  only  when  the  entire  path  is  dark.  Alterna-. 
tively,.  a  particular  fraction  of  path  darkness  (e.g.,,  one-third)  may  be  used  as  a 
threshold,  as  discussed  earlier. 

The  third  column  of  recommended  deselections  in  Table  3-1  covers  those  situ¬ 
ations  in  which  the  short-path  signals  can  never  be  used  due  to  modal  interfer¬ 
ence  during  path  darkness,  and  the  presence  of  long-path  signals  when  the 
short-path  is  in  daylight.  For  those  times  when  the  path  is  in  transition,  the 
indicated  signal  is  likely  to  be:  dominated  by  a  higher-order  mode,  comprised  of 
several  modes  of  comparable  strength,  arriving  via  the  long-path,,  or  a  combina¬ 
tion  of  long-  and  short-path  signals. 

It  should  be  recognized  that  deselections  are  not  differentiated  by  fre¬ 
quency  (e.g.,  10.2,  13.6  kHz),  i.e.,  if  either  frequency  of  a  station  signal  is 
problematic,  the  station  signal  is  recommended  for  deselection.  Also,,  the  de¬ 
selections  shown  are  based  partly  on  theoretical  calculations  and  partly  on  ob¬ 
servations.  Some  path  deselections  are  inferred  from  observed/computed  paths 
having  similar  characteristics,  e.g.,  path  length,  geomagnetic  field  orientation,, 
ground  conductivity,  and  illumination  condition. 

Figure  3-1  gives  a  map  of  the  geographic  locations  listed  in  Table  3-1  keyed 
by  entry  number.  Omega  stations  are  indicated  by  open  triangles  and  keyed  by 
station  letter  designations 


4.  CONCLUSIONS 


We  have  attempted  to  provide  guidance  to  the  users  of  Omega/VLF  signals  by 
describing,  in  general  terms,  the  characteristics  and  peculiarities  of  these 
signals.  This  background  should  provide  a  better  understanding  of  the  basis  for 
the  algorithms  used  in  conventional  receiver-processors.  The  discussion  of  sig¬ 
nal  behavior  and  the  tabulated  deselections  furnish  an  adequate  basis  for  making 
intelligent  manual  station  deselection  when  necessary. 


•That,  part  of  the  path  interacting  with  the  ionosphere,-  i.e.,,  excluding  ~650  km 
portion  surrounding  the  transmitting  source  and  receiver. 

ttost  Omega  receiver-processor  algorithms  assume  that  the  received  multimode 
Omega  signal  is  adequately  approximated  by  the  signal's  Mode  l  component. 
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Figure  3-1 


Geographic  Locations  of  the  Sites 
Contained  in  Table  3-1 
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TABLE  3-1 

OMEGA  STATION  DESELECTION  CHART 
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SUMMARY 

Teal  Ruby  is  an  advanced  t -rth-orbiting  sensor  that  was  developed  to 
demonstrate  the  ability  to  detect  airborne  vehicles  from  space  by 
use  of  infrared  mosaic  technology.  The  pointing  system,  which  is 
able  to  direct  the  sensor  ?t  any  designated  target  within  the 
pointing  envelope  constraints  and  hold  it  steady  with  very  low  drift 
and  jitter,  represents  a  substantial  increase  in  capability  over 
earlier  spaceborne  systems.  This  pointing  system,  and  the  approach 
used  to  derive  its  performance  requirements  from  the  mission 
objectives,  are  the  subject  of  this  paper. 

INTRODUCTION 

The  Teal  Ruby  sensor  and  spacecraft  were  developed  under  contract  to  DARPA  and 
USAF  Space  Division  as  part  of  an  ongoing  infrared  (IR)  technology  development  program 
to  provide  a  data  base  on  scene  backgrounds  and  airborne  vehicles  as  seen  from  low 
earth  orbit.  The  sensor  comprises  a  cryogenically  cooled  infrared  mosaic  array  mounted 
at  the  focal  plane  of  a  compound  Cassegranian  telescope.  The  sensor  enclosure  and  much 
of  the  associated  electronics  are  gimballed  such  that  they  can  move  relative  to  the 
AFP-888  spacecraft,  which  maintains  a  locally  level  attitude.  Angular  freedom  is  such 
that  tne  accessible  field  of  view  extends  forward  above  the  earth  horizon,  and  aft 
approximately  to  the  horizon.  Lateral  motion  is  sufficient  to  acquire  and  track  objects 
up  to  120  km  either  side  of  the  satellite  ground  track.  Figure  1  shows  the  system  as 
it  would  appear  in  flight  with  the  sensor  acquiring  data. 

Many  of  the  planned  missions  will  involve  cooperative  ground  targets.  This 
requires  extensive  advance  planning  and  demands  a  high  degree  of  autonomy  of  the 
pointing  system,  since  the  missions  must  be  uploaded  and  stored  in  advance,  and  then 
executed  by  the  sensor  pointing  system  at  exactly  the  right  time.  Further,  acquisition 
of  high  quality  scene  data  from  the  staring  array  imposes  stringent  demands  on  pointing 
accuracy,  drift  rate,  and  line-of-sight  jitter.  It  should  be  noted  that  sensor  pointing 
is  completely  open  loop;  that  is,  pointing  relies  solely  on  navigation  and  the  accuracy 
with  which  the  various  system  components  are  aligned.  This  approach  was  necessitated 
by  the  diversity  of  targets  and  background  scenes  from  which  data  musv.  be  acquired., 

PROGRAM  BACKGROUND  AND  OBJECTIVES 

Prior  to  the  initiation  of  the  Teal  Ruby  space  experiment  activity,  the  DARPA 
Space  Technology  Office  program  had  euccessfully  demonstrated  IR  and  visible  mosaic 
detector  arrays  in  a  laboratory  environment.  There  was  considerable  uncertainty 
associated  with  the  practical  use  of  this  technology  from  space  because  target 
signatures  are  orders  of  magnitude  more  faint  and  spectrally,  spatially,  and  temporally 
more  complex  than  any  measurement  previously  attempted.  DARPA-sponsored  system  studies 
demonstrated  that  this  new  technology  would  provide  the  basis  for  considerable 
performance  growth  in  space-based  surveillance  capabilities.;  In  parallel  with  the 
technology  development,  an  extensive  field  measure  ments  program  demonstrated  that 
strategic  aircraft,  operating  under  cruise  conditions,  would  produce  contrast 
signatures  above  detection  thresholds  of  this  new  technology  when  viewed  from  space. 

In  selecting  a  useful  space-based  experiment  as  a  logical  step  to  follow 
laboratory  and  ground-based  experiments,  DARPA  cho3e  aircraft  detection  as  an 
illustrative  stressing  case  to  provide  a  meaningful  demonstration  of  this  technology. 
Thus,  a  practical  quantitative  "handle"  on  the  potential  utility  of  mosaic  technologies 
would  be  gained  for  space-based  surveillance  applications  for  a  wide  range  of  potential 
operational  missions.  By  performing  a  representative  surveillance  experiment,  mosaic 
staring  sensor  technologies  couid  demonstrate  effectiveness  foi  military  space 
operations. 

The  overall  objectives  of  the  Teal  Ruby  Experiment  (TRE)  are  tot 

o  Provide  a  proof-of-concept  demonstration  of  step-stare  techniques  using  a 
mosaic  focal  plane  to  perform  detection  from  space  of  subsonic  strategic 
aircraft. 

o  Collect  multispeotral  target  and  background  data  from  a  space  platform  to 

provide  a  basis  for  the  design  of  future  operational  IP.  surveillance  systems. 
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SENSOR  TRACKING  REQUIREMENTS 

In  this  section  we  discuss  the  origin  of  the  performance  specifications  for  the 
Teal  Ruby  pointing  system  and  gimbal  servos  as  derived  from  overall  sensor  performance 
requirements. 

Gimbal  Angle  and  Rate  Requirements 

For  a  satellite  altitude  of  380  nautical  miles,  the  earth  horizon  angle  is  62 
degrees  from  the  nadir.  To  view  the  earth's  limb  and  above  the  horizon,  the  extent  of 
the  intrack  gimbal  is  taken  as  +80  to  -60  degrees.  The  remaining  field  of  view  from  -60 
to  -90  degrees  is  blocked  by  the  sensor  stow  cover. 

The  crosstrack  angular  freedom  of  +10  degrees  is  required  for  accessibility  of 
points  at  least  120  km  off  the  ground  track  of  the  satellite.  It  also  permits 
crosstrack  aircraft  encounter  experiments  that  reduce  the  overall  position  error 
ellipsoid.  Larger  crosstrack  angles  are  impractical  due  to  geometrically  induced  smear 
rates  near  the  edge  of  the  field  of  view. 

The  gimbal  servos  must  be  capable  of  driving  the  gimbals  as  required  to  point  the 
sensor  at  any  earth-fixed  point  in  this  field  of  view.  This  results  in  maximum  velocity 
of  0.9  deg/sec  for  the  intrack  axis,  with  maximum  acceleration  of  0.0035  deg/sec2  and 
crosstrack  rate  and  acceleration  maxima  of  0.05  deg/sec  and  0.0009  deg/sec2  for  all 
possible  stare  conditions.  To  provide  additional  capability  for  other  than  aircraft 
targets,  the  crosstrack  rate  and  acceleration  requirements  were  made  equal  to  the 
intrack. 

Line  of  Sight  Accuracy  Requirements 

Allowable  sensor  pointing  position  error  is  fixed  by  target  encounter 
considerations.  The  results  of  a  single  aircraft  encounter  with  the  aircraft  flying 
crosstrack  are  summarized  in  Figure  2.  The  analysis,  based  on  reasonable  assumptions 
for  aircraft  navigation  and  spacecraft  ephemeris  accuracy,  was  for  nadir  passage  and 
represents  the  most  stressing  condition. 

The  error  ellipses  shown  represent  the  RSS  of  all  error  sources  including  sensor 
pointing  accuracy,  spacecraft  ephemeris  errors  and  target  navigation  errors.  In  the 
figure  the  target  is  shown  across  a  column  of  three  chips.  The  line  of  sight  (LOS) 
position  requirement  is  set  to  yield  a  single  encounter  probability  on  the  order  of 
0.97.  This  translates  into  a  pointing  error  requirement  of  100  arc  seconds  one  eigne.- 
This  resulted  in  the  system  pointing  error  requirement  for  each  axis  of  290  arc  seconds 
with  0.95  probability. 

Line  of  Sight  Drift  and  Jitter  Requirement 

The  design  performance  of  the  Teal  Ruby  Experiment  sensor  was  established  in  terms 
of  a  parameter  called  the  system  equivalent  target  (SET).  The  SET  is  that  theoretical 
target  intensity  wherein  the  signal-to-noise  ratio  is  unity.  Let  us  define  the  noise 
sources  and  their  constituents. 

SET  (System  Equivalent  Target)  -  the  total  noise  produced  by  the  sensor  (detectors, 
electronics,  readout,  etc.),  the  background  and  the  clutter  noise  induced  by  the  sensor 
drift  and  jitter. 

CET  (Clutter  Equivalent  Target)  -  the  noise  induced  by  the  sensor  line  of  sight 
drifting  over  a  spatially  structured  background. 

JET  (Jitter  Equivalent  Target)  -  the  noise  induced  by  the  sensor  line  of  sight 
jittering  over  a  spatially  structured  background. 

NET  (Noise  Equivalent  Target)  -  the  noise  produced  by  the  sensor  and  shot  noise 
from  the  background. 

Assuming  these  components  of  the  noise  to  be  uncorrelated,  we  can  write  the 
following  expression  for  the  SET 

SET  «  (NET2  +  CET2  +  JET2)1/2 

The  sensor  NET  sets  the  lower  bounds  on  the  system  noise.  The  NET  is  a  function  of 
the  optics  area  and  efficiency,  the  sensor-to-target  range,  and  the  detector 
responsivity  and  integration  time.  Since  we  are  discussing  the  control  system 
requirements,  only  those  ,«-ise  sources  (CET  and  JF.T)  that  *re  affected  by  the  centre! 
system  performance  will  be  treateu. 

The  CET  and  the  JET  are  strong  functions  of  the  line  of  sight  motion,  the  detector 
footprint,  the  power  spectral  den’ity  of  the  background  and  the  signal  processing 
technique.  The  calculation  of  the  CET  and  JET  are  involved  processes  best  suited  to 
computer  solution  (Ref.  1).  For  the  case  of  the  clutter  noise  induced  by  drift  (CET), 
the  integral  relationship  that  must  be  determined  can  be  written  as: 

CET2  -  2(L 2&\)  f S(W).H2  (W).H2(W).H2(W).H  2(W)dW 
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where 

s(W)  ■  power  spectral  density  of  the  background 

(H)  «  magnitude  squared  of  the  optics  transfer  function 

5 

Hd(W)  «  magnitude  squared  of  the  detector  transfer  function 
2 

Hi ( W )  •  magnitude  squared  of  the  integration  transfer  function 

2  th 

H^(W)  «  magnitude  squared  of  the  differencing  transfer  function  (assumes  an  N 

order  background  rejection  filter) 

VI  *  temporal  frequency 

L  «  detector  footprint  site  (projected  in  background) 

AX  •  spectral  bandwidth 

The  calculation  of  the  JET  is  somewhat  more  complicated  because  it  not  only 
involves  the  power  spectral  density  of  the  background,  but  also  the  power  spectral 
density  of  the  jitter  spectrum.  For  the  TRE,  an  equivalent  jitter  amplitude  was 
specified  that  accounts  for  both  continuous  and  discrete  jitter  source  due  to  such 
components  as  the  spacecraft  solar  array  notion,  the  earth  shield  vibrations,  the  TRE 
bearings  and  gyros.  The  expression  developed  by  J.  Rapier  of  Rockwell  International 
(Ref.  2)  to  account  for  these  effects  is  given  ast 


Hj (W)  »  transfer  function  of  jth  source  to  LOS 


Pj(W)  »  continuous  power  spectral  density  of  jLh  source 

Aji^Wji^  ”  amplitude  of  i**1  discrete  source 
r  »  frame  time  (look  time) 
o-j  •  effective  rms  jitter  amplitude 

When  formulated  in  this  manner,  the  expression  for  the  SET  can  be  used  to 
determine  allowable  pointing  system  drift  rate  and  jitter.  Assuming  that  the  NET  is 
fixed,  various  jitter  levels  are  assumed,  and  the  SET  is  calculated  ae  a  function  of 
drift  rate.  When  this  is  plotted  along  with  expected  target  signal  strength,  it 
becomes  apparent  by  inspection  which  combinations  of  drift  rate  and  jitter  will  give 
acceptable  signal-to-noise  ratio  (SNR). 

Such  a  plot  for  four  assumed  jitter  levels  and  two  representative  targets  is  shown 
in  Figure  3.  Note  that  there  are  two  families  of  curves  for  the  SET,  one  for  a  first 
difference  signal  processing  algorithm,  and  one  for  second  differencing.  The  target 
signal  levels  have  been  divided  by  four,  since  that  was  the  desired  SNR  in  the 
example.  For  small  drift  rates,  the  combined  sensor  NET  and  JET  dominate,  so  the  SET 
curves  are  horizontal.  As  drift  rate  increases,  however,  a  point  is  reached  where  it 
becomes  significant  and  the  curves  begin  to  slope.  For  high  drift  rates,  the  CET 
dominates  and  all  curves  approach  an  asymptote. 
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As  long  as  the  SET  curve  for  a  given  jitter  remains  below  a  target  line,  that  j 
target  is  detectable.  Thus,  in  the  figure  for  a  jitter  level  of  3.2  arc  sec,  neither  % 
target  will  be  detectable  using  either  first  or  second  order  differencing.  For  iecond  ? 
order  differencing  and  a  jitter  level  of  0.1  arc  sec,  both  targets  are  observable  for  - 
drift  rates  up  to  approximately  50  M/s,  etc.  * 


For  the  Teal  Ruby  system,  it  was  determined  that  a  jitter  force  of  0.32  arc  sec 
rms  was  attainable.  A  stringent  requirement  was  imposed  in  the  control  system  drift 
(rate  error)  in  order  to  permit  the  beat  sensitivity  in  the  vicinity  of  r.adir  to  make 
possible  optimum  background  temporal  measurements.  The  original  specification  called 
for  a  single  axis  drift  requirement  of  1  arc  sec/sec  (3c).  This  was  subsequently 
relaxed  to  a  requii emeut  of  1  arc  sec/scc  (2c). 

In  summary,  analyses  of  the  type  which  have  been  briefly  outlined  here  resulted  in 
the  following  pointing  system  performance  specifications  (for  0.95  probability)! 

LOS  accuracy  *  2U0  arc  sec 
LOS  drift  -  )  arc  sec/sec 
LOS  jitter  »  0.32  arc  sec  rms 
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SYSTEM  DESCRIPTION 

The  Teal  Ruby  eenaoc  i»  mounted  on  the  AFP888  spacecraft.  Theta,  together  with 
aeveral  secondary  experiments,  comprise  the  T-ial  Ruby  Space  Vehicle  System  (SVS).  The 
SVS  will  be  deployed  at  the  apogee  of  an  elliptical  orbit.  Following  this,  the 
spacecraft  propulsion  module  will  circuitries  the  orbit,  which  will  have  a  nominal 
altitude  of  380  nautical  miles,  and  inclination  of  approximately  57  degrees,  as 
currently  planned  for  an  ETR  launch. 

A  cutaway  view  of  the  sensor  is  giver  in  Figure  4.  For  reference  purposes,  the 
sensor  is  approximately  8  feet  long  by  33  inches  in  diameter  at  its  widest  point,  with 
a  gimballed  weight  of  850  pounds.  The  major  pointing  system  elements  are  described 
next,  along  with  a  brief  treatment  of  the  tensor  itself. 

Sensor  Assembly 

The  main  sensor  elements  are  the  focal  plane  assembly,  the  telescope,  and  the 
focal  plane  electronics.  These  are  housed  in  an  evacuated  enclosure  and  cryogenically  j 

cooled.  The  focal  plane  assembly  detects  radiant  infrared  energy  collected  by  the 
telescope  and  converts  it  into  electrical  intelligence.  This  intelligence  is  buffered, 
multiplexed,  and  sampled  by  the  focal  plane  electronics. 

The  double  Cassegrain  telescope  has  an  aperture  of  20  inches  and  focal  length  of 
66  inches,  yielding  an  f/number  of  3.3.,  The  unobscured  field  of  view  is  plus  or  minus 
1.125  degrees  about  the  central  ray. 

The  focal  plane  contains  13  zones,  each  containing  12  infrared  charge  coupled 
device  (CCD)  chips.  All  are  maintained  at  approx-  ioately  15  degrees  K  by  frozen 
neon.  Each  zone  is  fitted  w.th  an  optical  filter  that  corrects  for  flatness  and 
provides  spectral  filtering.  Ribbon  cables  connect  the  zones  to  the  focal  plane 
electronics. 

The  information  gathered  by  the  focal  plane  and  processed  by  the  focal  plane 
electronics  during  a  mission  is  stored  and  telemetered  to  ground  stations  on  command, 
after  suitable  conditioning.  The  principal  points  of  interest  here  are  that  this 
assembly  and  its  physical  attributes  define  the  pointing  system  requirements.  All 
accuracy,  stability,  and  servo  performance  specifications  cited  in  this  paper  refer  to 
the  telescope's  central  ray,  or  boresight. 

Yoke  Assembly 

The  yoke  assembly  supports  the  sensor  and  provides  precision  pointing,  scanning, 
and  tracking  of  ground  targets  independent  of  spacecraft  attitude.  The  nominal  viewing 
field  is  from  80  degrees  forward  to  60  degrees  aft  of  nadir  in  the  intrack  direction, 
and  10  degrees  either  side  of  nadii  in  the  crosstrack  direction.  There  are  some 
restrictions  to  this  nominal  rectangular  field  due  to  spacecraft  interference,  and  a 
detailed  map  of  usable  angular  freedom  has  been  developed  for  planning  missions.- 

Redundant  rate  gyro  assemblies  mounted  on  the  yoke  structure  provide  inertial  1 

sensing  for  the  gimbal  servos  in  the  rate  mode,  and  provide  damping  signals  in  the 
position  mode.  Torque  motors  and  resolvers  provide  torque  and  gimbsl  angle  sensing.-  V 

These  are  also  redundant,  as  are  the  servo  controllers. 

The  resolvers  are  two-speed,  with  coarse  windings  providing  360  degrees  of 
electrical  phase  shift  for  360  degrees  of  mechanical  motion,  and  fine  winding 
exhibiting  360  degrees  cf  phase  for  22.5  degrees  of  mechanical  motion.  The  signals 
from  these  windings  are  combined  and  converted  by  resolver-to-digi tal  (R/D)  converters 
in  the  servo  electronics  with  a  precision  of  19.7  arc  seconds.  The  gimbal  torque 
motors  are  driven  by  transistor  bridges  in  a  proportional  pulse  width  modulated  fashion 
in  order  to  achieve  high  efficiency.  Rated  gimbal  torque  is  215  in-oz  intrack,  and  206 
in-oz  crosstrack,  which  provides  single  torquer  margins  of  approximately  00  percent  in 
single  torquer  mode.  In  the  event  that  additional  torque  should  be  required  during 
orbital  operations,  the  second  (redundant)  torquer  in  each  axis  is  switched  in  by 
command,  or  automatically  under  software  control  if  gimbal  response  becomes  too  ' 

sluggish.  ( 

The  spindle  assembly  provides  a  low  friction  rotating  support  attaching  the  sensor  I 

to  the  spacecraft.-  The  spindle  is  supported  by  two  duplex  preloaded  pairs  of  angular  > 

contact  ball  bearings.  Spindle  bearings  and  crosstrack  trunnion  bearings  maintain  the  ; 

precise  angular  relationship  between  the  sensor  and  spacecraft,  which  is  required  for  ‘ 

high  accuracy  pointing.  The  bearing  and  wiring  harness  constitute  the  primary  ' 

parasitic  loads  for  the  gimbal  torquers. 

Gimoai  servos  ; 

i 

The  gimbal  servo  loops  are  closed  in  the  servo  processor.  Angle  and  rate  commands  | 

calculated  from  the  pointing  equations  in  the  command  processor  are  compared  with  f 

measured  gimbal  angles  and  rate  gyro  data.  The  error  siqnals  thus  derived  are  f 

digitally  compensated  and  used  to  control  the  torquer  driver  amplifiers.  A  simplified  \ 

block  diagram  is  shown  in  Figure  5.  As  shown  in  the  figure,  all  inputs  to  the  digital  | 

controller  are  sampled,  compenaated,  combined,  then  converted  to  a  pulse  width  j 

modulated  current  that  drives  the  torquer.  The  resolver  outputs  are  converted  to  I 


il 
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Error  Budget 

Consider  for  a  moment  what  happens  during  a  mission  where  the  sensor  stareB  at  and 
overflies  a  fixed  point  on  the  earth.  At  the  start  of  scene  data  acquisition,  the 
stabilisation  point  will  be  approximately  60  degrees  ahead  of  nadir.  The  stabilisation 
point  will  remain  fixed  on  the  focal  plane  as  the  satellite  passes  directly  over  it, 
and  data  is  acquired  until  this  point  is  about  40  degrees  aft  of  nadir.  During  this 
period,  the  scene  has  gone  from  a  condition  of  substantial  foreshortening  in  the 
intrack  axis,  to  full-on  viewing,  to  foreshortening  as  it  recedes  from  view.  This 
means,  in  effect,  that  all  points  above  and  below  the  line  through  the  stabilization 
point  appear  to  move  closer,  then  move  sway;  in  other  words,  the  geometry  of  the 
encounter  introduces  focal  plane  motion  of  almost  all  points  in  the  scene.  If,  in 
addition,  the  stabilization  point  is  displaced  to  one  side  of  the  satellite  ground 
track,  equivalent  geometric  distortion  occurs  across  the  image.  It  is  only  at  the 
instant  that  the  sensor  is  pointed  directly  down  that  there  is  no  geometrically  induced 
motion.  Hence,  it  is  at  this  point  that  drift  due  to  the  sensor  pointing  system 
strictly  applies. 

Error  budgets  were  derived  for  several  different  intrack  angles,  but  the  one  most 
stressing  for  the  pointing  system  is  for  an  intrack  angle  of  0  degrees;  i.e.,  looking 
straight  down.  A  detailed  error  budget  breakdown  is  inappropriate  here,  but  Table  1 
shows  the  overall  distribution  between  spacecraft,  sensor  hardware,  and  sensor 
software.  The  numbers  shown  are  for  0.95  probability,  i.e.,  they  are  approximately 
twice  the  standard  deviations.  The  spacecraft  contribution  is  primarily  due  to  ACDS 
errors,  with  contributions  from  various  misalignments.  Those  listed  as  servo  are  due 
to  all  hardware  and  sensor  misalignment  contributions,  while  commands  refers  to  errors 
in  spacecraft  rate  estimation,  extrapolation,  and  errors  due  to  simplifications  made  in 
the  pointing  equation  computations  for  reasons  of  computational  efficiency. 

The  errors  estimates  given  in  the  table  were  provided  by  Alex  Cormack  of  Rockwell 
International,  who  has  played  a  major  role  in  the  pointing  syBtem  development. 

Portions  of  the  error  budget  have  been  substantiated  by  test,  but  final  verification, 
of  course,  awaits  flight  test  data. 

Conclusions 

The  servo  design  was  analyzed  and  simulated  extensively  (Ref.  5),  and  development 
was  carried  out  using  breadboarded  flight  hardware,  both  for  software  development  and 
performance  verification,  by  Rockwell  International  at  Seal  Beach,  California.  Rigid 
body  gain  and  phase  margins  are  ample,  and  flexible  body  margins  are  predicted  to  be 
adequate.  Ground  testing  of  the  flight  system  shows  essentially  deadbeat  response,,  and 
servo  gains  can  be  adjusted  on  orbit  by  means  of  uplink  command,  should  this  be 
necessary.: 

One  aspect  of  performance  verification  that  is  worthy  of  note  is  the  difficulty  of 
performing  adequate  test  of  a  system  like  this  on  the  ground.  Due  to  power  and  weight 
limitations,  the  torque  available  is  severely  limited.  Before  the  gimbal  servos  will 
operate  at  all,  the  large  gimballed  mass  must  be  balanced  almost  perfectly.-  This 
entails  placing  the  assembly  witn  the  intrack  axis  vertical,  and  balancing  the 
crosstrack  axis  with  adjustable  weights.  Low  temperature  vacuum  operation  on  orbit 
necessitated  the  use  of  special  lubricant  in  the  crosstrack  bearings,  which  is  subject 
t  >•  oxidation  when  the  bearing  is  operating.  This  required  the  use  of  a  dry  nitrogen 
p 'rge  of  the  crosstrack  bearings  any  time  they  were  subject  to  movement.,  Accuracy 
verification  of  the  spacecraft-mounted  sensor  could  only  be  done  with  the  spacecraft  on 
its  side,  which  required  that  the  theodolites  were  operated  ten  to  fifteen  feet  above 
ground.  Despite  these  obstacles,  the  system  was  thoroughly  tested  and  shown  to  meet 
and  exceed  all  performance  requirements. 
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Figure  1.  Teal  Ruby  Satellite 
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INTRODUCTION 


Th*  steadily  increasing  capability  of  air  defence 
system  In  Central  Europe  is  constantly  straining  the 
balance  between  a  ground  attack  pilot's  effective 
mission  accomplishment  and  his  survivability.  In 
striving  to  avoid  detection  by  enemy  forces  he  has 
been  forced  into  maximising  the  use  of  darkness, 
terrain  screening  and  poor  weather  -  the  very 
conditions  which  make  his  task  of  accurately  detecting 
and  attacking  targets  deep  in  enemy  territory  most 
difficult.  This  requirement  is  reinforced  by  the 
progressive  and  demonstrated  ability  of  opposing 
ground  forces  to  operate  during  the  hours  of  darkness, 
as  well  as  the  need  to  make  maximum  use  of  expensive 
resources. 


Fig.  1  Average  Weather  Conditions  -  Central  Europe 
in  Winter 


Fig.  1  shows  the  average  weather  conditions  during 
the  24  hour  period  of  a  mid  European  winter.  Current 
day  VMC  attack  aircraft  could  only  be  effective  for 

some  2(IX  of  the  time.  This  operating  period  could  be 
more  than  trebled  by  the  use  of  passive  Forward 
Looking  Infra  Red  (FUR)  sensors.  A  FLIR  image 
projected  onto  an  advanced  wide  angle  Head-up  Display 
can  provide  the  pilot  with  a  forward  view  very 
similar  to  his  normal  daylight  one,  and  with  the 

added  advantage  of  a  hotspot  target  detector  system. 
Helmet  mounted,  image  intensifying  Night  Vision 

Goggles  extend  his  all-round  view,  enabling  low  level 
manoeu-  ring  flight  even  in  overcast  starlight 
conditions. 

These  advanced  electro-optical  night  vision  systems 
are  relatively  simple,  passive  in  their  operation  and 

virtually  impossible  to  detect.  Nevertheless,  there 
remains  seme  30X  of  the  time  when  even  aircraft  so 
equipped  would  be  grounded,  because  of  adverse  weather 
conditions. 

Full  24  hour  all-weather  low-level  attack  capability 
has  been  available  for  some  time,  demonstrated 
particularly  in  the  Fill  and  Tornado  aircraft. 
However,  this  capability  has  been  achieved  at  very 
high  cost  and  hitherto  has  relied  on  the  use  of 
active,  detectable  sensors  such  as  ground  mapping  and 
terrain  following  radars. 


In  order  to  permit  the  jround  attack  the 
flexibility  of  full  night  aw,  weather- independent 
capability  whilst  at  the  same  time  minimising  the 
probability  of  detection  to  active  sensor 

emissions,  GEC  Avionics  Ltd  has  for  some  time  been 
directing  its  efforts  in  the  overall  field  of  stealth 
operations  and  has  been  innovative  .in  developing  the 
concept  of  Total  Terrain  Avionics  (T‘A). 


TZA  Is  an  integrated  system  in  which  various 
operational  capabilities,  hitherto  treated  as 
independent  functions,  are  linked  and  enhanced  by  the 
enormous  potential  availeble  from  an  on-board  digital 
database.  The  range  of  systems  benefitting  from  this 
database  are  outlined  at  Fig.  2.  This  capability  has 
devolved  as  three  key  technologies  have  reached 
sufficient  maturity  to  make  their  introduction  into 
the  airborne  environment  a  practical  exercise.  These 
enabling  technologies  centre  on: 

o  Digital  Nass  Memory. 

o  Display  Capability. 

o  Data  Processing  Techniques. 


Enhanced  Displays 

Map,  Radar,  FLIR, 
EScope 

Navigation 
TRN,  TF,  TA,  GPW 
Weapon  System 

Passive  Ranging, 
SOM  Targetting 

Delensive  Aids 
Threat  Localion 
Management 


Mission  Planning 
Mission  Debrief 
Embedded  Training 


Fig.  2  Database  Concept 
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Digital  Hass  Memory 

The  first  development  it  the  ttortge  capability  of 
aircraft  digital  mat  memorial.  Only  relatively 
recently  have  such  memoriae  reached  a  practical  atage 
where  the  large  amount!  of  data  needed  can  be  atorad, 
rapidly  retrieved  end  proeeeaed. 

Practical  experience  and  theoretical  analyaia  have 
ted  to  the  choice  of  solid-state  at  the  data  bate 
memory  medium.  Superior  operational  and  logiatlc 
benefit!  accrue  from  using  semi-conductor  memories 
rather  than  magnetic  tape  or  laser  disc.  Because  of 
the  widespread  and  rapidly  expanding  use  of 
non-volatile  semi-conductor  memory  and  its  rapid 
development,  a  future  increase  in  density  and  speed 
coincident  with  reduction  in  coat  offers  considerable 
benefits  in  terms  of  memory  expansion  and  flexibility 
of  use. 

The  main  advantage  of  video  cassette  as  the  memory 
medium  is  the  large  storage  provided,  around  IS  bit, 
at  a  relatively  low  unit  price.  In  addition,  if  a 
VH$  standard  were  adopted,  logiatlc  advantages  would 
accrue  from  the  multi -sourcing  of  a  casaette  hardly 
bigger  than  a  conventional  audio  one.  However, 
there  ere  a  number  of  significant  disadvantages  which 
make  a  video  cassette  reader  unattractive  in  the 
airborne  application. 

Environmental  performance  is  limited  by  the 
mechanical  construction  of  the  head  drun  assembly  in 
helical  scan  recorders  and  the  tape  material  itself. 
Hermetic  sealing  of  the  cassette  package  might  extend 
the  tape's  lower  operating  temperature  but  high 
temperature  operation  would  still  be  severely  limited, 
probably  to  71  °C.  The  player  would  need  a  heater  in 
order  to  prevent  condensation  which  would  otherwise 
rapdil,  degrade  the  tape  by  creating  drop  outs.  It 
is  likely  that  a  strict  maintenat.ce  procedure  of 
cleaning  the  player  would  be  required  in  order  to 
prevent  the  build  up  of  oxide  on  the  heads.  The 
tape  transport  speeds,  unidirectional  play 
characteristic,  head  drum  synchronization  time  and  the 
serially  recorded  nature  of  the  data  all  have  an 
adverse  affect  on  access  time.  Editing  the  tape,  by 
overwriting  data  with  new  data  is  e  complicated 
process  requir'ng  quite  sophisticated  equipment  and  a 
reasonable  level  of  operator  skill. 

The  laser  disc  mediun  has  the  advantages  of  large 
storage  capacity  (300M  bytes/side)  and  low  cost  disc 
reproduction.  However  there  are  disadvantages  which 
include  hermeticity,  temperature  range,  altitude 
ceiling  and  vibration  effects.- 

Hermeticity  considerations  may  require  a  trade  off 
against  altitude  which  at  present  is  limited  to  around 
4,500  metres.  Thia  problem  arises  from  disc 

construction  techniques.  Temperature  range  at  present 
is  limited  to  10°C  to  45°C  mainly  determined  by  the 
focussing  arrangements  of  the  laser  when  reading  from 
the  disc. 

Vibration  probtems  ere  associated  with  read  head 
construction  and  can  be  severe.  Spot  size  on  the 
disc  is  of  the  order  of  )j-2jzm  end  the  focus  and 
position  of  the  read  head  must  fce  constrained  to 
limits  of  this  order.  The  solution  might  reduce  the 
storage  capacity  of  the  disc  significantly. 

The  mechanically  complex  system  needs  regular 
cleaning  and  calibration,  adding  to  the  overall  cost 
of  ownership. 


These  problem*  will  almost  certainly  be  overcome 
but  the  timescale  for  achieving  success  is  uncertain. 
The  best  forecasts  are  2-3  years  for  prototype  systems 
with  production  -2  years  later,  giving  a  possible  3-5 
year  tiisescele.  GEC  Avionics  are  keeping  a  close 
watch  on  the  '"■velopment  of  these  systems  and  making 
provision  their  inclusion  when  and  if  their 

potential  is  ,  If i t led. 

EPROM  storage  has  two  distinct  advantages  over  the 
previous  options:  it  operates  satisfactorily  over  a 
wider  temperature  range  and  ha*  a  substantial ly  faster 
occess  time.  By  its  very  nature  this  type  of 
semi-conductor  memory  allows  any  byte  to  be  accessed 
within  the  same  time  period,  typically  250ns.  The 
reliability  will  be  superior  to  a  magnetic  tape  system 
end  the  cost  of  ownership  lower.-  Although 
3omi -conductor  non-volatile  memories  are  cycle  limited, 
the  nurber  of  write  cycles  available  will  far  exceed 
any  possible  requirement.  UV  EPROMs,  when  packaged  in 
hybrids,  give  a  memory  unit  that  is  of  similar  size 
and  capacity  to  a  digital  recorder  but  consumes  only 
a  third  of  the  operating  power.  A  number  of 
suppliers  are  available,  permtting  multiple  sourcing. 
Because  EPROM  technology  has  not  yet  reached  maturity, 
the  future  looks  very  encouraging  in  terms  of 
increasing  density  and  reducing  cost.  1M  bit  military 
parts  are  currently  flying  in  GEC  Avionics  equipment 
end  4M  bit  devices  are  expected  to  be  available 
during  1988. 

The  major  current  limitation  association  with  the 
use  of  UV  EPROMs  is  the  time  required  to  reprogramme 
the  full  store.  Memory  manufacturers  have  programnes 
aimed  at  reducing  both  erasure  and  programing  time 
which  should  minimise  this  limitation. 

Electrically  Eraseable  PROM 

EEPROM  has  the  same  operating  advantages  as  UV 
EPROM  with  the  addition  of  faster  write  times  and  no 
requirement  for  erasure.  The  complete  memory  can  be 
re-programmed  in  a  few  minutes  using  the  page  mode 
facility  linked  to  a  multiplexing  system.  In  this 
respect  it  is  the  fastest  option.  The  read  access 
time  is  similar  to  that  of  EPROMs.  The  main 
disadvantage  of  EEPROM  et  the  moment  is  its  high  cost 
relative  to  the  UV  EPROM. 

It  is  worthwhile  considering  the  long  term 
forecasts  of  certain  device  manufacturers  who 
are  prockjcing  both  EPROM  and  EEPROM,  together  with  the 
individual  opinions  of  members  of  working  parties 
considering  non-voletlle  memories.  In  the  short  term, 
although  the  relative  cost  of  EEPROM  to  EPROM  may  not 
change  by  much,  the  reel  cost  of  both  memory  types 
will  fell  significantly.  As  a  result  the  cost  of 
manufacturing  a  hybrid  package  will  become  the  largest 
single  cost  element  in  the  couplet*  memory  and  the 
cost  d'fference  between  EEPROM  and  EPROM  will  become 
lest  significant.  In  the  longer  term,  perhaps  by 
1990,  the  improvement  in  EEPROM  technology  end  the 
increasing  demand  will  mek*  EEPROM  similarly  priced  to 
EPROM. 

Displays  Capability 

The  second  development  is  in  the  dramatic  advance 
of  information  display  technology  using  high 
brightness,  high  resolution,  shadow  mask  colour  CRTs. 

Capable  of  either  cursive,  raster,  or  a  combined 

format,  complex  colour  imeges  can  be  displayed  such  as 
low  level  aeronautical  chart*  with  mission  overlay 
synbology,  and  viewable  in  all  astdent  lighting 
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looking  Infra-Red  (FlIR)  picture  to  the  same 

resolution  at  might  b*  achieved  on  a  monochrome 
display.  This  multi-function,  colour  technology 
permits  vast  amounts  of  complex  information  to  be 
presented  in  easily  discernible,  readily  assimilated 
form. 
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0«t«  Processing  Techniques 

Thirdly,  between  data  storage  and  data  display, 
extensive  processing  U  required.  Th*  advent  of  vary 
large  acalt  Integration  of  digital  circuitry 
tachniquaa,  eostinsd  with  tha  (ataat  high  apaad 
digital  procaaaora,  enabla*  tha  complex  manipulation 
of  vaat  aaiountt  of  data  to  ba  accomplished  in  raal 
time. 

Tha  Total  Terrain  Avlonica  concept  uses  tha 
potential  available  from  digital  databases  in  both 
flight  planning  and  flight  aiding.  It  providea  tha 
operational  aircrew  with  an  integrrted,  covert  system 
Introducing  new  or  improved  capability.  The  system 
can  be  broken  down  into  four  general  areas. 

o  Database. 

o  Functions. 

o  Displays. 

o  Mission  Planning. 

Database 

Fig.  2  shows  how  the  database  can  be  considered  as 
a  series  of  function  files  of  information  to  meet 

differing  operational  requirements. 

Elevation  Data  fa  required  to  support  the  terrain 
referenced  navigation  and  passive  terrain  following 
functions  in  addition  to  enhancing  the  capability  of 
both  head-up  and  head-down  displays.  The  main  source 
of  this  information  is  OLMS  DTED.  This  is  a  US 
Government  system  based  on  a  matrix  of  height  posts 
to  a  grid  spacing  of  approximately  100m.  The  data  is 
available  ot  an  absolute  accuracy  of  30m  and  a 
resolution  of  1m  which  is  more  than  adedquate  to 
support  the  required  functions. 

The  digital  database  used  in  the  GEC  Avionics 
equipment  is  prepared  in  PIXEL  format.  There  are  plans 
in  the  USA  and  in  the  UK  for  standard  digital 
databases  for  cultural  data  to  become  available  from 

the  early  1990s.  Present  coverage  is  far  from 
complete  and  in  the  meantime  other  sources  are  being 
used.  In  all  cases  the  source  data  is  converted  to 
PIXEL  format  during  database  preparation. 

The  cultural  database  can  be  obtained  from  a  nueber 
of  sources  including  digitized  chart.  Digital  Feature 
Analysis  Data  (DFAD)  and  satellite  data.  The 

equipment  stores  the  information  in  such  a  way  that 
any  combination  of  these  sources  can  be  used  without 
hardware  changes. 

Digitized  chart  information  is  prepared  by 

digitizing  either  the  complete  paper  map  or  the 

original  "Feature  Plane"  negatives  or  positives. 
Digitizing  in  planes  gives  the  ability  to  declutter  at 
Feature  Plane  level  in  flight.  It  also  provides  an 
economical  and  quick  method  for  obtaining  large  areas 
of  digitized  cultural  data. 

DFAD  has  a  standard  vector  format  and  needs 
pre-processing  on  the  ground  into  pixel  format  for  use 
in  the  system.  DFAD  allows  full  individual  feature 
manipulation. 

For  areas  where  no  recognised  maps  exist  or  where 
avaiUble  maps  are  not  easily  verifiable,  satellite 
imagery  can  be  used.  Some  pre-processing  is  required 
on  the  ground  to  select  the  correct  data  planes. 

In  order  to  minimise  the  size  end  cost  of  the 
store  required  to  carry  the  digital  database  the  data 
is  compressed.  GEC  Avionics  have  a  continuing 
program*  of  research  into  data  compression 
techniques.  The  essential  features  are: 


(a)  The  data  when  decompressed  is  a  true 

representation  of  the  original  i.e.  the 

compression  •  decompression  process  does  not 

offset  image  quality. 

(b>  The  compression  technique  leads  to  a  "real 

time"  decompression  algorithm. 

(c)  Tha  compression  ratio  should  be  as  large  as 

possible  commensurate  with  (a)  and  (b). 

At  present  th*  compression  ratio  obtained  with  good 
quality  map  data  ganerated  by  "feature  plane"  scanning 
Is  8:1  end  meets  (s)  and  (b). 

A  further  improvement  in  affective  storage  density 
can  be  obtained  by  omitting  map  features  which  are 
never  used  in  particular  applications.  Dispensing 
with  redundant  features  would  simplify  th* 
digitisation  process  and  would  result  in  laproved 
compression  ratios.  Th*  customer  would  then  have  the 
choice  of  a  larger  coverage  or  a  smaller,  lets 
expensive  database  memory. 

Mission  specific  data,  probably  including  latest 
intelligence  information  and  chart  amendments  ia 
compiled  at  a  local  ground  station  installed  at 
station  or  squadron  level.  This  additional  data  it 
then  downloaded  to  a  portable  programming  unit  such  as 
a  small  cartridge  which  it  then  carried  out  to  the 
aircraft  to  program*  th*  mission  store.  The  display 
of  this  tactical  information  will  be  in  perfect 
registration  with  the  aeronautical  chart  viewed  on  the 
multifunction  colour  display.  An  example  of  a 
digitised  chart  with  mission  overlay  is  at  Fig.  3. 


FUNCTIONS 

Terrain  Referenced  Navigation  (TRN) 

TRN  provides  an  accurate,  autonomous  navigation 
capability,  which  is  pa-ticularly  suited  to  low 
altitude,  stealth  missions.  The  only  active  sensor  is 
a  low  powered,  downward  looking  radar  altimeter, 
providing  a  covert,  24  hour  all  weather  facility. 

The  concept  of  terrain  referenced  navigation  has 
been  understood  for  msny  years  and  indeed  for  some 
time  has  been  exploited  in  such  systems  as  cruise 
Missiles.  Th*  bssic  principles  of  TRN  are  i-hown  at 
Fig.  4  in  which  series  of  heigh1,  above-ground  samples 
Is  used  to  generate  a  ground  profile.  This  profile 
is  compared  with  th*  on-board  terrain  elevation  data 
base  to  find  a  match  and  hence  a  position  fix. 

Three  types  of  measurement  data  are  required: 

o  A  series  of  ground  clearance  measurements.  This 
is  currently  achieved  by  sampling  the  output  of 

a  radar  altimeter  along  a  stretch  of  ground 
track,  or  transect.  Whilst  the  horizontal 
Interval  between  samples  is  not  critical,  100 
metres  might  be  considered  typical. 

o  A  baro  or  baro- inertial  height  sensor  to 

measure  any  excursions  from  horizontal  flight. 

o  A  dead  reckoning  system  to  plot  the  relative 

horizontal  position*  of  th*  ground  clearance 

measurements.  In  practice  this  tends  to  be  the 
aircraft  IN  system.  Th*  TRN  operates  in 

conjinctfon  with  the  INS  to  provide  an 

integrated,  accurate  and  continuous  navigation 

facility. 
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fig.  3  Hap  Display  with  Overlay 


The  small  capacity  on-board  databases  of  early 
generation  systems  resulted  in  infrequent  fixes  over 

'patches'  of  data  interspersed  with  long  stretches  of 
inertial  guidance.  GEC  Avionics'  SPARTAN  algorithm  is 
a  third  generation  mechanism  of  TRN  which  allows 
greater  accuracy  over  these  first  generation 

eporoaches  by  more  frequent  fixing,  but  without 

resorting  to  the  device  of  terrain  linearisation 

typical  of  second  generation  devices. 

Fixes  ere  not  independent  bit  use  date  from 

preceeding  fixes  .o  improve  the  accuracy  of  the 

current  fix.  Thi  elso  results  in  the  TRN  accuracy 
uupioving  as  the  t..ght  progresses.  Accuracy  petween 
fixes,  or  if  fixing  is  suspended  for  any  reason,  is 
maintained  using  a  Kalman  filter.  This  filter 

contains  a  model  of  the  INS  error  patterns  and  is 

used  as  a  predictor  of  INS  performance.  Consequently 
accurate  navigation  can  be  maintained  during  periods 


RELATIVE  HOROONTAL  LOCATIONS 
OE  RAOAH  ALTWCTEfl  REAOElOS 
BY  CEAO  RECKONL'lO  SYSTEM 


Fig.  4  Terrain  Referenced  Navigation  Principle 
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when  fixing  is  not  available.  During  such  periods, 
the  navigation  accuracy  ia  dependent  on  three  factors: 
the  accuracy  of  the  previous  TUN  fixing,  the  amount 
of  previous  TRN  fixing  and  the  time  from  the  last 
fix.  The  filter  also  produces  an  indication  of  the 
accuracy  of  the  navigation  data.  This  information  is 
used  to  limit  the  area  of  the  database  searched  in 
producing  reference  profiles,  improving  the  accuracy 
of  the  next  fix. 

SPAR  TAM  is  thus  efficient  in  its  use  of  the 
information  provided  by  the  terrain,  but  at  the  same 
time  it  is  robust.  if,  for  example,  a  local  map 
error  results  in  an  erroneous  position  update,  the 
error  will  soon  show  up  as  an  off-centre  peak  in  the 
predicted  pattern,  reinforced  from  transect  to 
transect.  As  this  becomes  apparent  the  system  wilt 
correct  itself  automatically  without  any  need  to 
re-initialfse  using  an  acquisition  mode.  Indeed  no 
special  acquisition  mode  is  provided;  even  from  large 
initial  position  uncertainties  the  system  will  start 
to  generate  frequent  position  corrections  as  soon  as 
the  terrain  information  permits.  Such  position 
uncertainties  might  result  from  long  flight  over  water 
or  flat  terrain,  or  when  u„t  radar  altimeter  range 
of  the  ground  as  is  often  experienced  by  the  air 
defence  fighter. 

The  operation  of  TRN  is  automatic  and  generates 
fixes  without  operator  intervention.  Eliminating  the 
navigation  task  from  crew  workload  allows  greater 
emphasis  to  be  given  to  other  mission  accomplishment 
and  survivability  aspects.  TRN  incorporates  a  steering 
function  enabling  the  aircraft  to  be  directed 
accurately  to  a  target  or  navigation  waypoint.  The 
accurate  present  position  derived  provides  the  crew 
with  a  real  time  representation  of  the  local  cultural 
features  on  the  display.  TRN  performance  can  be 
assessed  by  visually  determining  the  accuracy  of  the 
displayed  present  position  and  by  the  ability  of  the 
system  to  direct  the  aircraft  to  a  designated  target 
or  waypoint. 

Passive  Terrain  following 

Accurate  knowledge  of  aircraft  position  combined 
with  probable  future  track  enables  the  common  terrain 
elevation  working  store  to  be  used  to  calculate  a 
terrain  following  flight  path  or  kinematic  Flight  Path 
(KFP).  This  KFP  will  keep  above,  but  as  close  as 
possible  to  a  specified  minimum  clearance  height 
whilst  respicting  the  aircraft's  dynamic  limits.  Its 
mechanisation  can  be  the  basis  for  flight  director 
commands  for  manual  terrain  following  flight  or  linked 
into  an  autopilot  for  fully  automatic  passive  terrain 
following. 

Immediate  operational  advantages  emerge; 

o  Reaction  in  pilot  workload  from  the  demanding 
task  of  low  level  flight  increases  the  time 
available  for  other  mission  management  tasks. 

o  The  need  for  forward  looking,  detectable  sensors 
such  at  TF  radar  Is  avoided.  Current 
operational  TF  systems  use  a  TF  radar  which 
typically  transmits  mors  than  20  kw  at  peak 
power.  They  make  a  blanket  scan  of  the 
terrain  ahead  within  line  of  sight  of  the 
expected  flight  path  of  tho  aircraft  and  are 
thus  easily  detectable.  With  digital  map  based 
TF,  only  a  low  power,  downward  looking  radar 
altimeter  is  required  making  detection  very 
difficult. 

o  The  digital  database  allows  the  system  to 
anatyse  the  ground  profile  "behind  the  hill"  ■ 
information  not  available  to  current 
line-of-alght  systems.  This  allows  the  kFP  to 
take  account  of  re-entrant  features  with  an 
attendant  reduction  in  exposure  to  threat 
defences. 


The  aircraft  track  needs  to  be  predicted  in  advance 
so  that  the  terrain  to  be  overflown  can  be  accessed 

from  the  terrain  database.  If  the  aircraft  were 
always  flying  u  pre-planned  route  with  a  track  hold 
autopilot  mode  engaged,  the  track  prediction  algorithm 
would  be  very  siirpte.  However  to  provide  a  much  more 
flexible  system  the  CEC  Avionics  TF  system  predicts 

the  aircraft  track  continuously  from  sensed  aircraft 

dynamic  parameters.  This  allows  complete  freedom  of 
manoeuvre  and  departure  from  planned  track  whilst 
stilt  maintaining  automatic  tow  level  flight. 

A  possible  early  problem  will  be  pilot  reluctance 
to  trust  their  safety  to  a  terrain  database  in  the 
same  way  that  active  TF  systems  were  not  popular  when 
first  introduced.  The  problem  of  confidence  in  the 
DTED  may  be  overcome  by  using  existing  radar  TF 
occasionally  to  confirm  the  passive  TF.  Since  the 
power  needed  to  detect  en  object  increases  with  range 
to  the  fourth  power,  then  the  power  of  an  active 
radar  may  be  dramatically  reduced  by  using  DTED  to 
supply  long  range  data.  This  reduction  of  power 
greatly  -ncreases  stealth.  The  radar  can  be 

switched  off  totally  or  pulsed  infrequently  once 
confidence  In  the  passive  TF  has  developed. 

uruund  Voximity  Warning 

By  conparing  an  aircraft's  flight  parameters 
(altitude,  velocity,  rate  of  cliob/descent,  etc.)  with 
its  present  position,  a  GPW  function  will  predict  when 
the  aircraft  will  descend  below  a  pilot  selected 
minimus  safe  height.  This  can  be  an  invaluable  aid 
in  preventing  ground  and  obstacle  impacts  from  such 
causes  as: 

o  Late  aborts  from  low  level  flight  in  marginal 
weather  conditions.. 

o  Lack  of  knowledge  of  local  terrain. 

o  Rapid  descent  to  low  level  -  especially  through 
cloud. 

o  Temporary  distraction  whilst  flying  at  low 
level.- 

Passive  Target  Ranging 

knowledge  of  aircraft  precise  oosition  from  TP-i  or 
CPS,  and  target  bearing  from  either  HUD,  h:'met 
mounted  sight,  or  processed  FUR  image,  real  tune 
computations  of  plan  range  end  height  above  target  con 
be  produced  to  support  the  weapon  aiming  system. 

Stand  Off  Missile  Targetting 

A  DTED  subset  could  be  downloaded  into  a  stand  off 
weapon  prior  to  launch  enablng  the  expendable  store  to 
use  a  email  memory  whilst  still  retaining  the 
operational  flexibility  of  last  minute  re-targetting. 


DISPLAYS 

The  ability  to  manipulate  the  different  types  of 
information  contained  in  the  onboard  database  has  led 
to  exciting  developments  in  the  way  that  such 
information  can  be  displayed  to  the  flight  crew.  Some 
of  these  advanced  techniques  are  described  below. 

Basic  Navigation  Display 

The  basic  navigation  display  provides  the  pilot 
with  a  real  time  representation  of  cultural,  elevation 

ftrvi  *+rorjmt  irml  fnfnrmmtirtn  «i »o  *^'_“sd  C*  Ct2*'ds"d 

aeronautical  charts.  The  display,  normally  presented 
in  a  selectable  North  or  Track  orientated  form,  is 
based  on  the  aircraft  present  position  and  derived 
through  the  interrogation  and  manipulation  of  the 
dlgitel  database.  It  is  a  highly  flexible  system 
offering  meny  facilities  including: 
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Scroll  «nd  rotation: 

Smooth  scrolling  and  rotation  of  the  display 
without  plctura  break-up  during  all  aircraft 
speeds  and  turn  rates. 

Zoom: 

The  display  can  be  zoomed  to  magnify  the  image. 

Scale  change: 

On  demand,  the  displayed  map  can  be  replaced  with 
one  of  a  different  scale  almost  instantaneously. 

Look  ahead: 

The  area  being  displayed  can  be  mo  red  to  provide  a 
look  ahead  facility,  so  previewing  a  particular 
navigation  point  or  target. 

Display  of  present  position: 

Aircraft  present  position  can  be  displayed  screen 
centre  or  offset  towards  the  bottom  of  the  display 
to  provide  increased  look  ahead. 

Colour  palette  modification: 

Variable  colour  palette  options  allow  colours  to 
be  manually  or  automatically  selected  according  to 
user  requirements  and  ambient  lighting  conditions. 
Thus  it  is  possible  to  match  the  display  colour 
palette  to  suit  the  multi -function  display  CRT 
phosphors  and  filters  as  well  as  Night  Vision 
Goggles. 

De-clutter: 

Where  the  cultural  database  has  been  prepared  from 
separate  'feature  planes',  a  de-clutter  facility 
can  be  provided  editing  features  from  the  final 
display  to  provide  a  simplified  picture. 

Display  Enhancements 

In  addition  to  the  display  of  basic  navigation 
information  derived  from  the  digital  store,  the  fusing 
of  cultural  and  elevation  databases  combined  with 
symbol  generation  can  lead  to  impressive  operational 
enhancements.; 

Mission  and  intelligence  data  can  be  overlaid  in 
registration  by  the  inclusion  of  symbol  generation. 
Fig.  3  shows  a  basic  navigation  display  of  1:500,000 
scale  chart  of  the  eastern  seaboard  of  the  USA  with  a 
range  of  possible  overlay  facility  options.  The 
information  can  be  loaded  pre-flight,  manually  updated 
and  amended,  or  indeed  modified  by  data  link. 

Tha  digital  terrain  elevation  data  used  by  the  TRN 
and  TF  can  be  used  as  a  source  of  height  data  to 
produce  altitude  sheding  on  existing  maps  by  assigning 
colours  according  to  altitude.  The  boundaries  between 
colours  form  contours  which  may  be  displayed  if 
desired.  An  example  of  altitude  shading  is  shown  at 
Fig.  5.  The  different  colour  bands  correspond  to 
ranges  of  terrain. 

Producing  the  altitude  shading  from  the  DTEO  has 
several  advantages.  The  data  is  rore  accurate  than 
existing  contour  --hading  and  it  is  possible  to 
highlight  hazardous  terrain  by  displaying  terrain 
higher  than  the  aircraft  in  shades  of  red.  In 
addition,  the  terrain  «h»Hinn  contours  derived 

from  paper  map  data  are  no  longer  required  and  may  be 
omitted,  thus  offering  significant  reductions  in  data 
store  size. 

A  passive  radar  display  eliminates  the  need  for 
undesirable  aircraft  radar  transmissions.  For  radar 
bombing  attacks  the  real  radar  need  be  switched  on 


only  when  ihe  covert  pseudo-radar  display  indicates 
that  the  radar  could  obtain  valid  target  returns.  This 
greatly  irw- eases  the  stealth  of  the  attack  as  radar 
emissions  need  not  take  piece  until  the  final  approach 
to  target.  The  aircraft  radar  ground  returns  are 
simulated  by  determining  which  points  on  the  ground 
are  visible  to  the  aircraft.  This  is  performed  by 
staple  line  of  sight  calculations  based  on  the 
mathematics  of  similar  triangles.  These  calculations 
determine  areas  of  radar  shadow. 

A  typical  passive  pseudo-radar  display  is  shown  in 
Fig.  6.  The  terrain  altitude  is  shaded  as  in  Fig. 
5,  and  areas  not  detectable  are  displayed  in  shades 
of  grey. 

Because  of  the  improved  low  altitude  capability  of 
modern  surface-to-air  systems,  it  has  become  essential 
to  take  full  advantage  of  any  available  terrain 
screening.  Real  time  llne-of-sight  Intervisibility 
calculations  between  known  radar  sites  end  the 
operational  low-flying  aircraft  can  be  used  to  display 
threat  zones.  As  an  example.  Fig.  7  shows  the 

missile  sites'  capability  against  an  aircraft  flying 
at  70m. 

The  pilot  may  easily  determine  the  threats  from  the 
display  and  modify  his  selected  route  accordingly 
either  to  avoid  or  indeed  attack  the  threat  from  the 
least  vulnerable  sector.-  This  type  of  display  mode 
wilt  be  Invaluable  during  the  mission  planning  phase 
if  the  threats  are  ascertained  prior  to  the  mission. 
In  the  event  of  new  threats  being  located  and 

transmitted  to  the  aircraft  during  flight  via  data 
link,  these  could  be  displayed  automatically  with 
their  associated  threat  zones.  New  threats  detected 
en- route  could  also  be  noted,  recorded  for  future  use 
or  disseminated  to  other  aircraft., 

A  synthetic  Image  of  the  terrain  ahead  can  be 
computed  from  the  elevation  data  and  known  aircraft 
parameters  and  then  displayed  perspective^  on  a  wide 
angle  field  of  view  Head  Up  Display  (HUD).  This 
Pilot  Low  Altitude  Terrain  Overlay  (PLATO)  will 
operate  across  the  full  flight  envelope  of  low  level 
fast  jet  operations. 

With  precise  information  this  image  will  accurately 
overlay  the  real  world  as  seen  through  the  head-up 
display  or  overlay  an  equivalent  FLIR  view.  It  would 
continue  to  provide  the  pilot  with  terrain  information 
even  if  he  lost  sight  of  the  ground  temporarily  in 

sporadic  cloud  or  in  conditions  of  poor  visibility. 
Such  en  overlay  can  also  be  most  useful  in  augmenting 
a  FLIR  image  by  picking  out  ridge  lines  which  can 
often  be  confused  with  other  boundaries,  such  as  those 
occurring  between  different  types  of  vegetation  or 
when  FLIR  range  it  attenuated  by  meteorological 

conditions.  The  resultant  composite  display  can  be 

viewed  by  the  pilot  head-up  or  head-down. 

A  typical  PLATO  display  superimposed  on  the  HUD  is 
shown  at  Fig.  8. 

Whilst  these  developments  in  information  display  are 
geared  primarily  to  the  demanding  and  hostile  world  of 
low  level  operations,  they  can  also  be  used  to  assist 
the  air  defence  pilot  operating  from  medium  level. 

A  plan  view  of  the  terrain  showing  sun  or 

synthetic  radar  shadowing  allows  the  pilot  to  assess 
such  variables  as: 

o  The  optimun  Combat  Air  Patrol  height  to  fly  to 
ici  lain  ooycuration. 

o  Areas  where  the  look-down/shoot  down  missile 

might  lose  target  tracking  after  launch  due  to 
terrain  screening. 


Fig.  5  Altitude  Shading  Using  Digital  Terrain  Elevation  Data 


A  long  rsnge  oblique  view  of  an  area  of  terrain 
can  be  displayed  head-down  to  present  the  overall 
ground  profile  situation.  This  three  dimensional 
image  is  well  suited  to  the  display  of  tactical  air 
defence  information  such  as  might  be  received  by 
military  data  link. 

Mission  Flanning 

The  capabilities  described  above  are  either  under 
development  or  in  production.  The  Digital  Colour  Map 
Unit  (OCMU)  is  in  production  for  both  air  and  ground 
applications  it  is  a  major  step  forward  in  the 
presentation  and  management  of  topographical  map  and 
other  related  informjation  in  an  efficient,  economic 
and  flexible  manner.  As  with  the  TRN/TF  equ'pments, 
this  is  the  aircraft/end-user  element  of  a  three  part 
system  which  ensures  that  a  high  degree  of  operational 
flexibility  is  retained  whilst  achieving  reliability 
and  maintainability. 


Main  Ground  Station 

The  three-stage  concept  assumes  that  the  main 
topographical  database  would  be  prepared  off-line  and 
distributed  by  a  central  agency  who  would  be 
responsible  for  its  accuracy,  integrity  and 
maintenance.  The  procedures  would  be  comparable  with 
those  currently  used  for  distribution  and  maintenance 
of  paper  maps  and  of  film  strips  prepared  from  them. 
A  digital  database  is  simple  to  maintain  and  update 
but  mandatory  procedures  and  rules  would  be  needed  to 
ensure  that  equipment  manuf actui era  or  users  did  not 
impair  the  integrity  of  the  database  by  conversion, 

manipulation,  compression/decompression  or  other 
techniques.  The  responsible  authority  could  exercise 
control  by  allowing  only  approved  techniques  to  be 
applied  in  modifying  and  handling  the  data.  Updates 

and  amendments  would  be  generated  by  the  agency  who 

would  ensure  that  all  the  users  were  at  the  same 
issue  state.  Distribution  could  be  tape,  disc  or 
over  telephone  lines  with  safeguards  to  avoid 
corruption  of  data  c.">  bvir.y  mwi pvi tiled  m  me-  usci 
database.  For  areas  not  covered  by  the  Agency  database 
other  methods  such  as  digitizing  paper  maps  or  their 
feature  planes  could  be  used,  subject  to  approval  by 

the  Agency. 


Fig.  8  PLATO  Overlay  On  Heed  Up  Duplay 


Local  Ground  station 

The  second  stage  is  at  squadron  or  base  level.-  A 
subset  of  the  total  agency  database  covering  the  full 
operational  area  for  the  uiit  would  be  maintained. 
Facilities  would  be  available  to  overlay  the 
topographical  database  with  useful  information  such  as 
intelligence,  threat  zones,  allied  and  enemy  force 
dispositions  and  mission-specific  information  Including 
routes,  initial  points,  targets,  alternates  and  timing 
points.  The  overlay  would  be  prepared  us'ng  a  large 
screen  monitor  showing  the  operational  area  at  large 
map  scale  end  a  micro- computer  keyboard  end  cursor  to 
position  and  enter  information  <see  Fig.  9). 
Intelligence  and  threat  information  could  be  kept  up 
to  date  as  new  information  was  received  end 
mission-specific  information  added  Immediately  prior  to 
going  out  to  the  aircraft. 


would  permit  3-D  planning  such  as  perspective  displays 
of  the  attack  phase  of  the  mission  to  determine  the 
optimum  direction  of  approach.  Techniques  such  as 
automatic  preferential  routing,  taking  account  of 
threats,  terrain  screening  and  ground  obscuration  can 
be  incorporated  to  suit  the  operator's  needs. 

This  mission-specific  data  could  be  loaded  into  the 
aircraft  database  by  means  of  a  small  cartridge  data 
transfer  module  direct,  or  vie  the  aircraft  data  bus. 
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CO’  FUSION 

The  force*  opposing  the  NATO  alliance  are 

constantly  improving  their  capability  in  the 
detection,  loCLtlon  and  interception  of  attacking 
aircraft.  The  ground  attack  pilot's  survival  depends 
upon  his  ability  to  conceal  his  approach  by  minimising 
hi*  aircraft  signature  In  all  visual,  thermal, 
acoustic  and  electronic  aspects.  In  attempting  to 
achieve  this,  he  is  forced  to  fly  st  altitudes  and 
periods  of  the  day  which  make  the  very  essence  of  his 
mission  most  difficult  to  accomplish.  From  this 
background  has  emerged  the  general  concept  of 

■stealth1.  The  introdjctlon  of  passive  electro 

optical  sensors  in  the  form  of  FLIR  and  NVGs  has  been 
a  significant  step  forward  In  aiding  the  confcat  pilot 
in  this  hostile  environment.  TF  radars  enable  low 
level  flight  in  all  weathers.  However,  the  FL1R/NVG 
combination  Is  not  all  weather  and  TF  radars  are  not 
stealthy. 

Recent  developments  in  date  storage,  advanced 
processing  techniques  and  highly  efficient  display 
presentation  have  been  Instrumental  in  enabling  covert 
operations  to  take  place  in  all  weathers,  Preciae 

autonomous  navigation  and  terrain  following,  with  the 
threat  of  detection  minimised,  it  now  available  to  the 

modern  combat  pilot,  freeing  him  to  concentrate  on 

successfully  achieving  the  aims  of  his  mission. 

The  potential  for  digital  databases  in  Flight 

Planning  and  Flight  Aiding  for  Combat  Aircraft  is 
recognised  and  equipments  are  now  being  procured  for 

military  use.  The  capabilities  described  in  this 
paper  are  all  feasible,  and  are  being  integrated,  into 
GEC  Avionics'  system  of  Total  Terrain  Avionics  n‘A). 
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SUMMARY 

The  paper  describes  a  unified  approach  to  thi'  assessment  and  selection  of  inertial  system  solutions  for 
artillery  applications.  Whilst  the  main  emphasis  of  the  presentation  Ilea  in  the  field  of  self-propelled 
guns  (SPG)  and  mobile  observation  post  vehicles  (OPV) ,  it  is  advocated  that  similar  cohesive  treatments  of 
system  analysis  can  and  should  be  applied  to  other  component  variants  of  the  artillery  system  such  as  rocket 
launchers,  target  locating  radars  and  remotely-piloted  vehicles.  A  brief  review  of  the  current  gun 
deployment  method  is  presented,  followed  by  a  description  of  the  analytical  harmonization  process  carried 
out  to  define  the  inertial  system  performance  requirements.  The  paper  highlights  the  environmental  and 
mechanical  factors  associated  with  the  installation  of  an  inertial  system  on  the  gun  trunnion  and  the 
special  techniques  to  be  applied  in  their  testing  and  measurement.  The  use  of  the  Global  Positioning 
System  (GPS)  in  both  stand-alone  and  integrated  modes  is  briefly  discussed. 


INTRODUCTION 

The  function  of  an  artillery  weapon  system  is  to  fire  a  projectile  from  one  point  to  another  such  that 
it  falls  with  a  prescribed  accuracy,  consistency  and  precision,  all  of  which  are  Influenced  by  four  main 
sources  of  error,;  viz: 

a.  variations  in  internal  ballistic  and  gun  dynamic  parameters. 

b.  deviations  from  the  predicted  ballistic  flight  path. 

c.  uncertainties  in  the  location  of  the  tr.rget  with  respect  to  the  weapon  delivery  means. 

d.  deviations  in  gun  orientation  angles  from  the  Command  values 

The  first  two  error  sources  are  governed  by  factors  outside  the  scope  of  this  paper,  although  their 
practical  magnitudes  have  been  taken  into  account  in  order  to  achieve  a  well  balanced  perspective  on  the 
third  and  fourth  and  on  the  optimum  overall  error  budget.  In  contrast,  from  technological  and  operational 
viewpoints,  the  location  of  target  and  weapon  delivery  means  and  the  static  lay  of  the  gun  barrel  are 
inherently  concerned  with  positioning  and  orientation  determining  processes.  Current  developments  in  both 
the  SPG  and  the  OPV  indicate  that  on-board  inertial  systems  will  greatly  enhance  the  operational  value  and 
survivability  of  these  elements  in  the  future  battlefield  environment  and  that  careful  harmonization  of 
their  respective  requirements  may  lead  en  benefits  in  terns  c£  svcr-ll  pettormance  and  cost 

effectiveness. 

DEPLOYMENT 

Conventional  gun  survey 

Guns  in  the  UK  Royal  Artillery  (RA)  are  surveyed*  using  the  Position  and  Azimuth  Determining  System 
(PADS),  a  full  Inertial  navigation  system  (Figure  1).  The  PADS  is  driven  from  a  Survey  Control  Point  to  a 
chosen  battery  position,  a  director  is  sec  up  behind  the  vehicle  and  a  north  reference  is  obtained  via  the 
mirror  on  the  outside  of  the  unit;  a  reference  object  (RO)  is  chosen  and  surveyed  in  from  the  director  and 
the  grid  position  is  obtained  from  the  PADS  display..  When  the  guns  arrive  on  the  position  (Figure  2),  a 
battery  director,  having  received  its  reference  from  the  PADS  director ,•  is  used  to  pass  line  to  each  gun. 
This  is  done  by  aligning  the  Indirect  Fire  Sight  Periscope  of  each  gun  in  turn  to  the  director  and  by 
sending  a  runner  to  shout  to  each  crew  the  relevant  bearing  angle.  Finally,;  each  gun  surveys  its  own  ROs 
using  the  periscope. 

Disadvantages 

There  are  clearly  several  disadvantages  with  this  method  of  deployment.  First  of  all,  the  guns  are 
vulnerable  as  they  are  constrained,  by  the  availability  of  the  survey  party,  to  close  deployment  in 
batteries  of  eight  or,  at  best,  sections  of  four.  As  a  result  they  are  easier  to  detect,  present  a  more 
i  worthwhile  target  to  engage  and  are  likely  to  sustain  more  damage  than  guns  deployed  in  dispersed  positions. 

}  The  guns  are,-  of  course,  essentially  out  of  action  whilst  on  the  move  between  battery  positions  but  their 

&  availability  and  r**rtnnnm  specifically  limited  by  the  tiss  requited  for  survey  ano  tor  tne 

4  determination  of  tlieir  respective  positions  from  the  battery  centre  (at  best  10  minutes);  should  the 

£  battery  be  deployed  in  well  concealed  positions  such  as  towns,  line-of-slght  problems  will  require  several 

line  passes  and  this  will  extend  the  time  significantly.  In  the  event  of  the  guns  being  exposed  to  counter 
battery  *ire,  the  situation  may  potentially  be  worsened  as  a  result  of  damage  to  the  sight  optics  or  of 
obscuration/destruction  of  the  ROs.  Although  PADS  is  comparatively  precise  in  its  position  and  azimuth 
determination  the  benefit  of  accuracy  is  prejudiced  by  the  error*  Incurred  when  passing  line  in  the  manner 
outlined.  Furthermore,  modem  SPGs  are  required  to  fire  at  high  burst  rates,  typically  3  rounds  in  10 
seconds,  and  conventional  sight  referenced  laying  systems  do  not  readily  permit  the  gun  layer  to  achieve 
this  with  the  required  level  of  accuracy  and  consistency.,  It  should  be  noted  that  survey  and  on-board 
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laying  will  often  present  ergonomic  problems.  Personnel  will  be  required  to  operate  precise  optically*' 
referenced  equipment  in  the  dark,  under  adverse  weather  conditions,  wearing  Nuclear,  Biological  and  Chemical 
(NBC)  protective  clothing  and/or  Arctic  weather  equipment.  This  will  further  impact  on  response  and 
accuracy  as  defined  above. 

Target  Observation 

One  of  the  major  methods  of  current  target  observation  relies  or.  a  Forward  Observer  (FO)  in  a  dug*in 
position  using  target  surveillance  equipment.  The  observation  position  and  the  target  bearing  from  it  are 
referenced  to  a  PADS  mounted  in  a  nearby  vehicle  whilst  the  range  to  the  target  is  determined  using  a 
portable  laser  range  finder.  This  approach  to  target  observation  has  a  number  of  disadvantages  including 
slowness  of  response,  inflexibility  of  operation,  difficulties  of  passing  line  and  vulnerability  of  the  FO. 

Flexible  Operation 

Current  developments  in  the  surveillance  and  target  acquisition  area  are  directed  towards  the  use  of 
highly  mobile  OPVs  from  which  targets  can  be  acquired  and  reported  with  an  accuracy  and  response 
comment  urate  with  modern  Command,  Control  and  Communication  Systems.  These  OPVs  will  operate  in  a  fluid 
tactical  manner,^  using  sophisticated  observation  and  ranging  equipment  integrated  with  on*board  position  and 
oriental  ion  sensor*. 

Operational  analyses  have  served  to  highlight  the  limitations  of  the  current  gun  deployment  methods  and 
have  led  to  a  comprehensive  examination  of  a  concept  whereby  SPGs  deploy  in  pairs,  operate  in  a  dispersed 
and  more  flexible  manner  and  are  able  to  come  into  and  out  of  action  within  seconds,-  thereby  avoiding 
detection  and  counter  battery  measures.  To  achieve  this,  each  SPG  would  require  a  system  known  is  the 
Automatic  Gun  Laying  System  (AGLS)  comprising  an  inertial  navigation  system  mounted,  In  an  Integral  fashion, 
with  the  elevating  mass.  When  viewed  in  complement  to  the  need  for  a  similar  facility  on  the  OPV  it  can  be 
seen  that  modern  inertial  technology  is  destined  to  play  a  critical  and  major  role  in  the  future  deployment 
of  such  artillery  systems. 

SYSTEM  ERROR  ANALYSIS 

Bias  and  Random  Errors 

In  discust ing  errors  within  the  artillery  system,  it  should  be  noted  that  traditional  accuracy 
requirements  have  been  primarily  concerned  with  the  random  errors  in  the  system.  For  this  reason 
orientation  and  position  accuracies  have  generally  been  stated  in  terms  of  Probable  Error  (PE)  and  Circular 
Error  Probability  (CEP)  respectively.  These  measures  of  accuracy,  however,  fail  to  capture  the  bias  errors 
in  the  system  anti,  although  a  statement  about  the  relevant  mean  values  is  a  step  in  the  right  direction, 
this  alone  may  prove  inadequate  in  practice  since  it  does  not  permit  a  complete  trade-off  between  the  bias 
and  random  constituents  of  the  total  allowable  error.  This  problem  is  overcome  by  defining  both  of  the 
following  for  each  of  the  sub-system  errors  of  interest:- 

a.  rms  value  for  the  error. 

b.  percentage  of  errors  not  to  exceeo.  a  certain  value  (eg  99%  limit) 

In  the  following  analyses  all  value*  are  rmr 

General  Composition  of  Weapon  Delivery  Errors 

The  weapon  delivery  accuracy  requirement  must  take  account  of  factors  such  as  tactical  procedures, 
target  details,  the  type  and  quality  of  ammunition  to  be  expended,  the  target  range  and  the  damage  level  to 
be  inflicted.  Since  numerous  error  sources  contribute  towards  the  overall  weapon  delivery  accuracy  a 
balanced  apportionment  of  the  error  budget  must  be  mado  to  avoid  a  serious  mismatch  in  emphasis  between  the 
different  components  of  the  system.  In  particular,  the  definition  of  the  performance  characteristics  of  the 
inertial  systems  for  the  SPG  and  the  OPV  must  be  based  on  a  joint  consideration  of  the  influences  of  these 
on  overall  delivery  effectiveness.  As  an  illustration,  consider  a  situation  where  a  projectile  is  required 
to  fall  within  a  distance  X  from  the  target  position.  This  error  is  defined  by  the  expression:- 


X  •* 

where  is  the  gun  delivery  error,; 

*2  is  the  gun  location  error,, 

*3  is  the  target  location  error. 

The  gun  contribution,  oj,  is  composed  of  a  number  of  major  error  sources,  so  that:- 
"^ll2  +  <712 2  +  0L32  +  ff142  +  "IS2  +  ®162 

where  0^2  are  errors  due  to  uncertainties  in  the  angle  of  departure  and  velocity  of  the 

projectile  respectively  at  shot  exit,, 

tflV  a\U  are  «rors  due  to  assumed  air  temperature  and  density  respectively.. 

^15*:  *16  errors  due  to  assumed  wind  velocity  and  projectile  weight  respectively. 
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Table  1  provides  an  appreciation  of  the  sensitivity  of  some  of  these  error  sources  to  the  ballistic 
trajectory  computation  for  a  155am  SPG  firing  to  a  range  of  15km. 


:  Error 

Error 

Delivery: 

:  Source 

Hagnitude 

Error,;  a:- 

:Wlnd  Velocity 

1  knot 

20  ! 

:Alr  Ttmperatur. 

It 

10 

:Klt  D«n«lty 

0.1% 

8  * 

:Muzzle  Velocity 

1  m/s 

25 

•.Projectile  Weight 

0.5  kg 

20  •• 

Table  1.  Delivery  Error  Sensitivity  (155mm  Howitzer  firing  to  a  range  of  15ka) 

Harmonization  of  Inertial  System  Performance 

The  process  of  harmonization  is  designed  to  ensure  compatibility  and  optimization  of  the  SPG  and  OPV 
inertial  system  solutions  and  to  take  account  of  the  logistic  and  economic  factors  surrounding  the  need  for 
the  avoidance  of  system  proliferation. 

As  a  starting  point,'  and  on  the  basis  of  factors  such  as  ammunition  lethality  and  re-supply,  it  Is 
considered  that  a  typical  mission  would  require  a  weapon  delivery  accuracy  of  75m  at  15kn  range.'  It  is 
further  noted  that  the  gun  and  target  location  errors  exhibit  equal  sensitivity  to  the  overall  error  and 
that,  qualitatively,  an  excessive  relaxation  in  gun  delivery  error  would  either  unduly  restrict  the  mobility 
and  flexibility  of  operation  of  one  or  both  weapon  elements  or  demand  an  intolerably  high  cost  solution. 

At  the  SPG,  despite  the  move  towards  on-board  ballistic  sensors  and  processing,  the  limitation  of 
these,  together  with  remaining  uncertainties  in  meteorological  data,  would  result  in  a  residual  of 
approximately  50m  (excluding  that  due  to  angle  of  departure  uncertainty)  at  15km  range.  The  angle  of 
departure  uncertainty,  a  K  Is  given  by:* 

a  -V«i2  +  a22  +  “3^ 

where  is  the  absolute  error  of  the  inertial  system, 

02  is  the  characteristic  error  due  to  gun  'Jump'-  and 
and  barrel  flexure,, 

oj  is  the  combined  error  due  to  trunnion  axis  orthogonality 
and  control  system  errors. 


A  rlgoro”?  quantification  of  the  dynamic  errors  contained  within  U2  is  not  yet  possioie,*  experience 
so  far  fathered,  suggests  that  its  contribution  is  close  to  2  mil  (6400  mils  -  360  degrees).  Trials  have 
confirmed  that  the  errors  constituting  a 3  can  be  limited  to  0.5  mil  each.  If  the  practical  upper  limit  of 
azimuth  accuracy  at  the  inertial  system  int«*face  is  assumed  to  be  1  mil  then  it  can  be  seen  that  the  error 
in  angle  of  departure  is  approximately  2  3  mil,;  resulting  in  a  ffn  of  35m  and  a  gun  delivery  error,  a*,,  of 
61m. 


At  the  OPV  it  can  be  seen  that  the  target  location  error  (TLE) ,  03,,  is  given  by:* 

-  V* 3i2  +  a322  +  a33Z 
where  *3^  is  the  position  error  of  the  OPV, 

* 32  is  the  error  due  to  Inertial  system  heading  error,, 

*33  is  the  error  to  the  OPV  observation  sensor  errors., 

Since  the  target  is  normally  observed  from  a  distance  of  less  than  5kn  an  azimuth  error  of  1  mil  has 
little  influence  on  target  location  accuracy.  Similarly,  errors  associated  with  the  observation  sensors  are 
comparatively  small  and  it  can  be  ded  ed  that  the  target  location  accuracy  is  dominated  by  the  navigation 
performance  of  the  inertial  system. 

Following  on  from  the  gun  delivery  error  analysis,  and  recognising  the  equal  sensitivity  of  gun  and 
target  location  to  weapon  delivery  accuracy,  the  75a  requirement  suggests  a  30m  position  error  apportionment 
to  beth  -  i  and  a 3  Since  the  flexible  operation  concept  requires  similar  tactical  mobility  for  both 
elements,;  In  terms  of  distances  and  durations  of  moves,  it  can  be  concluded  that  the  same  quality  of 
inertial  system  would  be  needed  on  both  vehicles.  For  practical  scenarios  this  leads  to  a  performance 
requirement  of  between  0.25-0.30%  of  distance  travelled,  commensurate  with  the  proposed  azimuth  performance 
required  at  the  gun. 

To  illustrate  the  cost  effectiveness  of  adopting  this  performance  standard,  based  on  the  75m 
requirement,  and  to  further  examine  the  impact  of  a  relaxation  in  OPV  performance,  In  view  of  its 
comparative  insensitivity  to  heading  accuracy,  a  sensitivity  analysis  was  carried  out.  Its  ala  was  to 
determine  the  effectiveness  of  artillery  fire  in  terms  of  ammunition  expenditure  and  missions  accomplished 
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for  varying  TLE.  The  value  of  the  atudy  la  Illustrated  in  the  following  example  where  two  typical  well- 
defined  targets  were  considered.  The  targets  were: 

a.  an  Infantry  Company  (350n  x  50a)  Mission  A 

b.  a  Regimental  Artillery  Group  (100m  x  100a)  Mission  B 

A  successful  aission  was  defined  as  the  engagement  of  a  target  with  unadjusted  fire  at  a  range  of  17km 
from  the  gun  to  achieve  a  40%  casualty  level.  Fig  3  shows  the  relationship  between  ammunition  expenditure 
and  TLE  to  achieve  this  success  level.  As  expected,  the  trends  for  both  mission  profiles  show  that  the 
number  of  rounds  increases  with  TLE,  the  effect  becoming  highly  significant  beyond  errors  of  50-60a.  A  good 
illustration  of  this  is  the  comparison  between  a  TLE  of  30m  and  120m  during  Mission  A  where  twice  the 
ammunition  wauld  be  expended  to  achieve  the  same  effect.  The  consequent  relationship  between  the  number  of 
successful  missions  and  TLE  for  a  given  availability  of  ammunition  at  the  SPG  shows  a  factor  of  3 
improvement  between  the  same  two  scenarios. 

In  a  short  period  of  Operational  use  the  extra  ammunition  coat  would  soon  outweigh  the  cost 
differential  involved  in  the  selection  of  a  lower  performance  inertial  system  for  the  OPV.  Furthermore,  the 
increased  demands  placed  on  the  ammunition  logistic  train  and  the  timely  engagement  of  subsequent  targets 
would  soon  become  critical  factors. 

In  summary  the  recommended  performance  level  for  the  SPG  and  OPV  can  be  defined  as- 

a  Initial  gyrocompass ing  accuracy  of  1  mil. 

b.  In- run  azimuth  error  growth  of  less  than  1  mil/hr. 

c.  Navigation  accuracy  of  0.3%  of  distance  travelled. 

SYSTEM  ASPECTS 

Categories 

The  inertial  system  categories  currently  available  for  land  navigation  and  orientation  applications  can 
be  broadly  classified  as:- 

a.  Heading  Reference  Systems  (HRS) 

b.  Attitude  and  Heading  Reference  Systems  (AHRS) 

c.  Inertial  Navigation  Systems  (INS) 

The  use  of  odometer  data  is  a  common  feature  of  these  systems,  either  as  the  sole  source  of  incremental 
displacement  information  or  as  a  closely  integrated  complement  to  the  accelerometer  derived  data  of  a  full 
INS.  In  the  latter  case  a  zero  velocity  update  (ZUPT)  facility  is  often  available.  Each  of  the  categories 
employ  both  giraballed  and  strapdown  mechanisations  based  on  a  range  of  gyro  technologies.  The  more  dated 
technology  systems  employ  a  distributed  approach,  separating  the  directional  and  north  seeking  gyros  into 
separate  modules.  Since  this  particular  sub-category,  together  with  the  HRS,  present  general  limitations  in 
terms  of  performance,;  ergonomics  and  reliability  they  have  been  excluded  from  consideration  in  the  following 
discussion. 

In  contrast,  the  achievable  performance  from  both  AHRS  and  INS  lead  to  their  firm  consideration  for  the 
artillery  application  and  these  will  now  be  considered  in  more  depth.  Since  the  strapdown  AHRS  can 
generally  be  treated  as  a  sub-set  of  the  strapdown  INS,  for  a  given  quality  of  sensors,  and  since  the 
current  and  projected  trends  in  the  gimballed  INS  show  thaf  acquisition  and  ownership  costs  will  be 
prohibitive,  it  is  considered  that  a  more  poignant  comparison  is  that  between  gimballed  AHRS  and  strapdown 
INS. 

Gimballed  AHRS 

Most  currently  available  AHRS  rely  for  good  performance  on  a  single  high  quality  gyro  used  in  a  dual 
role,;  viz  for  gyrocompassing  and  as  a  directional  gyro.  When  the  system  is  switched  into  the  alignment 
mode,  the  input  axis  of  the  gyro  is  constrained  to  lie  in  the  horizontal  plane  for  the  gyrocompassing 
process.  Upon  entering  the  navigation  mode  of  operation,  this  axis  is  re -oriented  to  be  perpendicular  to 
the  horizontal  plane  in  order  to  measure  the  heading  changes  following  the  initial  alignment. 

The  locally  level  reference  is  established  using  the  outputs  of  null-seeking  electrolytic  bubble  levels 
or  low  grade  accelerometers  for  positioning  the  roll  and  pitch  gimbals,  This  reference  is  subsequently 
maintained  using  gyroscopic  stabilisation  in  both  pitch  and  roll  axes,  the  gyros  used  being  of  a  much  lower 
quality  than  the  azimuth  gyro.  Synchro  or  resolver  outputs  provide  heading  and  elevation  information. 
Position  is  calculated  using  a  recursive  software  aigontiua  which  sums  the  resolved  incremental  position,; 
using  an  odometer  input,  to  provide  northings,;  eastings  and  altitude. 

Because  of  this  simple  approach  to  the  navigation  function,  the  AHRS  error  propagation  is  dominated  by 
only  four  major  error  sources  as  follows:; 

a.  Odometer  scale  factor  (OSF)  error  (k) 

b.  Crab  angle  errors  in  azimuth  (  6  )  and  elevation  ( $  ) 

c. .  In-run  azimuth  drift 

d.  Initial  heading  error 
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Strapdovn  INS 

The  error  propagation  within  the  strapdovn  INS  is  more  complex  than  that  observed  for  the  AHRS  for  two 
main  reasons.  Firstly,  the  INS  is  Schuler* tuned  so  that  most  errors  propagate  in  an  oscillatory  manner  and, 
secondly,  the  mixing  of  the  odometer  and  inertial  data  is  performed  using  a  statistical  estimation  process 
in  the  fora  of  a  Kalman  filter.  In  addition,  there  may  be  significant  coupling  between  different  error 
sources,  a  factor  not  normally  associated  with  the  simpler  AHRS  mechanisation.  Because  of  these 
differences,  the  strapdovn  INS  deals  with  the  uncertainties  in  the  OSF  end  the  crab  anglas  In  a  manner 
totally  different  from  that  of  the  AHRS.  The  system  structure  also  modifies  the  effects  of  the  initial 
heading  error  and  the  azimuth  drift  so  that  they  «re  not  as  easily  predictable  as  Is  the  case  for  the  AHRS. 

Calibration  of  OSF/Crab  Angles 

In  order  to  carry  out  the  navigation  task,  both  AHRS  and  INS  require  Initial  nominal  values  of  the  OSF 
and  the  crab  angles,  It  is  in  the  subsequent  use  of  these  values  that  some  of  the  fundamental  differences 
between  the  systems  become  readily  apparent.  When  used  in  the  field,  the  AHRS  requires  a  special  periodic 
calibration  run  to  refine  the  nominal  or  stored  values  of  the  OSF  and  the  crab  angles.  This  usually  takes 
the  form  of  a  single  or  return  journey  between  two  known  points  separated  by  a  distance  of  a  few  kilometres. 
The  uncertainties  Ik  the  OSF  (k)  and  the  azimuth  crab  angle  (  5  )  are  then  determined. 

It  should  be  noced  that  auch  an  approach  makes  no  allowance  for  the  effects  of  the  initial  alignment 
error  and  the  in- run  azimuth  drift  so  that  significant  errors  could  be  present  in  the  calculated  values  of  k 
and  6  .  Even  in  the  absence  cf  such  errors,  the  calibration  technique  is  highly  limited  in  establishing 
the  correct  values  of  these  parameters.  If  the  calibration  runs  are  repeated  many  times  over  the  same 
terrain,  widely  different  estimates  of  k  and  6  can  be  generated  Figure  4  shows  the  distribution  of  such 
estimates  for  the  OSF  uncertainty  which  can  be  observed  to  contain  both  bias  and  random  components.  In 
addition,  dramatic  changes  in  bias  and  random  variations  in  the  measurement  of  the  OSF  can  arise  when 
calibration  runs  are  repeated  over  different  types  of  terrain  (Figure  5)  and  surface  conditions  (eg  wet,- 
dry,  etc.  Figure  6).  It  is  for  example  possible  that  the  bias  uncertainty  in  the  measurements  performed 
over  a  specific  route  may  be  both  large  and  of  opposite  signs  for  wet  and  dry  surface  conditions.  Thus,- 
not  only  will  the  apriori  calibration  based  on  a  single  run  be  unable  to  measure  the  OSF  without  significant 
bias  and  random  errors  but  these  errors  may  themselves  fluctuate  wildly  for  different  surfaces  and  terrain 
features.  Periodic  apriori  calibration  of  the  OSF  is  unlikely  to  ameliv-ate  the  situation  appreciably. 

In  summary,  the  OSF  calibration  technique  used  for  the  AHRS  is  unlikely  to  cope  satisfactorily  with 
factors  such  as:- 

(i)  Changes  in  terrain  types 

(ii)  Changes  in  terrain  surface  conditions 

(ill)  Wear  of  tracks 

(iv)  Variations  in  track  tension 

(v)  Track  slippage 

The  above  remarks  are  also  applicable  to  the  estimation  of  the  azimuth  and  elevation  crab  angles  but 
for  different  und*r1y<n«  f°ctor z  Here  dzz  both  bias  and  iambic  uncertainties  due  lo  the  initial  heading 

error,  in-run  drift,  load  variations,  etc,,  during  the  calibration  run  will  be  present  in  the  apriori 
measurement  based  on  a  single  run. 

In  contrast  to  the  AHRS,  the  INS  calibrates  the  OSF  and  the  crab  angles  in  real  time  using  the  Kalman 
filter.  As  a  result  no  gross  errors,-  such  as  large  bias  offsets  in  the  calibrated  values,-  are  likely  to  be 
present  and,  providing  the  calibration  parameters  are  modelled  satisfactorily,  the  effectiveness  of  the 
calibration  process  is  limited  only  by  the  inherent  time  constants  of  the  filter.  Transient  errors  in  the 
calibration  parameters  may  arise  following  abrupt  and  large  changes  in  the  terrain  characteristics  but  the 
resulting  navigation  errors  are  not  expected  to  be  significant  under  most  conditions. 

Initial  Heading  Error/Azimuth  Drift 

The  AHRS  mechanisation  offers  little  scope  for  estimating  the  system  heading  'rror  during  navigation. 
The  azimuth  drift  is  usually  different  for  mobile  and  stationary  conditions,  being  larger  when  the  vehicle 
is  moving.  Thus,-  even  If  special  vehicle  stops  are  allowed  for  azimuth  drift  calibration,  measurements  thus 
taken  are  unlikely  to  improve  the  navigation  performance  appreciably. 

For  the  INS,  the  problem  is  overcome  automatically  in  real* time  using  the  Kalman  filter  wherein  a 
mixture  of  inertial  and  odometer  data  la  used  to  estimate  the  relevant  system  errors  during  the  journey. 
Although  ZUPTS  are  not  a  mandatory  requirement,  they  can  be  used  on  an  opportunist  basis  to  enhance 
performance  and  to  provide  a  powerful  reversionary  capability  in  the  case  of  an  odometer  failure. 

Azimuth  Scale  Factor  Uncertainty 

One  area  in  which  the  gimbailed  AHRS  could  hava  significant  performance  advantage  over  many  atrapdown 
INS  is  in  relation  to  the  effect  of  the  azimuth  gyro  seals  factor  uncertainty.  For  most  gimbailed  AHRS, 
this  error  Is  either  negligible  or  of  low  magnitude;-  in  the  case  of  the  strapdown  INS,  this  la  true  only 
for  systems  employing  sensors  of  the  quality  of  the  ring  laser  gyro.  For  systems  using  mechanical  gyros,, 
the  error  could  be  significant  depending  on  the  vehicle  mission  profiles,;  the  azimuth  scale  factor 
uncertainty  not  normally  being  modelled  within  the  Kalman  filter.. 
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Ring  Laser  Gyro  (RLG)  Systems 

A  factor  which  is  of  paramount  importance  for  the  AGLS  l»  the  continuous  availability  of  tha  inertial 
aystem  during  tha  entire  period  of  operation.  System  reliability  is  therefore  a  foremost  issue  in  the 
selection  of  inertial  equipment  for  the  AGL5  or  similar  applications. 

Tha  subjects  of  system  availability  and  reliability  aie  fraught  with  difficulties  of  definition  and 
subjective  interpretation.  On  intuitive  grounds  alone,  however,  there  can  be  little  doubt  that  electro¬ 
mechanical  devices  must  be  inherently  less  reliable  than  those  employing  'solid-state*'  technology  and  that,; 
for  comparable  sensor  technologies,;  strapdown  mechanisations  offer  the  greater  potential  for  reliability 
than  gimballed. 

Of  all  the  sensors  suitable  for  the  strapdown  INS,  the  RLG  offers  the  maximum  promise  in  terras  of  cost,, 
performance  and  reliability  for  the  particular  land  applications  under  discussion  here.  Indeed,  the 
potential  for  low  acquisition  and  ownership  cost  combined  with  high  performance  has  been  the  main  driving 
factor  behind  the  development  of  the  RLG  world-wide.  The  RLG  based  strapdown  INS  is  essentially  a  * fit-and- 
forget*  system  requiring  no  routine  calibration  or  maintenance.  It  has,  in  principle,  only  one  mode  of 
operation  after  the  completion  of  initial  alignment  whose  duration  can  be  tailored  to  suit  prevailing 
operational  constraints.  The  system  has  an  inherent  capability  to  recover  from  interrupted  or  truncated 
alignments  and,  since  it  is  capable  of  exploiting  opportunist  vehicle  stops,-  which  are  mostly  inevitable  for 
land  operations,  mandatory  ZUPTs  are  not  necessary.  The  system  can  potentially  maintain  high  levels  of 
orientation  and  navigation  performance  over  long  periods  of  time  thus  providing  a  greater  degree  of 
operational  availability  to  the  field  commander. 

Environmental  Considerations 

Although  inertial  systems  cover  a  broad  spectrum  of  applications,  there  is  one  area  in  which  the  gun 
environment  is  fundamentally  different  from  virtually  all  others  rhis  concerns  the  use  of  a  trunnion- 
mounted  inertial  system  to  provide  high  orientation  accuracy  when  subected  to  severe  and  repeated  gun  firing 
shocks,  interspersed  with  long  periods  of  travelling  vibration.  Operation  under  burst-fire  conditions  (e.g 
3  rounds  in  10  seconds)  also  Introduces  additional  performance  requirements.  It  may  be  noted  here  that,  in 
times  of  conflict,-  the  arauunition  expenditure  per  gun,  according  to  some  forecasts,  may  be  in  excess  of  400 -. 
500  rounds  in  one  battlefield  day  alone.  Even  in  peace-time,-  strict  safety  must  be  observed  and  a  large 
number  of  rounds  may  be  fired  by  a  gun  in  training,  demonstration,  exercises,;  testing,,  etc 

Extensive  investigations  have  been  carried  out  to  assess  the  effect  of  the  gun  shock  and  vibration  on 
the  performance  of  an  inertial  system.  Instrumented  firing  trials  have  yielded  useful  data  about  the  nature 
and  effects  of  the  firing  shocks.  It  was,  for  example,  observed  in  one  instance  that  a  sensor  specification 
based  on  a  shock  magnitude -duration  criterion  (eg  200  g,  50  ms)  proved  inadequate  to  cater  for  lower 
magnitude  shock  levels  at  higher  frequencies 

Amongst  the  many  time  and  frequency  domain  techniques  available  for  shock  data  analysis,  maximum 
preference  has  been  given  to  the  approach  based  on  spectral  density  evaluation.  This  technique  has  been 
found  to  be  particularly  useful  in  establishing  the  natural  modes  of  the  trunnion  structure  over  which  the 
inertial  system  is  required  to  be  mounted.  Figure  7  represents  the  autospectrum  of  the  shock  transient 
experienced  at  the  inertial  system  interface  to  the  mounting  bracket  as  a  result  of  a  155mm  SPG  firing  a 
high  strength  charge.  Significant  resonant  peaks  can  be  observed  In  the  frequency  range  100  Hz  to  A  2  KHz,, 
indicating  appreciable  presence  of  high  shock  levels  of  very  short  durations. 

Although  the  vibration  environments  of  the  SPG  and  the  OPV  are  expected  to  be  similar  in  character, 
there  is  one  noticeable  difference  in  their  dynamics  under  mobile  conditions.  For  the  OPV,  movement  of  the 
turret  and  the  mantlet  whilst  on  the  move  is  a  special  requirement  The  system  performance  in  this  case 
will  be  more  sensitive  to  its  location  in  the  vehicle  (ie  mantlet,  turret  or  hull)  than  for  the  SPG  where 
these  motions  are  inhibited  during  travelling. 

An  important  consideration,  this  time  in  common  with  many  land  applications,-  is  that  of  system 
operation  over  sustained  periods  and  with  a  large  number  of  switch-ons  throughout  its  lifetime. 

An  operational  constraint,  of  particular  importance  to  the  strapdown  system,  is  the  need  to  maintain 
the  specified  system  gyrocornpassing  accuracy  when  the  vehicle  is  positioned  at  upto  +10°  in  pitch  and  roll 
The  angular  rate  environment  for  artillery  Is  not  demanding  the  cop v. 3. mum  rates  are  not  expected  to  exceed 
100  °/s.  The  angular  accelerations  under  firing  conditions  may,  however,  be  in  excess  of  300°/sec2 

System  Configurations 

A  proposed  form  of  AGLS  is  shown  in  Figure  8.  The  inertial  system  je  Primary  Attitude  Reference  System 
(PARS)  is  mounted  on  a  bracket  assembly  which,  in  turn,  is  secured  rigidly  to  one  of  the  gun  trunnions.  The 
attitude  data  thus  relates  to  a  stable  reference  axis  and  minimises  the  uncertainties  due  to  barrel  flexure. 
The  PARS  provides  the  servo  control  system  with  angular  position  and  rate  information  when  requested  by  the 
GLC,  which  serves  as  the  bus  controller.  In  the  RA  the  'target*-  bearing  and  elevation,  as  computed  by  the 
off-board  Command  Post,  are  received  by  the  SPG  over  the  BATES  (Battlefield  Artillery  Target  Engagement 
System)  and  are  transferred  to  the  servo  system  in  readiness  for  the  GLC  command  to  close  the 
rate  control  loops  and  lay  f-h*  gun  ir.  the  mobile  mode,  with  the  elevating  mass  locked  to  the  hull,  the 
PARS  operates  as  a  navigation  system,  utilising  the  odometer  data  in  the  appropriate  way.  The  data  bus 
configuration  is  advocated  for  the  AGLS  to  allow  for  eventual  expansion  to  ac-oomodate  the  integration  of 
on-board  ballistic  sensors  and  the  full  computation  of  'target*  data. 

Subject  to  availability  and  cost  of  appropriate  solutions,  the  reversionary  mode  may  be  achieved  with 
the  use  of  a  Secondary  Attitude  Reference  System  (SARS),  a  lower  performance  inert  tal  reference,  mounted  on 
the  sane  bracket  assembly  and  designed  to  provide  an  immediate  revorsionary  capability  in  the  event  of  a 
PARS  failure.  It  may  be  that  the  SARS  would  be  switched  on  in  parallel  with  the  PARS  and  would  be 


continuously  updated  by  it,’  From  the  point  of  PARS  failure  the  SARS  might  be  required  to  maintain  the 
primary  mode  of  performance  for,  typically,  one  hour  of  gun  control  without  vehicle  movement  This  may  be 
achievable  by  implementing  a  method  of  differentiation  between  gyro  drift  and  gun  movement  and  by  thua 
ignoring  the  2orr*er  when  it  is  sensed  that  no  gun  movement  is  taking  place.  The  SARS  is  /»lao  intended  as  a 
reversionarv  navigation  syatem  in  thaaa  circumstances.  Although  certain  contenders  for  the  SARS  are  undsr 
consideration  it  is  felt  that  this  application  may  be  more  eppropriete  for  e  nature  fibra  optic  gyro  system, 
exhibitin',  s  more  acceptable  cost -performance  ratio.  A  reversionary  mode  at  this  time  would  seen  to  be  the 
use  of  turn  SPG  direct  fire  sight  or  other  optical  equipment  which  could  be  referenced  by  the  inertial  system 
prior  to  failure  or  which  could  be  used  with  turret  and  trunnion  encoders  to  obtain  aslmuth  (and  elevation) 
reference  from  another  SPG. 

The  proposed  OPV  concept  (Figure  9)  would  once  again  employ  a  data  bus  configuration  to  allow 
modularity  and  futurs  expansion.  As  discussed  previously  the  inertial  system  may  be  mounted  on  the  mantlet 
(or  elevating  mass)  where  it  is  optimally  referenced  to  the  sensors,  but  where  the  navigation  performance 
may  be  compromised  by  the  frequent  turret  movement.  It  may  be  mounted  elsewhere  in  the  turret  should  specs 
constraints  dictate,  but  this  would  appear  to  be  least  attractive  sl'ice  neither  attitude  nor  navigation  is 
optimised.  Finally,  and  perhaps  most  appropriately  in  view  of  the  VjlE  domination  by  the  OPV  position 
accuracy,  the  inertial  system  may  bs  mounted  in  the  hull  thus  optimising  navigation  performance. 

The  procedure  for  the  OPV  is  to  observe  the  target  using  the  appropriate  surveillance  device  and  obtain 
the  bearing,  elevation  and  range  to  it  using  the  inertial  system  end  laser  range  finder.  With  the  knowledge 
of  the  grid  position  of  the  OPV,  ths  CDU  is  able  to  compute  the  target  grid  co-ordinates  end  transmit  these 
over  the  KATES  to  the  Command  Post. 


FIELD  ASSESSMENT 

It  is  clear  the  foregoing  that  the  SPG  application  represents  a  uniquely  critical  environment  for 
the  inertial  system.  As  such,  particular  care  should  be  taken  here  in  the  measurement  of  INS  performance. 
Some  agencies  have  advocated  a  technique  whereby  the  gun  barrel  orientation  is  measured  using  theodolites 
and  electronic  distance  measurement  equipment  to  an  accuracy  in  the  order  of  0.1  mil.  Whilst  this  method 
will  provide  a  gun  systen  performance  value,  care  should  be  taken  in  the  judged  apportionment  of  the 
inertial  contribution  to  it.-  Much  experimental  work  has  been  conducted  in  the  field  of  barrel  flexure  due 
to  thermal  effects  arising  from  ambient  and  firing  conditions. 

Depending  on  the  barrel  datum  used  for  such  measurement,  it  may  be  concluded  from  this  work  that  su^h 
induced  errors,  together  with  intermediate  mechanical  alignment  errors,-  may  easily  overwhelm  those  sought 
from  the  inertial  system  itself.  The  preferred  method,  currently  being  refined  by  the  Royal  Armament 
Research  and  Development  Establishment,  Fort  Halstead,  is  to  mount  an  optical  cube  directly  onto  the  INS 
mounting  and  to  auto -collimate  to  it  thus  providing  what  RARD£  claim  to  be  a  measurement  accuracy  of  0  1  mil 
for  the  attitude  of  the  INS  unit  on  the  gun  trunnion. 

The  selection  of  navigation  routes  plays  an  important  role  in  the  assessment  of  the  INS  positional 
accuracy.  In  particular,  closure  of  a  route  is  to  be  avoided  since  this  may  nullify  a  number  of  errors 
exhibiting  heading  dependency.  For  the  strapdown  INS  employing  a  ZUPT  facility,  care  should  be  taken  in  the 
measurement  (carried  out  statically  for  practical  reasons)  of  what  may  be  intended  to  represent  intermediate 
points  along  a  longer  route.  Unless  the  ZUPT  is  disabled  under  such  circumstances,  each  intermediate  point 
will  be  refined  automatically  by  the  system  when  the  vehicle  halts.  Depending  on  the  timing  and  method  of 
measuring  both  the  poefMrm  tvde,  such  c  facility  c.*« Id  provide  «  .-it, leading  measure  or  navigation 

and  drift  performance. 


INTEGRATION  WITH  CPS 

A  stand-alone  CPS  capability  is  seemingly  not  viable  for  these  applications  which  require  a  high  level 
of  availability  and  pointing  accuracy.  Two  areas  of  immediate  interest,  however,  are  the  possible  use  of  a 
lower  grade  inertial  system  in  conjunction  with  GPS  (introducing  the  need  for  orientation  improvement)  and 
the  offer  of  a  reversionary  capability. 

Although  CPS/INS  mixing  is  studied  throughout  the  navigation  community  the  subject  of  orientation 
improvement  is  not  generally  of  prime  concern.  Instead  greater  attention  is  normally  focussed  on  reducing 
position  and  velocity  errors.  If  used  in  concert  with  a  high  quality  strapdown  INS  employing  opportunist 
ZUPTs  it  is  doubtful  whether  appreciable  benefits  will  arise  in  these  areas  for  the  artillery  application  ir. 
particular  or  indeed  for  land  systems  generally. 

GPS  would  provide  the  artillery  with  a  ready  mechenism  for  automatic  initialisation  and  updating  of  the 
INS  thus  reducing  manual  data  inputs  and  the  dependency  on  pre-surveyed  points  which  represent,  by 
definition,;  an  operational  constraint  on  the  weapon  elements  concerned. 


CONCLUDING  REMARKS 

The  paper  has  described  a  unified  approach  to  the  analysis  of  the  benefits  and  performance  requirements 
associated  with  the  on-board  integration  of  INS  within  two  particular  inter -dependent  elements  of  the 
artillery.  It  has  demonstrated  chat  both  the  SPG  and  OPV  require  a  comparatively  high  quality  INS  and  that 
their  respective  performance  levels  are  commensurate  with  a  standardized  approach. 
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Tha  rapidly  developing  maturity  of  atrapdovn  RLO  ayatema  providaa  thaaa  alamanta  of  tha  artlllary  with 
a  particular  potential  to  raallaa  a  major  and  highly  coat-affective  operational  enhancement  In  tarma  of 
reliability,;  survivability,  reduced  ammunition  expenditure  and  manpower/equipment  aavlnge .. 

Emphaala  haa  been  placed  on  the  need  for  careful  trial*  and  aaaecament  both  to  avoid  the  aelectlon  of 
the  wrong  technology  and/or  the  mlauce  of  It.  Such  assessment  ahould  perhapa  be  conducted  aa  part  of  an 
overall  atratagy  aimed  toward*  the  form,  fit  and  function  (F3)  atandardlxation  of  the  INS  category 
concerned,  thereby  permitting  competitive  procurement  along  with  cost-effective  adoption  of  the  itandard  by 
further  application*  a*  they  emerge  within  the  land  area. 
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TRUE  ODOMETER  SCALE  FACTOR  (OOSF)  .  So  (Hk,) 
WHERE  So 'NOMINAL  OOSF  VALUE 


k  f  -  ERROR  ON  THE  BASIS  OF  A  SINGLE  CALIBRATION  RUN 

km  -  MEAN  ERROR  IN  THE  OOSF  IF  A  LARGE  NUMBER  OF  CALIBRATION 
RUNS  ARE  PERFORMED 

Fig.  4  Typical  Distribution  of  Measured  OSF 
Error  for  a  Given  Terrain 


Fig.  5  Typical  Distribution  of  Measured  OSF 
Error  for  Two  Different  Terrain  Types 
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Fig.  6  Typical  Distributions  of  Measured  OSF 
Error  for  Different  Surface  Conditions 


Fig.  7  Shock  Spectral  Density  at  the  Gun  Trunnion 
(M109  A3  at  Charge  8) 


HIGH  SP[£0 
DATA  BUS 


Fig.  8  Schematic  Diagram  of  AGLS 
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Fig.  9  Schematic  Diagram  of  OPV  System 
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AIRBORNE  TRANSFER  ALIGNMENT  AND  SAR  MOTION  COMPENSATION 
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A  synthetic  aperture  radar  employing  an  electronically  steerable  array  antenna  Is  simulated  for  the  case  of  an 
extant  master  inertial  measuring  unit  (IMU)  In  a  remote  location.  To  obtain  reliable  motion  compensation  data  a 
strapdown  IMU  Is  mounted  within  about  a  foot  of  the  .ntenna.  Ramifications  include  (1)  the  approach  to  transfer 
alignment,  (2)  nav  update  for  the  master  IMU,  and  (3)  effects  of  motion-sensitive  strapdown  inertial  instrument 
degradations  on  synthetic  aperture  radar  (SAR)  mode  performance.  These  ramifications  are  addressed  herein;  although 
results  are  presented  for  simulation  under  simplified  conditions  only,  the  path  has  been  prepared  for  full  operational 
validation  as  discussed  herein. 

INTRODUCTION 

Most  of  the  growing  body  of  literature  involved  with  synthetic  aperture  radar  (SAR),  motion  compensation  (MCI, 
and  transfer  alignment  deals  primarily  with  conventional  mechanizations  (l.e„  having  gyros  with  spinning  rotors), 
governed  by  conventional  wisdom  (!.e„  with  a  "low  cost*  strapdown  unit  providing  short-term  MC  information  while 
receiving  long-term  correction  data  via  transfer  alignment  from  a  glmballed  master).  RLG  implementations  will  heavily 
influence  the  approach,  and  the  ramifications  have  not  yet  received  sufficient  attention.  Immediately  it  needs  to  be 
pointed  out  that  the  implications  cannot  be  fully  described  in  the  open  literature.  Still  there  is  much  to  be  covered, 
even  in  a  discussion  restricted  to  functional  methodology.  While  maintaining  purely  general  orientation  then,  this 
paper  is  intended  to  address  significant  (but  not  widely  acknowledged)  aspects  of  the  operation. 

After  a  brief  description  of  the  basic  MC  function,  transfer  alignment  is  addressed  from  the  standpoint  of  various 
alternatives,  mechanizations,  and  conventions.  A  simulation  is  also  described,  for  which  results  are  then  briefly 
shown  under  restrictive  circumstances.  Extension  to  validation  is  then  addressed,  in  many  forms  that  include 
verification  of  (1)  algorithm  functional  design,  (2)  operational  software  code,  emulated  on  a  mainframe  hest,  (3) 
digital  hardware  on  the  bench,  and  (4)  combinations  of  these. 

MOTION  COMPENSATION  (MC) 

Processing  of  incoming  SAR  data  imposes  the  task  of  correcting  rf  phase.  To  support  this  function  the  unit 
line-of-sight  vector  U  is  repeatedly  updated  based  on  the  strapdown  velocity  V  expressed  in  locally  level  (e.g.. 
wander  azimuth)  reference  coordinates.  The  time  integral  of  V  is  augmented  by  the  lever  arm  displacement  vector  <1 
from  strapdown  Inertial  measuring  unit  (IMU)  to  antenna  phase  center,  transformed  through  the  3x3  orthogonal 
matrix  (  T  ]  of  direction  cosines  from  airframe  to  nav  coordinates  thus:  Instantaneous  position  vectors  of  the  radar 
R  and  strapdown  IMU  R  are  related  by 

R  ■  R  +  [  T  ]  d 

so  that  their  velocity  vectors  are  related  essentially  by 

V  =  V  +  [  T  ]  [  W  ]  d 

where  [  W  |  is  a  skew-symmetric  matrix  of  angular  rates.  The  time  integral  of  the  along-range  component  of  V  is 
obtained  by  recursively  accumulating  the  sum.  over  each  interpulse  period, 

S(N)  =  S(N-l)  +  (TJtV  )  tw  +  UT/{  1  T  ]  [  W  J  d  }  dt 
which,  in  view  of  the  direction  cosine  matrix  updating  relation,  reduces  to 

S(N)  =  S(N-l)  +  (UrV  )  tw  +  UT(  T  J  d 

where  (  T  )  is  now  evaluated  at  a  specified  instant  within  the  interpulse  period  (t  J.  Range  gates  an  shifted  in 

accordance  with  the  ratio  of  S(N)  to  range  resolution,  and  the  phase  correction  =  |  4  r  S(N)  /  wavelength  )  . 

LOS  direction  al  a  -iters  the  beam  steering  controller  for  antenna  pointing. 

Because  the  n»v  data  processing  is  not  slaved  to  the  radar,  the  time  that  elapses  between  data  measurement  and 
its  use  by  SAR  mode  cannot  be  known  a  priori.  Thus  time  tags  are  assigned  to  INS  data,  and  delays  between 
measurement  and  usage  of  data  call  for  extrapolation  to  the  instant  when  used.  Straightforward  data  fitting  has 
been  used  successfully  for  this  purpose. 

TRANSFER  ALIGNMENT 

Precise  correction  of  rf  phase  dynamics  Imposes  stringent  demands  on  the  MC  subsystem.  The  short  term 
d«"5mics  experienced  by  the  antenna  must  be  murmured  by  a  strapdown  iniS  (an  alternative,  consisting  of  an 
accelerometer  triad  without  strapdown  gyros,  is  dismissed  in  APPENDIX  A).  It  is  well  known  that  the  strapdown 
inertial  measuring  unit  (IMU),  while  providing  excellent  response  to  the  directional  variations  of  its  airframe  mounting 
site,  tends  to  report  Its  motion  increments  with  an  accompanying  gradual  drift  in  its  apparent  reference  frame 
orientation;  thus  a  glmballed  master  INS  is  used  for  transfer  alignment.  The  transfer  alignment  algorithm  restores 
coincidence  between  (slowly  varying)  glmballed  and  strapdown  reference  frames  while  allowing  the  strapdown  IMU  to 
recognize  legitimate  differences  In  motion  and  attitude  at  different  airframe  stations. 

The  transfer  alignment  formulation  chosen  has  much  in  common  with  Refs.  1  and  2  (although  the  former  describes 
alignment  between  two  glmballed  platforms).  Since  the  glmballed  master  Is  the  trusted  long  term  attitude  reference, 
its  inner  element  will  be  the  desired  strapdown  reference  at  all  times.  There  are  additional  ramifications  to  this 
approach; 
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1)  For  transfer  alignment  operation,  the  master  is  considered  perfect  while  strapdown  alignment  error  is  driven  by 
relative  drift  (l.e.,  difference  between  strapdown  and  master  INS  drift  rates).  For  SAR  performance  analysis  purposes, 
on  the  other  hand,  master  and  strapdown  drift  effects  are  additive.  A  related  principle  applies  to  vertical  deflections; 
they  have  no  effect  on  transfer  alignment,  but  drive  overall  nav  error  In  the  usual  way  (i.e.,  as  a  forcing  function, 
superimposed  on  accelerometer  bias  effects,  In  the  dynamic  equation  for  velocity  error). 

2)  The  master  INS  itself  can  receive  nav  update  Information,  which  will  affect  the  slave  gradually,  via  transfer 
alignment.  It  Is  recognized  that,  in  some  respects,  (e.g.,  to  reduce  settling  time),  direct  strapdown  alignment  via 
navaid  In  tandem  with  master  update  would  be  preferable.  The  time  alignment  Implementation,  however,  would 
compromise  that  benefit,  from  the  standpoint  of  performance  as  well  as  complexity. 

3)  Here,  as  elsewhere,  strapdown  transfer  alignment  error  Is  defined  as  the  offset  between  the  computed  strapdown 
reference  frame  and  the  actual  orientation  of  the  master  platform  Inner  element.  This  latter  item  adheres  to  the 
popular  concept  of  "aligning”  two  reftrtnce  frames  while  of  course  maintaining  the  necessary  distinctions  from  other 
angular  deviations  such  as  (a)  mounting  misalignments  (pp.  72  and  111  of  Ref.  3),  (b)  vertical  deflections  (which,  as 
explained  In  Ref.  2,  do  not  degrade  transfer  alignment),  (c)  shock  mount  deformation,  which  is  equivalent  to  an 
additive  error,  and  (d)  aeroelastlc  vibration  (relative  motion  between  airframe  stations  used  as  master  and  strapdown 
mounting  sites,  which  is  of  course  a  dominant  justification  for  employing  a  strapdown  package). 


The  foregoing  considerations  facilitate  both  the  identification  of  central  Issues  and  the  selection  of  an  approach  that 
meets  all  needs.  A  primary  issue  is  the  frequently  encountered  problem  of  full  observability.  Its  first  implication 
Involves  the  familiar  deficiency  of  azimuth  Information;  whereas  a  sustained  lift  force  readily  provides  adequate 
information  for  leveling,  prompt  azimuth  correction  from  INS-derived  translational  data  alone  requires  horizontal 
components  of  acceleration  (Ref.  4).  in  some  applications  the  mission  profile  contains  sustained  turn  segments  which 
provide  those  horizontal  acceleration  components;  In  this  operation,  however,  that  plants  the  seeds  for  a  host  of 
additional  potential  motion-sensitive  degradations.  Chief  among  these,  in  conventional  strapdown  mechanizations,  are 
scale  factor  and  mounting  misalignment  errors  for  each  gyro.  What  makes  these  particularly  troublesome  is  their 
capacity  for  destroying  the  short-term  stability  of  the  velocity  accuracy:  that  loss  is  the  Achilie's  heel  of  conventional 
strapdown  mechanizations.  Attempts  to  determine  these  effects  via  augmenting  states,  however,  further  compounds 
the  observability  problem.  The  APPENDICES  address  these  issues  in  greater  detail;  the  outcome  of  weighing  all 
factors  is  a  selected  approach  that  minimizes  the  number  of  states  while  employing  no  angular  rate  matching. 

The  next  decision  made  in  defining  the  transfer  alignment  Kalman  filter  was  the  selection  of  state  variables. 
Actually  a  major  step  in  that  direction  had  already  been  taken,  i.e.,  to  require  commonality  between  transfer 
alignment  and  in-flight  nav;  see  APPENDIX  B.  Thus  If  the  3x1  vectors  [f>,v,A,p,nlN,e]  respectively  denote 
strapdown  misalignment  and  velocity  error,  specific  force,  flight  profile  rate,  gyro  drift  state,  and  random  excitation 
for  translation  and  drift  states,  all  expressed  in  the  reference  (master  platform  Inner  element)  coordinate  frame,  then, 
from  Eq.  (3-37)  of  Ref.  3, 

v  =  f  x  A  +  n 

while,  for  Kalman  filter  data  averaging  intervals  <<  B4  min.,  the  first  term  on  the  right  of  Eq.  (6-20)  of  Ref.  3  can 
be  dropped  so  that  the  misalignment  dynamics  simplify  to 

i  =  -  P  *  1  +  N 

under  conditions  of  short-term  quasistatic  drift  (N  =  0)  so  that,  with  state  and  random  excitation  vectors  denoted 
as 


v  ; 

In 

X  = 

1* 

w  =  |0 

Nl 

|e 

all  of  the  above  relations  can  be  compressed  into  the  standard  form 
x  =  (  A  ]  x  +  w 


where,  with  3x3  null  and  identity  matrices  represented  by  [0]  and  [ij, 


Several  important  items  remain  to  be  di  cussed;  for  brevity  they  will  be  covered  by  a  simple  enumeration; 


1)  The  data  averaging  time  of  the  Kalman  filter  will,  via  spectral  density  levels  for  the  excitation  in  Eq. 
(5-57)  of  Ref.  3,  be  set  as  a  function  of  the  Kalman  filter  data  averaging  intervals,  e.g..  only  seconds  for  leveling 
(Ref,  4). 

2)  Within  these  short  intervals,  accelerometer  bias  effects  cannot  be  distinguished  from  initial  misorientation 
effects  without  an  Impracticable  maneuver  seauence.  Furthermore,  arreUmm.t.,  biz:  observability  problem;  would 
have  been  compounded  by  myriad  unmodeled  errors  when  a  strapdown  slave  IMU  is  jsed.  This  reasoning  is 
consistent  with  avoidance  of  accelerometer  bias  states. 

3)  The  above  reasoning  applies  even  more  strongly  to  avoidance  of  augmenting  states  for  gyro  scale  factor 
error  and  mounting  misalignments. 

4)  Formation  of  master-slave  velocity  residuals  requires  an  "omega  cross- lever-arm*  velocity  term.  The 
requisite  angular  rate  information  is  available  from  the  strapdown  IMU.  Angular  rate  noise  degradation  could  be 
reduced,  as  in  Ref.  1,  by  adding  three  position  states  and  substituting  position  changes  for  velocity  difference 
measurements.  To  keep  the  state  dimensionality  at  a  minimum,  however,  this  option  is  not  adopted  here. 

5)  As  with  any  estimation  algorithm,  residual  dynamics  can  be  monitored  and  filter  gains  reinitialized  by 
resetting  the  covariances  at  any  time. 
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6)  Strapdown  updating  a  ,d  alignment  algorithms  can  be  implemented  with  a  "hands  off"  approach,  wherein 
data  flow  Is  unidirectional  from  the  strapdown  computer  outward,  and  prescribed  adjustments  to  computed  attitude 
and  velocity  are  maintained  in  separate  computations  This  Is  the  approach  adopted  here,  e.g„  estimated  corrections 
are  not  allowed  i  -  adjust  the  strapdown  direction  cosine  matrix.  The  reason  involves  the  previously  mentioned  task 
of  time  tagging  a  I  artificial  synchronization  in  the  presence  of  multiple  asynchronous  information  sources. 


The  synchronizing  operation  just  mentioned  exerted  considerable  influence  on  the  entire  approach.  The  mundane 
task  of  data  time-alignment  is  never  as  simple  In  operation  as  it  Is  conceptually,  and  it  is  not  quite  standardized. 
Still  it  has  been  solved  many  times  and,  with  each  added  success,  the  Implementation  becomes  more  manageable. 


SIMULATION 

Design  cannot  rely  exclusively  on  intuitive  analysis  nor,  at  the  other  extreme,  on  prohibitively  expensive  flight 
testmg.  As  an  intermediate  step,  prospective  algorithms  should  be  computer-tested  with  input  data  sequences  in 
rigorous  conformance  to  time  histories  that  would  result  from  controlled  repeatable  conditions.  An  extremely  flexible 
structured  program  has  been  developed  for  that  purpose,  wherein  performance  for  a  variety  of  algorithms  and 
parameters  can  be  evaluated  for  any  flight  path,  with  various  arrays  of  radar  scatterers,  In  the  presence  of  virtually 
any  reasonable  combination  of  degradations.  When  all  these  error  sources  are  nulled,  acceptability  of  a  processing 
sequence  is  easily  evaluated  by  judging  results  versus  known  correct  outputs.  For  example,  a  nominal  40-ft 
resolution  case  with  sidelook  geometry  for  straight  level  flight  at  400,000  ft  range  has  well  known  expected  response 
characteristics.  With  0.08-mlcrosecond  pulses  spaced  a  millisecond  apart,  a  2048-point  Hamming-weighted  FFT 
performed  at  the  outputs  of  active  motion-compensated  range  gates  produces  separable  responses  with  computed 
coordinates  ("X*  and  ("Y")  correct  to  within  a  half-resolution  cell,  and  with  acceptable  spreading  in  proximate  cells 
(five  cells  on  either  side  of  the  cell  having  maximum  response  in  each  range  gate}  as  shown.  Also,  the  normalized 
sum  of  squares  of  responses  from  all  other  (£0i8-l-10=:B0S?J  remote  cells  ("GUDGE")  represents  an  acc“ptable 
integrated  side  lobe  ratio  (ISLR). 
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Further  validation  of  the  algorithms  can  take  an  almost  unlimited  variety  of  forms,  such  as  insertion  of 
degradations  described  in  Ref.  5,  separately  or  in  combination.  Actually  these  sources  are  present  in  the  simulation 
(and  consistent  with  the  descriptions  in  Chapter  4  of  Ref.  3),  but  obviously  only  a  brief  example  can  be  given  here. 
To  illustrate,  the  next  run  inserts  an  acceleration  bias  of  one  wavelength  per  second  squared  (which  in  this  case 
produces  one  cycle  of  quadratic  phase  error:  it  could  have  come  from  uncorrected  transfer  alignment  error, 
accelerometer  bias,  vertical  deflection,  drift  effects  accumulated  within  the  frame,  etc,).  Proximate  cell  responses  were 
significantly  affected,  with  spreading  in  the  dominant  response  gates  (shown  with  arrows  below)  conforming  to 
theoretical  levels. 
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Simulation  represents  only  the  first  of  four  operating  modes,  which  will  allow  any  combination  of  simulated  or 
actual  input  data  and  simulated  or  actual  airborne  processing.  Thus  the  complete  set  of  four  modes  includes 

111  simulation  (simulated  input  data  and  simulated  processor  algorithms). 

2|  validation  (simulated  input  data  and  actual  processing  code), 

3)  post-flight  (actual  input  data  and  simulated  processor  algorithms), 

4)  flight  test  (actual  input  data  and  actual  processing  code). 

This  arrangement  provides  all  necessary  flexibility  for  radar  mode  development,  maintenance,  and  modification  for 
new  applications  or  requirements.  It  also  allows  maximum  progress  to  be  made  in  advance  of  hardware  availability 
while  providing  isolated  testability  for  the  digital  assembly. 

For  SAR  evaluation,  the  model  used  herein  allows  1)  dynamic  motion  characteristics  conforming  to  any  realistic 
flight  conditions,  2)  full  flexibility  in  placement  of  ground  reflectors,  3)  adherence  to  timing  and  quantization  effects 
to  be  introduced  through  digital  processing,  4)  motion  compensation  errors  arising  from  INS  imperfections,  and  5) 
complete  generality  in  geometry  assumed  for  repeatable  test  scenarios.  Fortunately  these  features  constitute 
essentially  an  air-to-ground  counterpart  for  air-to-air  programs  already  designed  and  verified.  The  input  data  driver  is 
based  directly  on  Ref.  8.  while  digital  assembly  test  provisions  conform  to  those  described  in  Refs.  9  and  10; 
combination  of  these  in  modular  fashion  is  consistent  with  the  approach  described  in  Ref.  10. 

The  arrangement  shown  in  the  accompanying  figure  (taken  from  Ref.  10)  demonstrates  .he  high  degree  of  flexibility 
provided  for  radar  mode  software  validation.  The  radar  computer  (RC)  can  be  represent  1  by  (1)  a  functional  model 
of  its  algorithms.  (2)  a  step-by-step  emulation  of  its  operations,  driven  by  operational  flight  program  (OFP)  code 
while  executed  on  a  general  purpose  (GP)  host,  or  (3)  RC  hardware,  if  available.  Computer  inputs  can  come  from 
(1)  direct  generation  of  simulated  signal  processor  (SP)  outputs,  (2)  a  functional  model  of  the  SP.  (3)  an  SP 
simulator  analogous  to  the  previously  memtioned  step-by-step  emulation  of  computer  operations,  or  (4)  SP  hardware, 
if  available.  This  scheme  is  dearly  amenable  to  both  SP/RC  compatibility  testing  and  separate  validation  of  SP  or 
RC  software,  while  also  relatively  invulnerable  to  delays  caused  by  unavailability  of  digital  hardware  (and  of  course 
totally  independent  of  all  hardware  other  than  the  digital  assembly). 
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APPENDIX  A:  NEED  FOR  A  FULL  STRAPDOWN  INSTRUMENT  PACKAGE 

It  remains  to  be  explained  why  an  accelerometer  triad  without  gyros  cannot  perform  the  MC  function.  Briefly,  the 
specific  force  vector  f  experienced  by  the  radar  is  linked  to  that  of  the  strapdown  IMU  F  via  a  relation  in  radar- 
station  airframe  coordinates  expressible  to  first  order  as 

FsF+f+exF 

where  f  denotes  relative  (radar/IMU)  acceleration  and  e  essentially  represents  difference  in  attitude  at  the  two 
stations  on  the  airframe.  Were  it  not  for  this  last  term,  antenna-mounted  accelerometers  would  contain  just  the 
information  needed  to  correct  for  the  relative  motion.  Customarily  an  attempt  is  made  to  separate  the  'low1' 
frequency  (attitude  difference)  from  the  "high'  frequency  (f)  effects;  obviously  an  appropriate  "crossover"  can  be 
found  only  if  these  effects  are  in  fact  spectrally  separable.  In  general  they  are  not,  so  that  spectral  overlap  between 
«  x  F  and  f  plagues  that  approach. 


APPENDIX  B:  CHOICE  OF  FORMULATION 

If  Ref.  1  had  not  already  established  a  successful  precedent  (albeit  for  two  gimballed  platforms),  the  formulation 
chosen  here  might  have  been  considered  a  significant  departure  from  conventional  wisdom;  Refs.  1  and  2  chose 
angular  uncertainties  about  re/erenee  axes,  in  marked  contrast  to  the  actual  angular  displacements  between  vehicle 
axes  used  in  Ref.  6  and  7.  An  obvious  reason  for  that  decision  was  avoidance  of  computational  duplication;  the 
formulation  in  Ref.  2  retains  the  full  benefit  of  all  strapdown  data  processing  (including  on-line  instrument 
compensation  as  well  as  high-speed  attitude  updating)  already  done  elsewhere  in  the  avionics,  and  the 
master/strapdown  misalignment  states  are  slowly  varying.  Subsequent  work  performed  by  the  authors  of  Ref.  7  now 
show  a  similar  preference  for  this  choice  of  misalignment  states,  but  another  characteristic  of  many  CSDL  reports  on 
coordinate  alignment  (disposition  of  velocity  states)  remains;  It  is  entirely  permissible  to  omit  velocity  vector 
components  from  the  state  formulation  and  express  master-slave  velocity  residuals  if  terms  of  integral  functions,  but 
to  do  so  is  to  forfeit  commonality  with  INS  updates  as  usually  formulated.  Thus  Refs.  1  and  2  exhibit  another 
major  departure  from  the  CSDL  approach,  by  characterizing  the  transfer  alignment  dynamics  in  the  same  manner  as 
short-term  INS  error  propagation  —  again  without  incurring  any  disadvantages. 


APPENDIX  C:  DISPOSITION  OF  ROTATIONAL  OBSERVATIONS 

Relative  motion  between  airframe  stations  used  as  master  and  strapdown  mounting  sites  is  of  course  the  whole 
justification  for  employing  a  strapdown  package.  Nevertheless  it  is  not  uncommon  to  hear  mention  of 
"misalignments"  between  airframe  orientation  extant  at  the  two  mounting  sites.  Although  that  assessment  of 
rotational  vibrations  is  indisputably  correct  in  a  literal  sense,  the  vocabulary  must  not  be  allowed  to  obscure  the 
identity  of  the  alignment  error  (between  reference  frames)  to  be  corrected  by  the  updating  methods  described  here. 

The  above  clarifications  are  often  necessary  to  ensure  proper  interpretation  of  what  has  evolved  as  accepted 
terminology  in  this  field.  For  example,  the  expression  "attitude  matching"  if  taken  literally  could  imply  Kalman  filters 
designed  to  drive  the  strapdown  attitude  solution  toward  the  instantaneous  attitude  indicated  by  the  gimballed 
master.  Clearly  that  is  not  the  intent  of  the  operation;  it  would  be  tantamount  to  suppressing  the  very  information 
that  the  strapdown  INS  is  intended  to  monitor.  Furthermore,  even  "angular  rate  matching'  is  not  literally  correct  in 
this  application;  the  angular  rate  vector  is  uniform  throughout  all  points  on  a  rigid  structure  only.  Admittedly, 
information  can  be  extracted  from  finite  rotations  but,  to  apply  that  procedure  to  the  nonrigid  airframe,  certain 
additional  burdens  would  have  to  be  accepted;  these  are  briefly  discussed  below. 

Potential  benefits  of  rotational  observations  can  first  be  visualized  in  terms  of  an  ideal  snap  roll,  performed  by  a 
rigid  aircraft  and  monitored  accurately  by  pre-  and  post-maneuver  gimbal  readings  from  its  master  platform.  The 
same  angular  excursion  would  then  be  observed  by  the  strapdown  INS,  in  general  resolved  along  a  noncoincident 
triad  of  axes.  If  the  strapdown  reference  frame  had  drifted  off  the  gimballed  master  inner  element  orientation  (by  an 
amount  denoted  here  as  yl  radian,  with  acceptable  values  typically  below  a  milliradian),  the  effect  of  that  deviation 
would  be  present  in  a  signal  proportional  to  yt  (e.g„  with  magnitude  of  up  to  1.5  mr  for  "  90-deg  snap  roll).  Tne 
signal  would  be  accompanied  by  a  degradation,  however,  which  would  include  at  least  the  platform  gimbal  pickoff 
uncertainty  (also  on  the  order  of  a  milliradian).  Furthermore,  unless  augmenting  states  were  added  to  the  transfer 
alignment  formulation,  the  degradation  would  be  aggravated  by  strapdown  roll  gyro  scale  factor  error  combined  with 
gyro  mounting  misalignments  (i.e„  unknown  deviations  of  each  gyro  input  axis  from  the  corresponding  accelerometer- 
based  instrument  package  coordinate  system).  These  errors  would  limit  the  gain  that  could  legitimately  be  used  to 
process  the  rotational  observation  in  the  transfer  alignment  Kalman  filter  (and  thus  limit  the  effectiveness  of  these 
observations).  Compounding  the  problem,  rotational  motions  excite  a  host  of  additional  dynamics-sensitive  strapdown 
instrument  errors;  but  any  attempt  to  reduce  the  maneuver  excursion  would  reduce  the  signal  and  thereby  further 
compromise  the  effectiveness  of  this  rotational  Information.  Now  drop  the  assumption  of  rigidity,  and  visualize  the 
signal  accompanied  also  by  an  actual  difference  in  rotational  excursion  experienced.  The  approach  to  this  complication 
in  Ref.  6  is  to  treat  structural  deformation  effects  as  "unwanted  information  or  noise’  in  the  characterization  of 
rotational  observations  (which  implies  a  literal  interpretation  of  the  term  "angular  rate  matching").  That  method  will 
reduce  the  signabto-noise  ratio,  however,  to  levels  below  [  yt  /(angular  deformation)].  In  applications  wherein  the 
aeroelastic/structural  deformation  can  substantially  outweigh  allowable  coordinate  alignment  error,  the  result  would  be 
an  nnarrantahly  lone  tattling  tim*  fn,  ik»  *-nn«r*,  alignment  Kalman  filter.  An  alternative  procedure  for  r.omigiu 
structures  is  to  include  deformation  states  in  the  dynamic  formulation,  as  was  done  in  Ref.  2.  That  step  was  taken 
as  a  last  resort,  however,  for  an  application  wherein  azimuth  observability  could  not  be  guaranteed  by  any  other 
means. 

Only  after  all  of  these  ramifications  are  clearly  faced  can  the  prospects  for  augmenting  the  state  by  gyro  mounting 
misalignments  and  scale  factor  errors  begin  to  be  seen  in  proper  perspective.  Moreover,  that  approach  immediately 
adds  nine  more  states  to  be  determined  —  and  effects  of  those  nine  are  not  readily  distinguishable  from  each 
other,  iet  alone  from  the  effects  of  the  three  unaugmented  misorientation  state  variables.  As  if  that  were  not 
enough,  multiple  accompanying  unmodeled  motion-sensitive  degradations  force  whatever  states  ore  modeled  to  be 
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Incorrectly  estimated;  those  states  receive  the  "blame"  for  the  unmodeled  effects.  Inevitably  this  means  that, 
whenever  the  dynamics  change,  the  transfer  alignment  has  to  be  redone  to  accommodate  the  new  dynamic  conditions. 
But  the  plurality  of  states  in  the  augmented  formulation  ensures  long  settling  times  as  well  as  observability 
problems. 


The  weight  of  all  these  factors  explains  much  about  this  author's  (1)  concerns  regarding  rotational  measurements 
and  observability  in  general,  (2)  preference  for  formulations  with  minimal  state  dimensionality,  and  (3)  enthusiasm  for 
RLG  implementations,  which  virtually  eliminate  gyro  scale  factor  errors  and  several  additional  motion-sensitive 
degradations. 
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A  growing  memory  discrete  dynamic  model  for  performing  temporal  extrapola¬ 
tions  along  a  predetermined  path  in  a  random  field  is  presented  in  this  paper 
This  dynamic  model  is  used  to  drive  a  linear  system  that  is  itself  driven  by 
discrete  white  noise  The  coupled  system  is  used  to  derive  a  state  estimation 
scheme  that  recursively  processes  noisy  measurements  of  the  system,  in  addition, 
using  the  aforementioned  dynamic  model  as  a  reference  (truth)  model,  the  authors 
develop  a  covariance  analysis  to  measure  the  estimation  errors  that  occur  when 
the  dynamics  along  the  path  through  the  field  are  modeled  as  a  Markov  linear 
model  and  state  estimation  is  performed  using  discrete  Kalman  filtering  The 
performance  evaluation  of  an  inortial  navigation  system  influenced  by  the  earth  s 
gravity  field  aboard  a  maneuvering  ship  is  provided  as  a  specific  illustrative 
example . 


1  INTRODUCTION 

Inertial  navigation  system  (INS)  accuracy,  most  notably  velocity  accuracy, 
depends  upon  the  accuracy  of  the  compensation  used  by  the  INS  for  specific  force 
due  to  gravity  (3)  Differences  between  the  local  gravity  vector  and  the  imple¬ 
mented  gravity  compensation  give  rise  to  a  vector  orientation  error  (vertical 
da  ‘lection)  and  a  magnitude  difference  (gravity  anomaly).  These  "gravity  errors" 
are,  in  general,  spatially  correlated  and  are  typically  modeled  as  Markov  proc¬ 
esses  when  Kalman  filtering  is  used  to  estimate  and  compensate  INS  errors  [5]. 
When  the  vehicle  motion  is  along  a  great  circle,,  this  Markov  assumption  is  rea¬ 
sonable  since  one  would  expect  gravity  errors  to  decorrelate  in  time.  However, 
such  a  model  is  conceptually  wrong  in  the  presence  of  turns  since  the  correlation 
distances  will  be  "perceived"  by  the  filter  as  being  greater  than  they  really 
are.  Further,  across-track  vertical  deflections  can  become  along-track  deflec-. 
tions  and  conversely,  the  vehicle  could  return  to  a  previously  occupied  position, 
and  so  on.  The  situation  is  further  exacerbated  when  gravity  measurements  (using 
a  gravity  gradiometer  and/or  a  gravimeter)  are  processed  because  the  measurement 
model  used  in  a  suboptimal  Kalman  filter  >s  not  matched  to  the  actual  spatial 
model.  It  is  therefore  desirable  to  deveiop  a  state  estimation  scheme  using  a 
gravity  model  that  is  consistent  with  the  underlying  roatial  gravity  field 

The  above  problem  has  been  addressed  by  other  authors  ([1],  |4J,  |7],.  (6)) 
who  have  either  obtained  approximate  solutions  or  have  obtained  complete  solu-- 
tions  for  selected  restricted  maneuvers.  The  most  recent  paper  19)  also  presents 
an  analysis  of  system  covariances  under  the  assumption  that  the  stochastic  field 
is  spatially  separable 

Tn  this  naner  the  »ho"e  problem  i«  formulated  as  a  discrete  linear  sjstom 
being  driven,  in  part,  by  movement  through  a  random  field.  in  the  case  of  a 
navigation  platform,  this  has  the  effect  of  assuming  the  vehicle  motion  is  a 
sequence  of  straight  line  movements;  i.e.,  the  track  is  a  "polygonal  line."  It 
is  further  assumed  that  the  along-track  extrapolation  through  the  field  is  a 
linear  combination  of  field  states  and  noise.  In  Section  2,  it  is  shown  that 
extrapolation  can  be  carried  out  in  a  manner  which  is  consistent  with  these 


♦This  paper  appeared  in  the  IEEE  Transactions  on  Aerospace  and  Electronic 
Systems,  as  "State  Estimation  and  Divergence  Analysis,"  Vol  AES-20,, 

No.  5,  September  1984,,  ©IEEE  1984. 
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assumptions  and  the  method  of  doing  so  is  unique.  To  obtain  this  extrapolation 
it  is  necessary  to  assume  that  the  covariance  between  any  two  points  in  the  field 
is  known  However,  no  other  description  of  the  field  is  required  This  extrapo¬ 
lation  model  is  then  coupled  with  the  model  for  a  discrete  dynamical  system, 
(eg.,  a  navigation  error  model)  and  in  Section  3  tnis  combination  is  used  to 
develop  an  optimal  recursive  state  estimator  which  is  very  similar  to  a  Kalman 
filter.  In  Section  5  this  same  combined  model  is  used  as  a  reference  (truth) 
model  to  develop  the  equations  for  a  divergence  analysis  of  a  Kalman  filter 
operating  in  the  non-Markovian  setting  described  by  the  reference  model. 

An  essential  feature  of  the  above  scheme  is  that  it  contains  a  growing 
memory  This  gives  rise  to  two  distinct  but  related  problems  First .  it  is 
necessary  to  continually  calculate  the  pseudoinverse  of  a  growing  covariance 
matrix.  In  Section  4,  this  problem  is  addressed  and  a  scheme  is  presented 
whereby  this  pseudoinverse  can  be  calculated  recursively,  thereby  reducing  the 
computational  burden.  The  second  problem  is  memory  storage  space.  Although  this 
problem  is  not  addressed  herein.,  the  results  in  Section  4  can  be  interpreted  to 
obtain  a  systematic  algorithm  for  selectively  deleting  past  information,  thereby 
producing  a  suboptimal  filter  with  bounded  storage  requirement.  The  question  of 
which  information  should  be  deleted  is  being  studied. 

It  should  be  pointed  out  that  the  analysis  technique  below  applies  to  any 
linear  system  driven  by  both  white  noise  and  motion  through  any  random  field;:  the 
navigation  application  is  presented  for  purposes  of  motivation. 


Let  {Cl,  P)  be  a  probability  space  and  X  an  arbitrary  set.  By  a  random  vector 
field  on  X  is  meant  a  function 


f  -.  X  x  Cl  Rn 


Thus,  for  each  x  «  X,  f(x,  )  is  a  random  vector.  Although  it  is  customary  to 
equip  X  with  some  structure,  e  g  ,  make  X  a  differentiable  manifold,  in  this 
treatment  X  can  remain  structureless  For  convenience  define  a  function  u  as 

u (x )  A  f  ( x ,  • ) 


thereby  suppressing  the  second  element.  It  is  assumed  that  if  x  and  y  are  any 
two  points  in  X,.  the  correlation  function 


<)>xy  A  E(u(x)u(y )T  ! 


(2-1) 


exists  and  is  known 


2.1  DEFINITION 

A  discrete  track  T  of  length  NT  in  X  is  a  finite  subset  of  X,,  say 

T  -  {xix  x2,  .....  x,^)  (2-2) 

2.2  DEFINITION 

An  along-track  linear  field  extraoolator  ( ATLFE)  is  a  pair  (AT  ,  fcj,),  defined 
for  each  track  T,  where  given  k  such  that  1  <,  k  £  NT .,  A_(k)  is  an  nxnk  matrix 
and  ij.(k)  is  a  random  n-vector  subject  to  the  following  conditions:' 

•  ST(k)  is  uncor.-elated  in  the  sense  that 
E(Ct(i)  |T(j)T  j  »  0  for  i  ¥  ) 


(2-3) 
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*  U(Xk  +  l)  "  AT(k) 


u(xx) 


u;xk) 


+  «T0O 


(2-4) 


•  E[U(xi)§1(k)  T)  =  0  for  1  <  i  <  k 


(2-5) 


The  above  restrictions  appear  to  be  rather  severe  in  that  condition  (2-4)  is  an 
equality  rather  than  an  approximation,  and  is  independent  of  track  length  and 
initial  conditions  This  implies  that  if  two  tracks  T,  and  T,  have  the  same  last 
point,  i  e  ,  x.,  =  x  ,  then  both  schemes  (A_  ,  £_  )  and  (A™  ,  £_  )  produce  the 

-  nTi  y  Tr  V  Ti  t2 

same  extrapolated  value  at  this  point.  Condition  (2-4)  also  implies  that  the 
scheme  is  consistent  with  the  statistical  properties  of  the  field  f  along  any 
track.  Thus,  the  question  of  the  existence  of  an  ATLFE  is  an  issue  that  in¬ 
itially  must  be  settled 

in  the  following  discussion,  it  is  assumed  that  a  particular  track  T  is 
arbitrarily  chosen  and  fixed.  It  is  convenient  to  use  notation  that  suppresses 
the  track  dependence  and  emphasizes  the  discrete  time  dependence  In  particular, 
relations  (2-1)  through  (2-5)  are  rewritten  as 


4.^  =  E[u(i)u(j)TJ 


(2-6) 


EI£U>C(J  > 1 1  =  0  for  l  4  j 


(2-7) 


u (k+1 )'  «  A(k> 


u(I) 


LU(k). 


+  €(K) 


(2-8) 


Eiu(i)|(k)T]  =  0  for  1  <  i  <  k 


(2-0) 


The  following  quantities  are  defined  for  notational  convenience: 


U(k)  A 


u  <  1 ) 


u(k) 


<t>(k)  A  E(u(k)u(k)Ti 


(2-10) 


(2-11) 


♦{k+1*  *  ,*k+l.l- 


k+1,2  ’ 


k+1  ,k 


(2-12) 


Q(k)  A  E(5(k)5(k)T)  (2-13) 

The  analysis  below  depends  heavily  on  the  Gauss-Markov  estimation  theorem 
(6)  and  its  generalization  to  non-singular  covariance  matrices,-  which  is  stated 
without  proof  f 8 3 .  This  theorem  utilizes  several  matrix  properties  If  B  is  any 
matrix,,  B"  denotes  the  orthogonal  projection  onto  the  range  of  B  ( 2 j ,  and  the 
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pseudoinverse  of  B  is  denoted  by  B+.  The  properties  of  B+  can  be  found  in  [6] 
and  (8]  . 

Theorem  2-1  Let  {yx  ,-  ....  yn)  be  random  k-dimensional  vectors  whose 
components  are  square  integrable  over  some  probability  space  (fl,P),.  i  e.  ,,  each 
y^eL-lO.Pjk.  If  Y  represents  the  linear  span  of  the  components  of  y,  ,  ....  y 
and  If  z  «  L,  (O.P)^ (  then  the  orthogonal  projection,  z  ,  of  z  onto  the  subspace 
yk  is  given  by 


z  =  E(zxT)  EtvvTUv 


(2-14) 


where 

yT4  (y?.,  y'f.:  •  yT>  (2-15) 

12  n 


It  follows  that  z-z  is  orthogonal  to  each  . 

Theorem  2-2  For  the  random  field  f  there  exists  an  ATLFE 

Proof.  For  any  track  T,  define  a  random  vector,,  4.,  and  the  matrix  A  via 


4<k)  4  u(ktl)  -  '£(k+l)  <t>(k)+  u(k)  (1-16' 

A(k)  A  <|»(k+l)  <t>(k)+ 


Condition  (2-3)  is  thus  established  by  definition  It  remains  to  show  conditions 
(2-2)  and  (2-4) 

By  Theorem  2-1  and  definitions  (2-10)  through  (2-13),  i|»(k+I )‘Kk)  +u(k)  is  the 
orthogonal  projection  of  u(k-l)  onto  the  Cartesian  product  of  the  span  of  the 
components  of  u(l),  .  ,  .  u(k;  and  hence  the  random  vector  £(k)  is  orthogonal  to 
each  u(i),  i  £  k  This  is  condition  (2-5) 

To  show  condition  (2-3),,  it  can  be  assumed  without  loss  of  generality  that 
1  <  j.  From  Eq  (2-16)  it  follows  that  |(i)  is  a  linear  combination  of  the 
vectors  u(l),,  u(i  +  l)  and  so  by  Theorem  2-1,,  i(j)  is  orthogonal  to  £(i)  Since 

it  is  orthogonal  to  each  of  u(l),  .  .  a(itl) 

Theorem  2-3  Let  (A,?)  be  an  ATLFE,  Then  for  any  track  T,  (AT  ,  £T  )  must  neces¬ 
sarily  have  the  form  shown  in  Eq.  (2-16). 

Proof.  From  Eq.  (2-8) 


u(k+l)  =  A (k)u(k)  +  4  (k ) 


(2-17) 


Then  from  definition  (2-12)  it  follows  that 

'l'(k+i )  =  E(u(k+l)u(k)T] 

=  A(k)E(u(k)u(k)Tj  +  EU(k)u(k)T] 

=  A(k)<J>(k)  (2-18) 


the  last  equality  following  from  Eqs  (2-8)  and  (2-9).  Thus 

A (k)O(k)"  -  ^(k+u^k)*  (2-19) 


Now 
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*(k)“  u(k)  -  4>(k)<J>(k)+u(k) 

-  E(u(k)u(k)TlEtu(k)u(k)T]+U(k) 

and  by  Theorera  2-1,.  u(k)  is  the  orthogonal  projection  of  itself  onto  the  k-fold 
Cartesian  product  of  the  span  of  the  components  of  u(k).  In  other  words, 

0(k)"  u(k)  -  utk)  (2-20) 


It  then  follows  from  Eq  (2-16)  that 

A(k)4>(k)"  u(k)  «  \Ji(k+l)<J>(k)+u(k) 

and  by  Eq,  (2-20) 


A(k)u(k)  -  i)/(k+l )<t>(k)+ u(k)  (2-21) 

This  last  expression  implies  that  Eq.  (2-17)  must  necessarily  have  the  form 

u(k+l)  =  i(f(k+l)<l>(k)+  u(k)  +  €  (k)  (2-22) 


Theorems  2-2  and  2-3  imply  that  there  is  one  and  only  one  ATLFE ,  namely  that 
specified  by  Eq.  (2-22)  Moreover,  Eq.  (2-22)  is  then  consistent  with  the  first- 
and  second-order  statistics  of  the  underlying  field  f. 


3.  OPTIMAL  LINEAR  FILTERING 

A  discrete  linear  system  driven  by  both  white  noise  and  motion  through  a 
random  field  can  be  represented  by  the  equation 

x (k+1 )  «  6u(k)x(k)  +  £s(k)  +  e12(k)u(k)  (3-1) 


where  x  represents  that  state  vector,,  0,1(k)  is  the  state  transition  matrix, 
012(k)  is  a  distribution  matrix  for  u,  fs  (k)  represents  discrete  uncorrelated 
process  noise,  and  u(k)  is  as  defined  in  Section  2  The  problem  addressed  in 
this  section  is  that  of  estimating  the  state  vector  x  by  making  noisy  measure-, 
ments  of  the  form 


z (k)  =  H(k)  i(k)  +  w(k)  (3-2) 

where 

[x(k)1 

(3-3) 

u(k)  J 


and  w(k)  represents  the  discrete  uncorrelated  measurement  noise  In  the  follow-; 
ing  analysis  it  is  convenient  to  introduce  a  new  vector 

[x(k)*l 

(3-4) 

U(k)  J 


whose  dimension  increases  at  each  discrete  propagation  step;-  u(k)  is  deiined  by 
Eq.  (2-10).  Invoking  Eq.  (2-22),  Eqs.  (3-1)  and  (3-2)  can  be  rewritten  as 

x(k+l)  *  0(k)x (k)  +  S(k)T$(k)  (3-5) 


z(k)  =  H(k)j((k)  +  w(k) 


(3-6) 
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where 


{(k)  4 

S(k)  4 

M(k)  4  [0,  0..  ...  0,,  Ik) 

ii(k)  4  H(k)S(k) , 


8(k)  4 


■  eu  <k) 
o 

0 


ei2(k)M(k)  ■ 
I  (k) 

i|»(k+l)<l>(k)+_ 


(3-7) 

(3-8) 

(3-9) 

(3-10) 

(3-11) 


and  ^  is  given  by  Eq  (2-13).  It  is  assumed  that  £(k)  and  w(k)  are  uncorrelated 
and  that  x(j)  is  uncorrelated  with  each  4(k)  and  w(k)  for  j  <  k. 

Letti.ig 


y(’t)  4 


z(l) 

z(2) 

L  z(k)  J 


(3-12) 


it  follows  from  Theorem  2-1  that 

x(j|k)  4  E(x(j)y(k)T!E(y(k)y(k)T)+y(k) 


(3-13) 


represents  the  best  linear  minimum  variance  estimate  of  all  past  state  variables 
S(j)  given  the  measurements  z(l),-  .  z(k)  The  state  estimate ,,  x  (j|k)  ,,  is 

defined  analogously.  The  relevant  error  covariance  matrices  are 

P(j|k)  4  E[i(j|k)  -  x( j ) ) (i(j | k)  -  i(j))T)  (3-14) 

P(j|k)  4  E(x(j|k)  -  x(j))(x(j|k)  -  x(j))T]  (3-15) 

From  Eq.  (3-5)  and  (3-13)  it  follows  easily  that 

K(k+l|k)  =  6(k)g(k|k)  (3-16) 


If  5  (k+l|k)  is  known  and  a  measurement  of  the  form  Eq.  (3-6'  is  secured,  it 
follows  from  the  fundamental  theorem  of  static  updating  of  Gauss-Markov  estimates 
[6]  that 

x(k+l|k+l)  =  x(k+l|k)  +  E(x(k+l)z(k+i)T )  E(z(k+l)  z(k+l)T]+  z(k+i)  (3-17) 


where 
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z(k+l)  £  z(k+i)  -  x(k+l|k)  ..  (3-18) 

Using  arguments  identical  to  those  used  ip  establishing  Eq.  (3-16)  it  is  easy  to 
establish  that 

z (k+1 1 k)  =  H(k+1 ) g (k+1 | k)  (3-19) 

From  Eq.  (3-19)  >;  and  relations  (3-6)  and  (3-18),  it  follows  that 

z"(k  +  l)  -  U(k+1) |x(k+l)  -  x(k+l|k)]  +  w(k+l)  (3-20) 

From  Eq.  (3-20)  it  then  follows  that 

E|z(k+l)'z(k+l)T]  =  E(k+l)P(k+l |k)H(k+l)T  +  R(k+1)  (3-21) 


where 


R(k+1)  i  Ejw(k+l)w(k+l)T)  (3-22) 


From  the  projection  theorem  for  Hilbert  space  [8)  it  follows  that  x  (k+l|k)  and 
£(k+l )-  g  (k+l|k)  are  orthogonal,  and  so  from  Eq.  (3-20) 

E  (x  (k+1  )'z  (k+1  )T  )  =  E(x(k+1)  (Svk+l)-xik+l|k))TnKk+l)T 


=  E[  Oj(k+l >-s<k+l  |  k) )  (g(k+  l)-x(k+l|  k)  )T  ]il(k+l)T 


=  £(k+l lk)H(k+l)T  . 

From  Eqs  ( 3 - 2 3 J  ,;  (3-17 )  , .  and  (3-21)  it  follows  that 

x(k+l|  ktl)  =  x (k+l|  k)  +  P(k+1 1 k)ti(k+l)T  [H(k+1  )P (k+1 1  k)H (k+l)T 
+  R(k+1 ) ]+ ( z (k+1 )  -  U(k+l)x(k+l| kj J 


(3-23) 


(3-24) 


Recalling  Eqs.  (3-8),,  (3-9), :  (3-10),,  (3-14),  and  (3-15)  one  can  easily  establish 
that 


U(k+l)P(k+l|k)ii(k+l)T  =  H(k+l)E(k+l  | k)H (k+1  )T  (3-25) 


and 


H(k+l)g(k+l| k)  =  H(k+1 )&(k+l | k) 


(3-26) 


Defining 


K(k+1)  A  P(k+1)  |  k)li(k+l )T  (H(k+1  )E(k+l  |  k) H (k+1  )T+R(k+1 )  ] 


(3-27) 


VU9-8 


and  I(k)  is  an  appropriately  sized  identity  matrix. 

The  relations  (3-16),.  (3-28),.  (3-2S),.  and  (3-30)  are  similar  in  form  to  the 
discrete  Kalman  filter  equations,  but  are  actually  somewhat  different  in  struc¬ 
ture  since,  K,  9,  and  E  are  all  matrices  whoso  dimension  increases  at  each 
propagation  step.  Fortunately,-  the  calculation  required  in  Eq  (3-27)  that  com¬ 
putes  a  pseudoinverse  is  of  constant  size;,  however,-  this  is  not  the  case  with 
<t>(k)  in  that  0(k)  +  must  be  calculated  at  each  time  step  The  next  section 
describes  a  recursive  set  of  equations  for  computing  the  required  pseudoinverse 
<t>(k)+  . 


The  theorem  is  proved  by  direct  calculation. 

The  singular  case  can  be  treated  by  using  Theorem  4-1  to  obtain  of  the 
inverse  of  the  maximal  non-singular  submatrix  of  A  and  then  using  the  algorithms 
developed  below  to  calculate  A+ ,  More  specifically,  suppose  that  Au  is  a 
maximal  non-singular  submatrix  of  A,,  that  Aj*  is  known,,  and  that  the  rows  and 
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columns  of  A  are  so  arranged  that  A^  occurs  in  the  upper  left-hand  corner  of  A. 
The  proof  of  the  theorem  can  be  simplified  by  the  latter  assumption.  However,' 
since  inverses  and  pseudoinverses  are  invariant  under  orthogonal  similarity 
transformations,  the  assumption  can  be  removed  and  the  theorem  is  valid  in  gen¬ 
eral  . 


Theorem  4-2  Let  A  -  AT  ,.ave  the  form 


(4-4) 


with  Ajj  existing  and  rank  (Aj  =  rank  (An). 
Then 


l)  There  exists  a  matrix  F  such  that 
AnF  “  A12‘  A21F  *  A22 

(2)  A22  =  A21A11A12 


(Hence  J22  defined  in  Theorem  4-1  is  zero.) 


(3)  If  E 


□ 


then 


A  .  E  AnET 

(4)  e  has  a  left  inverse  L.  in  fact 


L  =  (EtE)_1Et 


(5) 

(6) 


A"  =  EL 


A+  «  L  A_jL 
11 


Proof  (1)  Since  rank  (A)  =  rank  (Ajj),,  it  follows  that  the 


columns  in  A  represented  by 


of  the  columns  of 


A12 


are  each  linear  combinations 


Thus,  there  exists  an  r  such  that 


r»  1 

r*  ~i 

1  '11 

"12 

A 

F  = 

A  I 

L  21  . 

.  22  J 

and  the  result  follows. 

(2)  From  part  1  it  follows  that  F  is  given  by 

F  *  \~1\2  ' 
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Substituting  this  into  the  expression  A21F  -  A22  the  result  is  obtained. 

(3)  This  is  a  simple  calculation  using  the  expression  for  F  in 
well  as  the  result  in  (2). 

(4)  E  has  full  column  rank,  hence  ETE  is  invertible.  Result  (4) 
at  once. 

(5)  Let  p  4  el.  Then 

P2  -  (EL>  (EL)  «  E(LE)L  -  EL  -  P 

so  P  is  idempotent  hence  a  projection  Also 

PT  «  ((EL)T  «  LTET  «  E(ETE)_1ET  =  el  «  p 

so  p  is  a  perpendicular  projection 

Next,,  suppose  y  e  range(A).  Then  there  exists  an  x  such  that  y  -  Ax. 

y  -=E  AjjEtx 

Thus 

Py  =  ELEAuEtX  =  El  AjjETx 
-  EAnETX  >  y 

It  thus  follows  that 

range (A)  c  range(P) 

Conversely,  suppose  y  c  range(P) 

Then  y  -  Py  Let  x  4  L^Aj^Ly. 

Ther, 

Ax  =  EA11ETLTAjjLy  =  EAj  x  ( LE) T A j  jLy 
1  EAlj(Aj}Ly  Ely  =  Py  =  y 

and  so 

range(P)  c  range(A). 


The  conclusion  to  (5)  follows 
(8)  Let  r  A  L!  A~‘ 


RA  *  tTA^LEAnET  -  !.Ta“11A11ET 


7*  T  T  T 

lV  ‘  (EL)1  '  -A"'1  -  A". 


(2)  as 

fol lows 


By  (3) 


Then 
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Also 


RA"  »  LTA~*LEL  -  LTA"jL  -  R 


Since  A  «  AT  ,  the  equations 


RA  «  A" 
RA"  <■  R 


imply  that  A+  =  R. 


Theorem  4-2  is  implemented  in  two  ways.  Assume  A,,  represents  the  maximal 
non-singular  principal  matrix  in  <t>.  Letting 


A  £ 


"11 

4r(k  +  l) 


ip(k+l  )T 
^k+1 , k+l_ 


one  calculates 


♦k+l  ,k+r  j1V(k+i)  T. 


(4-5) 


(The  caret  (*)  indicates  that  redundant  information  in  \|»(k+l)  has  been  discarded 
and  the  resulting  matrix  compressed.)  If  the  computation  4-1  is  non-zero,;  it 
follows  from  Theorems  4-1  and  4-2  that  A  is  invertible  and  one  uses  Theorem  4-1 
to  calculate  A-1.  A  is  then  the  maximal  non-singular  principal  matrix  in  <J>(k+l)  . 
If  A  is  singular,  then  A“*  is  the  maximal  non-singular  principal  matrix  in  4>(k+l) 
and  one  simply  retains  A...  In  either  case  one  can  use  Theorem  4-2  to  calculated 
4>(k+l)+. 

It  can  be  shown  that  if  the  field  is  such  that  singularities  of  fl)  only  occur 
when  the  track  T  contains  repeated  points,  then  the  above  simplifies  and  one  need 
never  calculate  the  pseudo  inverse.  instead  one  need  only  retain  the  maximal 
non-singular  principal  part  of  <J>  and  perform  simple  averaging  on  the  repeated 
estimates  and  the  corresponding  entries  in  E 


5.  filter.,  ammtm 

This  section  develops  covariance  equations  used  to  evaluate  the  performance 
of  linear  recursive  filters,  for  example,  Kalman  filters.  The  performance  crite¬ 
rion  is  the  root  mean  square  (rms)  value  of  the  divergence  between  the  general-; 
ized  non-Markovian  truth  model,  Eq.  (3-5),  and  the  state  estimate  from  a  Kalman 
filter  The  equations  necessary  to  compute  the  "time"  history  of  the  rms  statis¬ 
tics  resulting  from  processing  simulated  nois,'  measurements  in  a  Kalman  filtering 
algorithm  are  presented  in  this  section. 

A  filter  using  a  Markov  model  has  the  form 


'x* (k+1 )  " 

'ei*i  •»- 

V(kf 

“«.(»- 

a*(k+i)  A 

= 

+ 

u*  (k+i) 

1 

CM 

aT* 

o 

_ 1 

* 

P 

_ 1 

_€„(  k)_ 

=  ©* (k)  n’ (k)  +  £* (k) ,  (5-1) 


.vitli  a  measurement  model,; 


z(k)  =  H* (k)  a(k)  +  w* (k) . 


(5-2) 
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The  *  is  used  to  denote  the  suboptimal  filter  model  equations.  The  generalized  J 

non-Markovian  truth  model  used  for  the  comparison  is  summarized  by  Eq.  (3-5)  ; 

along  with  the  associated  measurement  mode!,.  Eq.  (3-6). 

i 

Often,  the  individual  state  variables  within  a  Kalman  filter  have  no  physi¬ 
cal  significance.  In  order  to  compare  them  to  physical  quantities  of  interest,  |  , 

it  is  necessary  to  use  linear  combinations  of  these  state  variables.  One  inter-.  j  | 

pretation  of  this  is  that  the  state  variables  within  the  system  are  used  as  a  | 

shaping  filter,  so  that  many  state  variables  may  be  used  to  model  a  single  ,  > 

physical  quantity.  It  is  this  physical  quantity  that  is  the  desired  output  of 

the  shaping  filter.  The  significance  of  this  is  that  the  divergence  used  for  ! 

performance  evaluation  will  be  defined  as  the  difference  between  physical  quanti-; 
ties.  The  divergence,  therefore,,  is  defined  as 

v(k|j)  4  Aa*(k|j)  -  Bi(k)  (5-3) 

i 

where  the  matrices  A  and  B  are  used  to  make  the  two  sets  of  systems  variables,. 

H  (k)  and  x(k)  comparable.  , 

I 

Suppose  at  time  k  a  measurement  has  been  secured  to  estimate  x  (k|k)  by  a  i 

Kalman  filter.  The  Kalman  filter  equations  used  to  propagate  and  update  the  J 

estimate  with  an  external  measurement  z(k+l),.  are 

i 

i*(k+l|  k)  =  e*(k)  i*(k|k)  (5-4)  : 

i’(k+l|  k+1)  -  i*  ( k+ 1 1  k)  +  K*  (z(k+l)  -  H(k)As*  (k+lj  k) )  (5-5)  j 

where  0*  (k)  denotes  the^dynamics  matrix  of  a  given  discrete  system,  K*  is  the  ( 

Kalman  gain  matrix,  and  H  is  related  to  H  via 

H*(k)  =  H(k)A,  (5-6)  i 


H(\)  being  the  measurement  matrix  defining  the  simulated  physical  measurements 

The  propagation  equation  is  derived  by  substituting  Eqs.  (3-5)  and  (5-4) 
into  Eq  (5-3) 

v(k+l|k)  =  A  i*(k+l|k)  -  B  s  (k+l) 

=  A  0*  (k)  i"  (k|  k) 


-  B  S(k)  |0(k)  x (k)  +  S(k)T  |(k) ] .  (5-7) 

An  explicit  recursive  representation  of  the  divergence,,  v(k|k),;  can  be  derived 
by  adding  and  subtracting  v(k|k)  on  the  right-hand  side  of  Eq  (5-7), 

v  (k+l  |  k)  =  v  (k|  k)  -  (A  21*(kjk)  -  B  2i(k)J 
+  A  0* (k)  i*(k|k) 

-  B  S(k)  0(k)  x (k)  -  B  4(k) 

=  v(k|  k)  +  A  [0*  (k)  -  ik]  i*(k|k) 

+  B  S(k)  [  I  (k)  -  0(k)  1  x (k)  -  B  |  (k),.  (5-8) 


where  the  matrices  Ik  and  I(k)  denote  fixed  and  variable  size  identity  matrices 
respectively. 
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The  update  equation  is  derived  by  a  similar  procedure  starting  from  the 
definition  of  the  divergence  after  the  k+1  propagation  step,  then  substituting 
Eq.  (R-5) 

v(k+l| k+1)  =  A  &*(k+l|k+l)  -  B  &(k+l) 

=  A  &’(k+l|k)  -  K*  (z(k+l)  -  H(k>  A  &*(k+l|k))) 

-  B  i(k+l ) . 

This  last  equation  can  be  rearranged  as 

v(k+l|k+l)  =  (A  &*(k+l|  k)  -  B  2t(k+l )  1 

+  Alt’  [ z (k+1 )  -  H(k)  A  i*(k+l|k)]. 


The  first  term  on  the  right-hand  side  is  a  divergence,  The  second  term  can  be 
simplified  by  rearrang  ng  the  measurement  equation  associated  with  the  truth 
model,:  Eq  (3-2),,  and 

H(k)  =  H(k)  B,  (5-9) 

to  obtain 

v  (k+1 1  k+1 )  =  [lk  -  AK*H(k)]  v  ( k+ 1 1  k)  -  AK*w(k)  (5-10) 


The  rms  value  of  the  divergence  is  the  quantity  of  interest  in  the  perform¬ 
ance  evaluation  problem.  Therefore  from  Eqs.  (3-5),  as  well  as,  Eqs  (5-5)  and 
(5-10),,  (5-1)  and  (5-8),  the  augmented  svstem  can  be  formed  to  compute  the  second 
moment  of  the  divergence  as 

"  Dj  j  (k+1 )  |  k)  D12(k+l|k)  D13  (k  + 1 1  k) 

D(k+lj  kj  4  Dj2(k+l)|k)  D22  (k+l  k)  D23(k+ljk) 

Dj3(k+l)|k)  D23(k+1  k)  Dgg  (k  + 1 1  k)  (5-11) 


(5-12) 

(5-13) 


where 

Dn(k|j)  A  E(v(kj  j )  v  ( k  j  j  )TJ 
Dl2 (k| j  )  4  E(v(k| j)  x* (k| j  )T  ) 
d13  <  k | j  )  A  E( v(kj  j )  x(k|j)T) 

D2 2 ( k j  j )  4  E(x*(k| j)  x* (kj  j )T) 

d23  <k|  J  )  4  EI**  <k|  ■> 1  *<k>Tl 
D3g (k| j )  4  E(x(k)  x(k)TJ 


=  u(k)  D(k|k)  -iT(k) 1  +  wfkjQfkjwfk)1 


D(  k+1 1  k+1),  =  A(k)  D  ( k+ 1  j  k)  AT(k)  +  T(k)  R(k>;  T(k)1 


(5-14) 
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U(k)  A 


w(k)  A 


A(k)  A 


‘lk  A[8*(k)-Ik]  B  S(k)  [  X  (k)-0(k)  ] 

0  8*  (k)  0 

_  0  0  8(k) 

'  -B 
0 

_  I  (k) 

* IR  -  AK*  H(k)  0  0  “ 

-K*  H(k)  I (k)  0 

0  0  I (k) 


r(k)  4 


-AK 

K* 


L  o  J 

«(k)  =  E(€(k)€(k)  T] 
R(k)  =  E(w(k)  w(k)T] 


(5-15) 


(5-18) 


(5-17) 


(5-18) 

(5-19) 

(5-20) 


The  covariance  Eqs .  (5—12)  and  (5-13)  derived  in  this  section  necessary  to  com¬ 
pute  the  "time"  history  of  the  rms  statistics  are  implemented  in  the  next  section 
to  illustrate  filter  sensitivity. 


6  ILLUSTRATIVE  EXAMPLE 

The  optimal  filtering  technique  described  in  Section  3  and  the  divergence 
analysis  described  in  Section  5  are  used  in  this  section  to  assess  the  expected 
performance  of  a  suboptimal  Kalman  filter  which  is  based  on  a  particular  design 
model  The  simulation  model  corresponds  to  the  error  dynamics  of  an  inertial 
navigation  system  (INS)  influenced  by  vertical  deflections  The  results  are 
presented  to  illustrate  the  effect  of  maneuver-induced  error  associated  with  a 
suboptimal  filter  design 

The  suboptimal  filter  model  is  formulated  by  first  considering  the  gravity 
error  model  which  is  characterized  in  along-track  and  cross-track  coordinates 
(4).  These  gravity  errors  drive  the  INS  error  model  which,  in  this  particular 
case,  is  described  in  north/east  coordinates  The  gravity-INS  coupling  is  accom¬ 
plished  through  a  heading-dependent  transformation  The  refrence  (truth)  model 
for  the  divergence  analysis  embodies  state  variables  in  north/east  coordinates,, 
as  in  the  optimal  filter  analysis,;  thereby  eliminating  the  need  for  any  heading- 
uopendent  ti  ansfoiumlioiia  The  slate  vaijabies  implemented  lor  this  example 
represent  the  Schuler  dynamics  of  a  complete  INS,  These  state  variables  are 
listed  in  Table  6-1 . 

The  results  of  the  performance  evaluation  are  presented  in  the  form  of  two 
time  histories  (Fig.  8-1).  The  particular  rms  statistic  portrayed  is  the  north 
velocity  error  The  dotted  curve  in  Fig.  8-1  presents  the  true  rms  error  result-; 
ing  from  the  use  of  a  suboptimal  filter  to  process  discrete  measurements  from  a 
gravimeter.  The  INS  is  mounted  on  a  platform  traveling  along  a  straight  line,. 
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TABLE  6-1 

REFERENCE  INS  STATE  DESCRIPTION 


STATE 

FRAME 

(AXIS) 

DESCRIPTION 

UNITS 

1 

time 

hr 

2 

E 

INS  latitude  error 

min 

3 

N 

INS  heading  error 

min 

4 

N 

INS  north  velocity  error 

kt 

5 

N 

INS  east  velocity  error 

kt 

6 

N 

INS  platform  tilt  abut  N 

min 

7 

N 

INS  paltform  tilt  about  E 

min 

8 

INS  north  damp,  integ.  output 

min/hr 

e 

INS  east  damp,  integ.  output 

min/hr 

TIME  (MINI 


Figure  6-1  Representative  Divergence  Analysis  Comparison 


then  beginning  a  circular  maneuver  (see  Fig  6-2)  The  solid  curve  is  the  rms 
error  predicted  from  optimal  linear  filtering 

The  accuracy  of  the  suboptimal  Kalman  filter  and  the  optimal  filter  converge 
to  nearly  identical  values  during  the  initial  straight-line  portion  of  the  tra¬ 
jectory,  indicating  the  adequacy  of  the  suboptimal  design  for  the  straight-line 
portion.  After  the  maneuver  begins  (at  20  min),  the  rms  velocity  errors  associ¬ 
ated  with  the  two  filters  begin  to  diverge,  demonstrating  the  filters'-  responses 
to  the  maneuver.  The  error  associated  with  the  suboptimal  filter  increases  to 
nearly  twice  the  pre-turn  values  before  beginning  to  converge  again,  This  re¬ 
sponse  of  t.he  suhontimai  filter  is  due  m  part  to  the  coordinate  tiauafuiuiaLiun 
of  the  anomalous  gravity  statistics  coupling  with  the  INS,  The  suboptimal  Kalman 
filter  model  assumes  that  the  gravity  field  decorrelates  in  time  and  space  as  the 
vehicle  moves  along  its  trajectory.  The  truth  model,  however,  assumes  no  such 
behavior  and  produces  gravity  statistics  consistent  with  the  underlying  gravity 
field.  Hence,  the  gravity  statistics  simulated  in  the  Kalman  filter  and  the 
truth  model  are  different  along  the  chosen  curved  path.  This  difference  results 
in  significant  induced  rms  velocity  error. 

in  summary  this  simulation  demonstrates  the  effectiveness  of  the  divergence 
analysis  for  determining  the  accuracy  of  a  suboptimal  filtering  technique  operat- 
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A  32*6 


Figure  8-2  INS  Platform  Trajectory 

ing  in  a  spatial  random  field.  When  gravity  measurements  are  processed  by  a 
suboptiinal  filtering  technique,,  the  results  demonstrate  the  importance  of  match¬ 
ing  the  gravity  correlations  of  the  suboptimal  filter  and  the  truth  model  along 
the  trajectory  When  the  filter  models  are  "closely”  matched  (as  along  a 
straightline)  then  the  accuracy  is  nearly  optimal.  conversely,  when  there  are 
large  differences  between  the  correlations  (as  along  the  curved  trajectory )  (/  the 
the  accuracy  degrades.  The  divergence  analysis  therefore  becomes  a  design  tool 
allowing  the  engineer  to  design  suboptimal  filters  for  spatial  processes  and 
access  their  expected  accuracy. 
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ABSTRACT 

The  positional  accuracy  obtainable  from  the  Global 
Positioning  System  Is  much  better  than  any  preceding 
z/strn  and  at  a  comparatively  modest  cost.  This 
enables  vehicles  fitted  with  GPS  receivers  to  be  much 
more  effective  in  operation  and  deployment.  But  to 
take  full  advantage  of  this  accuracy,  it  is  necessary 
that  the  navigation  data  is  continuously  available  to 
the  vehicle  crew,  while  GPS  is  designed  to  be 
resistant  to  jamming  it  would  be  imprudent  to  assune 
that  no  significant  periods  of  jamnlng  will  occur  on 
the  battlefield. 

One  solution  which  provides  continuous  data  is  to  use 
a  hybrid  system  combining  GPS  and  a  low  performance 
Inertial  Navigation  System  (INS).  Data  from  these 
systems  is  combined  in  a  statistical  (kalman  type) 
filter..  This  arrangement  provides  continuous  data 
with  no  discontinuity  of  values,  and  redundancy  to 
mitigate  the  effects  of  equipment  failure. 

This  paper  reviews  the  likely  accuracy  requirements 
for  land  navigation  systems  and  ways  in  which  these 
can  be  met  with  a  low  cost  hybrid  system.  The  results 
of  the  analysis  of  such  a  system,  u*  j  test  data 
from  a  low  cost  INS  are  included,  demonstrating  the 
effect  of  various  GPS  jamming  patterns. 


1.  INTRODUCTION 

In  common  with  other  military  vehicles,  the  capability 
and  hence  complexity  of  army  fighting  vehicles  is 
increasing,  so  that  each  unit  is  more  effective, 
tactically  there  Is  a  move  to  more  mobile  offensive 
operations  which  require  flexibility  in  the  ways  that 
the  vehicle  can  be  used.. 

Inevitability  these  trends  result  in  increased  unit 
costs  and  hence  smaller  numbers  of  vehicles  procured. 
This  reinforces  the  need  for  flexibility  of 
operation. 

An  important  aspect  of  this  is  the  ebility  to 
organise  with  high  confidence,  thet  groups  or 
individual  vehicles  will  be  at  a  predetermined  place 
at  a  given  time.  It  may  also  be  necessary  that  they 
travel  along  restricted  corridors  to  the  rendezvous. 


To  do  this,  each  vehicle  needs  continuous  knowledge  of 
its  position,  route  and  direction  of  travel.  A 
reliable  navigation  system  wilt  therefore  be  an 
Important  element  of  future  generation  military  land 
vehicles. 

Navigation  equipment  is  currently  classed  as  ancillary 
to  the  main  function  of  a  military  vehicle  and  its 
cost  will  therefore  be  very  closely  scrutinised.  There 
is  a  considerable  challenge  in  meeting  the  demanding 
navigation  requirements  at  a  cost  wh'Ch  is  an 
acceptably  smalt  proportion  of  the  total  vehicle 
cost. 

The  navigation  technique  which  comes  closest  to 
meeting  the  operational  and  performance  requirements 
for  fighting  vehicles  is  Inertial  Navigation  (IN).  A 
characteristic  of  alt  IN  is  that  the  navigation 
errors,  position  and  velocity,  grow  steadily  after  the 
system  is  initialised.  It  is  also  necessary  to  know 
accurately  the  position  of  the  vehicle  at  the  point 
of  initialisation.  An  INS  with  low  error  growth  rates, 
say  0.5nm  per  hour,  requires  very  stable  and  accurate 
gyroscopes  and  accelerometers;  these  are  costly  and 
such  a  unit  would  is  priced  around  $150,000. 

It  is  possible  to  have  most  of  the  advantages  of  INO, 
but  at  much  reduced  cost,  if  an  independant  means  for 
position  fixing  is  included  in  the  navigation  system. 
GPS  Navstar  offers  this  prospect  in  the  next  decade. 

This  paper  discusses  the  expected  performance 
requirements  for  navigation  systems  and  how  well  a 
hybrid  of  GPS  and  a  low  cost  INS  could  meet  these. 

2.  NAVIGATION  SYSTEM  REQUIREMENTS 

The  fundamental  requirements  for  navigation  systems 
are  likely  to  remain  unchanged  until  the  year  2UUU, 

The  operational  requirements  can  be  summarised  as 
follows: 

<f)  Continuously  determine  vehicle  position 

and  heading 

(ii>  Display  steering  commands  and 

distance- to- go  to  rendezvous  points 

(iii)  Rapid  availability  at  start-up 
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<iv)  (Sensible)  world  wide  operetion 

(v)  Minimun  crew  work- load 

(vi)  Ability  to  accept  and  store 

pre-programmed  positions  and  routes 

(vii)  Strong  preference  for  a  non- radiating 

system 

2.1  navigation  Performance  Reouirements 

These  can  be  divided  broadly  into  three  accuracy  bands 
dependant  on  the  application. 

2.1.)  Moderate  Accuracy.  Position  Only 

For  vehicles  required  to  navigate  within  visual 
distance  of  other  units  or  landmarks  over  10  or  20 
km,  an  accuracy  of  1  to  2%  of  distance  travelled  is 
likely  to  be  acceptable. 

An  independant  means  for  occasionally  finding  true 
position  is  necessary,  for  initiating  the  navigation 
system  and  updating  en-route. 

2.1.2  Accurate  Stationary  Posit  ion:Accurate  Pointing 

For  fire  support-team  vehicles  the  choice  of  operating 
position  is  more  dependant  on  cover  and  field  of 
view,  than  the  exact  co-ordinates.  However,  once 
positioned,  the  crew  need  to  know  their  position 
accurately  in  order  to  measure  target  location.  This 
measurement  is  calculated  from  the  range,  bearing  and 
elevation  of  the  target  relative  to  the  observer.. 

A  typical  accuracy  requirement  is  to  locate  the 
absolute  position  of  a  target  to  25m  at  an 
observation  range  of  up  to  5  km. 

Currently  only  the  highest  quality  full  inertial 
navigation  systems  (HAPS  type)  will  meet  this 
requirement 

There  are  two  axis  INS-type  units  which  provide  the 
required  accuracy  in  bearing  and  elevation  when  the 
vehicle  is  stationary,  but  they  need  to  be  aided  in 
some  way  to  meet  the  position  accuracy. 

2.1.3  Accurate  Position  Under  All  Conditions: 

Accurate  Attitude-Mien -Stationary 

All  indirect  fire  weapons,  especially  Ijng  range 
rocket  launchers  and  Self  Propelled  guns,  need  to  know 
their  position  accurately  throughout  a  mission.  They 
also  need  high  accuracy  elevation  and  bearing  of  the 
launcher  when  the  vehicle  is  stopped. 


Typical  accuracy  requirements  are: 

Position  10  to  20  m  CEP 

Azimuth  1.5  mil  rim 

Elevation  1  mil  rme 

These  applications  again  require  a  high  quality  full 
INS  to  meet  all  the  performance  criteria  and  it  may 
still  be  necessary  to  use  special  techniques  like 
zero-velocity  updates  to  achieve  the  position 
accuracy. 

2.2  Navigation  System  Coats 

The  accuracy  of  all  the  outputs  from  a  navigation 
system  are  basically  dependant  on  the  precision  with 
which  present  position  is  measured.  There  are  several 
techniques  for  doing  this  consistent  with  the  military 
vehicle  environment  and  they  cover  a  wide  range  of 
accuracy  and  cost.  The  tendency  is  to  prefer 
inertial  and  odometer  bt'ed  systems  because  of  their 
ccrplete  autonomy,  but  the  higher  accuracy  equipments 
are  costly.. 

Radio  location-based  systems  are  much  lower  cost,  but 
they  are  vulnerable  to  external  interference  and  do 
not  provide  directly  the  useful  secondary  outputs 
(vehicle  heading  and  elevation)  of  [N  systems. 

There  is  a  wide  range  of  performance  and  hence  cost 
possible  with  INS,  determined  largely  by  the  quality 
of  gyroscope  and  accelerometer  used.  The  range  of 
system  price  varies  from  around  $35,000  for  the  medium 
accuracy  odometer  aided  type  to  $K0,000  for  the  high 
accuracy  full  INS  required  for  gun  laying.  This 
latter  value  is  a  large  proportion  of  the  cost  of 
many  military  vehicles  and  therefore  an  unattractive 
solution.  Much  of  the  cost  is  associated  with 
meeting  the  positional  accuracy  as  opposed  to  attitude 
accuracy..  The  availability  world  wide  of  the  Navstar 
GPS  in  the  early  1990s  will  offer  an  alternative 
solution  providing  3  dimensional  positioning  data  to 
an  accuracy  of  15m  SEP  at  a  projected  cost  as  low  as 
$6,000,  per  system.  However,  in  cotimon  with  all  radio 
systems,  GPS  is  vulnerable  to  jamming  and  it  is 
therefore  imprudent  to  propose  it  as  a  stand-alone 
system  for  battlefield  use. 

The  availability  in  the  future  of  GPS  makes  possible 
navigation  systems  which  combine  radio  and  INS 
techniques  in  a  hybrid  configuration..  The  advantage  of 
this  approach  is  high  accuracy  at  a  cost  much  less 
than  INS  of  the  seme  accuracy. 
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3.  HYBRID  RADIO/INERTIAL  NAVIGATION  SYSTEMS 

Th«  examples  given  In  par*.  2  for  matting  tha 
dfffarant  parfortnanc*  requi  reaients  art  all  basad  on 
INS  basad  equipments,  at  this  represents  present  day 
thinking.  Characteristics  common  to  all  theta  types 
of  equipment  when  used  alone,  are  that  an  Initial 
period  of  alignment  It  retired  during  which  the 
vehicle  must  be  stationary  and  the  subsequent  pattern 
of  navigation  errors  is  primarily  a  steady  growth  with 
time.  Errors  in  position  and  heading,  particularly, 
follow  this  pattern.  Velocity  and  elevation  errors 
tend  to  be  oscillatory  with  periodicity  of  ten*  of 
minutes  and  therefore  bounded  in  value,  over  a  period 
of  one  or  mors  hours. 

To  limit  the  position  errors  ft  Is  necessary 
intermittently  to  provide  accurst*  position  fixes, 
obtained  independently  of  the  INS.  An  alternative 
more  complex  method  is  to  constrain  th*  build-up  of 
velocity  errors  using  an  on-board  speed  measurement  or 
by  regularly  stopping  for  a  few  second*  (zaro  velocity 
updating). 

Th*  error  patterns  for  radio  navigation  systems  are 
normally  not  correlated  with  th*  time  from  mission 
start.  Over  a  period  of  on*  hour  and  total  movement 
of  say  50km  the  position  errors  are  essentially  random 
about  a  bias  value. 

Therefore  the  primary  characteristic*  of  th*  error 
pstt;.  II.  fur  INS  and  radio  navigation  equipments  are 
quite  different  taken  over  even  short  t'mw  periods. 

Because  of  th*  complementary  nature  of  th*  error 
0*11*™  for  redlo  and  IN  type  systems,  they  can  be 
useo  in  a  mutually  beneficial  combination  to  enhance 
the  performance  of  each,  using  a  Kalman  filter 
arrangement.  There  is  the  added  benefit  of  redundancy 
should  either  sub-syatem  fail  and  the  removal  of  the 
restriction  of  several  minutes  stationary  alignment  of 
the  INS  before  moving  off.  This  latter  benefit  is 
due  to  the  fact  that  most  of  che  alignment  period  is 
required  to  assess  the  vehicle  heading  relative  to 
true  north.  In  a  hybrid  system  it  is  possible  to 
make  the  error  in  this  assessment  converge  rapidly, 
while  the  vehicle  is  travelling  normally. 

If  such  a  hybrid  is  considered  for  the  land 
navigation  requirements  previously  described,  the 
choice  of  suitably  accurate  radio  systems  is  very 
limited.  The  roost  obvious  choice  for  the  1990s  end 
beyond  Is  GPS  (1).  The  coverage  will  be  world-wide 
wit.i  accuracy  of  15m  SEP,  the  user  equipment  is 
completely  covert  and  it  is  expected  that  receivers 
will  be  made  in  verv  I  urn*  ~nbcrc  end  hence  low 
cost.  It  is  also  possible  to  derive  speed  and 
direction  of  travel  from  GPS  signals  so  that  a  hybrid 
system  has  redundancy  for  all  basic  navigation 
f unct f  ona . 


3.1  lanaf Its  of  INS/Radio  Hybrid  System 

Th*  most  useful  way  for  c outlining  th*  data  from 
systam*  with  complamentary  error  characteristics  Is  in 
a  statistical  filter  of  th*  Kalman  type,  a  well 
established  technique.  Th*  confuting  requirements  are 
modest  by  comparison  with  that  for  either  INS  or  GPS 
and  can  be  accomodated  in  th*  processor  of  one  of 
these  sub-systems  for  a  small  additional  cost  of 
around  B100. 

A  major  advantage  of  the  hybrid/Kalman  filter 
arrangement  Is  that  th*  variability  of  th*  INS 
performance  can  be  much  reduced  on  each  journey, 
relative  to  th*  stand-alone  values.  This  arises 
because  the  uncertainties  in  the  IN  sensor  performance 
have  two  parts.  The  first  Is  a  random  component 
idilch  veries  throughout  a  mission  and  th*  second  is  a 
value  which  varies  from  switch-on  to  switch-on,  while 
staying  sensibly  constant  during  each  mission.  Th* 
second  component  is  estimated  by  the  Kalman  filter 
during  an  operation  and  subsequently  used  to  reduce 
the  error  build  up  in  the  INS.  This  assuass 
increased  ioportance  if  the  radio  navigation  data 
becomes  suspect,  as  th*  hybrid  system  then  reverts  to 
unaided  INS  but  with  a  reduced  error  growth  pattern. 
This  situation  has  obvious  advantages  where  th*  radio 
reception  may  be  only  locally  jaanmd  during  parts  of 
an  operation.  This  is  seen  as  very  likely  for  GPS 
In  view  of  th*  precautions  taken  In  the  system  design 
against  general  Jamming. 

The  initial  atfgnmnt  of  an  INS  takes  several  minutes 
if  it  hat  not  bean  pre-aligned,  and  th*  '-jhicle  must 
be  stationary  throughout  the  process.  In  a  nybrld 
system  ft  it  possible  to  manually  Input  th*  vehicle's 
approximate  heading  and  move  off  immediately,  using 
GPS  data  to  rapidly  reduce  the  heading  error  as  the 
journey  progresses.  If  the  GPS  also  ia  starting 
■from  cold'  it  is  possible  to  use  the  less  accurate 
•CA'  code  initially,  which  ia  rapidly  acquired,  until 
the  full  accuracy  'P •  code  data  ia  processed. 

3.2  Chflice  flf  .Hybrid  System  Qarooncnta 

The  simplest  form  of  GPS  receiver  is  a  single  channel 
type  Wiiich  sequentially  processes  the  data  from  the 
four  most  appropriate  satellites  and  provides  a 
position  and  velocity  update  every  5  s.  This  is  very 
adequate  for  use  in  a  hybrid  filter.  The  estimated 
weight  and  power  constmption  for  a  mid  1990s  equipment 
Is  3  lb  and  10  U. 


VlUl-4 


Th«  choice  of  1  NS  Is  much  wider  and  th«  essential 
factor  <a  tha  quality  of  tha  sensors.  High  grada 
gyroa  and  accalaroaittart  Hava  atabla  atatfatical 
arrora  but  thay  ara  In  high  coat  INS.  Lou  grada 
aanaora  hava  a  largo  coat  advantaga  but  aay  not  ba 
aufflclantly  atabla  In-run  to  provlda  accaptabla  atand 
alona  INS  perfoneance  during  parioda  of  loaa  of  radio 
data. 

To  be  effactlva  In  aatltfylng  tha  eost/perforsmnee 
criteria  a  hybrid  system  must  be  baaed  on  a 
relatively  cheap  odometer  aided  Inertial  ayatam  which 
meete  the  ganarallaad  1  to  2X  requirement.  GEC 
Avlonica  make  auch  a  ayatam,  GEC  LNS  (2).  Fig.;  1  ia 
a  picture  of  tha  Inertial  Neaaurlng  Unit  (IMU).  Thfa 
fa  baaed  on  atrapdown  INS  deelgn  and  uaaa  2  alngle 
degrea-of- freedom  floated  gyroa,  type  G1 -G6,  and  2 
force- feedback  accelaromatera.  Tha  gyroa  have  a 
run-to-run  repeatability  of  a  few  °/h  and  an  in-run 
value  of  0.5  °/h  exponentially  correlated  with  a  time 
of  30  min.  A  novel  apatfat  commutation  mechanlam 
enablea  thaae  gyroa  to  ba  uaed  to  gyrocompaaa  within 
an  error  of  A/5  mil  P.E.  The  weight  and  power 
conswption  of  the  IMU  la  15  lb  and  30  W. 
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Fig.  1  GEC  Inertial  Measuring  Unit 

Trials  of  a  stand  alone  system  in  a  variety  of 
vehicles,  wheeled  and  tracked,  light  and  heavy,  have 
produced  an  accuracy  of  1.5X  CEP  of  distance 
travelled.  The  terrain  used  varied  from  rough  hilly 
areas  in  military  training  grounda  through  curving 
narrow  lanes  to  highways. 

As  a  result  of  detailed  records  from  these  test  runs, 
good  statistical  data  ia  available  on  the  position 
error  growth  and  the  variation  of  heading  error  with 
time.  This  database  is  therefore  very  suitable  as  a 
practical  source  for  simulating  .lie  oenaviour  ol  the 
type  of  IN-based  system  likely  to  produce  on 
economical  hybrid  system. 


A.  NASH  OF  SIMULATION 

The  potential  banaflt  from  a  h/brfd  ayatam  la  to 
obtain  high  quality  navigation  parformanca  from  an 
equipment  of  modeet  coat.  The  approach  choeen  for  the 
elmulatton  exercise  therefore,  la  to  assume  that  the 
INS  ayatam  and  tha  GPS  receiver  ara  standard  uilts 
with  tha  simplest  form  of  statistical  filter  to 
combine  tha  two  aata  of  data.  A  five  state  filter 
ia  used. 

The  errors  modelled  ara: 


(I) 

Dead “Reckoning  position  east. 

(II) 

Dead*  Reckoning  position  north. 

(iii> 

Odometer  scale  factor. 

<iv> 

Heading  angle. 

(v> 

Heading  drift  rate. 

For  GPS  position  the  error  is  assumed  to  be 

of  white 

noise  form 

with  an  rme  value  of  20  metres. 

This  is 

a  little  paaaimlstic  compared  with  the  limited  test 
data  currently  available. 

The  position  error  statistics  for  the  DR  navigation 
system  are  extracted  from  a  series  of  tests  run  over 
a  30  km  course  wh.ch  involved  sharply  undulating 
terrain  and  many  heading  changes.  This  latter  aspect 
Is  shown  in  Fig. 2. 

Statistics  for  heading  and  heading  drift  rata  were 
extracted  from  the  same  series  of  tests,  together  with 
an  estimate  of  odometer  scale  factor  variation.  The 
simulation  program  effectively  runs  the  navigation 
system  over  the  30  km  course  mentioned  earlier,  but 
using  various  initial  conditions  for  the  INS  and 
varying  periods  of  interruption  of  the  radio  data,  to 
S’mulate  jamming.  The  outputs  are  radial  position 
error  and  heading  error. 

5.  SIMULATION  RESULTS 

As  a  dattm,  Fig.  3  shows  the  error  growth  on  a 
base  of  dis'ance  travelled  for  the  rms  values  of  the 
set  of  unaided  OR  system  trials.  The  second  plot. 
Fig.  A.  shows  the  effect  of  uninterrupted  GPS 
position  fix'*  at  a  frequency  of  one  per  5  s.  This 
represents  the  most  accurate  performance  likely  from 
the  hybrid  system,  using  a  simple  5  state  filter..  Not 
mexpectedly,  the  position  error  is  rapidly  bounded  to 
a  value  somewhat  less  than  that  for  GPS  alone.  The 
more  interesting  result  is  the  way  that  the  heading 
error  is  bounded  to  a  value  around  A. 5  mil. 

There  is  no  general  agreement  on  the  form  that 
jamming  of  GPS  might  take,  except  that  it  is  most 
likely  to  be  in  localised  areas,  because  of  the 
logistics  of  supplying  and  protecting  effective 
jamming  sources.  To  obtain  a  measure  of  this  effect 
the  following  situation  is  assumed  in  the  simulation. 
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The  Initial  part  of  a  m'ssion  la  In  an  area  free 
from  jamming.  The  central  part  of  tha  mission  It 
subject  to  heavy  Jamming  and  signals  are  received  for 
only  one  itlnute  In  each  four  minute  period.  The 
final  one  third  of  thia  mission  is  again  in  arts  with 
no  jamming. 

Fig.  5  shows  tha  heading  and  position  errors  resulting 
from  a  transit  through  this  jaaming  regime. 

A  further  simulation  of  operational  Interest  is  the 
case  of  repid  start-up,  when  there  is  not  time  to 
establish  the  vehicle  heading  by  gyrocoapasslng.  In 
this  cast  the  vehicle  commander  inserts  a  best 
estimate  of  heeding  from  compass  or  relative  bearing 
and  the  system  is  immediately  switched  to  the 
■navigate'  mode.  For  the  simulation  it  is  assumed 
that  heading  estimate  hat  an  rmt  error  of  4°  (71m!l). 
Fig.  6  shows  the  resultant  heading  and  radial  position 
error  for  the  tame  30km  route,  with  no  jamming  of 
GPS. 

Fig.  7  sl.ows  the  results  of  e  combination  of  4° 
initial  heading  error  and  the  jamming  environment  used 
for  Fig.  5. 

Earlier  simulation  has  shown  that  faster  GPS  update 
rates  produce  more  rapid  bounding  of  the  heading 
error.  The  update  rate  used  in  all  the  simulations 
is  one  per  5s  which  is  easily  achieved  with  a  single 
channel  GPS  receiver. 

The  aimuletion  results  ere  the  square  root  of  the 
variance  values  in  the  state  matrix,  that  Is  the  10 
values. 

6.  DISCUSSION  OF  HYBRID  SYSTEM  RESULTS 

There  are  'wo  aspects  to  the  results.  First  the 
Improvement  in  position  accuracy  which  occurs  whether 
the  venicle  is  moving  or  stationary  end  second  the 
bounding  of  heading  error,  which  requires  that  the 
vehicle  moves.  Hence  the  horizontal  axis  is  distance 
travelled  rather  than  time. 

The  general  form  of  the  resultc  is  not  unexpected; 
the  interest  ties  in  the  quality  of  IN  system  that  is 
likely  to  yield,  in  a  GPS/IN  hybrid,  a  navigation 
performance  with  wide  application.  This  brings  the 
benefits  of  simpler  logistics  and  lower  initial  price 
through  larger  quantity  purchases. 

The  radial  position  error  reduces  to  a  little  less 
than  the  GPS  value  in  a  very  short  time  end  the 
error  does  not  increase  greatly  when  tne  urs  updates 
becomes  less  frequent.  In  two  axis  IN-based  heading 
reference  units,  the  effective  random  walk  component 
of  heading  error  is  an  important  parameter,  determined 
jointly  by  the  gyro  and  the  heading  algorithm. 
Simulation  with  values  50X  greater  than  that  measured 


un  the  trials  does  not  show  a  much  degraded  position 
error;  the  increase  is  less  than  10X. 

The  heading  error  simulations  normally  assumed  a  7  mil 
rms  initial  value  i.e.  the  result  of  gyiocompassing. 
With  updates  from  GPS  every  5  s,  the  error  is  reckiced 
to  around  5.5  mil  after  5  km  and  reduces  to  below 
4.5  mil  after  20  km.  These  values  are  sensitive  to 
heading  random-welk  error  in  the  Dead-Reckoning 
system.  Tha  value  used  is  22  MlL/i/h.  This  can  be 
reduced  significantly  by  small  changes  to  the  IN 
mechanisation,  and  the  resulting  performance  is  then 
comfortably  in  the  range  defined  for  observation, 
reconnaissance  or  possibly  re-supply  vehicles  (see 
2.1.2).  The  most  important  logistic  benefit  is  that 
the  DR  part  of  this  hybrid  is  a  natural  candidate  for 
the  simpler  navigation  applications  (see  2.1.1)  on  a 
cost  and  performance  basts., 

7.  SUMMARY 

Military  vehicle  fleets  of  the  future  are  likely  to 
be  smaller  than  at  present  because  unit  costs  will  be 
forced  up  by  the  need  for  sophisticated  protection  and 
attack  capability.  In  this  situation,  a  key  factor 
in  obtaining  greatest  effectiveness  from  each  vehicle 
is  that  they  should  be  capable  of  maximum  flexibility 
in  the  field.  This  is  greatly  helped  by  a  reliable, 
aelf-rontafned  navigation  system  on  all  prime 
vehicles.  However,  the  cost  of  currently  available 
equipment  with  the  required  accuracy,  is  high  and  it 
is  fitted  only  when  the  need  is  absolutely  essential,- 
The  widespread  installation  of  tactically  useful 
navigation  systems  is  dependant  on  a  significant 
reaction  in  the  coot  of  reliably  achieving  a 
navigation  and  steering  accuracy  in  the  tens  of  metres 
range. 

As  GPS  becomes  generally  available  in  the  early  1990s, 
the  use  of  GPS/INS  hybrid  navigation  systems  offers 
the  prospect  for  reconciling  the  cost/performance 
requirements  with  low  technical  risk  for  a  variety  of 
types  of  vehicle.  A  system  to  meet  the  requirements 
of  pare  2.1.2  would  cost  around  $40,000.  At  the 
beginning  of  this  period  the  most  stringent 
requirements,  for  gun  laying,  will  still  need  a  high 
quality  INS,  but  longer  term  projections  suggest  that 
even  this  required^'  may  be  amenable  to  use  of  a 
lower  cost  hybrid  system. 
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l  3  Heading  and  Position  Error  Growth  as  a  Function  of  Distance 
Travelled  for  Unaided  Dead  -Reckoning  System 


Fig.  5  Position  and  Heading  Errors  as  a  Function  of  Distance 
Travelled,  Intermittent  GPS  During  Mid  Mission 


Fig  6  Position  and  Heading  Errors  as  a  Function  of  Distance 
Travelled  for  Hybrid  System  with  Continuous  GPS, 
Starting  with  a  Heading  Error  of  4”  (7  lmil) 


Fig  4  Heading  and  Radial  Position  Error  as  a  Function  of  Distance 
Travelled  for  Hybrid  System  with  Continuous  GPS  Signal 


Fig  7  Position  and  Heading  Errors  as  a  Function  of  Distance 

Travelled  for  Hybnd  System  with  Intermittent  GPS  During 
Mid  Mission,  starting  with  a  Heading  Error  of  4°  (71mil) 
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ABSTRACT 

A  Land  navigation  Demonstration  Vehicle  (LDV)  has  been  assembled  which  fully  automates 
the  navigation  task  and  provides  the  operator  with  a  color  map  display  derived  from 
Digital  Terrain  Elevation  Data  (DTED) .  The  system  relieves  the  operator  of  the  burdens 
associated  with  the  tactical  use  of  paper  maps  by  providing  accurate  3-dimensional  posi¬ 
tion  information  using  a  strapdown  inertial  navigation  platform  aided  by  the  Sandia 
Inertial  Terrain  Aided  navigation  algorithm  (SITAN).-  The  map  display  and  navigation  in¬ 
struments  consist  of  a  multi-processor  SAMDia  Aerospace  Computer  (SANDAC)  and  a 
commercial  Image  Processing  System  (IPS).  These  interactive  devices  allow  real-time  map 
annotation  and  corrections  of  vehicle  position  errors.: 


introduction 

In  military  land  operations,  the  navigation  task  is  presently  done  using  topographic 
maps,  a  compass,  and  visual  correlation  with  terrain  features.  In  ideal  conditions, 
manual  navigation  from  terrain  maps  in  unfamiliar  territory  is  difficult,  and  map- 
determined  positions  are  frequently  erroneous.  In  tactical  situations,  this  process  is 
even  less  accurate  because  of  high  operator  workload  and  limited  visibility.  In  addi¬ 
tion,  vehicles  such  as  tanks  must  operate  'buttoned  up'  so  vie  field  of  view  is 
restricted,  further  limiting  navigational  capability .- 

Automatic  navigation  equipment  would  be  of  great  use  to  military  land  forces.  A  map 
display  showing  the  local  terrain  would  also  be  of  benefit  for  advance  mission  planning, 
and  especially  for  operations  where  visibility  is  limited  (1).:  The  map  display  could 
then  be  coupled  to  the  navigation  equipment  and  the  vehicle's  position  presented  on  the 
map  and  adjusted  as  the  vehicle  moves.  This  arrangement  would  remove  the  navigation  bur¬ 
den  from  the  vehicle  operator  and  provide  accurate  position  information.. 

With  a  terrain  display  system  there  is  a  need  for  data  to  generate  the  displays. 
Digital  Terrain  Elevation  Data  (DTED)  can  be  used  for  this  purpose.  The  DTED  required 
for  generating  the  terrain  display  can  also  be  used  to  improve  navigation  accuracy  by 
using  a  terrain-aiding  algorithm.  Sandia  has  done  extensive  work  in  the  terrain-aided 
navigation  field  using  an  algorithm  called  Sandia  Inertial  Terrain  Aided  Navigation 
(SITAN),  which  is  used  in  conjunction  with  DTED  (2-4). ; 

The  objective  of  the  project  described  in  this  paper  was  to  demonstrate  a  real-time 
implementation  of  an  automatic  terrain-aided  navigation  system  with  a  digital  map  display 
using  present  day  technology.-  Some  of  the  equipment  used  was  obtained  from  other  sandia 
and  US  Army  projects.  The  remaining  equipment  was  purchased  commercially.  The  ensuing 
discussion  describes  the  hardware  and  software  components  of  an  experimental  Land  naviga¬ 
tion  Demonstration  Vehicle  (LDV)  used  to  implement  the  project  objective.  Included  are 
details  regarding  the  operational  characteristics,  display  functions,  system  integration, 
software  design,  and  navigation  performance. 

SYSTEM  HARDWARE  OVERVIEW 

The  system  hardware  is  shown  in  Figuru  i.  At  the  heart  of  the  system  is  a  multi¬ 
processor  computer  developed  by  Sandia  called  the  SANDia  Aerospace  Computer  (SANDAC)  (5) . 
This  computer  is  a  Motorola  68000-based  system  with  three  processors.  The  SANDAC  com¬ 
puter  architecture  shown  in  Figure  2  is  configured  so  that  one  processor  functions  as  an 
executive  while  the  other  two  function  as  slaves,  bach  slave  executes  instruction  codes 
within  a  local  (zero  wait  state)  RAM  area.  The  executive  processor  executes  instructions 
from  global  RAM.  Any  processor  may  access  any  SANDAC  global  memory  location.  An  address 
bus  arbitration  circuit  on  each  slave  processor  prevents  concurrent  memory  accesses.  The 
computer  outputs  include  four  serial  ports  configured  as  RS232-C  outputs,  and  a  4k-word, 
16-bit  parallel  interface. 


♦This  work  was  supported  by  the  US  Army  Avionics  and  Research  Development  Activity 
(AVRADA)  under  reimbursable  contract. 
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Figure  l.  LDV  System  Hardware 


Interfaced  to  the  SANDAC  is  an  Inertial  Measuring  Unit  (IMd),  called  Roll  Isolated 
Measurement  System  (RIMS),  developed  at  Sandia  for  spinning  reentry  vehicles.-  RIMS  has 
two  two-degree-of-freedom  tuned  rotor  gyroscopes  and  three  acceler  jmeters.-  It  is  gim- 
balled  in  one  axis  and  mounted  so  that  the  sensors  can  be  rotated  in  a  horizontal  plane 
during  gyrocompassing.;  During  navigation,  however,  the  gimbal  is  locked  and  the  IMU  is 
run  in  a  pure  strapdown  mode.  The  gyroscope  and  accelerometer  measurements  are  read  by 
SANDAC.  All  navigation  calculations  are  performed  in  a  SANDAC  slave  processor.  Other 
navigation  sensors  interfaced  to  SANDAC  include  a  Paroscientific  barometer  and  a  Vascar 
odometer  which  measure  altitude  and  distance  traveled  respectively  and  are  also  used  for 
stabilizing  the  Inertial  Navigation  System  (INS)  mechanization.; 

SANDAC  operation  is  controlled  by  the  data  terminal.  This  function  is  implemented 
using  a  COMPAQ  portable  computer  operating  as  a  smart  terminal.  This  terminal  is  used  to 
load  software  and  data  into  SANDAC  and  to  control  software  execution.  A  Faypro  portable 
computer  is  also  interfaced  with  SANDAC.  It  operates  in  a  receive  only  mode  and  is  used 
to  provide  a  real-time  display  of  navigation  parameters. 

The  map  display  functions  are  selected  by  an  operator  through  the  Control  Display  Unit 
(CDU)  and  the  Automatic  Hand  Controller  ( AHC)  .-  The  Harris  CDU  is  interfaced  to  SANDAC 
using  a  RS232-C  serial  interface.-  It  has  a  CRT  screen  on  which  a  display  selection  menu 
is  presented.  The  AHC  consists  of  a  force  proportional  joy-stick  and  three  discrete  in¬ 
put  switches  which  are  used  to  control  the  vehicle  cursor  during  operator  input 
operations.  The  map  displays  are  generated  by  a  Vicom  Image  Processing  System  (IPS)  run¬ 
ning  under  a  Firmware  Operating  System  (FOS) .  The  IPS  was  hardened  by  Sandia  for 
vehicular  use.;  The  IPS  is  interfaced  to  SANDAC  through  both  a  serial  and  parallel  in¬ 
terface.  The  serial  interface  is  used  to  issue  display  commands,  whereas  the  parallel 
interface  is  used  for  DTED  transfers  from  SANDAC.-  The  FOS  software  includes  custom 
software  which  decodes  input  commands  and  implements  the  more  advanced  functions.-  The  map 
displays  are  presented  on  a  Rockwell/Collins  color  display  system.-  The  display  system 
includes  a  stroke  symbol  generator  which  is  interfaced  to  SANDAC  through  a  MIL  STD  1553B 
MUX  bus.; 

The  equipment  was  mounted  in  a  prototype  of  a  US  Army  High  Nobility  Multipurpose 
Wheeled  Vehicle  (HMMWV),  which  was  equipped  with  an  AC  power  generator  and  related  power 
conversion  equipment.  The  equipment  was  mounted  in  19  in  racks  when  possible.;  Vibration 
isolators  were  used  ior  all  of  the  commercial  quality  equipment. 


VIII2-3 


land  demonstration  vehicle  functionality 

IMS  Maxigatss 

The  rims  IMU  13  the  basis  of  the  LDV  strapdovn  INS  mechanization,  which  for  this  im¬ 
plementation,  exhibited  an  accuracy  of  between  three  and  four  percent  of  distance 
traveled.  The  RIMS  sensor  data  are  read  by  SANDAC  and  used  to  drive  the  navigation  equa¬ 
tions  which  are  divided  into  attitude  and  position  sections.-  The  net  iteration  rate  is 
16  Hz  for  ail  navigation  equations.. 

The  vertical  channel  of  the  INS  is  damped  using  a  second-order  damping  filter  in  con¬ 
junction  with  the  barometer-derived  elevation.  The  horizontal  channel  velocities  are 
also  damped  by  using  second-order  filters  in  conjunction  with  the  odometer-measured 
velocity.  The  horizontal  damping  tends  to  suppress  the  oscillatory  errors  which  are 
characteristic  of  an  INS.  The  INS  operates  independently  of  SITAN. 

During  navigation,  SITAN  ard  display  software  are  activated  by  the  navigator  software 
once  per  second.  The  start-up  is  phased  so  that  the  navigation  display  software  does  not 
read  the  variables  during  the  time  periods  of  SITAN  or  navigator  execution. 

LDV/SITAN 

SITAN  is  an  extended  Kalman  filter  algorithm  which  recursively  produces  accurate  posi¬ 
tion  corrections  to  the  vehicle  reference  trajectory  from  elevation  measurements  and 
DTED.  The  extended  Kalman  filter  processes  residuals  formed  from  elevation  measurements 
and  predicted  elevation  measurements  to  recursively  estimate  errors  in  the  reference 
trajectory.  Elevation  measurements  are  obtained  from  the  navigator  vertical  position. 
Predicted  elevation  is  obtained  from  plane-fit  DTEO  corresponding  to  the  area  of  vehicle 
operation.  The  SITAN  functional  configuration  is  shown  in  Figure  3. 
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Figure  3.-  LDV/SITAN  Implementation 


Typical  unaided  inertial  systems  produce  reference  trajectories  with  large  eri  or  that 
is  unbounded  in  time.  A  siTAN-aided  trajectory  has  small  error  bounded  in  time,  with 
magnitude  determined  by  DTED  roughness  and  accuracy..  Radial  horizontal  position  error  is 
typically  less  than  100  m  CEP.. 

The  SITAN  algorithm  ut^ized  :n  the  LDV  system  is  based  on  the  AFTI/SITAN  algorithm 
(4).  The  AFTI/SITAN  algorithm  was  designed  specifically  for  use  on  low-flying,  high- 
performance  attack  aircraft;  specifically  the  AFTI/F-16.  The  SITAN  algorithm  design  for 
the  LDV  system  (LDV/SITAN)  contains  the  operating  modes  and  control  logic  ofAFTI/SITAN 
but  has  been  modified  for  use  on  a  low-speed,  low-dynamic  land  vehicle. 

LDV/SITAN  Design 

The  navigator  error  model  utilized  in  the  LDV/SITAN  design  consists  of  five  states: 
three  navigator  position  errors,  navigator  heading  error,  and  odometer  scale  factor  er¬ 
ror.  Both  heading  and  scale  factor  errors  are  modeled  as  a  random  constant  plus  random 
walk.  The  random  walk  cn  heading  error  accounts  for  the  fact  that  the  heading  error  will 
change  with  time  and  uiraction  of  vehicle  travel.  The  random  walk  on  scale  factor  error 
accounts  for  sea  .e  factr-  error  change  due  to  vehicle  tire  slippage.-  The  navigator  ver¬ 
tical  position  error  is  also  modeled  as  random  constant  plus  random  walk,  where  the 
random  walk  accounts  for  barometer  error  changes  due  to  vehicle  velocity,  wind,  and  at¬ 
mospheric  changes.  The  INS  horizontal  errors  are  modeled  as  random  constants. 

The  DTED  utilized  in  the  system  is  a  157  x  83  post  planar  map  correspondino  to  a  15.6 
x  8.2-km  area  near  Edgewood,  NM.-  This  DTED  was  manufactured  by  Koogle  and  Pouls,  an 
Albuquerque  engineering  firm.-  The  DTED  stored  in  SANDAC  global  HAM  during  operation  is 
static,  uncompressed,  and  geographically  contiguous.: 

LDV/SITAN  consists  of  an  Acquisition  mode,  a  Track  mode,  and  the  necessary  logic  to 
switch  between  the  two  (Mode  Control  Logic).,  In  the  Acquisition  Mode  of  LDV/SITAN,  a  set 
of  extended  Kalman  filters  are  executed  in  parallel  to  reliably  determine  the  vehicle's 
position  within  a  large  uncertainty  region.  The  parallel  filters  are  configured  spa¬ 
tially  such  that  they  cover  a  specified  initial  unwiLainty  region.-  Periodic  checks  are 
maae  to  determine  if  any  one  filter  can  be  identified  as  being  close  to  the  true  vehicle 
position.  LDV/SITAN  consists  of  21,  5-state,  parallel  Kalman  filters  spaced  &S&  m  apart 
in  a  circular  grid.  All  21  filters  utilize  a  nine-point  plane  fit,  iterate  at  1  Hz,  and 
update  after  every  100  m  of  distance  traveled.  This  acquisition  configuration  allows  for 
a  500  m  CEP  initial  vehicle  position  error.  Since  LDV/SITAN  produces  no  position  es¬ 
timates  during  acquisition,  it  is  desirable  to  minimize  the  distance  traveled  during 
aeguisition.  A  small  parallel  filter  spacing  is  used  to  promote  fast  covariance  draw¬ 
down.-  Frequent  application  of  the  acquisition-to-track  tests  shorten  acquisition 
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distance. 

The  LDV/SITAN  Track  Mode  uses  a  single  5-state  filter  to  continuously  estimate  the 
position  of  the  vehicle  as  accurately  as  possible.'  The  track  filter  iterates  at  1  Hz  and 
updates  after  every  100  m  of  distance  traveled.-  The  LDV  track  filter  uses  a  nine-point 
plane  fit  and  conventional  covariance  update.- 


The  CDU  is  a  multi-function  component  which  provides  the  operator  the  capability  to 
control  and  exploit  the  built-in  LDV  functions.  The  versatile  display-control  concept 
designed  by  Anacapa  Sciences  (6)  consists  of  a  12-line  (16  characters  each)  monochrome 
CRT  display  and  a  lower  panel  with  several  different  types  of  controls.  Line  select  keys 
are  positioned  adjacent  to  the  10  central  lines  of  the  display.  The  top  line  is  reserved 
for  user  advisory  information.-  The  bottom  line  is  used  as  a  scratch  pad  area  for  echoing 
keypad  entries.  Prompting  messages  are  displayed  beside  each  line  select  key,  indicating 
its  particular  function.  These  messages  change  according  to  the  type  of  transaction  in 
progress.-  Controls  on  the  lower  panel  allow  the  user  to  enter  numeric  values  into  the 
system,  jump  back  immediately  to  the  primary  menu  display,  and  initiate  a  host  of  other 
special  purpose  functions.  Design  of  the  CDU  dialog,  which  controls  the  color  map 
presentation,  was  provided  by  Anacapa  Sciences  (6). 

Upon  system  startup,  the  user  is  presented  with  a  main  menu  display  which  contains 
various  options  for  selection  of  the  color  map  display  presentation,  including:  change 
scale  to  3,  6,  or  12  km;  alter  contour  line  interval;  turn  contour  lines  on  or  off; 
select  a  relief  shading  or  an  elevation  guide  display;  update  the  current  vehicle  loca¬ 
tion;  enter  reference  and  designated  position  symbols;  orient  the  map  in  one  of  four 
cardinal  directions;  and  generate  intervisibility  calculations  at  a  user-selected  loca¬ 
tion.  Implementation  details  regarding  these  functions  will  be  discussed  in  detail  in 
the  image  processor  software  description.-  Also  contained  in  the  main  menu  display  are 
additional  control  and  auxiliary  functions  which  are  used  to  initialize  the  system  and  to 
control  the  SIT  AH  navigation  software.- 


The  Vicom  FOS  consists  of  an  MC68000-based  microcomputer  interfaced  to  a  number  of 
general  purpose,  high-speed  image  processing  modules.-  Figure  4  illustrates  the  five 
Vicom  image  processing  modules.  The  Display  Controller  module  refreshes  the  RGB  monitor. 
The  Image  Memory  module  allows  the  storage  of  16,  512  X  512  pixel  images  with  16  bits  per 
pixel.  This  image  memory  is  used  for  data  base  storage,  as  an  image  scratch  pad  area, 
and  as  a  buffer  for  terrain  displays.;  The  Array  Processor  Module  is  used  for  computing  3 
X  3  kernel  convolutions  at  video  frame  rates  and  for  image  operations  requiring  a 
multiplier/  accumulator..  The  Point  Processor  module  is  used  for  image  operations  which 
require  ALU  functions  or  a  Look-Up  Table  (LUT).  The  Pipeline  Controller  is  loaded  by  the 
microprocessor  with  microcode  destined  for  the  other  modules  in  the  system..  This  module 
is  responsible  for  synchronizing  all  other  image  processing  modules.: 


Figure  4.  Vicom  Image  Processing  Modules 


LDV  System  Software 

All  application  code  for  LDV  was  written  in  C  and  MC68000  assembly  language.  The 
primary  software  development  environment  consisted  of  an  Alcyon/68000  C  cross-compiler, 
assembler,  librarian,  and  linker,  running  on  a  VAX  11/750  computer  (7) .  Some  of  the  IPS 
algorithms  were  simulated  using  the  VAX  native  C  compiler.  Other  IPS  algorithms  were 
designed  and  tested  solely  on  the  Vicom  FOS  due  to  their  need  for  interaction  with  the 
high-speed  image  processing  nardware.: 
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SANDAC 

Many  of  the  LDV  system  software  functions,  including  the  CDU  dialog,  the  image  proces¬ 
sor  communications  protocol,  the  navigation  display,  the  system  clock,  and  the  system 
console  printer,  are  programmed  for  execution  on  the  SANDAC  executive  processor.; 
Hardware  interrupts  and  system  input/output  are  routed  through  the  executive  processor 
software  which  manages  data  transfers  between  the  concurrent  executive  processor  tasks 
and  the  SANDAC  slave  processors.  Two  SANDAC  slave  processors  are  employed  for  execution 
of  the  strapdown  navigation  and  SITAN  algorithms..  Both  of  these  tasks  are  computation¬ 
ally  intensive  and  time  critical,  thereby  warranting  dedicated  processors. 

Concurrent  task  management  and  intertask  communication  was  effected  using  a  Hunter  & 
Ready  Inc.  VRTX/68000  real-time  operating  system,  installed  on  each  of  the  SANDAC  proces¬ 
sors.  A  set  of  extensions  to  the  VRTX  kernel  was  written  to  allow  remote  message  queuing 
between  tasks  executing  on  different  processors.  Each  task  was  assigned  a  priority,  al¬ 
lowing  the  more  time-critical  tasks  to  execute  ahead  of  the  others.;  Figure  5  illustrates 
how  the  concurrent  LDV  tasks  and  the  associated  message  queues  were  employed  to  interface 
and  synchronize  a  portion  of  the  system  peripherals.  Aside  from  the  Navigator  and  SITAN 
tasks,  all  software  elements  depicted  were  implemented  on  the  Executive  processor.  A 
brief  description  of  each  software  task  is  presented  below,. 


Figure  5.;  SANDAC  Executive  Software 

operating  systems  were  required  to  interface  the  VRTX  kernels  into  the  SANDAC  hardware 
environment.  Two  versions  were  written,  one  for  the  slave  processors  and  a  second  for 
the  executive.;  Custom  input/output  drivers  for  communication  with  the  various  system 
peripherals  were  included  in  the  executive  processor  operating  system.; 


The  FOS,  on  booting  from  EPROM,  comes  up  in  an  interactive  shell  which  allows  the  user 
to  manipulate  images  by  entering  three  letter  command  mnemonics  followed  by  a  number  c* 
parameters.;  This  serial  bit  stream,  flowing  from  the  serial  communications  port  to  the 
shell  program,  was  intercepted  by  a  custom  task  which  monitored  the  bit  stream  for  a  spe¬ 
cial  character  representing  a  header  for  custom  functions.-  On  detection  of  this  special 
character,  the  bit  stream,  until  termination,  was  then  buffered  and  passed  to  the  custom 
LDV  software.  In  this  way,  it  was  possible  for  a  user-defined  software  module  to  gain 
control  of  all  of  the  resources  of  the  IPS. 


APPLICATION  SOFTWARE 


The  CDU  task  is  synchronized  with  the  other  system  software  tasks  using  VRTX  message 
queues.  Data  are  exchanged  between  tasks  using  mutually  agreed-upon  portions  of  computer 
ram  space.  A  state-machine  approach  was  used  in  the  design  of  the  CDU  logic.. 
Progression  between  states,  where  a  state  is  defined  as  a  unique  page  of  line  select  op¬ 
tions  on  the  CDU  display,  is  driven  by  user  inputs.-  To  advance  to  a  new  state,  a 
legitimate  input  must  be  received;  otherwise,  no  change  in  state  occurs.  The  Vicom 
serial  task  (VICOMs)  implements  the  ascynhronous  serial  protocol,  whereby  commands  from 
the  CDU  task  are  issued  to  and  acknowledged  by  the  image  processor.-  The  Vicom  parallel 
task  (VICOMp)  is  used  during  system  startup  to  initialize  the  image  memory.-  Data  is 
transmitted  from  the  Compaq  to  the  SANDAC  using  an  IEEE-488  GPIB  and  then  from  the  SANDAC 
to  the  Vicom  using  a  custom  parallel  interface. 

The  system  console  Printer  Task  was  written  to  synchronize  the  output  messages  from 
the  various  tasks  to  the  console.  A  task  performs  output  by  first  formatting  a  message 
into  a  static  character  buffer  and  then  posting  a  pointer  to  this  buffer  to  the  printer 
task.  The  printer  task  uses  the  pointer  to  access  the  buffered  message  and  then  outputs 
the  buffered  message  to  the  console. 


The  Clock  Task  maintains  a  real-time  user  clock  (time-of-day)  on  the  CDU  main 
auxiliary  page,  based  on  the  RIMS  interrupt.  This  clock  is  initialized  by  the  user 
during  system  startup. 
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The  Vehicle  Task  executes  at  a  1-Hz  rate,  checking  the  SITAN  estimated  vehicle  posi¬ 
tion  for  changes  in  east  or  north  position  greater  than  the  pixel  resolution  of  the  map 
display  (typically  100  meters) ,  and  issues  commands  to  the  image  processor  to  relocate 
the  vehicle  position  symbol  accordingly. 

The  navigation  display  software  implements  two  functions.  It  drives  the  1553  inter¬ 
face  to  provide  present  position  coordinates  on  the  stroke  symbol  generator  once  a 
second,  and  it  also  provides  a  data  stream  of  navigation  parameters  on  the  serial  port 
for  real-time  display  on  the  Kaypro  computer  every  two  seconds.; 


Inertial  Navigator 

Since  the  inertial  navigation  software  is  computationally  intensive,  it  alone  resides 
in  slave  processor  1.;  The  software  is  coded  in  C  and  uses  Motorola  Fast  Floating  Point 
numeric  representation  for  most  variables..  The  floating  point  numbers  are  represented  by 
24  mantissa  bits,  7  exponent  bits,  and  1  sign  bit.  This  single  precision  floating  point 
format  is  not  accurate  enough  for  an  airborne  INS  implementation.-  Here  the  numerical 
imprecision  effects  are  suppressed  by  the  damping  filters. 

The  gain  tables  for  the  alignment  Kalman  filter  are  included  in  the  INS  software.. 
These  values  were  coded  in  assembly  language  format  and  linked  to  the  C  code  with  exter¬ 
nal  label  references. 

SITAN 

The  LDV/SITAN  algorithm  is  coded  in  C  and  MC68000  assembly  language  and  executes  m 
Slave  Processor  2.  The  Kalman  filter  and  Mode  Control  Logic  calculations  utilize  single¬ 
precision  (32-bit)  floating-point  arithmetic.-  The  nine-point  plane  fit  calculations 
utilize  single-precision  (16-bit)  fixed-point  arithmetic..  As  shown  in  Figure  6,  the 
slave  processor  executes  the  SITAN  algorithm  and  geographic-to-state  plane  coordinate 
conversions  at  a  1  Hz  iteration  rate.;  Both  the  SITAN  and  cordinate  conversion  routines 
execute  as  a  single  task  under  control  of  the  slave's  VRTX  operating  system.  The  DTED  is 
stored  in  global  RAM  and  is  accessed  directly  by  the  SITAN  task.  DTED  access  rates  are 
378  bytes/sec  in  acquisition  mode  and  18  bytes/sec  in  track  mode.: 
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The  SITAN  algorithm  is  well  suited  for  implementation  in  a  parallel  processing  en¬ 
vironment,  as  it  is  computationaly  intensive  but  requires  a  low  iteration  rate  and  a 
small  amount  of  input  and  output. 


Image-Processing  system 

The  IPS  software  was  implemented  in  a  layered  modular  fashion.  Referring  to  Figure  7, 
the  software  system  consists  of  four  levels.  The  Console/Protocol  Handler,  is  respon¬ 
sible  for  maintaining  communication  between  the  SANDAC  controller  and  the  IPS.  This 
handler  verifies  that  the  incoming  messages  satisfy  a  predetermined  communication 
protocol,  if  the  incoming  message  is  incorrect,  a  retransmit  is  requested.  All  outgoing 
messages  are  also  formatted  with  the  proper  header  and  trailer  blocks  by  this  module.. 

At  the  second  level,  the  incoming  commands  are  parsed,  and  the  proper  sequence  of 
Function  Modules  are  invoked  to  satisfy  the  requested  command.  If  the  incoming  command 
is  invalid,  the  host  is  notified  of  the  error,  and  the  command  sequence  is  aborted.  If  a 
given  command  fails  to  complete  successfully,  recovery  is  attempted,  and  the  host  is 
notified  of  the  unsuccessful  command  completion.  At  the  third  level,  the  Functional 
Modules  are  implemented  These  will  bs  described  in  more  detail  below.  At  the  lowest 
level,  various  support  functions  are  implemented.-  These  generally  maintain  track  of 
resources  and  access  image  memory  or  low-level  IPS  functions  via  the  standard  inter¬ 
preter. 
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Figure  7.  IPS  software  Organization 

Descriptions  of  the  IPS  function  modules  follow: 

If  Initialize  Global  Variables  -  All  IPS  global  variables  are  initialized. 

2..  Initialize  Display  -  resets  the  display  only.:  This  function  is  often  used  when 

changing  from  one  major  display  mode  to  another.- 
3<  Color  -  This  function  is  used  to  interactively  adjust  the  saturation  of  the  32  avail¬ 
able  colors  to  compensate  for  variations  between  display  monitors. 

4. -  Symbols  -  This  function  paints,  erases,  and  keeps  track  of  five  independent  symbols.- 

The  symbols  represent  the  immediate  cursor,  the  vehicle,  a  designated  position,  a 
reference  position,  and  an  intervisibility  reference  position. 

5.  Coordinate  Transforms  -  This  function  maintains  knowledge  of  the  present  state  of 

the  IPS  and  appropriately  transforms  coordinate  references  to  the  internal  coor¬ 
dinate  system. 

6.  Shading  Algorithms  -  Two  types  of  terrain  shading  are  available  on  the  IPS.-  Slope¬ 

shading  is  performed  by  convolving  the  terrain  elevation  data  with  a  3x3  kernel 
which  approximates  the  cosine  of  the  angle  between  the  terrain  normal  and  the  inci¬ 
dent  radiation.-  (See  Figure  8.)  Elevation  shading  is  performed  by  remapping  the 
terrain  data  into  a  maximum  of  16  equally  spaced,  user  defined,  quantization  levels. 
The  results  of  both  elevation  shading  techniques  modulate  the  r_,curation  of  the  ter¬ 
rain  color  as  specified  by  the  cultural  features  encoded  jn  the  data  base. 

7.  Contour i na  -  Contouring  is  performed  by  quantizing  the  elevation  data  at  the 

specified  contour  interval  and  then  performing  an  edge  detection  followed  by  a 
threshold  to  locate  the  contours,.  These  contour  lines  are  then  overlayed  onto  the 
displayed  terrain.- 

8.  Rotation  -  The  rotation  function  rotates  the  data  base  such  that  the  terrain  display 

can  have  a  north,  south,  east,  or  west  up  orientation.  All  references  to  map  coor¬ 
dinates  are  also  transformed  as  necessary. 

9..  intervisibility  -  This  function  calculates  the  visibility  of  points  within  a  radius 

of  120  pixels  of  the  reference  point.. 


Figure  8.:  Terrain  slope  Shading 
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The  intervisibility  calculation  (see  Figure  9)  is  done  a  ray  at  a  time  with  a  one- 
half-degree  increment  between  rays  until  45  degrees  is  reached.  This  process  is  repeated 
for  the  other  seven  octants.  Along  each  ray,  120  incremental  steps  are  taken.  The 
increments  are  precalculated  for  the  first  octant  and  are  stored  in  a  table. 
Computationally  efficient  sign  reversals  are  used  to  derive  the  incremental  steps  for  the 
other  seven  octants.  As  steps  are  accumulated  along  a  given  ray,  the  slope  of  the  Line 
Of  Sight  (LOS)  is  maintained.  The  present  LOS  is  extrapolated  to  the  next  increment  on 
the  ray,  and  the  extrapolated  elevation  is  then  compared  with  the  elevation  at  the 
closest  grid  point.  If  the  extrapolated  elevation  is  less  than  the  closest  terrrin 
elevation,  the  point  is  marked  as  visible,  and  the  slope  of  the  LOS  is  updated  to  reflect 
the  higher  horizon.  If  the  extrapolated  elevation  is  greater  than  the  closest  terrain 
elevation,  no  action  is  taken.  This  indicates  the  terrain  point  is  not  visible.-  The 
user  can  optionally  specify  an  average  tree  height  which  biases  every  terrain  elevation 
point  in  the  calculation  region  excluding  the  observer  point. 


Figure  9.-  Intervisibility  Calculation 


NAVIGATION  PERFORMANCE 

The  vehicle  navigation  system  was  tested  at  an  area  near  Edgewooa  N.M.,  and  the  per¬ 
formance  is  illustrated  in  Figure  10.  The  road  loop  is  approximately  30  km  long  and  has 
eight  landmarks..  The  navigation  performance  cannot  be  determined  between  the  landmarks 
because  the  true  vehicle  location  is  not  known,  but  navigation  performance  can  be  in¬ 
ferred  from  the  fact  that  the  vehicle  was  traveling  on  the  road  and  the  road  loop  has 
been  accurately  surveyed.. 

The  system  test  started  at  landmark  3  with  LDV/SITAN  in  automatic  acquisition  mode. 
For  this  particular  test,  acquisition  occurred  (denoted  by  *  in  Figure  10)  after  56  up¬ 
dates,  or  5.5  km  of  distance  traveled. 

LDV/SITAN  remained  in  automatic  track  mode  the  remainder  of  the  loop.  The  unaided 
navigator  trajectory  contains  errors  of  several  hundred  meters,  while  the  SITAN-aided 
trajectory  radial  error  is  generally  less  than  100  m.  Table  1  lists  the  radial  error  for 
Loth  the  aided  an  unaided  trajectories  at  each  landmark  along  the  road  loop.- 

Table  1. 

Aided  and  Unaided  Radial  Error 


Naviaator  Error  rm) 

1 anrtmark 

* 

3 

0 

0 

2 

240 

56 

9 

299 

59 

8 

428 

47 

7 

401 

15 

6 

387 

35 

5 

330 

32 

4 

294 

101 

3 

256 

112 
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Figure  10. :  SITAN  Performance  at  Edgewood 

CONOIDS  IONS  AND  SUMMARY 

The  LDV  digital  map  display  coupled  with  an  automatic  navigation  system  provides 
vehicle  operators  with  capabilities  beyond  those  of  using  paper  maps  with  manual  naviga¬ 
tion.  The  computational  capabilities  can  be  exploited  to  give  information  such  as 
continous  range,  bearing,  and  intervisibility  easily  and  accurately.-  In  addition,  the 
DTED  used  for  the  map  display  can  also  be  used  for  accurate  navigation.- 

An  automatic  navigation  system  coupled  with  a  digital  map  display  is  feasible  using 
current  technology.:  Some  of  the  demonstration  equipment  had  excess  capablities  and  high- 
power  requirements  because  it  was  designed  for  lab  environments.,  A  system  designed 
exclusively  for  a  military  vehicle  environment  could  be  miniaturized  and  simplified  con¬ 
siderably  using  new  integrated  circuit  technology. 

Moving  map  terrain-aided  systems  of  this  type  will  appear  in  military  land  vehicles  as 
the  necessary  accurate  DTED  and  very  low-cost  computers  become  available.- 
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ABSTRACT 

Today's  motorists  often  must  confirm  their  route  by  referring  to  a  roadmap. 
Looking  at  a  map  while  driving  creates  a  poor  traffic  situation,  one  even  more  acute 
for  drivers  of  emergency  service  vehicles.  To  address  this  problem,  development 
engineers  at  the  General  Motors  Technical  Center  and  Delco  Electronics  integrated  an 
experimental  GPS  receiver  into  a  GM  Buick  Park  Avenue.  The  receiver  is  designed  to 
acquire  and  sequentially  track  signals  from  four  satellites.  The  vehicle's  precise 
latitude,  longitude,  and  altitude  are  determined  and  presented  on  a  color  cathode  ray 
tube  (CRT)  map  display  in  the  car's  instrument  panel. 


INTRODUCTION 

This  paper  describes  the  development  of  an  experimental  application  using  a  GPS 
receiver  designed  for  ultimate  use  on  automobiles  and  other  land  vehicles.  Though 
mainly  intended  for  U.S.  defense  purposes,  the  fact  that  the  U.S.  Government  is 
sponsoring  development  of  the  satellite  infra-structure  represents  a  commercial  spin¬ 
off  opportunity  for  any  private  organization  capable  of  developing  low  cost  user  equip¬ 
ment. 


The  Navstar  satellites  revolve  around  the  earth  at  an  altitude  of  10,898  nautical 
miles  and  transmit  precise  and  continuous  navigation  signals  to  any  number  of  users 
over  the  entire  globe. 

This  altitude  corresponds  to  a  12-hour  orbital  period,  a  feature  which  enables  the 
satellite's  data  to  be  up-loaded  daily  from  earth  stations  located  on  American  soil.: 
In  addition  the  high  altitude  achieves  worldwide  continuous  24-hour  coverage  with  mini¬ 
mum  signal  distortion.  Military  tests  conducted  to  date  have  confirmed  the  unprece¬ 
dented  accuracy  and  performance  that  GPS  offers  those  having  an  application  for  its 
use  (1). 

A  prototype  GPS  receiver  designed  to  acquire  and  sequentially  track  signals  from 
four  satellites  is  installed  in  a  GM  Buick  Park  Avenue  and  a  GMC  van.  By  means  of 
geometric  triangulation,  and  a  means  of  nullifying  the  user  clock  bias  (which  directly 
translates  to  user  position  error  when  multiplied  by  the  velocity  of  light),  the 
vehicle's  precise  latitude,  longitude,  and  altitude  are  determined  and  presented  on  a 
color  CRT  map  display  located  in  the  vehicle  instrument  panel. 

As  the  vehicle  moves  along  the  streets,  the  CRT  screen  indicates  the  car's  loca¬ 
tion  on  the  map  display  as  shown  in  Figure  1.  As  the  vehicle  travels  along  the  map's 
secondary  roads,  marked  in  yellow,  or  onto  major  freeways,  marked  in  purple,  the  car 
appears  on  the  screen  as  a  small  flashing  rectangle  leaving  a  blue  trail.  The  edges  of 
waterways  such  as  the  Detroit  River  and  Great  Lakes  are  outlined  in  blue.  The  bound¬ 
aries  of  different  states  are  multi-colored. 


Figure  1  -  MAP  DISPLAY 
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A  number  of  discrete  toom  levels  hsve  been  added  to  provide  further  detail  when 
navigating  in  densely  populated  residential  areas  or  city  streets.  A  trip  planning 
feature  enhances  operation  by  permitting  the  user  to  pre-program  destinations  which  are 
also  highlighted  on  the  map  display. 

To  evaluate  the  systems,  test  bed  vehicles  were  built.  They  include  a  luxury 
sedan  for  user  demonstrations  and  a  mobile  test  van  for  quantitative  data  gathering, 
outfitted  with  a  GPS  receiver  and  an  integrated  display  subsystem. 

Initially,  an  overview  of  the  Global  Positioning  System  operation  is  described, 
followed  by  a  functional  description  of  the  receiver  for  different  application 
scenarios.  The  goals  are  addressed  in  light  of  the  vehicle  operational  environment  and 
from  the  perspective  of  the  vehicle  operator.  This  is  followed  by  a  description  of  the 
major  components  in  the  integrated  systemt  concluding  with  vehicle  testing,  evaluation 
and  test  results. 


GLOBAL  POSITIONING  SYSTEM 

GPS  is  well  suited  for  this  task  because  it  provides  an  Indefinite  number  of  users 
with  accurate,  continuous,  worldwide,  all  weather,  24-hour  coverage.  The  GPS  system  is 
organised  into  three  main  segments!  the  Space  Segment  consisting  of  the  satellites 
transmitting  coded  messages  of  time  and  their  orbital  position  to  user  receivers  on 
earth,  the  Control  Segment  consisting  of  ground-based  monitor  and  control  stations  to 
assure  message  integrity  from  each  sate'-ite  on  a  daily  basis,  and  the  User  Segment 
consisting  of  the  indefinite  number  of  passive  receivers  to  receive  the  specially  coded 
satellite  signals. 

The  current  constellation  design  requires  a  minimum  of  18  Navstar  satellites 
revolving  about  the  earth  when  the  system  is  fully  deployed.  They  will  be  configured 
in  six  orbits  so  that  any  user  set  will  be  able  to  view  at  least  four  satellites  simul¬ 
taneously  anywhere  on  earth  at  any  time  of  the  day  or  night.  Because  the  orbital 
period  is  12  hours,  some  sateli. ces  pass  out  of  sight  below  the  horizon  as  others  rise 
to  take  their  place.  This  enables  the  user  to  maintain  continuous  contact  with  at 
least  four  members  of  the  constellation.  During  this  development  phase,  the  U.S. 
Government  is  maintaining  seven  active  operational  prototype  satellites  in  orbit.  The 
satellites  are  used  to  supply  signals  for  the  development  of  user  equipment  until  the 
production  satellites  are  launched. 

The  Control  Segment  consists  of  four  earth-based  monitor  stations  at  precisely 
known  coordinates  to  receive  and  monitor  the  data  stream  transmitted  from  each  satel¬ 
lite  as  it  passes  over  view.  A  comparison  is  made  between  the  precisely  known  location 
of  each  monitor  station  and  that  computed  as  a  result  of  receiving  the  satellite  data. 

The  Control  Segment  also  synchronizes  the  satellite's  atomic  clocks  to  standard 
GPS  time.  Computers  then  process  these  readings  to  determine  the  satellite's  position, 
velocity,  and  clock  error. 

In  essence,  closed-loop  control  of  each  satellite's  data  base  i3  maintained  as 
errors  in  the  satellite's  broadcasted  message  are  compensated  and  new  data  up-loaded  to 
each  satellite  via  a  microwave  data  link  as  shown  in  Figure  2.  The  monitor  stations 
will  be  based  on  American  soil.  Monitor  stations  are  currently  operated  on  Kwajalein 
Island  and  Hawaii  in  the  South  Pacific*  Colorado  Springs,  Colorado;  Ascension  Island 
off  the  coast  of  Africa;  and  Diego  Garcia  Island  in  the  Indian  Ocean.  The  master 
control  station  which  refreshes  the  satellite's  data  base  is  located  at  Falcon  Air 
Force  Base  in  Colorado  Springs,  Colorado. 
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Figur*  2  -  CONTROL  SEGMENT 
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Satellite  Locations 


The  satellite  positions  must  be  known  at  least  as  accurately  as  the  desired 
accuracy  of  the  user's  position.  The  coefficients  in  the  satellite's  almanac  data 
block  describe  the  mean  orbits  for  each  of  the  satellites.  These  coefficients  are  used 
by  the  receiver  on  a  cold-start  in  order  to  determine  which  satellites  to  acquire. 
Once  a  satellite  is  acquired,  the  coefficients  for  its  ephemeris  are  read  by  the 
receiver.  The  ephemeris  describes  the  satellite's  orbit  to  within  several  meters  of 
accuracy.  These  coefficients  are  determined  at  the  ground  master  control  station  by 
solving  an  inverse  navigation  problem.  New  coefficients  for  the  ephemeris  are  uploaded 
to  erch  satellite  dally.  The  coefficients  are  stored  with  greater  precision  in  the 
satellites  than  in  the  GPS  receiver,  so  new  values  must  be  downloaded  every  hour  to  the 
receiver.  The  receiver  precalculates  interpolating  polynomials  with  respect  to  the 
receiver  time  from  the  coefficients  in  the  ephemeris.  These  polynomials  are  inter¬ 
polated  at  specified  times  to  determine  the  satellites’  position. 

User  Segment 

The  User  Segment  consists  of  the  unlimited  population  of  passive  receivers  which 
use  triangulation  with  four  satellites  to  obtain  a  position  fix.  As  each  satellite 
continuously  broadcasts  its  unique  pseudo-random  stream  of  binary  l's  and  0's,  the 
user's  receiver  produces  an  on-board  replica  of  the  bit  stream,  and,  by  means  of  spread 
spectrum  correlation,  determines  the  time  delay  between  the  time  the  signal  is  trans¬ 
mitted  and  received  (2).  By  multiplying  the  time  delay  from  each  satellite  by  the 
speed  of  light,  as  shown  in  Figure  3,  the  range  from  satellite  to  user  is  determined 
(r=cx4T).  This  is  called  pseudo-range  because  it  is  not  compensated  for  the  user's 
clock  error . 


If  the  receiver's  clock  were  synchronized  with  that  of  the  satellites,  then  three 
measurements  of  this  type  would  pinpoint  the  users  location;  but,  because  the  user 
clock  may  be  off  by  several  milliseconds,  a  measurement  is  taken  from  a  fourth  satel¬ 
lite.  This  allows  the  receivers  to  use  inexpensive  crystal  clocks  instead  of  the 
precise  atomic  standards  used  in  the  satellites.  Measurements  to  four  satellites 
allows  the  computer  to  formulate  four  simultaneous  equations  which,  as  shown  in  Figure 
4,  eliminates  the  clock  bias  (Cjj).-  Subsequent  computation  of  user  coordinates  ux,  Uy, 
Uz  are  then  converted  to  user  latitude  and  longitude. 


The  software  controlling  the  GPS  receiver  is  motivated  by  a  functional  description 
of  the  navigation  process.  The  purpose  of  navigation  is  to  determine  one’s  positron 
within  a  given  coordinate  system.  In  this  case,  a  cartesian  coordinate  system  is 
chosen  for  the  internal  navigation  calculations.  This  coordinate  system  is  termed 
Earth  Centered  Earth  Fixed  ( ECEF)  because  its  Z  axis  is  co-linear  with  the  earth's 
polar  axis  and  its  X  axis  passes  through  the  Greenwich  Meridian.  The  navigation  solu¬ 
tion  is  transformed  from  ECEF  coordinates  to  geodetic  coordinates  (latitude,  longitude, 
and  altitude)  for  the  convenience  of  the  user.  This  transformation  is  made  using  an 
ellipsoidal  model  for  the  earth.  A  variety  of  ellipsoids  have  been  used  in  carto¬ 
graphy,  and  the  GPS  system  uses  the  coefficients  for  the  WGS-72  (world  Geodetic  survey) 
geocentric  ellipsoid  which  was  derived  from  satellite  measurements. 
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Different  applications  dictate  different  receiver  architectures.  For  example, 
tracking  the  dynamics  of  an  F-16  fighter  requires  simultaneous  processing  of  the 
signals  from  all  four  satellites  resulting  in  four  receiving  channels,  each  locked  to  a 
separate  satellite.  A  fifth  channel  tracking  the  next  most  appropriate  satellite 
(based  on  signal/noise,  elevation  angle,  and  other  considerations)  is  used  to  maintain 
continuity  of  the  navigation  solution  should  one  of  the  four  descend  below  the 
horizon. 

However,  to  track  a  vehicle  of  relatively  low  dynamics,  such  as  an  automobile, 
requires  only  a  single  channel  receiver  which  is  time-shared  to  sequence  among  the  four 
satellites. 

The  navigation  signals  are  transmitted  from  each  satellite  at  two  L-band  carrier 
frequencies:  Li  at  1575.42  MHz  and  Lj  at  1227.6  MHz.  This  permits  corrections  to  be 
made  for  ionospheric  propagation  delays  because  the  change  in  the  velocity  of  a  radio 
wave  passing  through  the  ionosphere  is  frequency  dependent,  making  measurements  at  two 
frequencies  enables  the  system's  computer  to  eliminate  this  bias. 

The  signals  are  modulated  with  two  pseudo-random  noise  codes:  P,  which  provides 
precise  measurement  of  time  and  position  and  is  currently  reserved  for  military  appli¬ 
cations,  and  C/A  which  provides  for  quick  acquisition  of  the  satellite  signals. 
Because  of  the  low  dynamics  associated  with  land  vehicles  and  the  modest  tracking 
accuracy  requirements,  receivers  such  as  GM's  prototype  are  designed  to  receive  only 
the  Li  carrier  using  the  C/A  code.  Both  Iq  and  L2  also  are  modulated  with  50  bps  data 
relevant  to  each  satellites  status  and  orbital  parameters. 


The  signal  encoding  accomplishes  two  basic  and  primary  functions  in  system  opera¬ 
tion:  it  enables  identification  of  each  satellite  because  the  code  pattern  is  unique 
for  each  one;  it  also  enables  the  receiver  to  determine  the  signal  propagation  delay  by 
measuring  the  phase  shift  required  for  the  receiver  to  match  an  onboard  code  of  the 
same  pattern. 


The  wideband  nature  of  the  signal  (spread  spectrum;  C/A  code  2.046  MHz  bandwidth, 
P-Code  20.46  MHz)  combined  with  the  complex  code  modulation,  the  relatively  low 
radiated  satellite  power  levels,  the  extreme  user-to-satellite  distances,  and  the  fact 
that  both  satellite  and  user  are  moving  creating  large  Doppler  excursions  on  the 
carrier  frequencies,  results  in  signals  which  are  imbedded  in  ambient  noise  and  very 
difficult  to  detect. 


Detection  is  accomplished,  however,  using  wen  known  spread  spectrum  techniques 
which  compress  tne  large  incoming  signal  bandwidth  down  to  system  band-widths  of  only  a 
few  hertz  (3).  This  allows  adequate  signal-to-noise  ratios  to  extract  the  signal. 
Tracking  filters  are  used  to  keep  the  carrier  and  code  in  lock  during  the  large  Doppler 
shifts  of  the  carrier. 


The  carrier  tracking  loop  varies  the  reconstructed  carrier  frequency  to  match  the 
incoming  carrier,  and  the  code  tracking  loop  tracks  the  peak  of  the  correlation 
function  by  controlling  the  shift  of  the  local  code  replica. 
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In  particular,  all  of  tha  aatallitaa  broadcaat  on  tha  sane  carrier  frequency  of 
1575,42  MHf,  but  each  satellite  phase  modulates  this  carrier  with  a  different  digital 
pseudo-random  noise  (PRN)  code.  This  modulation  spreads  the  carrier  sufficiently  to 
reduce  the  power  level  at  the  carrier  frequency  below  the  thermal  noise  level  of  the 
receiver.  The  pseudo-random  codas  are  stored  in  the  receiver,  and  they  must  bn  known 
in  order  to  compress  the  signal  bandwidth  and  recover  the  data  modulation  on  the 
carrier.  The  receiver  must  also  anticipate  the  doppler  shift  of  the  satellite  signal 
in  order  to  lock  onto  the  carrier.  This  shift  can  vary  by  +/-  6  KHx  depending  upon  the 
satellites  position  in  the  orbit.  The  doppler  shift  must  be  known  within  500  Hx  in 
order  for  the  carrier  tracking  loop  to  lock  onto  the  signal,  and  this  doppler  shift  is 
anticipated  from  the  almanac  by  calculating  the  satellite's  velocity  component  in  the 
direction  of  the  user.  Qiven  the  doppler  shift,  the  carrier  lock  circuitry  is  preposi¬ 
tioned  to  the  expected  signal  frequency.  The  distance  to  tne  satellite  is  also  antici¬ 
pated  from  the  almanac  by  differencing  the  satellite  and  estimated  user  positions. 
Since  the  propagation  delay  between  the  satellite  and  the  user  is  equivalent  to  a  shift 
of  the  PRN  code,  then  the  code  shift  may  be  anticipated  from  the  estimated  satellite 
distance  in  order  to  aide  the  coda  lock  loop.  Both  the  carrier  frequency  and  the  code 
shift  are  tracked  by  hardware  in  the  front-end  of  the  receiver.  The  carrier  is  first 
prepositioned,  and  then  the  code  tracking  loop  is  dithered  until  the  known  PRN  code 
best  correlates  with  tha  incoming  signal.  The  correlation  is  found  from  the  integral 
of  the  product  of  the  signal  with  the  PRN  code  over  the  duration  of  the  code.  On  a 
cold  start,  the  nominal  carrier  frequency  is  also  dithered  until  either  the  signal  is 
captured,  or  all  combinations  of  carrier/code  shift  are  exhausted. 

SySTEM  FUNCTIONAL  DESCRIPTION 

The  functional  block  diagram  of  the  current  navigation  system  is  illustrated  in 
Figure  5.  The  navigation  system  consists  of  1)  navigation  sensors,  2)  user  interface, 
and  3)  the  display  computer.  Three  different  navigation  sensors  have  been  included. 
The  GPS  and  LORAN  receivers  are  self  contained  units,  mounted  in  the  trunk  of  the  car, 
while  the  dead  reckoning  sensor  is  derived  from  combined  measurements  of  a  flux-gate 
compass,  mounted  below  the  roof  of  the  car,  and  the  odometer.  The  user  interface 
consists  of  a  series  of  switch  inputs,  the  map  cartridge  reader,  and  the  CRT  display. 
Push-button  switches  and  a  joystick  are  mounted  in  the  central  armrest  in  the  front 
'  >at.  A  thumbwheel  switch,  an  antennae  selector  switch,  and  the  CRT  display  have  been 
mounted  in  the  dash.  A  map  cartridge  reader  is  mounted  below  the  dash.  The  display 
computer,  consis^x.ig  of  an  interface  board,  »  CPU  board,  and  a  graphics  controller 
board  have  been  mounted  in  a  card-cage  located  in  the  trunk  of  the  car. 


Figure  5  -  CURRENT  NAVIGATION  SYSTEM  FUNCTIONAL  8 LOCK  DIAGRAM 


For  developing  a  system  adequate  for  land  vehicles  and  to  permit  software  flexi¬ 
bility  in  the  design  of  various  acquisition  and  tracking  algorithms,  a  GPS  receiver 
configured  in  an  algorithm  development  system  environment  was  packaged.  The  develop¬ 
ment  GPS  receiver/processor  architecture  is  shown  in  Figure  6.: 

The  GPS  receiver  communicates  with  both  the  map  display  computer  and  with  an 
operator  Control/Display  Unit  (CDU).  Normally  the  GPS  receiver  will  commence  a  warm 
start  sequence  when  the  vehicle  is  powered  up,  and  knowing  its  last  position  and  the 
current  time,  the  receiver  will  consult  the  alumnae  t-o  select  which  satellite  wuulu  be 
most  visible,  and  then  attempt  to  acquire  that  satellite.  If  the  satellite  antenna  is 
unobstructed,  and  the  receiver  and  satellites  are  working  properly,  then  the  satellite 
will  be  acquired,  after  which  the  remainder  of  the  satellites  in  the  constellation  will 
be  acquired,  and  the  receiver  will  commence  navigation,  sending  calculated  GPS  position 
to  the  display  computer  once  per  second.  The  user's  current  position  may  also  be  down¬ 
loaded  from  the  display  computer  to  the  GPS  receiver  by  pressing  the  ENTER  key  on  the 
operator  console  after  positioning  the  display  cursor  on  the  map  at  the  current  vehicle 
position. 
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GM's  current  test  and  demonstration  vehicle  is  equipped  with  three  navigation 
systems,  as  shown  in  Figure  7. 

•  NAVSTAR  Global  Positioning  System 

•  LORAN-C 

•  FLUX-GATE  compass  and  odometer  for  dead  reckoning 

This  test  configuration  permits  the  relative  evaluation  of  three  independent  or 
integrated  approaches.  The  seven  satellites  currently  deployed  limit  the  navigation 
window  to  approximately  6-7  hours  per  day. 

The  Navstar  solution  data  stream  is  linked  to  the  display  computer,  (a  16  bit 
microprocessor)  for  decoding  and  correlating  with  digitized  roadmap  data  which  has  been 
referenced  to  latitude  and  longitude  coordinate  frame  of  reference.  In  this  manner, 
the  vehicle  location  is  pinpointed  against  a  geographic  map  directory  in  memory  and 
used  to  drive  the  color  CRT  with  vehicle  location  and  surrounding  streets,  roads  and 
highways. 

The  display  also  has  an  operator-selectable  "trip  planning"  mode  which  allows  the 
driver  to  pre-plan  a  trip  by  inserting  origin,  destination,  and  intermediate  stopping 
points,  all  of  which  are  displayed  at  the  touch  of  a  button.  Relative  bearing  and 
distance  to  each  stopping  point  are  then  displayed  while  enroute.  Other  driver  con 
trols  include  multiple  map  scales  to  enlarge  to  increasing  levels  of  detail,  the 
streets  and  highways  of  a  given  area.  The  largest  scale  is  automatically  displayed 
when  a  destination  point  is  approached  within  a  1-1/2  mile  r,dius.: 


Flgura  7  -  CURRENT  NAVIGATION  SYSTEM  FUNCTIONAL  COMPONENT  LAYOUT 
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t  roadmaps  are  digitally  stored  in  cartridges  inserted  in  a  slot  in  the  car's 
ir.str  .rant  panel.  The  cartridges  are  changed  as  the  vehicle  travels  from  one  remote 
art.-'  1  another.  Since  a  cartridge  contains  many  map  "pages",  a  new  map  is  auto¬ 
matically  drawn  on  the  CRT  as  the  vehicle,  represented  by  the  flashing  rectangle, 
approaches  the  edge  of  the  screen  (automatic  paging).  The  cartridges  are  programmed  by 
digitizing  U.S.  Geological  Survey  maps. 

Vehicle  Testing 

Development  testing  for  the  purpose  of  GFS  software  debugging  and  tracking 
algorithm  refinement  was  accomplished  by  implementing  the  test  van  shown  in  Figure  8. 
The  van  included  data  monitoring  and  storage  equipment  in  addition  to  the  vehicle 
location  sensing  and  display  equipment.  The  equipment  was  tested  on  the  roads  at 
Pike's  Peak  to  evaluate  the  system's  sensitivity  to  rapidly  changing  altitudes  and  the 
effect  of  signal  blockages  in  mountainous  terrain.  Under  these  conditions,  the  average 
position  errors  were  within  the  expected  range  of  less  than  50  meters.  The  RMS  posi¬ 
tion  error  for  all  tests  combined  were  less  than  100  meters. 
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SUMMARY 


Conditions  for  land  navigation  are  among  the  most  severe  in  the  arctic,  where  until  gpc  becomes 
fully  operational,  there  will  be  no  mingle  system  capable  of  continuously  providing  the  necessary  position 
and  heading  accuracy,-  Even  vhen  GPS  is  available  reliability  considerations  will  dictate  that  a  self 
contained  or  autonomous  backup  be  available,  certainly  for  the  military  user.-  The  Defence  Research 
Establishment  Ottawa  (DREO)  has  therefore  developed  a  multi-sensor  optimally  integrated  navigation  systeu 
to  satisfy  the  present  operational  requirements  of  the  Canadian  land  forces.  This  system,  called  PLANS 
(Primary  Land  Arctic  Navigation  System)  vas  designed  and  built  to  be  a  highly  reliable,  moderately  accurate 
and  moderately  prired,  nnnradiating,  automatic  navigation  system  for  all  weather  off  the  road  use.  Although 
designed  primarily  to  meet  an  arctic  requirement,  PLANS  would  of  course  be  just  as  applicable  for  desert 
navigation,  or  for  any  application  in  vhich  reliability  and  accuracy  are  a  priority,  or  where  simpler  and 
less  costly  methods  are  ineffective. 

PLANS  combines  several  self  contained  sensors  vith  two  satellite  receivers,  using  an  8  state  Kalman 
filter  on  a  68000  based  microcomputer,  to  provide  a  continuous  optimal  estimate  of  position,  height  and 
heading.  The  self  contained  sensors  consist  of  a  strapdovn  gyrocompass/directional  gyro  unit,  an  odometer 
pickoff  for  speed,  a  magnetic  fluxgatc  sensor  (vith  a  detailed  geomagnetic  field  model  in  the  software)  and 
a  baroaltimeter  (vith  a  digital  terrain  elevation  map  providing  assistance).  The  satellite  receivers  are  a 
single  channel  C/A  code  GPS  and  dual  channel  Transit.  This  section  will  describe  the  requirement,  the 
difficulties  in  meeting  this  requirement,  the  design  of  a  multi-sensor  integrated  system  solution,  some 
simulation  results  and  some  field  trial  results.. 


1.  PROBLEM  STATEMENT 


Perhaps  the  most  stringent  requirement  for  land  navigation  is  imposed  by  winter  operations  in  the 
high  arctic.  The  serious  consequences  of  being  lost  or  failing  to  find  a  supply  dump  in  the  arctic  make 
reliability  and  accuracy  vital  necessities.  Because  of  weather  related  poor  visibility  conditions,  it  may 
also  be  necessary  to  navigate  by  instrument  very  close  to  the  destination  in  order  to  actually  find  it. 
Furthermore,  a  combination  of  circumstances  conspire  to  make  the  arctic  particularly  difficult  area  in 
vhich  to  navigate  by  conventional  means. 


The  Canadian  arctic,  from  60°  to  85°  latitude,  consists  of  about  7,000,000  square  kilometres, 
roughly  half  of  which  is  land.  To  the  untrained  eye  of  a  non-inhabitant  most  of  this  area  appears 
completely  barren  and  featureless,  especially  during  the  long  winter  period  where  land-vater  division  is 
obscured.  Certainly  above  the  tree  line  any  movement  beyond  line  of  sight  requires  some  non -trivial 
navigation  capability.  There  are  generally  no  rail  or  road  systems  as  we  'now  it,  and  in  most  areas  no 
permanent  recognisable  landmarks.  The  normal  map  reading  skills  ale  therefore  completely  inadequate. 
Frequent  extended  periods  of  low  visibility  also  interferes  with  visual  navigation,  and  make  celestial 
navigation  unreliable  at  best.  In  any  case  sextants  and  sun  compasses  are  not  sufficiently  accurate. 

In  many  ways  arctic  navigation  is  similar  to  desert  navigation,  except  that  there  are  several  added 
complications.  The  area  in  question  is  unique  in  containing  the  north  geomagnetic  pole,  which  makes  the  use 
of  a  hand-held  magnetic  compass  futile  over  most  of  this  area.  This  is  because  the  geomagnetic  field  lines 
at  the  magnetic  pole  are  vertical,  and  the  compass  relies  on  the  horizontal  component  of  the  field.  As 
shown  in  reference  [1)  random  fluctuations  in  the  direction  of  the  field  vector  about  its  mean  value  will 
induce  heading  errors  of  magnitude  inversely  proportional  to  the  horizontal  field  strength.  Figure  1  snows 
how  this  magnetic  heading  error  magnitude  varies  with  latitude  along  two  selected  longitude  lines,  -100 
(which  virtually  passes  over  the  magnetic  pole),  and  -60°.  This  figure  represents  the  error  of  a  stationary 
magnetic  compass,  assuming  a  constant  level  of  field  fluctuation,  and  that  the  local  mean  field  is  knovn, 
that  the  disturbing  field  from  the  vehicle  is  knovn,  and  that  the  accuracy  at  the  equator  is  1  .-  In  fact 
the  level  of  fluctuations  in  the  geomagnetic  field  are  not  constant,  but  show  a  definite  dependence  on 
geomagnetic  latitude  and  time  of  day,  as  shown  in  Figure  2  (borrowed  from  [2)). 


Of  course  the  usual  radio  navigation  aids  do  not  extend  coverage  through  the  arctic,  with  the 
possible  exception  of  Omega  (31,  vhich  is  not  sufficiently  accurate.  The  Transit  satellite  system  does 
provide  some  position  fixing  capability,  if  velocity  and  height  can  be  continuously  provided.  Since  the 
Transit  satellites  are  in  polar  orbits,  fixes  can  be  obtained  more  frequently  at  highei  latitudes,  with 
more  than  ore  fix  per  hour  expected  above  60°,  The  accuracy  of  a  Transit  position  fix  depends  upon  the 
accuracy  of  the  velocity  provided,  but  can  be  quite  adequate,  especially  with  a  2  channel  receiver  (to 
remove  the  ionosoheric  effect!  in  statlonarv  mode.  GPS  position  and  velocity  is  quite  adequate  when  it  is 
available,  even  with  a  C/A  code  receiver.  Until  it  is  fully  operational  however,,  the  gaps  in  coverage 
prevent  total  reliance  on  GPS. 


This  therefore  still  leaves  the  requirement  to  dead  reckon  (DR)  between  Transit  fixes  or  through 
GPS  gaps,  so  that  the  velocity  determination  cannot  be  avoided.  Now  the  length  of  the  velocity  vector,  or 
the  speed,  is  easily  estimated  by  using  the  vehicle  odometer  information,  but  the  heading  presents  some 
difficulty.  The  first  alternative  to  magnetic  direction  finding  is  gyrocompassing  which  uses  the  fact  that 
the  horizontal  component  of  the  earth's  rotation  rate  u  is  in  the  north  direction.  Gyrocompassing  becomes 
more  difficult  at  higher  latitudes  X,  where  the  horizontal  earth  rate  (acosX)  decreases  quickly  as  one 
moves  north.  Thus  the  gyrocompassing  accuracy  of  a  given  sensor  varies  as  the  secant  of  the  latitude.  In 
practice  of  course  for  each  gyro  there  is  a  latitude  above  vhich  it  will  not  settle  at  all.  Por  the 
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moderately  priced  type  o£  unit  suitable  for  land  vehicles  this  is  typically  given  as  about  80°.- 
Fortunately,  the  present  location  of  the  geomagnetic  pole  is  such  that  the  land  area  vhere  magnetic  heading 
is  not  available  (using  a  magnetometer,  not  a  hand  held  compass)  probably  does  not  intersect  the  land  area 
vhere  gyrocorpassing  is  not  possible,  as  shorn  in  Figure  3.  Of  course  neither  of  these  regions  are  sharply 
delineated  in  fact.  Rather  each  heading  measurement  become  increasingly  less  accurate  moving  towards  and 
into  its  corresponding  region.  The  point  at  which  each  measurement  becomes  useless  depends  on  the 
particular  sensors  chosen,  how  they  are  used,  and  the  magnetic  conditions  at  the  time.  The  important  point 
to  note  is  that  in  the  extreme  northwest,  which  is  the  area  of  greatest  difficulty,  the  two  methods 
complement  each  other,  with  magnetic  heading  Improving  as  gyrocompass  heading  deteriorates  and  vice  versa. 


Fig.  1.  Magnetic  Heading  Error  Sensitivity  Fig.  Mean  Hourly  Magnetic  Field  Fluctuations 


Fig.  3.  Regior  ->f  Magnetic  and  Gyrocompass  Beading  Difficulty 


2.  SYSTEM  SOLUTION 

With  the  problem  as  stated  above,  the  obvious  solution  is  to  combine  one  or  both  of  the  satellite 
receivers  with  a  magnetic  sensor,  a  gyrocompass/directionol  gyro  unit  and  an  odometer  p*ckoff,  in  an 
optimally  integrated  system,  using  a  Kalman  filter  to  properly  exploit  the  strengths  of  each  sensor..  After 
investigating  some  non-conventional  alternatives,  such  as  VLF  direction  finding  and  short  baseline 
interferometry  using  Transit  to  obtain  heading  information  [ 4 J  DREO  decided  that  an  integrated  system  with 
off-the-shelf  components  vas  the  preferred  solution.  Since  no  such  system  vas  available,  it  vas  necessary 
to  develop  one.  Previous  experience  in  the  design  and  development  of  a  Kalman  filter  based  integrated 
navigation  system  ,5), (6)  vas  influential  in  this  decision,  and  in  the  design  approach..  The  major 
components  chosen  for  PLANS  are  shown  in  Figure  4,  in  block  diagram  form. 
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This  design  is  actually  a  transitional  configuration)  since  PLANS  vas  first  built  vithout  the  GPS 
receiver,  and  vhen  GPS  is  fully  operational  the  Transit  receiver  can  be  eliminated.  Since  the  Transit 
receiver  requires  height  input,  a  baroal tine ter  has  been  included,  vhich  is  augmented  vlth  a  snail  terrain 
elevation  database.  These  are  appropriately  blended  in  the  Ralman  filter.  Use  of  a  Transit  height 
measurement  to  calibrate  the  barometric  height  vas  considered,  but  would  have  required  the  vehicle  to 
remain  stationary  through  several  satellite  passes  plus  some  additional  receiver  capability,  vith  its 
attendant  cost.  The  VRU  heading  can  be  combined  vith  speed  obtained  fron  the  vehicle  odometer  to  form  the 
velocity  vector.,  A  deadreckoning  solution  can  then  be  obtained  by  integrating  this  velocity.  The  core  of 
the  integrated  system  is  this  deadreckoning  system,  consisting  of  the  VRU  and  odometer.-  All  other  sensors 
can  be  thought  of  as  aiding  sensors. 


Fig.  4:  PLANS  BLOCK  DIAGRAM 


The  magnetometer  provides  additional  heading  information,  which  is  combined  vith  the  VRU  heading 
through  the  prefilter  and  the  Kalman  filter,  as  described  below.  The  magnetic  measurement  of  course  is 
compensated  to  account  for  the  difference  betveen  true  north  and  the  local  magnetic  field  direction.  This 
requires  a  geomagnetic  field  model  and  a  vehicle  field  model.-  The  geomagnetic  model  used  in  PLANS  is  the 
IGRF85  model  (International  Geomagnetic  Reference  Field,  1985)  { 7 ] .  The  vehicle  field  model  is  a  second 
order  FouMer  series  representing  the  vehicles  permanent  field  ("hard  iron")  and  induced  field  ("soft 
iron")  and  is  found  by  using  the  VRU  to  calibrate  the  Installed  magnetometer  vhile  driving  the  vehicle  over 
the  complete  range  of  headings  [1].; 

The  gyro  unit  and  magnetometer  are  not  the  only  sources  of  heading  information  available.  Of  course 
GPS  velocity  can  be  used  vhen  the  vehicle  is  moving  and  GPS  is  available,  but  it  is  also  possible  to  obtain 
heading  information  from  a  Transit  position  fix,  in  an  indirect  way.  This  is  due  to  the  knovn  sensitivity 
of  the  Transit  fix  to  the  error  of  the  velocity  fed  to  the  receiver.  The  Kalman  filter,  using  a  detailed 
model  of  this  relationship,  can  then  update  its  estimate  of  the  velocity  error  (including  heading  error) 
vhen  it  processes  the  Transit  position  fix.  In  simulation  this  technique  is  quite  successful,  hovever.it 
does  rely  on  the  Transit  receiver  providing  correct  satellite  elevation  angle  and  direction  of  travel 
information. 


3.  SENSOR  SELECTION 

The  gyro  unit  used  in  the  proof  of  concept  study  vas  a  strapdovn  "Vehicle  Reference  Unit"  (VRU) 
having  one  tuned  rotor  gyro  (2  axes),  one  single  axis  rate  gyro  and  2  accelerometers.  This  unit  can 
gyrocompass  in  about  5  minutes  (longer  at  higher  latitudes)  if  the  vehicle  is  stationary  and  pointing 
within  about  30°  of  north.  This  provides  an  initial  heading,  accurate  to  about  one  degree  secant  latitude 
(lo),:  after  vhich  the  VRU  automatically  switches  to  directional  gyro  mode  and  the  vehicle  can  be  moved.: 

For  the  PLANS  proof  of  concept  development  model  a  two  axis  magnetic  compass  sensor  init  vas  used 
vhich  incorporates  a  gimballed  fluxgate  sensor  assembly  capable  of  Jirectly  measuring  the  horizontal 
components  of  the  earth's  magnetic  field.  The  manufacturer  claims  that  it  vi".  provide  mag,  -tic  heading 
.ccnrate  to  24  for  magnetic  dip  angle  from  0’  to  an'  vhich  excludes  a  iaige  portion  of  northern  Canada. 
Because  ol  this  and  a  potential  lov  temperature  problem,  a  more  suitable  3-axis  strapdovn  magnetic  sensor 
unit  has  been  obtained  for  the  next  phase  of  development. 

The  baroaltimetet  sensor  chosen  vas  a  High  Output  Pressure  Transducer  vith  gage  pressure  range 
rated  at  0  to  25  pounds  per  square  inch  (  0  to  172  kilo-  Pascals).,  The  range  of  interest  is  roughly  11  to 
16  psi  corresponding  to  a  barometric  height  range  from  about  -700  metres  to  2,500  t®tres..  This  barometric 
sensor  weighs  only  about  100  gram3  and  occupies  only  about  100  cc.: 

The  satellite  receiver  chosen  for  the  PLANS  development  model  vas  a  commercial  2-cbanr.el  Transit 
receiver  (intended  for  the  marine  environment)  vhich  provides  convenient  serial  output  and  the  ability  to 
be  easily  upgraded  to  include  a  C/A-code  Gn3  receiver..  Thw  keypad,  display  and  case  were  discarded,  and  the 
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necessary  electronics  (including  battery  backup)  vas  repackaged  vitb  a  68000  based  computer  system,  the 
interface  cards,  pover  supplies  and  the  baroaltlmeter.  In  this  vay  the  satellite  receiver(s)  can  be 
completely  controlled  by  the  PLANS  processor,  using  a  keypad  emulator. 


4.  ERROR  HODUADK 

In  order  to  properly  integrate  these  different  sensors  using  a  Kalman  filter,  all  significant 
stochastic  and  deterministic  errors  must  be  carefully  modelled.  Deterministic  errors,  such  as  magnetic 
declination,  are  modelled  so  that  their  effects  can  be  directly  removed  as  much  as  possible,  and  the 
remaining  errors  are  modelled  as  random  processes  to  enatle  the  Kalman  filter  to  estimate  them  and  to 
calculate  the  appropriate  gain  matrix  to  veight  the  various  measurements.  An  overvlev  of  the  modelling 
process  for  PLANS  is  given  here.  It  should  be  noted  that  to  a  large  extent  this  error  modelling  is  generic, 
vlth  the  form  of  the  models  depending  only  on  the  type  of  sensors  being  used.  The  actual  sensor  models 
chosen  vill  of  course  determine  the  numerical  values  of  the  parameters,  enabling  the  PLANS  softvare  to  be 
easily  adapted  to  different  qualities  of  sensors.  This  flexibility  allovs  the  cost/performance  tradeoff  and 
final  sensor  selection  to  be  made  late  in  the  development  program,  a  necessary  measure  since  PLANS  .yutem 
development  began  before  sensors  with  the  desired  qualities  vere  available. 

The  types  of  stochastic  models  used  in  the  PLANS  Kalman  filter  are  limited  for  practical  reasons  to 
first  order  Markov  processes  and  uncorrelated  vhite  noise  [12] . - 


4.1  DEAD  RECKONING  ERRORS 

Dead  reckoning  (DR)  is  the  determir-  ' :n  of  the  position  at  time  tl  by  knowing  the  initial 
position  at  time  tO  and  integrating  the  velocity  vector  from  tO  to  tl.  For  land  and  sea  navigation  the 
velocity  vector  is  generally  obtained  by  measuring  the  heading  0,  speed  S  and  if  possible  pitch  4.  For 
PLANS  the  DR  heading  and  pitch  is  measured  using  the  VRU  and  the  speed  is  measured  using  the  vehicle 
odometer.. 


To  obtain  this  speed  measurement  a  speed  sensor  vas  installed  on  the  odometer  cable  vhich 
generates  the  pulses  per  revolution  used  to  measure  the  along-track  distance  travelled  by  the  vehicle.. 
These  pulses  are  fed  directly  to  the  PLANS  computer  which  counts  them  over  the  integrating  interval  At. 
This  pulse  count  C  is  then  multiplied  by  the  appropriate  scale  factor  F,  to  obtain  the  distance  D,  moved 
over  the  ground  during  the  time  interval  At.  The  vehicles  average  speed  over  this  interval  is  therefore  S  m 
D/At  .  CF/At. 

The  VRU  heading  measurement  is  assumed  to  be  the  clockwise  angle  0  from  true  north  to  the 
horizontal  velocity  vector.  If  the  velocity  vector  is  of  length  S,  and  is  pitched  out  of  the  horizontal 
plane  by  the  angle  4,  then  the  north  and  east  dead  reckoning  velocity  components  are: 


V_  -  CF  cos4  cos0 

„  - - - 

(1) 

V  .  CF  cos4  sin8 

At 


The  nominal  value  of  the  scale  factor  F  is  provided  by  the  manufacturer,  but  to  achieve  the  necessary 
accuracy  for  PLANS,  a  more  precise  value  vas  determined  by  means  of  a  simple  calibration  run.  The  dead 
reckoned  position  is  then  obtained  by  integrating  these  velocity  components  over  the  VGS  84  ellipsoid,  as 
follovs: 


Xt*At 


V  At 
n 

Rn  +  h 


(2) 


t+At 


V 

<*T 


At 


e _ 

+  h)cosX 


vhere  h  is  the  height  of  the  vehicle  above  the  ellipsoid,  and  R  and  R  are  the  meridional  and  prime  radii 
of  curvature  of  the  ellipsoid:  e 


n  8(1  *  Ecos2X)3/2 


e  B(1  +  Ecos2A)1/2 

where  ,  , 

E  a  A  /ii  -  1 

and  A  and  B  are  the  seml'-ajor  and  semiminor  axes  of  the  ellipsoid.  There  are  many  possible  sources  of  error 
in  this  DR  calculation  most  of  vhich  can  bo  categorised  as  speed  or  track  errors..  The  important  errors  are 
expected  to  be  as  follovs: 

"Speed'  errors:  si  -  vehicle  track  slippage  (along  track) 


(3) 


(4) 
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Track  errors: 


s2 

s3 

s4 

s5 

s6 

s7 


tl 

C2 

t3 

t4 

tS 

t6 

t7 


odometer  scale  factor  error 
computer  clock  error 
aeasured  pitch  error  54 
odoaeter  prckoff  sensor  fault 
data  coaaunicatlon  fault 

invalidation  of  odoaeter  vhen  vehicle  is  used  in  amphibious  mode, 
or  on  drifting  ice. 

gyro  misalignment  (not  exactly  along  vehicle  axis) 

gyrocoapassing  error 

directional  gyro  error 

vehicle  lateral  track  slippage  (crabbing) 

discretisation  error  (resolution) 

data  coaaunication  fault 

invalidation  of  heading  as  track  vhen  in  amphibious  modei  or  on 
drifting  ice. 


(5) 


(6) 


The  most  significant  of  these  DR  error  sources  are  expected  to  be  si,  s4,  tl,  t2  and  t3.  Although 
other  errors  such  as  s7  and  t7  are  potentially  aore  serious,  they  are  much  less  likely  to  occur. 


The  vehicle  track  slippage  si,  during  acceleration,  deceleration  and  moving  on  a  grade,  is  expected 
to  produce  approximately  U  error  in  distance  travelled,  vhich  is  converted  in  FLANS  to  speed..  Treated  as 
a  stochastic  process,  this  error  is  continuous,  bounded  and  nominally  zero  mean.  It  therefore  can  be 
modelled  to  first  order  (vhich  is  quite  adequate  for  this  purpose)  as  a  first  order  Harkov  process  (FOHP).- 


Careful  calibration  on  the  host  vehicle,  to  adjust  the  variable  scale  factor,  can  reduce  the 
odometer  scale  factor  error  s2  to  a  comparably  negligible  level.- 


If  the  vehicle  pitch  angle  ♦  is  not  available,  it  vould  have  to  be  approximated  by  zero  in  equation 
(1).  In  this  case  the  effect  of  pitch  error  s4,  incurred  by  neglecting  the  non-horizontal  component  of  the 
velocity,  is  a  scale  factor  equal  to  (1-cost).-  This  is  an  error  of  less  than  IX  of  distance  travelled  for 
pitch  angles  of  less  than  8°,  vhich  is  a  grade  of  about  1  to  7.-  At  steeper  grades  this  error  increases 
fairly  rapidly  (about  4X  error  at  16°  pitch  for  example).  Stochastically  this  error  is  random,  bounded, 
continuous  and  zero  aean,  corresponding  to  a  FOHP  just  as  si.- 


The  heading  error  consists  mainly  of  the  static  error  (tl+t2)  plus  the  dynamic  error,  either  t2  (if 
a  dynamic  gyrocompass  is  used)  or  t3  (if  a  directional  gyro  is  used).  The  static  error  is  largely  due  to 
the  difficulty  of  accurately  aligning  the  gyro  sensitive  axis  to  the  vehicle's  forvard  movement  axis  during 
installation.  In  practice  the  gyro  is  mounted  by  aligning  a  mark  on  the  gyro  housing,  representing  the 
sensitive  axis,  to  a  mark  on  a  mounting  plate,  representing  the  vehicle's  forvard  axis.  The  difficulty  in 
practice  is  accurately  installing  the  mounting  plate  in  each  vehicle.  By  using  a  softvare  heading  offset, 
careful  calibration  on  the  host  vehicle  can  reduce  the  effective  misalignment  to  veil  belov  one  degree. 

The  initial  gyrocompass  heading  error  t2  is  expected  to  be  belov  1*  (lo)  at  lov  latitudes,  but 
increase  vith  latitude  as  seek.  This  error  vill  be  zero  mean,  continuous  and  bounded:  again  a  FOMP  (but  not 
quite  stationary  since  X  vill  slovly  change).; 


In  directional  gyro  mode  the  heading  error  t3  vill  vary  slovly  in  an  unbounded  manner.  The  drift 
rate  hovever,  vill  be  bounded,  continuous  and  nominally  zero  mean,  so  that  the  heading  error  rate  can  be 
modelled  as  a  stationary  FOHP.  This  drift  rate  vill  be  unaffected  by  latitude. 


4.2  MAGNETIC  BEADING  ERRORS 

The  magnetic  flux  valve  measures  the  direction  of  maximum  horizontal  magnetic  field  strength.  Since 
the  earth's  magnetic  field  is  roughly  aligned  vith  its  axis  of  rotation,  on  a  global  scale  the  north 
magnetic  pole  is  close  to  the  geographic  north  pole.  Therefore  at  lov  latitudes  the  magnetic  direction  is 
approximately  north.  Unfortunately  hovever,  the  north  magnetic  pole  is  almost  centrally  located  in  the 
Canadian  arctic,  so  that  the  magnetic  field  direction  differs  substantially  from  true  north  throughout  this 
area.  The  difference  betveen  true  north  and  magnetic  north  is  knovn  as  the  Hagnetic  Variation,  or  the 
Magnetic  Declination.. 

To  obtain  a  usable  magnetic  heading  it  is  therefore  necessary  to  apply  the  magnetic  declination 
correction  to  the  measurement.  The  geomagnetic  field  model  selected  is  knovn  as  IGRF85  (International 

Geomagnetic  Reference  Field  1983)  [71,  vhich  is  a  global  spherical  harmonic  model  of  degree  and  order  10  in 

the  main  field  and  10  in  the  secular  field..  A  Fortran  program  based  on  this  model  is  available  (from  the 
American  National  Oceanographic  and  Atmospheric  Administration  for  example),  vhich  computes  the  horizontal 
field  strength,  the  dip  angle,  the  total  field  strength  and  its  three  Cartesian  components  (from  vhich  the 
declination  can  *“  calculated)  as  veil  u  t1  >  rate  of  change  of  each  of  these  quantities.  The  dip  angle  and 
horizontal  field  strength  are  useful  m  prearcting  the  accuracy  of  the  magnetic  fl«x  valve  measurement 

The  error  in  magnetic  heading  is  largely  due  to  unpredictable  temporal  variations  in  the  direction 

of  the  local  magnetic  field  vector,  but  there  can  also  be  significant  sensor  errors,  especially  if  a 

pendulous  gimbal  is  used  to  keep  the  sensor  horizontal.  The  most  important  factors  affecting  magnetic 
heading  accuracy  are  as  follovs: 

ml  -  local  variations  in  the  geomagnetic  field  (temporal  and  spatial) 
m2  -  magnetic  fields  induced  in  the  vehicle  by  the  earth's  field 
m3  -  permanent  fields  in  the  vehicle 

a4  -  sensor  misalignment  error  (7) 

»5  -  dynamically  induced  deviations  from  the  horizontal  (gimballed  systems) 
mi  -  lov  horizontal  field  strength 
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The  uncompensated  magnetic  heading  error  can  then  be  expressed  as: 


«  -  90  .  ml(X,L, t)  +  m2(0)  +  m3(9a)  >  +  m5(t) 


(8) 


where  8  is  the  geographic  heading  and  9a  is  the  measured  magnetic  heading.. 

The  most  obvious  source  of  error  in  magnetic  heading  is  due  to  the  fact  that  the  magnetic  field 
vector  does  not  generally  point  towards  the  geographic  north.  As  described  above,  the  large  scale  spatial 
component  of  ml  can  be  modelled  fairly  well.  On  a  local  scale  the  magnetic  field  is  affected  by  permanent 
or  induced  magnetic  fields  in  the  vehicle  itself  or  some  nearby  structure  (manmade  or  geological).-  The 
permanent  field  of  the  vehicle  m3,  will  add  vectorially  to  the  earth's  magnetic  field  vector,  introducing  a 
heading  error  that  varies  sinusoidally  as  a  function  of  the  vehicle's  geograpnic  heading,  with  a  period  of 
360°.  This  is  often  called  the  "hard-iron  effect",  and  is  due  to  magnetised  portions  of  the  vehicle  or  its 
load.  If  the  load  effect  can  be  neglected  then  this  error  can  be  compensated  for  by  knowing  its  amplitude 
and  phase.  The  induced  field  m2,  known  as  the  "soft-iron  effect",  is  due  to  the  high  permeability  portions 
of  the  vehicle  (such  as  iron  and  steel)  varplng  the  earths  magnetic  field,  this  error  is  similar  to  m3  in 
that  it  can  be  compensated  for  by  determining  it's  amplitude  and  phase,  but  different  in  that  it  is  a 
function  of  magnetic  heading  and  that  m2  has  a  period  of  180°.  If  we  let  G(X,L,t)  be  the  magnetic 
declination  predicted  by  the  geomagnetic  field  model,  (a  function  of  latitude  longitude  and  time)  then 
equation  (8)  can  be  vritten  as 


9  -  0ffi  «  G(X,L,t)  +  dml(t)  ♦  aj  sin(28a  +  5j)  ♦  a^  sin(9  +  5^)  *■  m4  +  m5(t)  (3) 

where  dml(t)  is  the  error  of  the  field  model,  a2,  a3,  82  and  43  are  constants  associated  with  the  vehicle's 
permanent  and  induced  field  and  m4  is  the  sensor  misalignment..  These  constants  can  all  be  found  by  a  fairly 
simple  calibration  procedure.  After  the  geomagnetic  and  vehicle  field  models  have  been  applied,  the 
remaining  magnetic  heading  error  is 


0  -  8ffi  =  iml(t)  +  m5(t) 


(10) 


where  field  uncertainty  dml(t)  will  be  randomly  varying  in  a  continuous  manner,  much  like  a  first  order 
Harkov  process,  and  the  dynamically  induced  error  m5  will  be  largely  uncorrelated,  and  can  be  treated  as 
vhite  noise.. 

Although  a  good  geomagnetic  field  model  can  correct  for  the  spatially  varying  component  of  ml,- 
there  will  remain  a  significant  time  varying  component,  especially  in  the  vicinity  of  the  magnetic  poles. 
This  temporal  fluctuation  in  the  field  is  the  most  serious  problem  in  obtaining  an  accurate  magnetic 
heading,  especially  if  it  is  magnified  by  the  geometric  effect  near  the  poles  where  the  field  has  a  large 
vertical  component  and  a  small  horizontal  component.  This  near  vertical  alignment  makes  it  very  difficult, 
if  not  impossible,  for  a  flux  valve  to  obtain  any  heading  measurement  at  all.-  This  is  primarily  because  the 
change  in  the  magnetic  declination  8,  and  hence  in  magnetic  heading  8  ,  as  a  function  of  temporal  changes 
in  the  north  and  east  components  of  the  magnetic  field  SX  and  4Y,  is  inversely  proportional  to  the 
horizontal  field  strength  H: 


59  a  -sin8  4X  +  cos8  4 If 
H 


(U) 


where  59  is  the  change  in  the  magnetic  declination,  in  radians.  Equation  (11)  is  a  purely  geometric 
relationship,  found  by  differentiating  the  definition  8  .  arctan(X/Y)., 

These  horizontal  magnetic  field  components  X  and  Y  can  exhibit  substantial  temporal  variation, 
especially  in  the  far  north.  Although  these  variations  are  random,  their  expected  magnitude  does  vary  in  a 
fairly  regular  fashion  witf-  time  of  day  and  with  season.  There  is  also  a  correlation  with  the  il-year  solar 
cycle  and  the  27-day  period  of  the  sun's  rotation.  The  mean  hourly  variation  of  these  field  components  was 
shown  in  Figure  2  for  an  area  around  the  north  magnetic  pole  (the  coordinates  are  Geomagnetic  latitude, 
which  is  centred  on  the  magnetic  pole).,  Over  a  large  portion  of  the  Canadian  arctic,  this  average  variation 
is  typically  on  the  order  of  100  Gammas,  but  the  actual  variation  can  at  times  easily  be  as  much  as  500v. 
The  horizontal  field  strength  8  is  generally  less  than  17,000r  in  the  Canadian  Arctic,  resulting  in 
declination  changes  of  more  than  3°,  and  in  some  areas  more  than  10“  (see  [2J  for  more  details). 

Another  source  of  magnetic  heading  error  m5  is  also  strongly  effected  by  the  hoiizontal  field 
strength..  This  is  due  in  part  to  the  problem  of  keeping  the  flux  valve  vertically  aligned.  Any  small 
misalignment  will  cause  the  strong  vertical  component  of  the  field  to  project  jv-  <<tjve  ., 
sensitive  (nominally  horizontal)  piane  and  introduce  a  large  unpredictable  error.  This  error  is  described 
in  [8]  as  a  function  of  an  acceleration  that  is  assumed  to  have  caused  the  pendulous  gimbal  to  tilt..  For 
small  accelerations  the  resulting  heading  error  is  approximated  in  [8)  by  an  expression  equivalent  to: 


m5  -  A  2  sin  g 

g  a 


(12) 


vhere  Z  and  H  are  the  vertical  and  horizontal  components  of  the  geomagnetic  field,  A  is  the  small 
acceleration,  g  is  the  gravitational  acceleration  and  g  is  the  angle  between  the  acceleration  vector  and 
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north.  This  Is  clearly  sensitive  to  seall  horizontal  field  strength. 

These  dynaaically  induced  errors  vere  exaained  in  aore  detail  as  a  function  of  giabal  pitch  and 
roll  angles  *  and  ♦,  and  aagnetic  field  coaponents  X,  T,  and  Z  (north,  east  and  down).  The  exact  expression 
is  rather  long,  but  for  a  saall  pitch  angle  ♦  and  zero  roll,  the  heading  error  is  approxiaately 


b5  ■ 


tan 


-1 


♦  Z  (Xsine  +  Ycose) 

H2  -  ♦  Z  (Xcose  -  Ysin0) 


(13) 


As  vould  be  expected,  the  argument  of  this  expression  has  singularities  at  pitch  angles  which  place  the 
aagnetic  field  vector  perpendicular  to  the  giabal  plane  (the  sensitive  plane  of  the  sensor)  vhich  is 
noalnally  horizontal.'  In  the  Ottava  area  for  exaaple,  this  singularity  occurs  at  a  pitch  angle  4  of  only 
18.4°  vhen  the  heading  0  is  zero.  In  other  vords  a  giabal  pitch  angle  of  only  18.4°  or  aore  would 
coapletely  destroy  the  aagnetic  heading  aeasureaent  accuracy.. 

It  has  been  our  experience  vith  our  giaballed  magnetic  flux  valve  that  these  dynaaically  induced 
heading  errors  are  indeed  quite  serious  during  noraal  operation  of  the  host  vehicle,  even  over  rather 
saooth  roads.  At  a  one  Hz  sampling  rate  this  produced  a  heading  error  of  several  degrees  that  appeared 
largely  uncorrelated  in  tiae.  Of  course  the  effect  of  this  uncorrelated  noise  can  be  significantly  reduced 
by  implementing  a  simple  prefilter.- 


A. 3  VERTICAL  ERRORS 

The  vertical  DR  position  can  be  defined  as  the  barometric  altitude.  The  pressure-height 
relationship  in  the  low  altitude  region  (0  to  11  km),;  can  be  easily  derived  from  the  standard  atmosphere 
equations  described  in  [91  as  follovs: 

-g/aR 


Po(T/T0) 

(14) 

To  ♦  aY 

(IS) 

where  P  is  the  measured  air  pressure,  P  is  the  nominal  sea  level  air  pressure  in  the  same  units,  T  is  the 
temperature,  T  is  the  defined  sea  level  temperature  of  the  standard  atmosphere  (  15.16  °C  ),  a  is  the 
standard  atmosphere  temperature  gradient  for  altitudes  less  than  11,000  m  (  about  -0.0065  'C/m  ),  g  is  the 
gravitational  constant  (9.80665  m/s/s),  R  is  the  gas  constant  (288  )oules/(kg.°C))  and  Y  is  the  vehicle 
height  above  sea  level,  in  metres..  Substituting  (15)  into  (14)  gives: 


-g/aR 


V  1  *  aY/To  > 

(16) 

Po(  1  *  AY  )B 

(17) 

-2.2569x10”"’  meters”' 


where  A  and  B  are  known  constants  with  approximate  values: 

A  >  a/T 

o 

B  .  -g/(aR)  .  5.2386 

To  obtain  the  barometric  height  Y  from  the  measured  pressure  P,  equation  (17)  must  be  inverted  to  yield: 


(18) 


Y 


inipoi 


(19) 


This  barometric  altitude  is  augmented  by  using  a  digital  elevation  aap  of  the  Canadian  arctic, 
created  at  OREO  using  a  memory-efficient  symbolic  storage  technique..  To  create  this  aap,  height  above  sea 
level  ues  manually  reab  directly  fre"  *,Ke  l  *'  1,000,000  scale  topographic  mops.  In  this  ;«>  an  "avvkagv" 
height  was  visually  estimated  for  the  corners  of  each  grid  square,  vhich  are  one  degree  in  longitude  by  one 
half  degree  in  latitude.  This  digital  nap  covers  the  region  north  of  60°  latitude  and  betveen  longitudes 
60°  west  and  140°  west.,  Tvo  diaensional  linear  interpolation  is  then  used  to  calculate  the  correct  height 
estimate  for  any  location  betveen  these  data  points.  This  produces  a  height  function  that  is  continuous  and 
that  corresponds  to  the  stored  values  on  the  grid  corners. 

The  important  vertical  errors  in  the  PLANS  system  are: 
vl  -  inaccuracy  of  tne  pressure-height  equation,  due  to  veather 

v2  -  pressure  transducer  error  (20) 

v3  -  data  coaaunication  fault 

v4  -  inaccuracy  of  the  digital  elevation  aap 
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The  vertical  error  vl  requires  some  explanation.  The  pressure-height  relationship  given  by  equation 
(19)  describes  an  idealised  "standard  atmosphere",  vhereas  in  reality  changes  in  weather  are  constantly 
changing  the  air  pressure.  In  the  Canadian  Arctic,  normal  pressure  fluctuations  are  .1  to  .2  kiloPascals 
over  a  12  hour  period,  and  2.5  to  5  kPa  over  a  half  veek  period.  This  vould  result  in  a  false  baroietric 
height  fluctuation  of  8  to  10  .'etres  over  12  hours  and  200  to  400  metres  over  a  half  veek.  It  is  possible 
however  for  extreme  weather  to  create  pressure  changes  of  1  kPa  per  hour  and  10  kPa  per  day  or, 
equivalently,  80  metres  per  hour  and  800  metres  per  day..  This  error  is  continuous,  bounded  and  zero  mean, 
and  is  modelled  as  a  F0MP. 

The  pressure  transducer  error  v2  is  claimed  to  be  less  than  +/-.1UPS  (full  scale),  and  if  it  is 
calibrated,  less  than  +/-.022  full  scale  plus  +/-.032FS/°C.  This  amounts  to  an  uncalibrated  error  of  less 
than  15  meters  in  barometric  height,  vhlch  is  very  small  compared  vith  vl,  so  the  calibration  is  deemed 
unnecessary . 

V3  is  meant  to  Include  any  A/D  conversion  error,  round  off  error,  and  any  computational  errors  in 
evaluating  equation  (19). 

Since  the  host  vehicle  is  presumably  restricted  to  the  earth's  surface,  its  height  above  the 
ellipsoid  is  in  principle  a  well  defined  function  of  latitude  and  longitude.  If  a  sufficiently  detailed 
elevation  map  could  be  stored  in  the  computer's  memory,  then  the  barometer  vould  be  unnecessary  and  the 
height  error  V/  would  not  be  very  significant.-  However  the  map  currently  being  used  is  one  created  at  DRF.0 
with  limited  resources.  In  order  for  'he  height  information  to  be  coded  and  stored  in  an  efficient  manner 
it  was  necessary  to  quantize  the  heights.  This  vertical  quantization  is  50  metres  for  heights  up  to  1km, 
and  100  metres  for  greater  heights.  When  the  map  is  read  as  a  function  of  position  the  heights  from  the 
surrounding  four  grid  squares  are  linearly  interpolated,-  producing  a  continuous  function  of  position.  The 
largest  error  in  reading  this  map  is  due  to  the  local  deviation  of  the  true  height  from  the  "area  averaged" 
height,  as  visually  estimated  from  tne  topographical  charts.-  In  other  words,  the  limiting  factor  is  the 
spatial  resolution  used  to  read  the  charts  (about  60  km  by  60  km)  and  the  resolution  of  the  charts 
themselves,  I’e  estimate  that  our  map  height  error  is  on  the  order  of  30  metres  plus  102  of  map  height.  This 
error  is  continuous,  zero  mean  and  bounded,  and  again  modelled  as  a  POMP. 


4.4  TRANSIT  ERRORS 

Since  the  DR  position  error  will  generally  increase  without  bound,  an  independent  position  fixing 
system  is  required  to  periodically  reset  the  DR  position.  Because  of  its  accuracy  and  coverage,  Transit  was 
initially  chosen  to  provide  these  position  fixes..  Transit  is  a  satellite  based  navigation  system,  which  was 
originally  developed  for  the  U.S.  Navy  Polaris  submarine  fleet  by  the  Applied  Physics  Lab  of  John  Hopkins 
University.  The  system  has  been  operational  since  1964,  and  was  released  for  public  use  in  1967.  Reference 
(10]  gives  a  more  complete  description. 

The  Transit  Satellite  posit.oning  system  basically  consists  of  5  or  6  satellites  in  low  circular 
polar  orbits,  transmitting  continuously  at  two  very  stable  frequencies.  An  earthbound  receiver  can  obtain  a 
position  fix  whenever  a  satellite  passes  overhead,  by  measuring  the  Doppler  frequency  shifts  due  to  the 
rels’lve  motion.  The  transmitted  signals  are  modulated  with  a  data  message  containing  timing  marks  and 
parat’“ '.ers  describing  the  satellites  orbit  with  enough  precision  to  allow  the  receiver  to  accurately 
calculate  the  absolute  position  and  velocity  of  the  satellite..  From  this  known  satellite  position  and 
velocity  profile  and  the  Doppler  derived  relative  velocity,  the  receiver  can  calculate  its  own  position. 
However  the  receiver  must  either  be  stationary  during  the  satellite  pass,  as  is  the  case  with  survey 
instruments,  or  the  receiver  motion  (velocity)  relative  to  the  earth  during  the  pass  must  be  known  (to 
remove  the  effect  of  this  velocity  on  the  Doppler  measurement).  The  receiver  therefore  must  be  continuously 
given  its  velocity..  .Jiy  error  in  this  velocity  input  will  leaf'  to  an  error  in  the  position  fix  that  the 
receiver  produces. 

Besides  requiring  velocity  inputs,  another  inconvenient  aspect  of  the  Transit  system  is  the  waiting 
time  between  position  fixes.  This  waiting  time  can  be  as  short  as  15  minutes  or  as  long  as  7  hours.-  Since 
the  Transit  satellites  are  in  polar  orbits,  the  mean  time  between  fixes  is  shorter  near  the  poles  than  at 
lower  latitudes..  In  the  Canadian  arctic  (latitude  greater  than  60°),  Transit  fixes  should  occur  on  average 
about  once  every  30  to  50  minutes.:  This  is  not  exact  because  the  Transit  satellite  constellation  geometry 
(orbital  spacing  etc.)  is  not  kept  strictly  constant. 

The  accuracy  of  a  Transit  position  fix  is  highly  variable,  depending  on  many  factors,  as  is  briefly 
explained  here.  There  are  two  basic  types  of  Transit  position  errors:  Static  and  Dynamic.-  The  dynamic 
errors  are  caused  by  errors  in  the  velocity  and  height  information  that  is  fed  into  the  Transit  receiver  by 
the  user,  and  as  such  can  be  considered  to  be  system  errors  rather  than  Just  Transit  errors.-  These  dynamic 
errors  are  very  important  for  system  performance  since  there  is  no  limit  to  their  size,  unless  a  Unit  can 
be  placed  on  the  size  of  the  velocity  and  height  errors.  Fortunately  it  was  possible  to  determine  the  exact 
relationship  between  velocity/height  input  errors  and  the  resulting  latituoe/longitude  output  errors,  the 
details  and  usefulness  of  vhlch  shall  be  described  below. 

The  static  errors  are  errors  which  will  occur  even  if  the  receiver  is  stationary..  These  are  fairly 
small  but  practically  unavoidable,  and  are  also  described  below. 


STATIC  ERRORS: 

There  are  various  sources  of  static  error  that  are  not  sufficiently  deterministic  to  completely 
predict  and  compensate  for  (10]: 

-Ionospheric  Refraction 
-Tropospheric  Refraction 
-Gravitational  Field  Irregularities 
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-Deaf  and  Radiation  Pressure 
-Clock  Brror 

-Oscillator  Phase  Jitter 
-Ephemeris  Rounding  Error 
-Irregularities  in  the  Earth's  Notion 

Ionospheric  refraction  introduces  an  unwanted  increase  in  phase  velocity-  This  results  in  a 
position  error  of  about  90  aetres  in  single  channel  receivers-  Fortunately  this  can  be  largely  compensated 
for  in  dual  channel  receivers  by  using  the  two  broadcast  frequencies  (150  MHz  and  400  KHz).;  Since  the 
ionospheric  vavelength  stretch  varies  roughly  quadratically  with  the  broadcast  vavelength,  whereas  the 
Doppler  shift  is  linear  with  frequency,  these  effects  can  be  separated-.  The  reaainlng  refraction  induced 
error,  after  coapensatlon,  is  typically  1  to  5  aetres. 

Tropospheric  refraction  also  introduces  errors,  but  these  are  directly  proportional  to  the 
frequency  and  thus  cannot  be  eliainated  in  this  way.  As  with  many  other  Transit  errors,  the  expected  size 
of  this  error  depends  strongly  on  the  aaxiaua  elevation  angle  of  the  satellite,  (the  angle  from  the  horizon 
to  the  satellite,  as  seen  at  the  receiver  position)  during  the  satellite  pass.  This  expected  tropospheric 
refraction  error  is  a  function  of  aaxiaua  elevation  angle,  and  is  only  significant  (  greater  than  15  a  ) 
vhen  this  angle  is  less  than  10*.- 

Further  Transit  position  errors  result  froa  errors  in  the  geopotential  (gravity)  model  and  the 
surface  force  model  (drag,  radiation  pressure)  used  to  generate  the  satellite  orbit.-  These  position  ertors 
are  each  on  the  order  of  10  to  30  aetres. 

There  are  other  less  significant  but  nevertheless  Identifiable  static  Transit  errors,  such  as 
satellite  clock  error,  oscillator  jitter,  epheaerls  rounding  error  and  unmodelled  polar  motion.  These  are 
all  in  the  1  to  5  metre  range,  hence  not  significant  in  our  application.. 

In  summary,  the  total  static  error  of  the  Transit  position  fixes  will  be  uncorrelated  in  time,  and 
therefore  modelled  as  white  measureaent  noise.  The  expected  magnitude  vill  depend  upon  the  satellite 
elevation  angle  and  whether  the  receiver  is  single  or  dual  channel.  For  moderate  elevation  angles  (10°  fo 
70°)  the  dual  channel  fixes  vill  have  ras  position  errors  of  about  50  metres,  and  single  channel  fixes  vill 
have  errors  of  about  100  metres.. 


DYNAMIC  ERRORS: 

Reference  [11]  describes  the  exact  relationship  between  the  velocity  error  input  and  the  position 
error  output.  This  relationship  is  expressed  in  the  fora  of  a  sensitivity  matrix  h,  vhere: 


north  position  error 

hll 

hl2 

it 

north  velocity  error 

east  position  error 

1)21 

h22 

east  velocity  error 

(21) 


As  is  shown  in  [11],  the  components  of  this  sensitivity  matrix  h  are  complicated  functions  of  the 
satellite  maximum  elevation  angle,  the  satellite  direction  of  travel  (north  to  south  or  vice  versa),  the 
receiver  latitude,  and  vhether  the  satellite  subpoint  is  east  or  vest  of  the  receiver  at  maximum  elevation.. 
These  are  not  easily  expressed  in  closed  form,  but  an  algorithm  to  evaluate  them  has  been  implemented  in 
the  PLANS  processor..  Figure  5  illustrates  the  magnitude  of  the  north  and  east  components  of  the  position 
error  (DN,D£),  induced  by  a  1  metre  per  second  velocity  error  in  the  north  and  east  directions.  These 
position  errors  are  shown  as  functions  of  satellite  elevation  angle,  for  a  particular  receiver  latitude  and 
satellite  direction  of  travel.  From  this  we  can  see  that  the  commonly  published  relationships  (for  example 

[10] )  are  not  valid  at  high  latitudes.- 

The  important  fact  to  be  dravn  from  equation  (21)  is  that  it  is  deterministic  and  linear  in  the 
velocity  error.  Therefore  if  there  is  more  uncertainty  in  the  velocity  than  in  the  position,  equation  (21) 
can  be  inverted  to  solve  for  the  velocity  error.  The  Kalman  filter  effectively  does  this  automatically  in 
PLANS,  thereby  limiting  the  velocity  uncertainty  which  otherwise  vould  be  unlimited  because  of  the  heading 
error  in  directional  gyro  mode,  especially  near  the  magnetic  pole.. 

An  error  in  the  height  supplied  to  the  receiver  also  produces  a  Transit  position  error  that  can  be 
defined  as  a  function  of  the  same  parameters  used  in  the  H  matrix  above.  This  is  also  derived  in  reference 

[11] ,  but  it  can  be  more  easily  expressed  in  closed  form.  The  north  and  east  position  error  dN  and  dE  (true 
position  -  Transit  position),  due  to  a  height  error  dH  (true  height  -  height  estimate),  can  be  expressed  as 


dN 

cos(T)tan(«) 

» 

dH 

dE 

sin(T)tan(o) 

vhere  «  is  the  satellite  maximum  elevation  angle,  which  the  receiver  supplies,  and  T  is  the  bearing  froa 
the  receiver  to  the  satellite  subpoir.t  (at  closest  approach)  which  can  be  computed  from  o,  the  direction  of 
travel,  and  the  receiver  position.  Equation  (22)  is  derived  in  reference  [11].-  The  magnitude  of  this  error 
is  illustrated  in  Figure  6,  vhich  shows  the  position  error  induced  by  a  100  metre  height  error,  for  a 
particular  receiver  latitude  and  satellite  direction  of  travel  and  for  all  satellite  elevation  angles. 
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Fig.  5.  Velocity  Induced  Transit  Errors  Fig.  6;  Height  Induced  Transit  Errors 


It  is  important  to  notice  that,  like  equation  (21),  equation  (22)  is  also  deterministic  and  is 
linear  in  the  height  error.  The  errors  described  by  equations  (21)  and  (22)  are  in  fact  independent  of  each 
other  and  of  the  static  errors.  These  errors  are  all  additive,  so  that  the  total  Transit  position  fix  error 
can  be  expressed  as: 


dN 

1  cos(Y):an(*)  hll  hl2 

dH 

si 

*  | 

+ 

dE 

|  3in( Y)tan(<j)  h21  h22 

dVn 

s2 

dVe 

where  dVn  and 


dVe  are  the  velocity  error  components  and 


si  and  s2  are  the  static  position  error  components. 


4.5  GPS  ERRORS 

The  Global  Positioning  System  (GPS)  is  a  satellite  based  navigation  system  which  at  time  of  writing 
has  not  been  fully  implemented.  It  should  be  fully  operational  by  about  1990.  It  is  presently  scheduled  to 
consist  of  18  satellites  with  3  hot  spares,  in  6  orbits  at  a  height  of  20,200  Km.,  with  orbital  inclination 
of  55"  and  period  of  12  hours.  There  vill  also  be  a  ground  control  segment  and  two  basic  types  of  receiver 
equipment,  precise  or  "P-code"  receivers  for  military  use,  and  course  acquisition  or  "C/A-code"  receivers 
for  civilian  or  low  cost  applications.  Each  satellite  will  continually  broadcast  coded  messages  at  two 
frequencies  (1,227.6  MHz  and  1,575.4  MHz).  The  P-code  receivers  will  be  able  to  decode  both  messages, 
whereas  the  C/A-code  receivers  vill  only  be  able  to  decode  one..  This  system  is  designed  to  provide  highly 
accurate  3  dimensional  position,  3  dimensional  velocity,  and  time  measurements,  continuously,  on  a 
worldwide  basis,  with  high  dynamic  capability.  The  P-code  accuracy  vill  be  about  15  metres  in  position 
(SEP),  .1  metre/second  in  velocity  and  .1  microsecond  in  time.- 

The  existing  satellite  constellation  presently  provides  about  5  to  6  hours  of  coverage  per  day  in 
the  Ottawa  area,  in  two  segments  12  hours  apart.  This  varies  with  receiver  location,  and  will  be  altered 
(expanded)  as  more  satellites  are  launched  and  their  orbits  adjusted.  Even  these  two  short  periods  provide 
the  FLAMS  system  with  a  significant  improvement  by  bounding  the  accumulated  position  and  velocity  error  and 
by  calibrating  the  drift  rates.. 

The  GPS  errors  are  quite  small  compared  to  the  other  PLANS  sensor  errors,  and  are  largely 
uncorrelated.  Therefore  it  is  not  necessary  to  provide  a  detailed  stochastic  model  for  these  errors.:  They 
can  be  simply  treated  as  additive  white  noise. 


5.  KALMAN  FILTER 

It  is  primarily  the  errors  of  the  dead  reckoning  system  that  the  Kalman  filter  estimates.  That  is, 
the  north  and  east  position  ertor  (in  metres),  the  VRU  heading  error  (in  radians),  the  vehicle  odometer 
scale  'actor  error  (dimensionless)  and  the  baroaltimeter  height  error  (metres).  In  directional  gyro  mode, 
the  gyro  drift  rate  is  also  modelled.  The  Kalman  filter  also  estimates  the  correlated  errors  of  the  aiding 
sensors,  such  as  the  magnetic  flux  valve  heading  error  (radians)  and  the  error  of  tne  digital  map  height 
(metres). 

The  filter  estimates  these  errors  by  processing  all  of  the  available  measurements  using  suitable 
stochastic  and  deterministic  error  models.  Reference  (12]  describes  the  sta-datd  stochastic  model  types  and 
provides  an  elementary  introduction  to  Kalman  filtering  techniques. 
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S.l  STATE  VECTOR 

The  PLANS  filter  employs  an  eight  diaenaional  state  space.  The  ei(ht  states  are  defined  as  follovs: 


XI 

true  height  above  geoid  -  nap  height 

X2 

true  height  above  geoid  -  baroaltiaeter  height 

X3 

true  heading  -  magnetic  heading 

X4 

- 

gyro  drift  rate  in  directional  gyro  aode 

X5 

true  heading  -  gyro  heading 

X6 

(  true  speed  -  odoaeter  speed  ) /odometer  speed 

X7 

(  true  latitude  -  DR  latitude  )  in  net res 

X8 

(  true  longitude  -  DR  longitude  )  in  aetres 

It  should  be  clarified  that  these  states  represent  the  Markov,  or  time  correlated  port' 'ns  of  the 
errors.  The  uncorrelated  coaponent  of  the  sensor  errors  are  treated  as  aeasureaent  noise..  Alsu  there  are 
actually  two  state  vectors  Involved,  because  state  X4  is  deleted  vhen  in  gyrocompass  aode. 


5.2  TRANSITION  MATRIX 

DR  position  error  is  siaply  the  integral  of  the  DR  velocity  error.;  This  fact,  together  vlth  the 
assuaed  stochastic  error  aodels  for  the  DR  velocity  errors  and  the  reaaining  state  vector  components,  is 
used  to  propagate  the  state  vector  in  tiae,  according  to  the  vector  differential  equation: 

X(t)  .  F(t)X(t)  +  V(t)  (25) 


This  is  used  to  propagate  X  betveen  measurements.-  To  iapleaent  this  on  a  digital  computer,  equation 
(25)  was  converted  to  a  discrete  difference  equation  and  linearized,  to  obtain  the  STATE  TRANSITION  matrix 
*,  vhere: 

X(UAt)  -  *X(t)  +  V(dt)  (26) 

The  result  is 


vhere: 


-At/Tl 

XI 

e 

XI 

VI 

-At/T2 

X2 

e 

X2 

V2 

-At/T3 

X3 

e 

X3 

V3 

X4 

X4 

V4 

* 

♦ 

X5 

X5 

V5 

-At/T6 

X6 

e 

X6 

V6 

X7 

♦7,5 

♦7,6  1  0 

X7 

0 

X8 

♦8,5 

♦8,6  0  1 

X8 

0 

t+At 

t 

♦75  -  -At  S  sin(9  +  X5/2) 

♦76  ■  At  S  cos(8  +  X5) 

«8j5  -  At  S  cos(0  +  X5/2) 

♦8  6  ■  At  S  sin(0  +  X5) 


(27) 


(28) 


vhere  At  is  the  propagation  tiae  interval,  S  is  the  deadreckoning  speed,  0  is  the  deadreckoning  heading, 
and  the  submatrix 


-At/T4 

e  0 


-At/T4 

T4(l-e  )  1  j 

(29) 

0  0 


0 


-At/T5 


in  gyrocoapass  aode 
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vhere: 

T1 

T2 

T3 

T4 

T5 

T6 

and 

VI 

map  htight  error  correlation  tine 
baroaltimeter  height  error  correlation  tise 
ntgnetic  declination  error  correlation  tine 
gyro  drift  rate  correlation  tine 
gyro  Harkov  error  correlation  tiae 
odoeeter  speed  factor  error  correlation  tlee 

driving  vhite  noise  vlth  covariance  Qj  (for  1 


1  to  6) 


(30) 

(31) 


vhere  (see  [12]): 


-2At/T. 

Q,  .  M,(  1  -  e  )  (32) 


vhere  the  Hi  are  the  Harkov  process  steady  state  root  cean  squared  values: 

HI  *  nap  height  error  covariance 

H2  »  baroaltiaeter  height  error  covariance 

K3  »  magnetic  declination  error  covariance  (33) 

M4  -  gyro  drift  rate  covariance 
HS  .  gyro  heading  error  covariance 
H6  •  speed  factor  error  covariance. 

Notice  from  equations  (27)  and  (28)  that  the  state  transition  equation  has  not  been  completely 
linearized  in  X,  and  consequently  the  transition  matrix  ♦  still  exhibits  a  veak  dependence  on  the  state 
vector  X.  Therefore  this  PLANS  design  uses  an  extended  Kalman  filter  rather  than  a  simple  linear  one.  This 
is  necessary  because  of  the  potentially  large  deadreckoning  heading  error,  X5,  that  could  occur  in 
directional  gyro  mode,  and  the  fact  that  the  DR  position  error,  (X7,X8),  varies  nonlinearly  vlth  this 
heading  error.-  In  fact  the  linearization  is  only  necessary  to  propagate  the  covariance  matrix.  The  state 
vector  components,  and  in  particular  X7  and  X8,  are  propagated  in  a  nonlinear  manner,  and  at  a  higher  rate 
than  the  covariance. 

This  nonlinearity  in  heading  and  potentially  large  heading  error  also  led  to  a  closed  loop  filter 
design  vhereby  the  filtered  estimate  of  velocity  and  height  are  fed  into  the  Transit  receiver.-  Periodic 
resetting  of  the  VRU  heading  vith  the  filter  heading  keeps  the  VRU  error  X5  bounded.  This  is  important 
primarily  for  the  purpose  of  using  DR  as  a  backup  under  certain  failure  conditions. 


5.3  MEASUREMENT  VECTOR 

The  odometer  "speed"  and  gyro  heading  are  measured  at  a  1  Hz  rate  for  dead  reckoning,  and  the 
digital  map  is  read  once  a  minute  to  obtain  the  height.  The  filter  measures  the  baroaltimeter  and  the 
magnetic  flux  vi.lve  once  a  minute  to  update  its  estimate  of  the  state  vector  X  (especially  XI,  X2  and  X3). 
Transit  position  fixes  are  processed  vhenever  they  occur  to  update  the  filter  estimate  of  X  (especially  X7 
and  X8  but  also  X5  and  X6).  Whenever  the  vehicle  is  in  directional  gyro  mode  and  is  not  moving,  the  gyro 
drift  rate  is  measured  from  successive  heading  measurements,  to  allov  the  filter  to  update  the  estimate  of 
X4.  The  GPS  position,  velocity  and  height  are  measured  at  a  30  second  ra'e,,  vhen  they  are  available.  The 
Kalman  filter's  measurement  vector  is  therefore  defined  as: 


Z1 

map  height  -  barometric  height 

Z2 

map  height  -  GPS  height 

23 

magnetic  heading  -  gyro  heading 

Z4 

(gyro  heading(t+At)  -  gyro  heading(t)  )/At 

Z5 

» 

Transit  latitude  -  DR  latitude  (in  metres) 

Z6 

Transit  longitude  -  DR  longitude  (in  metres) 

Z7 

GPS  latitude  -  DR  latitude  (in  metres) 

Z8 

GPS  longitude  -  DR  longitude  (in  metres) 

Z9 

GPS  north  velocity  -  DR  north  velocity  (m/sec) 

Z10 

GPS  east  velocity  -  DR  east  velocity  (m/sec) 

The  Transit  position  fixes  occur  at  irregular  intervals,  averaging  about  once  every  90  minutes  at 
lot  latitudes  and  more  frequently  at  higher  latitudes, 

At  vas  mentioned,  in  order  to  be  at  all  useful  at  high  latitudes,,  the  rav  magnetic  flux  valve 
measurement  must  first  be  adjusted  using  a  magnetic  declination  value.  The  PLANS  softvare  generates  this 
magnetic  decline lion  using  the  ISEFS5  geomagnetic  field  model,  described  in  releience  ]/].,  This  field  model 
predicts  all  three  components  of  the  earth's  magnetic  field,  vhich  allovs  not  only  the  magnetic  declination 
to  be  calculated,  but  also  the  horizontal  field  strength  and  the  dip  angle,  vhich  can  be  used  to  give  a 
reasonable  indication  of  the  accuracy  that  can  be  expected  from  the  flux  valve.-  The  magnetic  heading 
measurements  are  also  adjusted  using  the  calibration  function  described  in  reference  [1]  vhich  corrects  fot 
the  permanent  and  induced  fields  of  the  vehicle,  and  the  sensor  misalignment.. 


5.4  MEASUREMENT  MATRIX 

The  relationship  betveen  the  state  vector  X  and  the  measurement  vector  Z  must  be  described  in 
detail  for  the  Kalman  filter  to  properly  process  the  measurements.  This  description  is  expressed  as  a 
measurement  equation: 
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Z  .  H*X  .  V  (35) 

vhere  I  Is  the  "measurement  matrix"  and  V  is  the  measurement  noise  vector.  For  FLAMS  the  **»«g resent 
equation  is: 


-1  1 

XI 

VI 

-1  0 

X2 

V2 

-1  0  1 

X3 

V3 

■f 

0-1  0 

X4 

V4 

HS1  0  0  0  H55  H56  1  0 

X5 

V5 

H61  0  0  0  965  966  0  1 

X6 

V6 

1  0 

X? 

V7 

0  1 

X8 
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vhere: 

S  «  vehicle  speed 

9  •  vehicle  heading 

H51  -  cos(t)  tan(a)  (37) 

961  •  sin(Y)  tan(e) 

T  •  bearing  to  subpoint 

a  *  saxlaus  elevation  angle 


The  renalning  four  I  coeponents  (H55,  956,  B65  and  866),  vhich  define  the  sensitivity  of  the  Transit  fix  to 
errors  in  velocity,  are  described  briefly  in  reference  (1)  and  are  related  to  the  h  satrix  in  equation  21 
by  a  simple  transformation: 


H55 

H56 

hll 

hl2 

£ 

-Ssine 

ScosO 

H65 

966 

h21 

h22 

Scos8 

Ssln8 

(38) 


The  measurement  noise  vector  V  is  defined  as  the  non-Markov  component  of  the  measurement  vector  Z, 
given  by  equation  (34),  These  are  assumed  to  be  uncorrelated  vhite  noise  processes.  The  covariance  matrix  R 
of  this  noise  vector  is  therefore  diagonal  of  rank  10.. 


T 

R  -  E(W  } 


R1 


R2 


R3 


R4 


R5 


R6 


R7 


R8 


R9 


RIO 


(39) 


vhere  the  numerical  values  of  R1  i-1,8  are  all  constants  except  for  R2,  R3,  R7  and  R8. 

The  GPS  vertical,  north  and  east  noise  B7,  R7  end  pa  ere  modelled  limply  ms  constants  times  the 
appropriate  geometric  dilution  of  precision  (GDOP).;  These  GDOPs  are  supplied  by  the  receiver.. 

To  estimate  the  magnetic  heading  noise  covariance  R3  ve  consider  separately  the  "static"  errors  Rs 
caused  by  the  random  field  fluctuations  and  the  dynaalcally  induced  errors  Rd,  described  by  equations  (11) 
and  (12)  respectively.  Thus  ve  let 

R3  .  Rs2  *  Rd2  (40) 


vhere  equation  (11)  implies  that  the  level  of  the  static  noise  Rs  (since  ve  don't  knov  vhat  the  field 
errors  dx  and  dY  are)  is  inversely  proportional  to  the  horizontal  magnetic  field  strength.  Of  course  a 
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heading  noise  level  of  greater  than  R  radians  (180*)  is  physically  aeaningless,  so  it  is  logical  to  express 
the  static  heading  noise  level  (square  root  covariance  in  radians)  in  the  fora: 


Rs 


(H  +  FL/r)/N  radi“s 


(41) 


vhere  H  is  the  local  horizontal  field  strength  in  ganaas,  F  is  the  low  latitude  field  strength  in  ganaas, 
(about  60,000y)  L  is  the  lov  latitude  aagnetic  heading  noise  level  in  radians  and  N  is  the  number  of 
samples  averaged  in  the  prefilter.  The  1/t/N  reduction  in  noise  is  due  to  the  prefilter  averaging,  assuaing 
that  the  aeasureaent  noise  is  independent  and  less  than  it.  Equation  (41)  will  have  the  correct  asyaptotic 
values  and  approxiaately  the  correct  B  dependence.  At  lov  latitudes  the  aagnetic  noise  FL  is  about  lOOy, 
resulting  in  a  lov  latitude  aagnetic  heading  noise  Rs  of  about  .0018  radians  (.1°).  Of  course  at  higher 
latitudes  this  increases  considerably,  for  exaaple  at  65°  latitude  -100*  longitude  H  is  about  4,600r, 
resulting  in  a  aagnetic  heading  noise  of  about  .02  radians  (  1.2  °). 

Equation  (12)  shovs  that  the  dynamically  Induced  glabal  error  produces  a  heading  error  that  is  also 
proportional  to  1/B.  Although  the  giabal  attitude  and  accelerations  are  unknovn,  since  they  are  in  response 
to  the  vehicle  aoving  over  rough  terrain  it  is  reasonable  to  approximate  their  effect  as  being  proportional 
to  the  velocity: 


Rd  .  CS  (42) 

F7S 

vhere  S  is  the  speed  and  C  is  an  experimentally  determined  constant. 


5.5  FILTER  IMPLEMENTATION 

The  filter  mechanisation  used  is  Bleraans  UDU  [13],  vhich  offers  both  excellent  numerical  stability 
(preserving  a  positive  definite  symmetric  covariance)  and  reasonably  good  computational  efficiency.  Since 
the  state  vector  .is  quite  small  no  special  measures  are  required  to  reduce  the  processing  burden. 

Special  measures  did  have  to  be  taken  to  handle  certain  practical  problems  that  are  expected  to 
arise.  One  such  difficulty  is  that  it  nay  be  necessary  to  start  the  system  in  directional  gyro  mode  vithout 
an  adequate  estimate  of  the  initial  heading.  Because  of  this  possibility  it  vas  necessary  to  implement  a 
"heading  adjustment"  parameter,  to  be  added  to  the  directional  gyro  measurements  before  they  are  passed  to 
the  navigation  filter.  The  value  of  this  parameter  vill  be  initially  determined  by  using  the  magnetic  flux 
measurement.  This  value  vill  then  be  refined  at  an  hourly  rate  by  the  Kalman  filter  Itself.  This  is 
necessary  vhenever  directional  gyro  mode  is  used  for  any  substantial  length  of  time  (10  hours  or  so) 
because  the  groving  directional  gyro  heading  error  vill  introduce  serious  nonlinearities  into  the  filter 
equations.  For  example  the  linearized  state  transition  equation  (27)  carties  the  implicit  assumption  that 
X5  (the  gyro  heading  error)  is  small. 


5.6  PIBFILTEK 

To  be  as  accurate  and  reliable  as  possible,  any  Kalman  filter  based  integrated  system  should  have  a 
good  prefilter  to  apply  any  knovn  corrections  to  the  measurements,  to  remove  any  spurious  data  and  to 
detect  sensor  or  subsystem  failures. 

To  maximise  the  DR  accuracy  the  VRU  must  be  carefully  aligned  to  the  vehicles  direction  of  motion, 
and  the  odometer  scale  factor  must  be  carefully  calibrated.  The  results  of  this  alignment  and  calibration 
are  used  by  the  prefilter  to  offset  the  VRU  measurement  and  scale  the  odometer  measurements  appropriately. 

The  magnetometer  measurement  vould  be  useless  vithout  the  geomagnetic  field  model,  vhich  allovs  the 
prefilter  to  convert  from  aagnetic  to  geographic  or  true  heading.  The  prefilter  must  also  apply  the 
magnetic  calibration  function  for  the  vehicles  permanent  and  induced  fields,  vhich  is  a  function  of  the 
true  and  magnetic  headings.  Even  this  corrected  and  calibrated  aagnetic  heading  is  very  noisy.  By  averaging 
N  aagnetic  measurements  in  the  prefilter,  the  uncorrelated  petion  of  this  noise  can  be  reduced  by  1/VN.  Of 
course  this  can  only  be  done  over  a  short  time  interval  over  vhich  the  correlated  error  vill  not  change 
appreciably,  and  it  is  the  (gyro  -  magnetic)  heading  that  is  averaged,  to  remove  the  effect  of  heading 
change. 


Of  course  the  prefilter  must  also  convert  the  pressure  measurement  to  height,  using  the  standard 
atmosphere  model,  and  the  prefilter  must  form  the  map  height  measurement  by  reading  grid  heights  from  the 
database  and  interpolating. 

The  prefilter  also  uses  various  methods  to  detect  spurious  me  surements  and  hard  sensor  failures, 
using  knovn  physical  constraints  on  the  vehicles  speed,  acceleration,  turn  rate  etc.  All  measurements  are 
first  tested  in  this  simple  vay,  and  if  they  pass  this,  they  then  undergo  a  residual  test  [14).  The 
residual  test  uses  the  Kalman  filters  estimate  of  vhat  the  measurement  error  should  be,  based  on  all 
previous  measurements,  along  vith  the  filters  covariance  (degree  of  uncertainty  in  the  estimate)  based  on 
the  stochastic  error  models.  This  residual  test  is  the  most  sensitive  test,  and  the  last  line  of  defence 
before  the  measurement  is  processed  by  the  filter.  These  tvo  levels  of  failure  detection  significantly 
improve  the  accuracy  and  reliability  of  the  system. 
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6  SIMULATIONS 


Throughout  the  PLANS  development  activity  at  DREO,  extensive  siauiations  have  been  performed  for 
three  iaportant  reasons: 

1/  system  design  testing  and  evaluation 
2/  algorithm  and  software  testing  and  evaluation 
3/  system  performance  prediction 

Extensive  Nonte-Carlo  simulations  vere  performed.  These  simulations  predict  the  PLANS  performance 
under  conditions  that  could  not  be  obtained  outside  the  arctic.  Simulating  high  latitude  conditions  and 
very  long  excursions  is  fairly  easy,  fast  and  cost  effective,  vhereas  an  arctic  trial  is  very  time 
consuming  and  expensive.  The  simulation  runs  are  also  very  useful  for  comparing  the  performance  of  many 
different  algorithm  designs  under  identical  conditions. 

One  primary  aim  of  the  system  design  testing  vas  to  determine  vhether  or  not  the  Kalman  filter 
could  correct  the  velocity  errors  (especially  the  heading  error)  in  the  region  vhere  both  magnetic  and 
gyroscopic  heading  is  poor,  by  using  the  dynamic  Transit  position  fixes. 

Siauiations  vere  performed  using  the  full  PLANS  software  package,  along  with  specially  created 
measurement  generation  routines.  Honte-Carlo  and  Covariance  Analysis  techniques  vere  employed  to  predict 
the  PLANS  system  performance.  A  very  brief  summary  of  some  of  the  basic  simulation  results  is  presented 
here  in  the  fora  of  tvo  Honte-Carlo  sets.  These  vere  run  vithout  GPS  since  the  system  will  be  essentially 
slaved  to  GPS  when  it  is  available,  and  before  the  VRU  resets  had  been  Implemented.  For  the  first  set,  the 
simulated  starting  position  vas  65°  N  latitude  and  100°  V  longitude,  and  for  the  second  it  vas  75°  N  100° 
V,  which  is  very  close  to  the  geomagnetic  pole.  The  first  set  vas  run  vith  a  constant  simulated  speed  of  10 
metres  per  second,  and  the  second  vith  a  periodically  varying  speed  profile  that  changed  smoothly  between  0 
and  10  metres  per  second,  dwelling  several  hours  at  each  extreme.  This  vas  to  shov  the  effect  of  the  gyro 
drift  rate  measurements,  and  stationary  Transit  fixes.  In  both  runs  the  simulated  heading  vas  45° 
(northeast),  and  the  duration  vas  24  hours.  The  second  simulation  therefore  traverses  the  area  roughly 
between  the  magnetic  pole  and  the  northern  limit  of  land,  providing  a  worst  case  Scenario- 

Each  Honte-Carlo  set  consisted  of  20  individual  simulated  runs  of  24  hours  duration  each.  In  each 

of  the  20  runs  of  a  given  set  the  deterministic  errors  vere  exactly  the  some  and  the  random  errors  had  the 
same  statistical  properties  (root  mean  squared  values  and  correlation  tines)  but  different  actual  values. 
The  results  of  each  set  were  combined  to  produce  one  representational  run.  Figures  7  and  8  illustrate  the 

results  of  the  first  set,  and  the  numerical  results  below  summarize  the  basic  accuracy  results. 


PLANS  FHS  POSITION  ERROR 
TRANSIT  RHS  POSITION  ERROR 
DR  RHS  POSITION  ERROR 


282  metres 
303  metres 
21,426  metres 


PLANS  RHS  HEADING  ERROR  .67  degrees 
DIRECTIONAL  GYRO  RHS  HEADING  ERROR  4.5  degrees 
FLUX  VALVE  RHS  HEADING  ERROR  2.1  degrees 

The  solid  curve  in  Figure  7  shovs  the  radial  position  error  of  the  PLANS  system  over  the  24  hour 
simulation,  starting  ac  65°  latitude,  -100°  longitude,  and  heading  north  east  vith  a  constant  speed  of  10 
m/s.  As  in  each  of  the  simulation  plots,  each  point  is  actually  the  root-nean-square  of  20  points;  one  from 
each  simulation  run.  (This  is  the  basis  of  Honte-Carlo  simulation,  and  produces  a  smoother,  more 
statistically  significant  plot.)  The  dashed  curve  in  Figure  7  is  the  Kalman  filter's  estimate  of  its  radial 
position  accuracy  from  the  covariance  matrix,  representing  the  95*  probability  level  (about  2o).  Figure  8 
shovs  the  PLANS  heading  error  (solid  curve)  and  the  filter's  68*  (lo)  error  estimate  (dashed).  The  overall 
accuracy  results  tabulated  above  are  found  ty  taking  the  rms  of  each  of  these  curves  over  the  24  hours. 


i 


Fig.  7. 

Simulated  PLANS  Position  Error  and  Covariance 


Fig.  8. 

Simulated  PLANS  Heading  Error  and  Covariance 
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In  directional  gyro  code,  the  heeding  error  is  expected  to  increase  without  bound  resulting  in  an 
increasingly  rapid  growth  in  the  DR  position  error  and,  aore  iaportantly,  a  potential  for  unbounded  growth 
in  the  Transit  position  error  (if  the  Kalman  filter  can  not  adequately  estimate  and  remove  the  gyro  error). 
Bere  it  can  be  seen  that  the  filter  perforaed  well,  keeping  the  PLANS  heading  error,  and  hence  the  position 
error,  well  bounded. 

The  basic  results  of  the  second  Monte-Carlo  set,  with  the  periodic  velocity  profile  at  the  higher 
latitude,  northeast  froa  the  geoaagnetic  pole,  are: 


PLANS  RMS  POSITION  ERROR 

350 

metres 

TRANSIT  RMS  POSITION  ERROR 

326 

metres 

DR  RMS  POSITION  ERROR 

10,640 

metres 

PLANS  RMS  BEADING  ERROR 

.96 

degrees 

DIRECTIONAL  GIRO  RMS  BEADING  ERROR 

6.4 

degrees 

FLUX  VALVE  RMS  BEADING  ERROR 

10.7 

degrees 

This,  along  vith  other  simulations,  verifies  the  potential  effectiveness  of  the  Transit  position 
fixes  as  a  source  of  heading  information,  and  deaonstrates  proper  blending  of  the  VRU  and  magnetic  heading. 

Sensitivity  analysis  siaulations  vere  also  perforaed,  by  running  various  Monte-Carlo  sets,  each 
vith  a  significantly  increased  value  being  assigned  for  a  major  error  source.  As  would  be  expected  the 
position  error  was  found  to  be  aost  sensitive  to  the  VRU  error. 


7.  FIELD  TRIALS 

Three  types  of  PLANS  trials  have  been  conducted  to  date:  local  trials  conducted  at  DREO  on  smooth 
level  roads  at  noderate  speeds,  and  foraal  field  trials  conducted  both  on  a  military  base,  over  a  variety 
of  terrain,  at  aaxiaua  speed  and  in  the  arctic  under  winter  conditions.  Naturally  the  results  are  very 
different  •:  The  platfora  for  all  of  these  trials  vas  an  H577  armoured  tracked  vehicle. 


7.1  LOCAL  TRIALS 

The  local  trials  vere  conducted  periodically  froa  early  1985  to  late  1986  on  a  course  of  about  8 
kilometres.  The  prinary  purpose  of  the  local  road  trials  vas  to  determine  the  error  model  parameters  for 
the  various  sensors  and  subsystems,  to  verify  the  structure  of  these  error  aodels,  and  to  evaluate 
different  brands  of  each  type  of  sensor  for  final  sensor  selection.  Of  course  debugging  of  softvare  and 
interface  problems,  and  the  calibration  and  alignment  of  the  heading  sensors  vas  also  done  at  this  time. 
Another  goal  of  these  trials  was  to  verify  the  simulation  results,  and  gain  confidence  in  the  error  models. 
By  the  fall  of  1986  these  objectives  had  all  been  met.  The  position  error  never  exceeded  100  metres,  and 
typical  RMS  position  error  over  the  course  was  about  15  metres.  Figure  9  shovs  the  radial  errors  from  one 
week  of  local  trials,  as  a  function  of  reference  points,  which  were  on  average  about  500  metres  apart.  The 
high  accuracy  vas  due  to  the  shortness  of  the  course,  and  the  hard  smooth  road. 


g 

L-i 

8 

1 
* 
i 


Fig.  9.  PLANS  Road  Trial  Results,  1985. 
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7.2  SOOTHE**  FIELD  TRIAL 

The  first  foraal  field  trial  was  conducted  on  a  course  about  55  kilometres  in  length,  over  a  one 
veek  period  in  Septeaber  1986.  The  purpose  of  this  trial  vas  to  evaluate  the  system  performance,  and  also 
to  provide  a  significant  database  of  rav  measurements  to  continue  to  enhance  and  refine  the  system 
softvare.  Recording  all  of  the  rav  measurements  as  veil  as  the  reference  data  allovs  the  trial  to  be 
"rerun"  back  at  the  lab,  providing  a  powerful  tool  for  further  systea  development  and  detailed  sensor  error 
analysis. 


This  field  trial  vas  designed  to  generate  the  largest  position  error  that  could  be  expected  for  the 
location  (  about  46°  N,  77*  V).  This  was  accomplished  by  driving  at  full  speed  for  over  half  an  hour  (the 
expected  time  betveen  Transit  fixes)  in  a  direction  generally  away  from  the  starting  point,  and  returning 
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along  a  different  path,  again  at  full  speed.  The  test  plan  vas  to  conduct  a  series  of  these  "runs",  each  of 
which  consists  of  one  complete  circuit  of  the  55  km.  course.  Each  run  took  about  100  minutes.  This  was 
repeated  as  often  as  tiae  would  allow,  over  four  days.  The  PLANS  position,  velocity,  heading  etc.  as  well 
as  all  of  the  raw  sensor  data  and  the  reference  data,  was  recorded  on  aagnetic  tape  for  later  analysis. 

The  reference  position  inforaation,  for  coaparison  to  the  PLANS  data,  vas  obtained  by  placing  27 
simple  retro-reflectors  at  surveyed  positions  at  approxiaately  2000  metre  intervals  along  the  course.  An 
infrared  emitter/  detector  vas  mounted  on  the  vehicle,  so  that  as  the  vehicle  drove  past  each  surveyed 
point  a  reflection  would  be  detected  and  recorded  with  timing  inforaation,  in  such  a  vay  that  the  surveyed 
position  could  be  later  compared  to  the  PLANS  position,  and  the  PLANS  position  accuracy  could  therefore  be 
determined. 

The  real  tiae  PLANS  position  and  heading  accuracy  results  are  summarized  in  Table  I..  Although  there 
vere  27  reflectors  on  the  course,  seldoa  vas  a  good  reflection  received  from  every  one,  so  Table  I  gives 
the  number  of  data  points  (good  reflections)  obtained  for  each  run. 

The  behaviour  of  PLANS  position  error  around  the  course  (  ie.  in  time)  is  illustrated  in  Figure  10 
vhere  the  RMS  radial  position  error  is  plotted  as  a  function  of  the  reference  points.  From  this  it  can  be 
seen  that  the  position  error  vas  jus'  under  IX  of  distance  travelled,  to  a  maximum  of  about  600  metres.  The 
position  and  heading  errors  shovn  in  Table  I  and  Figure  10  are  larger  than  vas  expected.  The  fact  that  the 
heading  error  averaged  over  all  runs  vas  not  snail  compared  to  the  RMS  heading  error  indicates  clearly  that 
there  vas  a  significant  bias  in  the  heading  error,  due  to  an  inaccurate  installation  alignment.  This 
misalignment  vas  determined  to  be  about  1.7°,  and  vas  a  result  of  having  to  change  vehicles  a  fev  days 
before  the  trial. 

The  effect  of  correct  installation  can  be  simulated  by  running  the  data  through  the  PLANS  softvare 
vith  a  constant  1.7°  added  to  all  rav  VRU  heading  data  to  compensate  for  the  estimated  installation 
misalignment.  This  is  equivalent  to  having  rotated  the  VRU  by  1.7°  on  installation,  as  should  have  been 
done.  Vith  this  constant  added  to  the  VRU  measurements,  and  all  other  measurements  exactly  as  originally 
collected,  the  PLANS  softvare  vas  rerun,  and  the  results  are  shovn  in  Table  II. 

TABLE  I:  FIELD  TRIAL  RESULTS  TABLE  II:  RESULTS  VITB  REALIGNED  VRU 


RUM 

# 

NUMBER  OF 

DATA  TRANSIT 

POINTS  FIXES 

POSITION 
ERROR  RMS 
(metres) 

HEADING 
ERROR  RMS 
(degrees) 

i 

27 

0 

101 

.8 

2 

339 

2.2 

3 

1 

135 

.7 

4 

27 

1 

43 

.4 

5 

23 

0 

186 

1.2 

6 

16 

1 

107 

.5 

7 

19 

0 

66 

.5 

8 

25 

1 

251 

2.4 

9 

13 

0 

324 

1.9 

10 

17 

1 

315 

2.1 

11 

15 

0 

146 

1.3 

Total: 

224 

5 

198 

1.4 

RUN 

i 

NUMBER  OF 

DATA  TRANSIT 

POINTS  FIXES 

POSITION 
ERROR  RMS 
(metres) 

BEADING  ERRORS 
AVERAGE  RMS 
(degrees) 

i 

27 

0 

335 

1.1 

1.4 

2 

17 

0 

143 

-.1 

1.5 

3 

25 

1 

608 

3.1 

3.3 

4 

27 

1 

404 

1.9 

2.2 

5 

23 

0 

411 

1.6 

2.1 

6 

16 

1 

270 

0.6 

1.2 

7 

19 

0 

421 

1.4 

1.6 

8 

25 

1 

327 

0.7 

2.2 

9 

13 

0 

141 

0.4 

1.0 

10 

17 

1 

379 

-0.5 

2.7 

11 

15 

0 

494 

0.9 

2.1 

Total: 

224 

5 

392 

1.2 

2.1 

As  can  be  seen  from  Table  II,  this  improvement  in  installation  alignment  accuracy  leads  to  a  very 
significant  improvement  in  PLANS  performance.  Figure  11  shovs  the  RMS  radial  position  error  as  function  of 
reference  point,  vhich  can  be  compared  to  the  original  (badly  aligned)  results  shovn  in  Figure  10.  The 
position  error  here  is  now  less  than  IT  of  distance  travelled,  to  a  maximum  of  about  300  metres. 


Fig.  10.  Field  Trial  Results  (Not  Realigned)  Fig.  31.  Field  Trial  Results  (Realigned) 
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Figure  12  shows  the  statistical  distribution  of  these  radial  position  errors  in  the  fora  of 
percentiles.  For  exaaple  the  50  percentile  <the  CEP)  is  seen  to  be  about  290  aetres  originally,  and  100 
aetres  vith  the  realignment.  The  68  percentile  (la)  is  about  400  aetres  originally,  and  150  aetres 
realigned.  The  saoothness  of  these  percentile  plots,  and  the  agreeaent  between  the  68  percentiles  and  the 
RHSs,  is  evidence  that  the  data  set  is  large  enough  to  yield  statistically  significant  results. 


Fig.  12.  Field  Trial  Percentile  Results,  November  1986. 


One  obvious  but  valuable  lesson  froa  this  trial  is  the  iaportance  of  the  initial  gyrocoapassing 
accuracy  of  the  VRU.  This  effects  the  installation  alignaent  and  the  runtime  Initialisation.  One  way  to 
reduce  the  initial  gyrocoapassing  error  is  by  cycling  through  the  Initial  gyrocompass  phase  several  times. 
If  the  settling  errors  are  uncorrelated  and  the  alignaent  time  is  not  excessive  then  N  alignments  can  be 
performed  consecutively  (without  moving  of  course)  and  averaged  to  reduce  the  error  by  a  factor  of  1//N. 
Four  cycles  vould  then  cut  this  error  in  half. 

It  should  be  mentioned  that  the  effect  of  multiple  gyrocompassing  at  initialization  will  be  offset 
at  higher  latitudes  by  the  expected  increase  in  this  error.  For  example  at  70°  latitude  this  error  will  be 
greater  than  it  is  at  45°  latitude  by  a  factor  of: 


cos(45°) 

cos(70°) 


2.07 


Therefore  the  RMS  heading  accuracy  from  Table  II  should  also  be  representative  of  what  can  be  achieved  with 
PLANS  at  high  latitude,  if  the  multiple  gyrocompassing  is  effective  in  reducing  the  initial  heading  error. 


7.3  ARCTIC  TRIAL 

An  arctic  trial  vas  conducted  in  February  1987,  to  test  the  PLANS  equipment  under  severe  weather 
conditions,  at  high  latitude,  over  icy  terrain.  The  location  selected  was  Iqaluit,  at  a  latitude  of  about 
64°  N.  Weather  conditions  at  the  time  vere  somewhat  vorse  than  normal,  with  60  km/hr  vinds,  an  ambient 
temperature  of  about  -«0'C  and  occasional  vhiteouts.  Air  transport  scheduling  for  the  host  vehicle  limited 
the  test  to  three  days,  one  of  which  was  required  for  preparation.  This  shortness  of  time,  together  with 
the  snowcover,  limited  the  reference  data  to  4  surveyed  points  vithin  the  tovn  of  Iqaluit  and  one  near  a 
radio  tower  about  5.  km.  away.  In  fact  none  of  the  survey  markers  were  exposed,  however  the  4  nearby  points 
could  be  determined  to  within  a  few  metres  by  reference  to  more  prominent  nearby  structures  and  the  distant 
point  could  be  estimated  to  within  about  100  m. 

The  course  for  this  trial  consisted  of  one  closed  circuit  about  3.7  ka.  in  length  around  the  4 
survey  points,  and  a  return  trip  to  the  outlying  radio  tower  and  back,  about  10.3  km.  in  length.  The 
surface  was  mostly  hard  packed  snow  on  gravel  or  asphalt,  with  some  drifting.  The  results  are  summarized  in 
Table  III  and  Figure  13.  This  data  was  collected  from  one  long  trip  (run  #  5)  and  14  short  circuits..  Due  to 
an  antenna  failure,  no  GPS  data  was  received  on  this  trial.  This  led  to  larger  than  normal  vertical  errors, 
which  corrupted  the  Transit  position  fixes.  In  fact  for  these  short  periods,  given  an  accurate  initial 
position,  the  system  performed  Letter  without  Iransit  than  with  it,  as  shown  in  Table  III.  These  results 
without  Transit  were  obtained  by  rerunning  the  data  through  the  filter  software  without  the  Transit 
measurements.  The  small  long  term  error  growth  seen  in  Figure  13  (  <  .5*  distance)  is  due  to  the 
cancellation  of  heading  error  effects  during  the  return  path.  The  short  term  growth  is  more  realistic,  but 
it  will  be  bounded  by  the  satellite  fixes.. 

The  subsystems  that  vere  expected  to  have  difficulty  in  arctic  conditions,  and  were  therefore  of 
primary  Interest  here,  were  the  gyro,  odometer  and  magnetometer.  From  these  results  it  is  evident  that  the 
integration  of  these  sensors  is  possible  under  arctic  conditions. 
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TABLE  III.  ARCTC  TRIAL  RESULTS 


Fig.  13.  Arctic  Trial  Results,  February  1987. 


RUN 

» 

NUMBER  OF 

DATA  TRANSIT 
POINTS  FIXES 

RMS  POSITION 
DURATION  ERRORS 

OF  RUN  (metres) 

(min.)  WITH  VITHOUT 

TRANSIT  TRANSIT 

1 

21 

0 

143 

45 

45 

2 

13 

0 

83 

37 

37 

3 

5 

1 

52 

62 

56 

4 

17 

2 

132 

82 

47 

5 

3 

0 

65 

85 

85 

6 

3 

1 

70 

177 

18 

Total 

62 

4 

545 

71 

47 

8.  CONCLUSIONS 


An  exploratory  development  model  of  an  optimally  integrated  system  for  arctic  land  navigation  has 
been  designed  and  implemented  and  tested  at  DREO.  All  necessary  sensors,  processors  and  displays  have  been 
identified,  purchased,,  tested  and  interfaced  to: 

1/  Vertical  Reference  Unit  (gyrocompass/directional  gyro) 

2/  Dual  Channel  Transit  Receiver 
3/  C/A  Code  GPS  Receiver 
4/  Pickoff  for  the  AFC  odometer 

5/  Magnetic  Compass  Sensor  Unit  (fluxgate  magnetometer) 

6/  High  Output  Pressure  Transducer 
7/  Hotorola  68000  microprocessor 
8/  Custom  LCD  displays 

The  necessary  algorithms  and  data  bases  have  been  acquired  or  developed  to  obtain  the  most  accurate 
possible  navigation  information  from  these  sensor  measurements,  including  a  full  geomagnetic  field  model 
algorithm  and  a  digital  arctic  elevation  map  data  base.  A  detailed  functional  relationship  has  been  derived 
vhich  explicitly  describes  the  dynamic  Transit  position  fix  errors  in  such  a  way  as  to  allov  heading 
information  to  be  extracted  from  the  Transit  position  fixes. 

A  tvo  stage  prefilter,  and  an  8  state  extended  Kalman  filter  have  been  designed  and  implemented  to 
optimally  integrate  all  valid  sensor  information.  Extensive  simulations  have  been  conducted  to  test  the 
PLANS  system  design  with  encouraging  results.  Local  road  trials  have  been  conducted  to  test  the  real-time 
PLANS  software,  the  sensors  and  sensor  interfaces,  and  to  refine  the  error  models  required  in  the  Kalman 
filter  design.  A  formal  field  trial  was  conducted  to  evaluate  the  system  accuracy  performance,  with 
positive  results. 

In  summary  an  automatic,  all  weather  vehicle  navigation  system  has  been  developed  to  the  explortory 
dsvelopment  model  stage,  capable  of  providing  the  accuracy  and  reliability  necessary  for  the  arctic 
application. 
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9.  FUTURE  DIRECTIONS 

An  extended  high  arctic  trial  is  planned,  to  evaluate  the  high  latitude  and  cold  temperature 
performance  of  PLANS.  Steps  are  presently  being  taken  to  transfer  the  PLANS  technology  to  industry  in  order 
to  have  an  advanced  development  model  built,  with  the  Intention  to  shortly  thereafter  have  several  units 
produced  for  immediate  use. 

As  an  integrated  system  PLANS  has  been  designed  with  sufficient  flexibility  to  allow  new  sensors  to 
replace  old  with  a  minimum  of  reconfiguration.  The  PLANS  sensor  suite  has  already  changed  several  times 
since  work  began,  as  better  sensors  have  become  available.  The  existing  sensor  suite  is  still  not  entirely 
satisfactory  and  some  possible  replacements  are  presently  being  considered.  There  are  also  several  nev 
sensors,  expected  to  be  available  in  the  near  future  vhich  are  good  candidates  for  integration  into  PLANS. 
A  moderately  priced  RLG  or  DIG  AHRS  would  be  very  desirable.  Part  of  the  emerging  technology  is  a  GPS 
receiver  that  also  measures  heading  and  attitude,  using  several  antennae,  vhich  could  also  be  very  useful. 
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